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FOREWORD 


This  report  was  prepared  under  Contract  F33615-80-C-3229  by  the 
University  of  Dayton  Research  Institute  under  the  direction  of 
Mr  Robert  M.  Engle,  Jr  for  the  Structural  Integrity  Branch,  Struc¬ 
tures  and  Dynamics  Division,  Flight  Dynamics  Laboratory  of  the  Air 
Force  Wright  Aeronautical  Laboratories.  The  work  was  performed 
under  Work  Unit  24010143,  Damage  Tolerant  Design  Handbook  Revision. 
Chapter  6,  Damage  Tolerance  Analysis,  was  written  in-house  by 
Mr  Engle  under  Work  Unit  24010179,  Life  Analysis  Methods  for 
Aerospace  Structures.  Chapter  10,  Analysis  of  Repaired  Structures, 
was  added  after  completion  of  the  contract  but  prior  to  final 
publication . 

This  document  represents  an  update,  revision,  and  completion  of 
AFFDL-TR-79-3021  also  titled  "Damaged  Tolerant  Design  Handbook: 
Guidelines  for  the  Analysis  and  Design  of  Damage  Tolerant  Aircraft 
Structures,"  which  was  released  in  March  1979.  This  original 
partial  release  of  the  handbook  was  written  by  Howard  A.  Wood  and 
Robert  M.  Engle,  Jr  of  the  Flight  Dynamics  Laboratory.  It  con¬ 
tained  only  chapters  two,  four,  and  five  plus  appendix  A.  Major 
portions  of  the  original  chapters  four  and  five  were  developed  by 
D.  Broek  and  S.  H.  Smith  of  Battelle  Columbus  Laboratory  under 
contract  F33615-75-C-3 101 .  That  contract  was  administered  by 
Mr  Engle. 

This  report  covers  work  accomplished  during  the  period  September 
1980  through  March  1984. 

This  report  was  released  for  publication  in  May  1984. 
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DEFINITION  OF  TERMS 


1.  Deterministic  Analysis  Methods/Approaches  -  Methods  which  predict 
life,  level  of  damage  (i.e.,  crack  size)  by  considering  all  input 
data  as  discrete  items.  For  a  given  set  of  data  the  prediction  is 
a  single  value. 

2.  Probabilistic  Analysis  Methods/Approaches  -  Methods  which  predict 
distributions  of  lives  or  levels  of  damage  (i.e.,  crack  size 
population)  by  considering  the  statistical  nature  of  one  or  more  of 
the  input  variables.  For  a  given  set  of  data  the  result  is  pre¬ 
sented  in  terms  of  probability  of  equaling  or  exceeding  a  given 
value . 

3.  Reliability  (Structural)  -  The  probability  that  a  structure  will 
perform  its  specified  mission  without  failure  when  subjected  to 
loads  or  other  adverse  environments. 

4.  Risk  (Structural)  -  The  probability  that  a  structure  will  not  perform 
its  specified  mission  without  failure  when  subjected  to  loads  or 
other  adverse  environments. 

5.  Safety  -  The  assurance  that  safety  of  flight  structure  of  each 
aircraft  will  achieve  and  maintain  a  specified  residual  strength 
level  (in  the  presence  of  undetected  damage)  throughout  the 
anticipated  service  life. 

6.  Durability  -  The  assurance  that  the  force  can  operate  effectively 
with  a  minimum  of  structural  maintenance,  inspection  and  downtime, 
costly  retrofit,  repair  and  replacemtn  of  major  structure  due  to 
the  degrading  influence  of  general  cracking,  corrosion,  wear,  etc* 

7.  Damage  -  Flaws,  cracks,  voids,  delaminations,  etc.  which  may  be 
present  in  structures  as  a  result  of  manufacturing  operations  or 
service.  In  this  report  damage  is  considered  as  a  sharp  crack. 

8.  Damage  Tolerance  -  The  ability  of  a  structure  to  successfully  contain 
damage  over  a  specified  life  increment  without  adversely  affecting 
safety  of  flight. 

9.  Residual  Strength  (Required)  -  The  minimum  internal  member  load,  P  , 
which  the  structure  is  required  to  sustain  with  damage  present 
without  endangering  safety  of  flight. 

10.  Life  (Force)  Management  -  The  actions  required  to  maintain  safety 
and  durability  throughout  the  service  life  of  the  force. 
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1.0  INTRODUCTION  AND  METHODOLOGY  FUNDAMENTALS 


1 . 1  GENERAL 

1.1.1  Background 

In  1970,  the  USAF  started  to  develop  a  Damage  Tolerance 
Philosophy  in  order  to  eliminate  the  type  of  structural  failures  and 
cracking  problems  encountered  on  various  military  aircraft.  These 
failures  and  cracking  problems  contributed  to  overcost,  behind 
schedule  airframe  developments,  unacceptably  high  in-service  maintenance 
and  repair  costs,  excessive  downtimes,  and,  in  some  cases,  loss  of 
life.  Air  Force  reviews  of  these  problems  have  led  to  the  conclusion 
that  fatigue,  stress  corrosion,  and  corrosion-fatigue  are  the  primary 
mechanisms  of  crack  growth.  In  addition,  it  has  been  found  that  pre¬ 
existing  manufacturing  quality  deficiencies  (e.g.  scratches,  flaws, 
burrs,  cracks,  etc.)  or  service  induced  damage  (e.g.  corrosion  pits), 
are  very  often  the  basic  cause  of  the  cracking  problems.  The  effect 
of  these  flaws  on  the  safety  of  the  aircraft  is  dependent  on  their 
initial  sizes,  the  rates  of  growth  with  service  usage,  the  critical 
flaw  sizes,  the  inspectability  of  the  structure,  and  the  fracture 
containment  capabilities  of  the  basic  structural  design. 

From  the  standpoint  of  flight  safety,  it  is  found  prudent  to  assume 
that  new  airframe  structures  can  and  very  often  do  contain  such  initial 
damage.  Likewise,  for  older  systems  and  those  structures  which  have 


1.1.1 


experienced  service  cracking,  it  is  essential  that  safety  of  flight 
be  provided  through  the  consideration  of  an  "initial  flaw"  model  in 
which  some  size  of  initial  damage  is  assumed  to  exist  consistent 
with  the  inspection  capability  either  in  the  field  or  during  manufacture. 
The  critical  assumed  initial  damage  shall  be  considered  to  be  that  damage 
just  smaller  than  can  be  detected  by  the  appropriate  NDI  methods. 

In  1975,  the  USAF  issued  its  Airplane  Damage  Tolerant  Requirements  in 
the  form  of  a  military  specification  (MIL-A-83444) ;  these  requirements 
remained  intact  during  the  change  of  structural  specifications  to  the 
structures  MIL  PRIME  specification.  The  intent  of  the  USAF  Airplane 
Damage  Tolerant  Requirements  is  to  ensure  that  the  maximum  possible 
initial  damage  will  not  grow  to  a  size  which  would  endanger  flight 
safety  during  the  service  life  of  the  aircraft.  When  properly  inter¬ 
preted  and  applied,  the  specification  requirements  should  accomplish 
this  intent  through: 

a.  Proper  material  selection  and  control 

b.  Control  of  stress  levels 

c.  Use  of  fracture  resistant  design  concepts 

d.  Manufacturing  process  control 

e.  Use  of  qualified  inspection  procedures 

While  it  is  expected  that  compliance  with  the  requirements  will  also 
tend  to  lead  to  improved  structural  durability,  this  is  not  their 
primary  purpose.  Requirements  directed  towards  minimizing  and  delaying 
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crack  initiation  and  structural  deterioration  due  to  fatigue  and  corro¬ 
sion,  i.e.  durability,  are  contained  in  MIL-A-8866B. 

1.1.2  Objective 

The  primary  purpose  of  this  handbook  document  is  to  provide 
guidelines  and  state-of-the-art  analysis  methods  that  should  assist 
engineering  personnel  comply  with  the  intent  of  the  USAF  Airplane  Damage 
Tolerant  Requirements  for  metallic  structures.  A  secondary  purpose  is 
to  provide  specific  background  data  and  justification  for  the  detailed 
requirements  specified . 

1.1.3  Content 

This  handbook  has  been  structured  to  provide  a  clear  and 
concise  summary  of  the  Damage  Tolerant  Requirements  as  well  as 
supporting  data  and  rationale  behind  the  critical  assumptions.  Where 
appropriate,  analysis  methods,  test  techniques,  and  NDI  methods  are 
provided  as  state-of-the-art  with  suggested  and/or  recommended  practices, 
limitations,  etc.,  so  stated. 

In  the  subsequent  sections  of  Chapter  1,  the  basic  elements  of  the 
methodology  for  damage  tolerant  analysis  are  presented.  By  presenting 
the  common  methodology  in  this  chapter  with  the  introductory  material, 
subsequent  chapters  can  concentrate  on  developing  those  methodology 
details  specific  to  each  damage  tolerant  requirement.  Chapters  2 
through  10  address  the  following  topics: 
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Chapter  2.0  -  Summary  of  Requirements  contains  a  review  of  MIL-A-83444 
including  examples  for  clarity,  data  to  support  specific  requirements, 
and  assumptions  and  rationale  where  limited  data  exists. 

Chapter  3.0  -  Damage  Size  Considerations  discusses  appropriate  NDI 
practice,  state-of-the-art  procedures,  demonstration  programs  to  qualify 
NDI,  in  service  NDI  practice  and  specific  examples  illustrating  how 
damage  is  assumed  to  exist  in  structures. 

Chapter  4.0  -  Determination  of  Residual  Strength  summarizes  theory, 
methods,  assumptions,  material  data,  test  verification,  and  gives 
examples  for  estimating  the  final  fracture  strength  or  crack  arrest 
potential  of  cracked  structures. 

Chapter  5.0  -  Analysis  of  Damage  Growth  describes  current  practice  for 
estimating  the  rate  of  crack  growth  as  a  function  of  time,  cyclic  and 
sustained  load  occurrence;  gives  examples  indicating  limitations  of 
methods,  use  of  material  data  and  suggested  testing  to  support  pre¬ 
dictions  and  establish  confidence. 

Chapter  6.0  -  Damage  Tolerance  Analysis  -  Sample  Problems  -  provides 
detailed  analysis  of  typical  structural  examples  illustrating  method¬ 
ology  and  assumptions  required. 
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Chapter  7.0  -  Damage  Tolerance  Testing  describes  methods  and  recommended 
tests  to  verify  methods,  full-scale  testing  to  verify  residual  strength 
and  slow  crack  growth  rates. 

Chapter  8.0  -  Individual  Airplane  Tracking  describes  current  methods 
available  to  account  for  usage  variations  for  individual  force  aircraft 
based  on  a  crack  growth  model. 

Chapter  9.0  -  Guidelines  for  Damage  Tolerant  Design  and  Fracture  Control 
Planning  describes  methods  and  procedures  for  development  and  implemen¬ 
tation  of  a  damage  tolerance  control  plan  as  required  in  MIL-STD-1530A 
(5. 1.3.1) . 

Chapter  10. 0  -  Repair  Guidelines  describes  the  factors  which  should  be 
considered  when  designing  a  repair,  in  order  to  ensure  that  the  basic 
damage  tolerance  present  in  the  original  structure  is  not  degraded  by 
the  repair. 

For  the  convenience  of  the  user,  copies  of  appropriate  USAF  structural 
specifications  are  contained  as  an  appendix  to  this  handbook.  Any  con¬ 
flict  or  discrepancy  in  information  contained  in  this  handbook  and/or 
the  MIL  PRIME  structures  specification  is  unintentional  and  in  all  cases, 
the  governing  document  is  the  current  version  of  the  specification. 
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Throughout  the  handbook  references  to  the  specifications  will  be  given 
by  using  paragraph  numbers  in  parentheses,  e.g.  (3. 1.1. 2)  refer  to 
paragraph  3. 1.1. 2  Continuing  damage  on  page  4  of  MIL-A-83444. 

1.1.4  Damage  Tolerant  Design  (Data)  Handbook 

Damage  tolerance  analyses  require  supporting  fracture 
mechanics  materials  data.  A  primary  source  of  such  data  is  MCIC-HB-01+ 
and  the  Damage  Tolerant  Design  (Data)  Handbook  which  was  first  issued  in 
1972  and  revised  in  1975  and  1983.  The  1983  revision  of  this  data  hand¬ 
book  contains  data  on  (a)  critical  plane-strain  stress-intensity  factors 
(K^) ,  (b)  critical  plane-stress  intensity  factors  (K^) ,  (c)  crack  growth 
resistance  curve  behavior  (K^  vs  Aa) ,  (d)  sustained  load  threshold  stress- 
intensity  factors  in  corrosive  media  (K-j-scc)  *  (e)  sustained  load  crack 
growth  rates  in  corrosive  media  (da/dt  vs  K^)  and  (f)  fatigue  crack  growth 
rates  (da/dN  vs  AK) .  The  reader  will  find  that  many  examples  of  the  data 
formats  from  the  Damage  Tolerant  Design  (Data)  Handbook  presented  in 
Chapters  4  and  5  along  with  descriptions  of  how  the  data  can  be  employed 
for  various  damage  tolerance  analyses. 


+Available  from:  Metals  and  Ceramics  Information  Center,  Battelle 
Laboratories,  Columbus,  Ohio. 
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1.2  INTRODUCTION  TO  DAMAGE  CONCEPTS  AND  BEHAVIOR 


1.2.1  Damage  Growth  Concepts 

Past  experience  with  tests  of  structures  under  simulated 
flight  loading  has  indicated  that  the  time  to  initiation  of  cracks  from 
most  structural  details  such  as  sharp  corners  or  holes  is  relatively 
short  and  that  the  majority  of  the  life  (i.e. ,  95%)  is  spent  growing 
the  resultant  cracks  to  failure.  Likewise,  analyses  of  in-service 
fractures,  cracking  instances,  etc.  have  indicated  that  a  major  source 
of  cracks  is  the  occurrence  of  initial  manufacturing  defects  such  as 
sharp  corners,  tool  marks  and  the  like.  Thus,  it  is  now  common 
practice  to  consider  the  damage  accumulation  process  as  entirely  crack 
growth  ,  with  zero  time  to  initiate  the  crack.  Although  this  assumption 
may  seem  unduly  severe,  recent  studies  have  shown  the  approach  feasible 
of  minimal  detriment  to  weight,  cost,  etc.,  but  most  important,  the  con 
sideration  of  initial  damage  in  the  form  of  cracks  or  equivalent  damage 
is  absolutely  necessary  to  ensure  structural  safety. 

This  subsection  will  detail  the  fundamentals  of  life  prediction  based 
on  crack  growth.  The  crack  length  will  be  the  measure  of  damage  and 
the  crack  growth  rate  will  define  the  rate  of  damage  accumulation. 
Figure  1.2.1  shows  the  type  of  information  that  defines  the  parameters 
basic  to  a  life  prediction. 
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Figure  1.2.1  presents  a  schematic  of  typical  growth  behavior  for  a 
crack  being  observed  in  a  structural  element  as  it  moves  from  an 
initial  damage  size  to  a  damage  size  that  causes  structural  failure 
(loss  of  structural  safety).  Note  that  the  abcissa  (x-axis)  meaures 
either  the  elapsed  time  (t)  during  which  loading  is  applied  or  the  number 
of  loading  events  (N)  applied,  and  the  ordinate  (y-axis)  measures  the 
corresponding  length  of  crack  observed  in  the  structure.  Typically,  the 
elapsed  time  is  given  in  operational  flight  hours  and  the  number  of 
loading  events  is  counted  (grossly)  by  the  number  of  the  aircraft’s 
flights . 

The  crack  grows  in  response  to  the  cyclic  loading  applied  to  the 
structure.  Any  crack  (a)  will  grow  a  given  increment  (Aa)  when  subjected 
to  a  given  number  of  cycles  (AN),  the  rate  being  measured  by  Aa/AN.  When 
the  crack  length  reaches  a  critical  value  (acr) >  the  growth  becomes 
unstable,  thereby  inducing  failure. 

When  the  crack  (a)  reaches  the  critical  length,  the  measure  of  loading 
(t  or  N)  reaches  the  structural  life  limit  (t^  or  N^) .  The  structural 
life  limit  is  a  measure  of  the  maximum  allowable  service  time  (or  number 
of  accumulated  service  events)  associated  with  driving  the  crack  from 
its  initial  length  (a^)  to  the  critical  length  (acr) •  It  Is  the  objective 
oi  the  Damage  Tolerant  Requirements  to  ensure  that  cracks  do  not  reach 
levels  that  could  impair  the  safety  of  the  aircraft  during  the  expected 
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lifetime  (tg  or  Ng)  of  the  aircraft,  i.e.  t^N^.)  must  be  greater 

than  t  (N  ) . 
s  s 

As  can  be  noted  from  Figure  1.2.1,  when  the  crack  is  small,  it  grows 
very  slowly.  As  the  crack  gets  longer,  the  rate  of  growth  increases 
until  the  crack  reaches  the  critical  size  a  ,  whereupon  fracture  of 
the  structural  element  ensues.  While  the  subcritical  crack  growth 
process  occurring  for  a  <  a  may  take  twenty  to  thirty  years  of 
service,  the  fracture  process  is  almost  instantaneous.  Studies  of  the 
failure  process  indicate  a  very  close  relationship  between  the  length 
of  crack  at  failure  and  the  load  or  stress  that  induces  the  onset  of 
rapid  fracture. 

Typically,  this  relationship  between  crack  length  and  failure  strength 
level  is  as  shown  in  Figure  1.2.2.  The  cracked  element  strength  is 
referred  to  as  the  residual  strength  (ares)  since  this  represents  the 
remaining  strength  of  a  damaged  structure.  By  considering  the  basic 
elements  of  Figures  1.2.1  and  1.2.2  collectively,  a  residual  strength 
diagram  can  be  developed  as  a  function  of  elapsed  time  (or  loading 
events) . 

A  residual  strength  diagram  is  presented  in  Figure  1.2.3;  this  diagram 
shows  that  while  the  structure  is  young  (t<<t^)  the  residual  strength 
capacity  is  basically  unimpaired  because  the  crack  is  both  small  and 
doesn*t  grow  much  with  time.  As  the  structure  starts  to  age,  the 
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residual  strength  capacity  is  shown  to  decrease  and  just  prior  to  failure, 
the  rate  of  decrease  in  residual  strength  capacity  is  accelerating  because 
now  the  crack  is  rapidly  becoming  very  large.  When  the  residual  strength 
capacity  equals  the  level  of  the  maximum  stress  in  the  operational  history, 
failure  occurs. 

As  implied  by  the  residual  strength  diagram,  a  ten  to  twenty  percent 
change  in  the  maximum  applied  stress  in  the  operational  history  would  not 
normally  affect  the  allowable  structural  life  significantly,  assuming 
that  the  subcritical  crack  growth  process  (Figure  1.2.1)  was  unaffected. 
Normally,  when  the  loads  in  the  operational  history  change,  the  subcritical 
crack  growth  process  changes  its  pattern  of  growth  and  this  in  turn 
affects  the  residual  strength  diagram  and  the  allowable  structural  life. 

1.2.2  Damage  Growth  Behavior/Effects 

As  discussed  in  subsection  1.2.1,  the  crack  length  a^  will 
grow  to  a  in  some  life  t^,  and  as  the  crack  grows  the  residual  strength 
capability  decreases.  Experiments  have  shown  that  several  parameters 
affect  the  crack  growth  life;  the  most  important  of  these  being  (a)  the 
initial  crack  size,  a^,  (b)  the  load  history,  (c)  the  material  properties, 
and  (d)  the  structural  properties.  The  isolated  effect  of  each  parameter 
on  the  crack  growth  behavior  and  the  residual  strength  curves  will  be 
discussed  in  turn  using  the  baseline  conditions  identified  in  Figure  1.2.4. 
The  interrelation  of  these  parameters  will  be  developed  in  the  discussion 
of  life  prediction  methodology  (Section  1.4). 
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1.2. 2.1  Initial  Crack  Size  -  A  Measure  of  Quality 

The  effect  of  initial  crack  size  is  significant. 
Given  a  configuration  and  loading,  the  smaller  the  initial  crack  size, 
the  longer  the  life  and  the  higher  the  residual  strength  capacity  at  any 
time.  These  observations  are  displayed  in  Figure  1.2.5  parts  a  and  b, 
respectively.  Note  that  the  shape  of  the  crack  growth  curve  (for  a 
given  configuration  and  loading)  remains  essentially  constant  for  any 
given  crack  growth  increment. 

Thus,  given  the  crack  growth  curve  for  the  smaller  initial  crack,  it 
is  possible  to  construct  the  crack  growth  curve  for  the  baseline  condi¬ 
tion.  This  can  be  accomplished  by  shifting  the  crack  growth  curve 
with  a  smaller  initial  crack  horizontally  to  the  left  until  the  curve 
intersects  the  vertical  axis  at  the  baseline  initial  crack  size.  Also, 
note  that  the  residual  strength  curve  for  the  baseline  condition  can 
be  constructed  from  the  curve  obtained  for  the  smaller  initial  crack  size. 

1.2. 2. 2  Stress  History  -  A  Measure  of  Usage  and  Location 
As  an  aircraft  flies  different  missions  and 

different  maneuvers,  it  experiences  different  loadings.  The  magnitude 
and  sequence  of  aircraft  loadings  are  noted  to  have  a  significant 
effect  on  the  rate  at  which  cracks  grow.  The  stress  history  describes 
the  magnitude  and  sequence  of  stresses  at  one  location  that  results  from 
the  sequence  of  missions  or  maneuvers  which  an  aircraft  flies.  Figure 
1.2.5  parts  c  and  d  illustrate  the  effect  that  stress  history  (usage) 
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can  have  on  the  crack  growth  behavior  and  residual  strength  capacity, 
respectively.  While  it  was  not  shown,  a  change  in  stress  history  will 
normally  also  change  the  applied  stress  level  at  which  fracture  occurs. 

The  stress  history  experienced  at  each  location  on  the  aircraft  will 
also  differ  due  to  changes  in  bending  moment,  twisting  moment,  shear 
loading,  etc.,  given  a  particular  crack  configuration  (e.g.,  a  crack 
growing  from  a  fastener  hole  on  a  wing) .  The  loading  spectra  for  a 
lower  surface  location  is  typically  more  severe  than  a  corresponding 
upper  surface  location;  and,  therefore,  the  life  for  the  lower  surface 
will  be  significantly  shorter  than  that  of  the  upper  surface  all  other 
conditions  being  equal. 

1.2. 2.3  Material  Properties  -  A  Measure  of  Material 

Resistant  to  Cracking 

Experimentally,  it  has  been  shown  that  for  the 
same  loading  condition  (i.e.,  the  same  number  and  amplitude  of  stress 
cycles)  cracks  will  grow  faster  in  certain  alloys  than  in  others.  The 
crack  growth  rate  (Aa/AN)  can  be  derived  experimentally  for  each  material. 
Given  the  same  load  and  geometric  conditions,  the  alloy  having  the 
slower  growth  rate  characteristics  (i.e.  2024-T3)  will  have  a  longer 
life  (tf)  as  shown  in  Figure  1.2.5  part  e. 
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The  material  also  has  some  inherent  resistance  to  fracture.  The  higher 
this  inherent  resistance,  the  higher  the  residual  strength  capacity  for 
any  crack  length.  This  effect  is  described  in  Figure  1.2.5  part  f. 

If  the  cracks  are  so  small  that  the  fracture  process  is  controlled  by 
gross  yielding,  then  the  residual  strength  curve  is  controlled  by  a 
net  section  failure  criterion  rather  than  a  fracture  criterion.  In 
this  case,  the  material  with  the  highest  yield  strength  would  have  the 
highest  residual  strength  in  the  region  of  the  curve  controlled  by  the 
behavior  of  the  small  cracks. 

1.2. 2.4  Structural  Properties  -  A  Measure  of  Geometry 

The  most  complex  of  the  parameters  affecting  crack 
growth  behavior  are  the  structural  properties.  The  structural  properties 
involve  such  things  as  crack  configuration,  load  transfer  through 
fasteners,  fastener  hole  size,  part  thickness,  etc.  A  substantial  amount 
of  experimental  work  has  been  performed  to  characterize  the  geometrical 
effects  on  life.  The  effect  of  a  change  of  hole  radius  on  the  crack 
growth  behavior  and  on  the  residual  strength  capacity  is  shown  in 
Figure  1.2.5  parts  g  and  h.  The  structure  with  the  smaller  hole,  and 
thus  the  smaller  stress  concentration  is  noted  to  have  the  longer  life 
and  higher  residual  strength. 
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1.2. 2.5  Summary  of  Effects 

As  discussed  above,  there  are  four  major  para¬ 
meters  which  affect  the  crack  growth  life  and  residual  strength  capacity 
of  structures.  These  parameters  are  in  the  realm  of  quality  (initial 
crack  size) ,  usage  (loading  history) ,  material  (material  properties) , 
and  geometry  (structural  properties).  Figure  1.2.6  has  been  prepared 
to  summarize  the  parameters1  effect  on  life  and  to  illustrate  various 
presentation  schemes  that  might  be  employed  to  compare  effects. 
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Elapsed  Time  (£} ,  or  Loading  Events  (Nl 

Figure  1.2.1.  Schematic  of  Observed  Crack  Growth  Behavior  for 
a  Typical  Structural  Cracking  Problem. 
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Figure  1.2.2.  Schematic  of  Relationship  Between  Failure  Strength 
and  Crack  Length  for  a  Typical  Single  Element  Type 
Structure . 
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Residual  Strength  Capacity 
(Also  Residual  Strength  Curve} 
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Elapsed  Time  (t) ,  or  Loading  Events  (N) 


Figure  1.2.3.  Residual  Strength  Diagram  Relationship  Between 

Residual  Strength  Capacity  and  Elapsed  Time.  Note 
that  when  the  Residual  Strength  Capacity  Degrades 
to  the  Level  of  the  Applied  Stress,  Failure  Occurs. 
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BASELINE  CONDITIONS  OBSERVED  CRACK  GROWTH  BEHAVIOR 
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Figure  1.2.4,  Description  of  Baseline  Conditions  for  Observed  Crack  Growth  Behavior. 


CRACK  GROWTH  CURVE 


EFFECTS 


RESIDUAL  STRENGTH  CURVE 


RESIDUAL 

STRENGTH 

a 

res 


QUALITY 


(b.) 


CRACK 

LENGTH 

a 


(e. ) 


RESIDUAL 

STRENGTH 

a 

res 


MATERIAL 


(f) 


Figure  1.2.5.  Schematic  Summary  of  the  Effects  of  Quality,  Usage, 
Material  and  Geometry  on  Both  the  Crack  Growth  and 
Residual  Strength  Curves. 
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Figure  1.2.6. 


Summary  of  Schemes  Which  Illustrate  the  Sensitivity 
of  Life  to  Various  Structural  Parameters. 
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1.3  FRACTURE  MECHANICS  FUNDAMENTALS 


1.3.1  Background 

Fracture  Mechanics  is  that  technology  concerned  with  the 
modeling  of  cracking  phenomena.  Bulk  (smooth  specimen)  properties  are 
not  normally  useful  in  design  for  determining  a  material’s  tolerance 
to  cracks  or  crack-like  defects,  because  material  tolerance  to  flaws 
resides  in  a  material’s  ability  to  deform  locally.  Since  the  source 
of  fractures  can  be  identified  with  the  lack  of  material  tolerance  to 
cracks,  it  seems  only  natural  that  attention  should  be  focused  on  the 
crack  tip  region  where  the  material  must  resist  crack  extension.  This 
subsection  will  introduce  the  principal  features  of  a  mechanical  model 
that  characterizes  crack  movement  in  structural  components  fabricated 
from  materials  having  low  tolerance  to  flaws. 

This  subsection  will  present  basic  information  that  a  designer  should  be 
familiar  with  prior  to  the  utilization  of  remaining  sections  and  chapters 
of  this  handbook.  This  subsection  will  define  the  meaning  and  use  of 
the  fracture  mechanics  model  for  the  control  of  fracture  and  subcritical 
crack  growth  processes  . 

The  application  of  a  fracture  mechanics  model  to  solve  crack  problems 
came  about  through  the  following  realization:  component  fractures  that 
result  from  the  extension  of  small  crack-like  defects  are  failures  that 
depend  on  localized  phenomena.  Consider  the  three  independent  modes  of 
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crack  extension  that  are  illustrated  in  Figure  1.3.1.  The  tensile 
opening  mode,  Mode  1,  represents  the  principal  action  observed  and  this 
is  the  type  of  separation  that  we  design  against.  While  fractures 
induced  by  shear  stresses  can  occur,  these  fractures  are  rather  infre¬ 
quent.  There  are  hypotheses  available  for  describing  the  combined 
influence  of  two  (or  three)  modes  of  crack  extension  but  these  will  not 
be  discussed  until  Chapter  4.  In  general,  since  improvement  of  a 
material’s  Mode  1  fracture  resistance  will  also  improve  the  resistance 
to  the  combined  mode  action,  the  development  of  concepts  throughout  the 
Handbook  will  emphasize  Mode  1  crack  extension  behavior. 

A  linear  elastic  analysis  of  a  cracked  body  provides  a  good  first  approxi¬ 
mation  to  the  localized  stress  state  in  materials  that  fracture  at 
gross  section  stresses  below  the  yield  strength.  No  additional  refinements 
in  the  analysis  are  necessary  if  the  gross  section  stresses  at  failure 

are  below  0.7a  .  The  elastic  analysis  when  modified  to  account  for 

ys 

restricted  amounts  of  stress  relaxation  due  to  crack  tip  plastic  deforma¬ 
tion  provides  an  adequate  description  of  fractures  that  occur  above 

0.7a  . 

ys 

1.3.2  Stress  Intensity  Factor  -  What  It  Is 

The  model  referred  to  above  is  called  the  linear  elastic 
fracture  mechanics  model  and  has  found  wide  acceptance  as  a  method  for 
determining  the  resistance  of  a  material  to  below-yield  strength 
fractures.  The  model  is  based  on  the  use  of  linear  elastic  stress 
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analysis;  therefore,  in  using  the  model  one  implicitly  assumes  that  at 
the  initiation  of  fracture  any  localized  plastic  deformation  is  small 
and  contained  within  the  surrounding  elastic  stress  field.  Application 
of  linear  elastic  stress  analysis  tools  to  cracks  of  the  type  shown  in 
Figure  1.3.2  shows  that  the  local  stress  field  (within  r<a/lO)  is  given 


The  stresses  in  the  third  direction  are  given  by  a  =  O  ~  O  =  0  for 

z  xz  yz 

the  plane  stress  problem,  and  when  the  third  directional  strains  are  zero 

(plane  strain  problem) ,  the  out  of  plane  stresses  become  O  =  O  =0 

xz  yz 

and  (Jz  =  V  (CTx  +  a  )  .  While  the  geometry  and  loading  of  a  component  may 
change,  as  long  as  the  crack  opens  in  a  direction  normal  to  the  crack 
path,  the  crack  tip  stresses  are  found  to  be  as  given  by  Equations  1.3.1. 
Thus,  the  Equations  1.3.1  only  represent  the  crack  tip  stress  field  for 
the  Mode  1  crack  extension  described  by  Figure  1.3.2. 

Three  variables  appear  in  the  stress  field  equation:  the  crack  tip 
polar  coordinates  r  and  0  and  the  parameter  K.  The  functions  of  the 

*  Superscript  numbers  in  parentheses  refer  to  literature  cited  in  the 
List  of  References  for  Chapter  1. 
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coordinates  determine  how  the  stresses  vary  with  distance  from  the 
right  hand  crack  tip  (point  B)  and  with  angular  displacement  from  the 
x-axis.  As  the  stress  element  is  moved  closer  to  the  crack  tip,  the 
stresses  are  seen  to  become  infinite.  Mathematically  speaking,  the 
stresses  are  said  to  have  a  square  root  singularity  in  r.  Because  most 
cracks  have  the  same  geometrical  shape  at  their  tip,  the  square  root 
singularity  in  r  is  a  general  feature  of  most  crack  problem  solutions. 

The  parameter  K,  which  occurs  in  all  three  stresses,  is  called  the  stress 
intensity  factor  because  its  magnitude  determines  the  intensity  or  magni¬ 
tude  of  the  stresses  in  the  crack  tip  region.  The  influence  of  external 
variables,  i.e.  magnitude  and  method  of  loading  and  the  geometry  of  the 
cracked  body,  is  sensed  in  the  crack  tip  region  only  through  the  stress 
intensity  factor.  Because  the  dependence  of  the  stresses  (Equation  1.3.1) 
on  the  coordinate  variables  remain  the  same  for  different  types  of  cracks 
and  shaped  bodies,  the  stress  intensity  factor  is  a  single  parameter 
characterization  of  the  crack  tip  stress  field. 

Table  1.3.1  provides  several  stress  intensity  factors  for  some  geometries 
of  basic  interest.  As  seen  from  the  equations,  the  stress  intensity 
factors  for  each  of  the  geometries  can  be  described  using  the  general  form: 

K  =  3  M Fa  (1.3.2) 

where  the  factor  3  is  used  to  relate  gross  geometrical  features  to  the 
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TABLE  1.3.1 

STRESS  INTENSITY  FACTORS  FOR  BASIC  CRACK  GEOMETRIES 
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stress  intensity  factors.  Note  that  6  can  be  a  function  of  crack  length 
(a)  as  well  as  of  other  geometrical  features. 

It  is  seen  from  Equation  1.3.1  that  the  intensity  of  the  stress  field  and 
hence  the  stresses  in  the  crack  tip  region  are  linearly  proportional  to 
the  remotely  applied  stress  and  proportional  to  the  square  root  of  the 
half  crack  length. 

A  structural  analyst  should  be  able  to  determine  either  analytically, 
numerically,  or  experimentally  the  stress-intensity  factor  relationship 
for  almost  any  conceivable  cracked  body  geometry  and  loading.  The  analysis 
for  stress-intensity  factors,  however,  is  not  always  straightforward  and 
information  for  determining  this  important  structural  property  will  be 
presented  subsequently  in  Section  1.6.  A  mini-handbook  of  stress-intensity 
factors  is  provided  in  Section  1.7  and  some  methods  for  approximating  stress- 
intensity  factors  are  presented  in  Section  1.8. 

1.3.3  Application  to  Fracture 

Can  the  magnitude  or  intensity  of  this  crack  tip  pattern  be 
used  to  characterize  the  material  instability  at  fracture?  The  formulation 
of  such  a  hypothesis  for  measuring  a  material’s  resistance  to  fracture  was 
developed  by  G.  R.  Irwin  and  his  co-workers  at  the  Naval  Research  Labora¬ 
tories  in  the  1950’s 

The  hypothesis  can  be  stated:  if  the  level  of  crack  tip  stress  intensity 
factor  exceeds  a  critical  value,  unstable  fracture  will  occur.  The 
concept  is  analogous  to  the  criterion  of  stress  at  a  point  reaching  a 
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critical  value  such  as  the  yield  strength.  The  value  of  the  stress  - 
intensity  factor  at  which  unstable  crack  propagation  occurs  is  called 
the  fracture  toughness  and  is  given  the  symbol  .  In  equation  form, 
the  hypothesis  states: 

if  K  =  Kc  (1.3.3) 

then  catastrophic  crack  extension  (fracture)  occurs. 

To  verify  the  usefulness  of  the  proposed  hypothesis,  consider  the  results 
of  a  wide  plate  fracture  study  given  in  Figure  1.3.3^^ .  These  data 
represent  values  of  half  crack  length  and  gross  section  stress  at  fracture. 
The  stress -intensity  factor  for  the  uniformly-loaded  center-cracked 
finite-width  panel  is  given  by: 

(1.3.4) 

where  W  is  the  panel  width.  Application  of  Equation  1.3.4  given  in 
Figure  1.3.3  followed  by  averaging  the  calculated  fracture  toughness 
values  (except  for  those  at  the  two  smallest  crack  lengths)  gives  the 
average  fracture  toughness  curve  shown.  This  example  illustrates  that 
the  fracture  toughness  concept  can  be  used  to  adequately  describe 
fractures  that  initiate  at  gross  sectional  stresses  below  70%  of  the 
yield  strength. 

Note  that  since  plastic  deformation  is  assumed  negligible  in  the  linear 
elastic  analysis,  Equation  1.3.3  is  not  expected  to  yield  an  accurate 


K  =  a 
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approximation  where  the  zone  of  plastic  deformation  is  large  compared 
to  the  crack  length  and  specimen  dimensions.  Figure  1.3.3  shows  that 
the  relationship  derived  on  the  basis  of  the  Equation  1.3.3  hypothesis  does 
not  describe  the  crack  growth  behavior  for  small  cracks  in  plastic  stress 
fields . 

1.3.4  Fracture  Toughness  -  A  Material  Property 

Fracture  toughness  (K  )  is  a  mechanical  property  that 

c 

measures  a  material’s  resistance  to  fracture.  This  parameter 
characterizes  the  intensity  of  stress  field  in  the  material  local  to  the 
crack  tip  when  rapid  crack  extension  takes  place.  Similar  to  other 
microstructurally  sensitive  material  properties,  fracture  toughness  can 
vary  as  a  function  of  temperature  and  strain  rate.  But,  unlike  the 
yield  strength,  will  be  strongly  dependent  on  the  amount  of  crack  tip 
constraint  due  to  component  thickness.  The  reason  why  thickness  has  to 
be  considered  in  fracture  analysis  is  due  to  its  influence  on  the  pattern 
of  crack  tip  plastic  deformation.  The  two  thickness  limiting  crack  tip 
plastic  deformation  patterns  are  shown  in  Figure  1.3.4.  For  "thin" 
plane  stress  type  components,  a  45  degree  through  the  thickness  yielding 
pattern  develops;  while  in  "thicker"  plane  strain  components  of  the 
same  material  the  hinge-type  plastic  deformation  pattern  predominates  v  . 
Chapters  4  and  7  discuss  the  effect  of  thickness  and  oth£r  factors  on 
fracture  toughness. 
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The  linear  elastic  fracture  mechanics  approach  can  only  be  expected 


to  characterize  fracture  when  the  region  in  which  plastic  deformation 
occurs  is  contained  within  the  elastic  crack  tip  stress  field.  When  the 
crack  tip  plastic  deformation  is  unrestricted  by  elastic  material  around 
the  crack,  the  engineer  must  resort  to  using  elastoplastic  techniques  to 
predict  the  critical  crack  size  at  fracture  (see  Section  1.9).  Presently, 
it  is  not  possible  to  say  if  these  techniques  will  lead  to  the  same  type 
of  single  parameter  characterization  of  fracture  discussed  above. 

1.3.5  Crack  Tip  Plastic  Zone  Size 


It  is  recognized  that  plastic  deformation  will  occur  at 


the  crack  tip  as  a  result  of  the  high  stresses  that  are  generated  by  the 
sharp  stress  concentration.  To  estimate  the  extent  of  this  plastic 
deformation,  Irwin  equated  the  yield  strength  to  the  y-direction  stress 
along  the  x-axis  and  solved  for  the  radius.  The  radius  value  determined 
was  the  distance  along  the  x-axis  where  the  stress  perpendicular  to  the 
crack  direction  would  equal  the  yield  strength;  thus,  Irwin  found  that  the 
extent  of  plastic  deformation  was 


2 


(1.3.5) 


Subsequent  investigations  have  shown  that  the  stresses  within  the  crack 
tip  region  are  lower  than  the  elastic  stresses  and  that  the  size  of  the 


Models  of  an  elastic,  perfectly  plastic  material  have  shown  that  the 
material  outside  the  plastic  zone  is  stressed  as  if  the  crack  were  centered 
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in  the  plastic  zone.  Figure  1.3.5  describes  a  schematic  model  of  the 
plastic  zone  and  the  stresses  ahead  of  the  crack  tip.  Note  that  the 
real  crack  is  blunted  as  a  result  of  plastic  deformation. 


If  the  extent  of  the  plastic  zone  as  estimated  by  Equation  1.3.5  is  small 
with  respect  to  features  of  the  structural  geometry  and  to  the  physical 
length  of  the  crack,  linear  elastic  fracture  mechanics  analyses  apply.  Some¬ 
times,  the  concept  of  contained  yielding  as  illustrated  in  Figure  1.3.5 
is  referred  to  as  small  scale  yielding.  Most  structural  problems  of 
interest  to  the  aerospace  community  can  be  characterized  by  linear 
elastic  fracture  mechanics  parameters  because  the  extent  of  yielding  is 
contained  within  a  small  region  around  the  crack  tip. 


1.3.6  Application  to  Subcritical  Crack  Growth 

The  only  quantifiable  measure  of  subcritical  damage  is  a 
crack.  Cracks  impair  the  load-carrying  characteristics  of  a  structure. 

As  described  above,  a  crack  can  be  characterized  for  length  and  configura¬ 
tion  using  a  structural  parameter  termed  the  stress  intensity  factor  (K)  . 
This  structural  parameter  was  shown  to  interrelate  the  local  stresses  in 
the  region  of  the  crack  with  (a)  crack  geometry,  (b)  structural  geometry, 
and  (c)  level  of  load  on  the  structure.  In  a  manner  similar  to  Irwin, 
who  utilized  the  stress  intensity  factor  for  fracture  studies,  Paris 
and  his  colleagues  at  Lehigh  University  and  at  the  Boeing  Company 

developed  a  crack  mechanics  approach  to  solve  subcritical  crack  growth 

..  (9,10,11) 

problems 
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The  concepts  that  Paris  and  his  colleagues  developed  were  based  upon 
a  similitude  hypothesis:  if  the  crack  tip  stress  state  and  its  waveform 
are  the  same  in  a  given  time  period  for  two  separate  geometry  and 

loading  conditions,  then  the  crack  growth  rate  behavior  observed  by  the 

two  cracks  should  be  the  same  for  that  time  period.  This  hypothesis  is  a 
direct  extension  of  Equation  1.3.3  to  the  problem  of  subcritical  crack 
growth.  The  equation  representing  the  subcritical  crack  growth 
hypothesis  is  simply: 

-  f(K(t)) 

or  (1.3.6) 

tt  =  f(K(t)) 

That  is,  a  material’s  rate  of  crack  growth  is  a  function  of  the  stress 
intensity  factor.  The  stress  intensity  factor  is  shown  to  explicitly 
depend  on  time  in  order  to  indicate  the  influence  of  its  waveform  on 
the  crack  growth  rate.  The  value  of  the  hypothesis  stated  by  Equation 
1.3.6  is  that  the  material  behavior  can  be  characterized  in  the  laboratory 
and  then  utilized  to  solve  structural  cracking  problems  when  the  structure’s 
loading  conditions  match  the  laboratory  loading  conditions.  A  general 
description  of  the  procedure  utilized  will  be  presented  in  Section  1.4. 
Chapter  5  is  devoted  to  a  complete  description  of  the  detailed  methodology 
available  to  a  designer  for  estimating  the  crack  growth  life  of  a  structural 
component  using  a  material’s  crack  growth  rate  properties. 
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A  verification  of  Paris1  Hypothesis  was  first  conducted  using  fatigue 
crack  growth  data  generated  under  constant  amplitude  type  repeated  load¬ 
ing.  The  parameters  that  pertain  to  constant  amplitude  type  loading  are 
presented  in  Figure  1.3.6.  Figure  1.3.6a  describes  a  repeating  constant 

amplitude  cycle  with  a  maximum  stress  of  O  ,  a  minimum  stress  of  0  .  , 

max  min 

and  a  stress  range  of  Ao  .  The  stress  ratio  (R)  is  given  by  the  ratio  of 
the  minimum  stress  to  the  maximum  stress.  In  describing  constant  amplitude 
stress  histories,  it  is  only  necessary  to  define  two  of  the  above  four 
parameters;  typically  A  o  and  R  or  and  R  are  used.  A  stress  history 

is  converted  into  a  stress-intensity  factor  history  by  multiplying  the 
stresses  by  the  stress-intensity-factor  coefficient  (K/ a) .  As  can  be 
noted  from  the  figure,  the  coefficient  is  evaluated  at  the  current  crack 
length  a^  and  the  stress-intensity-factor  history  is  shown  to  be  a 
repeating  cyclic  history  in  Figure  1.3.6b.  The  terms  K  ,  and  AK 

define  the  maximum,  the  minimum  and  range  of  stress-intensity  factor, 
respectively.  Strictly  speaking,  the  stress-intensity  factor  history 
given  in  Figure  1.3.6b  should  not  be  shown  constant  but  reflective  of  the 
changes  in  the  stress-intensity-factor  coefficient  as  the  crack  grows. 

For  small  changes  in  crack  length,  however,  the  stress-intensity  factor 
coefficient  does  not  change  much,  so  the  portrayal  in  Figure  1.3.6b  is 
reasonably  accurate  for  the  number  of  cycles  shown. 

The  fatigue  crack  growth  rate  behaviors  exhibited  by  a  plate  structure 

subjected  to  two  extreme  loading  conditions  (but  at  the  same  nominal 

(10  12) 

stress  level)  are  compared  in  Figure  1.3.7  ’  .  These  loading 
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conditions  are  referred  to  as  wedge  loading  and  remote  loading.  In  the 
remote  loaded  structure,  the  rate  of  crack  length  change  accelerates  as 
the  crack  grows  (also  see  Figure  1.2.1).  An  opposite  growth  rate  behavior 
is  exhibited  by  the  wedge  loaded  structure.  These  two  extreme  loading 
conditions  provide  a  good  test  for  the  application  of  the  fracture 
mechanics  approach  to  the  study  of  fatigue  crack  growth  rates.  If  the 
approach  can  be  used  to  describe  these  opposite  growth  rate  behaviors, 
then  it  should  be  generally  applicable  to  any  other  type  of  structure 
or  loading. 

(9) 

Paris,  et  al.  ,  suggested  that  the  appropriate  stress  intensity  para¬ 
meter  for  fatigue  crack  propagation  should  be  the  difference  between  the 
maximum  and  minimum  stress-intensity  factors  in  a  cycle  of  fatigue  load¬ 
ing.  This  difference  in  the  stress-intensity  factors  is  the  stress- 
intensity  range  (AK)  and  it  measures  the  alternating  intensity  of  the 
crack  tip  stress  field  responsible  for  inducing  reversed  plastic  deforma¬ 
tion.  The  stress-intensity  range  as  a  function  of  crack  length  is  obtained 
from  the  static  stress-intensity-factor  formulas  where  the  range  in 
stress  (load)  replaces  the  static  stress  (load).  Section  1.4  provides  a 
more  extensive  description  of  the  calculation  procedures  for  stress- 
intensity-factor  parameters  that  are  used  to  describe  subcritical  crack 
growth.  The  stress-intensity-factor  expressions  for  the  remote  and 
wedge  loaded  structures  (finite  width)  can  be  found  in  Table  1.3.1. 
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Approximate  expressions  for  the  small  crack  in  a  wide  plate  are  shown 
in  Figure  1.3.7.  The  reader  will  note  that  the  stress-intensity  factor 
for  the  remotely  loaded  wide  plate  increases  with  crack  length  while  just 
the  reverse  is  observed  to  occur  for  the  wedge  loaded  wide  plate. 

Drawing  tangents  to  the  cyclic  crack  length  curves  given  in  Figure  1.3.7 

provides  estimates  of  the  cyclic  (fatigue)  crack  growth  rates  at  various 
da  .  Aa 

crack  lengths  (  —  =  ) .  Calculation  of  corresponding  stress-intensity 

ranges  for  these  same  crack  lengths  provides  the  data  plotted  in  Figure 
1.3.8  (1^,12).  N0te  that  at  the  same  stress-intensity  range  (AK) ,  the 
same  crack  growth  rate  (da/dN)  is  observed,  even  though  both  the  form 
of  the  stress-intensity  equations  and  the  cycle-crack  length  curves  are 
very  different. 

The  general  fatigue  cracking  behavior  pattern  exhibited  by  most  structural 
materials  is  shown  in  Figure  1.3.9.  The  shape  of  the  curve  is  sigmoidal 
with  no  crack  growth  being  observed  below  a  given  threshold  level  of 
stress-intensity  range  and  rapid  crack  propagation  occurring  when  the 
maximum  stress-intensity-factor  in  the  fatigue  cycle  approaches  the 
fracture  toughness  of  the  material.  In  the  subcritical  growth  region, 
numerous  investigators  have  indicated  that  the  rate  of  cyclic  growth 
(da/dN)  can  be  described  using  a  power  law  relation 

=  c  (AK)P  (1.3.7) 

where  C  and  p  are  experimentally  developed  constants.  Fatigue  crack 
propagation  data  of  the  type  shown  in  Figure  1.3.9  can  be  conveniently 
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collected  using  the  conventional  specimen  geometries  where  load  is 
controlled  and  the  crack  length  is  measured  optically  (20x)  as  a  function 
of  applied  cycles*  The  details  of  the  methodology  employed  to  generate 
such  curves  are  covered  in  Chapter  7. 

The  application  of  subcritical  crack  growth  curves  to  the  design  of  a 
potentially  cracked  structure  only  requires  that  the  differentiation 
process  be  reversed.  In  other  words,  given  crack  growth  rate  data  of 
the  type  shown  in  Figure  1.3.9,  the  designer  integrates  the  crack  growth 
rate  as  a  function  of  the  stress-intensity  factor  for  the  structure 
through  the  crack  growth  interval  of  interest. 

Other  investigations  have  demonstrated  that  subcritical  crack  growth 
processes  that  result  from  variable  amplitude  loading,  stress  corrosion 
cracking,  hydrogen  embrittlement  and  liquid  metal  embrittlement  can  in 
general  be  described  using  Equation  1.3.6.  The  subcritical  cracking  of 
structural  materials  has  been  successfully  modeled  with  fracture  mechanics 
tools  primarily  because  the  plastic  deformation  processes  accompanying 
cracking  are  localized  and  thereby  controlled  by  the  surrounding  stress 
field.  As  suspected,  the  magnitude  in  the  elastic  crack  tip  stress 
field  is  found  to  correlate  well  with  the  rate  of  subcritical  crack 
advance . 
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Mode  1  Mode  2  Mode  3 

(Opftftmg)  (Sliding)  (Tnormg) 


Figure  1.3,1  The  Three  Modes  of  Crack  Extension. 


Figure  1.3.2  Infinite  Plate  with  a  Flaw  That  Extends 
Through  Thickness. 


Figure  1.3.3  Results  of  a  Wide  Plate  Fracture  Study  Compared 
with  a  Fracture  Toughness  Curve  Calculated  Using 
the  Finite  Width  Plate  Stress  Intensity  Factor 
Equation,  Equation  1.3.4  Data  from  Reference  7. 
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Figure  1.3.4  Yield  Zones  Observed  on  the  Surface  and  Cross  Section 
of  a  Cracked  Sheet  Under  Uniaxial  Tensile  Loading  in: 
A-Plane  Stress,  45  degree  Shear  Type;  B-Plane  Strain, 
Hinge  TypeW. 


Figure  1.3.5  Small-Scale  Yield  Model  for  Restricted  Crack 
Tip  Plastic  Deformation. 
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Figure  1.3.6.  Parameters  that  Define  Constant  Amplitude  Load  Histories  for  Fatigue 
Crack  Growth.  The  Figure  also  Illustrates  the  Transformation  between 
Stress  History  Loading  and  Stress-Intensity-Factor  Loading  at  One 
Crack  Length  Position. 
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Figure  1.3.7  Description  of  Crack  Growth  Behavior  Observed  for  Two  Very 
Much  Different  Structural  Geometries. 
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Figure  1.3.8  Comparison  of  Crack  Growth  Rate  Results  for  the  Two 
Structural  Geometries.  The  Coincidence  of  the  Data 
Shows  that  the  Hypothesis  (Equation  1.3.6)  is  Correct. 
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Figure  1.3.9  Schematic  Illustration  of  the  Fatigue  Crack 

Growth  Rate  as  a  Function  of  Stress  Intensity 
Range . 
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1.4  LIFE  PREDICTION  METHODOLOGY 


1.4.1  Crack  Growth  Damage  Integration  Package  -  Summary 

Currently,  within  the  Air  Force,  airframe  life  predictions 
are  based  on  a  crack  growth  damage  integration  package  tnat  uses  a  data 
base  and  analysis  to  interrelate  the  following  six  elements: 

a)  The  initial  flaw  distribution  which  accounts  for  size 
variations  and  location  of  cracks  in  a  given  structure; 

b)  aircraft  usage  describing  the  load  spectra  data  base; 

c)  constant  amplitude  crack  growth  rate  material  properties 
accounting  for  stress  ratio  and  environmental  effects; 

d)  crack  tip  stress  intensity  factor  analyses  which  account 
for  crack  size,  shape,  and  structural  interactions; 

e)  damage  integrator  model  which  assigns  a  level  of  crack 
growth  for  each  applied  stress  application  and  accounts 
for  load  history  interactions;  and 

f)  the  fracture  or  life  limiting  criterion  which  estab¬ 
lishes  the  end  point  of  the  life  calculation. 

Prior  to  describing  each  of  the  above  itemized  elements  in  separate 
subsections,  the  damage  integrating  equation  will  be  introduced  to  show 
how  the  various  elements  interact.  As  expressed  in  a  numerical  form, 
the  damage  integrating  equation  is 
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(1.4.1) 


a  =  a 
cr  o 


=  a  +  Z 


£  Aa 


th 


time  increment. 


The  purpose  of  Equation  1.4.1  is  to  determine  the  life  tj.  The  various 
elements  affect  the  quantities  in  Equation  1.4.1  in  the  following  manner: 


1.  a  is  determined  interrelating  elements  b,  d,  and  f. 

2.  aQ  is  determined  using  element  a. 

3.  Aa_.  is  determined  by  interrelating  elements  a,  b,  c,  d, 


and  e. 


1.4.2  Initial  Flaw  Distribution 

A  measure  of  initial  quality  in  a  component  of  service 
hardware  is  given  by  the  distribution  of  initial  crack  sizes  as  illu¬ 
strated  in  Figure  1.4.1.  For  predictions  of  safety  limits,  the  initial 
cracks  larger  than  the  nondestructive  inspection  (NDI)  detectability 
limit  are  of  principal  concern.  Current  specifications  detail  NDI 
limits  and  require  verification/certification  of  contractor  capability 
to  detect  cracks  smaller  than  the  specified  NDI  limits.  Normally,  such 
certification  is  demonstrated  with  curves  of  the  type  shown  in  Figure 
1.4.2.  The  program  of  certification  for  a  contractors  quality  control 
inspector/inspection  techniques  allows  the  USAF  to  assess  the  probability 
and  confidence  limits  associated  with  detecting  a  given  crack.  Chapter  3 
will  present  a  state-of-the-art  summary  of  the  technology  and  equipment 
that  supports  the  establishment  of  initial  flaws  via  nondestructive  tools. 
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Recent  results  generated  by  the  F-4  Independent  Review  Team  (IRT)  pro¬ 
vided  a  method  of  characterizing  the  initial  flaw  population  (apparent 
initial  quality)  based  on  full-scale  fatigue  test-induced  cracking 

(13) 

behavior  .  Given  the  measurable  flaw  distribution  in  a  structure  at 
some  time  subsequent  to  test  startup,  the  initial  flaw  population  can 
be  backtracked  by  analysis.  The  "back"  extrapolation  of  the  flaw  popu¬ 
lation  is  conducted  using  the  damage  integration  package.  The  process 
is  schematically  illustrated  in  Figure  1.4.3.  Subsequently,  the  initial 
flaw  distribution  established  as  illustrated  in  Figure  1.4.3  can  be  used 
to  estimate  influence  of  load  factors,  mission  profiles,  and  usage 
changes  on  the  life  of  service  hardware.  The  F-4  IRT  study  also  pro¬ 
vided  an  evaluation  of  statistical  methods  for  describing  the  large 
crack  length  extremes  for  initial  flaw  distributions  established  in  this 
manner.  The  resulting  distribution  of  F-4  initial  cracks  is  shown  in 
Figure  1.4.4  ^13’14^ . 


1.4.3  Usage 

The  sum  of  the  load  levels  that  a  structure  is  expected  to 
experience  is  determined  by  a  projection  of  the  amount  of  usage  expected 
over  the  life  in  the  various  possible  missions;  e.g.,  hours  in  training, 
air-to-air  combat,  reconnaissance,  weapons  delivery,  etc.  The  mission 
mix  includes  the  relative  amounts  of  time  spent  in  each  mission.  The 
most  basic  information  needed  is  the  load  factor  exceedances  at  the 
center  of  gravity  (CG)  of  the  aircraft.  This  information  is  illustrated 
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in  Figure  1.4.5.  For  new  designs,  this  data  is  derived  from  actual  mea¬ 
sured  exceedances  from  operational  aircraft  flying  similar  missions,  The 
USAF  specifications  contain  such  data.  The  new  Air  Force  Guidelines  Hand¬ 
book  for  developing  Load/Environmental  Design  Spectra  summarizes  the  techni¬ 
ques  that  are  currently  being  utilized  to  develop  the  loading  and  environ¬ 
mental  spectra  based  on  these  data  for  various  types  of  structures. 

The  specific  sequence  of  loads  applied  to  the  structure  is  necessary  to 
the  crack  growth  damage  accumulation  analysis.  Current  practice  is  to 
simulate  the  overall  life  on  a  flight-by-flight  basis.  Each  flight  in  the 
design,  analysis,  or  test  load  spectrum  consists  of  a  series  of  cycles  that 
combine  the  deterministic  and  probabilistic  events  describing  the  type  of 
mission.  The  deterministic  events  include  takeoff  and  landing  and  certain 
basic  maneuver  loads  during  each  flight.  Probabilistic  events  such  as  gusts 
or  rough  field  taxiing  occur  periodically.  Although  it  is  possible  to  esti¬ 
mate  the  number  of  times  these  events  occur,  their  position  in  the  load 
sequences  is  determined  in  a  probabilistic  manner. 

In  developing  the  load  spectrum  for  crack  growth  damage  analysis,  it  is 
necessary  to  determine  the  stress  history  for  each  critical  area  on  the  air¬ 
frame.  This  is  accomplished  by  determining  the  relationship  between  the 
load  history  derived  above  and  the  stress  response.  Figure  1,4.6  schemati¬ 
cally  illustrates  the  load  factor  to  stress  history  transformation. 

Differences  in  crack  growth  resulting  from  mission  mix  can  be  significant. 

A  fighter  aircraft  that  is  used  primarily  for  air-combat  or  air-combat  train- 
:  g  typically  accumulates  more  damage  than  one  that  is  used  for  the  same 
number  of  hours  on  a  reconnaissance- type  mission. 
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1.4.4  Material  Properties 


The  material  properties  enter  the  damage  integration 

package  in  the  form  of  constant  amplitude  crack  growth  rate  data.  Crack 

growth  data  are  generated  in  the  laboratory  under  constant  cyclic  loading 

on  simple  specimens  with  accepted  characterizing  stress  intensity  factors. 

Crack  growth  rate  data  are  developed  and  correlated  on  the  basis  of 

growth  rate  (da/dN)  as  a  function  of  stress  intensity  factor  range,  AK, 

(AK  =  K  -  K  .  )  ,  as  defined  in  Figure  1.4.7.  The  ASTM  defines  K 

max  min  min 

=  0  and  thus  AK  =  K  whenever  R  <  o  (R  =  a  ,  /o  ),  see  Section  5.1 

max  min  max 

for  additional  discussion. 

For  a  given  AK,  the  crack  growth  rate  increases  with  increasing  stress 
ratio,  R  for  R  >  o.  Hence,  the  constant  amplitude  crack  growth  rate 
properties  for  a  given  material  or  alloy  consist  of  a  family  of  curves 
as  illustrated  in  Figure  1.4.8.  The  crack  mechanics  approach  described 
in  Section  1.3  considers  that  for  a  given  AK,  R  combination,  there  is  a 
da/dN  that  is  independent  of  geometry.  Thus,  the  damage  integration 
package  has  available  a  growth  rate  for  each  AK  determined  for  the  given 
crack  configuration  and  loading. 

When  necessary,  thermal  or  chemical  environment  and  time  (frequency  of 
loading)  effects  are  also  included  in  the  crack  growth  rate  data 
generated  for  use  with  the  damage  integration  package. 

Chapter  7  presents  a  summary  of  the  currently  available  procedures  and 
techniques  which  are  used  to  establish  crack  growth  rate  data. 
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1.4.5  Crack  Tip  Stress  Intensity  Factor  Analysis 


The  crack  tip  stress  intensity  factor  (K)  interrelates  the 
crack  geometry,  the  structural  geometry,  and  the  load  on  the  structure 
with  the  local  stresses  in  the  region  of  the  crack  tip.  The  stress 
intensity  factor  takes  the  form 

K  =  go/ ira  (1.4.2) 


where 


3  =  geometric  term  for  structural  configuration,  can  be 
a  function  of  crack  length 
0  =  stress  applied  to  the  structure 
a  =  crack  length 

It  can  be  seen  that  any  number  of  combinations  of  the  parameters  3>  a, 
and  a  can  give  rise  to  the  same  K.  The  crack  growth  analysis  rests  on 
the  experimentally  verified  proposition  that  a  given  K  gives  rise  to  a 
certain  crack  growth  rate,  regardless  of  the  way  in  which  the  parameters 
were  combined  to  generate  that  K. 

A  considerable  body  of  data  exists  which  defines  experimental  and 
mathematical  solutions  for  stress  intensity  factors  for  various 
structural  configurations.  A  review  of  the  procedures  for  obtaining 
stress  intensity  factors  is  covered  by  Section  1.6  and  the  K  solutions 
for  a  number  of  practical  structural  geometries  are  presented  in  Section 
1.7. 
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Since  stress  enters  Equation  1.4.2  in  a  linear  sense  it  is  appropriate 
to  express  the  geometrical  part  of  the  stress  intensity  factor  by  using 
the  stress  intensity  factor  coefficient,  K/a.  Figure  1.4.9  illustrates 
two  typical  solutions  expressed  in  this  manner.  For  a  through- the- 
thickness  crack  in  a  plate  of  infinite  extent,  the  value  of  8  is  unity 
and  K  becomes 

K  =  a  /fra~  (1.4.2a) 

Equation  1.4.2a  provides  one  way  of  normalizing  more  complex  K  solutions 
in  terms  of  the  infinite  plate  solution.  Figure  1.4.10  depicts  a  typi¬ 
cal  solution  of  this  type. 

Through-the-thickness  cracks  are  handled  quite  well  analytically. 
.However,  for  corner  cracks  and  semielliptical  part-through  cracks,  such 
as  illustrated  in  Figure  1.4.11,  K  varies  from  point  to  point  around  the 
crack  perimeter.  This  variation  allows  the  crack  shape  to  change  as  it 
grows,  which  leads  to  a  very  complex  three-dimensional  problem.  In  the 
last  five  years,  the  determination  of  8  and  K/a  for  these  complex  cases 
have  received  a  substantial  amount  of  attention  (see  Section  1.7). 

1.4.6  Damage  Integration  Models 

Rewriting  Equation  1. 4. 1  such  that  the  integration  is  con¬ 
ducted  between  the  initial  crack  length  (aQ)  and  any  intermediate  crack 

length  (a..)  between  a  and  the  critical  crack  length  results  in 
K  o 
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(1.4.3) 


a 


K 


a 

o 


t 

+  I 

j-1 


where  t  (N)  is  the  elapsed  time  (number  of  load  cycles)  corresponding 

to  growing  the  crack  a  to  the  intermediate  crack  length  a  .  The  next 

o  K 

cycle  of  the  applied  stress  (the  N  +  1  cycle)  induces  a  crack  length 
growth  increment  Aa^+^.  The  damage  integration  model  provides  the 
analysis  capability  to  determine  this  crack  length  growth  increment. 
The  growth  increment  Aa^+^  is  equated  to  the  constant  amplitude  crack 
growth  rate,  which  in  turn  is  determined  from  a  function  of  stress 
intensity  factor  range  (AK)  and  stress  ratio  (R) ,  i.e., 

f(AKN+i»  ^+1^  (1.4.4) 


AaN+l 


da 

dN 


The  stress  intensity  factor  range  and  stress  ratio  in  Equation  1.4.4  are 
determined  by  using  the  maximum  and  minimum  stresses  in  the  N+l  cycle  of 
the  given  stress  history  and  evaluating  the  stress  intensity  factor 
coefficients  associated  with  the  given  structural  geometry  at  the  crack 
length  a  .  Subsequent  to  the  direct  calculation  of  the  two  crack  tip 
parameters  AK  and  R,  and  prior  to  their  insertion  in  Equation  1.4.4  AK 
and  R  are  modified  to  account  for  the  effect  of  prior  load  history  using 
retardation  models.  Retardation  models  account  for  high-to-low  load 
interaction  effects,  i.e.,  the  phenomena  whereby  the  growth  of  a  crack 
is  slowed  by  application  of  a  high  load  in  the  spectrum.  Failure  to 
account  for  high-to-low  load  interaction  via  a  retardation  model  leads 
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to  conservative  (^2  to  5  times  shorter)  life.  There  are  numerous  func¬ 
tional  forms  of  Equation  1.4.4  and  numerous  models  describing  retardation. 
Figure  1.4.12  and  the  following  list  describe  the  general  scheme  of  the 
crack  growth  calculation. 

Step  1  -  Knowing  crack  length  a  ,  determines  the  stress 
intensity  factor  coefficient,  K/a. 

Step  2  -  For  the  given  stress  cycle,  A  a,  and  the  coefficient 
K/a,  determine  the  stress  intensity  factor  cycle, 

AK,  and  stress  ratio  R. 

Step  3  -  Utilizing  the  retardation  model,  modify  the  stress- 
intensity  eycle  AK  and  R  to  account  for  previous 
load  history. 

Step  4  -  Determine  the  growth  rate  for  the  stress-intensity 

factor  cycle  to  establish  the  crack  growth  increment. 

Chapter  5  provides  a  current  state-of-the-art  summary  of  the  procedures 
and  techniques  which  are  used  in  damage  integration  models. 

1.4.7  Failure  Criteria 

The  interrelationship  between  critical  crack  length,  loading, 
and  residual  strength  of  a  structure  was  first  discussed  in  Section  1.2 
using  Figure  1.2.3.  Based  on  the  information  presented  in  Section  1.3, 

the  residual  strength  (Qres)>  the  load-carrying  capacity  of  the  cracked 

; k 

structure,  can  be  shown  to  monotonically  decrease  with  increasing  crack 
*  monotonic  implies  that  the  rate  of  change  does  not  change  sign. 
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length  in  the  following  manner: 


where 


a  =  K  / f  (a) 
res  c 


(1.4.5) 


and 


K 

c 


the  material  resistance  to  fracture,  termed  fracture 
toughness, 


f(a)  =  3(a)  /Fa,  the  structural  property,  termed  the  stress 
intensity  factor  coefficient 

When  the  residual  strength  decays  to  the  level  of  the  maximum  stress  in 
the  service  load  history,  fracture  of  the  structure  occurs.  The  crack 
length  associated  with  fracture  (i.e.,  a  )  is  normally  determined  by 
solving  Equation  1.4.5  for  crack  length,  assuming  that  the  residual 
strength  equals  the  maximum  stress  in  the  stress  history.  The  reader 
should  note  that  the  rate  of  growth  of  a  crack  is  directly  related  to  the 
rate  of  loss  of  residual  strength  through  Equation  1.4.5  thus  justifying 
the  selection  of  the  crack  to  quantify  structural  fatigue  damage. 

The  critical  crack  length  (a  )  is  thus  a  function  of  material,  struc¬ 
tural  geometry,  and  loading.  As  shown  in  Figure  1.4.13,  the  relative 

effect  of  a  on  life  is  typically  small  (i.e.,  when  a  /a  >5).  The 
cr  cr  o  = 

primary  advantage  of  designing  for  a  large  critical  crack  length  is  the 
increased  inspectability  it  provides.  A  large  critical  crack  length 
increases  the  probability  of  locating  the  crack  before  it  becomes 
critical,  thereby  enhancing  aircraft  safety. 
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Determination  of  the  critical  crack  size  via  Equation  1.4.5  would 
ordinarily  be  sufficient  for  safety  limits;  however,  durability 
considerations  often  dictate  that  the  final  crack  size,  a^,  be  chosen 
smaller  than  a^  to  represent  rework  or  repair  limits.  A  choice  of  a^ 
along  these  lines  is  shown  in  Figure  1.4.14. 

Chapter  4  provides  a  summary  of  available  residual  strength  estimating 
techniques  and  procedures  which  are  generally  applicable  to  all  different 
types  of  structures  and  materials.  Chapter  7  presents  the  experimental 
methods  and  procedures  used  to  generate  toughness  data  and  residual 
strength  data. 
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Figure  1.4.1.  Distribution  of  Initial  Crack  Size  for  a  Given  Type 

of  Crack  (e.g. ,  Radial  Cracks  Growing  from  Fastener  Holes). 


Figure  1.4.2.  Certification  of  NDI  Capability. 
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TIME 
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a)  INITIAL  FLAW  DISTRIBUTION  b)  FLAW  DISTRIBUTION  FOUND 

AFTER  FATIGUE  TEST 


Figure  1.4.3.  Determining  Initial  Quality  by  Back  Calculation. 


Figure  1.4.4.  Initial  Flaw  Distribution  for  F-4  Based  on  Back  Calculation. 
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CUMULATIVE  EXCEEDANCES/LIFETIME 


EXCEEDANCES/HR 


Figure  1.4.5.  Typical  Load  Factor  Exceedance  Information  Indicating  Usage. 
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Figure  1.4.61  Load  Factor  to  Stress  History  Transformation. 
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Figure  1.4.7.  Stress-Intensity  Factors  -  Cyclic  Loading. 


Figure  1.4,8.  Constant  Amplitude  Crack  Growth  Rate  Data 
for  7075-T6  Aluminum. 
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Q  1 


Figure  1.4.9.  Stress-Intensity-Factor  Coefficients  Showing  Influence 
of  Hole  on  K. 


Figure  1.4.10.  Influence  of  Hole  on  Geometric  Correction  Factor,  $. 
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4.11.  Complex  Crack  Geometries. 
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A a 


STEP  1 


STRESS  INTENSITY  FACTOR  COEFFICIENT 


STEP  2 


n 


p-w 


AK 


and  R 
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N+l  SPECTRUM 
STRESS  CYCLE 


WITH  K 
a 


GIVES  N+l  STRESS  INTENSITY 
FACTOR  CYCLE 


STEP  3 


STEP  4 


AKn+1  =  g]  (AK,  a(N  -  N0)) 
RN+1  =  g2  (R*  a(N  "  No)} 


da 

dN 


N+l 


f(Al<N+r  RN+1) 


WHERE  f  MAY  HAVE,  FOR  EXAMPLE 
THE  FORM 


5  x  10"7  x  AK3 


f  <AK’  R)  "  68  x  (1  -  R)  - 


AK 


Figure  1.4.12.  Sequence  of  Steps  Required  to  Calculate  Crack  Growth  Increment. 
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Figure  1.4.13,  Effect  of  Critical  Crack  Size  on  Life. 
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Figure  1.4.14.  Economic  Final  Crack  Size. 
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1.5  ACHIEVING  CONFIDENCE  IN  THE  LIFE  PREDICTION  METHODOLOGY 


1.5.1  Summary 

As  discussed  in  Section  1.4,  airframe  life  predictions  are 
based  on  a  crack  growth  damage  package  that  interrelates  the  following 
six  elements:  (a)  initial  flaw  distributions,  (b)  aircraft  usage, 

(c)  basic  crack  growth  material  properties,  (d)  crack/structural  pro¬ 
perties,  (e)  damage  model,  and  (f)  fracture  or  life  limiting  criteria. 

Since  life  predictions  for  service  hardware  are  based  on  the  crack 
growth  damage  integration  package,  the  confidence  in  a  life  prediction 
value  must  be  based  on  a  measure  of  the  ability  for  a  given  package  to 
predict  measured  phenomena.  To  support  evaluation  of  the  damage  inte¬ 
gration  package,  laboratory  tests  are  conducted  which  simulate  the 
basic  features  of  cracked  hardware.  Predictions  are  then  compared  to 
measured  crack  growth  behavior.  The  confidence  normally  associated  with 
life  predictions  using  a  damage  integration  package  is  derived  from  the 
ability  of  the  package  to  predict  the  laboratory  generated  crack  growth 
behavior . 

Verification  of  the  package  is  normally  conducted  in  steps  progressing 
from  predictions  of  laboratory-generated  fatigue  crack  growth  data  (for 
which  all  test  conditions  are  reasonably  well  characterized  and  docu¬ 
mented)  to  predictions  of  service-experienced  cracking  behavior. 
Verifying  the  package  in  steps  allows  for  immediate  deletion  of 
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inaccurate  or  erroneous  assumptions  made  in  developing  or  improving  a 
given  element  of  the  package.  Since  the  package  will  be  used  to  make 
life  predictions  where  unknowns  (e.g.,  spectra,  structural  load  inter¬ 
actions)  prevail,  it  is  essential  that  confidence  be  established  for 
each  level  of  prediction  capability  that  has  been  achieved. 

A  change  of  any  fundamental  element  within  the  package  (e.g.,  retardation 
model)  generally  requires  a  resubstantiation  of  this  confidence  for  the 
revised  package.  An  extension  of  capability,  i.e.,  more  complex  geo¬ 
metry,  would  require  only  a  substantiation  for  that  level  of  complexity. 
This  approach  must  be  taken  because  of  the  substantiated  influence  of 
each  of  the  variables  associated  with  the  individual  elements. 

Only  when  cracking  is  evident  from  service  inspections  can  there  be  the 
necessary  information  to  verify  that  the  damage  integration  package  is 
performing  satisfactorily.  The  difficulty  of  assessing  the  confidence 
level  associated  with  the  life  prediction  derived  from  the  damage  inte¬ 
gration  package  results  from  extrapolating  the  use  of  the  package  from  a 
simple  data  base  to  the  more  complex  service  hardware  case. 

1.5.2  Methods  for  Comparing  Predictability 

Figures  1.5.1  through  1.5.3  are  provided  as  examples  to  show 
how  elements  within  a  package  are  verified.  All  figures  show  the 
correlation  between  predicted  and  measured  life.  Figure  1.5.1  provides 
an  evaluation  of  a  new  retardation  model  in  which  the  data  base  was  a 
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measure  of  the  cyclic  delay  subsequent  to  an  overload.  Figure  1.5.2 
compares  the  predictions  developed  with  the  AFWAL-Willenborg-retarda- 
tion  model  (damage  integration  package  to  laboratory  test  data)  which 
show  the  influences  of  spectra  and  crack  geometry  changes.  Figure  1.5.3 
shows  the  evaluation  of  a  AFWAL  modified  damage  integration  package  which 
accounts  specifically  for  C-5A  spectra  changes  on  life  observed  when  the 
crack  geometry  is  a  radial  corner  crack  growing  from  an  open  or  plugged 
hole. 
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PREDICTED  DELAY  CYCLES 


Figure  1.5.1.  Single  Overload  Correlation  with  Modified 
Wheeler  Retardation  Model. 
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Np/Np.  PREDICTED  LIFE/HEASURED  LIFE 


Figure  1.5.2.  Spectrum  Correlation  Using  the  AFWAL  Willenborg- 
Retardation-Model  (Damage  Integration  Package). 
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Figure  1.5.3.  Prediction  Capability  of  Damage  Integration  Package 

(Based  on  21  Laboratory  Tests  Conducted  at  AFWAL/FIB). 
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1.6  SCHEMES  FOR  DETERMINING  STRESS  INTENSITY  FACTORS 


1.6.1  General 

The  linear  elastic  fracture  mechanics  approach  to  the  analysis 
of  cracked  structures  depends  on  the  calculation  of  stress-intensity 
factors  (K)  for  the  typical  crack  geometries  of  interest.  Various  solutions 
have  been  compiled  in  reference  works  and  handbooks,  see  for  example  ref¬ 
erences  15,  16,  17,  and  18.  Section  1.7  also  contains  a  summary  of  frequent¬ 
ly  used  stress-intensity  factor  solutions. 

The  handbook  solutions,  which  are  typically  fundamental,  may  be 
extended  to  more  complex  cases  through  the  principle  of  superposition  or 
by  compound  analysis.  The  handbook  solutions  are  also  quite  useful  for 
bounding  exact  solutions  as  discussed  in  Section  1.8.  When  the  structural 
geometry  and  loading  system  is  fairly  complicated  ,  engineers 
normally  resort  to  numerical  analysis  procedures  (e.g.,  finite  element 
analysis)  which  have  been  proven  for  their  accuracy  in  establishing  stress- 
intensity  factors. 

The  stress-intensity  factor  can  always  be  expressed  as 

K  =  6a  /na  (1.6.1) 

where  a  is  the  nominal  stress  remote  from  the  crack  and  a  is  the  crack 
size.  The  factor  B  is  a  function  of  crack  geometry  and  of  structural 
geometry.  Since  the  dimension  of  K  is  ksi  /in.  or  equivalent,  B  must  be 
dimensionless.  For  a  central  crack  of  length,  2a,  in  an  infinite  sheet, 
the  stress-intensity  factor  may  be  written 

K  =  c  /rra  (1.6.2) 
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Comparison  with  Equation  1.6.1  shows  that  for  an  infinite  sheet  6  is  unity. 
Thus,  8  may  be  considered  as  a  correction  factor  relating  the  actual  stress- 
intensity  factor  to  the  central  crack  in  an  infinite  sheet.  The  correction 
factors  for  various  geometrical  conditions  under  a  given  load  condition  may 
be  combined  in  the  form  of  a  product  to  account  for  the  increase  or  decrease 
in  the  stress-intensity  factor.  In  some  cases  (e.g.,  wedge/fastener  loading). 
Equation  1.6.1  is  not  a  convenient  form  for  the  stress-intensity  factor. 

These  cases  will  be  discussed  on  an  individual  basis  as  they  arise. 

1.6. 1.1  Principle  of  Superposition 

Because  the  linear  elastic  fracture  mechanics 
approach  is  based  on  elasticity,  one  can  determine  the  effects  of  more  than 
one  type  of  loading  on  the  crack  tip  stress  field  by  linearly  adding  the 
stress-intensity  factor  due  to  each  type  of  loading.  The  process  of  adding 
stress-intensity  factor  solutions  for  the  same  geometry  is  sometimes  referred 
to  as  the  principle  of  superposition.  The  only  constraint  on  the  summation 
process  is  that  the  stress-intensity  factors  must  be  associated  with  the 
same  structural  geometry  (including  crack  geometry).  Thus,  stress-intensity 
factors  associated  with  edge  crack  problems  cannot  be  added  to  that  of  a 
crack  growing  radially  from  a  hole.  An  example  will  illustrate  the 
conditions  under  which  one  might  linearly  add  stress-intensity  factors. 

EXAMPLE  1.6.1  -  Axial  and  Bending  Loads  Combined 

An  edge  crack  of  length  a  is  subjected  to  a  combination  of  axial  and 
bending  loads  as  shown  in  Figure  1.6.1.  The  stress-intensity  factor  for 
the  edge  crack  geometry  subjected  to  the  tensile  load  (P)  is  given  by 
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KP-bTm</5“>  •  U.12-0.23(i)+10.6(|)2-21.7(|)3+30.4(i)4] 

while  that  due  to  the  bending  moment  (M)  is  given  by 

^  =  6 (M/B)  ygg  .  [1.12-1.39(^)+7.32(|)2-13.1(^)3+14.0(^)4] 

w 

The  stress  intensity  factor  resulting  from  the  combination  of  tensile 
and  bending  loads  is  given  by  the  sum  of  and  K^,  so  that 

Wl  =  Kp  +  ^ 

As  shown  by  Example  1.6.1,  if  the  geometry  of  the  structure  is  described, 
the  effect  of  each  loading  condition  can  be  separately  determined  and  the 
effect  of  all  the  loading  conditions  can  be  obtained  by  summing  the 
individual  conditions,  i.e., 

KTOIAl'K1+K2+K3+  ••• 

This  particular  property  is  quite  useful  in  the  analysis  of  complex 
structures.  Example  1.6.2  further  illustrates  the  principle  of  superposi¬ 
tion. 

EXAMPLE  1.6.2  -  Remote  Loading  and  Concentrated  Forces  Combined  (Reference  19) 
Many  times  in  a  particular  aircraft  design  a  part  may  develop  cracks  at  rivet 
holes  where  the  skin  is  attached  to  the  frame  or  stringer.  This  situation 
is  depicted  in  Figure  1.6.2  and  will  be  analyzed  as  a  simple  case  in  which  the 
sheet  is  in  uniaxial  tension  and  the  rivets  above  and  below  the  crack  are  in¬ 
fluential  in  keeping  the  crack  closed.  (Tests  of  panels  with  concentrated  forces 
superimposed  on  the  uniform  tension  loading  simulate  crack  growth  behavior. 
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in  the  presence  of  rivets.)  The  insert  of  Figure  1.6.2  shows  the  local 
parameters  necessary  for  determining  the  stress-intensity  factors. 

Assuming  that  a  crack  grows  from  the  rivet  hole,  the  total  stress-intensity 
factor  for  this  geometry  is  obtained  using  the  linear  superposition  of  stress 
intensity  factors.  Closer  examination  of  Figure  1.6.2  indicates  that  the 
loading  can  be  decomposed  as  shown  in  Figure  1.6.3,  and  thus  the  total 
stress-intensity  factor  is  the  sum  of  the  remote  loading  and  concentrated 
load  induced  stress-intensity  factors.  Note:  The  concentrated  force 
induced  stress-intensity  factor  solution  presented  is  only  applicable  if 
the  concentrated  forces  are  applied  along  the  centerline  of  the  sheet  and 
at  a  distance  greater  than  3  or  4  times  the  hole  diameter.  Inasmuch  as  the 
concentrated  forces  are  in  an  opposite  direction  to  the  uniform  stress, 
and  tend  to  close  the  crack,  this  stress-intensity  is  subtracted  from  the 
uniform  extensional  stress-intensity  factor. 

With  knowledge  of  the  stress-intensity  solution  for  this  geometry,  it  is 
possible  to  determine  what  effect  the  rivet  closure  forces  have  on  the 
local  stress  field  for  similar  problems  . 

Methods  do  exist  to  analyze  riveted,  cracked  structure  when  boundary  forces 
are  known.  These  will  be  demonstrated  later  in  Chapter  4. 

1.6. 1.2  Advanced  Uses  of  the  Principle  of  Superposition 

In  some  cases,  the  additive  property  of  the  stress- 
intensity  factor  can  be  used  to  derive  solutions  for  loading  conditions 
that  are  not  readily  available.  The  process  of  deriving  the  stress-intensity 
factor  for  a  center  crack  geometry,  which  is  uniformly  loaded  with  a  pressure 
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(p),  see  Figure  1.6.4,  illustrates  this  feature.  Figure  1.6.5  describes 
the  process  whereby  the  remotely  loaded  center  crack  grometry  is  decom¬ 
posed  into  a  set  of  two  center  crack  geometries  which  have  loading  condi¬ 
tions,  that  when  added,  result  in  the  cancelling  of  the  crack  line  loadings. 
The  stress-intensity  factor  (K^)  for  the  plate  loaded  with  the  remote 
stress  condition  (a)  and  the  crack  closing  stresses  (also  equal  to  a)  is 
zero,  i.e.  =  0,  because  the  crack  is  clamped  closed  under  such  conditions. 
Thus,  the  equation  for  addition  of  stress-intensity  factors 

‘W  -  K1  +  K2  (1-6-4) 

reduces  to 

■W  -  0  +  K2  (1-6-5) 

so  that  the  stress-intensity  factor  for  a  pressurized  center  crack  with 
pressure  (p)  equal  to  a  is  the  same  as  that  associated  with  remote  loading, 
i.e.  , 

K2  '  0  /5i  *  SOTAL  d-6-6> 

Sometimes,  it  is  difficult  to  visualize  how  one  arrives  at  the  values  of 
the  crack  closing  stresses.  Consider  the  uncracked  body  with  the  uniformly 
applied  remote  loading  as  shown  in  Figure  1.6.6a.  Determination  of  the 
stresses  along  the  dotted  line  lead  to  the  observation  that  the  stresses 
here  are  equal  to  the  remote  stress  (a) .  To  obtain  a  stress-free  condition 
along  the  dotted  line,  and  thus  simulate  a  cracked  structural  configuration, 
one  must  apply  opposing  stresses  of  magnitude  a  along  the  length  of 
the  dotted  line  as  shown  in  Figure  1.6.6b.  The  stresses  along  the  dotted 
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line  generated  by  the  applied  remote  stresses  are  the  opening  stresses 
(Figure  1.6.6a).  The  equal  but  opposite  stresses  are  the  crack  closing 
stresses.  The  reader  should  note  that  the  stresses  on  the  dotted  line 
that  are  generated  by  the  remote  loading  lead  to  the  crack  opening  condi¬ 
tion;  these  opening  stresses  lead  to  non-zero  values  for  the  stress-intensity 
factor  (See  Figure  1.6.5). 


Figure  1.6.7  presents  the  concept  of  linear  superposition  of  elastic 
solutions  in  a  slightly  different  way  so  that  the  reader  has  a  full 
appreciation  of  the  procedure.  The  structural  element  B  is  noted  to  be 
exactly  the  same  as  element  A;  the  crack  closing  stresses  exactly  balance 
the  effect  of  the  remote  stresses  along  the  line  so  the  structural  element 
B  still  experiences  uniform  tension  throughout.  Structural  element  B  is 
further  decomposed  into  elements  D  and  E.  Note  that  the  crack  loading 
stresses  shown  on  the  structural  element  E  are  crack  closing  stresses 
and  therefore  result  in  a  stress-intensity  factor  which  is  the  negative 
of  the  remotely  applied  loading  case,  i.e.  =  -K_. 


Since  is  known  (=a/rra),  it  follows  that  K^,  =  -  a/ TTa  .  As  we  noted 
before,  if  the  direction  of  stress  in  element  E  is  reversed  (becomes 
crack  opening)  then  the  stress-intensity  factor  is  K  =o/Tra  . 


The  loading  on  structural  element  A  in  Figure  1.6.8  can  be  decomposed 
into  the  series  of  loadings  shown.  The  stress-intensity  factor  for 
element  A  is  obtained  from  the  superposition  of  the  three  other  loadings: 


KA  =  +  *D  -  *E 


(1.6.7) 
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Since  it  is  obvious  that  the  loadings  in  elements  A  and  E  will  result 


in  the  same  stress-intensity  factor,  i.e.  =  K^,  the  stress-intensity 


factor  for  element  A  becomes 


ka  *  *  Ckb  +  V 


(1.6.8) 


The  stress-intensity  factors  for  elements  B  and  D  are  known,  i.e., 


Kg  =  a  /rra  and  Kg  =  i~jgl  o  /na  and  therefore, 


ka  =  h  [1  +  2i“  ]  o/m 


(1.6.9) 


Now  a  more  complex  example  is  presented  using  the  principle  of  superposition 
applied  in  a  two-step  process.  Shown  in  Figure  1.6.9  is  a  structural 
element  (F)  in  which  intermediate  values  of  load  transfer  occur  through  a 
pin  loaded  hole.  As  shown,  Step  1  consists  of  decomposing  element  F 
into  two  parts,  such  that  in  one  part  the  pin  reacts  its  entire  load  and 
the  other  part  is  remotely  loaded.  The  stress-intensity  factor  for  element 
F  is  the  sum  of  those  generated  by  the  decomposed  elements,  i.e., 

=  KA  +  K„a  where  the  superscript  denotes  the  loading.  Step  2  involves 
FAB 

the  determination  of  K^.  The  pin  reactive  loading  on  element  A  is  decomposed 

into  the  loading  shown  in  Figure  1.6.9;  via  the  logic  previously  illustrated 

a  P 

in  Figure  1.6.8,  is  determined  as  0.5  (K^  +  K^) .  The  stress-intensity 
factor  for  the  loading  on  element  F  is 


Kf  =  0.5 


(1.6.10) 
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Note  that  while  the  stress-intensity  factor  solution  formula  for  element 
B  is  the  same  in  Steps  1  and  2,  the  stresses  used  in  each  calculation 
are  different  (as  indicated  by  the  superscripts). 

1.6.2  Handbook  Solutions 

As  the  linear  elastic  fracture  mechanics  approach  to 
engineering  problems  became  a  typical  design  approach,  a  widespread  need 
for  stress-intensity  factor  solutions  for  typical  geometries  arose. 

This  need  was  met  by  a  series  of  handbooks  (References  16,  17,  and  18) 
which  presented  available  solutions  in  a  compact  format.  This  subsection 
of  the  Damage  Tolerant  Design  Handbook  summarizes  these  current  stress- 
intensity  factor  handbooks  by  presenting  an  abbreviated  table  of  contents 
for  each  handbook.  In  addition,  this  subsection  also  presents  a  stress- 
intensity  factor  solution  from  each  handbook  using  the  format  utilized 
in  that  handbook.  By  evaluating  both  an  abbreviated  table  of  contents 
and  a  sample  solution,  the  reader  will  be  able  to  better  determine  if 
these  stress-intensity  factor  handbooks  satisfy  his  individual  needs. 

1.6. 2.1  Handbook  Table  of  Contents 

The  abbreviated  tables  of  contents  for  references 
16,  17  and  18  are  found  in  Tables  1.6.1,  1.6.2,  and  1.6.3,  respectively. 
Table  1.6.1  indicates  that  the  MSihM  handbook  is  a  two-volume  handbook; 
but  actually,  this  handbook  is  completely  bound  in  a  single  three-ring 
notebook  (approximately  2.5  inches  thick).  The  Sih  handbook  is  also  noted 
to  contain  references  at  the  end  of  each  section.  The  basic  theory 
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TABLE  1.6.3  (CONCLUDED) 


PAGE 

3  Discs,  Tubes  and  Bars  217 

Introduction 

3.1  Discs 

3.2  Tubes 

3.3  Bars 

4  Three  Dimensions  267 

Introduction 

4.1  Circular  cracks 

4.2  Elliptical  cracks 

4.3  Junctions 

5  Plates  and  Shells  311 

Introduction 

5.1  Plates 

5.2  Shells 


1.6.14 


associated  with  obtaining  the  solutions  presented  in  each  section  is  also 
covered  in  that  section. 

Table  1.6.2  describes  the  contents  of  the  MTadaM  handbook.  The  table  shows 
that  the  Tada  handbook  has  a  substantially  different  organization  scheme 
than  the  Sih  handbook.  The  Tada  handbook  presents  theory  and  background 
through  its  Part  I  and  the  Appendices,  its  references  are  presented  at 
the  back  of  the  book,  and  generally  it  concentrates  on  summarizing  solu¬ 
tions  in  Parts  II  through  VI.  This  handbook  is  contained  in  a  three-ring 
notebook  (approximately  1  inch  thick) . 

Table  1.6.3  presents  the  contents  of  the  "Rooke-Cartwright"  handbook. 

This  handbook  focuses  on  stress-intensity  factor  solutions  in  each  of 
its  five  chapters.  References  are  presented  at  the  end  of  each  chapter 
and  introductory  remarks  are  made  about  the  approach  utilized  to  obtain 
the  various  stress-intensity  factor  solutions.  The  Rooke-Cartwright 
handbook  comes  in  a  hardback  book  bound  volume. 

1.6. 2. 2  Typical  Solution  Formats 

Described  in  Figure  1.6.10  is  the  MSihM  handbook 
presentation  of  the  "Isida"  solution  for  the  eccentrically  located  crack 
in  an  uniformly  loaded,  infinitely  long,  finite  width  strip.  The  first 
page  of  the  figure  describes  the  geometry  and  relevant  equations;  the  next 
two  present  the  numerical  values  of  the  function  F(6,A)  which  describes 
the  effect  of  finite  width  and  eccentricity.  The  F(6,A)  function  is 
normally  presented  in  graphically  formats  which  are  difficult  to  read  and 
interpolate.  The  "Sih"  tabular  presentation  format  shown  makes  it  easy 
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for  the  engineer  to  construct  stress-intensity  factor  solutions  for  cases 
where  the  crack  center  (f)  is  fixed  and  the  crack  length  (a)  is  increasing. 

Figure  1.6.11  describes  a  stress-intensity  factor  found  in  the  Tada  hand¬ 
book  for  a  crack  growing  from  an  elliptical  notch.  The  top  right-hand 
portion  of  the  figure  presents  a  sketch  of  the  geometry.  As  can  be  noted 
from  Figure  1.6.11,  all  information  necessary  for  the  solution  is  found 

on  one  page.  The  equations  are  found  at  the  top  of  the  page  and  the 

c  c 

numerical  solutions  of  the  functions  F(s,  —  )  and  f (— )  are  presented 
graphically  in  the  center  of  the  page.  The  bottom  of  the  page  presents 
data  on  method  of  solution,  accuracy  and  references.  The  reader  should 
note  that  the  function  F(s,  —  )  is  the  stress-intensity  factor  function  B 
given  in  Equation  1.6.1. 

In  Figure  1.6.12,  the  reader  will  find  the  solution  presented  by  the  Rooke- 
Cartwright  handbook  for  a  crack  near  a  stiffener  in  a  sheet  subjected  to 
uniaxial  tensile  stress.  The  first  page  of  the  figure  describes  the  problem, 
defines  the  original  reference  work,  and  gives  an  estimate  of  solution 
accuracy.  Note  that  the  second  page  of  Figure  1.6.12  presents  the  solution 
graphically  along  with  an  inserted  sketch  which  illustrates  the  geometry 
and  loading  under  consideration.  The  ordinate  of  page  2  of  Figure  1.6.12, 
i.e.  (K^/K^),  is  the  stress-intensity  factor  function  B  given  in  Equation 
1.6.1. 
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1.6.3  Developing  Stress-Intensity  Factor  Solutions 


There  are  a  number  of  methods  that  are  available  for 
developing  stress-intensity  factor  solutions  to  crack  body  problems. 
References  3,  4  and  15-23  provide  review  articles  and  textbook  chapters 
that  summarize  these  methods.  The  basic  solutions  for  simple  geometries 
can  be  derived  by  means  of  classical  methods  of  elasticity  which  employ 
complex  stress  functions  (3,4,24,25)^ 

For  finite  size  bodies  containing  cracks,  the  boundary  conditions  usually 
prohibit  a  closed  form  solution.  In  such  cases,  numerical  solutions  can 
be  obtained  using  methods  such  as  the  finite  element  method  (See  Subsection 

(Of.  p  *7  \ 

1.6.4),  the  boundary  collocation  technique  *  ,  or  the  boundary 

(28  29) 

integral  method  5  .  Solutions  for  multiple  load  path  geometries  can 

sometimes  be  obtained  from  basic  stress  field  solutions  combined  with 
displacement  compatibility  requirements  for  all  the  structural  members 
involved  .  Chapter  4  describes  this  method  and  provides  an  example 

based  on  the  displacement  compatibility  method. 

There  are  also  several  experimental  methods  that  have  been  used  to  obtain 

(or  verify)  the  stress-intensity  factor  for  cracked  structural  members. 

These  experimental  methods  include:  The  compliance  method  (See  Section 

(31  32) 

1.9),  the  photoelastic  method  *  ,  the  fatigue  crack  growth  (inverse) 

method  (33,34,35)^  an{j  the  interferometric  method  (^6,37). 
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While  a  general  knowledge  of  each  stress-intensity  factor  solution 


method  might  be  useful  for  attacking  specific  problems,  detailed  knowledge 

is  required  before  any  method  can  be  applied  to  solve  a  given  problem. 

Beyond  what  is  described  elsewhere  in  these  guidelines,  an  engineer  can 

also  utilize  two  separate  solution  techniques  to  solve  any  two-dimensional 

structural  geometry  or  loading  situation  without  access  to  a  damage  tolerant 

specialist.  One  solution  technique  involves  the  generation  of  the  stress 

for  an  uncracked  body  along  the  expected  path  of  crack  propagation.  (The 

finite  element  method  provides  a  powerful  tool  for  generating  stress  at 

any  point  in  an  uncracked  body) .  The  second  solution  technique  involves 

the  generation  of  the  stress-intensity  factor  solution  via  an  integral 

calculation  that  employs  the  stresses  obtained  for  the  case  of  the 

uncracked  body  along  the  expected  path  of  the  crack.  Two  integral  calcu- 

(38  2 ) 

lation  technique  types  are  available:  The  Green’s  Function  technique v 

(39,40  43-43) 

and  the  Weight  Function  technique  *  .  These  two  crack-line 

loading  techniques  are  reviewed  in  paragraphs  1.6. 3.1  and  1.6. 3. 2, 
respectively. 


1.6. 3.1  Green’s  Function  Technique 


This  technique  takes  advantage  of  the  additive 


property  of  the  stress-intensity  factor  and  is  based  on  generalized  point 
load  solutions  of  crack  problems.  For  example,  the  point  load  solution 
for  the  central  crack  problem  described  in  Figure  1.6.13  is  given  by: 


(1.6.11) 
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This  solution  can  be  used  to  obtain  the  stress-intensity  factor  for 
stresses  distributed  over  the  crack  faces  by  noting  that  the  point  load 
per  unit  thickness  (P/B)  in  Equation  1.6.11  can  be  replaced  by  the 
product  of  the  pressure  stress  (o(x))  and  the  distance  over  which  it  acts 
(dx) .  Thus,  the  stress-intensity  factor  for  the  distributed  stresses 
applied  to  the  crack  (See  Figure  1.6.14)  becomes: 


K 


Odx 

VVa 


a  +  x 


va'  - 


(1.6.12) 


-a 

The  stress-intensity  factor  for  the  case  of  uniform  opening  stresses 
applied  to  the  crack,  i.e.  C  =  constant,  is  determined  to  be  K  =  o/iTa,  as 
was  expected  from  the  discussion  of  the  method  of  superposition  described 
in  Subsection  1.6.1. 


Given  a  point  force  solution  for  a  geometry  of  concern,  it  is  then 
possible  to  define  the  summation  process  that  would  integrate  the  effects 
of  stress  loading  over  the  crack  faces.  Integral  equations  such  as  that 
defined  by  Equation  1.6.12  utilize  the  stress  solutions  from  the  uncracked 
body  problem.  A  number  of  point  force  stress-intensity  factor  solutions 
are  presented  in  the  tables  given  in  Section  1.7  and  an  extensive  review 
of  the  availability  and  application  of  Green fs  Functions  can  be  found  in 
Reference  38.  Other  reviews  can  be  found  in  References  39  and  40. 

(38) 

One  of  the  cases  reviewed  by  Cartwright  and  Rooke  is  of  particular 

interest  to  structural  engineers.  They  presented  the  work  by  Hsu  and 

(41) 

Rudd  on  the  development  of  a  Green* s  Function  for  a  diametrically 
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cracked  hole.  The  Hsu  and  Rudd  Green fs  Function  was  based  on  a  series  of 


finite-element  determined  stress-intensity  factor  solutions  for  a  symmetri¬ 
cal  set  of  point  forces  of  the  type  shown  in  Figure  1.6.15.  The  finite- 
element  point  force  solutions  were  developed  as  a  function  of  position 
for  X(=x/a)<0.9  and  a  limiting  expression  was  given  for  X>0.9.  The  Hsu 
and  Rudd  Green’s  Function  is  shown  in  Figure  1.6.16  for  several  values  of 
a/R;  also  shown  are  Green’s  Functions  for  an  edge  crack  and  for  a  central 
crack.  Note  that  all  the  Green’s  Functions  tend  to  infinity  as  X  approaches 
1.  It  should  also  be  noted  that  the  Green’s  Functions  presented  are  based 
on  the  following  format 


(1.6.13) 


which  has  been  widely  used.  Hsu  and  Rudd  based  their  presentation  of 


(42) 

the  Green’s  Function  on  an  approach  taken  by  Hsu  et  al.  ,  wherein 


the  Green’s  Function  G(x,a)  in  Equation  1.6.13  is  obtained  by  multiplying 
the  Hsu  et  al.  value  G  by  IT,  i.e. 


G(x,a)  =  TT  G  (x,a) 


(1.6.14) 


The  complete  table  of  G  (x,a)  derived  by  Hsu  et  al.  can  be  found  in 


Table  1.6.4.  Other  work  by  Hsu  and  co-workers  on  Lug-type  problems 


can  be  found  in  Section  1.7. 
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TABLE  1.6.4 

GREEN'S  FUNCTION  FOR  A  DOUBLE  CRACK  EMANATING  FROM  AN  OPEN  HOLE  IN  AN  INFINITE  PLATE 

(REF.  42) 


* 
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/  -  H ,  7  /v  M  4(1+  r/a) 

x/a  >0.9,  G  (q/r,  x/c)  -  _  */«,)(  |  J 


There  are  two  cautionary  remarks  that  must  be  made  about  the  use  of 
Green’s  Function  techniques  for  solving  crack  problems.  First,  if  all 
the  loading  across  the  crack  tip  is  not  tensile,  and  if  the  stress-intensity 
factor  is  positive  at  the  crack  tip  of  interest,  the  crack  faces  at  some 
distance  away  from  the  crack  tip  may  have  (mathematically)  merged  in  a 
nonphysical  overlapping  manner  and  the  estimated  stress-intensity  factor 
might  be  unconservatively  low.  Accordingly,  one  should  check  to  determine  if 
the  crack  displacements  all  along  the  crack  are  positive  and  thus  non¬ 
overlapping  to  ensure  validity  of  the  solution.  Second,  it  is  important 
in  displacement  boundary  value  problems  to  derive  a  Green’s  Function  that 
accounts  for  the  requirement  that  there  be  zero  displacement  on  those 
boundaries  where  displacement  conditions  are  applied  when  estimating  the 
stress-intensity  factor  from  the  uncracked  geometry  solution.  Typically, 
neglecting  this  requirement  for  displacement  boundary  value  problems 
produces  a  stress-intensity  factor  that  is  conservatively  high.  These 
two  cautions  apply  equally  well  to  the  Weight  Function  Technique. 


1.6. 3. 2  The  Weight  Function  Technique 


(20,40,43,44) 


This  particular  technique 


can  be 


derived  using  the  definition  of  the  strain  energy  release  rate  (See 
Section  1.9).  The  stress-intensity  factor  is  obtained  from  the  difference 
between  the  strain  energy  of  a  cracked  structure  and  of  the  identical 
structure  without  a  crack,  and  is  given  by: 


a 


(1.6.15) 
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where  the  function  m(x,a)  is  the  Bueckner  Weight  Function,  a  function 

which  is  unique  for  the  given  geometry  and  is  independent  of  the  loading 

from  which  it  was  derived.  The  Weight  Function  is  defined  as  a  function 

* 

of  (1)  material  properties,  (2)  a  known  stress-intensity  factor  (K  )  for 

the  given  geometry  under  a  defined  loading  and  (3)  the  crack  opening 

*  * 
v  (x,a)  corresponding  to  K  : 


m(x,a)  = 


H  3v  (x,a) 


2K*  3  a 

H  is  a  material  constant  that  is  given  by: 


(1.6.16) 


H 


1  +  K 


E  for  plane  stress,  or 

2, 


(1.6.17) 


E/(l  -V  )  for  plane  strain 
with  y  =  shear  modulus  and  K  is  defined  as  a  function  of  the  stress  state 
and  Poisson's  ratio  (v) 

3  -  v 


K  = 


1  +  V 


for  plane  stress 
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3  -  4v  for  plane  strain 


*  *  3v 

For  the  infinite  plate  center  crack  problem  K  ,  v  ,  — — ,  and  m  are  given 

o  a 


by  the  following  equations: 


K  =  a/rra 


,1  +  kx 


v  (x,a)  =  — )  a/a2  -  x2  for  -a  <_  x  _<a 


(1.6.19) 

(1.6.20) 
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1  +  K 
4  y 


(1,6, 21) 


and 


(1,6.22) 


The  stress-intensity  factor  associated  with  a  symmetrical  pressure  loading 
of  0 (x)  on  the  central  crack  faces  is  then  given  by 


(1.6.23) 


dx 


The  reader  is  cautioned  to  note  that  Equations  1.6.23  and  1.6.12  differ. 

However,  both  equations  yield  exactly  the  same  stress-intensity  factor 

solution  when  the  pressure  stress  a  is  a  symmetrical  function,  i.e.,  the 

stress  at  x  =  x  is  equal  to  the  stress  at  x  =  -x  (0  <  x  <  a) .  The 
o  o  —  o  — 

reason  that  Equations  1.6.23  and  1.6.12  differ  is  that  the  Bueckner 

Function  in  Equation  1.6.21  was  derived  for  a  symmetrical  loading  whereas 

the  Green’s  Function  was  derived  for  the  more  general  case  of  unsymmetrical 

loading.  Thus,  when  deriving  the  Weight  Function  one  should  seek  to 

: k  * 

locate  stress-intensity  factor  (K  )  and  crack  displacement  (v  )  solutions 
which  are  representative  of  the  loading  symmetry  associated  with  the 
problems  that  are  to  be  solved. 
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A  Weight  Function  for  radially  and  diametrically  cracked  holes  was 

(45) 

developed  by  Grandt  for  through-thickness  type  cracks.  His  solution 

is  given  by 


K  = 


dx 


(1.6.24) 


o 

where  K  represents  the  appropriate  (radial  or  diametrical)  Bowie  stress- 
B 

intensity  factor  (See  Table  1.7.3,  Cases  1.7. 3.1  and  1.7. 3.2)  and  the 
crack  opening  displacement  n  was  obtained  from  finite-element  solutions. 
The  displacements  n  were  described  by  the  conic  section  equation: 


n  1 

2 

1  -  2 

a  -  x  1 

1  , 

V 

a  -  x  | 

noj 

2  +  m 

a  | 

|  2  +  m 

a  | 

(1.6.25) 


Here  nQ  is  the  displacement  at  the  crack  mouth  (x=0)  and  m  is  the  conic 
section  coefficient  found  from 


m  =  7T 


Hn 


2oaY 


-2 


In  this  instance,  Y  is  the  Bowie  geometric  factor 


(1.6.26) 


o/a~ 


(1.6.27) 
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The  finite-element  results  for  the  crack  mouth  displacement  f|  were 
closely  represented  by  the  least  squares  expression 

6 

n  =  R  Y  D.  (a/R)1  (1.6.28) 

i=o 

where  the  coefficients  are  given  in  Table  1.6.5* 

Grandt  has  applied  the  Weight  Function  technique  to  a  number  of  fastener- 
type  cracked  hole  problems.  Using  finite-element  descriptions  of  the 
stress  along  the  expected  crack  path  for  a  hole  that  has  been  cold-worked 
(loaded)  to  a  0.006  inch  radial  expansion  and  then  unloaded,  Grandt  was 
able  to  derive  the  stress-intensity  factor  shown  in  Figure  1.6.17  for  a 
remote  stress  loading  of  40  Ksi.  Figure  1.6.17  also  provides  the  stress- 
intensity  factor  solution  for  a  remote  stress  loading  of  40  Ksi  applied  to 
a  radially  cracked  hole  without  cold-working.  The  dramatic  difference 
in  stress-intensity  factors  from  the  two  cases  has  been  shown  to  translate 
itself  into  orders  of  magnitude  difference  in  crack  growth  rate  behavior. 

1.6.4  Finite  Element  Methods 

In  all  cases  where  an  expression  for  the  stress-intensity 
factor  cannot  be  obtained  from  existing  solutions,  f inite-element  analysis 
can  be  used  to  determine  K  50)^  Certain  aircraft  structural  configura¬ 

tions  have  to  be  analyzed  by  finite-element  techniques  because  of  the 
influence  of  complex  geometrical  boundary  conditions  or  complex  load 
transfer  situations.  In  the  case  of  load  transfer,  the  magnitude  and 
distribution  of  loadings  may  be  unknown.  With  the  application  of  finite- 
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LEAST  SQUARES  FIT  OF  FINITE  ELEMENT  DATA  FOR 
CRACK  MOUTH  DISPLACEMENT  (REF.  45) 


1.6.27 


element  methods,  the  required  boundary  conditions  and  applied  loadings 
must  be  imposed  on  the  model. 

Complex  structural  configurations  and  multicomponent  structures  present 
special  problems  for  finite-element  modeling.  These  problems  are 
associated  with  the  structural  complexity.  When  they  can  be  solved,  the 
stress-intensity  factor  is  determined  in  the  same  way  as  in  the  case  of 
a  simpler  geometry.  This  subsection  deals  with  the  principles  and  proce¬ 
dures  that  permit  the  determination  of  the  stress-intensity  factor  from  a 
finite-element  solution. 

Usually  quadrilateral,  triangular,  or  rectangular  constant-strain  elements 
are  used,  depending  on  the  particular  finite-element  structural  analysis 
computer  program  being  used.  For  problems  involving  holes  or  other 
stress  concentrations,  a  fine-grid  network  is  required  to  accurately  model 
the  hole  boundary  and  properly  define  the  stress  and  strain  gradients 
around  the  hole  or  stress  concentration. 

Within  the  finite-element  grid  system  of  the  structural  problem,  the 
crack  surface  and  length  must  be  simulated.  Usually,  the  location  and 
direction  of  crack  propagation  is  perpendicular  to  the  maximum  principal 
stress  direction.  If  the  maximum  principal  stress  direction  is  unknown, 
then  an  uncracked  stress  analysis  of  the  finite-element  model  should  be 
conducted  to  establish  the  location  of  the  crack  and  the  direction  of 
propagation. 
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The  crack  surfaces  and  lengths  are  often  simulated  by  double-node 
coupling  of  elements  along  the  crack  line.  Progressive  crack  extension 
is  then  simulated  by  progressively  "unzipping"  the  coupled  nodes  along 
the  crack  line.  Because  standard  finite-element  formulations  do  not 
treat  singular  stress  behavior  in  the  vicinity  of  the  ends  of  cracks, 
special  procedures  must  be  utilized  to  determine  the  stress-intensity 
factor.  Three  basic  approaches  to  obtain  stress-intensity  factors  from 
finite-element  solutions  have  been  rather  extensively  studied.  These 
approaches  are  as  follows: 

a)  Direct  Method.  The  numerical  results  of  stress, 
displacement,  or  crack-opening  displacement  are  fitted  to  analytical 
forms  of  crack-tip-stress-displacement  fields  to  obtain  stress-intensity 
factors . 

b)  Indirect  Method.  The  stress-intensity  follows  from 
its  relation  to  other  quantities  such  as  compliance,  elastic  energy,  or 
work  energy  for  crack  closure. 

c)  Cracked  Element.  A  hybrid-cracked  element  allowing 
a  stress  singularity  is  incorporated  in  the  finite-element  grid  system 
and  stress-intensity  factors  are  determined  from  nodal  point  displacement 
along  the  periphery  of  the  cracked  element. 

These  approaches  can  be  applied  to  determine  both  Mode  1  and  Mode  2 
stress-intensity  factors.  Application  of  methods  has  been  limited  to 
two-dimensional  planar  problems.  The  state-of-the-art  for  treating  three 
dimensional  structural  crack  problems  is  still  a  research  area. 
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1.6.4. 1  Direct  Methods 


The  direct  methods  use  the  results  of  the  general 
elastic  solutions  to  the  crack-tip  stress  and  displacement  fields.  For 
the  Mode  1,  the  crack  tip  stresses  can  always  be  described  by  the  equations 

1  .  9  .  30^ 

1  -  sin  j  sin  —  , 

(1.C.29) 

,  .  .  0  .  30 

1  +  sin  y  sin  —  , 


a  = 
y 


/27Tr 
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COS  Y 


/27Tr 


cos  j 


a  =0  (plane  stress)  or  a 
z  r  z 


v(a  +  a  ) 

u  y 


(plane  strain) 


and 


T 

xy 


Ki  .  e  e  30 

-  sin  ~  cos  —  cos  —  , 

/2irr 


xz 


yz 


where  r  and  0  are  polar  coordinates  originating  at  the  crack  tip,  and 
where  x  is  the  direction  of  the  crack,  y  is  perpendicular  to  the  crack 
in  the  plane  of  the  plate,  and  z  is  perpendicular  to  the  plate  surface. 


If  the  stresses  around  the  crack  tip  are  calculated  by  means  of  finite- 
element  analysis,  the  stress-intensity  factor  can  be  determined  as 


T.  /27Tr 

Ki _  aij  f,,(0) 


(1.6.30) 


where  i  and  j  are  used  to  represent  various  permutations  of  x  and  y. 


1.6.30 


By  taking  the  stress  calculated  for  an  element  not  too  far  from  the 
crack  tip,  the  stress-intensity  follows  from  a  substitution  of  this 
stress  and  the  r  and  0  of  the  element  into  Equation  1.6.30.  This  can 
be  done  for  any  element  in  the  crack  tip  vicinity. 

Ideally,  the  same  value  of  K  should  result  from  each  substitution;  how¬ 
ever,  the  stress  field  equations  are  only  valid  in  an  area  very  close  to 
the  crack  tip.  Also  at  some  distance  from  the  crack  tip,  nonsingular 
terms  should  be  taken  into  account.  Consequently,  the  calculated  K 
differs  from  the  actual  K.  The  result  can  be  improved  ^y  refining 

the  finite-element  mesh  or  by  plotting  the  calculated  K  as  a  function  of 
the  distance  of  the  element  to  the  crack  tip.  The  resulting  line  should 
be  extrapolated  to  the  crack  tip,  since  the  crack  tip  equations  are  exact 
for  r  =  0.  Usually,  the  element  at  the  crack  tip  should  be  discarded. 
Since  it  is  too  close  to  the  singularity,  the  calculated  stresses  are 
largely  in  error.  As  a  result,  Equation  1.6.30  yields  a  K  value  that 
is  more  in  error  than  those  for  more  remote  elements,  despite  the  neglect 
of  the  nonsingular  terms. 

Instead  of  the  stresses,  one  can  also  use  the  displacements  for  the 
determination  of  K.  In  general,  the  displacements  of  the  crack  edge 
(crack-opening  displacements)  are  employed.  The  Mode  1  and  Mode  2  plane 
strain  displacement  equations  are  given  by 


1.6.31 


and 


2K1(1+V>  .r,%  8  ..  .!», 

U1  -  - 5 -  [^]  cos  2  (1  -  2v  +  sin  f. 


2K1(1+V)  ,rA  .  «„  ,v  2  0. 

V1 - E -  [2J]  Sln  2  <2  "  2V  “  cos  2>  ’ 


(1.6.31) 


and  by 


2K2(1+V)  i  0  20. 

u2  =  - - -  [^]  sin  2  (2  -  2V  +  cos  j)  , 


and 


(1.6.32) 


V2  = 


2K2(1+v) 


[■^1  2  COS  |  (2v  -  1  +  sin1-  -|)  , 


respectively.  The  functions  u  and  v  represent  the  displacements  in  the 
x  and  y  direction,  respectively.  The  crack  tip  polar  coordinates  r  and 
G  are  chosen  to  coincide  with  the  nodal  points  in  the  finite  element 
mesh  where  displacements  are  desired.  Since  the  above  elastic  field 
equations  are  only  valid  in  an  area  near  the  tip  of  the  crack,  the 
application  should  be  restricted  to  that  area. 


1.6. 4. 2  Indirect  Methods 

The  indirect  methods  use  relationships  that 
exist  between  the  stress-intensity  factor  (K)  and  the  elastic-energy 
content  (U)  of  the  cracked  structure.  These  relationships  are  developed 
in  Section  1.9  along  with  a  full  discussion  of  the  strain  energy  release 
rate  (G)  and  compliance  (C) ,  i.e.  the  inverse  stiffness  of  the  system. 

The  stress-intensity  factor  is  related  to  these  parameters  by  the  following 


1.6.32 


K2  =  GE 

2  _  8U  I 

K  3a  •  B 


and 


o 


(1.6.33) 

(1.6.34) 


(1.6.35) 


where  B  is  the  plate  thickness  and  E  is  the  elastic  modulus  E  in  plane 

2 

stress  and  is  E/ (1-V  )  in  plane  strain. 

The  elastic  energy  content  and  the  compliance  of  cracked  structures  are 
obtained  for  a  range  of  crack  sizes  either  by  solving  the  problem  for 
different  crack  sizes  or  by  unzipping  nodes.  Differentiation  with  respect 
to  crack  size  gives  K  from  the  above  equations.  The  advantage  of  the 
elastic-energy  content  and  compliance  methods  is  that  a  fine  mesh  is 
not  necessary,  since  accuracy  of  crack-tip  stresses  is  not  required.  A 
disadvantage  is  that  differentiation  procedures  can  introduce  errors. 

The  strain  energy  release  rate  relationship  (Equation  1.6.33)  was 
derived  based  on  the  use  of  the  crack  tip  stress  field  and  displacement 
equations  to  calculate  the  work  done  by  the  forces  required  to  close  the 
crack  tip.  The  crack  tip  closing  work  can  be  calculated  by  uncoupling 
the  next  nodal  point  in  front  of  the  crack  tip  and  by  calculating  the 
work  done  by  the  nodal  forces  to  close  the  crack  to  its  original  size. 


1.6.33 


The  concept  is  that  if  a  crack  were  to  extend  by  a  small  amount,  Aa,  the 


energy  absorbed  in  the  process  is  equal  to  the  work  required  to  close 
the  crack  to  its  original  length.  The  general  integral  equations  for 
strain  energy  release  rates  for  Modes  1  and  2  deformations  are 

-Aa 


G1  =  Aa^O  f  °y  (Aa  -  r’  0)  v(r’  70  dr’ 


0 


(1.6.36) 


G2  "  Aa 


lim  _J_  rAa 

+  0  2Aa  J 


T  (Aa  -  r,  0)  u(r,  tt)  dr  . 


The  significance  of  this  approach  is  that  it  permits  an  evaluation  of 
both  and  from  the  results  of  a  single  analysis. 


In  finite-element  analysis,  the  displacements  have  a  linear  variation 
over  the  elements  and  the  stiffness  matrix  is  written  in  terms  of  forces 
and  displacements  at  the  element  corners  or  nodes.  Therefore,  to  be 
consistent  with  finite-element  representation,  the  approach  for  evalu¬ 
ating  G ^  and  G2  is  based  on  the  nodal-point  forces  and  displacements. 

An  explanation  of  application  of  this  work-energy  method  is  given  with 
reference  to  Figure  1.6.18.  The  crack  and  surrounding  elements  are  a 
small  segment  from  a  much  larger  finite-element  model  of  a  structure. 

In  terms  of  the  finite-element  representation,  the  amount  of  work  required 
to  close  the  crack,  Aa,  is  one-half  the  product  of  the  forces  at  nodes 

c  and  d  and  the  distance  (v  -  v.)  which  are  required  to  close  these  nodes. 

c  d 

The  expressions  for  strain  energy  release  rates  in  terms  of  nodel-point 
displacements  and  forces  are  (see  Figure  1.6.18  for  notations) 
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C  = 


lim  1  —  , 

Aa  0  2Aa  c  Vc 


V  • 


(1.6.37) 


G  = 


lim  1  „  , 

Aa  ^  0  2Aa  c  ^Uc 


ud)  • 


1.6. 4. 3  Cracked  Element  Methods 

This  approach  involves  the  use  of  a  hybrid- 
cracked  element  which  is  incorporated  into  a  finite-element  structural 
analysis  program.  To  date,  only  two  dimensional  crack  problems  can  be 
solved  with  the  cracked-element  approach.  Elements  have  been  deve- 
loped^"7  that  allow  a  stress  singularity  to  occur  at  the  crack 

tip. 


The  cracked  element  consists  of  boundary  nodal  points  around  the  geome¬ 
trical  boundary  of  the  element.  The  element  is  either  contained  within 
the  complete  finite-element  model  or  is  solved  separately  using  the 
results  of  finite-element  analysis.  In  either  case,  the  crack  surface 
is  simulated  by  unzipping  a  double-noded  line  along  the  line  of  expected 
crack  extension.  This  builds  into  the  structural  model  the  proper 
stiffness  due  to  the  presence  of  the  crack.  The  variation  of  stress- 
intensity  factors  (K^  and  K^)  with  crack  length  is  determined  by  pro¬ 
gressively  unzipping  the  sets  of  coupled  nodes. 


1.6.35 


Studies  have  been  conducted  on  the  variation  of  stress-intensity  factors 
with  cracked-element  size  and  location  (51*52)^  These  results  define 
some  definite  guidelines  in  using  cracked-element  models.  First,  the 
distance  from  the  crack  tip  to  the  cracked-element  nodal  points  should 
be  as  constant  as  possible.  Secondly,  for  long  edge-cracks  or  cracks 
emanating  from  holes,  the  cracked  element  should  only  contain  an  area 
very  near  the  crack  tip. 
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AP 


1.6.37 


Figure  1.6.1.  Edge  Crack  Geometry  Loaded  With  Axial  and  Bending  Loads. 
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Figure  1.6.2. 


Crack  At  Rivet  In  a  Riveted  Skin-Stringer  Panel 
(No  Crack  Buckling) . 
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UNIFORM  TENSION  CONCENTRATED  FORCE 


1.6.39 


Figure  1.6.3.  Superposition  of  Stress  Intensities  for  Uniform  Tension  and  Concentrated  Force. 
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Figure  1.6.4. 


Internally  Pressurized  Center  Crack. 
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1.6.41 


Figure  1.6.6a.  Uniform  Stresses  Along  Dotted  Line  Generated 
by  Remote  Loading. 


Figure  1.6.6b.  Opposing  Stresses  Applied  Along  the  Dotted 
Line. 
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REMOTE  LOADING 
W/O  CRACK 

cr 

1 


REMOTE  LOADING  CRACK  CLOSING  STRESSES 
WITH  CRACK 

<T 

i 


ON  CRACK 


cr 

cr 

4] 

rr 

+ 

41 

Tit 

B  ^ 

D  ^  2a  1 

1  1  f 
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K  =  0 
A 


K  =  0 
B 


K  =  K  4-  K  =  0 
B  D  E 

K  =  -K 
E  D 


Figure  1.6.7.  Illustration  of  Superposition  Principle. 


K4  = 


KB  +  KD 


“b  +  *T)  -  KE;  2ka  -  h  +  *0  :  K - 2 


Figure  1.6.8.  Application  of  Superpostion  Principle. 
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itep  1:  Decompose  loading  so  that  pin  reacts  its  entire  load. 
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Step  2:  Decompose  pin  reactive  loading. 
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Figure  1.6.9.  Stress  Intensity  Factor  for  Pin-Loaded  Hole  (Bearing  By¬ 
pass  Problem)  Obtained  by  Superposition. 


1.4. 3-3 


Inf 1 nl te  Stri p  with  an  Eccentric  Crack  (Isida  [1973]) 


Consider  an  eccentrically  cracked  infinite  strip  subjected 
to  uniform  tensile  stress  a  at  infinity.  The  stress  Intensity 
factors  can  be  written  in  terms  of  the  geometric  parameters 

(6  ”  £• x  ‘  as 

k-j  *  F(6,X)  a/T  (see*note  below) 


Numerical  values  of  the  function  F(6,X)  are  given  in  the 
following  tables  for  various  geometric  parameters. 


*  Damage  Tolerant  Handbook  Users  Note: 

The  Mathematician’s  Definition  of  Stress  Intensity  Factor  is 
Employed,  i.e,  K  =  k  /if  so  that  F(6  ,  X)  does  not  contain  the 
factor  /F  . 

Figure  1.6.10.  Example  Stress-Intensity  Factor  Solution  Taken  from 
Sih  Handbook  (page  1  of  3) . 
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Values  of  F ( 6 , X )  for  Upper  Crack  Tip 
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Figure  1.6.10. 
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Figure  1.6.10. 
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Methods:  Stress  Relaxation  (  Superposi  ti  on  )  (  N  i  s  h  i  tani  ;  c/b* 
1/2,  1  ,  2  and  0.2  <a/b  <  1  ) 

Estimated  by  interpolation  (Tada) 

Accuracy:  Setter  than  2  5 
References:  Mishitani  1973,  Tada  1973 


1.6.11.  Example  Stress-Intensity  Factor  Solution  from  the 
Tada,  et  al.  Handbook. 


1.6.48 


Crack  near  a  stiffener  in  a  sheet:  uniaxial  tensile  stress 


A  sheet  of  thickness  t,  with  a  stiffener  of  area  A  continuously  attached  along  a  line, 
contains  a  crack  of  length  2a  which  is  along  a  line  perpendicular  to  the  stiffener;  the 
centre  of  the  crack  is  a  distance  b  from  the  stiffener.  A  uniform  uniaxial  tensile  stress  a 
is  applied  to  the  sheet,  remote  from  the  crack,  in  a  direction  perpendicular  to  the  crack 
(see  Fig.  126).  To  satisfy  strain  compatibility  between  the  stiffener  and  the  sheet  the 
stress  applied  to  the  stiffener,  remote  from  the  crack,  is  E2<t/Ei.  El  and  E2  are  the 
Young's  moduli  of  the  sheet  and  the  stiffener  respectively.  The  in-plane  bending 
stiffness  of  the  stiffener  is  assumed  to  be  zero.  Greif  and  Sanders4  used  complex  stress 
functions  to  study  this  configuration  and  from  their  work  the  opening  mode  stress 
intensity  factor  can  be  determined,  to  an  accuracy  of  much  better  than  1  %,  as  a 
function  of  an  extensional  stiffness  parameter  A  given  by 


2Eaat 
“  A£* 


(i) 


The  results  for  plane  stress  conditions  with  Poisson’s  ratio  =  1/3  are  shown  as  curves 
of  Ki/K0  vs.  A  in  Fig.  126  for  both  tip  B  (farther  from  the  stiffener")  and  tip  C  (nearer 
the  stiffener).  K0  is  the  stress  intensity  factor  at  both  tips  in  the  absence  (b  -  oo)  of  the 
stiffener  and  is  given  by 

Ko-ovita  .  (2) 


page  no .  195 


Figure  1.6.12.  Example  Stress-Intensity  Factor  Solution  from  the 
Rooke-Cartwright  Handbook  (page  1  of  2) . 


1.6.49 


2.1.3 


Stiffened  sheets 
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Fig.  126  K,  for  t  crack  near  a  stiffener  in  a  sheet  subjected  to  a  uniaxial  tensile  stress 


Figure  1.6.12. 


(page  2  of  2) . 
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Figure  1.6.13  Point  Load  (P)  Applied  to  the  Crack  Faces  for  a 
Central  Crack  Located  in  an  Infinite  Plate. 


Figure  1.6.14  Distributed  Loading  Applied  to  Crack  Faces 
of  the  Central  Crack. 
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Figure  1.6.15  Diametrically  Cracked  Hole  With  Symmetrically 
Located  Point  Focus. 


Figure  1.6.16  Green’s  Function  for  Geometry  and  Loading  Described 
in  Figure  1.6.1r*  (References  38,  41  and  42). 


1.6.52 


BOWIE  (NO  COLD  WORK! 
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Figure  1.6.18  Finite-Element  Nodes  Near  Crack  Tip. 
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1.7  SELECTED  STRESS-INTENSITY  FACTOR  CASES 


This  section  will  present  a  catalog  of  stress-intensity  factor 
solutions  for  relatively  simple  crack  geometries  in  plates.  The  remote 
loading  solutions  are  typically  presented  in  the  form 


K  =  ga/rra 


(1.7.1) 


where  the  coefficient  6  is  expressed  as  a  function  of  geometry.  Other 
solution  forms  also  include 


(1.7.2) 


for  wedge  force  loading.  Some  of  the  cases  considered  can  be  used  to 
develop  more  complex  solutions  through  the  methods  of  superposition  and 
compounding.  Many  of  the  solutions  are  directly  useful  for  obtaining 
approximate  solutions  to  isolate  local  effects. 

1.7.1  Through-Thickness-Internally  Cracked  Type  Geometries 


Table  1.7.1  presents  a  series  of  twelve  solutions  which 


are  primarily  of  the  center  cracked  geometry  configuration.  The  table 
first  presents  the  remotely  loaded  cases  and  then  the  wedge  and  point 
loaded  cases.  Each  geometry  and  loading  condition  in  Table  1.7.1  is 
graphically  defined  and  given  a  case  number,  e.g.  Case  1.7.1.10  is  the 
case  where  the  point  loading  is  applied  off  the  crack  face  along  the 
perpendicular  bisector  of  the  crack. 


1.7.1 


TABLE  1.7.1 


STRESS  INTENSITY  FACTORS  FOR  INTERNALLY  CRACKED 
STRUCTURES  WITH  THROUGH-THICKNESS  CRACKS 

REMOTELY  LOADED  AND 
CENTER  AND  ECCENTRICALLY 

CASE  NO.  CRACKED  GEOMETRIES  STRESS  INTENSITY  FACTOR 


1.7. 1.1 


1.7. 1.2 


1.7. 1.3 


INFINITE  WIDTH 


.  lull 


FINITE  WIDTH 

L  >  3W 


W*  <  W/2(  ECCENTRIC  CRACXINC) 


K  -  o/na 


K 


O [  ira  see 


Hi 15 
W  J 


See  Figurea  1.6.10, 
1.7.1  and  1.7.2, 
References  16-18,  54. 


1.7.2 


TABLE  1.7.1  (Continued) 


CASE  NO. 


WEDGE  LOADED  CENTER 

CRACKED  GEOMETRIES  STRESS-INTENSITY  FACTOR 


1.7. 1.5 


FINITE  WIDTH -LOAD  AT 
CENTER  OF  CRACK 


/rra 


1.7. 1.6 


INFINITE  WIDTH-LOAD  OFFSET 
FROM  CRACK  CENTER 


1.7.3 


TABLE  1.7.1  (Continued) 


WEDGE  AND  POINT  LOADED 
CASE  NO.  CENTER  CRACKED  GEOMETRIES 


STRESS-INTENSITY  FACTOR 


INFINITE  WIDTH-LOAD  PAIRS 
OFFSET  FROM  CENTER 


K 


2(P/B)  | 


1.7. 1.8 


INFINITE  WIDTH,  CRACK 
LOADED  WITH  HORIZONTAL  LOAD 


=  Q 

2/na 


r<  ~  1 

^  K  +  1 


-) 


Where 

K  -  3  -  4v  Plane  Strain 


and  V  =  Poissonfs  ratio 
Reference  55 


1.7. 1.9 


INFINITE  WIDTH-LOADS 
APPLIED  IN  LINE  WITH  CPvACK 


K 


|  =  o  if  b  <  a 
or 

-Q  (k-1)  va 


K  defined  for  case  1.7. 1.8 
Reference  55 


1.7.4 


TABLE  1.7.1  (Concluded) 


1.7.1.10 


INFINITE  WIDTH-LOAD  TO 
CRACK.  ALONG  OF  CRACK 


urn  jt 

2  Y  TT 


(3+v)s2+2a' 

(a2+s 2) 3 '2 


Reference  56 


1.7.1.11 


INFINITE  WIDTH ,  LOAD  TO 
CRACK.  AND  OFFSET  FROM 


K  .  <p/B) 

Y  as2  [  oj2  (aj-v)-4av(a-b)] 

2^7 

(i)  3 

L  Y^UJ  J 

U  -  a2-b2+s2 

v  ■  /(a+b) 2+s2 

U)  -  J (a-b) 2+s2 

Y  *  /?  /u+vw 
1+v 

a  *  ~~2~  Plane  Stress’ 
Reference  17 


1.7.1.12 


INFINITE  WIDTH.  LOAD  TO 
CRACK  SYMMETRICAL  ABOUT 


K  -  P/B  * 

I:  -  0/1 3 

»2.v2 


3+V)  i!  -  (l+v)  I2j 

s2  ±  U2-bV  B2  ±  bV  • 


1 3  *  *  (s2-t-az-b2 ,1  +■  4b2s2 
82  -  %[(»W-b2)  +  I,]  v 

Plane  Strain  Solution 
Reference  56,  57,  17 


1.7.5 


1.7.2  Through-Thickness-Edge  Crack  Type  Geometries 


Table  1.7.2  presents  five  solutions  which  describe 
several  edge  cracked  geometries  subjected  to  remote  and  wedge  type 
loading  conditions.  The  geometrical  configurations  include  both  finite 
and  semi-infinite  configurations.  A  comparison  of  the  three  remotely 
loaded  cases  will  show  the  reader  that  the  solutions  for  the  small  crack 
in  a  finite  width  plate  reduce  to  the  form 

K  -  (1'12)  °LOCAL  (1-7'3) 

1.7.3  Through-Thickness  Cracks  Growing  From  Circular  Holes 

One  of  the  more  important  crack  geometries  for  an  aircraft 

designer1 s  point  of  view  has  received  extensive  study.  One  of  the  first 

studies  was  conducted  by  Bowie  ^0).  ^i±s  resuits  are  presented  in  Figure 

1.7.3  for  the  cases  dealing  with  uniaxial  and  biaxial  remote  loading  of 

radially  and  diametrically  cracked  circular  holes.  The  tabular  results 

in  the  figure  represent  the  values  of  the  3  factors  for  the  various  cases 

as  a  function  of  the  crack  length  (a)  to  radius  (r)  ratio.  Note  that  for 

the  radial  crack  3  =  F^(a/r),  while  for  the  diametrical  crack,  3  =  F^Ca/r). 
{61} 

Tweed  and  Rooke  conducted  a  later  study  that  improved  the  accuracy 

(62) 

of  the  solution  in  the  small  crack  region.  Others,  such  as  Brussat  , 
Newman^  ^  ,  Hall  et  al.^^,  Shah^^  and  Grandt^~^  have  considered  cracked 

circular  hole  problems  associated  with  pin  loading  and  cold-working 
effects.  The  solutions  to  the  geometrical  configurations  and  loading 
conditions  considered  are  summarized  in  Table  1.7.3.  The  text  below 
further  defines  the  solutions  presented  in  this  table. 


1.7.6 


TABLE  1.7.2 


STRESS-INTENSITY  FACTORS  FOR  CRACKS  STARTING 
AT  THE  EDGE  OF  A  STRUCTURE 

REMOTELY  LOADED  AND 

CASE  NO.  EDGE  CRACKED  GEOMETRIES  STRESS-INTENSITY  FACTOR 


1.7. 2.1 


K  -  1.12  o/rra 


1.7. 2. 2 


K  »  o0/rra 

0  -  1.12  -  0.23  (£)  +  10.6  ( 
W 

-  21.7  (^)3  +  30.4  (^)4 

lio.e 

Reference  58 


1.7.7 


Cite 


TABLE  1.7.2  (Continued) 


EDGE  CRACKED  GEOMETRY 

CASE  NO.  AND  LOADING  STRESS-INTENSITY  FACTOR 


1.7. 2. 3 


FINITE-WIDTH  IN  BENDING 


K  _  6(M/B)/^I 

w2 

6  -  1.12  -  1.39  (^)  +  7.32  (£)2 
-  13.1  (^)3  +  1A.0  (^)4; 

W  —  ^ 

Reference  58 


POINT  LOADING  ON  EDGE  CRACK 
IN  SEMI-INFINITE  PLATE 


l+F  (— ) 
a 


P  i^TTa* 


b 


F(^)  -  (1  -(|)l)J^0.2945  -  0.3912  (£)2 
+  0.7685  (V  -  0.9942  (V 

a  a 

+  0.5094  (^)8 


K 


References  59, 

P  r  2 
B  *  y  n(a-b)  * 


16 

[1  +  0.6147(1  -  -) 
a 

+  0.2502(1  -  |)2] 


Reference  20 


1.7.8 


TABLE  1.7.2  (Concluded) 


EDGE  CRACKED  GEOMETRY 
CASE  NO.  AND  LOADING 


STRESS-INTENSITY  FACTOR 


1.7. 2.5 


POINT  LOADING  ON  EDGE  CRACK 
IN  FINITE  WIDTH  PLATE 


K  =  f  -/Sr  U  +  VOW1-!)2! 

Where  a  <  0.5W  and 

m1  -  0.6147  +  17.1844  (|)2  +  8.7822  (g) 6 

m2  -  0.2502  +  3.2899  (|)2  +  70.0444  (^)6 
Reference  43 


1.7.9 


1.7. 3.1  Remotely  Loaded,  Radially  Cracked  Hole 

At  least  three  regression  equations  have  been 

developed  to  describe  the  results  from  the  Bowie  or  Tweed  and  Rooke 

studies  for  the  remotely  and  uniaxially  loaded  hole  with  a  radial  crack. 

These  results  are  presented  below  in  the  format  of  Table  1.7.3,  Case 

(45) 


1. 7.3.1.  Grandt's  approximation 

0.8734 


of  the  Bowie  solution  is  given  by 


Vf>  - 


(0.3246  +  -) 
r 


+  0.6762 


Newman's  approximation 


(63) 


of  the  Bowie  solution  is  given  by 


Fl(r)  =  °'707  ”  °-18A  +  6-55a2  -  10.54A3  +  6.85A4 


where 


(1.7.4) 


(1.7.5a) 


A  = 


1  +  <?> 


(1.7.5b) 


Brussat's  approximation which  agrees  with  the  Tweed  and  Rooke  solu¬ 
tion  to  within  one  percent  is  given  by 

(1.7.6) 


F  (— )  =  exp  (1.2133  -  2.205  (  *  )  +  0.6451  (-  *■  )2) 

1  r  r  a  +  r  a  +  r 


These  three  6  factors  are  compared  to  the  corresponding  Bowie  factor  in 
Table  1.7.3A.  It  can  be  noted  that  all  the  results  presented  are  close 
to  one  another  (Equations  1.7.4  and  1.7.6  differ  by  less  than  two  percent 
over  the  (a/r)  range  from  0.1  to  10). 


1.7.10 


1. 7.3.2  Remotely  Loaded,  Diametrically  Cracked  Hole 

Two  regression  equations  have  been  developed  to 
describe  the  Bowie  solution  for  the  remotely  and  axially  loaded  hole  with 
diametric  type  cracks.  These  results  are  presented  below  in  the  format 
of  Table  1.7.3,  Case  1.7. 3.2. 


(45) 

GrandtTs  approximation  of  the  Bowie  solution  is  given  by 

0.6866 


F2<f>  = 


+  0.9439 


(1.7.7) 


(0.2772  +  -) 
r 


and  Newman's  approximation  of  the  same  solution  is  given  by 


F„ (— )  =  1  -  0.15A  +  3.46A2  -  4.47A3  +  3.52A4 
2  r 


(1.7.8a) 


where 


X  = 


1  +  (f ) 


(1.7.8b) 


These  two  solutions  are  compared  to  the  corresponding  Bowie  factor  in 
Table  1.7.3B.  Again  the  results  are  noted  to  be  close  to  one  another. 
1.7. 3. 3  Pin  Loaded  Holes 


For  cracks  at  pin  loaded  holes,  Hall  et  al. 


(64) 


(65)  (63)  (62) 

Shah  ,  Newman  ,  and  Brussat  have  provided  several  solutions 

that  describe  the  impact  of  the  localized  load  on  the  stress  intensity 
factor  as  the  crack(s)  grow  from  the  edge  of  the  hole.  The  fully  loaded 
hole  with  a  radial  crack  type  as  described  by  Case  1.7. 3. 3  was  analyzed  by 

/  r  o  \ 

Brussat''  .  The  results  are  presented  in  Table  1.7.3. 


1.7.11 


For  the  radially  cracked,  pin  loaded  hole  with  a  balancing  remote  stress 
(Case  1.7. 3. 4),  Shah  provided  a  solution  for  an  infinitely  wide  structure; 
his  results  are  presented  in  the  form  of  bearing  stress  (load  -r  thickness 
and  hole  diameter),  i.e.. 


K  2rB  vTa  ' PR^r^ 


(1.7.9) 


where  Q  is  given  in  Figure  1.7.4.  Newman  utilized  the  method  of  super- 
r  K 

position  approach  described  in  paragraph  1.6.2  as  applied  to  the  problem 
in  Figure  1.6.9,  and  obtained  a  solution  for  the  finite  width  plate: 


K  =  -z—  /rra . f  .F-.f-.G- 
2rB  w  1  h  1 


(1.7.10) 


where  F^  was  given  by  Equation  1.7.5,  where 


r  /  ,  tt  2r+aN 

fw  =  7sec( 2  •  W  ’ 


(1.7.11a) 


■ 


TFT 

W 


,  and 


(1.7.11b) 


Gi  =  TT  +  “ 
1  W  TT 


r  + 


JtS 


(1.7.11c) 


and  where  through  comparison  with  Equations  1.7.9  and  1.7.10  3^  is  found 

r  K 

to  be 


^PR  fw*Fl,fh,Gl 


(1.7.12) 


1.7.12 


For  the  case  of  a  wide  plate  (W  ->  °°)  ,  and  are  approximately  1.0 
and  is  then 

rR  r  — 


bpr  fi 


(1.7.13) 


Using  Brussat's  results  given  for  Case  1.7.3. 2  and  the  method  of  super¬ 
position,  an  alternate  stress-intensity  factor  solution  for  the  radially 
cracked  hole  with  pin  loading  can  be  derived  for  the  wide  plate.  The 


resulting  &  is  given  by 
rR 


PR 


Tv'aCr  +  “) 


1+- 
r 


a  F1^2 


(1.7.14) 


where  is  given  by  Equation  1.7.6  and  4^  is  given  by 
4>2  =  exp  (0.15((-~^)2  -  1)) 


(1.7.15) 


The  $  factors  from  Figure  1.7.4  and  from  Equations  1.7.13  and  1.7.14 
are  compared  in  Table  1.7.3C.  It  appears  that  the  Newman  method  of 
superposition  and  the  Shah  results  are  similar  for  short  cracks  and  that 
both  method  of  superposition  type  solutions  underestimate  the  Shah 
results  for  long  cracks. 


For  the  pin  loaded  holes  that  are  diametrically  cracked  (Case  1. 7.3.5) 
there  are  two  known  solutions.  The  Shah  numerical  solution  is  presented 
in  the  form  of  the  bearing  stress  (load  *  thickness  and  diameter),  i.e.. 


K  =  2^B  ^ 


(1.7.16) 


1.7.13 


where  3pD  (— )  is  given  in  Figure  1.7.5.  The  Newman  solution  based  on 
the  method  of  superposition  is 


K  -25^  [wvy 


(1.7.17) 


where  was  given  by  Equation  1.7.8,  where 

+  aN 


e„  ■ 

Eh  ■  / 


W 


sec  -77-  ,  and 

w 


g  =  h  +  ~ 

2  W  TT 


1  +  -  J 
r 


(1.7.18a) 

(1.7.18b) 

(1.7.18c) 


and  where  comparison  between  Equations  1.7.16  and  1.7.17  shows  that 


BDn  =  f  . F  . f  .G 
PD  w  2  h  2 


(1.7.19) 


For  the  case  of  the  wide  plate  (W  ->  «)  ,  the  Nevrman  solution  is  seen  to 
reduce  to 


BpD  '  F2<"  (ih)’ 

r 


(1.7.20) 


The  6  factors  given  in  Figure  1.7.5  and  by  Equation  1.7.20  are  compared 
in  Table  1.7. 3D.  The  two  factors  are  reasonably  close  for  small  crack 
lengths;  the  Newman  solution  underestimates  the  Shah  solution  for  long 
crack  lengths. 


1.7.14 


TABLE  1.7.3 


STRESS-INTENSITY  FACTORS  FOR  CIRCULAR  HOLES 
WITH  THROUGH-THICKNESS  HOLES 

CASE  NO.  GEOMETRY  AND  LOADING  STRESS-INTENSITY  FACTOR 


1.7. 3.1 


O" 

iJljJU 

r  *"  i  i 


rrrri 


REMOTE  LOADING 
RADIAL  CRACK 


K  -  o/i raS 
where 

B  *  F^  (^)  as  defined  by  Equations  1.7. A, 
1.7.5,  or  1.7.6  which  are  compared  in  Table 
1.7.3A  to  the  Bowie  (^) 


K  -  o/rraS 

where 

B  ■  F2  (~)  as  defined  by 
Equations  1.7.7  or  1.7.8 
which  are  compared  in  Table 
1.7.3B  to  the  Bowie  F2  (~) 


REMOTE  LOADING 
DIAMETRICAL  CRACK 


where  F^  (^)  is  given  by  Equation  1.7.6 
and 

<P2  -  exp  (0. 15((^p)  2-l) ) 

and  B  -  thickness 
Reference  62 


PRESSURE  LOADING  TO 
GIVE  LOAD  P,  RADIAL 
CRACK 


1.7.15 


TABLE  1.7.3  (Concluded) 


CASE  NO.  GEOMETRY  AND  LOADING 


STRESS-INTENSITY  FACTOR 


1.7. 3. 4 


i  i  f  f  r 


where 


6  *  Bod  (“)  as  defined  by 
r  K  r 

Figure  1.7.4,  Equation  1.7.12,  or 
Equation  1.7.14,  which  are  compared 
in  Table  1.7.3C  for  W  -►  ». 


PIN  LOADING 
RADIAL  CRACK 


1.7. 3. 5 


where 


B  *  BpD  (~)  as  defined  by 
Figure  1.7.5  or  Equation  1.7.19 
which  are  compared  in  Table 
1. 7. 3D  for  W  oo. 


PIN  LOADING 
DIAMETRICAL  CRACK 


1.7.16 


TABLE  1.7.3A 


COMPARISON  OF  6  FACTORS  FOR  THROUGH-THICKNESS, 
RADIALLY  CRACKED  AND  REMOTELY  LOADED  HOLE  CRACKS 


a 

r 

^BOWIE 

^ GRAND! 

^BRUSSAT 

^NEWMAN 

0.0 

3.39 

3.367 

3.365 

3.387 

0.1 

2.73 

2.733 

2.768 

2.716 

0.2 

2.30 

2.341 

2.372 

2.310 

0.3 

2.04 

2.074 

2.093 

2.045 

0.4 

1.86 

1.882 

1.889 

1.862 

0.5 

1.73 

1.735 

1.733 

1.728 

0.6 

1.64 

1.621 

1.611 

1.625 

0.8 

1.47 

1.453 

1.434 

1.474 

1.0 

1.37 

1.336 

1.313 

1.365 

1.5 

1.18 

1.155 

1.130 

1.1838 

2.0 

1.06 

1.052 

1.030 

1.069 

3.0 

0.94 

0.939 

0.925 

0.933 

5.0 

0.81 

0.840 

0.838 

0.815 

10.0 

0.75 

0.761 

0.772 

0.737 

oo 

0.707 

0.6762 

0.707 

0.707 

TABLE  1 

.  7. 3B 

COMPARISON 

OF  6 

FACTORS 

FOR  THROUGH- 

-THICKNESS 

DIAMETRICALLY  CRACKED  AND  REMOTELY  LOADED  HOLE  CRACKS 


a 

r 

3bowie 

^GRANDT 

^NEWMAN 

0.0 

3.39 

3.421 

3.36 

0.1 

2.73 

2.764 

2.769 

0.2 

2.41 

2.383 

2.389 

0.3 

2.15 

2.133 

2.130 

0.4 

1.96 

1.958 

1.945 

0.5 

1.83 

1.827 

1.809 

0.6 

1.71 

1.727 

1.704 

0.8 

1.58 

1.581 

1.553 

1.0 

1.45 

1.481 

1.451 

1.5 

1.29 

1.330 

1.298 

2.0 

1.21 

1.245 

1.212 

3.0 

1.14 

1.153 

1.123 

5.0 

1.07 

1.074 

1.053 

10.0 

1.03 

1.011 

1.012 

00 

1.00 

0.9439 

1.00 
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TABLE  1.7.3C 


RADIALLY  CRACKED-PIN  LOADED  HOLE  (W=°°) 


KI  " 

0b/iTa  3pR(r) 

a 

r 

6pr(7> 

SHAH 

wf> 

NEWMAN 

^prV 

BRUSSAT 

0 

>1 

1.078 

CO 

0.25 

0.58 

0.547 

1.032 

0.50 

0.43 

0.359 

0.498 

0.75 

0.34 

0.264 

0.309 

1.00 

0.28 

0.205 

0.216 

2.00 

0.17 

0.098 

0.087 

4.00 

0.11 

0.041 

0.034 

TABLE  1.7. 

3D 

DIAMETRICALLY 

CRACKED -PIN 

LOADED  HOLE  (W‘ 

KT  =  a. /fra  8 

I  b 

PD  V 

B  (-) 

&  (-) 

a 

PR  r 

PR  r 

r 

SHAH 

NEWMAN 

0 

>1 

1.069 

0.25 

0.58 

0.573 

0.50 

0.45 

0.384 

0.75 

0.38 

0.288 

1.00 

0.33 

0.231 

2.00 

0.22 

0.128 

4.00 

0.15 

0.069 
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1.7.4  Internal  Flaws 


The  development  of  stress-intensity  factors  for  surface 


flaw  geometries  followed  the  generation  of  the  solutions  for  three 
dimensional  structures  containing  internal  cracks.  For  background, 
continuity,  and  potential  application,  the  two  more  important  cases  are 
covered.  Since  the  ’’penny  shaped”  or  circular  crack  solution  can  be 
derived  from  the  elliptical  crack  case,  only  the  details  of  the  elliptical 
crack  solution  are  presented.  The  two  cases  and  their  results  are 
summarized  in  Table  1.7.4. 
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Irwin  derived  an  exact  expression  for  the  Mode  1  stress-intensity 
factor  around  an  elliptical  crack  in  an  infinite  elastic  solid  subjected 
to  uniform  tension  (see  Figure  1.7.6  for  geometry  and  loading).  The 
stress-intensity  factor  at  any  point  (say  P)  along  the  boundary  of  the 
elliptical  crack  was  given  by 


„  o/t ra  ,  ,ax2  2 a  .  ,  2QA 

K  =  — t —  ((— )  cos  0  +  sin  0) 
c 


(1.7.21) 


where  $  is  the  complete  elliptical  integral  of  the  second  kind  and  is 
given  by 


(1.7.22) 


o 


Note  from  Figure  1.7.6  that  the  angle  0  locates  the  coordinates  of  the 


point  P.  Rawe^^  and  Newman  have  developed  some  very  useful 


empirical  expressions  for  these  are 


1.7.19 


(1.7.23) 


*2  = 


1.  +  1.464 

.a.  1 . 65 

_  a 
for  — 

or 

c' 

c 

1.  +  1.464 

,c. 1.65 
va; 

for  - 

c 

$2  for  all 

values 

of  a/ ( 

For  c  >  a,  the  maximum  stress-intensity  factor  is  at  0  =  u/2  is  given  by 

a/ fra 


K  = 


$ 


(1.7.24) 


Later  modifications  to  Equation  1.7.21  included  the  development  of  a 
plasticity  correction  factor  which  became  combined  with  the  elliptical 
integral  $.  For  this  reason,  the  combined  plasticity/elliptical  integral 
factor  became  known  as  the  ,!flaw  shape"  factor  and  was  given  the  symbol 
Q.  The  flaw  shape  factor  is  defined  by 


Q  =  <i>2  -  0.212 (a/a  )2 

ys 

Figure  1.7.7  presents  Q  as  a  function  of  a/2c  and  o/o 


ys 


(1.7.25) 
Typically  then, 


one  finds  the  stress-intensity  factor  for  an  embedded  elliptical  flaw 
expressed  as 


K  =  a  .  [  (— )2  cos20  +  sin20]  *  (1.7.26) 

*  Q  c 

1.7.5  Part-Through  Cracks 

In  practice,  cracks  usually  start  as  semielliptical 
surface  flaws  or  as  quarter-elliptical  surface  flaws.  Therefore,  stress- 
intensity  solutions  are  required  to  deal  with  such  flaw  geometries 
because  the  damage  assumptions  in  MIL-A-83444  concern  elliptical  flaws. 
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TABLE  1.7.4 

STRESS-INTENSITY  FACTORS  FOR  EMBEDDED  CRACKS 

CASE  NO.  GEOMETRY  STRESS-INTENSITY  FACTOR 


Uniformly  Loaded  Elliptically  Shaped  Crack 


K 


o/rra 

$ 


[(~)^cos^0  +  sin^S]*4 
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Elliptical  flaws,  corner  flaws,  and  part-through  flaws  at  stress  concentra¬ 
tion  sites  are  difficult  to  analyze  because  the  stress  problem  is  three- 
dimensional  in  nature.  The  stress-intensity  factor  solutions  presented 
are  approximate  solutions.  Different  solutions  of  the  same  problems  may 
show  significantly  different  results. 

Almost  all  stress-intensity  factor  solutions  for  part-through  cracks, 
whether  surface  flaws  or  corner  flaws  are  based  (or  compared)  on  Irwin’s 
solution  1  for  a  flat  elliptical  flaw  in  a  plate  in  tension  (see 
Figure  1.7.8  for  geometry  and  loading).  The  solution  for  the  stress- 
intensity  factor  at  any  point  P  on  the  crack  boundary  is  given  by 

K  =  1.  lo/rra/Q  .  ((^)2cos20  sin2*?)1**  (1.7.27) 

where  Q  is  given  by  Equation  1.7.25  and  the  factor,  1.1,  is  an  assumed 
correction  for  the  front-free  surface.  Irwin’s  derivation  assumes  that 
the  major  axis  of  the  ellipse  lies  along  the  free  surface  which  requires 
—  <.  1.  It  is  obvious  from  Equation  1.7.27  that  a  semi-circular  surface 
flaw  (—  *  1)  has  a  constant  stress-intensity  factor  around  the  crack 
front.  The  maximum  stress  intensity  occurs  at  the  end  of  the  minor 
axis  (0  =  90°)  and  the  minimum  occurs  at  the  end  of  the  major  axis 
(0  =  0°).  Strictly  speaking  the  equation  is  invalid  due  to  localized 
edge  effects  at  0=0°.  Equation  1.7.27  will  form  the  basis  for 
presenting  a  number  of  the  part-through  crack  stress-intensity  factors. 
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It  is  also  possible  to  derive  a  3  such  that  Equation  1.7.27  may  be 
written  in  the  form  of  Equation  1.7.1.  It  is  more  common,  however,  to 
use  the  form 


(1.7.28) 


where  >£  are  various  correction  factors  for  geometry  and  loadings. 

These  correction  factors  typically  multiply  in  the  same  manner  as  the 
3  factors.  Table  1.7.5  provides  some  useful  stress  intensity  factor 
cases . 

1.7.6  Corner  Cracks  At  The  Edge  of  a  Plate 

A  corner  crack  can  be  considered  as  a  quarter-elliptical 
crack  and  its  stress  intensity  can  be  described  using  an  equation  some¬ 
what  similar  to  Equation  1.7.28.  A  number  of  investigators  have 
considered  the  case  where  the  crack  is  quarter  circular  in  shape, 
i.e.,  a  =  c  (see  References  72  through  76).  The  results  from  several 
solutions  are  compared  in  Figure  1.7.11  as  a  function  of  the  angle  5. 

As  can  be  seen  from  the  available  solutions,  the  maximum  stress 

(72) 

intensity  factor  occurs  at  the  free  edges.  Newman  and  Rajus* 
solution  for  the  more  general  case  of  a  quarter  elliptical  crack 
geometry  is  given  in  Table  1.7.6  by 


(1.7.29) 


K  = 


The  authors  developed  the  solution  from  finite  element  results  that 
considered  the  ranges  0.2  £  a/c  £  2,  a/B  <  1,  and  0  £  r  <_  90°  for 
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TABLE  1.7.5 


STRESS-INTENSITY  FACTOR  SOLUTIONS  FOR  SURFACE 
(SEMI-ELLIPTICAL)  CRACK  GEOMETRIES 

CASE  NO.  GEOMETRY  STRESS-INTENSITY  FACTOR 


Cross-Section 


Side  View 
&  Loading 

t  !  I 


1.7.5. 1 


SEMI-ELLIPTICAL  CRACK  IN  SEMI¬ 
INFINITE  PLATE 


-  ,i,JT 


See  Table  1 . 7 ,5A  for 
cases  of  different 
a/ 2c  ratios. 


I'M  FORM 
I'M  AXIAL 
TENSION 


1.7. 5. 2 


HH  v 


-FRONT  FACE 


SEMI-EL L IP riCAL  CRACK  IN  FINITE 
THICKNESS  PLATE 


where  the  front  face 
correction  is 

“f-  l-0+0'12  (l  -f,)2 

Reference  69,  and  the  back 
face  correction  is 
presented  in  Table  1.7.5B 

References  70,  71 


UNIFORM 

UNIAXIAL 

TENSION 


TABLE  1.7.5  (Concluded) 


CASE  NO. 


GEOMETRY 


STRESS-INTENSITY  FACTOR 


Cross-Section 


SEMI-ELLIPTICAL  CRACK  IN  FINITE 
THICKNESS  &  FINITE  WIDTH  PLATE 


Side  View 
&  Loading 


UNIFORM 

UNIAXIAL 

TENSION 


K  -  "V-e 


-a  -If 

where  Mj.  and  are  as 
defined  in  Case  1.7. 5. 2 


and 


«w 


is 


«W _ 

'  Vsec  ^ " 

W 


Also  see  Table  1.7.5C 


Reference  72 


1.7. 5. 4 


THICKNESS  PLATE  (W  >  20c) 


Ctwcfl 


UNIFORM 

BENDING 

STRESS 


ka  "  at(q~  •  ^bo 
Kc  "  aB if  •  ^B90 

where 

an  MB  6M 

B  "  n  ’  W 

is  presented  in 

Figure  1.7.9,  and  MB9Q 

is  presented  in 

Figure  1.7.10. 

M_.  and  .  ,  , 

BO  B90  include 

the  effect  of  thickness 
Reference  64 
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TABLE  1.7.5B 


BACK 

SURFACE 

CORRECTION 

(70, 

FACTOR 

71) 

a/2c 

a/B 

0.05 

0.10 

0.20 

0.30 

0.40 

0.50 

0.0 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

0.1 

1.01 

1.01 

1.01 

1.01 

1.01 

1.00 

0.2 

1.03 

1.03 

1.02 

1.02 

1.01 

1.00 

0.3 

1.06 

1.06 

1.04 

1.03 

1.02 

1.00 

0.4 

1.12 

1.12 

1.08 

1.05 

1.02 

1.00 

0.5 

1.22 

1.18 

1.14 

1.08 

1.03 

1.01 

0.6 

1.34 

1.30 

1.22 

1.13 

1.06 

1.01 

0.7 

1.48 

1.42 

1.31 

1.20 

1.08 

1.02 

0.8 

1.64 

1.57 

1.41 

1.26 

1.13 

1.04 

0.9 

1.77 

1.68 

1.50 

1.32 

1.18 

1.08 

1.0 

1.84 

1.75 

1.59 

1.38 

1.22 

1.10 
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TABLE  1.7.5C 


NEWMAN  AND  RAJU 


(72) 


SOLUTION  (1981)  FOR  SURFACE  FLAW  CASE  1.7. 5. 3 


_  QVTTa  a  a  c 

KI  '  $  Fs  (7’  B’  W*  9) 


valid  within  the  ranges  of: 


0  <  -  <  2,  ^  i  0  <  0  <  TT,  and 

c  —  w  4  “  — 


f  <.  1.25  (-  +  0.6)  for  0  <  -  <  0.2 
B  e  c 


for  0.2  <  -  <  oo 
—  c 


£  is  defined  by  Equation  1.7.23  and 


t-i  /  a  a  c  ^  \ 
Fs(c’  B’  W’  c) 


where  f 


of  -  below 
c 


1  +  M2^B^  +  M3^B^  ]  -8-f({,-fw 

/  TIC  /"s' 

=  ./sec  (*^T  y¥)  and  the  other  factors  are  defined  as  a  function 


for  a/c  £  1 

for  a/c  >  1 

M1 

1.13  -  0.09  (-) 
c 

/fa  +  °-°4 1 5 

M2 

-0.54  +  — - 

(0.2  +  -) 
c 

0 . 2  (— ) 4 
a 

M3 

0.5 - - -  +  14(1  -  -)2A 

0.65  +  -  C 

c 

-o.ll(-)4 

a 

g 

1  +  [o.l  +  0.35(|)2](1  -  Sin6)2 

1  +  [o.l  +  0.35(|)  (f)2](l  -  sino) 2 

f4> 

[,a,2  2q  .  .  2Qlk 

|(— )  cos  0  4-  sm  0J 

[(•|)2  sin20  +  cos2©]54 
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c/B  <  0.2.  The  function  F  was  chosen  as 

c 


Fc  =  [M1  +  M2  (|)2  +  M3  (|)4]  &1  g2  fe  (1.7.30) 


The  parameters  M  ,  M0 ,  M  ,  g  ,  g  ,  and  f  are  presented  in  Table  1.7.6A 
i  Z  j  1  Z  D 

for  a/c  <  1  and  a/c  >  1. 


1.7. 7  Corner  Cracks  at  the  Edge  of  a  Hole 

The  military  specifications  require  that  a  designer  shall 
assume  that  a  quarter-circular  crack  exists  at  the  edge  of  all  holes  in 
a  safety-of-f light  critical  structure.  For  primary  damage  sites,  the 
crack  size  is  0.050  inch  (for  safe  crack  growth  structure),  while  for 
secondary  damage  sites,  the  crack  size  is  0.005  inch.  As  a  result  of 
this  fundamental  assumption,  a  great  deal  of  attention  has  been  given 
to  developing  solutions  for  corner  cracks  at  the  edge  of  a  hole. 


1. 7.7.1  Radial  Corner  Cracks 

One  of  the  simplest  solutions  for  the  corner 
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crack  problem  described  by  Figure  1.7.12  was  developed  by  Liu  ; 
he  derived  his  equation  "based  on  a  compounding  analysis  of  a  quarter- 
cricular  crack,  i.e.,  a  -  c 


9  a 

K  =  1.12  x  —  /iri  •  f_  (— )  (1.7.31) 

tt  or 

where  a^  =  a//2,  and  f  (—)  was  given  by  Equation  1.7.4.  Hall  and 
Finger  derived  an  empirical  expression  based  on  an  analysis  of 
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TABLE  1.7.6 


QUARTER-ELLIPTICAL  STRESS-INTENSITY  FACTOR 
SOLUTIONS  SUBJECTED  TO  TENSILE  LOADING 


CASE  NO. 


GEOMETRY 


SOLUTION 


1. 7.6.1 


y 


1 

1 

-J- 

1  | 

O  |(» 

1  A 

*— 

^  x 

H  1 

to  n 

cos 

sin 

K  -  2^  . 

p  $ 


F 

c 


where  Fc  is  given 
by  Equation 

1.7.30  and 
Table  1.7.6A. 


1.7.6. 2 


y 


a 

c 


> 


1 


c  cos  6 
a  sin  3 


K 

P 


g/rra 

4> 


F 

c 


where  Fc  is  given 
by  Equation 

1 . 7 . 30  and 
Table  1.7.6A. 
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TABLE  1.7.6A 


PARAMETERS  OF  QUARTER-ELLIPTICAL  STRESS-INTENSITY 
FACTOR  SOLUTION  PRESENTED 


F 

c 


M  +  M  (— )  ^  +  M  (— 
1  3^B; 


S1  *  s2  * f  4> 
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residual  strength  data  collected  using  quarter-circular  cracked  hole 
specimens : 

a* 

K  =  0.87  a /Ha*  •  (1.7.32) 

e  b  d 

In  Equation  1.7.32,  a*  represents  an  effective  crack  size  that  can  be 

e 

found  from  the  empircial  curves  given  in  Figure  1.7.13, 

Additional  work  on  the  quarter  elliptical  radial  (corner)  crack  has 
been  conducted  by  a  number  of  other  investigators:  Hall  et  al.^^\ 
Shah^^  ,  Hsu  and  Liu^^  ,  Hsu  and  Rudd^"^  ,  Smith  and  Kullgren^^  # 
Fujimoto^^,  Rudd  et  al.  Newman  and  Raju^^  ,  and  Grandt  and 

Kullgren^  *  .  Because  none  of  the  results  are  exact  and  the 

solutions  give  stress  intensity  factors  within  10  percent  of  each 
other,  the  Newman  and  Raju  solution  will  be  presented  since  it  is  the 
easiest  to  develop  (see  Table  1.7.7).  Results  developed  by  Fujimoto^^ 
who  used  the  slice  synthesis  model  to  obtain  solutions  for  radial 
corner  and  embedded  bore  type  cracks  are  presented  in  Chapter  4  (see 
Example  4.3.2). 

1.7. 7.2  Diametrical  Corner  Cracks 

A  number  of  investigators  have  given  attention 

to  the  crack  problem  where  a  hole  contains  corner  cracks  on  diametrically 

opposite  sides  of  the  hole.  These  investigators  include  Hall  et  al.^^, 

Shah^^  ,  Grandt  and  Kullgren^^ * ,  Rudd  et  al.  and  Newman  and 
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Raju  .  Because,  like  the  radial  hole  crack  solutions,  there  is  no 


1.7.32 
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exact  solution,  only  Newman  and  Rajus’  solution  will  be  presented. 

(See  Table  1.7.7.)  Some  observations  by  Shah  and  coworkers  and  by 
Rudd  et  al.  are  also  worth  mentioning. 


Shah  specifically  noted  that  one  could  derive  the  stress-intensity 
factor  for  diametrically  corner  cracked  holes  using  an  approach  that 
employed  (1)  a  Green’s  Function  based  on  a  through-thickness,  wedge 
force  loading  of  a  center-cracked  geometry  and  (2)  correction  factors 
associated  with  solutions  for  semi-elliptical  crack  geometries.  The 
Green’s  Function  technique  was  utilized  to  evaluate  the  influence  of 
various  loading  conditions  through  the  analysis  of  the  stresses 
associated  with  the  individual  loadings  applied  to  the  uncracked 
structure.  Through  his  analysis,  Shah  determined  that  the  results 
obtained  from  the  Green’s  Function  technique  could  be  applied  indepen¬ 
dent  of  the  semi-elliptical  crack  geometry,  i.e.,  the  a/c  ratio.  The 
implication  of  Shah’s  work  is  that  the  stress-intensity  factor  (K^q)  f°r 
the  diametrical  corner  crack  can  be  given  by: 


, -  z  o  2  2  1/4 

K^cc  =  F^  *  o/ira/Q  tcos  g  +  (“)  sin  g]  if  a/c  <  1.0 


(1.7.33) 


*S)CC  =  ^5  *  cos"  g]1/4  if  a/c  >  1.0 


cN  2  2  ,1/4  . 


where  F^  is  the  function  that  describes  the  effects  of  hole  geometry, 
crack  length,  and  loading  conditions,  but  not  crack  geometry,  i.e.,  not 
a/c.  Shah’s  assumption  facilitates  the  development  of  additional 
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stress-intensity  factors  for  corner  crack  geometries.  The  method  of 
approach  is  to  use  a  known  corner  crack  solution  (say  K*^)  with  its 
associated  through-thickness  crack  solution  (say  Kg)  and  a  through  thick¬ 
ness  crack  solution  for  any  other  loading  (say  Kot^er)  to  generate  the 
corner  crack  solution  for  this  type  of  loading: 


See  Kother  K*  ^1'7' 

Rudd  et,  al.  used  a  similar  approach  to  that  taken  by  Shah;  they 
utilized  a  more  accurate  Green* s  Function  which  accounted  for  the  hole 
geometry . 


The  other  important  observation  that  Shah  and  coworkers  made  is 
related  to  generating  stress-intensity  factor  solutions  for  radial 
crack  geometries  from  solutions  for  diametrical  crack  geometries.  The 
expression  for  relating  these  two  hole  crack  geometry  solutions  for 
a  hole  with  radius  r  is: 


K 


one 

crack 


2r  +  a 
2r  +  2a 


two 

cracks 


(1.7.35) 


When  the  comparison  was  based  on  the  Bowie  solutions  to  the  hole  problems, 
Equation  1.7.35  was  shown  to  produce  estimates  that  were  within  2  percent 
for  0.05  <  a/r  £  °°. 


1.7.34 


TABLE  1.7.7 


STRESS-INTENSITY  FACTORS  FOR 
CORNER  CRACKS  AT  HOLES 


CASE  NO. 


CRACK  GEOMETRY 
AND  LOADING 


STRESS-INTENSITY 

FACTOR 


SEE  TABLE  1.1.1k 


RADIALLY  CORNER  CRACKED 
HOLE  UNDER  UNIFORM  REMOTE 
LOADING 


SEE  TABLE  1.7.7B 


DIAMETRICALLY  CORNER  CRACKED 
HOLE  UNDER  UNIFORM  REMOTE 
LOADING 


1.7.35 


TABLE  1.7.7A 


NEWMAN  AND  RAJU  SOLUTION  FOR 
RADIAL  CORNER  CRACK 
(Reference  72) 


g/  TTC 

4> 


[Ml  +  m2(|)2  +  M3(f)4]  g3 


g2  •  83  • 


f 

C 


for  0.2  £  c/a  <  2,  c/B  <  1,  0.5  <  r/B  £  1, 
and  0  <  0  <90° 


2(r  +  a)/W  <  0.5 
[W  -  2b] 


f 

c 


trac 

2Br 


uac 

Br 


W 


[sec  (^) 


sec  ( 


ir(2r  +  a) 


4  (0.5  W  -  a)  +  2a 


|/1>] 


1/2 


Parameter 

M1 

M„ 


M. 


c/a  £  1 


1.13  -  0.09  (-) 
a 


-0.54  + 


0.89 


(0.2  +  c/a 


0.5  "  TTTrT — 7“  +  14^1  ~ 

0.65  +  c/a  a 


c/a  >  1 

fit  (1  +  0.04  f) 

0.2  (f)4 

-0.11  (-)4 
c 
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TABLE  1.7.7A  (Concluded) 


1.7.37 


NEWMAN  AND  RAJU  SOLUTION  FOR 
DIAMETRICAL  CORNER  CRACKS 


1.7.38 


1.7.8 


Semi-Elliptical  Surface  Crack  at  a  Hole 


The  Newman  and  Raju 


(72) 


solution  for  two  symmetrical, 


semi-elliptical,  surface  cracks  in  the  barrel  of  an  open  hole  in  a 
finite  plate  is  presented  in  Table  1.7.8  for  the  case  of  uniform  remote 
tensile  loading.  The  solution  can  be  used  in  conjunction  with  Equation 
1.7.35  to  create  solutions  for  radial  semi-elliptical  surface  crack  type 
geometries  and  with  Equation  1.7.34  to  generate  solutions  for  alternate 
types  of  loadings. 


1.7.9  Lug  Crack  Geometries 


In  the  recent  past,  an  increasing  amount  of  attention  has 
been  given  to  the  damage  tolerance  design  of  lug  type  geometries.  Several 


(35,84-88) 


have  reported  stress-intensity  factor  solutions 


investigations 


(88) 


for  thru  and  corner  crack  geometries  in  straight  lugs.  Hsu  and  Brussat 
have  devoted  particular  attention  to  tapered  lug  geometries.  Only  those 
cases  where  (1)  the  loads  are  applied  axially  with  respect  to  the  lug  shaft 
and  (2)  the  cracks  propagate  perpendicular  to  the  axis  of  the  shaft  are 
considered  here.  Off-axis  loading  complicates  the  analysis  substantially 
since  the  direction  of  cracking  is  not  always  perpendicular  to  the  loading 
direction.  Table  1.7.9  presents  the  solutions  for  available  lug  type 
geometries.  Note  that  Case  1.7. 9. 3  presents  solutions  for  corner  crack 
geometries  that  are  controlled  to  grow  at  a  crack  depth  (c)  to  crack  length 
(a)  ratio  of  1.33.  Also  note  that  the  Green’s  Functions  are  presented  in 
Case  1. 7.9.4  for  the  radial  crack  growing  perpendicular  to  the  axis  of  the 
lug  shaft. 


1.7.39 


SEMI-ELLIPTICAL  SURFACE  CRACKS 
AT  A  HOLE 


1.7.40 


TABLE  1.7.8  (Concluded) 
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TABLE  1.7.9 


STRESS-INTENSITY  FACTOR  SOLUTIONS  FOR 
LUG-TYPE  GEOMETRIES 


CASE  NO. 


GEOMETRY 


STRESS-INTENSITY  FACTOR 


1.7. 9.1 


o 


STRAIGHT  SHANK  LUG  WITH  RADIAL 
THRU-CRACK  (LUG  THICKNESS  -  B) 


K  ■  B  O.  /na 
br 


where  a. 

br 


2riB 


See  Table  1.7.9A  for  a 
comparison  of  3  analyses  and 
Figure  1.7.14  for  0  solutions 
as  a  function  of  ro 


1.7. 9. 2 


TAPERED  SHAFT  LUG  WITH  RADIAL  THRU-CRACK 
(LUG  THICKNESS  -  B) 
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TABLE  1,7.9  (Concluded) 


CASE  NO. 


GEOMETRY 


STRESS-INTENSITY 


1.7. 9. 3 


STRAIGHT  SHANK  LUG  WITH  RADIAL  CORNER 
CRACK  (DEPTH-C) (LUG  THICKNESS  -  B) 


K  ■  8  0.  /Fa 
br 


where  o, 
br 


2riB 


See  Tables  1.7.9  B,l 
for  effect  of  2ri/B 
c/a  -  1.33 


1. 7.9.4 


STRAIGHT  SHANK  LUG  WITH  RADIAL 
THRU-CRACK  AND  INTERFERENCE 


K  -  7  f 

Based  on  the  Green's 
G^(a,x)  described  in 
1.7.9  D,  E,  F  for  r0/ 
to  1.5,  2.25,  and  3, 


FACTOR 


for  S 
with 


G^(a ,x) dx 


function 
Tables 
r^  equal 
respectively. 
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TABLE  1.7.9B 


NORMALIZED  STRESS-INTENSITY  FACTORS  FOR 
SINGLE  CORNER  CRACKS  AT  STRAIGHT  ATTACHMENT 
LUGS  OBTAINED  USING  COMPOUNDING  METHOD  (B/R  =  1/3) 
PER  REFERENCE  88 


a 

3  =  K/a,  /rra 
br 

R 

W 

D  =  1,50 

w 

D  =  2‘25 

w 

D  =  3-°° 

0.001 

3.176 

1.620 

1.250 

0.005 

3.155 

1.605 

1.237 

0.007 

3.145 

1.597 

1.231 

0.010 

3.131 

1.587 

1.222 

0.015 

3.110 

1.570 

1 .208 

0.020 

3.091 

1.555 

1.195 

0.030 

3.062 

1.529 

1.173 

0.040 

3.041 

1.507 

1.153 

0.050 

3.029 

1.488 

1.137 

0.070 

3.023 

1.461 

1.112 

0.100 

3.045 

1.433 

1.083 

0.120 

3.072 

1 .418 

1.067 

0.140 

3.103 

1.403 

1.051 

0.160 

3.138 

1.388 

1.035 

0.180 

3.175 

1.372 

1.018 

0.200 

3.216 

1.355 

1 .001 

0.220 

3.262 

1.337 

0.982 

0.250 

3.345 

1 .309 

0.955 

0.300 

3.541 

1.263 

0.909 

0.350 

3.873 

1 .220 

0.866 

0.400 

4.498 

1.182 

0.825 

0.450 

6.044 

1.149 

0.789 

0.500 

- 

1.122 

0.756 

0.600 

- 

1.085 

0.702 

0.700 

1 .073 

0.659 

0.800 

- 

1.089 

0.627 

0.900 

- 

1.143 

0.603 

1.000 

- 

1 .262 

0.586 

1 .200 

- 

2.486 

0.574 

1.400 

- 

- 

0.591 

1.600 

- 

- 

0.656 

1.800 

- 

- 

0.849 
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TABLE  1.7.9C 


NORMALIZED  STRESS-INTENSITY  FACTORS  FOR 
SINGLE  CORNER  CRACKS  AT  STRAIGHT  ATTACHMENT 
LUGS  OBTAINED  USING  COMPOUNDING  METHOD  (B/R  =  2/3) 
PER  REFERENCE  88 


a 

R 

6 

=  K/a,  /fra 
br 

S-1.50 

w 

D  =  2'25 

=  3.00 

0.001 

3.176 

1.620 

1.250 

0.005 

3.154 

1.604 

1.237 

0.007 

3.143 

1.596 

1.231 

0.010 

3.128 

1.585 

1.221 

0.015 

3.103 

1.567 

1.206 

0.020 

3.079 

1.549 

1.191 

0.030 

3.036 

1 .516 

1.163 

0.040 

2.998 

1.485 

1.137 

0.050 

2.964 

1.457 

1.113 

0.070 

2.910 

1 .406 

1.070 

0.100 

2.857 

1.344 

1.016 

0.120 

2.838 

1.310 

0.986 

0.140 

2.832 

1.280 

0.959 

0.160 

2.836 

1.255 

0.936 

0.180 

2.852 

1.232 

0.914 

0.200 

2.877 

1.212 

0.895 

0.220 

2.913 

1.194 

0.877 

0.250 

2.989 

1.170 

0.853 

0.300 

3.184 

1.136 

0.817 

0.350 

3.514 

1.107 

0.785 

0.400 

4.122 

1.083 

0.756 

0.450 

5.592 

1.063 

0.730 

0.500 

- 

1.047 

0.706 

0.600 

- 

1.028 

0.665 

0.700 

- 

1.028 

0.632 

0.800 

- 

1.052 

0.605 

0.900 

- 

1.111 

0.586 

1 .000 

- 

1 .232 

0.573 

1.200 

- 

2.444 

0.564 

1.400 

- 

- 

0.584 

1.600 

- 

- 

0.649 

1 .800 

- 

— 

0.842 
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TABLE  1.7.9D 

GREEN  FUNCTIONS  FOR  W/D  =  1.500 
(MODIFIED  FOR  PIN  LOADING) 
PER  REFERENCE  88 
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GREEN  FUNCTIONS  FOR  W/D  =  2.250 
(MODIFIED  FOR  PIN  LOADING) 

PER  REFERENCE  88 
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GREEN  FUNCTIONS  FOR  W/D  =  3.000 
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Figure  1.7.1  Finite  Width  Correction  Factors  for  Crack  Tip  "A" 


1.7.50 


FINITE  WIDTH  CORRECTION 


2.0 


“1 


Figure  1.7.2  Finite  Width  Correction  Factors  for  Crack  Tip  "B" 
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Figure  1.7.3.  Bowie  3  Factors  for  Through-Thickness  Cracks  at  Remotely 
Loaded  Circular  Holes. 
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Figure  1.7.4.  Beta  Factor  for  a  Through  Crack  Growing  from 
a  Hole,  Loaded  by  a  Close  Tolerance  Fastener 
(Reference  64) . 
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Figure  1.7.5.  Beta  Factor  for  a  Diametrical  Through  Crack  Growing 
from  a  Hole,  Loaded  by  a  Close  Tolerance  Fastener 
(Reference  64) . 
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Figure  1.7.6.  Embedded  Elliptical  Crack  Geometry. 
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Figure  1.7.7.  Shape  Parameter  Curves  for  Surface  and  Internal  Flaws. 
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Figure  1.7.8.  A  Small  Semi-Elliptical  Crack  in  Uniformly 
Stressed  Thick  Structure. 


1.7.57 


Figure  1.7.9.  Stress-Intensity  Factors  at  the  Point  of  Maximum  Crack  Depth 

for  Surface  Flaws  Subjected  to  Bending  Stresses  (Reference  64) . 
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Figure  1.7.10.  Stress-Intensity  Factors  at  Plate  Surface  Flaws  for  Surface  Flaws  Subjected  to  Bending 
Stresses  (Reference  64) . 
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Figure  1.7.11.  Comparison  of  Boundary-Correction  Factors  for  Quarter-Circular  Corner  Crack  in 
Plate  Subjected  to  Tension  (a/c  =  1;  a/B  =  0.2).  (Reference  72.) 


Figure  1.7.12.  Corner  Crack  Geometry  for  Solution  by  Liu  (Reference  73). 
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Figure  1.7.13.  Empirical  Curves  to  Determine  the  Effective  Size  of  a 
Corner  Crack  at  a  Hole  (Reference  68) . 
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Figure  1.7.14.  Normalized  Stre99-Inten9ity  Factors  for  Single  Crack 

Emanating  from  Straight  Attachment  Lug9  (Reference  88) . 
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Figure  1.7.15.  Normalized  Stress-Intensity  Factors  for  Single  Crack  Em, 

from  Tapered  Attachment  Lugs  Subjected  to  a  Pin  Loading 
Applied  In  0°  Loading  (Reference  88) . 


1.8  APPROXIMATE  SOLUTIONS  FOR  STRESS- INTENSITY  FACTORS 


This  subsection  will  discuss  the  procedures  that  one  can  use  to 
obtain  approximate  stress-intensity  solutions  for  complicated  crack  problems. 
Approximate  solutions  should  only  be  used  when  the  objective  of  the  damage 
tolerant  analysis  is  to  bound  the  answer  and  when  due  care  has  been  taken 
to  understand  all  aspects  of  the  cracking  behavior.  Most  typically,  the 
approximate  solutions  are  derived  using  known  (handbook)  solutions  that 
individually  account  for  the  effects  of  crack  geometry,  global  geometry 
and  loading.  As  noted  in  subsection  1.6.1,  stress-intensity  factors  can 
be  added  for  different  types  of  loadings  when  the  global  and  crack 
geometries  are  the  same.  This  section  will  concentrate  on  those  cases 
where  the  analyst  must  take  existing  solutions  for  several  different 
geometries  and  estimate  the  stress-intensity  factor  for  the  geometry  of 
interest.  In  those  cases  where  the  individual  geometric  effects  can  be 
accounted  for  by  multiplication  of  factors,  the  analysis  is  referred  to  as 
c  omp  ound  ana lysis. 

There  are  three  geometric  factors  that  normally  must  be  accounted  for  in 
an  approximate  damage  tolerant  analysis:  stress  concentration,  finite 
width  and  crack  shape.  The  effects  of  all  three  factors  on  the  stress- 
intensity  factor  can  be  established  exactly  using  careful  numerical 
analysis  procedures.  However,  the  solution  of  damage  tolerant  problems 
requires  more  than  the  accurate  development  of  the  stress-intensity  factor. 
Frequently,  the  growth  process  causes  the  crack  to  constantly  change  its 
shape  which  significantly  complicates  the  crack  growth  life  analysis. 
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In  order  to  describe  how  the  three  geometrical  effects  can  be  estimated, 
a  series  of  examples  are  presented.  In  each  case,  the  approximate  solu¬ 
tions  are  based  on  known  solutions.  If  the  actual  solution  is  available, 
it  is  compared  to  the  approximate  solution. 

1.8.1  Effect  of  Stress  Concentration 

The  effect  of  stress  concentration  is  fairly  easy  to  estimate 
for  small  cracks  because  the  stress-intensity  factor  for  an  elementary  crack 
problem  can  be  multiplied  by  the  elastic  stress  concentration  factor  (Kt) . 
Example  1.8.1  illustrates  this  point.  For  longer  cracks  initiating  at 
stress  concentrations,  the  crack  will  be  propagating  through  the  stress 
field  created  by  the  stress  concentration  and  the  influence  of  stress 
gradient  should  be  taken  into  account.  Example  1.8.2  discusses  an  approxi¬ 
mate  method  for  estimating  the  stress  intensity  factor  for  a  crack  moving 
through  a  stress  field  generated  by  a  stress  concentration. 

EXAMPLE  1.8.1  -  A  Small  Edge  Crack  at  a  Stress  Concentration  Site 
A  geometrical  description  of  the  physical  problem  is  provided  in  Figure 
1.8.1  where  a  small  edge  crack  is  shown  growing  from  the  edge  of  a  wing 
cutout.  The  stress-intensity  factor  for  an  edge  crack  (small  with  respect 
to  the  element  width)  is  found  in  Section  1.7  (see  Table  1.7.2,  case  1.7. 2.1) 
and  is  given  by 

K  =  1.12  a  Jna  (1.8.1) 

The  stress  term  (o)  in  Equation  1.8.1  typically  represents  the  remote 
stress  in  the  uniformly  loaded  edge  cracked  plate.  This  stress  is  also 
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the  stress  that  would  exist  along  the  line  of  crack  propagation  if  no  crack 
were  present.  As  indicated  by  Figure  1.8.1,  the  stress  along  the  line  of 
crack  propagation  (assuming  no  crack  for  a  moment)  for  the  given  structural 
conf iguration  is  the  product  of  the  remote  stress  and  the  stress  concentra¬ 
tion  factor  (K  )  associated  with  the  cutout,  i.e.,  the  local  stress  (^TnpAT) 

l  IjUUAJj 

is: 

"local'  oxKt  a-8-2) 

For  the  given  structural  configuration,  the  stresses  along  the  line  of 
crack  propagation  more  closely  represent  the  type  of  loading  that  the  small 
edge  crack  would  experience  if  it  were  in  a  uniformly  loaded  edge 
cracked  plate  subjected  to  the  higher  stresses  given  by  Equation  1.8.2.  It 
is  therefore  suggested  that  the  stress-intensity  factor  for  the  structural 
configuration  given  in  Figure  1.8.1  would  be  close  to 

K  =  1.12  0  x  K  v'rra  (1.8.3) 

In  general,  as  long  as  one  is  dealing  with  small  edge  cracks  in  which  the 
width  or  other  geometrical  effects  are  not  important,  Equation  1.8.3  provides 
a  reasonable  approximation  to  the  stress-intensity  factor  for  an  edge 
crack  in  the  vicinity  of  a  stress  concentration.  See  Example  1.8.2  for 
a  discussion  of  stress  gradient  effects. 
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EXAMPLE  1.8.2  -  An  Edge  Crack  Growing  from  a  Stress  Concentration  Site 


One  difficulty  in  utilizing  Equation  1.8.3  for  cracks  that  emanate  from 
a  stress  concentration  site  is  that  the  stress  concentration  normally 
generates  its  own  stress  field.  The  stress  concentration  stress  field 
typically  exhibits  the  highest  stresses  in  the  vicinity  of  the  concentra¬ 
tion  (a  =  a  x  Kj.)  and  these  high  stresses  decay  as  a  function  of 

distance  from  the  stress  concentration  site.  The  question  that  needs  to 
be  answered  is:  If  the  stresses  along  the  crack  propagation  path  are  not 
constant,  as  in  the  case  of  a  uniformly  loaded  edge  cracked  plate,  what 
stresses  should  be  used  to  estimate  the  stress-intensity  factor? 


Shown  in  Figure  1.8.2  is  the  stress  distribution  associated  with  an  uncracked 
hole  in  a  wide  plate.  As  can  be  seen  from  the  figure,  the  (normal)  stress 
drops  off  rapidly  as  a  function  of  distance  from  the  edge  of  the  hole. 

An  evaluation  of  the  normal  stress  right  at  the  edge  of  the  hole,  i.e.,  the 
local  stress,  leads  one  to  the  fact  that 


°  LOCAL  =  °X  3  (1*8*4) 

(which  is  obtained  by  letting  R/ X  =  1  in  the  equation  given  in  Figure  1.8.2). 
Thus,  K^,  for  the  uniaxially  loaded  hole  problem  is  three,  i.e.,K^,  =  3  (see 
Equation  1.8.2)  and  the  stress-intensity  factor  for  a  very  small  crack  of 
length  a  at  the  edge  of  the  hole  is 


K  =  1.12  x  (3  x  o)  i/TTa"  =  3.36  o  / ira  (1.8.5) 

A  comparison  between  Equations  1.6.1  and  1.8.5  shows  that  8  =  3.36,  a 
constant.  One  estimate  of  the  stress-intensity  factor  for  a  longer  crack 
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would  be  given  by  Equation  1.8.5;  but,  this  estimate  would  be  high  since 
the  stresses  along  the  crack  propagation  path  are  noted  to  be  dropping. 

In  a  manner  similar  to  that  presented  in  Example  1.8.1,  a  representative  uni¬ 
form  stress  can  be  created  which  would  act  along  the  crack  propagation  path 
between  the  crack  tip  and  the  edge  of  the  hole  (stress  concentration)  and 
thus  simulate  the  uniformly  loaded  edge  cracked  plate  geometry.  Two 
estimates  of  this  representative  uniform  stress  level  are  made:  estimate 
(Stakes  the  normal  stress  at  the  half  crack  length  point,  i.e. ,  the  stress 
at  X  =  (a/2)+R,  whereas  estimate  (?)  assumes  that  the  normal  stress  at  the 
crack  tip  is  the  representative  stress,  i.e.,  the  stress  at  X  =  a+R.  A 
summary  of  the  representative  stress  values  and  the  3  factor  (=  representa¬ 
tive  stress  x  1.12)  is  presented  in  Table  1.8.1  along  with  the  value  of  the 
3  factor  for  the  radially  cracked  hole  (see  Case  1.7. 3.1  in  Section  1.7). 

As  can  be  determined  from  the  Table,  estimate  Q)  leads  to  representative 
stresses  which  when  multiplied  by  the  single  edge  crack  3  factor  (i.e., 

1.12)  more  closely  approximate  the  3  factor  for  the  radially  cracked  hole. 
Estimate  (T)  is  seen  to  overestimate  the  correct  3  factor  by  a  large  amount. 
One  justification  for  using  the  (no  crack)  normal  stress  level  at  the 
current  crack  length  for  estimating  purposes  comes  from  the  fact  that  the 
major  contribution  to  the  stress-intensity  factor  is  derived  from  the  near 
crack  tip  stresses. 
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COMPARISON  OF  3  FACTORS  BASED  ON  REPRESENTATIVE  STRESSES 
FOR  SINGLE  EDGE  RADIAL  CRACK  PROBLEMS 


1.8.6 


Several  additional  comments  on  stress  concentration  effects  that  will 


further  guide  the  reader  in  the  choice  of  fundamental  stress-intensity 
factor  solutions  are  made  in  some  of  the  other  examples  presented  in 
subsections  1.8.2  and  1.8.3. 

1.8.2  Effect  of  Finite  Width 


As  a  crack  tip  approaches  a  free  edge,  its  stress-intensity 


factor  rapidly  increases  and  tends  to  become  infinite.  One  can  look  at 
the  width  contribution  as  a  separate  (multiplicative)  8  factor  in  the  same 
way  that  the  width  contribution  affects  the  solution  of  the  center-crack 
remotely  loaded  geometry. 

Recall  that  the  stress-intensity  factor  for  a  loaded  panel  of  finite  width  W 
is  given  by  (see  Section  1.7,  Table  1.7.1,  Case  1. 7.1.2) 


K  =  a  /na  (sec  -~L  )  2 
W 


(1.8.6) 


which  leads  one  to  conclude  that  the  (multiplicative)  width  effect  8  factor 
required  to  convert  the  infinite  plate  solution  to  the  finite  width  solu¬ 
tion  is 


(1.8.7) 


Other  geometries  yield  similar  results.  Two  examples  are  presented  to 
illustrate  how  one  might  develop  a  finite  width  8  factor  for  more  compli¬ 
cated  geometries. 
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EXAMPLE  1.8.3  -  Crack  Growing  Radially  from  Hole  and  Toward  a  Edge 


Shown  in  Figure  1.8.3  is  a  crack  geometry  that  frequently  appears  in  air¬ 
craft  structure.  For  this  example,  the  crack  is  assumed  to  be  a  thru¬ 
thickness  crack  (the  crack  front  is  the  same  length  as  measured  from  the 
hole  throughout  the  skin  thickness).  From  an  analysis  point  of  view, 
two  structural  effects  must  be  accounted  for  in  the  determination  of  the 
stress-intensity  factor.  These  are:  (a)  the  effect  of  the  hole  on  the 
crack  and  (b)  the  effect  of  the  free  edge  as  the  crack  approaches  it.  A 
description  of  the  influence  of  the  hole  on  the  stress-intensity  factor  was 
covered  in  the  discussion  of  Example  1.8.2.  An  approximate  description  of 
K  for  the  thru-thickness  crack  growing  radially  from  a  hole  in  a  wide  plate 


is  (see  Table  1.7.3,  Case  1.7. 3.1) 


0.8734 


K  =  o  /na  { 


+  0.6762  } 


(1.8.8) 


0.3246  +  a/R 


which  is  within  a  couple  of  percent  of  the  exact  solution  (see  Table  1.7.3A, 
Case  1.7. 3.1). 

Determining  the  effect  that  the  finite  boundary  has  on  the  stress-intensity 
factor  for  the  crack  described  in  Figure  1.8.3  requires  some  ingenuity  if 
one  does  not  wish  to  conduct  a  finite-element  analysis  (or  other  numerical 
analysis)  study  of  this  geometry.  It  is  normally  proposed  that  the  stress- 

intensity  factor  effect  for  width  (or  for  a  free  edge)  is  a  multiplicative 

00  W 

effect;  i.e.,  if  K  represents  the  solution  for  infinite  width  and  if  K 

represents  the  finite  width  solution,  then 


W 


(1.8.9) 


1.8.8 


where  3^  is  the  modifying  factor  that  accounts  for  width.  The  modifying 
factor  for  the  wide  center-crack  panel  is  given  by  Equation  1.8.7.  If 
one  attempts  to  account  for  the  finite  width  effect  using  a  similar 
equation,  i.e. 

%  -  (1.8.10) 

there  is  some  difficulty  in  determining  what  the  width  W  should  be.  As 
suggested  by  Kaplan  and  Reiman  Qne  couid  take  the  width  as  twice  the 

distance  from  the  center  of  the  hole  to  the  edge  of  the  plate.  This 
approach  is  equivalent  to  locating  the  hole  in  the  center  of  a  finite 
strip  with  a  width  (W)  equal  to  1.10  inch.  If  it  is  also  now  assumed  that 
the  hole  does  not  exist  and  the  crack  has  a  center-crack  geometry,  the  width 
modification  would  be  expressed  as 


Q© /  TT  *  (a  +  R)  '  q  , 

Vb6C  ^  1.10  (1.8.1 

The  term  (a+R)  comes  from  the  fact  that  crack  is  measured  from  the  center 
of  the  hole. 

Alternately,  one  could  assume  that  the  cracked  edge  of  the  hole  is  located 
in  the  center  of  the  plate  and  the  crack  grometry  is  of  the  center-cracked 
configuration  so  that  the  width  modification  is  given  by 


6iP=  VSeC  (05§*}  (1.8.12) 

One  difficulty  in  using  either  Equation  1.8.11  or  1.8.12  might  be  immediately 
obvious,  and  that  is  that  a  very  wide  plate  (16.0  inch)  has  been  replaced 
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with  a  very  narrow  strip.  Thus,  the  actual  geometrical  constraints 
associated  with  the  eccentric  crack  configuration  we  have  in  this  problem 
have  not  been  accounted  for.  As  it  will  be  subsequently  shown,  Equations 
1.8.11  and  1.8.12  represent  conservative  upper-bound  solutions  to  the 
width  modification  factor. 

Kaplan  and  Reiman  also  suggested  an  approach  based  on  the  Isida  width 
correction  factor  for  eccentrically  cracked  structure.  Shown  in  Figure 
1.8.4  is  a  model  crack  configuration  that  could  be  used  to  estimate  the 
influence  of  the  free  edge  on  the  stress-intensity  factor.  The  form  of 
the  Isida  solution  that  will  be  used  is 


Btt  =  F(6 ,  A)  (1.8.13) 

w 

with  the  functional  results  obtained  from  Figure  1.6.10.  The  parameters 
6  and  X  are  defined  in  Figure  1.8.4.  As  shown  by  the  figure,  6*1  and  X 
is  a  variable  that  depends  on  crack  length  in  the  following  way: 


a*  =  (a  ±  0.25)72 
bx  0.55  -  a/2 


(1.8.14) 


Table  1.8.2  presents  a  summary  of  the  width  modifications  derived  by  the 
three  equations  presented.  As  previously  suggested,  the  width  modifica¬ 
tions  given  by  Equations  1.8.11  and  1,8.12  are  much  higher  than  1.8.13. 
Column  ©  was  subsequently  derived  using  Equation  1.8.5 


=  F  (6,  A)  =  1  +  factor  *  (  '\fsec  |^A]'  -l)  (1.8.15) 

which  closely  represents  the  behavior  of  column  ©  data. 
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The  factor  for  the  model  geometry  shown  in  Figure  1.8.4  is  0.471;  in 
general,  this  factor  depends  on  the  eccentricity  ratio  6. 

The  stress-intensity  factor  for  the  crack  geometry  given  in  Figure  1.8.3 
is  then  a  combination  of  hole  effects  and  width  effects  and  could  be 
expressed  as: 


K  o  Jiia  6hole  Bwidth  (1.8.16) 

Table  1.8.3  presents  the  various  functions  that  make  up  the  stress-intensity 
factor  where  the  width  effect  is  estimated  from  the  Isida  solution  as 
given  by  column  in  Table  1.8.2.  It  is  believed  that  this  width 
correction  solution  is  also  conservative.  Figure  1.8.5  presents  the  com¬ 
parison  graphically  so  that  one  can  directly  assess  the  individual  contri¬ 
butions  by  the  hole  and  the  plate  edge. 


EXAMPLE  1.8.4  -  Diametrically  Cracked  Hole  in  Strip 

Shown  in  Figure  1.8.6  is  another  frequently  occurring  crack  geometry  that 
is  seen  in  aircraft  structures.  An  alternate  structural  geometry  for  the 
diametrically  cracked  hole  is  that  of  a  lug.  For  this  example,  the  crack 
is  assumed  to  be  a  thru-thickness  crack.  Two  structural  effects  must  be 
considered;  the  effect  of  the  hole  and  the  effect  of  the  finite  width. 

The  effects  are  assumed  multiplication  so  that  the  stress-intensity  factor 
is  again  given  by 


K  =  a  / ira  3. 


HOLE 


a 


WIDTH 


(1.8.17) 
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STRESS-INTENSITY  FACTOR  ANALYSIS  FOR  EXAMPLE  1.8.3 
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The  B  t „  for  the  thru-thickness  diametrically  cracked  hole  located  in  a 

nULih 

wide  plate  is  given  by 


6. 


0.6866 


HOLE 


+  0.9439 


(1.8.18) 


0.2772  +  (|) 


(See  Subsection  1.7.3,  Case  1.7. 3. 2).  The  $TTTIVP11  correction  factor  is  made 

WJLD I  n 

up  of  two  parts;  the  first  part  would  be  associated  with  the  finite  width 
factor  associated  with  the  center-crack  configuration: 


6WIDTH  =  VSGC  (  T  }  ’  a*  =  a+R  (1.8.19) 

The  second  part  of  the  width  correction  factor  assumes  that  the  initial 
geometry  without  the  crack  gives  a  stress  field  in  the  finite  width  strip 
that  is  higher  than  the  remotely  applied  (gross)  stress  which  raises  the 
stress  concentration  effect  at  the  hole.  In  fact,  the  stress  suggested  is 
the  net  stress  through  the  section  with  the  hole  so  that  the  stress  used 
in  the  stress-intensity  factor  formula  is  the  net  stress  given  by 


(1.8.20) 


Thus,  the  approximate  stress-intensity  factor  is  given  by 


K  =  o  / ita 


W 

W-D 


0.6866 


+  0.9439 


0.2772  +  (-) 

V 


~\Jsec 


(2Si) 

v  w  ; 


(1.8.21) 
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In  Table  1.8.4,  the  approximate  stress-intensity  factor  result  given  by 
Equation  1.8.21  is  compared  to  a  solution  developed  by  Tada  (see  Reference 
17,  page  19.9).  Note  that  the  Tada  solution  is  upper -bounded  by  Equation 

1.8.21.  Also  note  that  if  the  (W/W-D)  term  is  eliminated  from  Equation 

1.8.21,  the  Tada  solution  is  lower-bounded  by  this  new  expression. 

1.8.3  Effect  of  Crack  Shape  Changes 

The  typical  crack  problem  in  most  structures  is  that  of 
the  three-dimensional  crack.  Several  crack  geometries  of  interest 
are  shown  in  Figure  1.8.7.  Inherent  in  the  analysis  of  each  three- 
dimensional  crack  problem  is  accounting  for  the  effect  of  the  size 
and  shape  of  the  crack.  As  indicated  in  Section  1.7,  there  are  a 
number  of  stress-intensity  factor  solutions  already  available  that  might 
be  used  to  obtain  bounds  on  the  solution  to  more  complicated  structural 
crack  problems.  While  it  is  difficult  to  obtain  accurate  stress-intensity 
factor  solutions  for  three-dimensional  crack  geometries,  the  most  difficult 
part  of  the  analysis  for  such  crack  geometries  is  to  determine  the  crack 
shape  as  a  function  of  crack  size.  Three-dimensional  cracks  tend  to 
grow  such  that  the  cracks  change  their  shape  into  the  most  favorable 
shape  for  ease  (and  increased  speed)  of  crack  propagation.  The  rate  of 
crack  growth  along  the  crack  front  varies  as  a  function  of  the  driving  force 
at  that  location;  the  rate  of  growth  is  controlled  by  global  geometry, 
stress  state,  crack  size  as  well  as  the  shape  of  the  crack  edge.  There  are 
some  useful  analytical  methods  for  estimating  the  shape  of  a  three-dimen¬ 
sional  crack  as  it  grows  (see  for  example  References  28  and  90)  ; 
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B  VALUES  FOR  STRESS-INTENSITY  FACTOR  COMPONENTS  IN  PROBLEM 
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however,  one  of  the  surest  methods  for  determining  the  shape  of  the  growing 
crack  is  to  observe  the  fracture  surfaces  of  service  loaded  structures  or 
structural  element  tests.  Once  confidence  has  been  established  in  the  shape 
of  the  propagating  crack,  then  bounding  techniques  such  as  described  in 
Example  1.8.5  can  be  used  to  present  the  growth  process  as  a  function  of  a 
single  parameter.  Example  1.8.5  can  be  used  to  present  the  growth  process 
as  a  function  of  a  single  parameter. 


EXAMPLE  1.8.5  -  Radial  Corner  Crack  Transitioning  to  a  Thru-Crack 
For  the  crack  geometry  illustrated  in  Figure  1.8.8,  the  corner  crack  is 
seen  to  start  as  a  quarter-circular  crack  and  grow  to  a  thru-thickness 
crack.  The  transition  between  corner  crack  and  thru-crack  appears  to  be 
complete  when  the  crack  length  (a  in  the  figure)  reaches  a  size  equal  to 
the  thickness  of  the  structure.  The  two  bounding  solutions  for  this  crack 
geometry  are  given  by  the  thru-thickness  radial  hole  crack  solution  (see 
subsection  1.7.3,  Case  1.7. 3.1): 


K  ■  0  ^  %LE  “  ° 


0.8734 

0.3246  +  (|) 


0.6762 


(1.8.22) 


and  by  the  corner  circular  radial  hole  crack  solution  (see  Subsection  1.7.5 
case  1.7. 5.1) 


K=1.120/iI(X0LE  ’  !'12 


0.8734 

0.3246  + 


+ 


0.6762 


(1.8.23) 
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Both  Equations  (1.8.22  and  1.8,23  in  a  K/ G  format)  are  shown  plotted  on 
log-log  coordinates  in  Figure  1.8.9.  A  transitioning  curve  has  been 
fared  in  between  the  two  curves  so  that  the  transition  starts  at  0.050 
inch  and  is  complete  at  a  crack  length  of  0.250  inch.  The  equation  of 
this  curve  is  given  by  the  power  law: 

-  =  1.376  a0'2783  (1.8. 24) 

a 

Figure  1.8.10  now  describes  the  stress-intensity  factor  for  the  crack 
geometry  in  the  usually  presentation  format  (a  linear-linear  diagram) . 

It  is  seen  from  Figure  1.8.10  that  the  power  law  curve  provides  a  smooth 
transition  between  the  two  bounding  stress-intensity  factor  solutions. 

An  intermediate  solution  for  a  crack  length  of  0.100  inch  has  been 
developed  using  the  analysis  of  Newman  (63)  for  a  crack  length  (a)  to 
depth  (c)  ratio  of  0.50  and  it  is  also  shown  in  Figure  1.8.10.  It  appears 
on  the  basis  of  the  bounding  solutions  and  the  Newman  result  that  the 
power  law  method  gives  reasonable  estimates  of  the  stress-intensity 
factor  for  this  problem.  The  value  in  obtaining  a  single  parameter 
characterization  of  the  stress-intensity  factor  for  a  three-dimensional 
crack  is  that  crack  growth  analysis  is  substantially  easier  to  perform 
to  determine  life. 
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Figure  1.8.1.  A  Small  Edge  Crack  Loacated  at  Stress  Concentration. 
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Figure  1.8.2.  Distribution  of  Stresses  Normal  to  the  Crack  Path 
for  a  Radial  Crack  Growing  from  an  Uniaxially 
Loaded  Hole  in  a  Wide  Plate. 


1.8.20 


b 


8.0 

(a  +  D)/2 
0.55  - 


Figure  1.8.3.  Radial  Crack  at  Hole  Growing  Toward  Splice  Joint. 
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Figure  1.8.4.  Model  Crack  for  Example  1.8.3. 
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Figure  1.8.5.  Comparison  of  Stress-Intensity  Factor  Relationships 
for  the  Crack  Geometry  Described  in  Figure  1.8.3. 
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Figure  1.8.6.  Finite  Width  Strip  Containing  a  Diametrically  Cracked  Hole. 
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Figure  1.8.7.  Plan  Views  of  the  Fracture  Surfaces  of  Several  Three- 
Dimensional  Crack  Problems. 
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Figure  1.8.8.  Corner  Crack  Transitioning  to  a  Thru-Thickness  Crack. 
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Figure  1.8.9.  Log-Log  Plot  of  Equations  1.8.22  and  1.8.23  Showing 
the  Development  of  the  Transition  Power  Law  Equation 

1.8.24. 


Figure  1.8.10.  Stress-Intensity  Factor  for  Transitioning  Crack  Shown 
in  Figure  1.8.8. 
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1.9  ALTERNATE  FRACTURE  MECHANICS  ANALYSIS  METHODS 


In  the  other  sections  of  Chapter  1,  the  emphasis  has  been  on  developments 

of  linear  elastic  fracture  mechanics  (LEFM)  specifically  based  on  the  crack 

tip  characterizing  parameter  K,  the  stress-intensity  factor.  This  parameter 

has  provided  the  major  damage  tolerance  design  tool  for  aerospace  engineers 

since  the  early  sixties.  It  was  discovered  and  justified  for  its  universal 

capability  for  describing  the  magnitude  of  the  crack  tip  stress  field  by 
(1  91)  (2) 

Irwin  *  ,  and  by  Williams  in  1957.  Irwin  discovered  this  relationship 

through  his  studies  of  the  energy  balance  equation  associated  with  fracture. 

Prior  to  1957,  fracture  research  concentrated  on  extending  the  original  energy 

(92)  (91) 

balance  equation  given  by  Griffith  .  In  1957,  Irwin  linked  the 

"driving  force",  G,  in  the  energy  balance  equation  to  the  stress-intensity 

factor,  K,  and  suggested  how  the  stress-intensity  factor  could  be  used  as  the 

driving  force  for  crack  tip  behavior.  Subsequent  to  Irwin’s  initial  stress- 

intensity  factor  analysis,  and  as  a  result  of  the  success  of  the  LEFM  approach 

for  solving  major  fracture  problems,  interest  in  the  energy  approach  to 

(93) 

fracture  waned.  In  the  late  sixties,  Rice  published  a  paper  that  again 

heightened  the  interest  in  the  energy  approach.  Rice’s  specific  contribution 
was  to  develop  an  integral,  the  J-integral,  which  could  be  used  to  account 
for  observed  non-linear  behavior  during  the  fracture  process.  This  integral 
also  has  the  useful  property  that  it  reduces  to  the  elastic  "driving  force", 

G,  when  the  localized  plastic  deformation  is  well  contained  by  the  elastic 
crack  tip  stress  field.  Because  many  of  the  materials  utilized  in  aerospace 
structures  have  exhibited  typical  LEFM  behavior,  aerospace  engineers  have  not 
assumed  a  leadership  role  in  the  development  of  the  J-integral  technology. 


1.9.1 


Engineers  interested  in  the  damage  tolerance  analysis  of  more  ductile 
pressure  vessels  and  welded  steel  structures  have  provided  the  major  develop¬ 
ments  here.  Aerospace  applications  are  being  recognized  each  day,  however, 
for  this  technology,  e.g.,  residual  strength  analysis  of  tough  materials  and 
subcritical  crack  growth  behavior  of  aircraft  gas  turbine  engine  structures. 

Another  analysis  approach  for  characterizing  the  level  of  the  local  stress- 

strain  behavior  at  the  tip  of  a  crack  was  initiated  in  Britian  in  the  early 

(94) 

sixties.  Wells  suggested  that  the  localized  behavior  at  the  tip  of  the 

crack  was  controlled  by  the  amount  of  crack  opening,  which  was  referred  to  as 
the  crack  opening  displacement,  COD.  The  value  of  the  technology  built  on  the 
COD  concept,  like  that  of  the  J-Integral  technology,  is  that  it  allows  for  the 
coupling  of  the  LEFM  analysis  and  its  results  to  the  solution  of  problems  in 
which  the  behavior  approaches  unconstrained  yielding.  Generally  speaking,  the 
methods  of  COD  analysis  have  not  been  extensively  explored  by  American  engineers 
outside  the  research  environment. 

The  subsections  below  further  describe  the  analysis  methodologies  based  on  the 
three  fracture  mechanics  parameters:  the  strain  energy  release  rate  (driving 
force  -  G) ,  the  J-Integral  (J) ,  and  the  crack  opening  displacement  (COD) ,  re¬ 
spectively.  Each  subsection  outlines  the  analytical  basis  for  the  parameter 
and  provides  the  principal  equations  that  tie  the  parameter  to  the  LEFM  para¬ 
meter  K.  Further  information  on  these  parameters  can  be  obtained  by  the 
references  cited  in  the  text. 


1.9.2 


1.9.1  Strain  Energy  Release  Rate,  G 


Paris  gave  one  of  the  better  descriptions  of  the  fracture 

energy  balance  equation  associated  with  the  stability  of  a  cracking  process 
in  a  set  of  notes  prepared  for  a  short  course  given  to  the  Boeing  Company  in 
1960.  Paris  simply  described  the  process  of  determining  if  a  crack  would 
extend  as  a  comparison  between  the  Rate  of  Energy  Input  and  the  Rate  at  which 
Energy  was  absorbed  or  dissipated.  This  comparison  is  similar  to  performing 
an  analysis  based  on  the  Principle  of  virtual  work.  In  equation  form, 

Paris  indicated 


Rate  of 

Rate  of  Energy 

Energy  Input,  G 

◄ — 

— ► 

Dissipated,  R 

(to  drive  crack) 

(as  crack  moves) 

where  the  left  hand  side  of  Equation  1.9.1  represents  the  input  rate  (as  a 
function  of  crack  area  A)  and  the  right  hand  side  represents  the  dissipation 
rate.  If  the  input  rate,  the  driving  force  G,  is  equal  to  the  dissipation  rate, 
the  resistance  R,  then  the  crack  is  in  an  equilibrium  (stable)  position,  i.e., 
it  is  ready  to  grow  but  doesn’t.  If  the  driving  force  exceeds  the  resistance, 
then  the  crack  grows,  an  unstable  position.  Since  a  crack  will  not  heal  itself, 
if  the  resistance  is  greater  than  the  driving  force,  then  the  crack  is  also 
stable. 

(56) 

The  basis  for  Equation  1.9.1  was  further  described  so  that  the  components  are 
identified  as: 


G=  dX  +  (1G  <dS  = 

dA  dA  >  dA  dA 

where  <  and  =  imply  stability  while  >  implies  instability. 


(1.9.2) 


1.9.3 


The  driving  force  (input  work  rate,  G)  components  are: 

dX  _  The  work  done  by  external  forces  on  the  body  per  unit  increase 
dA  " 

in  crack  area,  dA. 

dG  _  The  elastic  strain  energy  released  per  unit  increase  in  dA. 
dA  “ 

And  the  resistance  (rate  of  dissipation,  R)  components  are: 

dS  _  The  surface  energy'  absorbed  in  creating  a  new  surface  area,  dA. 
dA  " 


dQ  The  plastic  work  dissipated  throughout  the  body  during  an  increase 
dA 

in  surface  area,  dA. 

While  Equation  1.9.2  is  most  general  and  covers  fractures  that  initiate  in 

either  brittle  or  ductile  materials,  it  is  not  always  possible  to  estimate  the 

individual  component  terms.  For  linear  elastic  materials,  the  terms  can  be 

(92) 

estimated;  and  in  fact,  this  was  accomplished  by  Griffith  forty  years 

before  Paris  presented  the  above  general  work  rate  analysis  in  1960.  Before 
any  further  discussion  of  the  work  preceeding  that  of  Paris,  however,  several 
additional  points  need  to  be  made  about  Equation  1.9.2.  First,  the  component 
terms  of  the  input  energy  rate  will  be  defined  relative  to  a  specific  structural 
geometry  and  loading  configuration:  the  uniaxially  loaded,  center  cracked  panel 
shown  in  Figure  1.9.1.  Then  the  input  energy  rate  (G)  will  be  related  to  the 
elastic  strain  energy. 

The  two  components  of  the  energy  input  rate  (G)  are  given  by 


dX  _  PdL 
dA  dA 

the  boundary  force  per  increment  of  crack  extension;  and  by 


(1.9.3) 


1.9.4 


(1.9.4) 


dG  =  - dV 
dA  dA 


the  decrease  in  the  total  elastic  strain  energy  of  the  plate. 

With  these  additional  definitions,  it  can  be  seen  that  G  is  equal  to  the 


negative  of  the  rate  of  change  in  the  potential  energy  of  deformation  (U^) , 


i.e.  , 


(1.9.5) 


1.9. 1.1  The  Griff ith-Irwin  Energy  Balance 

The  earliest  analysis  along  the  above  lines  was  con- 
(92) 

ducted  by  Griffith  in  1920.  Griffith  used  the  crack  geometry  and  loading 

configuration  shown  in  Figure  1.9.2  and  assumed  that  the  stress  would  be  con¬ 
stant  during  any  incremental  growth  of  the  crack.  Griffith  also  neglected  the 
plastic  work  term  in  Equation  1.9.2  since  he  was  trying  to  test  his  fracture 
hypothesis  with  a  brittle  material,  glass.  Griffith’s  analysis  showed  that  the 
input  work  rate  (G)  was  equal  to  the  negative  of  the  derivative  of  potential 
energy  of  deformation  (U^)  as  shown  by  Equation  1.9.5,  and  the  resistance  (R) 
was  equal  to  the  rate  of  increase  in  potential  energy  due  to  surface  energy  (U^) 
during  crack  extension: 


=  AS 

dA 


(1.9.6) 


The  potential  energy  of  deformation  (U^)  was  found  to  be 

-7T02a2B 


U  « 
a 


(1.9.7) 


while  the  potential  energy  due  to  surface  tension  (U^)  was  given  by 

UT  =  4aTB  (1.9.8) 

with  surface  tension  T,  and  for  plate  thickness  B 


1.9.5 


The  crack  area  A  is  given  by 

A  =  2aB 

So  the  energy  balance  equation  becomes 

6  =  ^  ^  -  2T  =  £  -  R 

dA  E 1  dA 

where  Ef  is  dependent  on  the  stress  state  in  the  following  way 


(1.9.9) 


(1.9.10) 


Et  =  or 


E/(l  -  V  ),  for  plane  strain 
E  ,  for  plane  stress 


(1.9.11) 


Solving  Equation  1.9.10  for  the  critical  stress  (acr)  associated  with  the  point 
at  which  the  crack  (a)  would  grow,  one  finds 


cr 


_  /2TE; 

V  TTa 


(1.9.12) 


Later,  Irwin  and  Orowan  incorporated  the  effects  of  crack  tip  plas¬ 

ticity  into  the  analysis  by  taking  the  plastic  dissipation  term  in  Equation  1.9.2 
as  a  constant,  i.e.  they  assumed  that 


dA 


-  q 


(1.9.13) 


so  that  the  resistance  in  Equation  1.9.10  was  defined  as  the  combination  of 
surface  energy  absorbed  and  plastic  work  dissipated.  Thus,  the  Grif f ith-Irwin- 
Orowan  energy  balance  equation  became 


G=^=2T  +  q  =  R 


(1.9.14) 


and  the  critical  stress  was 


a  =  J 
cr  Y  TTa 


/(2T  +  q)  E* 


(1.9.15) 


1.9.6 


Both  Irwin  and  Orowan  noted  that  the  plastic  dissipation  rate  for  metals  was 
at  least  a  factor  of  1000  greater  than  the  surface  energy  absorption  rate  so 
that  Equation  1.9.15  could  be  approximated  by 


cr 


y  TTa 


(1.9.16) 


Irwin  also  noted  that  the  driving  force  or  input  energy  rate  G  was  directly 
related  to  the  square  of  the  magnitude  of  the  crack  tip  stress  field  for 
the  Griffith  center  crack  geometry  (Figure  1.9.2),  i.e.,  that 


G  = 


027Ta  K2 


E ? 


E? 


(1.9.17) 


(92) 

Later,  Irwin  reported  this  result  to  be  general  for  any  cracked  elastic  body 

based  upon  a  virtual  work  analysis  of  the  stresses  and  displacements  associ¬ 
ated  with  crack  tip  behavior  during  an  infinitesimal  crack  extension. 

1.9. 1.2  The  Relationship  between  G,  Compliance,  and  Elastic 
Strain  Energy 

If  one  defines  the  relationship  between  the  force  (P) 
applied  to  the  structure  shown  in  Figure  1.9.1  and  the  deformation  it  induces 
in  the  direction  of  load  as 


AL  =  C  •  P 


(1.9.18) 


where 

C  =  C(A)  (1.9.18a) 

is  the  compliance,  the  inverse  structural  stiffness,  which  varies  as  a  function 
of  crack  length  (area).  With  the  definitions  given  by  Equation  1.9.18, 
the  elastic  strain  energy  (V)  can  be  written  as 


V  = 


P.AL  CP' 


(1.9.19) 


1.9.7 


The  change  in  V  simultaneous  to  dA  and  dP  is: 


dV  = 


av 

3A 


dA  + 


3 V 

3P 


dP 


(1.9.20) 


which  leads  to 


p  2  j\/-i 

dV  =  —  —  dA  +  CPdP 
2  3A 

Similar  operations  on  changes  in  dL  (=  d(AL))  lead  to 

3C 

PdL  =  P2  t-  dA  +  PCdP 
3A 

So  that  the  input  energy  rate  (G)  based  on  Equation  1.9.2  becomes 


(1.9.21) 


r  =  dX  dG  =  PJ 

dA  dA  2 


dF 

dA 


(1.9.21) 


(1.9.22) 


r  =  Zi  sc  =  9v| 

b  2  3A  ~  3Alp  -  constant 


Showing  that  the  input  energy  rate  is  independent  of  the  variation  of  force 
during  any  incremental  crack  extension.  Thus,  Equation  1.9.22  reduces  to 

(1.9.23) 

Equation  1.9.23  provides  the  basis  for  experimentally  evaluating  the  crack 
driving  force  using  compliance  measurements  and  clearly  shows  that  the  rate  of 
energy  input  is  identically  equal  to  the  change  in  elastic  strain  energy  con¬ 
sidering  the  loading  force  constant.  When  one  conducts  a  similar  analysis  with 
the  displacement  (AL)  and  crack  area  (A)  as  independent  variables,  one  finds 
that 


r  3V 
®  ■  -  3A 


(1.9.24) 


AL  =  constant 

which  means  that  the  input  energy  rate  is  the  negative  of  the  areal  derivative 
of  elastic  strain  energy  considering  the  displacement  constant  during  crack 
extension.  This  is  the  so-called  fixed  displacement  condition.  The  term  strain 


1.9.8 


energy  release  rate  was  assigned  to  G,  the  input  energy  rate,  when  it  was 
realized  that  for  cracked  elastic  bodies  Equations  1.9.23  and  1.9.24  were 
generally  applicable. 

Figure  1.9.3  describes  the  change  in  elastic  strain  energy  which  occurs  when 
a  crack  grows  under  (a)  fixed  load  and  (b)  fixed  displacement  conditions.  It 
can  be  noted  that  the  difference  between  the  change  in  elastic  strain  energy 
for  the  two  cases  is  the  infinitesimal  area  %(dP).d(AL),  shown  cross-hatched 
in  Figure  1.9.3a.  For  the  case  of  the  fixed  load  condition  (Figure  1.9.3a), 
the  elastic  strain  energy  is  seen  to  increase  as  the  crack  grows;  the  gain  in 
elastic  strain  energy  is  greater  than  the  indicated  loss  (by  a  factor  of  2). 
For  the  case  of  the  fixed  displacement  condition  (Figure  1.9.3b),  the 
elastic  strain  energy  is  seen  to  decrease  as  the  crack  grows;  only  a  loss 
is  indicated. 

Some  important  observations  presented  in  the  subsection  are:  (a)  the  general 
form  of  Equation  1.9.17  can  be  utilized  to  relate  G  and  K;  (b)  G  is  equal  to 
the  negative  rate  of  change  in  the  potential  energy  of  deformation  (Equation 
1.9.5);  and,  (c)  G  is  related  to  the  areal  rate  of  change  in  compliance 
(Equation  1.9.23).  Note  that  by  combining  Equations  1.9.17  and  1.9.5  or 
1.9.23  the  analyst  and/or  experimentalist  has  energy-based  methods  for 
obtaining  estimates  of  the  stress-intensity  factor.  These  combinations  are 
discussed  in  Section  1.6.4  (See,  for  example.  Equation  1.6.35). 


1.9.9 


1.9.2  The  J-Integral,  J 


(93) 

In  1968,  Rice  published  a  paper  describing  a  path  in¬ 
dependent  integral  (J)  which  was  noted  to  be  equal  to  the  negative  of  the 
change  in  potential  energy  of  deformation  occuring  during  the  infinitesmal 
growth  of  a  crack  in  a  nonlinear  elastic  material,  i.e.  he  showed  that 


J  =  - 


(1.9.25) 


Rice’s  path  independent  integral  J  was  defined  by 


(4,93) 


J  =  J  (Wdy-  T  .  ds)  (1.9.26) 

r 

where  T  is  any  contour  surrounding  the  crack  tip,  traversing  in  a  counter 

clockwise  direction  (See  Figure  1.9.4),  W  is  the  strain  energy  density, 

■>  _  -> 

T  is  the  traction  on  r,  and  u  is  the  displacement  on  an  element  along  arc  s. 

Before  elaborating  on  a  detailed  description  of  the  parameters  involved  in 
the  calculation  of  the  J-Integral,  it  is  useful  to  note  that  Equation  1.9.25 
is  the  nonlinear  elastic  equivalent  of  Equation  1.9.5.  Thus,  for  linear 
elastic  materials,  J  reduces  to  the  value  of  the  strain  energy  release  rate, 
G,  i.e. 


J  =  G 


(1.9.27) 


and  the  J-integral  is  related  to  the  stress-intensity  factor  through  the 


1.9.10 


expression 


(1.9.28) 


where  E!  is  given  by  Equation  1.9.11. 

Equations  1.9.27  and  1.9.28  are  noted  to  be  valid  only  when  the  material 
is  behaving  in  a  linear  elastic  fashion.  When  values  of  the  J-Integral 
are  determined  via  Equation  1.9.26  using  finite  element  methods  applied 
to  linear  elastic  cracked  structures.  Equation  1.9.28  provides  the  engineer 
with  a  simple  energy-based  method  for  obtaining  stress-intensity  factors 
as  a  function  of  crack  length,  see  subsection  1.6.4. 

In  the  first  subsection  below,  the  calculations  associated  with  developing 
the  J-Integral  for  an  elastic-plastic  material  are  detailed.  In  the  second 
subsection,  some  engineering  approximation  methods  for  calculating  the 
J-Integral  are  outlined. 


1.9. 2.1  J-Integral  Calculations 


This  subsection  outlines  the  calculation  of  para¬ 


meters  involved  in  the  J-Integral.  Consideration  is  given  to  W,  T,  u,  and  T 
as  well  as  the  choice  of  material  stress-strain  behavior. 

The  strain  energy  density  W  in  Equation  1.9.26  is  given  by 


W  = 


f  [a  de 

J  XX 


+  a  dy  +  a  dy 

xx  xy  xy  xz  xz 


+  a  de  +  a  dy  +  a  de  ] 
yy  yy  yz  yz  zz  zz 


(1.9.29) 


and  for  generalized  plane  stress 


(1.9.30) 


1.9.11 


In  Equation  1.9.26,  the  second  integral  involves  the  scalar  product  of 
the  traction  stress  vector  T  and  the  vector  whose  components  are  the 
rate  of  change  of  displacement  with  respect  to  x.  The  traction  vector  is 
given  by 


=  T  i  +  T  j  =  (cr  .n  +  cr  .n  )  i  4*  (a  .n  +a  .n  )j  (1.9.31) 
x  y  J  xx  x  xy  y  yx  x  yy  y  J 


and  the  displacement  rate  vector  is  given  by 


a"  ^  A  A 

U  _  jiu  .  dV 

3x  3x  1  3x  ^ 


(1.9.32) 


where  u  and  v  are  the  displacements  in  the  x  and  y  directions,  respectively. 


Typically,  when  evaluating  the  J-Integral  value  via  computer,  rectangular 
paths  such  as  the  one  illustrated  in  Figure  1.9.5  are  chosen.  Noted  on  Figure  K 
1.9.5  are  the  values  of  the  outward  unit  normal  components  and  the  ds  path 
segment  for  the  four  straightline  segments.  For  loading  symmetry  about  the 
crack  axis  (x-axis),  the  results  of  the  integration  on  paths  0-1,  1-2,  and 
2-3  are  equal  to  the  integrations  on  paths  6-7,  5-6,  and  4-5,  respectively. 

Thus,  for  such  loading  symmetry,  one  can  write 


J  =  2 


7 

{/  [U~°xX 


3u 

3x 


-  a 


xy 


—  ] 

3x  J 


dy  4* 
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J  xy  3x 
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yy  3x 


]  dx 
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xy 


(1.9.33) 


1.9.12 


For  paths  of  the  type  shown  in  Figure  1.9.5,  the  J-Integral  can  be 
evaluated  by  the  integrations  indicated  in  Equation  1.9.33.  The  strain  energy 
density  W,  appearing  in  Equation  1.9.33,  is  given  by  Equation  1.9.29,  or 
by  Equation  1.9.30  for  plane  stress  conditions.  To  integrate  according  to 
Equations  1.9.29  or  1.9.30,  a  relationship  between  stresses  and  strains  is 
required.  For  material  exhibiting  plastic  deformations,  the  Prandtl- 
Reuss  equations  provide  a  satisfactory  relationship.  For  the  case  of  plane 
stress,  when  the  Prandtl-Reuss  relations  are  introduced  into  Equation  1.9.30, 
Equation  1.9.30  becomes 


(1.9.34) 


where  O’  and  £  are  the  equivalent  stress  and  equivalent  plastic  strain, 

P 

respectively.  The  strain  energy  density  will  have  a  unique  value  only  if 
unloading  is  not  permitted.  If  loading  into  the  plastic  range  followed  by 
unloading  is  permitted,  then  W  becomes  multivalued.  It  follows  that  J 
is  also  multivalued  for  this  occurrence. 

The  statements  made  in  the  preceding  paragraph  would  appear  to  seriously 

limit  the  use  of  J  as  a  fracture  criterion  since  the  case  of  loading  into 

the  plastic  range  followed  by  unloading  (i.e.,  the  case  for  which  J  is 

multivalued)  occurs  when  crack  extension  takes  place.  On  the  basis  of 

(97) 

a  number  of  examples,  Hayes  deduced  that  monotonic  loading  conditions 

prevail  throughout  a  cracked  body  under  steadily  increasing  load  applied  to 
the  boundaries,  provided  that  crack  extension  does  not  occur.  Thus,  valid 
J  calculations  can  be  performed  for  this  case. 
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1.9. 2.2  Engineering  Estimates  of  J 

While  the  J-Integral  was  developed  for  nonlinear 

elastic  material  behavior,  it  has  been  extensively  studied  for  its  direct 

(98-102) 

application  to  describing  elastic-plastic  material  behavior 

Its  nonlinear  elastic  foundation  has  provided  engineers  with  some  techniques 
which  allow  them  to  focus  on  the  combination  of  linear-elastic  and  plastic- 
strain  hardening  behavior  and  then  to  separate  these  two  components  for 
further  study  of  the  plastic  behavior.  The  J-Integral  for  an  elastic- 
plastic  material  is  taken  as  the  sum  of  two  component  parts:  the  linear 
elastic  part  (J^  )  and  the  plastic-strain  hardening  part  (J^) ,  i.e.. 


J  =  J  0  +  J  0 
ex,  p£ 


(1.9.35) 


which  when  used  in  conjunction  with  Equation  1.9.28  becomes 

2 

J  =  —  4-  J 

J  E 1  p£ 


(1.9.36) 


Engineering  estimates  of  J  then  focus  on  the  development  of  the  plastic-strain 

hardening  part  J  g .  Recently,  Shih  and  coworkers  10b)  ^ave  published 

p  J6 

a  series  of  reports  and  technical  papers  detailing  how  the  term  can  be 

calculated  from  a  series  of  finite  element  models  that  consider  changes  in 
material  properties  for  the  same  structural  geometry.  The  following  briefly 
describes  the  Shih  and  coworkers  method  for  estimating  . 
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First,  the  material  is  assumed  to  behave  according  to  a  power  hardening  con¬ 
stitutive  (a-e)  law  of  the  form 


|  =  cx  (  -2-)n  (1.9.37) 

Co  a0 

where  a  is  a  dimensionless  constant,  aQ  and  are  reference  (yield) 
stresses  and  strains  related  by  aQ  =  Ec0,  and  n  is  the  hardening  exponent. 
For  n  =  1,  the  material  behaves  as  a  linearly  elastic  material;  as  n 
approaches  infinity,  the  material  behaves  more  and  more  like  a  perfectly 
plastic  material.  For  a  generalization  of  Equation  1.9.37  to  multiaxial 
states  via  the  J2  deformation  theory  of  plasticity,  Ilyushin^^^  showed 
that  the  stress  at  each  point  in  the  body  varies  linearly  with  a  single 
load  such  as  a,  the  remotely  applied  stress,  under  certain  conditions. 


Ilyushin’s  analysis  allowed  Shih  and  Hutchinson 
for  crack  tip  stresses  under  contained  plasticity,  i 


to  use  the  relationship 
(109-110) 

e.  to  use 


XX 


=  Go( 


-J>1  -) 


JpJ  \  1+n 

0^0 


o  (0,  -  ) 

xx  n 


(1.9.38) 


and  similar  equations  for  a  ,  aXy’  etc*>  t0  relate  the  crack  tip  parameters 
uniquely  to  the  remotely  applied  load.  Note  that  J  ^  term  in  Equation 
1.9.38  acts  as  a  (plastic)  stress  field  magnification  factor  similar  to 
that  of  the  stress-intensity  factor  in  the  elastic  case.  The  form  of  the 
relationship  that  Shih  and  Hutchinson  postulated  is  given  by 


-El.  = 


n  +  1 


oca 
0  0 


(“— ) 


J  (^s  n) 


(1.9.39) 


1.9.15 


where  J  is  a  function  only  of  relative  width  (a/b)  and  n.  An  alternate 


form  of  Equation  1.9.39 

,  (104,  106,  111)  . 

codes  is 


that  has  been  previously  used  in  computer 


pl 


=  a  a  e  a 
o  o 


f  (-) 

i  v 


n) 


iW1 


(1.9.40) 


T 

where  P  is  the  applied  load  (per  unit  thickness) ,  is  the  theoretical 

limit  load  (per  unit  thickness),  f^  is  a  function  only  of  geometry  and  crack 

length,  while  h^  depends  on  geometry,  crack  length,  and  the  strain  hardening 

exponent  n.  Shih  and  co-workers  106)  ^ave  tabulated  the  functions  for 

a  number  of  geometries  for  conditions  of  plane  stress  and  plane  strain. 

From  the  reference  tabulated  data  (also  see  Reference  111) ,  these  functions 

can  be  obtained  by  interpolation  for  any  value  within  the  —  and  n  limits 

b 

given;  thus,  the  plastic  (strain  hardening)  component  of  Equation  1.9.36  can 
be  computed  for  any  given  applied  load  P  from  Equation  1.9.40. 


EXAMPLE  1.9.1  -  J  Estimated  for  Center  Crack  Panel 

Figure  1.9.1  describes  the  geometry  for  this  example  wherein  the  width  W  is 
set  equal  to  2b  and  the  load  P  is  expressed  per  unit  thickness.  Repeating 
Equation  1.9.36  to  describe  the  relationship  between  the  elastic  and  plastic 
components,  we  have 

K2 

J  =  gr  +  J  -  (1.9. 36R) 

From  elastic  analysis,  the  stress-intensity  factor  is  known  to  be  (see 
subsection  1.7.1): 


1.9.16 


(1.9.41) 


K  =  ^  sec  (g) 


For  the  strain  hardening  analysis,  Equation  1.9.40  is  employed,  i.e.,  we  use 

k  n+1 


=  aa~e~  3  '  fl(f}  '  hl(f’n)  *(^t) 


pi 


0  0 


(1.9.40R) 


For  a  center  crack  panel,  the  function  is  given  by 


(104,  106) 


fl  (b}  =  (2b2b  2a>  (1.9.42) 

and  the  limit  load  (per  unit  thickness)  is  given  by  either 

PT  =  — :  a  (b  -  a)  (1.9.43a) 

°  /T  0 

for  plane  strain  or  by 

PT  =  2a  (b  -  a)  (1.9.43b) 

o 

for  plane  stress.  The  supporting  data  for  calculating  the  function  h^  is 
supplied  by  Table  1.9.1a  for  plane  strain  conditions  and  by  Table  1.9.1b 
for  plane  stress  conditions.  The  other  functions  (h^  and  h^)  contained  in 
these  tables  support  displacement  calculations.  As  indicated  above,  data 
are  available  for  estimating  the  J-integral  according  to  this  approach  for 
a  number  of  additional  (simple)  geometries.  See  Reference  106  and  111 
for  further  examples. 
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In  the  application  of  Equation  1.9.36  to  structural  material  problems, 
it  has  been  found  that  better  correlation  with  experimental  results 

is  obtained  if  one  uses  the  plasticity  enhanced,  effective  crack  length 
(a^)  in  place  of  the  physical  crack  length  (a)  in  the  elastic  component 
expressions.  The  effective  crack  length  utilized  by  Bucci,  et  al. 
was  based  on  the  Irwin  plastic  zone  size  correction,  i.e.  the  effective 
crack  length  was  given  by 


a  =  a  +  r 
e  y 


(1.9.44) 


where 


1  K  .2 

r  —  ( - ) 

v  xt r  van 


with  x  =  2  for  plane  stress  and  x  =  6  for  plane  strain, 
intensity  factor  is  represented  by  K. 


(1.9.45) 
The  stress- 
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and  hQ  FOR  THE  PLANE  STRAIN  CCP  IN  TENSION  (REFERENCES  103,  104,  111) 
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and  h  FOR  THE  PLANE  STRESS  CCP  IN  TENSION  (REFERENCES  103,  104,  111) 
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1.9.3  Crack  Opening  Displacement  (COD) 

The  crack  opening  displacement  (COD)  parameter  was  proposed  to 

(94  113) 

provide  a  more  physical  explanation  for  crack  extension  processes.  5  The 

philosophy  was  based  on  a  crack  tip  strain  based  model  of  cracking  that  would 
allow  for  the  occurrence  of  elastic-plastic  material  behavior.  The  initial 
modeling,  however,  was  based  on  elasticity  solutions  of  crack  tip  displacements. 
Equation  1.9.46  describes  the  x  and  y  displacements  (u  and  v,  respectively)  in 
the  crack  tip  region  of  an  elastic  material: 


K  ,r  6  .  t  0  .  2  0, 

U  =  2^g^2tt  cos  *2  "  1  +  2sm  yj 


K  >r  0  r  ,  i  o  2  0i 

v  =  2G(2^  sin  j  [<  +  1  -  2cos  j) 


(1.9.46a) 


(1.9.46b) 


where  K  =  3  -  4v  for  plane  strain  and  K  =  (3  -  v)/(l  +  v)  for  plane  stress,  and 
where  G  is  the  shear  modulus  (G  =  0.5E/(1  +  v)).  If  the  angle  6  is  chosen  to  be 
180°  (tt )  ,  the  displacements  are  those  associated  with  crack  sliding  (u  component) 
or  opening  (v  component).  Under  mode  1  (symmetrical)  loading,  the  case  covered  by 
Equation  1.9.46,  the  sliding  displacement  term  is  noted  to  be  identically  zero; 
and  all  displacement  is  perpendicular  to  the  crack,  i.e.  only  opening  is  observed. 
Based  on  Equations  1.9.46  and.  1.9.11  and  the  definition  of  shear  modulus  (G) ,  the 
displacement  of  the  crack  relative  to  its  longitudinal  axis  (x  axis)  is 

V  =  fi-flL.)1*  (1.9.47) 

The  relative  movement  of  the  crack  faces  is  the  COD  and  it  is  twice  the  value 
obtained  by  Equation  1.9.47,  i.e. 

COD  =  2v  (1.9.48) 

One  immediate  observation  is  that  COD  will  vary  as  a  function  of  position  along 
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the  crack,  and  that  the  COD  at  the  crack  tip,  i.e.  at  r  =  0,  is  zero.  In  the 
quasi-elastic-plastic  analysis  performed  by  Wells,  the  crack  was  allowed  to  ex¬ 
tend  to  an  effective  length  (ag) ,  one  plastic  zone  radius  larger  than  the  physical 
crack  length  (a);  the  crack  opening  displacement  was  then  determined  at  the  loca¬ 
tion  of  the  physical  crack  tip.  Figure  1.9.6  describes  the  model  used  to  define 
the  crack  tip  opening  displacement  (CTOD) .  The  Wells  modeling  approach  leads 
one  to 


K  rv  i< 

CTOD  =  8 


(1.9.49) 


which  after  some  simplification  gives  the  CTOD  as 


(1.9.50) 


o 


It  is  immediately  seen  that  the  CTOD  is  directly  related  to  the  stress- 
intensity  factor  for  elastic  materials;  thus,  for  elastic  materials,  fracture 
criteria  based  on  CTOD  are  as  viable  as  those  based  on  the  stress-intensity 
factor  parameter.  The  other  relationships  developed  between  K  and  G  or  J 
in  this  section  allow  one  to  directly  relate  G  and  J  to  the  CTOD  in  the 
elastic  case. 

In  the  late  1960's,  Dugdale  conducted  an  elasticity  analysis  of  a 

crack  problem  in  which  a  zone  of  yielding  was  postulated  to  occur  in  a  strip 
directly  ahead  of  the  crack  tip.  The  material  in  the  strip  was  assumed  to 
behave  in  a  perfect  plastic  manner.  The  extent  of  yielding  was  determined 
such  that  the  singularity  at  the  imaginary  crack  tip  (see  Figure  1.9.7)  was 
mceled  due  to  the  balancing  of  the  remote  positive  stress-intensity  factor 
with  the  local  yielding  negative  stress-intensity  factor.  The  Dugdale 
quasi-elastic-plastic  analysis  provided  an  estimate  of  the  relative  displace¬ 
ment  of  the  crack  surfaces  for  a  center  crack  (crack  length  =  2a)  in  an 
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infinite  plate  subjected  to  a  remote  tensile  stress  ( O )  and  having  a 
yield  strength  equal  to  aQ,  the  CTOD  is 


CTOD  =  £n (sec (^-))  (1.9.51) 

o 

at  the  tip  of  the  physical  crack  tip  (a)  and  the  extent  of  the  plasticity  ahead 
of  the  crack  is 


r  /TT  O  N  !  -j 
0)  =  alsec(yjj-)  -  1] 

o 


(1.9.52) 


For  the  case  of  small  scale  yielding,  i.e.,  when  —  is  low,  the  CTOD  and  extent  of 

o 

plasticity  (w)  reduce  to 


-  o2 


CTOD  =  -t 


TTa  K 


E' a  E' a 
o  o 


(1.9.53) 


and 


•  W  s  1  (1.9.54) 

8  a  2 

O 

It  can  first  be  noted  that  the  extent  of  the  plasticity  (a))  is  only  about  20%  higher 
than  would  be  predicted  using  the  Irwin  estimate  of  the  plastic  zone  diameter 
(2ry).  The  level  of  CTOD  estimated  by  Equation  1.9.53  also  compares  favorably 
with  that  given  by  Equation  1.9.50;  Equation  1.9.53  gives  an  estimate  that  is 
about  30  percent  lower  than  Equation  1.9.50.  Numerous  other  studies  have  shown 
that  the  CTOD  is  related  to  the  stress-intensity  factor  under  conditions  of  small 
scale  yielding  through 


CTOD  =  a  ^5- 
o 

where  the  constant  a  ranges  from  about  1  to  1.5. 


(1.9.55) 


Experimental  measurements 


(115,  116) 
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have  indicated  that  a  is  close  to  1.0,  although  there  is  substantial  disagreement 
about  the  location  where  CTOD  should  be  measured. 

One  difficulty  with  elastic  analyses  is  that  the  crack  actually  remains  stationary 

and  thus  one  must  reposition  the  crack  through  a  quasi-static  crack  extension  so 

that  the  CTOD  for  the  actual  crack  can  be  assessed.  During  loading,  cracks  in 

ductile  materials  tend  to  extend  through  a  slow  tearing  mode  of  cracking  prior 

to  reaching  the  fracture  load  level.  In  these  cases,  the  amount  of  opening  that 

occurs  at  the  initial  crack  tip  represents  one  measure  of  the  crack  tip  strain; 

but,  this  parameter  depends  not  only  on  load,  initial  crack  length  and  material 

properties,  it  also  depends  on  the  amount  of  crack  extension  from  the  initial 

(93  117) 

crack  tip.  Rice  and  co-workers  9  attempted  to  provide  an  alternate  choice 

of  locating  the  position  where  CTOD  would  be  measured.  They  found  that  when  the 
CTOD  was  determined  for  the  position  shown  in  Figure  1.9.8,  the  CTOD  and  J  inte¬ 
gral  were  related  (for  ideally  plastic  materials)  by 

CTOD  =  d  —  (1.9.56) 

n  a 
o 

For  the  case  of  plane  stress  behavior,  d^  is  unity  and  for  plane  strain  behavior, 

d  is  about  0.78. 
n 

For  strain  hardening  materials  controlled  by  Equation  1.9.37,  Shih  and  co- 
workers^^’  H8)  ^ave  g^^  that  Equation  1.9.56  relates  J  and  CTOD  if  the  con¬ 
stant  d  is  replaced  with  a  function  that  is  strongly  dependent  on  the  strain 
n 

hardening  exponent  and  mildly  dependent  on  the  ratio  0^/E.  Thus,  there  is  a 
direct  relationship  between  CTOD  and  J  throughout  the  region  of  applicability 
of  the  J-Integral  and  CTOD  can  likewise  be  considered  a  measure  of  the  magnitude 
of  the  crack  tip  stress-strain  field. 
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Figure  1 


.9.1  Finite  Width,  Center  Cracked  Panel,  Loaded  in 
Tension  with  Load  P. 
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a 
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Figure  1.9.2  Griffith  Crack  and  Loading  Configuration,  Uniformally 

Loaded,  Infinite  Plate  with  a  Center  Crack  of  Length  2a. 
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d(AL) 


(a)  Fixed  Load  Condition 


(b)  Fixed  Displacement  Condition 


Figure  1.9.3  Load-Displacement  Diagrams  for  the  Structure 

Illustrated  in  Figure  1.9.1.  The  Diagram  Shows 
the  Changes  that  Occur  in  the  Elastic  Strain  Energy 
as  a  Crack  Grows  Under  the  Two  Defined  Conditions. 
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Figure  1.9.4 


J-Integral  Parameters  Illustrated. 
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Figure  1.9.5  Rectangular  Path  for  J  Calculation. 
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Figure  1.9.6.  Description  of  Model  Used  to  Establish  the  CTOD 
Under  Elastic  Conditions. 
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Figure  1.9.7.  Dugdale  Type  Strip  Yield  Zone  Analysis. 
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Figure  1.9.8.  Definition  of  the  Crack  Tip  Opening  Displacement  (CTOD) 
Per  Rice,  Shih,  and  Coworkers. 
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Definitions 


Minimum  Assumed  Initial  Damage  Size  (Section  2.4)  -  The  minimum  assumed 
initial  damage  size  is  the  smallest  crack-like  defect  which  shall  be 
used  as  a  starting  point  for  analyzing  residual  strength  and  crack 
growth  characteristics  of  the  structure. 

Minimum  Assumed  In-Service  Damage  Size  (Section  2.5)  -  The  minimum 
assumed  in-service  damage  size  is  the  smallest  damage  which  shall  be 
assumed  to  exist  in  the  structure  after  completion  of  an  in-service 
inspection. 

Minimum  Period  of  Unrepaired  Service  Usage  (Section  2.7)  -  The  minimum 
period  of  unrepaired  service  usage  is  that  period  of  service  time  during 
which  the  appropriate  level  of  damage  (assumed  initial  or  in-service)  is 
presumed  to  remain  unrepaired  and  allowed  to  grow  within  the  structure. 

Minimum  Required  Residual  Strength  Load  (Section  2.6)  -  The  minimum 
required  residual  strength  is  specified  as  the  smallest  internal  member 
load  which  the  aircraft  must  be  able  to  sustain  with  damage  present  and 
without  endangering  safety  of  flight  or  degrading  the  performance  of  the 
aircraft  for  the  specified  minimum  period  of  unrepaired  service  usage. 

Damage  Size  Growth  Limit  -  The  damage  size  growth  limit  is  the  maximum 
size  to  which  initial  or  in-service  size  damage  is  allowed  to  grow 
without  degrading  the  residual  strength  level  below  its  required  level. 


2.0.7 


2 . 1  GENERAL 


USAF  damage  tolerance  design  requirements  as  specified  in  MIL-A- 
83444  apply  to  all  safety  of  flight  structure,  i.e.,  structure  whose 
failure  could  cause  direct  loss  of  the  aircraft,  or  whose  failure,  if  it 
remained  undetected,  could  result  in  the  loss  of  aircraft.  The  require¬ 
ments  stipulate  that  damage  is  assumed  to  exist  in  each  element  of  new 
structure  in  a  conservative  fashion  (i.e.,  critical  orientation  with 
respect  to  stress  field  and  in  a  region  of  highest  stress).  The  struc¬ 
ture  must  successfully  contain  the  growth  of  the  initial  assumed  damage 
for  a  specified  period  of  service  while  maintaining  a  minimum  level  of 
residual  static  strength,  both  during  and  at  the  end  of  this  period. 

Figure  2.1.1  illustrates  these  requirements  in  a  diagrammatic  form.  Since 
residual  static  strength  generally  decreases  with  increased  damage  size, 
the  residual  strength  and  growth  requirements  are  coupled  through  the 
maximum  allowable  damage  size,  i.e.  the  damage  size  growth  limit 
established  by  the  minimum-required  residual  strength  load.  The  safe 
growth  period  (period  of  unrepaired  service  usage)  is  coupled  to  either 
the  design  life  requirement  for  the  air  vehicle  or  to  the  scheduled  in- 
service  inspection  intervals.  While  the  specific  requirements  of  MIL-A- 
83444  may  seem  more  complex  than  described  in  Figure  2.1.1,  all  essential 
elements  are  as  illustrated.  The  remainder  of  Chapter  2  will  describe 
these  individual  elements. 
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A  structure  can  be  qualified  under  one  of  two  categories  of  defined 
damage  tolerance  (referred  to  as  Design  Concepts  in  MIL-A-83444) . 

These  are: 

Slow  Crack  Growth  -  In  this  category,  structures  are  designed 
such  that  initial  damage  will  grow  at  a  stable,  slow  rate 
under  service  environment  and  not  achieve  a  size  large 
enough  to  cause  rapid  unstable  propagation. 

Fail  Safe  -  In  this  category,  structures  are  designed  such 
that  propagating  damage  is  safely  contained  by  failing  a 
major  load  path  or  by  other  damage  arrestment  features. 

In  Slow  Crack  Growth  qualified  structure,  damage  tolerance  (and  thus 
safety)  is  assured  only  by  the  maintenance  of  a  slow  rate  of  growth  of 
damage,  a  residual  strength  capacity  and  the  assurance  that  subcritical 
damage  will  either  be  detected  at  the  depot  or  will  not  reach  unstable 
dimensions  within  several  design  life  times.  In  Fail  Safe  qualified 
structure,  damage  tolerance  (and  thus  safety)  is  assured  by  the  allow¬ 
ance  of  partial  structural  failure,  the  ability  to  detect  this  failure 
prior  to  total  loss  of  the  structure,  the  ability  to  operate  safely  with 
the  partial  failure  prior  to  inspection  and  the  maintenance  of  specified 
static  residual  strength  throughout  this  period. 

MIL-A-83444  requirements  have  been  developed  with  the  intention  of 
providing  approximately  the  same  level  of  damage  tolerance  for  the 
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Slow  Crack  Growth  and  Fail  Safe  categories.  As  will  be  discussed  in 


Section  2.4,  this  is  accomplished  mainly  by  varying  the  assumed  initial 
flaw  sizes. 

Each  structure  must  qualify  within  one  of  the  designated  categories  of 
in-service  inspectability  (referred  to  as  "The  Degree  of  Inspectability" 
in  MIL-A-83444) ,  including  the  option  to  designate  Slow  Crack  Growth 
qualified  structure  as  "in-service  non-inspectable . "  The  various 
degrees  of  inspectability  refer  to  methods,  equipment,  and  other  tech¬ 
niques  for  conducting  in-service  inspections  as  well  as  accessibility 
and  the  location  of  the  inspection  (i.e.,  field  or  depot)  and  are 
defined  in  Section  6.2  of  MIL-A-83444. 

In  the  specification,  the  detailed  requirements  are  grouped  according 
to  the  particular  design  category: 

Slow  Crack  Growth:  Section  3.2.1 

Fail  Safe:  multiple  load  path  -  Section  3.2.2 

Fail  Safe:  crack  arrest  -  Section  3.2.3 

The  selection  of  the  most  appropriate  damage  tolerance  category  under 
which  to  qualify  the  structure  is  the  choice  of  the  designer/analyst. 

The  choice  of  degree  of  in-service  inspectability  is  somewhat  limited, 
however,  to  those  described  in  MIL-A-83444.  The  inspection  requirements 
have  been  developed  based  upon  past  and  present  experiences  and  are  felt 
to  be  reasonable  estimates  of  future  practice. 
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It  is  the  intent  of  the  specification  to  provide  for  at-least  design 
limit  load  residual  strength  capability  for  all  intact  structure  (i.e., 
for  subcritical  damage  sizes  in  slow  crack  growth  structure  and  damage 
sizes  less  than  a  failed  load  path  in  fail  safe  qualified  designs) . 

This  requirement  allows  for  full  limit  load  design  capability  and  thus 
unrestricted  aircraft  usage.  The  imposition  of  the  requirement  con- 
strains  structure  qualified  as  Slow  Crack  Growth  to  either  depot 
level  inspectable  or  in-service  non-inspectable. 

To  help  in  understanding  the  steps  required  to  utilize  MIL-A-83444,  the 
essential  elements  and  the  corresponding  paragraphs  required  for  the 
Slow  Crack  Growth  and  Fail  Safe  categories  are  indicated  in  Figure  2.1.2. 
Each  vertical  path  describes  the  sequence  to  be  followed  to  check  a 
structure  for  the  appropriate  category.  As  described  in  Section  2.2, 
fail  safe  structure  must  meet  both  the  intact  structure  and  remaining 
structure  requirements.  Slow  crack  growth  structure  will  meet  either 
the  depot  level  inspectable  or  the  non-inspectable  structure  require¬ 
ments.  For  each  structure,  evaluation  of  the  following  parameters  are 
required : 

a.  Design  Category  -  Optional  Choice  of  Designer 

b.  Degree  of  In-Service  Inspectability  -  Types  of 
Inspection  defined  -  selection  of  category  is  program 
option. 


2.1.4 


c.  Inspection  Intervals  -  Values  specified  for  various 
categories  -  should  be  used  in  design  but  may  be 
altered  for  specific  design  based  on  individual 
system  needs, 

d  Initial  Damage  -  In-Service  Damage  and  Continuing 
Damage  Assumptions  -  Values  specified  -  alternate 
values  allowed  if  justified  and  demonstrated  (See 
Section  2.4,4) . 

e.  Minimum  Required  Residual  Strength  -  Means  of  obtaining 
value  specified  in  terms  of  inspection  categories  and 
inspection  intervals  -  no  options  provided. 

f.  Damage  Size  Growth  Limits  -  Defined 

g.  Periods  of  Unrepaired  Service  Usage  -  Specified 

h.  Remaining  Structure  Damage  Sizes  -  Defined 

A  summary  of  the  MIL-A-83444  requirements  for  Slow  Crack  Growth  Structure 
and  for  Fail  Safe  Structure  have  been  provided  in  Tables  2.1.1  and  2.1.2, 
respectively.  Note  that  Table  2.1.2  applies  equally  well  to  multiple 
load  path  and  to  crack  arrest  types  of  Fail  Safe  Structure. 
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FAIL-SAFE  STRUCTURE  REQUIREMENTS 
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AT  TIME  OF  FAILURE  OR  ARREST 


A 


Residual 

Static 

Strength 
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Indicates  that  Strength 
Capability  Decreases  with  * 
Increased  Damage  Size  I 


Minimum  Requirec; 
Residual  Strength 
Load  (See  Section  \ 

_2-_5) _ V 


Minimum  Period  of  j 

w 

Unrepaired  Service  | 

Usage  (See  Section  2.6)  I 


Service  Exposure 
Time  Period 


(a)  Residual  Strength  Diagram 


Damage 

Size 


Minimum  Assumed 
Initial  and 
Inservice  Damage 
Size  (See  Section 
2.4) 
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Damage  Size 
Growth  Limit 


Indicates  that  Damage 
Size  Increases  as  a 
Function  of  Servic 
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— i 


Minimum  Period  of 
Unrepaired  Service 
Usage  (See  Section  2.6) 


(b)  Damage  Growth  Diagram 


Service  Exposure 
Time  Period 


Figure  2.1.1.  Residual-Strength  and  Damage-Growth  Requirements. 
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Figure  2.1.2.  (Continued). 
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Figure  2.1.2.  (Continued) 
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Figure  2.1.2 


(Continued) 
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Figure  2.1.2.  (Concluded) 
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2.2  DESIGN  CATEGORY 


Selection  of  the  appropriate  design  category  (e.g.  Fail  Safe  or  Slow 
Crack  Growth)  (Figure  2.2.1)  is  the  initial  step  in  applying  MIL-A-83444. 
In  the  development  of  the  specification,  it  was  recognized  that  multiple 
load  path  and  crack  arrest  type  structure  have  inherent  potential  for 
tolerating  damage  by  virtue  of  geometric  design  features.  On  the  other 
hand,  it  is  often  not  possible  to  avoid  primary  structure  with  only  one 
major  load  path  and  some  provisions  are  necessary  to  ensure  that  these 
situations  can  be  designed  to  be  damage  tolerant.  It  is  the  intent  of 
the  specification  to  encourage  the  exploration  of  the  potentials  for 
damage  tolerance  in  each  type  of  structure.  Single  load  path  or  mono¬ 
lithic  structures  must  rely  on  the  slow  rate  of  growth  of  damage  for 
safety  and  thus,  the  design  stress  level  and  material  selection  become 
the  controlling  factors. 

While  single  load  path  "monolithic’1  structures  must  be  qualified  as 
Slow  Crack  Growth,  the  designer  has  the  choice  of  category  for  quali¬ 
fication  of  multiple  load  path  cases.  The  decision  may  be  made  to 
qualify  multiple  load  path  structure  as  Slow  Crack  Growth  for  various 
reasons.  The  two  reasons  most  frequently  given  are  (1)  the  difficulty 
in  meeting  portions  of  the  Fail  Safe  structural  requirement  (e.g.,  Re¬ 
maining  Structural  Damage  Growth,  or  Residual  Strength) , and  (2)  con¬ 
ducting  an  analysis  for  Slow  Crack  Growth  Structure  is  less  complex. 
Therefore,  the  method  of  construction  may  not  agree  with  the  design 
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category  selected,  i.e.  all  multiple  load  path  structure  is  not  fail 


safe.  The  specification  allows  this  flexibility.  The  most  important 
factor  to  consider  when  deciding  on  the  design  category  option  is  that 
once  a  design  category  is  chosen,  the  structure  must  meet  all  the 
requirements  in  the  specification  that  cover  that  category. 

The  mere  fact  that  a  structure  has  alternate  load  paths  (local  redundancy) 
in  some  locations  does  not  necessarily  qualify  it  as  Fail  Safe.  Some 
examples  are  helpful  in  illustrating  this  point: 

EXAMPLE  2.2.1  -  Identifying  Non-Redundant  Structure 

The  fitting  illustrated  in  Figure  2.2.2  has  multiple  lug  ends  at  the 
pinned  connection.  Failure  or  partial  failure  of  one  of  the  lugs  (A) 
would  allow  the  load  to  be  redistributed  to  the  remaining  sound  structure. 
Localized  redundancy  is  often  beneficial  and  in  this  case  is  good  design 
practice.  However,  the  fitting  cannot  be  qualified  as  Fail  Safe  multiple 
Load  Path  structure  since  the  occurrence  and  growth  of  damage  at  a 
typical  location  (B)  would  render  the  structure  inoperative.  The  only 
means  of  protecting  the  safety  of  this  structural  element  would  be  to 
qualify  it  as  Slow  Crack  Growth. 


EXAMPLE  2,2.2  -  Choice  Options  for  Redundant  Structure 
As  shown  in  Figure  2.2.3,  a  wing  box  is  attached  to  the  fuselage 
carry  through  structure  by  multiple  fittings.  The  upper  and  lower  skin 
are  one  piece  for  manufacturing  and  cost  reduction.  The  substructure 
consists  of  multiple  spars  spaced  to  attach  to  the  individual  attachment 
fittings . 
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A  case  could  be  made  to  qualify  this  structure  as  Fail  Safe  Multiple 


Load  Path.  Depending  upon  the  amount  of  bending  carried  by  the  spars, 
it  would  be  possible  to  design  the  structure  such  that  damage  in  the 
skin  would  be  arrested  at  a  spar  prior  to  becoming  critical.  The  design 
might  also  tolerate  failure  of  one  spar  cap  and  a  portion  of  the  skin, 
prior  to  catastrophic  failure.  The  attachment  system  could  be  designed 
to  satisfy  Fail  Safe  requirements  with  one  fitting  failed. 

On  the  other  hand,  if  the  skin  was  the  major  bending  member  with  a 
design  stress  of  sufficient  magnitude  to  result  in  a  relatively  short 
critical  crack  length,  then  the  skin  and  spar  structure  could  only  be 
qualified  as  Slow  Crack  Growth  structure. 

Examples  2.2.1  and  2.2.2  illustrate  the  fact  that  a  structure  is  often 
locally  redundant  (usually  good  design  practice) ,  but  in  an  overall 
sense  may  have  some  restriction  such  that  one  is  not  able  to  take 
advantage  of  the  localized  redundancy  in  order  to  qualify  the  structure  as 
Fail  Safe.  Considerable  judgement  is  required  for  the  selection  of 
potential  initial  damage  locations  for  the  assessment  of  damage  growth 
patterns  and  the  selection  of  major  load  paths.  The  qualification  as 
Fail  Safe  is  thus  a  complex  procedure  entailing  judgment  and  analysis. 
Because  of  this,  the  choice  is  often  made  to  qualify  the  design  as 
Slow  Crack  Growth  regardless  of  the  type  of  construction. 
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This  category  includes  all  types 
of  structures,  single  and  multiple 
load  path  which  are  designed  such 
that  initial  damage  will  grow  at  a 
stable,  slow  rate  and  not  achieve 
a  size  large  enough  to  fail  the 
structure  for  a  specified  slow 
crack  growth  period.  Safety  is 
assured  by  the  slow  rate  of  growth. 


Usually  structure  comprised 
of  multiple  elements  or  load 
paths  such  that  damage  can 
be  safely  contained  by  fail¬ 
ing  a  load  path  or  by  the 
arrestment  of  a  rapidly 
running  crack  at  a  tear  strap 
or  other  deliberate  design 
feature.  Fail  safe  structure 
must  meet  specific  residual 
strength  requirements  follow¬ 
ing  the  failure  of  the  load 
path  or  the  arrestment  of  a 
running  crack,  safety  is 
assured  by  the  allowance  of  a 
partial  failure  of  the  struc¬ 
ture,  the  residual  strength 
and  a  period  of  usage  during 
which  the  partial  failure  will 
be  found. 


Figure  2.2.1.  Damage-Tolerance  Structural  Design 
Categories. 
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Figure  2.2.2  Lug  Example  (Slow  Crack  Growth)* 
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2.3  INSPECTION  CATEGORIES  AND  INSPECTION  INTERVALS 


Specifications  for  degree  of  inspectability  are  contained  in 
Section  6.2.1  of  MIL-A-83444.  This  information  is  reproduced  in  Table 
2.3.1.  For  each  individual  aircraft  system,  the  Air  Force  is  obligated 
to  specify  the  planned  major  depot  and  base  level  inspection  intervals  to 
be  used  in  the  design  of  the  aircraft.  Typically,  these  intervals  will 
be  approximately  1/4  of  the  design  service  life.  The  types  and  extent 
of  inspection  (i.e.,  equipment,  accessibility,  necessity  for  part  removal, 
etc.)  required  at  each  of  these  major  inspections  is  dependent  upon  the 
specific  aircraft  design  and  modifications  resulting  from  development 
and  full-scale  tests  or  service  experience.  The  Air  Force  wants  its 
contractors  to  design  a  damage  tolerant  structure  which  will  minimize 
the  need  for  extensive  non-destructive  depot  or  base  level  inspections. 
Primary  emphasis  should  therefore  be  placed  on  obtaining  designs  for 
which  significant  damage  sizes  can  readily  be  found  by  visual  inspection. 
However,  where  periodic  inspections  are  required  to  satisfy  the  damage 
tolerance  requirements,  the  contractor  must  recognize  that  the  USAF 
will  probably  conduct  the  inspections.  The  in-service  damage  sizes 
associated  with  the  inspection  categories  of  MIL-A-83444  reflect  the 
estimated  capability  of  the  Air  Force  to  find  damage. 

The  design  of  some  aircraft  components  for  intermediate  special 
visual  inspections  (6. 2, 1.4),  typically  once  per  year,  may  be  advanta- 
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of  the  aircraft  for  the  purpose  of  finding  damaged  structure.  The 
procedure  may  include  removal  of  access  panels  and  doors,  and  may 
permit  simple  visual  aids  such  as  mirrors  and  magnifying  glasses. 

Removal  of  paint,  sealant,  etc.,  and  use  of  NDI  techniques  such  as 

penetrant,  X-ray,  etc.  are  not  part  of  a  special  visual  inspection.  One  Year 
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geous  from  a  performance  or  cost  standpoint  and  may  be  used  by  the 


contractor  in  satisfying  the  requirements.  Normally,  special  visual 
inspections  will  not  be  specified  by  the  Air  Force  in  the  design  and 
development  stage  but  may  be  dictated,  subsequent  to  design,  by  the 
results  of  testing  or  service  experience. 

Other  visual  inspectability  levels  include  the  categories  of  walk-around 
(6. 2. 1.3),  ground  evident  (6. 2. 1.2),  and  in-flight  evident  (6. 2. 1.1) 
inspectable . 

The  assumed  Air  Force  depot  or  base  level  inspection  capabilities  depend 
on  the  type  of  inspection  performed.  In  special  cases  where  potential 
benefits  justify  it,  the  contractor  may  recommend  to  the  Air  Force  that 
specific  components  be  removed  from  the  aircraft  and  inspected  during 
scheduled  depot  or  base  level  inspections.  If  approval  is  given,  the 
recommendations  may  be  incorporated  during  design.  In  these  cases, 
the  assumed  initial  damage  sizes  subsequent  to  the  inspection  shall  be 
the  same  as  those  in  the  original  design  providing  the  same  inspection 

: k 

procedures  are  used  and  certified  inspection  personnel  perform  the 
inspection. 

Conventional  NDI  procedures  such  as  X-ray,  penetrant,  magnetic  particle, 
ultrasonic,  and  eddy  current  are  generally  available  for  depot  or  base 
level  inspections.  Such  inspection  procedures  will  be  performed  as 

* 

Certified  inspection  personnel  must  meet  all  requirements  imposed  by 
the  manufacturer  on  those  who  initially  inspected  the  given  safety-of- 
flight  critical  structure  during  production. 
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dictated  by  the  specific  aircraft  design  inspection  requirements,  or 
as  modified  because  of  subsequent  tests  and  service  experience.  In 
establishing  the  design  inspection  requirements,  the  contractor  should 
attempt  to  minimize  the  need  for  such  NDI ,  He  should  not  plan  on  (nor 
design  for)  general  fastener  pulling  inspections. 

The  specified  frequency  of  inspections  for  each  of  the  inspec tability 
levels  is  indicated  in  3. 2. 2.1  of  MIL-A-83444  and  Table  2.3.1  and  is 
based  on  estimates  of  typical  inspection  intervals.  As  previously 
mentioned,  the  typical  depot  or  base  level  frequency  is  once  every  one 
quarter  of  the  design  lifetime  but  may  be  otherwise  specified  in  the 
appropriate  contractual  document.  Special  visual  inspectable  requires 
Air  Force  approval  before  being  considered  as  a  design  constraint  but, 
if  approved,  shall  not  be  required  more  frequently  than  once  per  year. 
The  justification  for  this  restriction  is  cost  and  maintenance  schedule 
requirements . 
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2.4  INITIAL  DAMAGE  ASSUMPTIONS 


2.4.1  Intact  Structure  Primary  Damage  Assumption 

The  basic  premise  in  arriving  at  the  initial  damage  sizes  is 
the  assumption  that  the  as-fabricated  structure  contains  flaws  of  a  size 
just  smaller  than  the  maximum  undetectable  flaw  size  found  with  the  NDI 
procedures  used  on  the  production  line.  Typical  types  of  manufacturing 
damage  which  have  been  seen  on  past  military  aircraft  programs  are  shown 
in  Figure  2.4.1.  These  flaw  size  shapes  which  are  intended  to  be  covered 
by  the  initial  flaw  size  assumptions  include  radial  tears,  drilling  burrs, 
and  rifle  marks  at  fastener  holes  as  well  as  forging  defects,  welding 
defects ,  heat  treatment  cracks,  forming  cracks,  and  machining  damage  at 
locations  other  than  fastener  holes. 

Figure  2.4.2  summarizes  the  initial  damage  assumptions  for  intact  structure 
as  specified  in  MIL-A-83444.  These  assumptions  -  relative  to  the  size, 
shape  and  location  -  were  based  on  a  review  of  existing  NDI  data.  The 
crack  length  values  given  in  Figure  2.4.2  were  selected  as  most  appropriate 
for  the  types  of  cracks  considered  and  for  the  two  design  categories. 

The  difference  in  crack  sizes  specified  for  the  two  design  categories  was 
dictated  in  part  by  the  reliability  of  the  NDI  procedures  and  in  part  by  the 
desire  to  achieve  a  high  level  of  damage  tolerance  in  Slow  Crack  Growth 
(single  load  path)  structure.  For  any  NDI  procedure/material/structure 
combination,  the  maximum  undetectable  flaw  size  can  only  be  specified  in 
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a  meaningful  manner  if  the  probability  of  detecting  that  flaw  and 


the  confidence  level  associated  with  that  probability  are  also  specified. 
The  intact  structure  initial  damage  assumptions  in  MIL-A-83444  assume 
that  the  probability  of  detection  (POD)  and  confidence  levels  are  90% 
and  95%,  respectively,  for  the  Slow  Crack  Growth  category  and  90%  and 
50%,  respectively,  for  the  Fail  Safe  category  (see  Figure  2.4.3).  The 
90%-95%  values  were  selected  as  being  economically  practical  from  the 
standpoint  of  performing  a  non-destructive  test  demonstration  program 
(see  also  Chapter  3.0).  The  90%  is  also  the  basis  for  MIL-HDBK-5  for 
MB"  allowable  values.  The  same  probability  of  detection  value  (i.e. ,  90%) 
is  specified  for  the  Fail  Safe  category  as  for  the  Slow  Crack  Growth 
category  since  NDI  capability  is  not  category  dependent  in  the  sense 
specified  in  MIL-A-83444.  Because  of  the  fracture  containment  capabilities 
and  required  in-service  inspectability  of  the  Fail  Safe  category,  it 
appeared  reasonable  to  accept  a  lower  confidence  level  on  detectability. 

A  somewhat  lower  arbitrary  value  of  50%  was  accepted.  This,  in  effect, 
resulted  in  a  smaller  value  of  required  initial  flaw  size  assumption 
for  the  intact  structure  requirement  of  the  Fail  Safe  category  than  for 
the  Slow  Crack  Growth  category.  The  specified  probability  and  confidence 
levels  may  be  changed  in  future  revisions  to  MIL-A-83444  as  planned 
studies  add  more  data. 
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The  Slow  Crack  Growth  initial  damage  sizes  are  based  on  NDI  probability 


of  detection  (POD)  data  (90  percent  probability  of  detection  with  95 
percent  confidence).  The  0.050  inch  crack  size  for  holes  and  cutouts 
is  based  on  POD  data  obtained  in  the  lab  using  eddy  current  inspection 
with  fastener  removed.  (See,  for  example.  Figure  2.4.4).  The  surface 
flaw  size,  0.250  inch  long  by  0.125  inch  deep,  was  obtained  from  Air 
Force  sponsored  inspection  reliability  programs  where  several  techniques 
were  used  including  ultrasonic,  dye  penetrant  and  magnetic  particle 
(Figure  2.4.5).  In  these  programs,  most  techniques  were  found  to  be 
sensitive  to  both  surface  length  and  flaw  depth  and  thus  the  NDI 
capability  must  be  judged  in  terms  of  the  flaw  shape  rather  than  simply 
surface  length  or  crack  depth. 

Obviously,  for  parts  where  thickness  is  less  than  or  equal  to  the 
specified  depths  of  surface  or  corner  flaws,  provisions  must  be  made  to 
handle  the  analysis  of  the  deep  flaw  case.  The  specification  stipulates 
that  a  through-the-thickness  flaw  is  assumed  for  thickness  less  than 
the  specified  depth  of  cracks  (Figure  2.4.6). 

2.4.2  Intact  Structure  -  Marginal  Hole  Quality 

As  a  means  of  assessing  the  quality  of  fastener  holes  in 
military  aircraft,  regression  analyses  of  crack  growth  tests  have  been 
conducted.  The  results  of  these  studies  indicate  that  estimates  of 
initial  quality  for  fastener  holes  can  be  assigned  in  terms  of  an 
apparent  analytical  initial  flaw  and  thus  degrees  of  quality  can  be 
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expressed  in  terms  of  the  apparent  initial  flaw  size,  (i.e.,  the  larger 
the  apparent  initial  crack,  the  worse  the  quality)  (Figure  2,4.7). 

The  results  of  the  F-4  Durability  and  Damage  Tolerance  Analysis  studies 
indicate  that  marginal  quality  holes  (i.e. ,  holes  containing  minor 
discrepancies  of  various  types)  can  be  characterized  as  having  initial 
damage  equivalent  to  a  small  corner  crack  of  the  order  of  0.002-0.010  inch 
in  radius.  Accordingly,  MIL-A-83444  assumes  that  any  fastener  hole  in 
the  structure  can  be  marginal  and  can  have  an  initial  damage  equivalent 

to  a  0.005  inch  radius  corner  flaw.  Thus,  the  specification  requires 
assuming  that  this  flaw  exists  at  each  fastener  hole  within  the 
structure  at  the  time  of  manufacture.  Since  the  0.005  inch  size  is 
based  on  limited  data,  the  contractor  may  provide  data  representing  his 
own  manufacturing  quality  and  negotiate  with  the  Air  Force  for  a 
smaller  size  of  the  apparent  initial  flaw  to  represent  marginal  hole 
quality. 

The  0.005  inch  corner  flaw  representing  marginal  quality  holes  is  the 
basis  for  the  fastener  policy,  continuing  damage,  and  remaining 
structure  damage  requirements. 

2.4. 2.1  Continuing  Damage 

In  applying  MIL-A-83444  to  a  built-up  structure, 
it  is  noted  that  cyclic  growth  behavior  of  primary  damage  may  be  influ¬ 
enced  by  the  geometry  of  the  structure  or  the  arrangement  of  the  elements. 
In  order  to  provide  an  orderly  and  progressive  path  for  the  crack  that 
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eventually  causes  the  structure  to  fail,  the  continuing  damage  assumptions 
were  incorporated.  There  are  three  cases  where  the  continuing  damage 
assumptions  are  made  in  order  to  keep  the  crack  moving;  these  cases  are 
described  with  examples. 

Figure  2. A. 8  describes  a  skin-stringer  construction  where  equivalent 
initial  (primary)  damage  is  assumed  to  exist  in  both  elements  of  the  hole 
marked  A.  According  to  MIL-A-83444  paragraph  3.1.1,  all  other  holes  are 
secondary  cracking  sites  (marked  B)  and  contain  the  small  imperfections 
equivalent  to  the  0.005  inch  radius  corner  flaw.  As  the  primary  damage 
progresses  in  both  the  skin  and  stringer  eventually  the  radial  crack  in 
the  stringer  will  extend  to  the  edge  of  the  stringer  (Figure  2.4.8  - 
cracking  sequence  ( ii ) ) .  At  this  time,  a  new  crack,  equivalent  to  the 
0.005  inch  radial  crack  flaw,  is  assumed  to  exist  on  the  diametrically 
opposite  side  of  the  failed  hole  (Figure  2.4.8  -  cracking  sequence  (iii)) 
so  that  the  growth  process  can  continue  until  the  complete  stringer  fails 
(Figure  2.4.8  -  cracking  sequence  (iv)). 

Under  the  condition  that  the  primary  damage  terminates  due  to  a  member  or 
element  failure,  such  as  was  illustrated  in  Figure  2.4.8,  the  designer  is 
required  to  assume  that  continuing  damage  is  present.  The  continuing 
damage  is  assumed  to  be  present  at  the  most  critical  location  in  the 
remaining  element  or  structure.  The  continuing  damage  is  a  crack  that 
starts  from  an  initial  small  imperfection  and  grows  at  this  secondary 
site  until  the  element  failure  occurs  at  the  primary  site.  Figure  2.4.9 
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illustrates  several  choices  for  potential  critical  locations  where 
continuing  damage  might  be  assumed  subsequent  to  the  failure  of  the 
stringer.  Site  1  is  assumed  to  be  an  adjacent  hole  and  the  crack  growth 
is  in  the  skin  and  opposite  in  direction  to  the  primary  skin  crack.  Such 
a  situation  would  eventually  result  in  a  stepwise  shift  in  the  crack 
growth  path.  Most  logically,  this  type  of  damage  could  be  assumed  to 
exist  at  the  primary  damage  site  in  the  skin  on  the  diametrically  opposite 
side  of  the  hole  once  the  stiffener  fails.  Site  2  is  located  in  the  skin 
and  would  provide  a  path  for  link-up  with  the  primary  crack.  Site  3  is 
located  in  a  parallel  stringer  -  skin  hole  and  would  also  allow  for 
possible  link-up  with  the  primary  crack. 

Figure  2.4.10  describes  the  type  of  continuing  damage  assumption  that  the 
designer  must  make  when  the  assumed  primary  damage  enters  into  and 
terminates  at  a  fastener  hole.  The  continuing  damage  in  this  case  is  a 
crack  on  the  opposite  side  of  the  hole  entered  by  the  primary  crack.  The 
continuing  damage  crack  is  taken  as  the  crack  which  has  grown  from  an 
initial  small  imperfection  (0.005  inch  radial  corner  crack)  through  the 
time  period  that  it  takes  the  primary  damage  to  terminate  at  the  hole. 

2.4. 2,2  Fastener  Policy 

In  practice,  the  growth  of  flaws  from  fastener 
holes  can  be  retarded  by  the  use  of  interference  fit  fasteners,  special 
hole  preparation  (e.g.  cold  work),  and, to  some  degree;by  joint  assembly 
procedures  (e.g.  friction  due  to  joint  clamp-up) .  Because  these  procedures 
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delay  flaw  growth,  the  slow  crack  growth  lives  (or  intervals)  can  be 
significantly  longer  than  those  obtained  from  structure  containing  con¬ 
ventional  low  torque  clearance  fasteners  (Note:  In  practice,  it  may  be 
possible  to  permanently  delay  growth  at  a  flawed  hole  with  certain  types 
of  fastener  systems) . 

It  is  the  intent  of  the  fastener  policy  to  encourage  contractors  to 
enhance  the  safety  and  durability  of  the  structure  through  the  use  of 
these  flaw  growth  retarding  fastener/hole  preparation  systems.  Experience 
has  shown  that  to  achieve  the  beneficial  effects  of  these  techniques  con¬ 
sistently,  exceptionally  high  quality  process  control  is  required  during 
manufacture.  However,  this  is  not  always  obtained.  As  a  result,  it  is 
thought  unwise  to  consider  all  interference  or  hole  preparation  systems 
effective  in  retarding  crack  growth.  On  the  other  hand,  there  is  generally 
a  low  probability  of  having  an  ineffective  interference  fastener  or  no 
cold  work  in  a  hole  containing  the  primary  damage  (i.e.,  those  specified 
in  Section  3. 1.1.1  (a,b)  of  MIL-A-83444)  and  it  would  be  unnecessarily 
conservative  to  assume  this  were  the  case.  Accordingly,  the  policy  set 
forth  (3.1.1.1c  of  MIL-A-83444)  assumes  that  any  given  fastener/hole 
preparation  may  be  ineffective  in  retarding  flaw  growth;  however,  the 
assumed  initial  damage  in  the  hole  is  equivalent  to  that  associated  with 
a  marginal  quality  hole  (0.005  inch)  rather  than  the  capabilities  of 
non-destructive  inspection. 
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2.4.3  In-Service  Inspection  Damage  Assumptions  (Minimum  Assumed) 


The  basic  rationale  used  to  write  assumed  sizes  following 
an  in-service  inspection  is  essentially  the  same  as  for  the  case  of 
intact  structure.  Once  it  is  established  that  reliance  on  in-service 
inspection  is  required  (as  opposed  to  desired)  to  ensure  safety,  the 
damage  size  assumed  to  exist  after  an  in-service  inspection  is  that 
associated  with  the  appropriate  level  of  NDI  capability  as  opposed  to 
that  associated  with  initial  manufacturing  inspection  capability.  In 
special  cases  where  specific  part  removal  at  the  depot  is  economically 
warranted,  the  contractor  may  recommend  that  this  action  be  taken.  In 

this  case,  the  assumed  damage  subsequent  to  part  removal  and  inspection 

may  be  smaller  than  that  associated  with  in-service  inspection  capabilities. 
It  may  in  fact  be  the  same  as  in  the  original  design, providing  the  same 

inspection  procedures  as  used  in  production  are  used  and  certified 

•k 

inspection  personnel  perform  the  inspection. 

Figure  2.4.11  summarizes  the  in-service  post  inspection  damage  sizes  as 
a  function  of  conditions  and  thickness.  With  fasteners  installed  and 
sufficient  accessibility  to  the  location,  the  maximum  undetectable  damage 
size  is  0.25  inch  of  uncovered  length  at  fastener  holes.  Depending  upon 
part  thickness,  this  damage  may  be  a  through  or  part-through  flaw.  The 

* 

Certified  inspection  personnel  must  meet  all  requirements  imposed  by 
the  manufacturer  on  those  who  initially  inspected  the  given  safety-of- 
f ] ^ght  critical  structure  during  production. 


2.4.8 


flaw  size  was  established  based  on  limited  available  inspection  relia¬ 
bility  data  where  the  inspection  was  performed  on  the  assembled  aircraft 
as  opposed  to  the  part  level  inspection  performed  during  luc-iun 
fabrication  (Figure  2.4.4).  These  assumptions  are  considered  to  be 
applicable  for  penetrant,  magnetic  particle,  and  ultrasonics.  Because 
of  lack  of  sensitivity,  X-ray  is  not  considered  appropriate  for  determin¬ 
ing  tight  fatigue  cracks  and  thus  is  not  applicable  to  these  flaw  size 
assumptions . 

At  locations  other  than  holes  or  cutouts,  a  flaw  size  of  surface  length 
0.50  inch  is  assumed  to  be  representative  of  depot  level  capability, 
although  this  value  has  not  been  substantiated  by  inspection  reliability 
data.  Where  visual  inspection  is  performed  on  the  assembled  aircraft, 
the  minimum  assumed  damage  is  an  open  through  the  thickness  crack  having 
an  uncovered  length  of  2  inches.  This  value  was  established  based  on 
visual  inspection  reliability  data  derived  from  inspection  of  large 
transport  type  aircraft  during  fatigue  testing  and  subsequent  teardown 
inspection  (See  Figure  2.4.12). 

The  data  base  for  establishing  values  for  in-service  inspection  is  limited 
and  in  most  cases  the  values  are  estimates.  The  maximum  undetectable  flaw 
sizes  stated  in  this  subsection  are  the  result  of  data  collected  through 
approximately  1974.  Current  and  future  planned  studies  will  extend  the 
flaw  size  data  base  to  substantiate  or  revise  the  current  MIL-A-83444 
post-inspection  flaw  sizes. 
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2.4.4  Demonstration  of  Primary  Flaw  Sizes  Smaller  Than  Those 

Specified 

For  the  Slow  Crack  Growth  category,  an  allowance  is  made  so 
that  the  contractor  can  select  primary  crack  sizes  smaller  than  specified 
in  MIL-A-83444.  At  the  current  time,  the  contractor  does  not  have  the 
freedom  to  select  smaller  initial  damage  sizes  for  the  Fail  Safe  category 
because  the  choices  of  damage  here  were  intially  selected  to  be  a  factor 
of  2.5  smaller  than  the  Slow  Crack  Growth  category  and  were  deemed  to  be 
at  the  state-of-the-art. 

The  choice  of  initial  smaller  primary  damage  for  the  Slow  Crack  Growth 
category  must  be  justified  either  through  (a)  an  NDI  demonstration  or  (b) 
a  proof  test: 

a.  NDI  Demonstration  Program  -  As  described  in  paragraph 

3. 1.1.1  of  MIL-A-83444,  the  program  must  be  formulated  by 

the  contractor  and  approved  by  the  Air  Force  and  must 
verify  that,  for  the  particular  set  of  production  and 
inspection  conditions,  flaws  will  be  detected  to  the  90% 
probability  level  with  95%  confidence. 

b.  Proof  Test  -  Where  no  other  means  of  NDI  is  available 
or  where  it  is  indicated  to  be  cost  effective,  the 
proof  test  can  be  an  effective  means  of  screening 
structure  for  flaws.  Proof  testing  generally  has  been 
successful  for  the  more  brittle  materials  which  exhibit 
plane  strain  fracture  behavior  (e.g.  high  strength  steels) 
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and  for  small  structural  components.  The  application  of  proof  testing 
to  complete  airframe  structure  in  the  USAF  has  been  somewhat  limited; 
and  in  general,  proof  testing  has  only  been  used  on  major  airframe 
components  as  a  last  resort  to  allow  operation  (usually  restricted) 
until  extensive  modifications  are  made  to  the  structure  (e.g.  wing  reskin 
modification  of  the  B-52D) .  In  deriving  estimates  of  the  initial  flaw 
size  associated  with  the  proof  test  conditions,  approved  upper-bound 
fracture  toughness  values  shall  be  used  for  the  materials  under  proof 
test  conditions.  Chapter  3  also  presents  more  information  on  the  proof 
test  concept. 
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Figure  2.4.1  Examples  of  Fastener  Holes  -  Preparation  and  Assembly  Damage. 
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Figure  2.4.2  Summary  of  Initial-Flaw  Assumption  for  Intact  Structure. 


Figure  2.4.3  Schematic  Representation  of  Rationale  for 
Selecting  Initial-Damage  Sizes. 
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EDDY  CURRENT  IN  LAB 
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Figure  2.4.4.  Reliability  of  Eddy  Current  Inspection  for 
Detecting  Cracks  at  Fastener  Holes. 


Figure  2.4.5  Reliability  of  Manufacturing  Inspection 
for  Detecting  Surface  Flaws. 
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(b)  FLAW  AT  FASTENER  HOLE 


Dimensions  in  Inches 


Figure  2.4.6  Illustration  of  Thickness  Criteria  for 

Assuming  Initial  Flaws  (Slow  Crack  Growth 
Structure) . 
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ANALYTICAL 

EQUIVALENT 


Figure  2.4.7  Representation  of  Marginal  Hole  Quality. 
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Primary  Site 
Secondary  Site 


ai  (Initial  Stringer 
and  Skin  Damage) 


(i)  Initial  Damage  Assumption  Primary  Site  (A) 

(Grown  cu  Edge) 


(ii)  Primary  Stringer  Growth  Terminated  by  Free  boundary 
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Now  Assume  Continuing  Damage 


(ill)  Continuing  Damage  Assumption  at  Primary  Site 


Figure  2.4.8  Example  of  Continuing  Damage  Slow-Crack-Growth 

Structure  Growth  of  Damage  Terminated  at  Free  Edge, 
and  Terminated  by  Failure  of  Member. 
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(Secondary  Site  2) 
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Figure  2.4.9  Example  of  Continuing  Damage  Types  and  Locations  Assumed  When 
Primary  Damage  Terminated  Due  to  Element  Failure. 


Figure  2.4.10  Continuing  Crack  Assumed  at  Opposite  Side  of  Hole 
When  Primary  Crack  Terminates  at  Hole. 
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CONDITION:  PENETRANT,  MAG.  PART,  ULTRASONIC,  BUT  NO  PART  REMOVED .  3.1.2 


LOCATION  OTHER  THAN  CUTOUTS 


condition:  visual  inspection 
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Figure  2.4.11  Summary  of  Initial-Flaw  Sizes  for  Structure 
Qualified  as  In-Service-Inspectable. 
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Figure  2.4.12  Development  of  Minimum  NDI  Detection  for  Visual 
Inspection. 
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2.5  RESIDUAL  STRENGTH  REQUIREMENTS 


2.5.1  General 

The  residual  strength  capability  is  defined  as  the  amount 
of  static  strength  available  at  any  time  during  the  service  exposure 
period  considering  that  damage  is  initially  present  and  grows  as  a 
function  of  service  exposure  time.  Figure  2*5.1  indicates  that  strength 
degrades  with  increased  damage  size.  The  intent*  of  MIL-A-83444  is  to 
provide  residual  strength  capability  for  intact  structure  of  at-least 
design  limit  load  at  all  times  throughout  the  service  life  of  the 
structure.  The  requirement  to  maintain  limit  load  capability  is  consi¬ 
dered  necessary  to  allow  unrestricted  operational  usage. 

The  residual  strength  requirements  are  specified  in  terms  of  the  minimum 

internal  member  load  P  which  must  be  sustained. 

xx 

The  magnitude  of  P  depends  upon  the  service  exposure  time  of  the 
xx 

structure  between  inspections  and  the  overall  capability  of  the 

inspection.  The  load  P  is  intended  to  represent  the  maximum  load  that 

the  aircraft  might  encounter  during  the  time  interval  between  inspections. 

The  required  P  is  at-least  design  limit  load  for  all  intact  structure 
xx 

whether  the  structure  is  being  qualified  as  Slow  Crack  Growth  or  Fail 
Safe.  The  required  P  is  also  at  least  design  limit  load  when  the 
only  planned  safety  inspections  are  at  the  depot  (i.e.,  the  depot  or 
base-level  inspection  category) . 
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The  goal  to  allow  unrestricted  operational  capability  for  all  intact 

structures,  has  established  that  for  all  Slow  Crack  Growth  Structure, 

the  load  P  be,  at-least,  limit  load.  This  requirement  is  especially 
xx 

important  for  Slow  Crack  Growth  non-inspectable  structure. 

In  addition,  all  Fail  Safe  Structure  must  be  designed  to  be  at-least 
depot  level  inspectable  and  P  over  this  interval  must  be  at-least 
limit  load.  This  restriction  is  obvious  since  the  only  means  to  protect 
the  safety  is  not  to  allow  damage  growth  to  degrade  the  strength  of  the 
structure  to  less  than  design  limit  load.  Where  partial  failure  is 
allowed  and  subsequent  detection  of  failed  load  path  is  required,  the 
limit  load  requirement  on  intact  structure  has  two  benefits.  First,  it 
is  the  only  way  that  the  operational  force  can  be  maintained  with 
unrestricted  capability;  and  second,  when  coupled  with  the  intact 
structure  damage  growth  requirements,  it  provides  assurance  that,  under 
normal  situations,  early  nuisance  cracking  will  not  occur  as  a  result 
of  lower  stress.  For  Fail-Safe  Multiple -Load -Path  Structure,  the  levels 
of  residual  strength  must  be  maintained  for  the  structure  at  the  time 
of  and  subsequent  to  load  path  failure  (see  Table  2.5.1,  MIL-A-83444) . 

2.5.2  Residual  Strength  Requirement  for  Fail-Safe  Structure  at 

the  Time  of  Load  Path  Failure,  P  (Single  Load  Path 

- i.  -i - b - 

Failure  Load) 

For  Fail  Safe  Structure,  there  is  the  additional  require¬ 
ment  that  the  remaining  structure  (at  the  time  of  a  single  load  path 
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failure)  must  be  capable  of  withstanding  at  least  the  load  which  causes 
the  load  path  failure,  plus  an  additional  increment  to  account  for  the 
dynamic  conditions  of  the  breaking  member  (P  ) .  While  most  data  and 
analyses  indicate  that  the  dynamic  magnification  factor  associated  with 
the  member  failure  is  probably  very  small,  the  current  specification 
requires  that  a  1.15  dynamic  factor  (D.F.)  be  applied  to  the  amount  of  load 
distributed  to  the  remaining  structure  as  the  result  of  a  single  load 
path  failure.  Figure  2.5.2  illustrates  the  change  in  residual  strength 
requirements  as  a  result  of  a  load  path  failure.  Note  that  the  amount 
transferred  from  the  broken  member  is  P 

yy 


Since  the  intact  structure  requirements  for  Fail  Safe  Structure  demand 

that  any  individual  load  path  be  capable  of  withstanding  P^IMIT  — 

P  <1.2  PT__^m_._,  P  will  always  be  equal  to  P  (Intact)  times  the 
xx  —  LIFETIME  yy  J  ^  xx 

dynamic  factor.  Although  the  specification  states  that  P  is  to  be  the 
greater  of  D.F.  times  PT _w__  or  D.F.  times  P  (Intact),  the  latter 
will  always  be  the  larger  because  the  minimum  intact  structure  residual 
strength  must  be  at  least  design  limit  load. 


2.5.3  Determining  the  Residual  Strength  Load,  P  ,  for  Fail  Safe 
Structure  Subsequent  to  Load  Path  Failure 

The  magnitude  of  the  residual  strength  load  required  depends 
upon  the  exposure  time  in  service  (i.e.,  the  longer  the  exposure  time,  the 
greater  the  probability  of  encountering  a  high  load).  Accordingly,  the 
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value  of  required  P  load  increases  with  increase  in  the  inspection 

xx 

interval  or  period  of  unrepaired  service  usage  (allowable  crack  growth 

period).  For  the  short  service  exposure  times  between  inspections  for 

the  In-Flight  Evident,  Ground  Evident  and  Walk  Around  Visual  categories, 

the  probability  of  encountering  limit  load  conditions  is  low  and  thus 

the  required  P  may  be  significantly  below  design  limit  load.  For  the 
xx 

longer  exposure  times,  this  is  not  the  case  and,  as  stated  previously, 
the  minimum  required  P  for  structure  qualified  under  the  non-inspectable 
or  depot  level  inspectable  categories  must  be  at-least  limit  load. 

The  value  of  P  is  established  from  load  spectra  data  derived  from  a 
xx 

mission  analysis  of  the  particular  aircraft  considering  average  usage 
within  each  mission  segment.  Unless  otherwise  stated,  MIL-A-008866B  is 
the  basic  source  of  load  factor  data  for  the  various  classes  of  air¬ 
craft.  Since  safe  operation  depends  upon  the  residual  strength  capa¬ 
bility  and  since  any  individual  aircraft  may  encounter  loads  in  excess 
of  the  average  expected  during  the  particular  exposure  time,  the  P 

xx 

load  required  is  larger  than  the  average  derived  value.  One  way  to 

determine  the  level  of  P  required  is  to  hypothetically  increase  the 

xx 

service  exposure  time  for  the  aircraft  between  inspections  by  a  factor 
M.  This  is  the  method  used  in  MIL-A-83444.  The  values  of  M,  as  speci¬ 
fied  in  Table  I  of  MIL-A-83444,  are  summarized  in  Table  2.5.1.  For 
example,  under  the  depot  level  inspectability  category,  the  P  load 
is  the  maximum  value  expected  to  occur  in  20  times  a  typical  inspection 
interval. 
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TABLE  2.5.1 


Inspection  Interval 

Magnification  Factors 

pxx* 

Degree  of 
Inspectability 

Typical 

Inspection 

Interval 

Magnification 
Factor,  M 

PFE 

In-Flight 

Evident 

One  Flight 

100 

PGE 

Ground  Evident 

One  Flight 

100 

pwv 

Waik-Around 

Visual 

Ten  Flights 

100 

psv 

Special  Visual 

One  Year 

50 

PDM 

Depot  or  Base 

Level 

1/4  Lifetime 

20 

PLT 

Non-Inspectable 

One  Lifetime 

20 

“  Maximum  average  internal  member  load  that  will  occur  once 
in  if  times  the  inspection  interval.  Where  P  or  P  is 
determined  to  be  less  than  the  design  limit  load,  tne 
design  limit  load  shall  be  the  required  residual  strength 
load  level.  P^  need  not  be  greater  than  1.2  times  the 
maximum  load  in  one  lifetime  if  greater  than  design  limit 
load. 
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The  basis  for  the  specified  M  values  is  somewhat  arbitrary  although  it 
is  felt  that  the  loads  derived  by  this  method  are  not  unreasonably  con¬ 
servative.  The  basis  for  M  =  100  is  exceedance  data  for  transport  type 
aircraft  where  it  has  been  observed  that  shifting  exceedances  by  approxi¬ 
mately  two  decades  (i.e. ,  M  =  100)  magnifies  the  value  of  load  factor 
(or  stress)  by  approximately  1.5  (Figure  2.5.3).  It  was  recognized  that 
for  fighter  data,  exceedances  approaching  or  exceeding  design  limit 
values  are  probable  but  that  extrapolation  of  the  basic  exceedance  curve 
very  far  beyond  limit  load  factor  (n^)  is  often  meaningless  and  unwarranted 
due  to  physical  limitations  of  the  vehicle  and  crew.  Furthermore,  in  most 
cases  actual  service  data  is  somewhat  sparse  for  this  region  of  the  curve. 

Therefore,  (1)  an  upper  limit  was  required  on  P  for  fighter  aircraft 

xx 

and  (2)  the  value  of  M  should  be  less  for  longer  inspection  intervals 

in  order  that  unreasonable  factors  would  not  be  imposed  should  the  actual 

derived  P  be  less  than  the  specified  upper  limit.  The  values  of  M 

equal  to  20  and  50  are  arbitrary  but  probably  not  unreasonable  (see 

Figure  2.5.3).  Where  the  derived  P  is  larger  than  that  associated 

with  the  design  limit  conditions,  P  can  be  taken  as  1.2  times  the 

xx 

maximum  load  expected  to  occur  in  one  design  lifetime. 

EXAMPLE  2.5.1  “  Obtaining  PXx  From  Exceedance  Data 

The  procedure  for  obtaining  P  is  illustrated  using  Figure  2.5.4.  This 
figure  presents  the  average  exceedance  data  for  one  design  lifetime. 

The  point  A  represents  the  Max  load  expected  in  one  lifetime;  and  is 
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shown  to  be  larger  than  limit  load  (Point  E) .  For  the  core  of  a  non- 
inspectable  structure,  the  twenty  lifetime  (M^  inspection  interval) 
exceedance  curve  is  obtained  by  shifting  the  exceedance  curve  from 
point  A  to  point  B  and  extrapolating  to  point  C.  The  twenty  lifetime 
exceedance  curve,  yields  P  (derived)  at  C.  The  required  load  P^ 
then  is  either  the  value  derived  at  C  or  1.2  x  (load  at  point  A)  i.e.  , 
the  load  at  point  D  whichever  is  smaller.  In  this  case,  ?xx  =  P^T  is 
the  load  at  point  C. 
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Figure  2. 5.1.  Residual  Strength  Diagram. 
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Figure  2.5.2.  Schematic  Residual  Strength  Requirements  for  a  Structural 
Element  Prior  to  Failure  and  for  Transfer  of  Its  Load  to 
Remaining  Structure  at  and  Subsequent  to  Failure. 
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EXCEEDANCES 


Figure  2.5.3. 


Illustration  of  Procedure  to  Derive  M  Factor  to  Apply 
To  Exceedance  Curve. 
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EXCEEDANCES 


Figure  2.5.4.  Example  of  the  Derivation  of  P  from  Exceedance  Curve 
For  Non-Inspectable  Structure. 
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2.6  REQUIRED  PERIODS  OF  SAFE  DAMAGE  GROWTH  (PERIOD  OF  UNREPAIRED 


SERVICE  USAGE) 

The  required  periods  of  safe  damage  growth  are  specified  in  terms 
of  either  the  design  service  lifetime  or  the  scheduled  inspection  interval. 

2.6.1  Slow  Crack  Growth,  Non-Inspectable  Structure 

The  required  period  is  two  times  the  design  lifetime.  A 
factor  of  two  is  applied  to  cover  various  uncertainties  associated  with 
crack  growth  during  service  usage  that  may  not  be  adequately  accounted 
for  in  analyses  or  laboratory  test. 

2.6.2  Slow  Crack  Growth,  Depot  Level  Inspectable  Structure 

The  required  period  is  two  times  the  depot  level  inspection 
interval.  A  factor  of  two  is  applied  to  allow  for  one  missed  inspection 
and  still  enable  flaw  detection  and  repair  prior  to  failure. 

2.6.3  Fail  Safe  Structure  -  Intact  Requirements 

The  required  period  is  either  one  design  lifetime  if  a 
major  load  path  must  fail  for  damage  to  be  found  or  one  depot  level 
inspection  interval  if  damage  can  be  found  before  a  major  load  path 
fails.  As  previously  mentioned,  these  requirements  are  not  for  safety, 
specifically,  but  have  been  imposed  to  help  prevent  adverse  durability 
problems  in  multiple  load  path  construction  which  could  jeopardize 
unrestricted  operational  capability  of  the  aircraft.  A  factor  of  one 
appears  appropriate  since  safety  is  not  involved  and  because  separate 


2.6.1 


durability  requirements  (as  contained  in  MIL-A-008866B)  must  be  met  by 
all  structures. 

2.6.4  Remaining  Structure  -  Fail  Safe  Categories 

The  period  (referred  to  as  the  "period  of  unrepaired  service 
usage")  depends  upon  the  inspectability  level. 

For  structure  where  the  damage  is  classified  as  In  Flight  Evident 
inspectable,  this  period  is  the  time  required  to  return  to  base.  For 
structure  classified  as  Ground  Evident  inspectable,  this  period  is  a 
single  flight.  For  these  two  cases,  a  factor  of  one  is  applied.  This 
is  justified  on  the  basis  that  in  order  for  the  structure  to  be  cate¬ 
gorized  in  these  inspectability  levels,  damage  detection  must  be  a  certain¬ 
ty.  For  Walk  Around  Visual  inspections,  detection  of  failed  load  paths, 
arrested  cracks  and  or  large  subcritical  cracks  is  not  a  certainty  during 
any  single  inspection.  Accordingly,  an  arbitrary  factor  of  5  is  applied 
to  the  inspection  interval.  For  a  Special  Visual  inspection,  this  factor 
is  reduced  to  2  because  of  the  more  detailed  nature  of  such  inspections 
and  the  resulting  improved  confidence  in  detection.  The  specified 
periods  are  contained  in  paragraph  3. 2. 2. 2. 2  of  MIL-A-83444  and  are 
repeated  in  Table  2.6.1. 
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TABLE  2.6.1 


Required  Periods  of  Safe  Crack  Growth  - 


Remaining 

Structure  Fail  Safe  Categories 

Degree  of 
Inspectability 

Minimum 

Period  of  Unrepaired 

Service  Usage 

In-Flight  Evident 

Return  to  base 

Ground  Evident 

One  Flight 

Walk-Around  Visual 

5  x  Inspection  Interval  -  5  x  10  Flights 

Special  Visual 

2  x  Inspection  Interval  -  2  x  One  Year 

Depot  or  Base  Level 

2  x  Inspection  Interval  -  2  x  One  Quarter 

Lifetimes 
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2.7  ILLUSTRATIVE  EXAMPLE  OF  THE  APPLICATION  OF  MIL-A-83444 

TO  FAIL  SAFE  STRUCTURE 

2.7.1  Structural  Design 

The  example  will  be  based  on  the  lower  wing  structure 
shown  in  Figure  2.7.1;  the  structure  is  comprised  of  multiple  skin  and 
stringer  elements.  The  skin  panels  1-5  are  considered  the  major  load 
paths.  At  each  spanwise  splice,  a  major  splicing  stringer  is  located 
and  the  construction  is  such  that  the  load  paths  are  independent,  i.e., 
no  common  manufacturing  tie  exists  between  the  skin  panels. 

2.7.2  Design  Service  Life  -  Assume  the  design  service  life  is 
40,000  hours. 

2.7.3  Choice  of  Structural  Design  Concept 

In  this  example,  the  structure  will  be  assumed  to  be  a 
Fail  Safe  Multiple  Load  Path  Structure  and  the  steps  required  to  satisfy 
this  requirement  will  be  outlined.  Later  in  Section  2.8,  the  same 
structure  will  be  examined  assuming  that  it  is  a  Slow  Crack  Growth 
qualified  design.  The  structure  will  be  designed  to  be  Fail  Safe  by 
virtue  of  being  able  to  sustain  the  failure  of  one  major  load  path  or 
skin  panel  and  still  maintain  the  residual  strength  and  remaining 
structural  requirements.  For  illustration  purposes,  panel(2^was  chosen 
to  be  the  critical  load  path.  Although  the  loss  of  panel(?)is  critical 
from  a  remaining  structure  point  of  view,  every  panel  must  be  designed 
to  meet  the  intact  requirements. 
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2.7.4  In-Service  Inspection  Considerations 


Since  the  design  is  intended  to  satisfy  the  Fail  Safe 
Multiple  Load  Path  category,  an  in-service  inspection  plan  is  required. 
Assume  that  the  lower  surface  will  be  periodically  inspected  in  the 
field  by  a  walk-around-visual-type  examination,  generally  unaided.  The 
frequency  of  these  inspections  is  approximately  every  ten  flights.  In 
addition,  the  structure  will  undergo  a  depot  level  inspection  at  approxi¬ 
mately  1/4  design  lifetime  intervals  or  every  10,000  hours.  During  manu¬ 
facture,  conventional  inspection  methods  will  be  conducted  and  a  fracture 
control  program  will  be  instituted. 

2.7.5  Initial  Flaw  Considerations 

Flaws  assumed  to  result  from  manufacturing  and/or  material 
conditions  are  specified  in  3.1.1. 1  of  MIL-A-83444  for  Fail  Safe  Struc¬ 
ture.  The  primary  damage  at  a  fastener  hole  (Figure  2.7.2)  is  an  0.020 
inch  corner  flaw  and  since  the  drilling  operation  is  common  to  the  skin 
and  splicing  stringer,  the  0.020  inch  flaw  must  be  assumed  in  both  members. 

Panel(?)is  considered  for  this  example  because  it  was  previously  chosen 

* 

to  be  the  critical  load  path.  Note  that  only  one  primary  damage  site  is 
assumed  for  each  load  path  (e.g.  along  the  path  of  expected  damage,  along 
a  wing  station).  Also,  it  is  not  necessary  to  consider  the  interaction  of 

*  The  intact  structure  requirements  must  be  checked  for  each  major  load 
path  independently.  Only  panel (2^is  considered  here. 
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flaws  from  adjacent  primary  sites.  Each  analysis  of  primary  damage  is 
conducted  independently.  At  each  hole  other  than  the  assumed  primary 
site,  an  0.005  inch  radius  corner  flaw  is  assumed  to  represent  average  or 
typical  manufacturing  quality.  The  effect  of  interactions  between  the 
0.005  inch  flaws  and  the  primary  flaws  must  be  considered  when  conducting 
the  analysis. 

2.7.6  In-Service  Flaw  Assumptions  Following  Inspection 

The  capability  of  inspection  in  the  field  is  generally  less 
than  at  the  depot.  The  sizes  of  damage  assumed  to  exist  following 
inspection  are  specified  in  3.1.2  of  MIL-A-83444.  For  this  example, 
assume  that  penetrant  or  ultrasonics  will  be  used  at  the  depot  both 
exterior  and  interior  to  the  lower  surface.  If  this  type  of  inspection 
is  conducted,  the  damage  likely  to  be  found  will  be  much  smaller  than 
the  failed  skin  panel.  From  3.1.2  (b)  of  MIL-A-83444  the  minimum  damage 
size  to  be  assumed  is  a  through  crack  of  0.25  inch  uncovered  length.  The 
locations  of  the  0.25  inch  length  both  in  the  skin  and  in  the  splicing 
stringer  should  be  selected  on  the  basis  of  inspectability  but  should  be 
the  location  most  critical  to  subsequent  growth.  Assume  for  purposes  of 
illustration,  that  the  damage  is  as  indicated  in  Figure  2.7.3.  The 
0.005  inch  flaw  away  from  the  primary  damage  site  represents  the  initial 
manufacturing  type  damage  as  specified  in  Para.  3.1.1  of  MIL-A-83444. 
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2.7.7  Remaining  Structure  Damage  Following  the  Failure  of  the 


Major  Load  Path 

Figure  2.7.4  illustrates  the  condition  of  the  structure 
following  the  complete  failure  of  the  primary  load  path  (skin  panel  (2)) 
represented  by  the  cross  hatched  area.  The  condition  of  the  remaining 
structure  is  as  specified  in  3. 1.1. 3.1  (b)  of  MIL-A-83444  since  this  is  an 
example  of  independent  structure.  Each  fastener  hole  in  the  structure 
is  assumed  to  contain  the  0.005  inch  typical  manufacturing  hole  quality 
flaw.  The  Aa2  increment  is  the  growth  of  these  typical  flaws  from  the 
time  of  manufacture  until  the  point  at  which  the  load  path  is  assumed 
to  have  failed.  The  increment  Aa2  will  be  discussed  later. 

2.7.8  Analysis  of  Intact  Structure  -  Residual  Strength  Require¬ 
ments  and  Damage  Growth  Limits  (3. 2. 2. 2.1) 

The  specific  set  of  requirements  for  intact  structure 
depends  upon  the  capability  of  the  depot  level  inspection.  Since  this 
example  has  assumed  the  situation  where  the  normal  inspection  can  detect 
less  than  a  failed  load  path,  this  case  will  be  examined  first. 

The  intact  requirement  is  that  the  in-service  damage,  assumed  to  be 
present  following  the  depot  level  inspection  (Figure  2.7.3),  shall  not 
grow  and  cause  failure  of  the  major  load  path  (panel^2))  before  the 
next  opportunity  to  discover  the  damage,  i.e.,  the  next  inspection. 

Since  this  is  merely  a  one-time  design  requirement,  not  specifically 
intended  for  safety,  it  is  not  necessary  to  account  for  prior  service 
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at  the  time  at  which  the  requirement  is  imposed.  Thus,  the  structure 
is  considered  as  "new"  and  no  incremental  growth  Aa  due  to  prior  service 
is  computed.  Figure  2.7.5  illustrates  schematically  the  residual  strength 
and  growth  requirements  that  must  be  met  for  the  intact  structure. 

2.7.9  Analysis  of  Intact  Structure  (Alternate  Requirement) 

If  it  were  determined  that  the  depot  level  inspection  was 
incapable  of  finding  damage  less  than  a  failed  load  path,  then  the 
requirement  for  intact  structure  is: 

Initial  manufacturing  damage  (3. 1.1.1  b)  shall  not  grow  to  the  size 
required  to  cause  load  path  failure  due  to  the  application  of  in  one 

design  lifetime.  The  initial  damage  assumption  for  this  case  is  illus¬ 
trated  in  Figure  2.7.2.  The  schematic  of  the  growth  and  residual  strength 
requirements  are  illustrated  in  Figure  2.7.6. 

2.7.10  Discussion  of  Intact  Structure  Analysis 

Although  the  structure  in  the  example  was  assumed  to  be 
depot  level  inspectable  for  less  than  a  failed  load  path,  the  intact 
structure  requirement  associated  with  this  set  of  conditions  might  have 
been  more  difficult  to  meet  than  would  be  the  case  if  the  structure 
were  not  inspectable  for  less  than  a  failed  load  path.  In  the  latter 
case,  it  would  be  satisfactory  for  the  designer  to  qualified  this 
structure  under  the  alternate  requirement  described  in  Section  2.7.9. 

As  is  often  the  case,  the  designer  may  choose  to  qualify  the  structure 
in  the  easiest  (analysis)  manner. 
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2.7.11  Analysis  of  Remaining  Structure  Subsequent  to  Load  Path 


Failure 

The  fail  safe  characteristics  of  this  structure,  i.e.,  the 
ability  to  fail  panel^2)and  fly  safely  until  the  failed  panel  is 
detected,  depends  upon  the  residual  strength  capability  at  the  time  of 
and  subsequent  to  load  path  failure  and  the  capability  of  and  frequency 
of  in-service  inspections.  The  remaining  structure  requirements  are 
specified  in  3.2. 2. 2. 2  of  MIL-A-83444.  As  stated  earlier,  the  fail 
safety  will  be  supported  by  walk-around-visual  inspections  for  damage 
sizes  on  the  order  of  a  failed  load  path.  Generally,  the  walk-around- 
visual  inspection  can  be  aided  by  detectable  signs  such  as 
fuel  leakage.  At  any  rate,  the  minimum  inspection  capability  for  this 
example  will  be  considered  to  be  a  failed  load  path. 

Thus,  the  damage  as  illustrated  in  Figure  2.7.4  shall  not  grow  to  a  size 

such  as  to  cause  loss  of  the  wing  due  to  the  application  of  in  5 

times  the  inspection  interval  (10  flights),  i.e.  in  50  flights.  This 

is  illustrated  in  Figure  2.7.7.  The  load  P  =  PTTTT  will  generally  be 

xx  WV 

less  than  the  design  limit  condition  and  P  (as  discussed  in  Section  2.5) 

yy 

will  always  be  equal  to  or  greater  than  that  associated  with  the  design 
limit  condition. 

2.7.12  Derivation  of  Residual  Strength  Load  P 

In  the  analysis  of  the  intact  structure,  the  critical  damage 
limit  was  failure  of  the  skin  panel .  The  mode  of  failure  was  slow 
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growth  of  either  depot  level  inspection  type  damage  or  initial  manu¬ 


facturing  damage  (Figure  2.7.5  and  2.7.6,  respectively).  In  each  case, 

the  damage  is  assumed  to  grow  in  a  stable  manner  until  the  critical 

damage  size  in  the  skin  panel  is  reached.  The  critical  damage  size  for 

this  case  would  be  that  size  at  P  =  P_.,  or  P  =  PT  _  where  P  is 

xx  DM  xx  LT  xx 

bounded  by 


P  <  P  <  1  9  P 

LIMIT  -  xx  -  ONE  LIFETIME 


For  a  balanced  fail  safe  design,  the  remaining  structure  must  be  capable 
of  withstanding  the  effects  of  the  major  load  path  failing,  including 
the  redistribution  of  load  to  adjacent  members  at  the  time  of  load  path 
failure.  This  is  the  basis  for  the  requirement  that  the  remaining 
structure  must  support  the  P  residual  strength  load.  The  load  P 

yy  yy 

is  dependent  upon  the  design  allowable  for  the  first  panel  (Panel (T)in 

this  case) .  Assume  for  example  that  the  P  allowable  for  first  panel 

xx 

failure  is  exactly  PTTWTrT,.  The  remaining  structure  must  be  capable 

LIMIT 

of  supporting  ^limIT*  with  adjacent  panels  carrying  the  increment  or  that 
portion  originally  carried  in  panel(?)at  This  is  illustrated 

in  Figure  2.7.8  where  the  amount  of  load  in  panel (?)at  the  limit  design 
condition,  i.e.  is  redistributed  after  it  is  multiplied  by  1.15  to 
account  for  dynamic  effects  (AP^  4*  AP^  +  AP^  4-  AP^)  .  The  total  redistri¬ 
buted  increment  then  is 

1.15  P2  -  (APX  4-  AP3  4-  AP4  4-  AP$) 
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The  residual  strength  capability  of  the  remaining  structure  is  then 
checked  against  this  condition;  the  P  requirement  for  panel(5)is 


4*  AP3. 


2.7.13  Incremental  Damage  Growth  Aa 

The  remaining  structure  analysis  of  damage  growth  and 
residual  strength  considers  damage  in  the  adjacent  structure  at  the  time 
of  load  path  failure  which  has  grown  an  amount  Aa  from  the  time  of 
manufacture  (Figure  2.7.6).  Since  the  structure  must  meet  the  single 
design  lifetime  requirement,  it  becomes  necessary  to  establish  at  what 
point  during  the  lifetime  the  failure  of  the  load  path  is  assumed  to 
take  place  so  that  the  proper  amount  of  growth  Aa  can  be  computed  to 
represent  growth  during  this  time  segment.  Figure  2.7.9  illustrates 
the  growth  of  the  0.005  inch  manufacturing  type  damage  from  time  zero 
for  one  design  lifetime.  In  this  example,  the  walk-around-visual 
inspection  is  used  to  detect  the  failure  of  the  major  load  path  and  the 
inspection  interval  is  10  flights.  MIL-A-83444  requires  a  factor  of  5 
on  this  interval  and  thus  the  damage  growth  life  requirement  is  50  flights. 
Therefore,  the  maximum  amount  of  Aa  and  the  condition  to  be  met  would 
be  growth  for  one  design  lifetime  minus  50  flights.  For  any  other  in- 
service  inspection  interval  the  amount  Aa  would  be  computed  in  a 
similar  manner.  For  example,  if  the  walk-around-visual  inspection  was 
not  conducted  and  fail  safety  was  dependent  upon  discovery  of  damage  at 
the  scheduled  10,000  hour  depot  level  inspection,  then  the  increment 


2.7.8 


of  growth  Aa^  would  be  one  design  lifetime  minus  2X  (10,000  hrs.)  as 
in  Figure  2.7.10. 

2.7.14  Alternative-Analysis  of  Remaining  Structure  Subsequent 
to  Load  Path  Failure 

As  indicated  in  2.7.13,  the  designer  may  choose  to  depend 
upon  the  depot  level  inspection  instead  of  the  walk-around  visual. 

This  would  be  a  satisfactory  alternative  and  for  this  situation  the 
assumption  would  be  made  that  the  major  load  path  failed  between  depot 
level  inspections  and  that  the  aircraft  would  be  designed  to  operate 
safely  with  the  failed  load  path  until  the  next  depot  inspection. 

Figure  2.7.11  illustrates  this  case. 
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2.7.15  Summary  and  Comments 


This  example  has  illustrated  the  steps  required  to  qualify 
the  structure  under  the  category  of  Fail  Safe  Multiple  Load  Path  Structure. 
For  this  category,  an  intact  structure  requirement  (prior  to  load  path 
failure),  a  residual  strength  requirement  at  the  time  of  load  path  failure, 
and  a  remaining  structure  damage  growth  and  residual  strength  requirement 
had  to  be  met.  The  requirement  to  qualify  the  structure  generally  requires 
a  complex  set  of  analyses,  and  in  the  early  design  stage  may  be  impractical. 
The  design  could  be  made  to  satisfy  Slow  Crack  Growth  Structure  requirements, 
either  non-inspectable  or  depot  level  inspectable,  while  still  maintaining 
some  level  of  fail  safety  (but  not  necessarily  meeting  the  requirements 
specifically) .  This  approach  would  generally  be  satisfactory  and  usually 
requires  a  lesser  amount  of  analysis,  particularly  for  computing  residual 
strength  and  the  growth  increment.  (See  Section  2.8  for  an  example  based 
on  Slow  Crack  Growth  Structure) . 
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NOTE:  SECTION  ®-@  REPRESENTS  THE 

DIRECTION  OF  GROWTH  OF  PRIMARY  DAMAGE 
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Figure  2.7.1.  Structural  Example  -  Lower  Wing  Skin. 
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Figure  2.7.2.  Initial-Flaw  Assumptions  for  Example  Case  Qualified  as  Fail  Safe. 
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Figure  2.7.3.  Illustration  of  Primary  Damage  Following  a  Depot-Level 
Penetrant  or  Ultrasonic  Inspection. 
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Figure  2.7.4.  Illustration  of  Primary  Damage  Assumptions  Following  the 
Failure  of  Major  Load  Path  (Panel  2)  . 
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Figure  2.7.5.  Illustration  of  Damage-Growth  Limits  and  Residual-Strength; 

Intact  Structure  Following  Depot  or  Base-Level  Inspection 
for  Less-Than-Failed  Load  Path. 
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Figure  2.7.6.  Illustration  of  Damage -Growth  Limits  and  Residual  Strength; 

Intact  Structure  for  When  Depot  Inspection  Cannot  Detect 
Less-Than-Failed  Load  Path. 
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Figure  2.7.7.  Illustration  of  Damage-Growth  Limits  and  Strength 
Requirements;  Remaining  Structure  Subsequent  to 
Load-Path  Failure. 
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Figure  2.7.8.  Illustration  of  Redistributed  Panel 
Load  Rj. to  Adjacent  Structure. 
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DESIGN  LIFETIMES 

Figure  2.7.9.  Development  of  Increment  of  Growth  Aa£ 
Used  in  the  Analysis  of  Damage 
Growth  -  Remaining  Structure  Damage  - 
Walk-Around-Visual  Inspectable. 

Worst  Case  Analysis. 
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Figure  2.7.10.  Development  of  Increment  of  Growth 

Used  in  Analysis  of  Damage  Growth  - 
Remaining  Structure  Damage  -  Depot-Level- 
Inspectable . 
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*NOTE:  Aa2  COMPUTED  FROM  TIME  ZERO.  SEE  FIGURE  2.7.10. 


Figure  2.7.11.  Illustration  of  Damage  Growth  and  Residual-Strength 
Requirements  -  Remaining  Structure  -  Depot  Level  - 
Inspectable. 
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2.8  ILLUSTRATIVE  EXAMPLE  OF  APPLICATION  OF  MIL-A-83444 


TO  SLOW  CRACK  GROWTH  STRUCTURE 

2.8.1  Structural  Design 

This  example  is  based  on  the  lower  wing  structure  shown 
in  Figure  2.7.1  and  described  in  paragraphs  2.7.1  and  2.7.2.  The  choice 
of  structural  design  concept  here  will  be  Slow  Crack  Growth  Structure  and 
the  steps  required  to  satisfy  this  requirement  will  be  outlined.  Again 
for  illustration  purposes,  panel  (?)  is  chosen  to  be  the  critical  load 
path. 

2.8.2  Initial  Flaw  Sizes  Assumed  to  Result  from  Manufacturing 
Flaws  assumed  are  specified  in  3. 1.1.1  of  MIL-A-83444 

for  the  slow  crack  growth  type  structure.  Thus,  an  0.050  inch  corner 
flaw  is  assumed  to  exist  at  the  critical  fastener  hole  joining  panel  © 
and  splicing  stringer  as  shown  in  Figure  2.8.1.  Because  it  was 
assumed  that  a  common  drilling  operation  was  employed  to  prepare  the 
hole  with  the  primary  damage  ,  the  same  size  crack  is  assumed  in 
both  elements.  Also  per  3.1.1  of  MIL-A-83444,  initial  flaws  equivalent 
(in  stress-intensity  factor  level)  to  an  0.005  inch  radius  corner  flaw 
shall  be  assumed  to  exist  in  each  hole  of  each  element  in  the  structure 
such  as  shown  in  Figure  2.8.1. 
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2.8.3  Choice  of  Inspection  Category 

There  are  only  two  inspection  categories  which  are 
available  to  the  designer  for  Slow  Crack  Growth  Structure:  in-service  non- 
inspectable  and  depot  level  inspectable.  The  choice  of  inspection  cate¬ 
gory  directly  impacts  the  requirements  for  residual  strength  and  for 
damage  growth  limits.  For  purposes  of  discussion,  both  categories  are 
presented. 

2.8.4  Choice  of  the  In-Service  Non-Inspectable  Category 

For  this  example  case,  no  special  in-service  and  no  depot 
level  inspections  will  be  specifically  required  to  protect  the  integrity 
of  the  lower  wing  structure  shown  in  Figure  2.7.1.  The  implication 
is  that  no  inspections  are  desired;  however,  there  are  cases  in  which  the 
flaw  size  at  failure  is  so  small  that  such  a  flaw  size  might  easily  be 
overlooked  during  an  inspection.  Thus,  the  in-service  non- inspectable 
category  covers  those  cases  where  inspections  are  neither  desirable  nor 
practical . 

2. 8. 4.1  Residual  Strength  Load,  P 

The  required  level  of  residual  strength  for 

non- inspectable  structure  is  P  ,  the  maximum  load  that  could  occur  in 

L»  1 

one  lifetime.  This  is  defined  by  Table  I  of  MIL-A-83444  (Refer  to  Table 
2.5.1).  Example  2.5.1  describes  the  method  for  establishing  this  parti¬ 
cular  load  level. 
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2. 8. 4. 2  Analysis  Requirements 

The  slow  crack  gorwth  and  residual  strength 

requirements  for  this  category  are  illustrated  in  Figure  2.8.2,  Figure 

2.8.2  specifically  shows  that  the  initial  manufacturing  damage  is 

restricted  from  growing  to  critical  size  and  causing  failure  of  the 

structure  due  to  the  application  of  P  in  two  (2)  design  service  life- 

L 1 

times.  Note  that  the  damage  limit  is  the  ultimate  failure  of  the  wing. 
Engineering  judgement  may  dictate  that  a  more  reasonable  limit  and,  per¬ 
haps,  an  easier  situation  to  adhere  to  would  be  to  establish  the  limit 
at  some  intermediate  point  such  as  the  failure  of  one  primary  load  path 
such  as  panel  ©  .  This  might  be  accomplished  in  design  at  very  little 
expense  to  overall  weight. 

2.8.5  Choice  of  Depot  Level  Inspectable  Category 

For  this  example  case,  the  damage  which  can  be  presumed 
to  exist  in  the  structure  after  completion  of  a  depot  or  base  level 
inspection  shall  be  that  specified  in  3.1.2  of  MIL-A-83444.  A  description 
of  this  type  of  damage  can  be  found  in  paragraph  2.7.6  and  in  Figure  2.7.3. 

2. 8.5.1  Residual  Strength  Load,  P 

xx 

The  required  level  of  residual  strength  for  the  depot  or 
base  level  inspection  category  is  P  ,  the  maximum  load  that  would  occur 
in  the  planned  1/4  lifetime  or  10,000  hour  inspection  interval.  This 
level  is  defined  by  Table  I  of  MIL-A-83444  (Refer  to  Table  2.5.1).  The 
method  for  establishing  this  particular  load  level  follows  that  outlined 
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in  Example  2.5.1  where  the  one  life  time  exceedance  curve  is  multiplied 
by  a  factor  of  5  rather  than  20. 

2. 8. 5. 2  Analysis  Requirements 

The  slow  crack  growth  and  residual  strength 
requirements  for  this  category  established  by  3. 2. 1.1  of  MIL-A-83444 
are  illustrated  in  Figure  2.8.3.  Figure  2.8.3  specifically  shows  that 
the  post-inspection  damage  is  restricted  from  growing  a  crack  to 
critical  size  and  thereby  causing  failure  of  the  structure  due  to  the 
application  of  P  in  two  times  the  inspection  interval  (1/2  lifetime, 
20,000  flight  hours). 
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Figure  2.8.2.  Illustration  of  Damage-Growth  and  Residual-Strength  Requirements 

for  Example  Problem  Qualified  as  Slow  Crack  Growth  Noninspectable . 
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Figure  2.8.3.  Illustration  of  Damage-Growth  and  Residual  Strength  Requirements 
for  Example  Problem  Qualified  as  Depot-Level-Inspectable . 
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3,0  DAMAGE  SIZE  CHARACTERIZATIONS 


3.1  INTRODUCTION 

The  damage  tolerance  approach  to  structural  integrity  assumes  that 
cracks  are  present  in  all  critical  locations  and  demonstrates  that  these 
cracks  will  not  grow  undetected  to  a  critical  length  during  a  period  of 
service  usage.  Since  the  rate  of  crack  growth  depends  on  the  crack  length, 
the  structural  service  lives  or  periods  between  inspections  are  greatly 
influenced  by  the  crack  lengths  assumed  at  the  beginning  of  a  usage  period. 

From  the  safety  viewpoint,  these  initial  crack  lengths  must  be  longer  than 
any  equivalent  damage  that  could  be  present  in  the  structure  after  passing 
quality  inspections.  From  a  practical  viewpoint,  however,  the  degree  of 
conservatism  introduced  by  assuming  long  cracks  must  be  limited  to  reach 
realistic  usage  lives  or  periods  of  operation  without  inspections.  This  trade¬ 
off  results  in  great  emphasis  being  placed  on  quantifying  the  damage  sizes 
that  may  be  present  in  the  structure  at  the  beginning  of  an  operational 
period. 

The  distribution  of  crack  lengths  in  any  given  structure  can  be  considered  to 
consist  of  the  composite  of  the  several  distributions  shown  in  Figure  3.1.1. 

The  material  as  received  from  the  vendor  will  contain  very  small  flaws  or 
defects  such  as  inclusions,  cracks,  porosity  and  surface  pits,  scratches,  and 
machine  marks.  These  inherent  material  flaws  are  considerably  below  the 
detection  capability  of  the  non-destructive  inspection  (NDI)  and  should  be 
sufficiently  small  to  not  grow  appreciably  in  service.  These  small  flaws 
form  the  basis  of  the  continuing  damage  crack  size  assumption  and  are 
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characterized  by  a  single  crack  length,  a^,  which  is  assumed  to  be  an  upper- 
bound  on  the  distribution. 

A  distribution  of  larger  defects  can  exist  as  a  result  of  the  fabrication 
process  or  as  large  inherent  flaws.  The  production  quality  control  process 
is  designed  to  detect  and  eliminate  as  many  of  these  cracks  as  possible 
but  those  which  are  not  detected  will  propagate  due  to  fatigue  mechanisms 
during  service.  The  largest  crack  size  that  could  remain  undetected  in 
the  newly  fabricated  structure  after  the  final  inspection  is  designated 
as  aQ.  This  crack  length  provides  the  starting  point  for  the  crack  growth 
projections  which  demonstrate  adequate  service  life  or  the  necessity  for 
an  in-service  inspection. 

Cracks  smaller  than  aQ  will  propagate  in  service  operations  and  others, 

due  to  fatigue  crack  initiation,  corrosion,  and  foreign  object  damage,  will 

be  initiated.  If  any  of  these  cracks  can  propagate  to  critical  size,  a  , 

before  the  end  of  the  service  life,  they  must  be  detected  and  repaired 

at  scheduled  maintenance  intervals.  The  largest  crack  size  that  can  remain 

undetected  after  an  inspection  is  designated  as  anc^  becomes  the 

initial  crack  size  for  the  next  usage  period.  Figure  3.1.2  is  a  schematic 

of  the  projected  crack  growth  of  the  critical  crack  lengths  and  illustrates 

the  resetting  of  the  potential  crack  to  a^^  after  the  inspection.  In 

this  figure,  the  inspection  was  scheduled  at  one-half  the  usage  time 

required  for  the  initial  crack  (a  or  a^.)  to  grow  to  critical. 

o  ND1 
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MIL-A-83444  specifies  the  type  and  size  of  cracks  that  must  be  assumed 
during  design.  These  are  summarized  in  Chapter  2.  The  assumed  crack  sizes 
depend  on:  (1)  the  design  concept  (slow  crack  growth  or  fail  safe); 

(2)  inspectability  level  (inspectable  or  non-inspectable)  with  and  without 
component  removal;  and  (3)  continuing  damage  after  initial  primary  damage. 

In  the  current  version  of  the  specification,  smaller  initial  crack  sizes 
(aQ)  may  be  assumed  for  slow  crack  growth  structures  based  on  the  contractors 
demonstrated  capability  to  eliminate  all  cracks  greater  than  the  smaller 
value.  This  demonstration  may  be  based  on  an  NDI  system  or  on  a  proof  test. 
These  qualification  processes  are  shown  schematically  in  Figure  3.1.3(a) 
and  3. 1. 3(b) . 

The  continuing  damage  crack  size  assumption  can  also  be  reduced  if  the 
contractor  can  demonstrate  an  improved  manufacturing  quality.  One  method 
for  such  a  demonstration  is  based  on  the  determination  of  the  distribution 
of  equivalent  initial  flaws  as  shown  schematically  in  Figure  3.1.3(c). 

Since  NDI,  proof  testing,  and  the  equivalent  initial  quality  method  can  be 
applied  under  the  current  airplane  damage  tolerance  requirements  and  may 
receive  greater  emphasis  in  future  specifications,  they  will  be  reviewed 
in  the  following  subsections.  Section  3.2  describes  the  major  NDI  methods 
currently  in  use,  discusses  the  statistically  based  demonstration  program 
for  measuring  NDI  capability  and  compares  the  current  methods.  Sections 
3.3  and  3.4  describe  and  give  examples  of  the  proof  test  and  equivalent 
initial  quality  methods,  respectively. 
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Figure 


Figure 


3.1.1.  The  Effect  of  Defects  Distribution  in  Structural 
Integrity  Planning.  (Reference  3.1). 


3.1.2.  Crack  Growth-Life  Curve  at  Second  Inspection. 
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a.  Inspection:  NDE  Demonstration 
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b.  Structure:  Proof  Test 
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c.  Manufacturing:  Equivalent  Initial  Quality 


Figure  3.1.3.  Various  Qualification  Processes. 
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3.2  NDI  DEMONSTRATION  OF  CRACK  DETECTION  CAPABILITY 


Nondestructive  inspection  (NDI)  methods  are  commonly  used  to  deter¬ 
mine  the  condition  of  a  structure  during  production  and  at  in-service 
inspections.  Detailed  descriptions  of  the  principles  and  use  of  these 
methods  are  available  in  many  journals  and  references  (e.g.  references  1-6) 
and  will  not  be  repeated  here.  Rather,  the  objective  of  this  subsection 
is  to  briefly  describe  and  compare  the  common  NDI  methods  and  to  discuss 
the  statistically  based  demonstration  programs  which  are  required  to 
quantify  the  crack  detection  capability  of  an  NDI  system. 

3.2.1  NDI  Methods 

There  are  five  commonly  used  NDI  techniques:  liquid  penetrant, 
ultrasonic,  eddy  current,  magnetic  particle,  and  radiography.  Each  of 
these  is  discussed  in  the  following  paragraphs. 

3. 2.1.1  Liquid  Penetrant  Inspection 

Liquid  penetrant  inspection  is  a  non-destructive 
method  for  finding  discontinuities  that  are  open  to  the  surface  of  parts 
fabricated  from  essentially  nonporous  materials.  After  cleaning  the  surface, 
the  penetrant  is  applied  and  will  seep  or  be  drawn  into  various  types  of 
minute  surface  openings.  The  excess  penetrant  is  removed  and  a  developer 
is  applied  which  highlights  the  flaws  under  ultraviolet  light.  The  process 
is  well  suited  for  the  detection  of  all  typ£s  of  surface  cracks,  laps, 
porosity,  shrinkage  area,  laminations,  and  similar  discontinuities. 


3,2,1 


Indications  of  flaws  can  be  found  regardless  of  size,  configuration, 
internal  structure,  or  chemical  composition  of  the  workpiece  being 
inspected  and  regardless  of  the  orientation  of  the  flaw  to  the  workpiece. 

Liquid  penetrant  inspections  are  relatively  simple  and  inexpensive  (as 
compared  to  the  other  NDI  methods)  and  can  be  applied  to  a  broad  range  of 
materials.  Very  small  flaws  can  be  found.  However,  they  can  only  detect 
surface  flaws  and  their  effectiveness  can  be  adversely  influenced  by 
surface  coatings  and  surface  roughness  or  porosity.  Extreme  care  is 
required  in  pre-  and  post-inspection  cleaning  and,  in  some  cases,  etching 
may  be  required  prior  to  inspection. 

3. 2.1.2  Ultrasonic  Inspection 

Ultrasonic  inspection  uses  high  frequency  sound 
waves  as  a  probing  medium  to  detect  subsurface  as  well  as  surface  flaws. 

The  sound  waves  travel  through  the  part  with  attendant  energy  loss  and 
are  reflected  at  material-flaw  interfaces.  Ultrasonic  inspection  devices 
detect  flaws  by  monitoring  one  or  more  of  the  following:  (a)  reflection 
of  energy  from  interfaces  or  discontinuities  within  the  metal;  (b)  time 
of  transit  of  a  sound  wave  through  the  test  piece;  and,  (c)  attenuation 
of  the  beams  by  absorption  and  scattering  within  the  test  piece. 

Ultrasonic  inspection  is  one  of  the  most  widely  used  NDI  methods.  Cracks, 
laminations,  shrinkage  cavities,  bursts,  flakes,  pores,  bonding  faults 
and  other  discontinuities  that  act  as  metal-gas  interfaces  can  be  detected. 
Inclusions  and  other  inhomogeneities  in  the  metal  being  inspected  can  also 
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be  detected  by  causing  partial  reflection  or  scattering  of  the  wave  even 
though  they  may  not  act  as  a  metal-gas  interface.  Although  the  primary 
application  of  ultrasonic  inspection  in  metals  is  the  detection  and 
characterization  of  internal  flaws,  it  is  also  used  to  detect  surface 
flaws,  to  define  bond  characteristics,  to  measure  extent  of  corrosion  and, 
(much  less  frequently)  to  determine  physical  properties  such  as  structure, 
grain  size,  and  elastic  constants.  The  penetrating  power  of  ultrasound 
waves  allows  the  detection  of  flaws  deep  within  a  part.  Due  to  the  sensi¬ 
tivity  of  the  instruments,  very  small  flaws  can  be  detected  but,  if  the 
gain  is  set  too  high,  at  the  expense  of  many  false  indications.  Ultrasonic 
methods  provide  greater  accuracy  than  other  NDI  methods  in  determining 
the  position  of  internal  flaws,  estimating  their  size,  and  characterizing 
their  orientation,  shape  and  nature.  The  limitations  of  ultrasonic  methods 
are  governed  by  the  requirement  for  experienced  technicians,  the  difficulty 
in  developing  inspection  procedures,  the  need  for  reference  standards 
for  equipment  calibration,  and  the  physical  limitations  of  the  hardware. 
Since  couplants  (light  oil  or  water)  are  needed  tp  provide  effective 
transfer  of  ultrasonic  wave  energy  between  transducers  and  material,  parts 
that  are  rough  or  irregular  in  shape  are  difficult  to  inspect.  Similarly, 
parts  which  are  very  small  are  difficult  to  inspect.  Finally,  since 
discontinuities  in  a  shallow  layer  immediately  below  the  surface  may  not 
be  detectable,  inspection  results  of  very  thin  components  are  questionable. 
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3.2. 1.3  Eddy  Current  Inspections 

The  principles  of  electromagnetic  induction  are 
used  in  eddy  current  inspections  to  detect  surface  and  near  surface 
flaws  in  electrically  conductive  metals.  When  an  electrically  conductive 
material  is  subjected  to  an  alternating  magnetic  field,  small  circulating 
electric  currents  are  generated  in  the  material.  Since  these  eddy  currents 
are  affected  by  variations  in  conductivity,  magnetic  permeability,  mass,  and 
material  homogeneity,  the  conditions  which  affect  these  characteristics 
can  be  sensed  by  measuring  the  eddy  current  response  of  the  material.  In 
practice,  eddy  currents  are  induced  in  the  part  to  be  inspected  with  a 
coil  carrying  an  alternating  current.  The  induced  eddy  currents  generate 
their  own  magnetic  field  which  interacts  with  the  magnetic  field  of  the 
exciting  coil  and  changes  the  impedance  of  the  exciting  coil.  By  measuring 
the  impedance  of  the  exciting  coil,  or  a  separate  indicating  coil,  the 
inspector  can  infer  the  presence  of  flaws  in  the  material. 

An  important  use  of  the  eddy  current  NDI  method  has  been  in  the  detection 
of  fatigue  or  stress  corrosion  cracks  around  fastener  holes  after  the 
cracks  have  grown  beyond  the  fastener  head.  Special  bolt  hole  probes  have 
also  been  devised  for  use  after  the  fastener  has  been  removed  for  locating 
cracks  emanating  from  the  wall  of  the  fastener  hole.  This  inspection  pro¬ 
cess  has  been  automated  to  remove  operator  influence,  speed  inspections,  and 
produce  a  permanent  inspection  record. 


3,2,4 


Eddy  current  methods  do  not  require  contact  with  the  specimen,  do  not 
require  clean  up,  and  are  generally  faster  than  liquid  penetrant  and 
radiographic  methods.  Although  eddy  current  methods  can  detect  both 
surface  and  subsurface  flaws,  the  depth  of  inspection  below  the  material 
surface  is  limited  (approximately  0.25  in.).  Since  eddy  currents  are 
influenced  by  many  material  variables,  masked  or  false  indications  can 
easily  be  caused  by  sensitivity  to  part  geometry,  lift-off,  edge  effects 
and  permeability  variations.  Finally,  eddy  current  methods  require  well 
trained  operators  to  man  the  test  instruments  and  reference  standards  are 
necessary. 

3. 2.1.4  Magnetic  Particle  Inspection 

Magnetic  particle  inspection  is  effective  in  the 
detection  of  surface  and  near  surface  flaws  in  ferromagnetic  parts.  The 
inspection  is  accomplished  by  inducing  a  magnetic  field  in  the  part  and 
applying  either  a  dry  magnetic  powder  or  a  liquid  suspension  of  iron 
particles  to  the  surface  being  inspected.  Defects  in  the  part  cause  local 
bipolar  perturbations  in  the  magnetic  field  which  attract  the  magnetic 
particles,  producing  visible  indications  by  color  contrast  or  by  fluorescence 
under  "black  light."  The  magnetically  held  particles  form  the  outline  of 
the  discontinuity  and  generally  indicate  its  location,  size,  shape,  and 
extent  to  an  experienced  inspector. 
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The  magnetic  particle  method  is  a  relatively  fast  and  inexpensive  method 
for  locating  small  and  shallow  surface  cracks  in  ferromagnetic  materials. 
Discontinuities  that  do  not  break  the  surface  are  detectable  but  deeper 
flaws  must  be  larger  to  be  found.  Elaborate  pre-cleaning  is  not  necessary 
but  thin  coatings  of  paint  or  other  non-magnetic  coverings,  such  as  plating, 
adversely  affect  the  sensitivity  of  this  inspection  technique.  Following 
the  inspection,  the  material  must  often  be  de-magnetized  and  post-cleaning 
to  remove  the  clinging  magnetic  particles  is  usually  necessary.  This  NDI 
method  can  be  used  only  on  ferromagnetic  materials  which  include  most  of 
the  iron,  nickel  and  cobalt  alloys.  Many  of  the  precipitation-hardening 
steels,  such  as  17-4PH,  17-7PH,  and  15-4PH  stainless  steels,  are  magnetic 
after  aging.  Non-ferromagnetic  materials  which  cannot  be  inspected  by 
this  method  include  aluminum,  magnesium,  copper,  and  titanium  alloys 
and  austenitic  stainless  steels. 

3 . 2 . 1 . 5  Radiographic  Inspection 

Radiographic  NDI  is  based  on  the  differential 
absorption  of  penetrating  radiation  by  the  structure  being  inspected. 

In  conventional  radiography,  the  object  is  bombarded  by  a  beam  of  X-rays 
and  the  portion  of  the  radiation  that  is  not  absorbed  by  the  object 
impinges  on  a  sheet  of  film.  The  unabsorbed  radiation  exposes  the  film 
emulsion  similar  to  the  way  light  exposes  film  in  photography.  Development 
of  the  film  produces  an  image  that  is  a  two-dimensional  "shadow  picture" 
of  the  entire  volume  of  the  object.  Variations  in  density,  thickness,  and 
composition  of  the  object  being  inspected  cause  variations  in  the  intensity 
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of  the  unabsorbed  radiation  and  appear  as  variations  in  shades  of  gray  in  the 
developed  film.  Evaluation  of  the  radiograph  is  based  on  a  comparison  of 
the  differences  in  photographic  density  with  known  characteristics  of 
the  object  or  with  standards  derived  from  radiographs  of  similar  objects 
of  acceptable  quality. 

Radiographic  inspection  provides  the  capability  to  probe  the  internal 
characteristics  of  materials  and  components.  It  can  disclose  structural 
weaknesses,  assembly  errors,  and  mechanical  malfunctions  as  well  as 
revealing  voids,  long  cracks,  and  other  material  anomalies.  Radiography 
is,  however,  expensive,  slow,  and  not  sensitive  to  detecting  certain 
types  of  flaws.  Cracks  cannot  be  detected  unless  they  are  parallel  to 
the  radiation  beam.  Tight  cracks  in  thick  sections  cannot  usually  be 
detected  even  when  properly  oriented.  Laminations  are  almost  always  non- 
detectable.  Minute  discontinuities  such  as  inclusions  in  wrought  material, 
flakes,  microporosity  and  microfissures  cannot  be  detected  unless  they 
are  sufficiently  segregated  to  produce  a  detectable  gross  effect.  Finally, 
due  to  the  hazards  of  exposure  to  X-rays,  strict  controls  are  required 
to  prevent  biological  damage  to  the  inspectors. 
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NDI  Capability  Evaluation 


While  all  of  the  NDI  systems  are  capable  of  finding  "small11 
cracks,  damage  tolerance  analyses  are  focused  on  the  longest  crack  that  could 
be  missed  at  an  inspection.  But  NDI  techniques  do  not  always  produce  a 
correct  indication  when  applied  by  inspectors  to  cracks  of  the  same  "size". 

The  ability  and  attitude  of  the  operator,  the  geometry  and  material  of  the 
structure,  the  environment  in  which  the  inspection  takes  place,  and  the 
location,  orientation  and  size  of  the  crack  all  influence  the  chances  of 
detection.  When  considering  the  efficacy  of  an  NDI  system  as  a  function  of 
only  crack  length,  uncertainty  is  introduced  as  a  result  of  ignoring  the 
other  factors  and  the  uncertainty  is  quantified  in  terms  of  the  probability 
of  detection  (POD)  of  cracks  of  a  fixed  length.  The  POD  for  all  cracks  of  a 
given  length  is  defined  as  the  proportion  of  cracks  that  will  be  detected 
by  the  NDI  system  when  applied  by  representative  inspectors  to  the  population 
of  structural  elements  in  a  defined  environment.  Therefore,  evaluating  the 
capability  of  an  NDI  system  requires  a  carefully  controlled  demonstration 
experiment  with  a  valid  statistical  analysis  of  the  resulting  data. 

The  statistically  based  characterization  of  NDI  capability  has  two  significant 
ramifications.  First,  for  a  given  NDI  application,  the  true  probability  of 
detection  as  a  function  of  crack  length  (or  for  a  single  crack  length)  will 
never  be  known  exactly.  The  capability  of  an  NDI  system  can  only  be 
demonstrated  through  an  experiment  in  which  representative  structures  with 
known  crack  lengths  are  inspected  and  the  true  POD  is  estimated  by  the 
observed  percentage  of  correct  positive  indications.  The  estimated  POD  is 
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subject  to  statistical  variation  that  results  from  all  uncontrolled  factors 
that  can  lead  to  nonrepeatable  positive  indications  for  cracks  of  a  particular 
length.  However,  statistical  methods  (which  depend  on  the  experimental 
procedure)  are  available  which  yield  confidence  limits  on  the  true  probability. 
Protection  against  making  a  wrong  decision  on  the  basis  of  a  set  of  non-typical 
results  is  provided  by  the  confidence  limits  but  an  unknown  element  of  risk 
will  always  be  present. 

Second,  in  the  real  world  structural  integrity  problem,  no  inspection  procedure 
will  provide  100  percent  assurance  that  all  cracks  greater  than  some  useful 
length  will  be  detected.  The  current  capabilities  and  the  uncertainty 
resulting  from  the  NDI  demonstration  process  at  the  short  crack  lengths  of 
interest  in  aircraft  applications  dictate  that  the  detectable  crack  size 
must  be  specified  in  terras  of  a  high  confidence  that  a  high  percentage  of 
all  cracks  greater  than  the  detectable  flaw  size  will  be  found.  For  example, 
MIL-A-83444  states  that  a  smaller  initial  crack  can  be  used  by  the  manufacturers 
for  slow  crack  growth  structures  if  it  can  be  shown  that  there  is  95  percent 
confidence  that  at  least  90  percent  of  all  cracks  of  the  smaller  size  will 
be  detected  by  the  manufacturers’  NDI  system. 

To  date,  characterizations  of  NDI  capabilities  have  been  expressed  as  the 
crack  sizes  for  which  there  is  at  least  a  given  POD  at  a  defined  level  of 
confidence  (the  POD/CL  limit).  Such  characterizations  provide  a  stand-alone 
measure  of  the  NDI  system  which  is  valid  for  applications  represented  by 
the  experimental  test  conditions.  However,  there  are  three  major  problems 
associated  with  the  POD/CL  type  characterization. 
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First,  the  choice  of  particular  POD  and  confidence  limits  has  been  made  on 
a  rather  arbitrary  basis.  For  example,  90/95  values  were  selected  for  the 
MIL-A-83444  crack  sizes  even  though  there  is  no  real  interest  in  a  crack 
length  which  is  detected  only  90  percent  of  the  time.  Rather,  90/95  limits 
were  selected  because  higher  POD  or  confidence  limit  values  would  have 
required  much  larger  sample  sizes  in  the  demonstration  programs  for  the 
analysis  methods  being  used.  The  95  percent  confidence  limit  is  assumed  to 
provide  the  required  degree  of  conservatism. 

Second,  a  POD/CL  limit  is  not  a  single,  uniquely  defined  number  but, 
rather,  is  a  statistical  or  random  quantity.  Any  particular  POD/CL  estimate 
is  only  one  realization  from  a  conceptually  large  number  of  repeats  of  the 
demonstration  program.  Berens  and  Hovey  (8)  showed  there  can  be  a  large 
degree  of  scatter  in  these  POD/CL  estimates  and  the  scatter  depends  on  the 
POD  function,  analysis  method,  POD  value,  confidence  level  and  number  of 
cracks  in  the  demonstration  program. 

Third,  the  POD/CL  characterization  is  not  related  to  the  size  of  cracks  that 
may  be  present  in  the  structure  after  an  inspection.  To  calculate  the  proba¬ 
bility  of  missing  a  large  crack  requires  knowledge  of  the  entire  POD  function 
and  the  sizes  of  the  cracks  being  inspected. 

Research  is  currently  being  conducted  to  resolve  these  problems  and  this 
research  may  lead  to  a  different  type  of  characterization  of  NDI  capability. 
However,  after  a  brief  description  of  the  design  of  NDI  capability  experiments, 
the  fo1 lowing  paragraphs  present  the  approaches  that  have  been  used  to  calcu¬ 
late  the  POD/CL  limits  that  are  stated  in  the  current  literature. 
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3 .2. 2.1  Design  of  NDI  Capability  Experiments 


In  an  NDI  capability  demonstration  program,  sample 
parts  known  to  contain  cracks  are  mixed  with  crack  free  parts  and  the  entire 
lot  is  inspected  by  a  standardized  procedure  that  essentially  duplicates  the 
proposed  production  inspection.  The  validity  of  the  results  is  entirely 
dependent  on  the  degree  to  which  the  experimental  conditions  match  the  real 
world  application.  This  includes  not  only  well  designed  specimens  with 
appropriate  sized  flaws, but  also  the  use  of  a  representative  group  of 
inspectors . 

(2  9  10 

Although  several  NDI  demonstration  programs  have  been  conducted  * 

11.  12)  „  .  ..  .  (13,  14,  15)  .  .  . 

and  the  problem  studied  f  no  standard  demonstration  program 

has  been  defined.  The  cited  references  describe  program  details  and  list 

recommendations.  The  following  items  from  Packman,  et  al.  (2)  list  some  of 

the  items  which  must  be  considered  in  designing  the  demonstration  program: 

a)  Specimen  design  -  representative  size,  shape,  and  surface  finish. 
Flaw  characteristic  to  be  evaluated.  Flaw  type,  location,  and  orientation. 
Method  for  producing  desired  flaws. 

b)  Sample  size  considerations  analysis  method.  Number  of  specimens 
with  flaws  of  appropriate  sizes.  Multiple  inspections  of  each  crack. 

c)  Inspection  procedure  -  complete  detailed  instructions  to  be 
followed  by  each  inspector. 

d)  Specimen  production  -  flawed  and  unflawed  specimens,  at  least  as 
many  unflawed  as  flawed.  Appropriate  specimen  identification. 
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e)  Inspection  -  representative  inspectors  in  anticipated  usage 
environment  with  no  knowledge  inspection  capability  evaluation  being  conducted, 
if  possible. 

f)  Analysis  -  determine  crack  sizes  destructively,  if  necessary,  and 
analyze  results. 

3. 2.2. 2  Analysis  Methods 

There  are  three  categories  of  demonstration  pro¬ 
grams  or  experiments  which  have  been  used  to  evaluate  the  reliability  of  NDI 
systems:  (1)  demonstration  of  a  capability  at  one  crack  length;  (2)  estimation 

of  the  POD  function  and  confidence  bounds  through  single  inspections  of  cracks 
covering  a  range  of  lengths;  and  (3)  estimation  of  the  POD  function  and  confi¬ 
dence  bounds  through  multiple  inspections  of  cracks  covering  a  range  of  lengths. 
Analysis  of  data  from  category  1  and  2  experiments  have  generally  been  based 
only  on  binomial  distribution  theory.  Category  3  data  have  been  analyzed  by 
regression  analyses.  Details  of  the  three  types  of  experiments  and  the 
analysis  methods  used  to  date  are  presented  in  References  2,  8,  11  and  13. 

The  following  paragraphs  summarize  pertinent  features  of  each  current 
experiment/analysis  combination. 

3. 2. 2. 2.1  Category  1:  NDE  Capability  at  One 
Crack  Length 

This  category  of  experiments  can  be 

viewed  as  a  method  for  demonstrating  that  an  NDE  system  can  detect  at  least  a 
given  percentage  of  cracks  of  a  specified  length  with  a  specified  confidence 
limit.  For  example,  this  approach  could  be  used  to  show  that  there  is  95% 
confidence  that  at  least  90%  of  all  cracks  of  length  0.25  in.  will  be  found 
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by  a  particular  system.  This  category  of  experiments  also  serves  as  an 


introduction  to  the  use  of  the  binomial  distribution  for  the  analysis  of  NDE 
reliability  data. 

Assume  that  the  reliability  demonstration  program  will  be  conducted  by 
inspecting  a  large  number  of  specimens  of  which  exactly  n  have  a  crack  of 
length  "a"  and  the  results  of  the  inspections  are  statistically  independent. 
If  p  represents  the  true  (but  unknown)  probability  of  detecting  a  crack  of 
length  "a",  then  the  number,  r,  of  cracked  specimens  that  will  be  detected 
has  a  bionomial  distribution  and  the  probability  of  exactly  r  detections  is 
given  by 


(3.2.1) 


The  unbiased,  maximum  likelihood  estimate  of  p  is 


p  =  r/n 


(3.2.2) 


However,  it  is  extremely  unlikely  that  p  will  exactly  equal  p  so  that  a  lower 
confidence  interval  estimate  is  calculated  which  yields  a  range  of  p  values 
which  are  consistent  with  the  observed  number  of  detections.  The  width  of  the 
interval  estimate  depends  on  the  desired  confidence  level,  100  (1-y) ,  the 
sample  size,  n,  and  the  number  of  detections,  r.  In  particular,  the  lower 
100  (1-y)  percent  confidence  bound  on  the  estimate  of  p  is  obtained  as  the 
solution,  p,  to  the  equation 


n 


y  =  S 


(3.2.3) 


i=r 
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The  interpretation  of  £  as  a  lower  confidence  limit  should  be  made  as  follows 
If  the  experiment  was  repeated  a  large  number  of  times,  100  (1  -  y)  percent 
of  the  calculated  values  of  £  would  be  less  than  the  true  value  of  p.  There¬ 
fore,  there  is  100  (1  -  y)  percent  confidence  that  the  £  from  a  single  experi 
ment  will  be  less  than  the  true  value. 

Solutions  to  Equation  3.2.3  are  tabulated  in  Reference  16  for  confidence 
limits  of  90,  95,  99  percent.  General  solutions  expressed  in  terms  of  the 
incomplete  beta  function  and  the  normal  approximation  to  the  binomial  distri¬ 
bution  can  be  found  in  Reference  17  (as  well  as  in  many  other  statistical 
references).  Minimum  values  of  n  and  r  which  yield  predefined  values  of  £ 
and  confidence  level,  100  (1  -  y) ,  are  often  quoted  and  selected  values  can 
be  found  in  Reference  2. 

For  example,  consider  an  experiment  to  demonstrate  that  there  is  95  percent 
confidence  that  at  least  90  percent  of  all  cracks  of  a  fixed  length  will  be 
detected  by  the  NDI  system.  To  achieve  the  desired  level  of  confidence  and 
POD  would  require  experimental  results  as  given  in  Table  3.2.1  for  n  <  103. 


TABLE  3.2.1 


MINIMUM  NUMBER  OF  DETECTIONS  REQUIRED  TO  CONCLUDE 
THE  POD  >  90%  WITH  95%  CONFIDENCE 


Number  of 
Cracked  Specimens 


Number  of  Cracked 
Specimens  Detected 


29 


29 


46 


45 


61 


59 


75 


72 


89 


85 


103 


98 
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If  there  were  28  cracked  specimens  in  an  experiment  and  all  28  were  detected, 
the  lower  95  percent  confidence  bound  on  the  POD  would  be  0.899  (and  if  less 
than  28  were  detected,  the  lower  confidence  bound  would  be  even  less).  There¬ 
fore,  to  obtain  a  90  percent  POD  with  95%  percent  confidence  requires  a  minimum 
of  29  specimens  with  cracks  of  the  fixed  length  and  all  of  the  cracks  would 
have  to  be  detected  in  the  real  inspection  environment. 

In  general,  given  the  number  of  cracked  specimens  tested  and  the  number  of 
cracked  specimens  found  a  lower  confidence  level  for  p  can  be  constructed. 

If  the  lower  confidence  limit  is  sufficiently  high  (as  defined  prior  to  the 
experiment,  e.g.,  p  >_  0.90)  the  demonstration  is  complete.  If  the  lower 
confidence  level  for  p  is  below  the  targeted  value,  the  NDI  system  has  failed 
the  demonstration  at  that  crack  length.  This  category  of  experiment  provides 
information  only  at  the  crack  length  inspected.  A  complete  discussion  of  the 
experiment  and  analysis  method  can  be  found  in  Reference  2. 

3. 2. 2. 2. 2  Category  2:  Estimation  of  the  POD 

Function  with  One  Observation  per  Crack 

In  the  second  category  of  experiments 
many  specimens  covering  a  range  of  crack  sizes  are  inspected  once  and  the 
results  are  used  to  estimate  the  POD  as  a  function  of  crack  length  with  confi¬ 
dence  limits.  Different  analysis  methods  have  been  used  on  the  results  of 
these  experiments  but  they  are  all  based  on  binominal  distribution  theory. 

Since,  in  general,  there  are  not  a  large  number  of  specimens  with  cracks  of 
the  same  length*  the  specimens  are  grouped  into  intervals  of  crack  length. 

It  is  assumed  that  all  cracks  within  a  specified  interval  have  approximately 
the  same  POD.  The  number  of  detections  in  each  group  is  modeled  by  the 
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binominal  distribution,  analyzed  as  described  in  subsection  3. 2. 2. 2.1,  and 
the  lower  confidence  bound  for  the  POD  is  usually  assigned  to  the  crack  length 
at  the  upper  end  of  the  interval. 

The  essential  differences  in  the  methods  of  analyzing  the  data  from  this 
category  of  experiments  has  been  in  the  methods  by  which  the  crack  length 
intervals  are  formed  or  combined.  In  the  range  interval  method  the  crack 
length  intervals  are  defined  with  equal  lengths  across  the  range  of  data  and, 
hence,  there  are  different  numbers  of  observations  in  each  interval.  This 
method  can  produce  an  extremely  erratic  estimate  of  the  confidence  limit  on 
the  POD  function.  Figure  3.2.1  presents  the  results  of  a  range  interval 
method  analysis  of  inspection  results  for  eddy  current  inspections  of  etched 
fatigue  cracks  in  2219~T87  aluminum  flat  plates  (reference  13,  page  D-63) . 

The  individual  data  points  are  the  percentages  of  cracks  identified  in  each 
interval  while  the  solid  line  segments  connect  the  lower  95  percent  confi¬ 
dence  boundary  for  each  POD  estimate.  The  extremely  erratic  behavior  of  the 
confidence  limits  resulted  from  small  sample  sizes  in  some  of  the  intervals 
and  not  from  different  observed  percentages  of  detection. 

To  avoid  the  problems  resulting  from  the  variable  sample  sizes  in  each  inter¬ 
val,  various  methods  of  varying  the  length  of  the  intervals  to  maintain  constant 
sample  size  have  been  devised.  These  are  the  non-overlapping  constant  sample 
size,  the  overlapping  constamt  sample  size,  and  optimized  probability  methods. 

(13) 

Yee,  et  al.  recommends  the  use  of  the  optimized  probability  method  over  the 

other  two  and  only  this  method  is  summarized  here. 
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The  optimized  probability  method  (OPM)  for  analyzing  category  2  experimental 
data  is  an  algorithm  for  grouping  the  inspection  results  to  achieve  the 
highest  possible  lower  confidence  bounds.  Initially,  groups  are  formed  as 
in  the  range  interval  method  giving  rise  to  m  intervals.  For  convenience, 
these  intervals  will  be  labeled  1  through  m.  The  first  OPM  interval  is 
selected  as  follows.  The  lower  confidence  bound  on  the  POD  is  calculated 
for  the  data  in  interval  1,  then  for  the  data  in  intervals  1  and  2  together, 
then  for  intervals  1,  2  and  3  and  so  forth  until  a  lower  confidence  bound  for 
the  POD  is  calculated  for  the  whole  data  set  (intervals  1  through  m  combined) . 
The  group  of  intervals  that  gives  rise  to  the  highest  value  of  lower  confidence 
bound  is  used  as  the  first  interval  in  the  optimized  probability  method. 
Interval  1  data  is  then  eliminated  and  the  set  of  intervals  2  through  m  are 
analyzed  in  a  similar  manner  to  create  the  second  OPM  interval.  This  process 
continues  until  confidence  bounds  for  all  m  intervals  are  found.  Figure  3.2.2 
shows  the  result  of  this  procedure  for  the  same  data  that  was  used  in 
Figure  3.2.1. 

Confidence  bounds  obtained  by  the  optimized  probability  method  are  better 
behaved  than  those  of  the  other  methods.  However,  this  behavior  is  obtained 
at  the  expense  of  unknown  statistical  validity  of  the  POD  function  across  all 
ranges  of  crack  length.  The  overlapping  of  intervals  requires  inspection 
results  for  a  particular  crack  to  be  analyzed  more  than  once.  Any  crack  that 
falls  in  an  overlap  area  is  used  in  calculating  the  confidence  bounds  for 
all  the  intervals  involved.  Thus,  there  is  a  correlation  between  confidence 
bounds  that  share  data  and  the  influence  of  this  correlation  on  the  POD  as  a 
function  of  crack  length  is  unknown. 
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In  general,  the  various  "interval"  methods  have  three  major  deficiencies. 

First,  since  they  are  based  on  the  binomial  distribution,  the  confidence 
bounds  are  greatly  influenced  by  the  method  for  assigning  cracks  to  interval. 

The  confidence  bounds  are  as  much  influenced  by  the  analysis  method  as  they 

are  by  the  data.  Second,  the  confidence  bounds  do  not  approach  unity  and, 
depending  on  the  sizes  of  the  cracks  in  the  test  specimen,  may  not  reach  the 
required  0.90  POD  level.  The  entire  experiment  may  fail  to  provide  the 
desired  result.  Third,  they  provide  limited  inferences  on  the  entire  POD 
function  if  this  function  is  required  for  further  studies  such  as  risk  of 
failure  analyses. 

3.2.2. 2. 3  Category  3:  Estimation  of  the  POD 
Function  with  Multiple  Observations 
per  Crack 

This  category  of  experiment  resulted 
from  a  large  NDI  reliability  program  performed  for  the  Air  Force  as  described 
in  Reference  11.  Sections  of  retired  aircraft  and  other  specimens  were 
transported  to  Air  Force  depots  and  inspected  for  cracks  by  representative 
personnel,  using  various  NDI  systems  in  a  typical  environment.  At  the 
completion  of  the  travel  phase  of  the  program,  the  structures  were  destructively 
inspected  to  verify  the  existence  and  lengths  of  the  cracks.  This  experiment 
has  often  been  called  the  "Have-Cracks-Will-Travel  Program". 
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This  method  of  collecting  data  yielded  an  estimate  of  a  detection  probability 
for  each  individual  crack.  For  example,  Figure  3.2.3,  using  data  of 
Reference  11,  displays  the  inspection  results  of  individual  cracks  emanating 
from  fastener  holes  in  a  skin  and  stringer  wing  assembly  as  inspected  by 
eddy  current  surface  scans.  Each  data  point  in  the  figure  represents  the 
proportion  of  times  the  crack  was  found  when  subjected  to  60  independent 
inspections.  These  data  clearly  illustrated  that  not  all  cracks  of  the  same 
length  have  the  same  detection  probability  and  demonstrate  the  need  for  an 

analysis  method  other  than  those  based  on  the  binomial  distribution. 

/ox 

Berens  and  Hovey  demonstrated  that  the  mean  of  the  detection  probabilities 

at  a  crack  length  is  the  POD.  Thus,  the  POD  function  with  confidence  limits 
can  be  estimated  by  regression  analysis.  Berens  and  Hovey  fit  the  data 

of  Figure  3.2.3  with  the  log  linear  logistics  (or  log-odds)  model  given  by 


POD (a)  = 


a  a 


1  +  ot  a 


(3.2.4) 


To  perform  the  regression  analysis,  the  data  are  transformed 


Y.  =  £n  (p./l-p.) 


X.  =  £n  a . 
i  i 


(3.2.5) 


where  p^  is  the  observed  percent  of  detections  of  crack  i  which  has  length  a^. 


The  simple  regression  model 


Ti  -  <■  +  8  *i  +  eo 


(3.2.6) 

is  fit  to  the  transformed  data  points  to  estimate  a  and  8  and  to  calculate 
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the  lower  confidence  limit  on  the  POD  function. 


The  solid  curve  of  Figure  3.3.3  is  the  estimate  of  the  POD  function  using  the 
log  odds  model  and  the  dashed  line  is  the  lower  95  percent  confident  limit 
curve  for  the  POD  function. 

Different  POD  models  may  be  required  (or  acceptable)  for  different  applications 
Lewis,  et  al.  used  a  modified  Weibull  type  of  model  to  fit  the  POD  function 

This  model  is  given  by 

POD(a)  =  exp  [-  a  aP  ]  (3.2.7) 

and  again  the  parameters  a  and  8  were  estimated  from  regression  analysis 
of  transformed  (a_^,  p^)  data  pairs. 

Given  a  particular  model,  Parameters  can  be  estimated  by  methods  other  than 
regression.  Berens  and  Hovey  also  derived  maximum  likelihood  estimates 
of  a  and  8  in  the  log-odds  model  for  the  category  2  type  experiment.  Develop¬ 
ment  of  these  methods  is  continuing. 

3.2.3  Comparison  of  NDI  Methods 

The  selection  of  an  NDI  method  for  a  particular  application 
will  be  governed  primarily  by  the  type  and  geometry  of  material,  type  of 
defect,  test  environment  and  size  and  location  of  possible  flaws.  Figure 
3.2.4  presents  a  comparative  summary  of  the  major  features  of  each  of  the 
five  NDI  methods  discussed  in  subsection  3.2.1.  Further  details  can  be  found 
in  References  3-7. 
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Although  several  NDI  capability  evaluation  experiments  have  been  conducted  and 

(9-12) 

reported  in  the  literature  ,  there  are  not  simple  quantitative 

characterizations  of  the  NDI  methods  which  are  generally  accepted.  Test 
specimens,  conditions,  and  NDI  procedures  are  significantly  variable  so  as  to 
make  results  from  different  experiments  at  least  somewhat  incomparable.  The 
incompatability  of  results  is  further  enhanced  by  the  analysis  methods  used 
to  quantify  the  NDI  capability  and  the  statistical  variation  that  naturally 
results  in  the  estimation  of,  for  example,  the  crack  length  for  which  there 
is  95  percent  confidence  that  at  least  90  percent  of  all  cracks  will  be 
detected  (i.e.  the  90/95  limit).  However,  to  provide  an  indication  of  the 
crack  sizes  that  are  detectable  by  the  five  NDI  methods,  summary  data  from  the 

(13) 

study  of  Yee,  et  al.  are  contained  in  Table  3.2.2. 

In  the  study  of  Reference  13  conducted  for  the  National  Aeronautics  and 
Space  Administration,  Yee,  et  al.  compiled  all  available  test  results  from 
NDI  capability  demonstration  experiments.  These  data  were  screened  by  com¬ 
paring  the  experimental  test  conditions  to  a  set  of  criteria  which  would 
ensure  an  acceptable  degree  of  validity.  The  data  which  passed  the  criteria 
were  reduced  and  analyzed  by  the  same  techniques.  Seven  of  20  data  sets  were 
accepted  for  analysis.  Since  all  seven  were  subjected  to  the  same  analysis 
procedures,  the  results  are  compatible  and  provide  at  least  a  gross  indication 
of  the  capabilities  of  the  five  NDI  methods. 

Table  3.2.2  reproduces  the  data  summary  of  Reference  13.  The  threshold  crack 
lengths  listed  in  the  table  are  the  lowest  90/95  limits  achieved  by  each  data 
set  as  calculated  from  either  the  optimized  probability  method  or  the 
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overlapping  60  point  method.  A  dash  in  the  90/95  column  indicates  that  the 
95  percent  confidence  limit  on  the  POD  function  failed  to  reach  the  0.9  level, 
i.e.,  the  experiment  failed  to  produce  a  90/95  limit. 

Due  to  the  many  possible  experimental  conditions  in  the  individual  sets, 
comparisons  among  the  NDI  methods  are  difficult.  Table  3.2.3  is  a  composite 
summary  of  the  90/95  limits  for  the  specimens  described  as  fatigue  cracks  in 
flat  plates.  Missing  values  indicate  no  tests  for  the  material-NDI  system 
combination.  Similarly,  Tables  3.2.4  and  3.2.5  present  comparisons  of  NDI 
methods  for  aluminum  and  steel  under  laboratory  and  production  conditions 
for  different  specimen  designs. 

These  data  indicate  that,  in  general,  the  radiographic  NDI  method  has  larger 
90/95  limits  than  do  the  other  methods.  No  other  such  general  statements 
can  be  made  and,  in  fact,  the  statistical  variability  in  the  estimates  of  the 
90/95  limits  should  be  accounted  for  before  concluding  one  method  is 
significantly  superior  to  another  with  respect  to  90/95  limits. 
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TABLE  3.2.2 

:Y  OF  NDE  DATA  STATISTICALLY  ANALYZED  (REFERENCE  13) 
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TABLE  3.2.2  SUMMARY  OF  NDE  DATA  STATISTICALLY  ANALYZED  (Continued) 
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TABLE  3.2.2  SUMMARY  OF  NDE  DATA  STATISTICALLY  ANALYZED  (Continued) 
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TABLE  3.2.2  SUMMARY  OF  NDE  DATA  STATISTICALLY  ANALYZED  (Concluded) 
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TABLE  3.2.3 


THRESHOLD  CRACK  LENGTHS  (90/95  LIMITS  IN 
INCHES)  FOR  FATIGUE  CRACKS  IN  FLAT  PLATE 
(REFERENCE  13) 


MATERIAL 

2219-T87 

Aluminum 

7075-T6511 

Aluminum 

Ti-6A1-4V 

Before 

Etch 

After 

Etch 

Liquid  Penetrant 

0.262 

0.095 

0.070 

0.070 

Ultrasonics 

0.136 

0.079 

0.068 

Eddy  Current 

0.108 

0.111 

Radiography 

(1) 

(1) 

(1)  90/95  limit  not  achieved. 
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TABLE  3.2.4 


THRESHOLD  CRACK  LENGTHS  (90/95  LIMITS  IN  INCHES)  FOR 
ALUMINUM,  FORGE  CLOSED  DEFECT  TYPE  (REFERENCE  13) 


LABORATORY 

CONDITION 

PRODUCTION 

CONDITION 

Liquid  Penetrant 

0.02 

(1) 

Ultrasonic 

0.17 

0.21 

Eddy  Current 

0.18 

0.13 

X-Ray 

0.11 

(1) 

(1)  90/95  limit  not  achieved. 
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TABLE  3.2.5 


THRESHOLD  CRACK  LENGTHS  (90/95  LIMITS  IN  INCHES')  FOR 

4340  M  STEEL,  FORGE  CLOSED  DEFECT  TYPES  (REFERENCE  13) 


Solid  Cylinder 

Hollow  Cylinder 

Straight  Filleted  Threshold 

Straight  Filleted 

Liquid  Laboratory 

Penetrant  Production 

0.16  0.09  0.23 

(1)  (1) 

(1)  0.31 

(1)  (1) 

Ultrasonic  Laboratory 

Production 

0.14  0.09 

0.14  0.07  (1) 

0.10  0.13 

(1)  0.13 

Eddy  Current  Laboratory 
Production 

0.20  0.23 

0.16  0.30 

(1)  0.14 

(1)  (1) 

Magnetic  Laboratory 

Particle  Production 

0.12  0.07  (1) 

0.12  0.13  (1) 

0.10  0.13 

(1)  (1) 

X-Ray  Laboratory 

Production 

(1)  (1) 

(1)  (1)  (1) 

(1)  (1) 

(1)  (1) 

(1)  90/95  limit  not  achieved 
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Figure  3.2.1.  Range  Interval  Method  as  Applied  to  Eddy  Current 
Inspections  of  Aluminum  Plates-  1  Inspection  Per 
Crack  (Reference  13). 
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Figure  3.2.2.  Optimized  Probability  Method  as  Applied  to  Eddy 

Current  Inspections  of  Aluminum  Plates-  1  Inspection 
Per  Crack  (Reference  13). 
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Figure  3.2.3.  Regression  Method  as  Applied  to  Eddy  Current  Inspection 
of  Fastener  Holes-  60  Inspections  Per  Crack  (Reference  I 


MEASUBES  OB  DEFECTS 


APPLICATIONS 


LIMITATIONS 


Magnetic  particles 

Surface  snd  slightly 

Ferromagnetic 
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Alignment  of 

subsurface  defects; 

materials,  bar,  fnrg- 

penetrant  in  that  it 

magnetic  field  is 

crscks,  seams, 

Inga,  weldments. 

indicates  subsurface 

critical 

porosity,  inclusions 

extrusions,  etc. 

defects,  particularly 

Permeability 

inclusions 

Demagnetization  of 

variations 

Relatively  fast  and 

parts  required  sfter 

Extremely  sensitive 

low  cost 

teats 

for  locating  amall, 

May  be  portable 

Parts  must  be  cleaned 

tight  cracks 

before  snd  after 
inspection 

Masking  by  surface 
costings 

Liquid  Penetrant 

Defects  open  to  sur¬ 

All  parts  with  non- 

Low  cost 

Surface  fllma,  such 

face  of  parts;  crscks. 

absorbing  surfscea 

Portable 
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(forgings,  weldments. 
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laps,  etc. 

castings,  etc.).  Note: 

Indications  may  be 

may  prevent  detection 

Through-well  leaks 
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surfaces  csn  mask 
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further  examined 
visually 

of  defects 

Psrts  muat  be  cleaned 
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before  snd  sfter  Inspection 

interpreted 

Defect  must  be  open  to 
surface 

Ultrasonic 

Internal  defects  and 

Wrought  metsls 

Most  sensitive  to  . 

Couplsnt  required 

(0.125  MHz) 


variations;  cracks, 
lsck  of  fusion, 
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Figure  3.2.4. 


Summary  and  Comparison  of  Nondestructive  Testing 
Methods  (Reference  1)  . 
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3.3 


PROOF  TEST  DETERMINATIONS 


( -I  O') 

Tiffany  and  Masters  first  suggested  that  the  conventional 

structural  proof  test  could  be  used  to  inspect  for  crack  damage  that  would 
eventually  lead  to  catastrophic  failure.  Air  Force  acceptance  of  this  proof 
test  philosophy  has  been  stimulated  by  the  inability  of  alternate  non¬ 
destructive  inspection  tools  to  reliably  detect  cracks  of  near-critical  size. 
The  Air  Force  in  the  recent  past  has  employed  the  proof  test  as  a  means  of 
determining  the  maximum  possible  initial  flaw  that  could  exist  in  the  struc¬ 
tural  subsystems  identified  in  Table  3.3.1*  Note  that  almost  all  of  the 
examples  cited  represent  the  application  of  the  proof  stress  techniques  as 
an  In-service  Inspection.  References  19  through  23  document  the  Table  3.3.1 
and  other  Air  Force  uses  of  the  crack-inspection  proof  test.  Reference  24 
documents  the  recent  Navy  proof  test  of  an  A- 7  arresting  hook;  this  proof  test 
is  periodically  repeated  to  ensure  the  continuing  structural  integrity  of  the 
component . 

The  proof  test  concept  for  all  applications  has  been  to  size  or  eliminate  the 
life  degrading  damage  so  that  the  structure  would  maintain  its  required 
level  of  structural  integrity  throughout  a  defined  period  of  usage.  However, 
due  to  substantially  different  technical  requirements,  the  proof  testing 
techniques  employed  in  each  case  were  different.  The  technical  requirements 
which  establish  the  type  of  tests  conducted  have  been  structural  geometry, 
material  properties,  type  of  crack  damage  present  in  the  structure,  as  well 
as  the  crack  growth  mechanism. 
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PROOF  TESTING  OF  AIRCRAFT  STRUCTURES 
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3.3.1  Description  of  the  Proof  Test  Method 

( 18  ^ 

Tiffany  and  Masters  utilized  the  proof  test  as  a  means 

of  guaranteeing  that  a  potentially  cracked  structure  would  not  fail  during 
a  defined  period  of  operation.  This  guarantee  results  from  the  fact  that 
all  the  cracks  remaining  in  a  proof-loaded  structure  must  be  smaller  than 
those  cracks  which  would  have  failed  the  structure  during  the  proof  test. 
Since  proof  test  loadings  are  typically  larger  than  the  maximum  operating 
conditions,  the  post  proof-tested  structure’s  cracks  are  also  expected  to 
be  substantially  smaller  than  the  cracks  which  would  cause  failure  under 
operating  loads. 


Figure  3.3.1  schematically  illustrates  a  stress-crack  length  diagram  which 

defines  the  levels  of  loading  (proof  stress  and  operational  maximum  stress) 

and  the  corresponding  crack  lengths  associated  with  structural  failure  by 

fracture.  It  can  be  noted  from  Figure  3.3.1  that  all  cracks  larger  than  a ^ 

will  cause  the  structure  to  fail  during  the  proof  test  loading,  thus 

guaranteeing  a  "minimum"  safe  crack  growth  interval  between  a^  and  the 

crack  size  (a  )  at  which  the  operating  conditions  will  cause  failure.  The 
op 

interval  established  is  the  minimum  safe  interval  because  the  structure  may 
initially  have  cracks  that  are  substantially  smaller  than  the  guaranteed 
initial  size  (a_^)  . 

/  lg\ 

Tiffany  and  Masters  designed  the  proof  test  conditions  so  that  all  cracks 

initially  present  in  the  structure  and  of  sufficient  size  that  they  could  grow 
to  failure  during  the  planned  service  operating  period  would  fail  the  structure 
during  the  proof  test.  If  the  operating  conditions  and  the  crack  growth 
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mechanisms  are  known,  then  a  crack  growth  life  calculation  can  be  performed 

to  establish  the  minimum  safe  crack  growth  interval  during  which  failure  will 

not  occur  during  service.  The  minimum  safe  crack  growth  interval  extends  from 

the  largest  allowable  initial  crack  size  (a*)  and  the  crack  size  (a  ) . 

&  i  op 

Figure  3.3.2  describes  the  interrelationship  between  the  crack  growth  life 

and  residual  strength  behavior  of  a  structure  and  the  stress-crack  size  diagram. 

As  indicated  in  Figure  3.3.2  (right-hand  side),  the  life  limit  associated  with 

the  crack  growth  process  and  the  decay  of  the  residual  strength  capability  is 

lower  than  the  service  life  requirement.  An  increase  in  the  proof  stress  is 

required,  therefore,  to  decrease  the  corresponding  crack  size  (a^)  to  the 

maximum  allowable  crack  size  (a^)  and  thus  ensure  a  safe  period  of  operation. 

Note  that  the  stress-crack  size  diagram  indicates  that  all  cracks  greater 

than  a^,  present  at  the  time  of  the  proof  test,  will  cause  structure  failure. 

Thus,  the  proof  test  ensures  that  when  the  structure  enters  service,  its 

initial  cracks  will  be  no  larger  than  the  size  associated  with  the  proof  test 

conditions . 

The  levels  of  proof  test  stress  and  the  material’s  fracture  toughness  combine 
to  establish  the  maximum  initial  crack  size  guaranteed  by  the  proof  test. 

Because  material  and  stress  variations  will  exist  throughout  any  proof  loaded 
structure,  the  designer  of  a  proof  test  must  be  aware  of  several  important 
material  variations  which  could  significantly  affect  the  post-proof  test 
crack  size  distribution.  These  important  material  variations  are  caused  by 
changes  in  temperature,  loading  rate,  thickness,  and  yield  strength. 

Figure  3.3.3  schematically  describes  how  fracture  toughness  varies  as  a 
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function  of  these  parameters.  Note  that  temperature  and  loading  rate  can 
affect  some  materials  (some  steels  and  titanium  alloys  are  particularly 
susceptible)  while  other  materials  are  unaffected.  Aluminum  alloys  and  many 
nickel-base  alloys  exhibit  almost  no  variation  in  fracture  toughness  as  a 
function  of  temperature  and  strain  rate.) 

Figure  3.3.4  provides  an  example  of  how  a  material’s  response  to  external 
stimuli  can  be  utilized  to  increase  the  minimum  safe  crack  growth  interval. 

In  Figure  3.3.4,  a  material’s  known  response  to  temperature  is  utilized 
to  select  a  low  temperature  condition  for  conducting  the  proof  test.  The 
lower  fracture  toughness  exhibited  at  the  low  temperature  is  shown  to  extend 
the  minimum  safe  crack  growth  interval  substantially  beyond  what  would  have 
been  expected  for  the  same  proof  stress  at  the  operating  temperature  conditions. 

As  stated  by  MIL-A-83444  (3.1.1. 1),  nthe  minimum  assumed  initial  flaw 
size  shall  be  the  calculated  critical  size  at  the  proof  test  stress  level 
and  temperature  using  procuring  activity  approved  upper-bound  of  the  material 
fracture  toughness  data.”  The  concept  of  using  an  approved  upper-bound  for 
the  fracture  toughness  ensures  a  worst  case  assumption  for  the  maximum 
allowable  initial  crack  size  (see  Figure  3.3.5)  and  the  minimum  safe  crack  growth 
interval  (See  Figure  3.3.6).  Figure  3.3.6  summarizes  the  MIL-A-83444  require¬ 
ments  for  establishing  the  minimum  safe  crack  growth  interval  for  the  NDE 
proof  test  conditions. 
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Consider  the  data  proyided  in  Figure  3.3 „ 7  which  defines  the  plane  strain 
fracture  toughness  for  a  number  of  aluminum  alloys  (Reference  25) .  The 
fracture  toughness  values  presented  are  representative  averages  as  well  as 
minimum  and  maximum  values  obtained  from  test  data  collected  for  the 
individual  alloys  and  heat  temperature  conditions  shown.  From  the  data 
presented  in  Figure  3.3.7,  it  does  not  appear  that  there  is  that  much 
variation  between  the  minimum,  the  average  and  the  maximum  values  of 
fracture  toughness.  However,  the  supporting  text  in  Reference  25  notes 
that  the  fracture  toughness  values  given  do  not  have  the  statistical 
reliability  of  the  typical  mechanical  properties  (yield  strength,  elastic 
modulus,  etc.)  given  in  MIL-HDBK-5C.  The  lack  of  precision  in  defining 
the  fracture  toughness  upper-bound  required  by  MIL-A-83444  might  be  overcome 
if  the  upper-bound  is  estimated  with  a  statistical  definition  that  is  agreed 
to  by  the  procuring  agency. 

3.3.2  Examples 

Two  examples  are  now  presented  to  illustrate  how  the  proof 
test  might  be  used.  The  first  example  describes  how  a  proof  stress  condition 
might  be  chosen  to  find  specific  crack  sizes.  The  second  example  describes 
a  typical  situation  whereby  the  proof  test  must  be  designed  to  guarantee  a 
service  life  interval. 
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EXAMPLE  3.3.1 


Proof  Test  Stress^Crack  Length  Relationships 


For  the  radially-through-thickness  cracked  structure  illustrated  in  Figure 
3.3.8,  answer  the  following  questions: 

(a)  What  proof  stress  (a^)  is  required  at  room  temperature  to 

guarantee  that  the  maximum  crack  size  is  less  than  0.05  inches.  Also  define 

the  ratio  of  proof  to  operating  stress  conditions  (a  =  a  /a  ) . 

P  op 

(b)  For  a  proof  test  conducted  at  -40°F,  define  the  proof  stress  and 
proof  stress  ratio  associated  with  finding  a  crack  with  length  0.05  in. 

(c)  If  the  proof  test  ratio  is  1.5,  what  is  the  minimum  flaw  size 
that  will  be  detected  at  room  temperature? 

SOLUTION: 

The  equation  that  governs  the  solution  to  all  three  questions  is  the 
Irwin  fracture  criterion,  i.e., 

K  -  KIC  (3.3.1) 

where 

K  «  0  /if  a  .  F(a/r)  (3.3.2) 

with  F(a/r)  and  the  material  properties  defined  in  Figure  3.3.8, 

To  address  the  questions,  parts  a  and  b,  Equations  3.3.1  and  3.3.2  are 

solved  for  the  proof  stress  O  ,  i.e. 

P 

^IC 

a  =  - — -  (3.3.3) 

^  /na  .  F(a/r) 

for  the  given  conditions  at  temperature  and  for  a  0.05  inch  long  crack, 
i.e.  "a"  in  Equation  3.3.3  is  0.05  inch.  So  for  room  temperature,  the  proof 


3.3.7 


stress  is 


a 

P 


_ 40 _ 

A (0.05)'  .  (2.34) 


=  43.1  ksi 


and  for  -  40°F  the  proof  stress  is 


(3.3.3a) 


a  =  - — -  =37.7  ksi  (3.3.3b) 

P  A(0. 05)  .  (2.34) 

In  both  cases,  the  proof  stress  is  well  below  the  yield  strength;  however,  it 
might  be  noted  that  localized  yielding  at  stress  concentrations  could  occur  at 
these  levels.  The  proof  stress  ratios  (a)  are  1.23  and  1.08  for  the  room  tempera¬ 
ture  and  -40°F  proof  test  conditions,  respectively.  To  address  the  third  part  of 
the  question,  it  is  necessary  to  solve  Equation  3.3.3  for  crack  length  (a),  i.e. 


(3.3.4) 


Because  Equation  3.3.4  involves  crack  length  in  the  function  F  in  a  complicated 
fashion,  the  equation  is  solved  iteratively  for  the  given  material  and 
stress  conditions,  i.e.  K  =  40  ksi  /in  and  O  =  1.50x(35)  »  52.5  ksi.  Thus, 

XL*  p 


l 

a  =  — 

7T 


40 


52.5 


[f(5>_ 


(3.3.4a) 


A  series  of  several  trials  are  shown  in  Table  3.3.2  where  a  match  of  the 
right  and  left  side  of  Equation  3.3.4a  is  achieved  when  a  =  0.0245  inches. 
Thus,  0.0245  inch  long  cracks  can  be  found  for  a  proof  test  ratio  of  1.50. 
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TABLE  3.3.2 

TRIAL  AND  ERROR  SOLUTION  OF  EQUATION  3.3.4a 


a  (left-hand  side) 
(inch) 

a/r 

F (a/r) 

a (right-hand  side) 

(inch) 

0.020 

0.08 

2.835 

0.0230 

0.025 

0.10 

2.733 

0.0247 

0.030 

0,12 

2.641 

0.0265 

0.0255 

0.102 

2.723 

0.0249 

0.0245 

0.098 

2.743 

0.0246 

In  the  above  solutions,  it  is  seen  that  in  some  cases  the  proof  stress  is 
sufficiently  large  such  that  yielding  can  be  expected  at  the  edge  of  the  hole 
and  other  stress  concentration  sites.  The  reader  is  cautioned  that  linear 
elastic  fracture  mechanics  (LEFM)  techniques  such  as  applied  in  Equation  3.3.1- 
3.3.4  should  not  be  utilized  when  extensive  local  yielding  occurs  except  to 
obtain  first-order  estimates  of  the  crack  length.  From  a  proof  test  standpoint, 
the  LEFM  estimates  of  the  minimum  crack  length  will  be  actually  larger  than 
those  screened  by  loading  the  structure  to  the  proof  condition,  assuming  load 
control  conditions,  and  thus  conservative. 
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EXAMPLE  3,3.2  Proof  Test  Conditions  to  Guarantee  Life 


The  pressure  vessel  shown  in  Figure  3,3,9  has  a  semicircular  surface  crack 
of  unknown  size  located  in  the  longitudinal  direction.  This  vessel  is  sub¬ 
jected  to  an  on-off  pressure  loading  condition  of  the  type  illustrated  in 
Figure  3.3.10  and  is  made  of  a  structural  steel  with  the  mechanical  properties 
shown  in  Figure  3.3.11. 

For  economic  purposes,  it  has  been  decided  that  the  structure  will  only  be 
inspected  yearly  and  the  inspection  procedure  has  been  chosen  to  be  a  proof 
test.  You  have  been  asked  to  select  the  proof  pressure  level  that  will 
guarantee  that  this  vessel  will  not  fail  during  the  interval  between  proof 
test  inspections  subject  to  the  crack/loading/material  property  assumptions. 

SOLUTION: 

It  is  first  necessary  to  calculate  the  gross  stress  in  the  section  of 
the  structure  where  the  crack  is  located.  From  any  standard  strength  of 
materials  text,  it  is  determined  that  for  a  pressure  (p)  of  2,000  psi  the 
maximum  operating  stress  (a)  for  the  vessel  with  an  outside  diameter  of 
40  inch  and  a  thickness  (B)  of  0.4  inch  is  given  by 


max 


p  D  (2000)  (40) 

2B  '  2  '(0.4)  '  "  100>000  psl 


(3.3.5) 


or  100  ksi,  and  the  range  of  stress  is 


Ag  =  0.75  a  =75  ksi  (3.3.6) 

max 

For  the  semicircular  crack  partly  through  the  vessel  wall,  the  stress-intensity 
factor  is  given  by 
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(3.3.7) 


K  -  1.12  (£)  a  /i\a 

neglecting  the  back  surface  correction  factor.  Assume  for  illustrative 
purposes  that  Equation  3.3.7  can  be  considered  a  reasonable  estimate  of  the 
true  stress-intensity  factor  at  all  depths  through  the  thickness.  As  a  first 
step,  determine  if  the  structure  will  leak  before  it  breaks  by  calculating 
the  stress-intensity  factor  for  the  condition  where  the  crack  depth  is  equal 
to  the  thickness.  Thus,  with  Equation  3.3.7  and  O  =  100  ksi  and  a  =  0.4  in., 

K  =  1.12  (|o  (100)  A (0.4)'  (3.3.7a) 

=  79.9  ksi  /in 

which  is  less  than  =  90  ksi  /in  and  thus  the  vessel  might  leak  before 

fracturing.  Consider,  however,  the  potential  cracking  situation  that  occurs 

if  the  semicircular  crack  penetrates  the  wall  and  immediately  transitions  to  a 

through  thickness  crack  as  shown  in  Figure  3.3.12.  An  analysis  indicates 

that  K  =  112  ksi  /in  which  is  greater  than  K  .  Thus,  given  this  situation, 

1 

the  vessel  will  fail  catastrophically. 


To  establish  the  crack  size  associated  with  the  proof  test,  one  must  conduct  a 
life  analysis  which  works  from  the  final  crack  size  (a  =  0.4  inch)  backwards 
until  the  one-year  life  interval  (a  two-year  life  interval  with  the  factor  of 
two  life  margin)  is  guaranteed.  The  life  analysis  that  is  conducted  illustrates 
an  incremental  crack  length  method  that  uses  the  iterative  equation 


Life  =  £ 

i=l 


Aa . 


da 


dt 


(days) 


(3.3.8) 


where  the  increments  of  crack  length  (Aa^)  and  crack  growth  rate  values 
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(da/dt|  )  are  chosen  to  he  compatible. 


On  the  basis  of  the  materials  data  described  in  Figure  3.3.11,  one  must 
assume  that  both  a  fatigue  and  a  stress-corrosion  cracking  mechanism  are 
active  (see  Chapter  5  for  discussion  on  these  mechanisms) .  The  fatigue  crack 
growth  rate  behavior  can  be  described  using  the  power  law 

—  -  3 . 3xl0_1°  AK  2'959(in/cycle)  (3.3.9) 

aN 

On  the  basis  of  the  data  in  Figure  3.3.11,  Equation  3.3.9  is  restricted  to 
the  range  10  _<  AK  90  ksi  /in,  and  to  the  stress  ratio  (R)  of  0.25  which  is 
compatible  with  the  loading  cycle  given  in  Figure  3.3.10.  The  stress-corrosion 
cracking  rate  data  in  Figure  3.3.11  can  be  described  with  the  power  law 


77I  =  9.24x10  15  K  5,798  (in/day)  (3.3.10) 

dt1  cor  max 

which  is  valid  for  sustained  loading  conditions  when  K  is  between  the 

max 

threshold  of  stress  corrosion  cracking  (^-j-scc=  65  ksi  /in  )  and  the  fracture 

toughness  level  (K  =  90  ksi  /in) . 

Xu 

As  a  first  approximation  of  the  effect  of  combined  stress  corrosion  action 
and  fatigue  crack  growth,  the  linear  summation  hypothesis  of  Wei-Landes  is 
suggested  (See  Chapter  5) : 


da  _  da  I  da  I 

dt  total  dt  |cor  dt|fat 

where  the  time  based  fatigue  crack  growth  rate  is  obtained  from 


(3.3.11) 
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(3.3.12) 


da j  f  da 

dt  'fat  dN 

whereby  the  cycle-dependent  component  from  Equation  3.3.9  is  multiplied  by 
the  cyclic  frequency  (f ) .  It  is  also  to  be  noted  that  the  stress-corrosion 
cracking  rate  contribution  for  a  day  in  service  is  one-half  that  established 
by  Equation  3.3.10  since  the  vessel  is  only  loaded  to  the  maximum  pressure 
only  half  the  time. 

There  are  a  number  of  ways  that  Equation  3.3.8  can  be  used  to  establish  the 

crack  length-life  relationship.  The  method  for  this  example  will  be  to  choose 

equal  increments  of  K  between  the  crack  size  at  failure  and  the  other 

max 

crack  lengths  established  to  obtain  the  Aa_.  values.  Table  3.3.3  describes 
the  relationships  between  the  maximum  stress-intensity  factor  and  the  crack 
length,  the  crack  length  increment,  the  average  values  of  the  maximum  stress- 
intensity  factor  (K  )  and  stress-intensity  factor  range  (AK) . 


TABLE  3.3.3 

CRACK  INTERVAL  TABLE  FOR  EQUATION  3.3.6 


K  (ksi  /in.) 

max 

55 

60 

65 

70 

75 

80 

a  (inch) 

0.189 

0.225 

0.264 

0.307 

0.352 

0.400 

Aa  (inch) 

0.036 

0.039 

0.043 

0.045 

0.048 

K  (ksi  /in. 

max 

57.5 

62.5 

67.5 

72.5 

77.5 

AK  (ksi  /in. 

43.1 

46.9 

50.6 

54.4 

58.1 

•k 

Average  values  for  the  interval 
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The  calculations  of  crack  length  a  in  Table  3.3.3  are  directly  related 

to  K  through  the  equation 
max 


a  = 


— 12 


K 


max 


1.12  ( — )  a  /tt 
7T  max 


(3.3.13) 


which  when  solved  for  a  typical  value  of  K  ,  say  55  Ksi  /In  ,  the  crack 

max  J 

length  becomes 


a  - 


-»2 


55 


1. 12  (— )  100  vTT 


=  0.189  inch  (3.3.13a) 


The  difference  in  crack  lengths  (Aa)  comes  from  subtracting  the  two 

corresponding  crack  lengths.  The  values  of  K  x  are  computed  by  averaging 

the  two  corresponding  K  values,  e.g.  62.5  Ksi  /in  =  0.5  (60  4-  65).  The 

max 

values  of  AK  are  computed  from  the  relationship  AK  =  (1-R)  K  where 
R  is  the  stress  ratio  (0.75). 
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Table  3.3.4  presents  the  fatigue  crack  growth  rate  contribution  to  Equation 
3.3.11  and  Table  3.3.5  presents  the  stress  corrosion  cracking  contribution. 
The  growth  rate  data  are  based  on  Equations  3.3.9  and  3.3.10,  respectively. 

TABLE  3.3.4 

FATIGUE  CRACK  GROWTH  RATE  CONTRIBUTION 


AK 

(ksi/in) 

da 

dN 

(in/ cycle) 

da  |  5  cycles  _  da 

dt  fat  day  X  dN 

(in/day) 

-5 

-4 

43.1 

2.26  x  10 

1.13  x  10 

-5 

-4 

46.9 

2.91  x  10 

1.46  x  10 

-5 

-4 

50.6 

3.64  x  10 

1.82  x  10 

,  -5 

-4 

54.4 

4.51  x  10 

2.25  x  10 

-5 

-4 

58.1 

5.48  x  10 

2.74  x  10 

TABLE  3.3.5 

STRESS-CORROSION  CRACKING  RATE  CONTRIBUTION 


K 

max 

(ksi/in) 

da 

dt 

(in/day) 

da  | 

dt ' cor 
(in/day) 

* 

57.5 

0 

0 

* 

62.5 

0 

0 

67.5 

3.73  x  10~4 

1.86  x  10-4 

-4 

-4 

72.5 

5.65  x  10 

2.82  x  10 

-4 

-4 

77.5 

8.3  x  10 

4.16  x  10 

K  is  below  K_  and  therefore  no  growth  occurs 
max  Iscc 
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Sample  calculations  for  Tables  3. 3. A  and  3.3.5  are  not  presented.  In 
Table  3. 3. A,  the  AK  values  are  taken  from  Table  3.3.3  and  cover  each  of 
the  consecutive  intervals  of  crack  length.  From  Equation  3.3.9,  the  crack 
growth  fatigue  rate  for  a  stress-intensity  range  of  A3.1  is 

dp  -10  ?  qs<3  -5 

=  3.3  x  10  (A3 .1)  =  2.26  x  10  T  (3.3.9a) 

aN  in 

cycle 

The  calculations  of  dai  follow  directly  from  multiplying  the  fatigue 

dt I  fat 

crack  growth  rates  by  the  frequency  of  load  application  (5  cycles/day) . 

In  Table  3.3.5,  the  K  values  are  taken  from  Table  3.3.3  and  cover 

max 

each  of  the  consecutive  intervals  of  crack  length.  From  Equation  3.3.10, 
the  sustained  load  stress  corrosion  cracking  growth  rate  is 

~  =  9.24  x  10-15  (67. 5)5'798  =  3.73  x  10_A  in/day  (3.3.10a) 

The  calculations  of  the  corrosion  contribution  to  Equation  3.3.11  are 
given  in  the  table.  These  come  directly  from  the  fact  that  the  structure 
is  only  loaded  into  the  range  where  stress  corrosion  cracking  occurs 
for  one-half  of  the  time  (on-off  cycling)  so  the  da/dt|cor  numbers  are 
one-half  those  given  in  the  middle  column. 
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The  total  contribution  to  cracking  behavior  is  calculated  from  Equation 
3. 3. 11, and  the  individual  crack  increments  in  Equation  3.3.8  are  used  to 
establish  the  time  that  it  takes  to  grow  the  crack  through  the  successive 
intervals.  The  appropriate  calculations  are  reported  in  Table  3.3.6 

TABLE  3.3.6 

ESTIMATING  THE  TIME  TO  GROWTH  THROUGH  SUCCESSIVE  INTERVALS 


Aa 

da  1 

At 

a 

t  =  EAt 

(inch) 

dt 1  total 

(days) 

(inch) 

(days) 

(in/day) 

-4 

0.189 

861.1 

0.036 

1.13  x  10 

318.6 

0.225 

542.5 

-4 

0.039 

1.46  x  10 

267.8 

0.264 

274.7 

-4 

0.042 

3.68  x  10 

114.9 

0.307 

159.8 

-4 

0.045 

5.07  x  10 

89.5 

0.352 

70.3 

-4 

0.048 

6.9  x  10 

70.3 

0.400 

0 

The  crack  length  increment  (Aa)  and  the  crack  length  (a)  values  given  in 
Table  3.3.6  come  from  Table  3.3.3.  The  total  crack  growth  rate  (da/dt|  total) 
values  come  from  Equation  3.3.11  where  the  individual  contributions  to 
Equation  3.3.11  come  from  Tables  3.3.4  and  3.3.5,  e.g. 


-^-1  =  5.07  x  10  4.  =  2.25  x  10  4  +  2.82  x  10  4  (3.3.11a) 

dt I  total  in 

day 

for  Aa  =  0.045  inch  and  a  between  0.307  and  0.352  inch.  The  increment  of 
time  required  to  propagate  the  crack  ghrough  this  interval  is  obtained  from 
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At 


Aa 

da 

dt 


total 


0.045  in 

5.07  x  10"\ 
in 

day 


=  89  days 


(3.3.14) 


The  total  time  that  it  takes  to  grow  through  successive  intervals  is 
obtained  by  summing  the  results  from  Equation  3.3.14  for  each  interval 
using  Equation  3.3.14  for  each  interval  using  Equation  3.3.8. 

The  data  from  Table  3.3.6  that  relates  crack  length  (a)  to  the  total  time 
(t)  to  failure  shows  that  the  proof  test  must  find  a  crack  length  between 
0.189  and  0.225  inch  to  guarantee  the  integrity  of  the  vessel  with  a 
factor  of  two  life  margin.  The  crack  length  versus  total  time  to  failure 
data  have  been  graphically  displayed  in  Figure  3.3.13,  where  it  can  be  seen 
that  for  one  year  of  growth  the  crack  length  is  0.245  inch  (and  for  a  factor 
of  two  life  margin  the  crack  length  is  0.20  inch).  The  required  proof  stress 
for  the  0.20  inch  long  crack  length  is  obtained  from  the  Irwin  criterion: 


K 


O  = 
P 


IC 


90 


1.12  (  -  )  Aa 

TT 


(3.3.13) 


1.264  ✓CO. 2) 

which  is  about  80  percent  of  the  yield  strength  and  therefore,  the  proof 


pressure  (Pp)  must  be  at  least 


2a  B 


2(159,200)  (0,4) 

40 


(3.3.14) 


=  3185  psi 

to  ensure  that  all  semicircular  cracks  longer  than  0.2  inch  are  removed  from 
the  center  section  of  the  vessel  prior  to  operation. 
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STRESS 


i  op 

CRACK  LENGTH 


Figure  3.3.1.  Fracture  Critical  Curve  Defining  Relationship  Between 
Stress  and  Crack  Length  Associated  with  Fracture. 
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FRACTURE  CURVE 


3 

M 
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Figure  3.3.2.  Schematic  Illustrating  the  Relationship  Between  the 
Proof  Test  Diagram,  the  Residual  Strength  Capability 
and  Crack  Growth  Life  Interval. 
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Figure  3.3.3.  Fracture  Toughness  Varies  as  a  Function  of  (a)  Thickness,  (b)  Yield  Strength, 
(c)  Temperature,  and  (d)  Loading  Rate. 
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CRACK  LENGTH 


Figure  3.3.4.  Using  a  Material’s  Low  Temperature  Fracture  Sensitivity 

to  Decrease  Initial  Crack  Size  and  thus  Increase  the  Minimum 
Safe  Crack  Growth  Interval  for  a  Given  Proof  Stressing 
Condition. 


CRACK  LENGTH 


Figure  3.3.5.  Influence  of  Fracture  Toughness  Variation  on  the  Maximum 
Allowable  Crack  Size. 
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STRESS 


PROOF 


OPERATING 


UPPER  BOUND  OF  FRACTURE  TOUGHNESS 
FOR  PROOF  TEST  CONDITIONS 


MEAN  FRACTURE  TOUGHNESS,  OR 
LOWER  BOUND  FRACTURE  TOUGHNESS 
(AS  REQUIRED)  FOR  OPERATING 
CONDITIONS 


CRACK  LENGTH 


Figure  3.3.6.  Description  of  Procedure  Used  to  Establish  Initial  Crack 
Size  and  the  Minimum  Safe  Crack  Growth  Interval  According 
to  MIL-A-83444  (3. 1.1.1). 
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TABLE  3. 1 .11 .6  Typical  Values  of  Room  Temperature  Plane-Strain  Fracture  Toughness  of  Aluminum  Alloys m 
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o  =35  Ksi 
op 


0  =35  Ksi 

op 

OPERATING  STRESS 


MATERIAL  PROPERTIES 
oys  =  70  Ksi 

K  =  40  Ksi  /in  at  75°F 

Ktp  =  35  Ksi  /In  at  -40°F 

STRESS  INTENSITY  FACTOR  SOLUTION 

K  =  o/rra  F(a/r) 

where  F(a/r)  =  - —  — — ^ - 1-  0.6762 

(0.3246  +  p 


Figure  3.3.8.  Data  Required  for  EXAMPLE  3.3.1. 
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SURFACE  CRACK 


K  =  1.12(-)a/rTa 

7T 

SEMICIRCULAR 

CRACK 


SECTION  A-A 


Figure  3.3.9.  Pressure  Vessel  Structure  with  Semicircular  Surface  Crack. 

For  Loading,  See  Figure  3.3.10,  and  for  Material  Properties, 
See  Figure  3.3.11. 
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i 


PRESSURE  (PSI-GAGE) 


Figure  3.3.10.  Pressure  Loading  for  Structure  Illustrated  in  Figure  3.3.9. 
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SUSTAINED  LOAD  CRACK  GROWTH  RATE,  da/dt  (ln/day) 


Figure  3.3.11.  Material  Properties  for  Steel  Pressure  Vessel 
Illustrated  in  Figure  3.3.9. 
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Before  Break  through 


Figure  3.3.12.  Change  in  Crack  Geometry  to  Through-Thickness 

Crack  After  the  Semicircular  Crack  Grows  to  the 
Inside  Wall. 
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CRACK  LENGTH  (a)  AFTER  INSPECTION  (inch) 


Figure  3.3.13.  Graphical  Procedure  for  Interpreting  Crack  Length. 
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3.4  EQUIVALENT  INITIAL  QUALITY  (EIQ) 

MIL-A-83444,  USAF  Airplane  Damage  Tolerance  Requirements,  specify 
that  initial  flaws  shall  be  assumed  to  exist  as  a  result  of  manufacturing 
and  processing  operations.  Small  imperfections,  equivalent  to  a  0.005  in. 
radius  corner  crack,  resulting  from  these  operations  shall  be  assumed  to 
exist  in  each  hole  of  each  element  in  the  structure.  These  assumed  cracks 
provide  the  basis  for  the  fastener  policy  requirements  as  well  as  the 
continuing  damage  and  remaining  damage  assumptions.  However,  if  the  con¬ 
tractor  has  developed  initial  quality  data  on  fastener  holes,  these  data 
may  be  submitted  to  the  procuring  activity  for  review  and  serve  as  a  basis 
for  negotiating  a  different  size  than  the  specified  0.005-in.  radius  corner 
flaw. 

One  method  of  accounting  for  the  initial  quality  is  to  represent  the 
quality  in  terms  of  an  equivalent  fatigue  crack  of  a  particular  size  and 
shape.  Such  a  method  of  quantifying  the  initial  quality  is  the  Equivalent 
Initial  Quality  Method V  described  in  the  following  subsection. 

3.4.1  Description  of  Equivalent  Initial  Quality  Method 

The  Equivalent  Initial  Quality  Method  is  presented  for 

fastener  holes  since  this  is  the  most  prevalent  source  of  cracking  in 

(27) 

aircraft  structures  .  Quality  may  be  defined  as  a  measure  of  the 

condition  of  the  structure  relative  to  imperfections,  flaws,  defects, 
or  discrepancies  that  are  either  inherent  in  the  material  or  introduced 
during  manufacturing  of  the  structure.  The  approach  is  to  quantify  these 
imperfections  by  representing  them  with  fatigue  cracks  of  a  particular  size 
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and  shape,  such  as  the  corner  cracks  illustrated  in  Figure  3.4.1,  Also 


illustrated  in  Figure  3.4.1  are  some  of  the  parameters  that  can  contribute 
to  the  initial  quality  of  fastener  holes.  If  an  initial  quality  representa¬ 
tion  is  performed  for  each  of  a  number  of  fastener  holes,  an  equivalent 
initial  quality  statistical  distribution  can  be  used  to  quantify  the  quality 
of  the  fastener  holes  produced  by  certain  manufacturing  and  processing  proce- 
dureS(30). 


The  initial  quality  representation,  defined  as  the  equivalent  initial  quality, 
can  be  obtained  in  the  following  manner.  Consider  a  piece  of  structure  with 
a  fastener  hole  containing  the  defect  of  characteristic  dimension  £ 

(Figure  3.4,2).  This  defect  results  in  fatigue  crack  initiation  and  propa¬ 
gation  when  subjected  to  some  known  load  history.  Upon  failure  of  the 
structure,  a  f ractographic  examination  of  the  fracture  surface  is  performed 
to  obtain  as  much  of  the  crack  growth  curve  as  possible.  Analytical  crack 
propagation  analyses  are  performed  until  there  is  good  agreement  between 
the  analytical  prediction  and  the  f ractographic  test  data.  The  initial 
crack  length  (crack  length  when  the  load  history  is  first  applied),  a^,  of 
the  analytical  crack  growth  curve  that  correlates  best  with  the  f ractographic 
test  data  is  defined  as  the  equivalent  initial  quality.  Hence,  a_^  is  said 
to  be  the  analytical  equivalent  of  the  actual  defect  of  characteristic 
dimension,  if  each  results  in  a  crack  size  a^  after  cycles  of  the  same 
load  history  have  been  applied.  Hence,  fastener  holes  that  contain  actual 
crack  lengths  less  than  a^  after  cycles  have  been  applied  are  of  better 
quality  than  those  that  contain  actual  crack  lengths  equal  to  or  greater 

than  a  after  N  cycles, 
e  e 
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3.4.2  Example  Application  of  Equivalent  Initial  Quality  Method 


Although  Equivalent  Initial  Quality  Method  studies  have 

been  conducted  on  the  F-4C/D^^\  F-4E(S)^^\  and  only  a  summary 

(27) 

of  a  recent  quality  assessment  program  by  Rudd  and  Gray  on  the  A-7D  will 

be  reviewed  here.  The  following  paragraphs  are  taken  directly  from  Reference  27. 

The  purpose  of  the  A-7D  quality  assessment  was  to  establish  the  manufacturing 
quality  (a^)  of  the  A-7D  aircraft.  This  was  accomplished  using  the  Equivalent 
Initial  Quality  Method.  The  method  was  applied  to  a  sample  problem  involving 
an  A-7A  wing  fatigue  test  failure.  Next,  specimens  were  cut  from  an  A-7D 
production  aircraft  and  tested  to  failure  under  a  selected  block  loading. 

The  fracture  surfaces  were  then  f ractographically  examined  and  the  equivalent 
initial  quality  was  established. 

A  photograph  of  the  failure  area  of  a  full-scale  fatigue  test  of  an  A-7A  wing 
was  used  as  a  sample  problem  to  check  out  the  Equivalent  Initial  Quality  Method. 
The  wing  had  been  subjected  to  a  10-level,  blocked,  low-high  stress  spectrum. 
Fractographic  measurements  were  taken  from  the  photograph  (Figure  3.4.3), 
making  it  possible  to  generate  a  large  portion  of  the  crack  growth  curve. 

Crack  propagation  analyses  were  performed  using  the  computer  routine  EFFGRO 
and  the  Wheeler  Retardation  Model  until  the  analytical  crack  growth  curve 
correlated  well  with  the  fractographic  test  data.  This  correlation  is  pre¬ 
sented  in  Figure  3.4.4,  which  indicates  that  the  manufacturing  quality  of 
the  test  hardware  at  the  failure  location  was  equivalent  to  an  initial  crack 
of  length  a^  =  0.00109  in.  This  excellent  correlation  of  the  analytical 
crack  growth  prediction  with  the  fractographic  test  supported  the  validity 
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of  the  Equivalent  Initial  Quality  Method  for  this  particular  problem. 

The  Equivalent  Initial  Quality  Method  was  next  used  to  establish  the  A-7D 
quality  assessment.  This  assessment  was  accomplished  using  test  specimens 
cut  from  the  lower  wing  skin  of  an  A~7D  production  aircraft  that  had  been 
used  as  a  gunfire  target.  Because  this  particular  aircraft  had  low  flight 
time  (691. 9h),  the  probability  of  cracking  in  the  wings  was  very  low.  The 
location  of  each  specimen  in  the  lower  wing  skin  is  illustrated  in  Figure 
3.4.5.  Each  specimen  was  made  of  7075-T6  aluminum  and  contained  multiple 
holes.  The  geometric  details  for  each  specimen  are  presented  in  Table  3.4.1, 
indicating  that  the  thickness  ranged  from  approximately  3/16  in.  to  1/4  in. 
and  the  nominal  values  of  the  width  and  hole  diameter  were  3  in.  and  1/4  in., 
respectively.  The  specimens  contained  two  types  of  holes — countersunk  holes 
(wet-wing  region)  and  straight-shank  holes  (dry-wing  region) . 

The  test  specimens  were  subjected  to  a  fatigue  stress  spectrum  consisting  of 
5,000  cycles  with  a  maximum  stress  of  20  ksi  and  a  stress  ratio  of  0.1 
followed  by  100  cycles  with  a  maximum  stress  of  30  ksi  and  a  stress  ratio  of 
0.1.  The  block  spectrum  was  chosen  because  it  produced  test  lives  of  reasonable 
length  (less  than  20  blocks)  and  fracture  surfaces  that  were  readily  readable. 

Table  3.4.2  contains  a  summary  of  the  number  of  fastener  holes  involved,  the 
number  of  flaws  detected,  the  number  of  flaws  fractographically  examined,  the 
crack  length  range  at  the  time  of  specimen  failure  (a^) ,  and  the  range  of  the 
equivalent  initial  quality  (a^) .  All  but  2  of  the  44  holes  contained  double 
flaws.  One  of  these  two  holes  contained  one  crack,  while  no  crack  was 
detected  in  the  other  hole.  This  resulted  in  a  total  of  85  flaws,  of  which 


3.4.4 


44  were  examined  f ractographically .  The  flaws  were  arbitrarily  chosen 
for  fractographic  examination  at  magnifications  ranging  from  30x  to  400x 
using  a  universal  measuring  microscope.  The  equivalent  initial  quality 
range  for  all  the  holes  was  found  to  be  0.00015-0.0022  in.  A  statistical 
distribution  of  the  A-7D  equivalent  initial  quality  was  obtained. 

The  fractographic  examinations  revealed  the  origins  of  the  flaws  for  both 
the  straight-shank  holes  and  the  countersunk  holes  as  illustrated  in 
Figure  3,4.6.  There  is  equal  possibility  of  flaw  occurrence  along  the  bore 
of  the  hole  for  the  straight-shank  hole,  while  the  most  frequently  occurring 
flaw  location  for  the  countersunk  hole  is  at  the  inside  radius  of  the  small- 
diameter  portion  of  the  hole.  Typical  flaw  origins  for  each  type  of  hole 
are  shown  on  the  fracture  surfaces  of  Figure  3.4.7.  Also  illustrated  in 
Figure  3.4.7  is  the  readability  of  the  fracture  surfaces  for  the 

selected  stress  spectrum,  with  the  dark  marking  bands  resulting  from  the  appli¬ 
cation  of  the  high-load  (maximum  stress  of  30  ksi)  portion  of  the  specimen. 

Metallurgical  investigations  of  the  A-7D  flaw  origins  revealed  that  the  flaws 
were  the  result  of  two  different  sources-anodize  pitting  and  mechanical 
sources.  The  majority  of  the  flaws  (86.4%)  initiated  from  anodize  pits  in 
the  following  manner.  Insoluble  microconstituents  were  exposed  along  the 
bore  of  the  hole  during  the  hole-drilling  operation.  The  anodizing  ate  away 
the  microconstituents  and  caused  pitting.  The  exposed  pits  were  then 
filled  with  aluminum  oxide,  resulting  in  flaw  initiation.  The  remaining 
flaws  (13.6%)  were  due  to  the  mechanical  damage.  Although  anodizing  provided 
corrosion  protection,  it  also  resulted  in  the  majority  of  the  fatigue  cracks. 
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All  but  two  of  the  holes  contained  double  flaws,  of  which  none  were  through- 
the-thickness  flaws.  The  selected  stress  spectrum  marked  the  fracture  surfaces 
extremely  well,  making  it  possible  to  determine  the  crack  length  within  each 
loading  block.  Hence,  it  was  possible  to  fractographically  determine  the 
equivalent  initial  quality  for  each  flaw  examined. 

Figure  3.4.8  presents  the  probability  density  of  occurrence  versus  the 
equivalent  initial  quality  for  the  A-7D  aircraft.  It  should  be  noted  that 
the  A-7D  equivalent  initial  quality  was  determined  by  fractography  alone, 
since  it  was  possible  to  measure  the  crack  length  during  the  application  of 
the  first  block  of  loading. 

The  probability  density  of  occurrence  (Figure  3.4.8)  was  used  to  determine 
the  cumulative  probability  of  occurrence  for  the  A-7D  aircraft.  Figure  3.4.9 
presents  the  cumulative  probability  of  occurrence  versus  the  equivalent 
initial  quality  for  the  A-7D  and  F-4  C/D  aircraft.  Also  presented  in 
Figure  3.4.9  is  the  cumulative  probability  of  occurrence  with  95%  confi¬ 
dence  for  each  aircraft.  For  example,  Figure  3.4.9  indicates  that  with 
95%  confidence,  99.9%  of  the  A-7D  flaws  have  an  equivalent  length  less  than 
0.007  in.  This  means  that  one  out  of  a  thousand  flaws  have  an  equivalent 
length  greater  than  0.007  in. 
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TABLE  3.4.1 


Geometric  Details  of  A-7D  Quality 
Assessment  Specimens  (Reference  27) 


Specimen 

Thickness* 

Width* 

Hole 

diameter 

101 

0.226 

2.93 

0.253 b 

201 

0.226 

2.93 

0.253 b 

301 

0.217 

3.00 

0.253  b 

401 

0.231 

3.00 

0.253  b 

501 

0.183 

2.9 

0.253  c 

502 

0.176 

3.00 

0.253c 

601 

0.263 

3.00 

0.253c 

602 

0.264 

3.00 

0.253' 

*  Dimensions  in  inches. 
b Countersunk  hole. 
c Straight-shank  hole. 


TABLE  3.4.2 

A-7D  Quality  Assessment  Test  Results 
(Reference  27) 


Specimen 

No. 

holes 

No. 

flaws 

range 

Flaws 

tracked 

fll* 

range 

101 

7 

14 

0.05-0.75 

14 

0.0004-0.0022 

201 

6 

12 

<0.01-1.10 

12 

0.0004-0.0012 

301 

4 

8 

0.01-0.65 

1 

0.0003 

401 

3 

6 

0.02-0.50 

6 

0.0002-0.0014 

501 

8 

14 

0.00-0.60 

1 

0.0007 

502 

8 

16 

<0.01-0.62 

1 

0.0006 

601 

4 

8 

0.02-0.50 

8 

0.00015-0.0009 

602 

4 

7 

0.00-1.05 

} 

0.0006 

Total 

44 

85 

44 

‘Dimensions  in  in. 
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Figure  3.4.1.  Parameters  that  Affect  Fastener-Hole 
Initial  Quality  (Reference  27). 


defect.  A 


EQUIVALENT 


Figure  3.4.2.  Definition  of  Equivalent  Initial  Quality 
(Reference  27). 


Figure  3.4.3.  A-7A  Wing  Fatigue  Test  Fracture  Surface 
(Reference  27). 
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Figure  3.4.4. 


Equivalent  Initial  Quality  Results  for  A*7A  Wing 
Fatigue  Test  (Reference  27). 


Figure  3.4.5. 


A-7D  Quality-Assessment  Specimen  Locations 
(Reference  27). 


STRAIGHT  SHANK 
HOLES 


Figure  3.4.6.  A-7D  Flaws  Origins  (Reference  27). 
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Figure  3.4.7.  Fracture  Surfaces  for  Countersunk  (left)  and 
Straight-shank  (right)  holes.  (Reference  27). 
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Figure  3.4. 8.  Probability  Density  of  Occurrence  of 
A-7D  Equivalent  Initial  Quality 
(Reference  27). 
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Figure  3.4.9.  Cumulative  Probability  of  Occurrence  of 

A-7D  Equivalent  Initial  Quality  (Reference  27) . 
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CHAPTER  4 


RESIDUAL  STRENGTH 


4.1  INTRODUCTION 

The  strength  of  a  structure  can  be  significantly  affected  by  the 
presence  of  a  crack  and  is  usually  substantially  lower  than  the  strength 
of  the  undamaged  structure.  To  prevent  catastrophic  failure,  one  must 
evaluate  the  load  carrying  capacity  that  will  exist  in  the  potentially 
cracked  structure  throughout  its  expected  service  life.  The  load 
carrying  capacity  of  a  cracked  structure  is  the  residual  strength  of  that 
structure  and  it  is  a  function  of  material  toughness,  crack  size,  crack 
goemetry  and  structural  configuration. 

The  basic  concept  in  damage  tolerance  design  is  to  ensure  the  safety  of 
the  structure  throughout  the  expected  service  life.  To  provide  the 
required  safety,  a  structure  must  be  designed  to  withstand  service  loads 
even  when  cracks  are  present  or  when  part  of  the  structure  has  already 
failed;  i.e.,  the  structure  has  to  be  damage  tolerant.  The  overriding 
philosophy  is  to  maintain  a  minimum  required  residual  strength  so  that 
catastrophic  failure  of  the  structure  is  prevented. 

Figure  4.1.1  identifies  the  major  sequence  of  events  that  ultimately 
define  the  residual  strength  requirements.  As  can  be  noted  from  the 
figure,  once  a  safety-of-f light-critical  element  is  identified,  either 
its  structural  configuration  or  its  degree  of  inspec tability  will 


4.1.1 


establish  the  allowable  structural  design  concept  and  the  inspection 
level  categories.  Every  safety-of-f light-critical  element  must  be 
qualified  in  at  least  one  design  concept  category  and  in  one  inspection 
category.  Each  allowable  combination  of  design  concept  and  inspection 
category  is  coupled  in  MIL-A-83444  to  a  residual  strength  requirement, 
a  service  life  requirement,  and  a  requirement  to  assume  a  level  of 
initial  damage. 

Figure  4.1.2  illustrates  the  residual  strength  and  the  service  life 
interval  requirements  as  well  as  a  residual  strength  capability  curve. 

The  residual  strength  capability  curve  defines  the  level  of  load  that 
the  structure  can  withstand  without  failing  in  the  presence  of  a  growing 
crack.  To  account  for  the  change  in  residual  strength  capacity  as  a 
function  of  time,  it  is  necessary  to  determine  the  crack  size  as  a 
function  of  time.  The  crack-growth-life  curve  and  its  various  properties 
are  shown  schematically  in  Figure  4.1.3. 

As  can  be  seen  from  Figure  4.1.2,  when  the  residual  strength  of  the 
structure  falls  below  the  maximum  stress  in  the  service  load  history, 
failure  can  be  expected.  To  avoid  such  a  failure,  a  thorough  under¬ 
standing  of  the  problem  is  essential.  Significant  advances  have  been 
made  in  recent  years  in  procedures  for  analyzing  damaged  structures. 
Assessments  now  consider  residual  strength,  damage  growth,  interactive 
multiple  damage  sites  and  quantitative  structural  maintenance  and 
in-service  evaluations. 
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The  application  of  existing  fracture  mechanics  solution  techniques  has 
yielded  effective  methods  for  analyzing  the  residual  strength  of  the 
cracked  structure.  The  necessary  theories  and  methods  for  determining 
the  residual  strength  capability  of  cracked  structures  are  presented  in 
this  chapter.  Prior  to  presenting  this  information  in  the  following 
sections,  a  few  remarks  are  made  about  the  residual  strength  requirements 
for  the  two  damage  tolerant  design  categories:  slow  crack  growth 
structure  and  fail-safe  structure. 

4.1.1  Slow  Crack  Growth  Structure 

In  a  slow  crack  growth  structure,  the  damage  tolerance 
must  be  assured  by  the  maintenance  of  a  slow  rate  of  crack  growth,  a 
residual  strength  capacity,  and  the  assurance  that  subcritical  damage 
will  either  be  detected  at  the  depot+  or  will  not  reach  unstable 
dimensions  within  the  design  lifetime  of  the  structure.  The  residual 
strength  curve  for  a  structure  which  is  inspected  periodically  is 
schematically  shown  in  Figure  4.1.4.  As  a  result  of  the  inspections, 
the  initially  assumed  cracks  do  not  grow  to  a  critical  size  and  the 
structure  is  restored  to  its  original  load  carrying  capability  when  an 
inspection  capability  equal  to  that  of  the  manufacturer's  is  employed. 

Single- load-path  "monolithic"  structure  must  be  qualified  in  this 
category;  the  residual  strength  estimation  procedure  for  this  type  of 

^"depot  level  inspections  have  been  eliminated  as  a  design  option 
by  ASD  for  new  slow  crack  growth  structure  in  airframes. 
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structure  is  fairly  straightforward.  Built-up  (multiple-load-path) 
structure  can  be  qualified  either  in  this  category  or  in  the  fail-safe 
category . 


4.1.2  Fail-Safe  Structure 

The  residual  strength  requirement  of  a  fail-safe  structure 
is  to  assure  damage  tolerance  following  a  partial  failure  of  the  structure. 
Damage  tolerance  is  maintained  through  detection  of  this  failure  prior  to 
total  loss  of  the  structure  and  sufficient  residual  strength  capability  for 
operating  safely  with  the  partial  failure  prior  to  inspection.  The  fail¬ 
safe  structure  is  typically  a  built-up  structure  with  multiple  load  paths 
or  crack  arrest  features  in  its  design.  In  the  event  of  failure  of  a 
structural  member,  its  load  must  be  transferred  to  and  withstood  by  the 
remainder  of  the  structure,  which  also  contains  crack  damage,  without 
causing  the  loss  of  whole  structure.  The  residual  strength  of  the  built- 
up  structure  must  be  determined  under  such  critical  circumstances  so  that 
the  fail-safe  design  requirements  are  met. 

The  analysis  of  residual  strength  capability  for  built-up  structure 
requires  the  estimation  of  the  critical  stress  level  at  which  the  partial 
failure  occurs,  as  well  as  an  understanding  of  the  capability  of  the 
total  structure  to  withstand  this  partial  failure  at  and  subsequent  to  the 
time  of  failure.  The  required  load  associated  with  the  time  subsequent 
to  failure  is  based  on  the  inspection  category;  and,  the  partially  failed 
structure  must  be  able  to  maintain  this  load  until  the  time  of  inspection. 
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Figure  4,1.1.  The  Structural  Configuration  or  Degree  of  Inspectability  Controls  the 
Subsequent  Choices  of  Design  Concept  and  Inspection  Level. 
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Figure  4.1.2.  Relationship  Between  the  Life  Expended  and  Residual  Strength 
Capability  Showing  a  Monotonic  Decrease  in  Load  Carrying 
Capacity  Due  to  Increased  Structural  Damage.  Failure  Occurs 
When  the  Residual  Strength  Capability  Curve  Intersects  the 
Required  Residual  Strength  Level. 
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Figure  4.1.3.  Relationship  Between  Crack  Length  and  Life  Expended  Showing 
a  Monotonic  Increase  in  Crack  Length  Up  Until  Failure. 

Shown  are  the  Various  Technology  and  Specification  Require¬ 
ments  Needed  to  Define  the  Crack  Growth  Curve  Which,  in  Turn 
Establishes  the  Life  Limit. 


Figure  4.1.4.  Strength  Criteria  for  Periodically  Inspected  Damage 
Tolerant  Structure. 
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4.2 


FAILURE  CRITERIA 


The  determination  of  residual  strength  for  uncracked  structures 
is  straightforward  because  the  ultimate  strength  of  the  material  is  the 
residual  strength;  whereas,  a  crack  in  a  structure  causes  a  high  stress 
concentration  resulting  in  a  reduced  residual  strength.  When  the  load 
on  the  structure  exceeds  a  certain  limit,  the  crack  will  extend.  The 
crack  extension  may  become  immediately  unstable  and  the  crack  may  propa¬ 
gate  in  a  fast  uncontrollable  manner  causing  complete  fracture  of  the 
component. 

Figure  4.2.1  illustrates  the  results  obtained  from  a  series  of  tests 
conducted  on  a  lug  geometry  containing  a  crack.  The  lug  geometry  shown 
in  Figure  4.2.1a  is  a  single-load-path  structure.  Figure  4.2.1b 
indicates  that  the  cracks  in  each  of  the  three  tests  extended  abruptly 
at  a  critical  level  of  load  which  is  noted  to  be  a  function  of  crack 
length.  The  crack  length-critical  load  level  data  shown  in  Figure  4.2.1b 
provide  the  basis  for  establishing  the  residual  strength  capability 
curve  (See  Figure  4.1.2).  The  locus  of  critical  load  levels  as  a  function 
of  crack  length  is  shown  in  Figure  4.2.1c  where  the  residual  strength 
capability  of  the  lug  structure  is  shown  to  decrease  with  increasing 
crack  length. 

Considering  the  preceding  in  terms  of  applied  stress  (a)  rather  than 
load  gives  the  a  versus  a  and  o '  versus  a^  plots  as  shown  in  Figure  4.2.2 
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parts  a  and  b.  Schematically,  the  plots  exhibit  the  same  abrupt  fracture 
behavior  as  the  curves  presented  in  Figure  4.2,1.  As  also  shown  in 
Figure  4.2.2  parts  c  and  d,  crack  extension  can  first  occur  at  a  load  level 
that  is  well  below  the  fracture  critical  level.  The  point  A*  corresponds 
to  the  start  of  slow  and  stable  extension  of  the  crack.  The  unstable 
rapid  extension  leading  to  total  failure  occurs  at  Point  A.  This  kind 
of  behavior  is  observed  typically  in  thin  metal  sheets  or  in  tough 
materials.  When  different  crack  lengths  are  considered,  the  O 1  versus 
a^  plot  will  contain  two  distinct  curves  as  shown  in  Figure  4. 2. 2d.  The 
curve  A'B'C1  corresponds  to  the  start  of  slow  and  stable  crack  extension 
and  the  curve  ABC  corresponds  to  failure. 

In  general,  unstable  crack  propagation  results  in  fracture  of  the 
component.  Hence,  unstable  crack  growth  is  what  determines  the  residual 
strength.  In  order  to  estimate  the  residual  strength  of  a  structure, 
a  thorough  understanding  of  the  crack  growth  behavior  is  needed.  Also, 
the  point  at  which  the  crack  growth  becomes  unstable  must  be  defined 
and  this  necessitates  the  need  for  a  failure  criterion.  There  are  several 
criteria  available;  these  criteria  are  tailored  to  represent  the  ability 
of  a  material  to  resist  failure. 

4.2.1  Ultimate  Strength 

The  simplest  failure  criterion  assumes  that  failure  occurs 
at  the  ultimate  (or  yield)  strength  of  the  material.  Thus,  the  failure 
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criterion  becomes  simply 


where  a _  is  the  fracture  stress  and  F  is  the  ultimate  strength.  This 

f  tu 

criterion  is  applicable  primarily  to  uncracked  structures  and  is  included 
here  for  completeness.  In  past  analyses  of  failure  of  built-up  structure, 
the  residual  strength  of  stiffeners  was  based  upon  this  criterion.  When 
the  main  panel  between  the  stiffeners  fails  due  to  catastrophic  crack 
growth,  the  panel  loads  are  transferred  to  the  stringers  (or  stiffeners) . 
The  transferred  loads  may  increase  the  stress  level  in  the  stringer  high 
enough  to  reach  the  value  of  ,  causing  stiffener  failure. 

4.2.2  Fracture  Toughness  -  Abrupt  Fracture 

In  a  cracked  structure,  as  discussed  in  Chapter  1,  the 
stress  intensity  factor  (K)  interrelates  the  local  stresses  in  the 
region  of  the  crack  tip  with:  crack  geometry,  structural  geometry,  and 
the  level  of  load  on  the  structure.  When  the  applied  load  level  increases, 
the  K  value  also  increases  and  reaches  a  critical  value  at  which  time 
the  crack  growth  becomes  unstable  as  shown  in  Figure  4.2.3.  This  critical 
level  of  K,  which  is  independent  of  the  crack  length,  is  a  material 
property  called  fracture  toughness.  The  fracture  toughness  is  a  measure 
of  the  material’s  resistance  to  unstable  cracking.  Several  test  proce¬ 
dures  are  available  to  evaluate  the  fracture  toughness.  Also,  various 
theoretical  and  numerical  solution  techniques  are  available  as  discussed 
in  Chapter  1,  which  can  be  used  to  estimate  the  (applied)  stress  intensity 
factor,  K,  for  a  given  structure. 
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The  failure  criterion  (Irwin's  Criterion)  states  that  abrupt  fracture 
occurs  when  the  crack-tip  stress-intensity  factor  reaches  or  exceeds  the 
fracture  toughness  of  the  material.  The  corresponding  applied  stress  at 
failure  is  called  the  fracture  strength.  The  failure  criterion  becomes 
simp ly 

K  >  K  (4.2.2) 

—  cr 

where  K  is  the  material's  fracture  toughness. 

The  critical  K  for  abrupt  fracture  mode  is  denoted  as  for  plane 

cr  Ic  r 

strain  conditions  and  for  plane  stress  conditions;  and  the  conditions 
for  plane  stress  or  plane  strain  are  determined  by  experiment.  The  test 
requirements  necessary  for  generating  and  are  discussed  in  Chapter  7. 

The  Damage  Tolerant  Design  (Data)  Handbook^  contains  a  large  quantity 
of  fracture  toughness  data.  Examples  of  the  formats  associated  with 
individual  test  data  for  7075  aluminum  alloy  are  shown  in  Figures  4.2.4 
and  4.2.5  for  plane  strain  and  plane  stress  fracture  toughness  values, 
respectively.  In  general,  a  material's  toughness  depends  on  thickness  as 
shown  in  Figure  4.2.6.  When  the  thickness  is  such  that  the  crack  tip 
plastic  zone  size  is  on  the  order  of  the  plate  thickness,  the  toughness 
reaches  a  maximum  value,  Kc(max)*  With  increasing  thickness  of  the  plate, 
the  plastic  zone  size  reduces  and  thus  the  toughness  gradually  decreases, 
from  Kc(max)  to  K^.  When  the  thickness  is  large  enough  that  the  crack  tip 
deformation  is  not  affected  by  the  thickness,  plane  strain  conditions 
prevail  at  the  crack  tip.  The  toughness  in  the  plane  strain  regime  is 
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virtually  independent  of  thickness.  For  increasing  thickness,  the 
toughness  asymptotically  approaches  the  plane  strain  fracture  toughness, 

Kt  * 

Ic 

4.2.3  Crack  Growth  Resistance  -  Tearing  Fracture 

As  illustrated  in  Figures  4.2.2c  and  d,  when  the  crack 
extends  by  a  tearing  mode  of  fracture,  which  typically  occurs  in  thin  metal 
sheets  or  in  tough  materials,  the  crack  extension  is  essentially  slow  and 
stable.  The  failure  condition  for  tearing  fractures  depends  on  the  crack 
growth  resistance  (K^)  behavior  of  the  material  and  the  applied  stress- 
intensity  factor  K,  which  in  turn  depends  on  the  crack  and  structural 
configurations.  Figure  4.2.7  describes  the  observations  that  lead  to  the 
development  of  the  crack  growth  resistance  curve  (K  vs.  Aa) .  Figure  4.2.7 
parts  a  and  b  present  the  tearing  behavior  as  a  function  of  applied  stress 
and  the  corresponding  stress-intensity  factor,  respectively.  Figure  4.2.7c 
presents  the  crack  growth  resistance  curve  which  is  a  composite  of  the 
three  stress-intensity  factor  curves  shown  in  Figure  4.2.7b.  Note  that  the 
composite  was  created  by  using  the  amount  of  physical  crack  movement 
observed  in  each  case  as  the  independent  variable.  As  implied  by  the 
data  points  on  the  crack  growth  resistance  curve  in  Figure  4.2.7c,  the 
stress-intensity  factor  level  associated  with  material  failure  is  not 
necessarily  constant. 

Shown  in  Figure  4.2.8  is  a  resistance  curve  for  a  7475  aluminum  alloy 
described  as  a  function  effective  crack  length  (Ref.  2).  The  effective 
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crack  length  is  the  sum  of  the  physical  crack  length  and  the  plastic 
zone  size  corresponding  to  the  current  crack  length  and  loading  conditions. 

Indeed,  while  the  shape  of  the  resistance  curve  is  basically  independent 
of  crack  length  or  other  geometrical  effects,  the  fracture  level  is  a 
function  of  crack  length  (See  Figure  4.7.9).  To  account  for  this  variation 
in  fracture  critical  level,  a  two  parameter  failure  criterion  was  required. 
However,  before  introducing  the  two  parameter  criteria  that  are  used  for 
more  accurate  estimates,  approximate  single  parameter  criteria  for 
tearing  failures  are  presented. 

4. 2.3.1  The  Apparent  Fracture  Toughness  Approach 

Due  to  the  complexity  of  the  two  parameter 
fracture  criteria  for  tearing  fracture  behavior,  engineers  sometimes 
obtain  preliminary  estimates  of  the  residual  strength  using  a  single 
parameter  fracture  toughness  criterion.  Figure  4.2.10  describes  the 
stress-crack  length  levels  associated  with  the  onset  of  cracking  (K  = 
and  fast  fracture  (K  =  K  )  conditions  for  a  tearing  material.  Inter¬ 
mediate  between  the  two  curves  established  from  material  observations  is 
a  third  curve  referred  to  as  the  apparent  fracture  curve.  The  apparent 
fracture  toughness  (K^pp)  is  established  from  the  same  data  employed  to 
derived  and  K  .  The  calculation  procedure  uses  the  onset  (or 

initial)  crack  length  (a^)  and  the  final  recorded  stress  level  (a  )  for 
the  tests  conducted.  Thus,  K^pp  represents  a  fracture  toughness  level 
bounded  by  the  onset  and  fast  fracture  levels. 
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For  lower  bound  estimates  of  the  residual  strength  for  fast  fracture 
of  a  tearing  material,  one  could  equate  the  level  of  applied  stress- 
intensity  factor  (K)  to  the  apparent  fracture  toughness  (K  ) ,  i.e., 

Air  it 

assume  that  fracture  occurs  when 

K  =  (4.2.3) 

in  order  to  determine  the  critical  level  of  stress.  Equation  4.2.3  is 
an  abrupt  failure  criterion  for  a  tearing  fracture. 


4. 2.3. 2  The  Resistance  (R)  Curve  Approach 

If  the  crack  tip  plastic  zone  size  is  estimated 
to  be  on  the  order  of  the  structural  thickness  but  substantially  smaller 
than  other  geometrical  variables  (crack  length,  ligament  size,  height, 
etc.),  a  linear  elastic  fracture  mechanics  analysis  can  still  be  sensibly 
used  to  predict  the  catastrophic  cracking  event.  The  failure  criterion 
for  tearing  type  fractures  under  these  conditions  states  that  fracture 
will  occur  when  (1)  the  stress-intensity  factor  K  reaches  or  exceeds  the 
material* s  fracture  resistance  and  (2)  the  rate  of  change  of  K  (with 
respect  to  crack  length)  reaches  or  exceeds  the  rate  of  change  of 
(with  respect  to  crack  length).  Physically,  the  criterion  means  that  at 
failure,  the  energy  available  to  extend  the  crack  equals  or  exceeds  the 
material  resistance  to  crack  growth.  The  failure  criterion  becomes 
simply, 


K>  1^; 


3K 

3a  —  3a 


(4.2.4) 
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The  corresponding  applied  stress,  ,  at  this  point  is  defined  as  the 

fracture  stress  which  determines  the  residual  strength  of  the  cracked 

structure.  The  criterion  presented  in  Equation  4.2.4  is  noted  to  be  a 

two  parameter  criterion  rather  than  the  single  parameter  criteria  that 

was  presented  in  paragraph  4. 2. 3.1.  To  interpret  the  meaning  of  this 

criterion,  first  consider  the  structural  parameters  that  are  a  function 

3K 

of  the  geometry  and  stress,  i.e.  K  and  . 

In  general,  the  estimation  of  K  involves  the  relationship  K  =  oQ/na 

as  given  in  Chapter  1;  using  this  equation,  the  variation  of  K  with 

respect  to  crack  length  (a)  can  be  obtained  for  various  values  of  stress 

(a)  as  shown  in  Figure  4.2.11a.  Shown  in  Figure  4.2.11b  is  the  variation 

of  K  with  respect  to  the  crack  extension  (Aa)  that  was  developed  for  the 
R 

given  material  using  the  procedures  outlined  in  Figure  4.2.7.  Since  this 
R-curve  is  assumed  to  be  independent  of  the  initial  crack  length,  it  can 
be  superimposed  on  the  plot  of  K  versus  a  as  shown  in  Figure  4.2.11c. 

The  tangency  point  between  the  applied  stress  intensity  factor  curve 
(K  vs.  a)  and  the  R-curve  (K^  vs.  Aa)  determines  the  commencement  of 
unstable  crack  propagation.  In  general,  the  accurate  method  of  deter¬ 
mining  the  tangency  point  involves  the  numerical  solution  based  on  the 
experimentally  obtained  R-curve.  Using  a  least  squares  determined 
polynomial  expression  for  R-curve  and  knowing  an  expression  for  K  in 
terms  of  crack  length,  the  common  tangent  point  can  be  obtained  by 

^nuating  the  functional  values  (K  =  IC)  and  also  the  first  derivatives 

dK  dKR 

with  respect  to  the  crack  length  (—  =  -  •)  of  these  two  expressions. 
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The  slow  stable  tear  is  dependent  on  a  structural  configuration  in 
which  the  plastic  zone  at  the  crack  tip  is  no  longer  negligible  but  not 
enormous.  References  3,  4  and  5  explain  the  dependence  of  the  R-curve 
on  structural  configuration  as  well  as  with  test  procedures  used  to 
evaluate  the  R-curve.  See  Chapter  7  for  additional  information  on  test 
procedures  and  the  Damage  Tolerant  Design  (Data)  Handbook^  for  a 
summary  of  available  data. 


4. 2. 3. 3  The  J-Integral  Resistance  Curve  Approach 

The  crack  growth  resistance  curve  (K^)  has 
shown  good  promise  for  materials  where  limited  (small-scale)  yielding 
occurs  in  front  of  the  crack  tip.  Difficulties  in  estimating  crack  tip 
plasticity  under  large-scale  yielding  conditions,  led  Wilhem^  to  an 
alternate  failure  criterion  based  on  the  J-integral^  .  For  a  basic 
introduction  to  the  J- integral  see  Section  1.9. 


Wilhem's  J-integral  criterion  is  similar  to  the  K  -  curve  criterion;  it 

K 


states  that  failure  will  occur  when  the  following  conditions  are  met: 

(4.2.5) 


/J  >  /T  ;  ^ 


—  R  9  da  —  da 

where  J  is  the  value  of  the  applied  J-integral  and  J  is  the  value  of  the 

R 

J-integral  representing  the  material  resistance  to  fracture.  The  applied 
stress  (c^)  corresponding  to  Equation  4.2.5  is  defined  as  the  fracture 
stress.  Since  the  effect  of  large-scale  yielding  can  be  appropriately 
incorporated  through  a  suitable  elastic-plastic  model  in  the  estimation 
of  J-integral,  it  becomes  an  effective  parameter  for  predicting  failure 
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under  plane  stress  conditions  where  the  plastic  zone  size  is  signifi¬ 
cantly  large. 


The  crack  resistance  curve  for  the  tearing  failure  is  now  represented 
by  /j^  vs.  Aa  curve  instead  of  vs.  Aa  curve.  The  use  of  /j^  rather 
than  J  is  justified  by  the  fact  that  /j  is  directly  related  to  the 
stress-intensity  factor  for  elastic  behavior  through  the  equation 

J  =  K2/E'  (4.2.6) 


where  Ef  is  the  elastic  modulus  (E)  for  plane  stress  conditions  and 
E/(l-v2)  for  plane  strain  conditions. 


For  different  levels  of  applied  load,  the  J-integral  can  be  computed 

using  finite  element  techniques  for  the  structure  of  interest  for  a 

series  of  different  crack  sizes;  the  /j  versus  crack  length  curve  is 

illustrated  in  Figure  4.2.12a  for  a  constant  level  of  applied  stress. 

It  is  noted  that  this  curve  will  incorporate  the  influence  of  material 

properties  (yield  strength  and  strain  hardening  exponent)  through  the 

finite  element  analysis.  In  a  manner  similar  to  the  stress-intensity 

factor  type  resistance  curve,  i.e.  the  curve,  the  resistance  curve 

based  on  /J  can  be  experimentally  obtained  *  .  A  /J  versus  crack 

R  R 

movement  (Aa)  curve,  i.e.  the  J-integral  resistance  curve,  is  schema¬ 
tically  illustrated  in  Figure  4.2.12b.  The  failure  criterion  is  also 
based  on  the  tangency  conditions  between  the  /J  versus  crack  length  curve 

and  the  /JT  versus  crack  movement  curve.  To  obtain  this  condition,  the 
R 

vs.  Aa  curve  can  be  superimposed  on  the  plot  of  /T  vs.  a  curve  such 
R 
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that  at  some  crack  length  these  two  curves  are  tangent  to  each  other  as 
shown  in  Figure  4.2.12c.  The  corresponding  crack  length  then  defines  the 
critical  crack  size  of  the  structure  for  the  fracture  stress,  • 


4.2.11 


TEST  1 


co 

c 

o 

4-1 

aj 

;> 

u 

V 

CO 

ja 

O 


< 

U 

H  Q 

H-t  < 

S3 


U 

E-» 

<  W 
t-H  pi 

CJ  3  C 
O  3  2  H 
co  H  w 
co  h  < 

<  3 


O 

J 


3 

00 

3 


a 

CO 

0) 

cd 


cjO 

e 

<u 


03 

D 

T3 

*H 

W 

<U 

Dd 

rO 

c 

03 

>. 

u 

<U 

s 

o 

a) 

o 

a 

03 

M 

CJ 


C 

o 

*rl 

4-J 

a 

•H 

M 

U 

to 

0) 

Q 


CN 

cu 

D 

60 

•H 


4.2.12 


APPLIED  STRESS  (a)  APPLIED  STRESS  (a) 


(a)  Individual  Test  Data- 
Abrupt  Failure 


(b)  Critical  Stress  Data  Summarized- 
Abrupt  Failure 


(c)  Individual  Test  Data- 
Tearing  Failure 


(d)  Critical  Stress  Data  Summarized- 
Tearing  Failure 


Figure  4.2.2.  Fracture  Data  Described  as  a  Function  of  Crack  Length. 
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Figure  4.2.4.  Plane-Strain  Fracture  Toughness  (Kjc)  Data  for  7075  Aluminum  in 
the  Format  of  Reference  1. 
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Figure  4.2.5.  Plane-Stress  Fracture  Toughness  (KQ)  Data  for  7075  Aluminum  in 
the  Format  of  Reference  1. 
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Figure  4.2.6.  Fracture  Toughness  Behavior  as  a  Function  of  Thickness. 
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Figure  4.2.7.  Schematic  Illustration  of  Tearing  Fracture  Behavior  and  the 
Development  of  a  Crack  Growth  Resistance  Curve  (R-Curve) . 
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Figure  4.2.8.  KR  Curves  from  7475  Alloy,  16  Inch  Wide  Panels,  0.5  Inch  Thickness 
(Reference  2) . 
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Figure  4.2.9.  Schematic  Illustration  of  Tearing  Fracture  Behavior  Which  Further 
Defines  the  Change  in  Critical  Level  of  Fracture  Toughness  as  a 
Function  of  Crack  Length  (Also  See  Figure  4.2.7). 


STRESS 


Figure  4.2.10,  Description  of  the  Three  Fracture  Toughness 

Criteria  that  are  Utilized  to  Estimate  Residual 
Strength  Under  Tearing  Fracture  Conditions, 
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(a)  Driving  Force 


(b)  Resistance  to  Crack  Growth 


Crack  Length  (a) 

(c)  Establishment  of  Critical  Conditions 

Figure  4.2.11.  Schematic  Illustration  of  the  Individual  and 
Collective  Parts  of  A  Fracture  Analysis. 
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a.  Driving  Force 


Crack  Movement  (Aa) 


b.  Resistance  to  Crack  Growth 


aONSET  aCR  Crack  Length  (a) 
c.  Establishment  of  Critical  Conditions 


Figure  4.2.12.  Schematic  Illustration  of  the  Individual  and 
Collective  Parts  of  a  Fracture  Analysis. 
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4.3  RESIDUAL  STRENGTH  CAPABILITY 

To  establish  the  residual  strength  capability  of  a  given  structure 
under  certain  loading  conditions,  prediction  techniques  must  be  developed 
with  a  thorough  understanding  of  the  complexities  involved  in  evaluating 
the  residual  strength.  For  monolithic  or  single  load  path  structures 
which  must  be  classified  as  slow  crack  growth  structures,  the  estimation 
of  residual  strength  capability  is  straightforward.  In  multiple  load 
path  (built-up)  structures,  whether  classified  as  slow  crack  growth  or 
fail-safe  structures,  the  strength  analysis  can  become  complicated,  due 
to  the  complex  geometric  construction  of  the  built-up  components.  In 
general,  the  prediction  techniques  are  based  on  the  critical  value  of 
the  stress-intensity  factor  for  a  given  geometry  and  loading.  Using 
fracture  toughness  failure  criteria  as  explained  earlier,  the  decay  in 
critical  stress  can  be  obtained  in  terms  of  crack  size. 

As  described  by  Figure  4.1.2,  the  residual  strength  capability  is  a 
function  of  service  time  for  a  given  structure.  This  is  because  the 
residual  strength  capability  depends  on  the  size  of  the  crack  in  the 
structure  and  the  crack  grows  as  a  function  of  time.  Thus  to  obtain  a 
residual  strength  capability  curve  (Figure  4.1.2),  one  needs  two  types  of 
data:  (a)  the  relationship  between  crack  length  and  time  and  (b)  the 

relationship  between  fracture  strength  (o^)  and  crack  length.  Chapter  5 
is  devoted  to  obtaining  the  crack  length-time  relationship  and  the  re¬ 
mainder  of  this  chapter  is  devoted  to  presenting  methods  and  procedures 
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for  obtaining  the  fracture  strength-crack  length  (c^  vs.  a)  relationship. 
It  is  to  be  noted  that  the  vs.  a  relationship  is  independent  of  time 
and  has  been  referred  to  in  the  general  literature  as  the  residual 
strength  diagram.  This  section  presents  useful  information  about 
residual  strength  diagrams  for  single  load  path  and  for  multiple  load 
path  structures. 

4.3.1  Single  Load  Path  Residual  Strength  Diagrams 

For  a  single  load  path  structure,  such  as  an  unstiffened 

panel,  the  residual  strength  diagram  under  plane  strain  conditions, 

consists  of  a  single  curve  as  shown  in  Figure  4.3.1.  The  procedure  for 

developing  the  residual  strength  diagram  involves  the  calculation  of 

the  critical  stress  ,  for  the  critical  crack  length  a^ ,  using  the 

relationship  K  =  O-ft/iTa  where  K  is  the  known  value  of  fracture 
r  cr  f  c  cr 

toughness  of  the  material.  (K  may  be  equal  to  or  depending  on 
the  problem.)  The  plot  of  o ^  vs  a^  then  provides  the  necessary  residual 
strength  diagram  required  in  design  analysis  for  the  simple  configuration. 

The  available  fracture  mechanics  solution  techniques,  as  given  in 
Chapter  1,  can  be  employed  in  the  calculation  of  the  crack-tip  stress- 
intensity  factor  K  to  construct  the  residual  strength  diagram.  Depending 
on  the  complexity  of  the  structure,  K  can  be  calculated  either  numerically 
or  through  closed  form  solutions.  These  techniques,  in  conjunction  with 
an  appropriate  failure  criterion,  can  then  be  used  to  determine  the 
residual  strength  capabilities  of  a  given  structure. 
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In  general,  the  construction  of  a  residual  strength  diagram  involves 
three  steps: 

(a)  The  development  of  the  relationship  between  the  applied  stress 
a,  the  crack  length  parameter  a,  and  the  applied  stress-intensity  factor 
K  for  the  given  structural  configuration  (See  Section  1.6). 

(b)  The  selection  of  an  appropriate  failure  criterion  based  for  the 
expected  material  behavior  at  the  crack  tip  (See  Section  4.2). 

(c)  The  fracture  strength  (c^)  values  for  critical  crack  sizes  (a^) 
are  obtained  utilizing  the  results  of  the  first  two  steps  and  residual 
strength  diagram  ( vs  a^)  for  the  given  structural  configuration  is 
plotted . 

To  understand  these  three  steps  for  constructing  a  residual  strength 
diagram,  the  following  two  examples  are  considered.  The  first  example 
considers  a  wide  thin  panel  with  a  central  crack  which  has  a  simple 
relationship  for  the  stress  intensity  factor.  The  second  example  con¬ 
siders  corner  and  embedded  cracks  emanating  from  a  hole;  the  second 
configuration  does  not  have  a  simple  relationship  for  the  stress- 
intensity  factor.  These  two  examples  will  illustrate  the  importance  of 
the  stress-intensity  factor  for  constructing  the  residual  strength  diagram. 

EXAMPLE  4.3.1  Unstiffened  Center  Crack  Panel 

Construct  the  residual  strength  diagram  for  the  wide  unstiffened  panel 
shown  in  Figure  4.3.2,  assuming  that  the  structure  is  made  from  7075-T6 
aluminum  sheet  material,  with  a  fracture  toughness  of  40  ksi/in. 
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SOLUTION: 


Following  the  three  step  process,  the  first  step  that  must  be 
taken  is  to  define  the  stress-intensity  factor  relationship.  From 
Table  1.7.1,  the  stress  intensity  factor  for  a  wide  unstiffened,  center 
crack  panel  is  given  by 

K  =  o/rra  (4.3.1) 

The  second  step  is  to  define  the  failure  criterion.  For  this  problem, 
it  is  assumed  that  an  abrupt  fracture  occurs  and  the  condition  that 
defines  the  fracture  is 

K  =  K  =  K  =  40  ksi/in  (4.3.2) 

cr  c 

The  third  and  final  step  is  to  utilize  the  results  of  the  first  two 
steps  to  derive  a  relationship  between  fracture  strength  (a  )  and 
critical  crack  size  (a^)  from  Equations  4.3.1  and  4.3.2,  the  vs  a 
relationship  is  given  by 

oc/a~  =  40//tt  (4.3.3) 

f  c 

For  a  half  crack  size  (ac)  of  2.0  inch,  the  fracture  strength  (o^)  is 
about  16.  ksi.  Other  (c^  vs  a^)  values  can  be  similarly  obtained.  Once 
a  sufficient  number  of  values  are  available,  the  residual  strength  diagram 
can  be  developed. 

One  could  also  attack  the  problem  in  the  graphic  manner  which  will  now  be 
explained  using  Figure  4.3.3.  The  three  steps  are  identified  in  Figure 
4.3.3a. 


The  first  step  is  to  construct  a  plot  of  K  vs  a  using  Equation  4.3.1  for 
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various  values  of  stress.  The  second  step  requires  that  one  superimpose 

the  horizontal  line  K  =  K  =  AO  Ksi/in  on  the  diagram.  This  line 

represents  the  critical  stress  intensity,  i.e.,  fracture  toughness,  for 

this  material  and  is  independent  of  crack  length.  Step  3  utilizes  the 

intersection  points  of  the  horizontal  line  with  curves  where  the  failure 

criterion  is  satisfied,  i.e.  where  K  =  O^/ira  .  The  values  of  the  re- 

cr  f  c 

spective  stresses  and  the  crack  sizes  at  these  points  are  termed  to  be 
the  failure  stresses  and  the  critical  crack  sizes  for  the  given  structure, 
i.e.,  the  unstiffened  panel.  In  Figure  4.3. 2b,  the  residual  strength 
diagram  is  finally  constructed  by  plotting  the  0^  vs  a^  curve. 


EXAMPLE  4.3.2  Cracked  Fastener  Hole 

Construct  the  residual  strength  diagrams  for  the  radially  cracked  structure 
shown  in  Figure  4.3.4.  Consider  the  two  radial  crack  geometries  separately, 
i.e.,  construct  one  residual  strength  diagram  for  the  corner  cracked  hole 
and  one  residual  strength  diagram  for  the  embedded  (bore  type)  cracked 
hole  illustrated  in  Figure  4.3.4b.  For  purposes  of  this  example,  the 
crack  geometry  is  assumed  to  maintain  the  same  crack  shape  (a/b  ratio)  as 
the  crack  grows.  Also  assume  the  fastener  hole  is  unloaded  and  the  plate 
is  subjected  to  remote  uniform  stress  along  the  edge  as  shown  in  Figure 
4.3.4. 

SOLUTION: 

The  first  step  in  the  construction  of  the  residual  strength  diagram 
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is  to  obtain  the  s tress-intensity  factor  relationships  (K  =  ofcfna)  for 
the  structural  configuration.  The  estimation  of  8  may  involve  closed 
form  solutions  or  numerical  solutions,  depending  on  the  complexities  of 
the  structural  geometry.  Fujimoto^^  has  presented  one  method  for 
obtaining  the  stress  intensity  factors  at  points  A  and  B  shown  in  Figure 
4.3.4b  for  the  given  geometry  (See  Section  1.7  for  other  solutions).  The 
required  stress  intensity  factor  relationship  has  the  following  form^^  , 

(4.3.4) 


and 

where 


K.  *  8.  c/rra 
A  A 

KB  -  Bb  C^b 


(A. 3. 5) 


=  J  Ai  ^ 


(A. 3. 6) 


and 


=  ifQ  Bi  ^ 


(A. 3. 7) 


The  coefficients  A.  and  B.  are  evaluated  by: 

li 

2  3  .  .  . 

A  =  Z  Z  A  (— (— 

Ai  j=Q  k=Q  ijk  <b>  (B} 

and  2  3  ,  , 

Bi  =  2  Z  B  (f)J  (|)k 

1  j=0  k=0  13k  b  B 


(A. 3. 8) 


(A. 3. 9) 


The  constants  A..,  and  B..,  for  the  various  configurations  are  summarized 
i  j  K  i  j  k 

in  Table  4.3.1^^  .  The  solutions  presented  by  Equations  4.3.4  through 
4.3.9  are  suggested  to  be  accurate  to  within  +  1°A  for  0.5  £  a/b  £  2, 
a/R  <  3  and  b/B  <  0.8  (corner  crack)  and  b/B  <  0.95  (embedded  flaw).  For 
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TABLE  4.3.1 


COEFFICIENTS  FOR  CORNER  (A.,.)  AND  EMBEDDED  (B...)  FLAWS 

ijk  ljk 


Table  I 


Ajj^  Coefficients 

Open 

Loaded 

Open 

Loaded 

Aijk 

Hole 

Hole 

Hole 

Hole 

Corner 

Corner 

Embedded 

Embedded 

Flaw 

Flaw 

Flaw 

Flaw 

^000 

—1  73913 

-0  44699 

-1.26736 

-0.27428 

AOOI 

2.18447 

-0.41009 

0.22793 

-0.37981 

A002 

-12.31660 

-0.17500 

-0.31572 

1.06466 

A003 

12  28036 

-0.28705 

0.27700 

-0.70431 

AoiO 

2  03400 

0.49602 

1.46408 

0.22855 

Aon 

-5.54602 

-1.17354 

-0.51878 

0.80844 

A012 

26.30347 

0.05565 

0.60348 

-2  20899 

A013 

-28.83108 

0.52655 

-0.64122 

1.42081 

A020 

-0  62550 

-0  1  5949 

-042884 

-0  04803 

A02i 

2.04171 

0  52542 

0.59595 

-031512 

A022 

-10.08710 

-0.15182 

-1.10433 

0.82786 

A023 

11.28916 

-0  12493 

0  82250 

-0.511  BO 

Aioo 

20  44604 

3.62963 

16.35029 

2.04350 

AlOl 

-12.98692 

-3.42947 

-1.36796 

3.18371 

A102 

79.06818 

1.25362 

0.90021 

-8.85802 

A 103 

-81.39789 

2  58161 

-1  10382 

5  83154 

AiiO 

-19,15893 

-4  24345 

-14.44464 

-1.80365 

Am 

32  54240 

9  71349 

3.18175 

-6.91026 

Al12 

-153  17228 

0  99495 

-0.90493 

18  66301 

Ai13 

183  89616 

-5.61054 

2  48066 

-11.94847 

Al20 

5.63804 

1  38285 

3  97690 

0.38262 

A1 21 

-11  48757 

-4.33299 

-4.73213 

2.70521 

A 1 22 

57.78026 

0.50822 

8.12799 

-7.01695 

Al23 

-71  50791 

1.70251 

-6.10715 

4  30908 

a200 

-54.07142 

-8.73901 

-40.03081 

-3.66265 

A201 

26.28259 

10.12695 

1.69908 

-9  40318 

A202 

-173  61978 

-2.81193 

5,31024 

26.26181 

A203 

186.67485 

-8.39172 

-2.33583 

-17  22762 

A210 

55  38509 

12.06427 

37  64427 

4,07100 

A211 

-65.48530 

-28.54  2  88 

-4.94141 

20.73286 

A212 

310.31737 

-4.71604 

—  1 1  78825 

-55.81962 

A213 

-414.90592 

18.60957 

3  89408 

35.80193 

A220 

-16.99852 

-4  10506 

-10  77498 

-0.88681 

a221 

21  87818 

12  64776 

12  74285 

-8  14196 

A222 

-113  03797 

-0.10892 

-19.73785 

21  00805 

a223 

159.51377 

-6.34499 

14  67313 

-12.89406 

A300 

63.91046 

9.86487 

44  09282 

3.18017 

A30I 

-21.34684 

-12.58513 

1  30029 

11  71907 

A302 

155.66256 

2  41823 

-17.28515 

-32  85878 

A303 

-177.54153 

11.37710 

10  22270 

21.47714 

A310 

-69.55437 

-14.91176 

-42.79166 

-4  23316 

A311 

53.27534 

35.32007 

-0  41580 

-26  09328 

A312 

-239  17594 

9.64735 

34.36  822 

70  23733 

A313 

382  87850 

-26.68173 

-19.03715 

-45  03193 

A320 

21  97211 

5.18043 

12.56399 

0.94129 

A321 

-16.45864 

-15  54508 

-13.63744 

10  23302 

A322 

81  63436 

-2.04295 

18.05169 

-26  34017 

A323 

-144.56350 

9  86170 

-13.65703 

16.12578 

A400 

-25.48746 

-3  45644 

-15.57989 

-0.32568 

A401 

6.07411 

5  63847 

-2.29626 

-5.26245 

A402 

-47.33858 

-0.47231 

12.79822 

14  81260 

A403 

58.83734 

-5  58817 

-7.87547 

-9,62040 

A410 

30.61973 

6  33835 

16.18076 

1  20944 

A41 1 

-15.30575 

-15.72380 

3,64549 

11  77369 

A412 

56.77733 

-5.25457 

-24.86827 

-31.67043 

A413 

-123  39537 

13.06793 

15.10964 

20.30113 

A420 

-10  04444 

-2.28421 

-4  93434 

-0  27841 

A421 

4.18466 

6  85458 

4.68604 

-4.60124 

A422 

-16.39237 

1.58956 

-4.47318 

11  81074 

A423 

45.39223 

-5.06460 

3  68566 

-7  22032 

Table  H 


Bjjk  Coefficients 

Open 

Loaded 

Open 

Loaded 

Bjjk 

Hole 

Hole 

Hole 

Hole 

Corner 

Corner 

Embedded 

Embedded 

Flaw 

Flaw 

Flaw 

Flaw 

8000 

0.54048 

0.15717 

-0.14090 

-0.04578 

8001 

-8.13585 

-0.18905 

-0.19118 

0.23456 

8002 

38.74291 

0,36964 

-1.42513 

-1  03245 

8003 

-36.61072 

-0.55842 

2.70092 

1,04606 

8010 

-0.51374 

-0.34371 

0.24126 

0.02019 

8011 

20.70229 

0,67188 

-0  06062 

-0.68745 

8012 

-96.53400 

-1  02481 

3,50309 

2.60507 

8013 

94.56232 

2.24038 

-5  56386 

-2.53181 

8020 

0.23259 

0.13161 

-0.03900 

-0.01654 

8021 

-8.10325 

-0.24870 

0.14748 

0.39027 

8022 

37  49696 

0  15076 

-1  79208 

-1.40898 

8023 

-36.02049 

-0.43639 

2.62247 

1,30659 

B100 

-3.93066 

-1.40838 

1.51775 

0.39092 

B101 

54.54817 

3.05268 

2.95869 

-1.89716 

8102 

-267  23920 

-5  58993 

6  91519 

8.31125 

8103 

257.44638 

5.83453 

-18.34105 

-8.38878 

8110 

10.54763 

4.21388 

2.99000 

0.49356 

81 1 1 

-137.75080 

-895923 

1  42239 

5  83529 

8112 
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the  detailed  solution  procedures  involved  in  obtaining  these  expressions, 
refer  to  the  paper  by  Fujimoto^^  who  also  presents  solutions  for  the 
condition  where  the  fastener  is  loaded. 

Subjected  to  the  conditions  when  the  crack  size  ratio  (a/b)  is  equal  to 

1.0,  the  stress-intensity  factor  solutions  for  points  A  and  B  are  given 

in  Figure  4.3.5  for  the  quarter-circular  corner  crack  and  in  Figure  4.3.6 

for  the  embedded  semicircular  crack.  The  K.  and  K  curves  in  these  two 

A  B 

figures  were  obtained  from  Equations  4.3.4  through  4.3.9  with  the  appro¬ 
priate  coefficients  taken  from  Table  4.3.1. 

Having  established  a  relationship  for  the  applied  stress  intensity 
factors  K  and  K  ,  the  second  step  is  to  choose  an  appropriate  failure 
criterion.  The  given  configuration  consists  of  a  thick  plate  where  plane 
strain  conditions  exist  and  the  appropriate  fracture  toughness  criterion 
based  on  the  K^.  value  can  be  used.  Substituting  the  value  of  for 

and  as  a  failure  condition  in  Equations  4.3.4  and  4.3.5,  the 
equations  can  be  solved  for  0  for  various  values  of  a.  The  residual 
strength  diagram  for  the  open  hole  configuration  can  be  constructed  through 
the  following  equations. 


and 


(4.3.10) 


(4.3.11) 
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The  solutions  to  Equations  4.3.10  and  4.3.11  are  presented  in  Figure  4.3.7 
for  the  radial  quarter  circular  crack  geometry  and  in  Figure  4.3.8  for 
the  radial  embedded  semicircular  crack  geometry.  Note  that  the  condi¬ 
tions  associated  with  Point  B  in  both  crack  geometries  is  more  severe 
and  actually  defines  the  residual  strength  of  this  radially  cracked 
structure . 


4.3.2  Built-Up  Structure  Residual  Strength  Diagrams 

In  single  load  path  structures,  the  residual  strength 
analysis  involved  only  one  failure  criterion  for  a  given  structural 
geometry;  whereas  in  built-up  structures,  due  to  the  complex  geometrical 
configuration,  one  or  more  failure  criterion  may  have  to  be  considered 
in  the  determination  of  residual  strength  for  the  whole  structure.  The 
following  paragraphs  examine  these  aspects  of  the  residual  strength 
analysis  of  built-up  structures. 

It  was  explained  earlier  that  safety  can  be  achieved  by  designing  air¬ 
craft  structure  either  as  slow  crack  growth  or  as  fail-safe.  The  latter 
case  can  further  be  classified  into  two  casses:  Multiple  Load  Path  and 
Crack  Arrest.  Typically,  both  Multiple  Load  Path  and  Crack  Arrest 
structures  are  built-up  structures.  In  Chapter  2,  the  definitions  and 
requirements  for  these  two  types  of  built-up  structure  are  discussed. 

For  completeness,  the  structure  shown  in  Figure  4.3.9  is  analyzed  to 
further  explain  the  features  inherent  in  multiple  load  path,  built-up 
structure.  As  long  as  the  central  member  is  not  failed,  all  three  elements 
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carry  a  share  of  the  total  load  P.  In  the  event  of  failure  of  the 
center  member,  the  total  load  P  (actually  1.15P)  must  be  transmitted 
by  the  other  two  members  at  the  instant  of  failure,  if  the  structure  is 
to  stay  intact.  The  residual  strength  capability  for  the  multiple  load 
path  structure  shown  in  Figure  4.3.9  can  be  explained  with  Figure  4.3.10. 
When  one  element  fails.  Figure  4.3.10  shows  that  the  remaining  parallel 
members  are  able  to  carry  the  required  load  without  failure.  The 
residual  capability  is  shown  to  degrade  as  the  crack  in  the  central 
member  extends  and  as  the  cracks  in  the  remaining  elements  fail.  Figure 
4.3.10  shows  the  discontinuous  change  in  the  strength  capability  as  a 
result  of  element  failures.  Since  the  load  levels  in  other  members 
dramatically  increase,  if  the  load  P  must  be  maintained,  the  remaining 
members  will  have  short  lives.  Thus,  the  second  member  may  fail  after  the 
time  ( t ^ ) •  The  residual  strength  capability  is  shown  to  drop  below  the 
safe  level  somewhere  in  time  between  t^  and  t^-  The  duration  of  the  time 
interval  between  the  failure  of  the  first  element  and  the  failure  of  the 
structure  may  be  short  or  long  depending  on  the  "type  of  failure"  of  the 
first  member  and  the  load  requirements  subsequent  to  this  failure.  This 
time  interval  is  available  for  the  detection  of  the  failure  of  the  first 
member  and  the  repair  of  the  structure. 

The  failure  stress  or  the  critical  flaw  size  level  of  the  central  member 
(any  one  of  the  parallel  members)  can  be  estimated  by  treating  the 
problem  in  a  manner  similar  to  the  single  load  path  structure.  Using  a 
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fatigue  crack  growth  analysis,  the  crack  propagation  curve  is  obtained  from 
the  minimum  detectable  crack  size  to  the  critical  crack  length  as  illus¬ 
trated  in  Figure  4.3.11.  In  multiple  load  path  structure,  partial  failure 
of  the  structure  can  occur  during  its  operating  period.  But  this  failure 
must  be  detected  at  an  inspection  before  catastrophic  failure  of  the 
entire  structure  occurs.  A  suitable  inspection  schedule  must  include 
analysis  of  structural  characteristics  along  with  the  operational  require¬ 
ments  for  the  intervals  between  inspections. 

To  illustrate  the  analysis  involved  in  the  estimation  of  residual 
strength  of  complex  structures,  consider  an  axially  loaded  skin-stringer 
combination  with  longitudinal  stiffening  as  shown  in  Figure  4.3.12. 

Assuming  that  the  fasteners  are  rigid,  the  displacements  of  adjacent 
points  in  skin  and  stringers  will  be  equal.  (If  skin  and  stringers  are 
made  from  the  same  material,  the  stresses  in  the  two  will  also  be  equal 
for  the  case  of  no  crack.)  Let  a  transverse  crack  develop  in  the  skin. 

This  will  cause  larger  displacement  in  the  skin.  The  stringers  must 
follow  this  larger  displacement.  As  a  result,  they  take  load  from  the 
skin,  thus  decreasing  the  skin  stress  at  the  expense  of  higher  stringer 
stress.  Consequently,  the  displacements  in  the  cracked  skin  will  be 
smaller  than  in  an  unstiffened  plate  with  the  same  size  of  crack.  This 
implies  that  the  skin  stresses  are  lower  and  that  the  stress-intensity 
factor  is  lower.  The  closer  the  stringers  are  to  the  crack,  the  more 
effective  is  the  load  transfer. 
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If  the  stress-intensity  factor  for  a  small  crack  in  an  unstiffened  panel 
is  approximated  by  K  =  o/Fa,  the  stress-intensity  factor  for  the  stiffened 
plate  will  be  K  =  Bo/Fa.  The  reduction  factor,  B  =  K/  a/Fa ,  will  decrease 
when  the  crack  tip  approaches  a  stringer.  Since  the  stringers  take  load 
from  the  skin,  the  stringer  stress  will  increase  from  0  to  La,  where  L 
increases  as  the  crack  tip  approaches  the  stringer.  Obviously,  0  <  B  £_  1, 
and  L  >_  1.  These  values  depend  upon  stiffening  ratios,  the  stiffness  of 
the  attachment,  and  the  ratio  of  crack  size  to  stringer  spacing.  As  will 
be  shown  subsequently,  B  and  L  can  be  readily  calculated;  at  this  point 
it  is  sufficient  to  note  that  B  and  L  vary  with  crack  length  as  shown  in 
Figure  4.3.13. 

Due  to  the  complexity  of  stiffened  skin  structure,  the  construction  of  a 
residual  strength  diagram  is  considerably  more  difficult.  Consider  first 
the  condition  where  an  abrupt  failure  in  the  skin  occurs.  When  the  crack 
is  small  as  compared  to  the  stiffener  spacing,  the  residual  strength  of 
the  skin  is  not  influenced  by  the  stiffeners  and  the  initial  portion  of  the 
diagram  follows  the  plot  for  an  unstiffened  panel  (See  point  A  in  Figure 
4.3.14).  Once  the  crack  size  is  long  enough  that  the  skin  cannot  sustain 
the  applied  load  any  further,  the  stringer  will  take  some  of  the  load  from 
the  skin,  thus  decreasing  the  skin  stress.  Consequently,  the  crack-tip 
stress-intensity  factor  will  be  lower  due  to  the  reduced  stress  and  so  the 
residual  strength  of  the  skin  structure  will  increase  with  crack  length 
as  shown  in  Figure  4.3.13.  As  the  crack  size  increases  further  toward  the 
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stiffener  location,  the  load  transferred  from  the  skin  to  the  stiffener 
also  increases  significantly,  thus  reducing  the  stress-intensity  factor. 

The  residual  strength  of  the  stiffened  panel  continues  to  increase  as 
shown  in  the  figure  for  longer  cracks.  It  can  also  be  noted  from  the 
figure  that  the  residual  strength  diagram  for  an  unstiffened  panel  would 
have  followed  the  dotted  line,  i.e.,  the  continuous  decay  in  the  residual 
strength  as  the  crack  size  increases.  This  is  because  there  is  no  inherent 
feature  present  in  the  single  load  path  structure  to  decrease  the  crack 
tip  stress-intensity  factor. 

The  residual  strength  diagram  for  the  skin-stiffened  structure  is  repeated 
in  Figure  4.3.15  where  several  additional  points  of  interest  are  defined 
for  the  analyst.  For  a  structure  with  a  crack  of  length  a  ,  the  residual 

A 

strength  is  identified  as  point  A.  Since  point  A  is  associated  with  a 

failure  stress  that  is  above  the  peak  stress  (o  .),  the  crack  extends 

peak 

abruptly  and  completely  fails  the  panel.  If  the  structure  contains  a 
crack  of  length  an  ,  in  the  range  between  a^  and  a  ,  the  crack  extends 
abruptly  but  then  arrests  at  crack  length  ,  where  the  residual  strength 
available  is  greater  than  the  applied  (failure)  stress.  This  crack  extension 
and  arrest  feature  of  skin-stringer  construction  greatly  facilitates  meeting 
inspection  requirements  for  fail-safe  structures. 

Before  the  panel  fails  completely,  the  failure  stress  level  at  point  C/E 
must  be  increased  to  the  level  associated  with  point  F,  i.e.  to  °pea^* 

As  the  stress  is  increased  above  the  level  of  point  E,  the  crack  extends 
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from  a  to  maintain  an  equilibrium  between  the  input  stress  and  the 
E 

residual  strength.  When  the  stress  reaches  C  ,  ,  the  crack  has  ex¬ 
peak 

tended  to  a^,  at  which  point  the  crack  abruptly  extends  causing  failure 
of  the  panel,  A  schematic  illustrating  the  load  crack  length  diagram 
observed  during  an  abrupt  crack  extension/arrest  situation  in  a  skin- 
stringer  structure  is  presented  in  Figure  4.3.16.  Thus,  it  is  seen  that 
the  residual  strength  curve  ABCDEF  shown  in  Figure  4.3.15  can  be  replaced 
for  all  practical  purposes  with  a  curve  that  connects  points  ABF. 

In  the  design  of  fail-safe  structure,  a  frequent  objective  is  to  design 
the  structure  for  limiting  or  arresting  unstable  crack  growth  so  that 
catastrophic  failure  can  be  prevented.  A  number  of  arrest  techniques 
are  described  in  References  11  through  13.  The  fundamental  concept  in 
crack  arrest  design  is  to  provide  within  the  structure  a  means  to  reduce 
the  crack  tip  stress  intensity  factor.  This  concept  requires  the  use  of 
additional  stiffening  members  such  as  stiffeners,  reinforcing  rings,  etc., 
to  produce  a  decrease  in  the  stress.  These  are  inherently  present  in 
built-up  structures,  such  as  aircraft  wings,  fuselages,  etc.  as  shown  in 
Figure  4.3.12. 

In  general,  the  residual  strength  analysis  of  a  structure  with  crack 
arrest  capabilities  may  involve  more  than  one  failure  criterion.  For 
instance,  in  a  stiffened  skin  structure  or  an  aircraft  wing,  the  analysis 
should  consider  stringer  failure,  fastener  failure,  and  skin  crack 
failure  criteria.  Built-up  panels  loaded  to  fail-safe  levels  tend  to 
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exhibit  substantial  local  deformations  of  critical  elements.  Failure 
criteria  are  thus  dependent  also  on  elastic-plastic  deflection  allowables 
for  both  fastener  and  skin/stringer  elements.  Gunther  and  Wozumi^^ 
provide  additional  details  on  the  residual  strength  analysis  of  complex 
panels  based  on  the  ultimate  stringer  strain. 

The  residual  strength  diagram  for  the  structure  which  exhibits  slow 
crack  growth  behavior  will  contain  two  curves  as  shown  in  Figure  4.3.17. 
The  lower  curve  corresponds  to  the  critical  level  of  stress  at  which 
slow  crack  extension  starts.  The  onset  of  slow  tearing  is  then  described 
by  this  lower  curve.  The  upper  curve  provides  the  critical  stress  level 
at  which  the  unstable  rapid  crack  extension  occurs.  When  the  crack 
approaches  the  stiffener,  as  explained  earlier,  the  residual  strength 
levels,  corresponding  to  the  onset  of  slow  cracking  and  the  rapid  exten¬ 
sion,  start  increasing. 

For  a  crack  length  a^,  as  shown  in  Figure  4.3.17,  the  slow  crack  extension 
begins  at  point  B.  This  stable  extension  continues  up  to  point  BT 
where  the  rapid  failure  is  supposed  to  occur.  However,  due  to  the  con¬ 
tinuous  rise  in  the  residual  strength  of  the  stiffened  panel,  the  stable 
crack  extension  continues  to  occur  beyond  point  Bf  and  up  to  point  C. 

Since  the  residual  strength  of  the  panel  starts  reducing  at  this  point, 
any  further  increase  in  the  applied  load  will  lead  to  the  rapid  unstable 
crack  extension. 
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The  construction  of  the  residual  strength  diagram  follows  the  three 
steps  presented  in  Section  4.3.1.  Due  to  the  complexity  of  the 
structural  geometry,  however,  estimating  requires  the  calculation  of  the 
loads  that  are  transferred  to  the  stiffening  or  secondary  members  from 
the  main  load  carrying  member  of  the  structure.  Depending  upon  the 
complexity,  the  K  vs  a  curves  can  be  obtained  either  through  an  appro¬ 
priate  numerical  method  or  through  the  method  of  superposition.  The 
methods  for  constructing  residual  strength  diagrams  and  for  the  residual 
strength  capability  analyses  are  further  discussed  in  the  following 
sections  with  various  example  problems. 
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CRACK  LENGTH  (a) 


Figure  4.3.1.  Residual  Strength  Diagram  for  Abrupt  Failure  of  a 
Single  Load  Path  Structure. 
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Figure  4.3.2.  Structural  Geometry  and  Material  Properties 
for  Example  4.3.1. 
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FRACTURE  STRENGTH  (af)  STRESS-INTENSITY  FACTOR  (K) 


(a)  Stress-Intensity  Factor  as  a  Function  of  Crack 
Length  for  Constant  Values  of  Stress 


43  2  1  CRITICAL  CRACK  SIZE  (ac) 

ac  ac  ac  ac 

(b)  Residual  Strength  Diagram 


Figure  4.3.3.  Description  of  Procedures  that  One  Might  Follow 

to  Obtain  the  Residual  Strength  Diagram  Graphically. 
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AISI  4340  STEEL 


MATERIAL 

PROPERTIES 

a  =  200  Ksi 
ys 

K  =  75  Ksi 
Ic 


(a)  In  Plane  View  of  Radial  Hole  Crack 


£  =  i.o 

D 


B  =  0.76  inch 


(b)  Section  A-A.  Definition  of  Crack  Geometries 


Figure  4.3.4.  Crack  Geometries  Considered  for  a  Radial  Crack  Growing 
from  a  Hole  for  Example  4.3.2. 
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Crack  Length  (a) 


Figure  4.3.5,  Stress-Intensity  Factor  Relationships  at  Points 
A  and  B  for  the  Radial  Quarter  Circular  Crack 
Geometry. 


Crack  Length  (a) 


Figure  4.3.6.  Stress-Intensity  Factor  Relationships  at  Points 
A  and  B  for  the  Radial  Embedded  Semi-Circular 
Crack  Geometry. 
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Crack  Length  (a) 


Figure  4.3.7.  Residual  Strength  Diagram  for  Points  A  and  B 
Located  on  the  Radial  Quarter  Circular  Crack 
Geometry  Shown  in  Figure  4.3.4. 


igure  .3.8.  Residual  Strength  Diagram  for  Points  A  and  B 
Located  on  the  Embedded  Semi-Circular  Crack 
Geometry  Shown  in  Figure  4.3.4. 
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Figure  4.3.9.  Multiple  Load  Path  (Built-up)  Structure  with  a 
Crack  in  the  Central  Member. 
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Figure  4.3.10.  Reduction  of  Residual  Strength  During  Successive 
Failure  of  Members  in  the  Structure  Shown  in 
Figure  4.3.9. 
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Figure  4.3.11.  Crack  Growth  Curve  for  Multiple  Load  Path 
Structure  Shown  in  Figure  4.3.9. 


4.3.25 


W  r  um^ 


X 


RIVETS 


* 

k 

k 

* 

i 

* 

k 

i 

f 

* 

i 


CRACK 


* 

k 

I 

V 

sf 

w  w 
o  *v 

»  I 

ptf  * 

H  I 

CO 


f 


PCS  , 

g< 

i  * 

w  I 

£  f 


4: 

I 

* 


j  _ 


TTTTTTTTTl 


1  f 

vi  V 


! 


Figure  4.3.12.  Skin-Stringer  Built-Up  Structure. 
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Stringer 

(Stiffener) 


(b)  Variation  of  $  with  Crack  Length 


(c)  Variation  of  Stress  in  Stiffener 
with  Crack  Length 


Figure  4.3.13.  Variation  of  6  and  L  with  Crack  Length  in  Stiffened  Panel 
with  a  Crack  Between  the  Stiffeners. 
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Figure  4.3.14.  Residual  Strength  of  the  Cracked  Panel  as  a  Function  of 

Crack  Length  for  Built-Up  Skin-Stiffened  Structure  Compared 
with  Unstiffened  Panel.  Abrupt  Failure  Criterion  Used  to 
Determine  Residual  Strength. 
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4.3.29 


Figure  4.3.15.  Residual  Strength  of  the  Cracked  Panel  as  a  Function  of 

Crack  Length  for  Built-Up  Skin  Stiffened  Structure.  Only 
Skin  Failure  Mode  Considered.  Abrupt  Failure  Criterion 
Used  to  Determine  Residual  Strength. 
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4.4 


SINGLE  LOAD  PATH  STRUCTURE 


For  a  single  load  path  structure,  the  only  means  to  protect  the 
safety  is  to  prevent  the  damage  growth  from  degrading  the  strength  of  the 
structure  to  less  than  the  design  limit  load.  This  applies  for  all 
structures  classified  as  slow  crack  growth,  regardless  of  the  type  of 
construction  (such  as  single  load  path  or  multiple  load  path) .  The 
residual  strength  capability  of  the  structure  depends  mainly  on  the 
material’s  resistance  to  fracture. 

4.4.1  Abrupt  Fracture 

For  materials  which  exhibit  abrupt  failure,  the  start  of 
slow  crack  extension  will  be  followed  immediately  by  the  onset  of  rapid 
fracture.  The  residual  strength  capability  then  requires  a  strict 
evaluation  of  the  initial  flaw  sizes  in  the  structure.  The  allowable 
initial  crack  length  necessary  to  maintain  the  required  residual  strength 
will  be  less  than  a^ ;  the  design  limit  load  must  also  be  such  that  the 
stress  level  in  the  structure  is  less  than  CL  as  shown  in  Figure  4.4.1. 
The  residual  strength  diagram  can  be  evaluated  as  described  earlier 
through  the  plot  of  0^  vs  a^  using  the  relationship  K  =  0$/na  for  the 
structural  geometry  of  interest  and  also  employing  the  failure  criterion 
based  on  a  critical  fracture  toughness  value,  K .  The  margin  of  safety 
as  shown  in  Figure  4.4.1  allows  for  undetected  cracks  or  for  subcritical 
crack  growth  such  that  the  initial  crack  size  will  not  become  greater 
than  a^ . 


4.4.1 


In  the  following  paragraphs,  two  different  example  problems  are  pre¬ 


sented  to  demonstrate  the  application  of  the  steps  in  constructing  the 
residual  strength  diagram  and  also  to  analyze  the  structure  for  its 
residual  strength  capabilities.  The  first  example  illustrates  the 
centrally  cracked  finite  width  panel.  The  second  example  considers  an 
eccentrically  cracked  finite  width  panel  problem.  These  examples 
demonstrate  the  basic  concepts  involved  in  the  residual  strength 
capabilities  of  a  single  load  path  structure. 

EXAMPLE  4.4.1  Residual  Strength  of  Center  Cracked  Panel 

Develop  the  residual  strength  diagram  for  the  cracked  finite  width  panel 

shown  in  Figure  4.4.2. 

SOLUTION: 


For  the  center-cracked  geometry  configuration  shown  in  Figure  4.4.2, 


the  stress-intensity  factor  K  is  expresses  by  the  relationship  (See  Section 


1.7): 


(4.4.1) 


Since  we  have  an  explicit  expression  for  K,  using  the  fracture  toughness 
failure  criterion  (plane  strain),  the  residual  strength  diagram  can  be 
obtained  directly.  The  corresponding  equation  is 


(4.4.2) 


where  =  40  ksi/in  and  W  =  20  inch  are  given  as  data  and  a ^  can  be 

obtained  for  any  selected  crack  length.  The  O  vs  a  curve,  which  is  the 

f  c 
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required  residual  strength  diagram,  can  now  be  plotted. 


The  residual  strength  of  the  panel  can  be  estimated  from  Equation  4.4.2 
which  is  described  in  the  diagram  presented  in  Figure  4.4.3.  From  this 
figure,  for  the  given  operating  stress  level  (20  Ksi) ,  the  critical 
crack  size  at  which  unstable  crack  extension  would  occur,  can  be  esti¬ 
mated  as  1.2  inch.  Thus,  to  avoid  a  fracture  type  failure  of  the  panel, 
the  structure  should  not  develop  a  crack  of  this  size.  Assume  that  based 
on  an  established  visual  inspection  schedule,  the  simple  rectangular 
aluminum  panel,  uniformly  loaded  in  tension  as  shown,  could  develop  a 
2.0  inch  long,  central  through- the- thickness  crack  (normal  to  loading) 
before  detection.  This  crack  length  is  slightly  smaller  than  the  critical 
crack  size  (2.4  =  2  x  1.2  inch)  under  the  operating  conditions  so  that 
the  margin  of  safety  is  small  when  this  inspection  process  is  employed. 

To  establish  the  required  residual  strength  level  to  fit  the  inspection 
schedule,  the  designer  must  reduce  the  crack-tip  stress-intensity  factor 
for  the  same  applied  load.  One  method  is  to  transfer  portions  of  the 
load  to  a  stiffening  member.  Another  method  is  to  reduce  the  operating 
load  level  below  the  failure  level  corresponding  to  the  inspection  crack 
size,  although  this  in  not  always  practiced. 

EXAMPLE  4.4.2  Residual  Strength  of  Eccentrically  Cracked  Panel 
Establish  the  residual  strength  diagram  for  a  finite-width  panel  with  the 
eccentric  crack  shown  in  Figure  4.4.4. 
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SOLUTION: 


For  the  given  configuration,  the  stress  intensity  factor  is  ex¬ 
pressed  by  the  following  relationship  (See  Section  1.7), 

K  =  a$/rra  (4.4.3) 

a  2e  W 

where  3  -  3(£,  “)  and  £  =  — ;  W1  =  -  e.  Since  it  is  an  eccentric 

W  W  l 

crack,  the  K  values  at  the  crack  tips  A  and  E  will  be  different  and  the 
corresponding  3's  will  also  be  different.  From  the  plots  of  Figure 
4.4.5^^,  3  values  for  the  crack  tips  A  and  E  can  be  obtained  for  a  given 
aspect  ratio  (a/W*)  and  the  eccentricity  factor,  £ .  It  is  obvious  from 
Figure  4.4.5  that  the  stress-intensity  factor  conditions  at  crack  tip  A, 
which  is  close  to  the  panel  edge,  are  higher  than  that  for  crack  tip  E 
so  the  conditions  at  point  A  will  be  critical  in  deciding  the  residual 
strength  of  the  panel. 


Applying  the  fracture  toughness  failure  criterion,  we  can  now  obtain  the 
direct  relationship  between  the  fracture  stress  and  the  critical  crack 
size  as 

=  K  /6A/ttI  (4.4.4a) 

f  Ic 

and 

<X?  =  Kt  /BE/ ira  ,  (4.4.4b) 

r  1c 

where  the  superscripts  A  and  E  represent  the  conditions  at  the  crack 
tips  A  and  E.  We  can  now  plot  curves  vs  a  and  0^  vs  a  for  the  given 
structural  configuration.  The  residual  strength  diagram  for  crack  tips 
A  and  E  for  £  =  0.9  and  W1  =  1.0  are  shown  in  Figure  4.4.6.  As 
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anticipated  on  the  basis  of  the  differences  in  stress-intensity  factor 
conditions,  the  residual  strength  curve  associated  with  crack  tip  A 
controls  the  crack  extension  behavior  of  the  eccentric  crack.  For  the 
20  Ksi  maximum  stress  operating  condition,  the  critical  crack  size  is 
approximately  0.73  inch,  based  on  the  crack  tip  A  curve  (see  point  G) . 

If  a  crack  with  a  half  crack  length  (a)  of  0.73  inch  develops  in  the 
panel,  crack  tip  A  will  extend  rapidly  and  the  crack  will  be  arrested  at 
the  free  edge.  Now  the  crack  growth  behavior  at  crack  tip  E  needs 
further  analysis  corresponding  to  the  panel  configuration  as  shown  in 
Figure  4.4.7.  The  crack  length  a'  is  equal  to  (W1  +  a)  where  Wf  and  a 
are  known,  i.e.,  a*  *  1.73  inch. 

The  critical  stress  level  at  crack  tip  E  can  now  be  calculated  using  the 
expression,  =  O^/na ?  corresponding  to  the  single  edge  crack.  The 

value  of  3  can  be  obtained  from  Figure  4.4.7.  For  a1  =  1.73  inch  and 
W  =  20  inch,  3  is  estimated  as  1.1.  The  value  of  for  these  values  of 
3  and  a,  is  obtained  from  the  relationship  and  is  equal  to 

15.6  ksi,  which  is  lower  than  the  given  maximum  operating  stress  level  of 
20  ksi,  and  thus  the  crack  extends  from  tip  E  causing  complete  fracture 
of  the  plate. 

Even  though  extension  of  crack  tip  A  is  arrested  at  the  free  edge,  the 
residual  strength  level  of  the  panel  is  not  sufficient  to  prevent 
extension  at  crack  tip  E  for  the  given  maximum  operating  stress  level. 
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To  further  illustrate  the  analysis  that  would  be  required  for  the  deter¬ 
mination  of  the  crack  growth  behavior  of  each  crack  tip,  consider  the 
residual  strength  diagram  presented  in  Figure  4.4.8.  Again  two  curves 
are  illustrated,  one  for  crack  tip  A,  the  other  for  crack  tip  E.  The 
analysis  for  crack  tip  A  is  as  shown  in  Figure  4.4.6.  The  analysis  and 
data  presentation  for  crack  tip  E  is  based  on  the  assumption  that  crack 
tip  A  has  extended  to  the  edge  of  the  panel  and  the  residual  strength  is 
given  by 

KIC 

o  =  - — -  (4.4.5) 

1 .  l/rr  (l+a) 

It  is  noted  that  the  crack  tip  E  will  remain  stationary  when  the  crack 
tip  A  extends  if  the  crack  length  size  (a)  exceeds  the  size  associated 
with  the  intersection  of  the  two  residual  strength  curves.  The  next 
example  describes  an  analysis  of  such  a  situation. 


EXAMPLE  4.4.3  Residual  Strength  of  Eccentrically  Cracked  Panel  - 
Crack  Arrest  Conditions 

Repeat  the  residual  strength  analysis  of  Example  4.4.2  with  a  maximum 
operating  stress  level  of  13  ksi.  From  Figure  4.4.6,  it  can  be  seen  that 
the  critical  crack  size  for  the  given  load  level  is  0.9  inch.  If  the 
panel  develops  a  crack  of  this  size,  rapid  extension  will  occur  at 
crack  tip  A,  Point  F  identifies  the  point  of  instability.  The  crack 
extension  will  be  arrested  at  the  free  edge  as  in  the  earlier  case.  To 
continue  the  analysis  for  residual  strength  capabilities  of  the  panel, 
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consider  the  crack  extension  behavior  of  the  single  edge  crack  at  crack 
tip  E.  The  new  crack  length  is  given  by  W1  +  a  where  WT  =  1  inch  and 
a  =  0.9  inch.  Thus,  for  a  crack  length  of  1.9  inch,  (3  is  obtained  from 
Figure  4.4.7  as  1.1.  Using  the  relationship,  K  =  \  the  critical 

stress  level  for  crack  tip  E  to  extend  rapidly  is  calculated  as  14.9  ksi. 
However,  the  maximum  operating  stress  level  is  given  as  13  ksi  which  is 
less  than  this  critical  strength  level.  Thus,  the  panel  does  have  the 
capacity  to  be  effective  without  failure  even  when  it  develops  a  maximum 
crack  of  half  length  size  0.9  inch,  leading  to  the  rapid  extension  of 
crack  tip  A. 
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4.4.2  Tearing  Fracture 


Materials  with  medium  or  high  fracture  toughness  exhibit  a  type 
of  subcritical  crack  extension  behavior  prior  to  reaching  the  maximum  load 
carrying  capacity  of  the  structure.  When  a  limited  amount  of  yielding  occurs 
in  front  of  the  crack  tip,  the  initial  extension  of  an  existing  crack  in  these 
materials  will  be  slow  and  stable  threshold  values  of  the  stress-intensity 
factor  (K  ) .  To  understand  this  behavior,  consider  an  unreinforced,  center- 

UNbrji 

cracked  panel.  The  stress-intensity  factor  (K)  at  the  crack  tip  increases 
linearly  with  the  value  of  the  normal  tensile  stress  component  acting  on  the 
structure  for  a  stationary  crack.  As  the  K  level  increases,  some  point 
(point  A)  will  be  reached  at  which  the  crack  length  will  begin  to  extend  as 
shown  in  Figure  4.4.9.  The  crack  will  extend  gradually  as  the  load  continues 
to  increase,  until  reaching  the  critical  size  at  which  the  crack  extension 
becomes  unstable  (point  B  in  Figure  4.4.9).  The  point  of  crack  initiation 
and  instability  are  determined  by  the  appropriate  failure  criteria. 

When  the  subcritical  growth  of  the  crack,  as  shown  in  Figure  4.4.9a  between 
the  points  A  and  B,  is  not  significant  the  fracture  toughness  criterion  KPD 
values  can  be  used  in  the  analysis.  In  this  case,  fracture  is  assumed  to 
occur  immediately  after  the  start  of  crack  extension  as  under  abrupt  failure 
conditions.  However,  for  materials  exhibiting  substantial  crack  growth 
between  points  A  and  B  as  shown  in  Figure  4.4.9b,  the  crack  resistance  curve 
approach  can  be  used  in  the  residual  strength  analysis.  The  crack  resistance 

vs.  a.  The 

vs  Aa  curve  is  normally  used  when  the  fracture  strength  is  associated  with 


(R)  curve  approach  might  be  based  on  either  vs  AA  or 
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stress  levels  below  net  section  yield  conditions;  in  other  words,  when  limited 
crack  tip  plasticity  occurs  prior  to  fracture.  The  /T^  vs  a  curve  is  used  for 
those  conditions  where  the  fracture  strength  is  expected  to  result  in  gross 
yielding. 

In  the  calculation  of  residual  strength  when  the  cracked  structure  exhibits 
a  tearing  instability,  one  normally  follows  the  following  steps: 

1.  Obtain  (=3/  n(a+rp)  values  for  the  structure  for  various  crack 

lengths  and  applied  stresses  using  a  suitable  plastic  zone  model  (e.g.  Dugdale 
Model).  Evaluation  of  the  K  values  involves  methods  described  in  Chapter  1. 

Plot  K  versus  a  curves  for  various  applied  stresses  as  shown  in  Figure  A. 4. 10a. 

2.  Obtain  the  experimentally  determined  R-curve  (Kr  versus  Aa)  for  the 
sheet  material  (Figure  4.4.10b). 

3.  Determine  the  point  of  instability  from  the  K  curves  of  the 
structure  and  the  Kr  curves  of  the  material  as  shown  schematically  in 
Figure  4.4.10c. 

4.  Obtain  different  values  for  the  fracture  strength  and  the 
corresponding  crack  lengths  from  step  3  and  plot  these  points  to  establish 

the  failure  strength  (a^)  crack  length  (a^)  curve.  This  provides  the  necessary 
residual  strength  diagram  of  the  structure. 

The  residual  strength  diagram  for  intermediate  or  high  fracture  toughness 
materials  can  be  constructed  by  using  either  the  Kr  curve  or  the  /Jr  method. 

To  understand  the  use  of  the  R-curve  failure  criteria  in  evaluating  the  residual 
strength,  consider  the  following  example  in  which  failure  criterion  based  on  the 
Kr  curve  is  applied. 


4.4.9 


EXAMPLE  4.4.4  Residual  Strength  of  Tearing  Radial  Hole  Crack 


Construct  the  residual  strength  diagram  for  a  large  and  relatively  thin 
(0.063)  plate  of  7075-T73  aluminum  alloy  having  a  through  crack  emanating 
(radially)  from  a  hole  with  a  diameter  (D)  equal  to  one  inch,  such  as  illus¬ 
trated  in  Figure  4.4.11.  Assume  the  material  inhibits  a  limited  amount  of 
crack  tip  yielding.  Also  calculate  the  crack  length  associated  with  a  fracture 
strength  associated  with  a  crack  length  of  2.0  inch. 

SOLUTION: 

As  the  first  step,  the  appropriate  expression  for  the  stress-intensity  factor 
is  obtained  from  Section  1.7,  Table  1.7.3,  Case  1. 7.3.1,  where  the  Grandt 
approximation  of  the  Bowie  radial  hole  crack  solution  is  given  (Also  see 

Figure  4.4.11).  Figure  4.4.12  describes  the  variation  in  stress-intensity 
factor  with  crack  length  and  stress  level. 

The  second  step  is  to  consider  the  appropriate  failure  criterion.  The  given 
geometry  is  a  thin  sheet  and  the  material  exhibits  limited  crack  tip  yielding 
behavior.  So  the  R-curve  method  based  on  values  can  be  applied  to  evaluate 
the  fracture  strength. 

For  the  given  7075-T73  aluminum  alloy  material  (0.063  inch  thick),  an 

experimentally  obtained  R-curve  is  shown  in  Figure  4.4.13.  By  superposing 

the  R-curve  onto  the  plot  obtained  in  step  one,  as  explaned  in  Section  4.2, 

the  points  where  the  R-curve  is  tangent  to  the  K-curves ,  as  shown  in 

Figure  4.4.14  are  obtained.  At  these  points  the  failure  criterion,  i.e., 

9K  9KR 

K  =  and  -  ,  is  satisfied.  The  corresponding  stress  0^  is  the 
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is  the  critical  (fracture)  stress  at  which  the  initiation  of  rapid  fracture 
will  occur.  From  a  diagram  like  Figure  4.4.14,  we  can  obtain  the  critical 
initial  sizes  of  the  crack  and  the  respective  fracture  stresses. 

The  final  step  is  to  plot  the  0 ^  vs  a^  curve.  The  required  residual  strength 
diagram  is  shown  in  Figure  4.4.15  for  the  7075-T73  Aluminum  plate  with  a 
crack  emanating  radially  from  a  hole.  It  can  be  seen  from  this  figure  that 
the  critical  crack  size  a  for  a  20  Ksi  operating  stress  level  is  equal  to 
4.0  inches.  As  can  also  be  seen  from  the  figure,  for  an  observed  crack  of 
2.0  inches,  the  residual  strength  available  is  27  ksi. 
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RESIDUAL  STRENGTH 


CRACK  SIZE,  a 

c 


=  critical  flaw  size  for  the  maximum  operating  load, 
a^  =  observed  initial  crack  length. 

Aa  =  available  additional  length.  (allowance  for  undetected  initial 
crack  size  and  for  subcritical  crack  growth) . 

=  residual  strength  level  for  an  initial  crack  a^. 

=  maximum  operating  stress  level. 


Figure  4.4.1.  Residual  Strength  Diagram  Showing  Defining  Cracks  and 
Residual  Strength  Parameters. 
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L  =  60  inches 
W  =  20  inches 
B  =  0.375  inch 


MATERIAL  PROPERTIES 
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Figure  4.4.2.  Center  Crack  Panel  and  Material  Properties 
for  Example  4.4.1. 
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Figure  4.4.3.  Residual  Strength  Diagram  Determining  Critical  Crack 
Size  at  20  Ksi  Operating  Level. 
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a  =  20  ksi 


K  =  6  o/i ra 
(See  Figure  4.4.5) 
B  =  0.2  inch 
L  =  60  inch 
W  =  20  inch 
W’  =  1  inch 
e  =  9  inch 
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Figure  4.4.4.  Excentrically  Cracked  Panfel  Associated  with 
Examples  4.4.2  and  4.4.3. 
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FINITE  WIDTH  CORRECTION 


Figure  4.4.5.  Finite-Width  Correction-Eccentric  Crack  (Tension) 
(Reference  15). 
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Figure  4.4.6.  Residual  Strength  Diagram  for  Panel  with  Eccentric  Crack  Given 
in  Figure  4.4.4.  Crack  with  Lowest  Fracture  Resistance  Curve 
Extends  First. 
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Figure  4. A. 7.  Finite  Width  Correction-Single  Edge  Crack,  After  the 
Eccentric  Crack  Extends  from  Tip  A. 
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(a)  BEFORE  (b)  AFTER 


00 

o 


<r 

o 


*4 

U 


u 


4*5 

u 

P 

u 

co 

cfl 

CO 

(U 

p 

2 

p 

CT3 

(U 

CP 


CO 

a) 

p 

p 

< 

p 

a) 

'■a 

•H 

CO 

c 


C/3 

o  • 

vO 

w 

u  a) 

• 

PC 

p 

o 

u 

O  ctj 

z 

P  rH 

M 

CP 

no 

0)  0) 

N 

CO  43 

X-N 

CT3 

CO  P 

CO 

• 

B  <P 

£0 

ctf  O 

H 

P 

<• 

O 

00  <D 

Z 

CT3  60 

w 

w 

*H  no 

pj 

hJ 

Q  W 

43  <U 
P  43 
00  P 
C 

<U  CO 

p  a j 

P  43 
cn  a 

CT3 

t — \  a) 
CT3  & 

^  < 

CO  a 
CU  *H 

pc:  h 


00 

<- 


cu 

p 

D 

oo 


o  o  o 

<r  co  csi 

HiONHHis  Tvnaisan 


o 


4.4.19 


CO 

CO 

w 

OS 

H 

to 


B 


■»  FAILURE 


CRACK  LENGTH  (a) 
(a)  Limited  Crack  Extension 


(b)  Extensive  Crack  Extension 


Figure  4.4.9.  Diagrams  Showing  Onset  of  Unstable  Crack  Growth 
for  Conditions  of  Limited  or  Extensive  Crack 
Extension. 
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(c)  Matching  Driving  Factor  with  Resistance  Curve 


Figure  4.4.10.  Steps  Associated  with  Calculating  Residual 
Strength  of  Cracked  Structures  with  Tearing 
Fractures . 


4.4.21 


DIMENSIONS 


A  I 


A  A 


D  =  2R  =  1  inch 
B  =  0.063  inch 

MATERIAL 

7075-T73 

ALUMINUM 
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K  =  o  3  Aa  where 


8  = 


0.8734 

(0.3246  +  -) 
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0.6762 


Figure  4.4.11.  Structural  Geometry  Associated  with  EXAMPLE  4.4.4. 
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4.4.12.  Stress-Intensity  Factor  Relationship  for  Various 
Values  of  Applied  Stress. 
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CRITICAL  STRESS-INTENSITY  FACTOR  KD ,  KSI/InT 


Figure  4.4.13.  Resistance  Curve  for  7075-T73  Aluminum  for  a 
Thickness  of  0.063  Inches. 
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Figure  4.4.14.  Matching  the  R-Curve  and  Stress-Intensity 
Factor  Curves. 
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RESIDUAL  STRENGTH 


CRACK  LENGTH 
(b) 


Figure  4.4.15.  Residual  Strength  Diagram  Obtained  for  Structure 
Shown  in  Figure  4.4.11  (EXAMPLE  4.4.4). 
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4.5  BUILT-UP  STRUCTURES 


Built-up  structures  normally  require  more  than  one  failure 
criterion  to  determine  the  residual  strength  of  the  total  structure. 
The  development  of  the  residual  strength  diagram  of  a  given  structure 
will  involve  the  analysis  of  failures  of  each  part  of  the  load  support 
system. 


The  structural  configuration  essentially  determines  the  complexity  of  the 
residual  strength  analysis.  Typical  structural  parameters  which  must  be 
considered  for  skin-stiffened  structure  are: 

a.  Type  of  Construction 

1 .  Monolithic  (Unreinforced/Forgings) 

2.  Skin  (Longerons,  stringer) 

3.  Integrally  Stiffened 

4.  Planked 

5.  Layered  (Honeycomb /Laminated) 

b.  Panel  Geometry 

1.  Planform 

2.  Curvature 

3.  Stiffener  Spacing  and  Orientation 

4.  Attachments  (Spar  Caps,  Webs,  Frames,  etc.) 

c.  Details  of  Construction 

1.  Stiffener  Geometry  (hat,  Z,  Channel,  etc.) 

2.  Attachment  Details  (Bolted,  Riveted,  Welded,  etc.) 

3.  Fastener  Flexibility 

4.  Eccentricity 

Ideally,  the  residual  strength  analysis  will  take  all  these  parameters 
into  consideration.  In  practice,  many  are  treated  empirically  and 
others  are  not  considered  except  in  extremely  detailed  analyses. 
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This  section  provides  details  of  the  analysis  methods  used  for  built-up 
skin-stringer  structure  and  the  effects  of  many  of  the  structural  para¬ 
meters  listed  above.  In  the  order  of  their  presentation,  the  subsections 
provide:  overviews  of  the  analysis  for  edge  stiffened  and  for  centrally 

stiffened  skin  structure,  the  analysis  methods  used  to  determine  the 
stress-intensity  factor  in  the  skin  structure  and  the  loading  transferred 
to  the  stringers,  the  analysis  of  stiffener  failure,  the  analysis  of 
fastener  failure,  the  analysis  methodology  and  an  Example. 


4.5.1  Edge  Stiffened  Panel  With  a  Central  Crack 

The  residual  strength  diagram  of  a  simple  panel  with  two 

stringers  and  a  central  crack  can  be  constructed  as  follows.  Consider 

first  a  crack  in  plane  stress  which  starts  propagating  slowly  at 

a  =  K  / /rra  and  becomes  unstable  at  a  =  K  //tt a  in  a  sheet  without 

o  onset  o  c  c  c 

stringers  as  shown  in  Figure  4.5.1a. 


When  the  panel  is  stiffened  with  stringers,  the  stress-intensity  factor 

is  reduced  to  K  =  3a/rra,  where  (3  <  1 .  As  a  result,  both  the  stress  for 

slow  stable  crack  growth,  Gq,  and  the  stress  for  unstable  crack  growth, 

a,.,  are  altered  to  give  a  =  K  /(3/iTa  and  a  r  =  K  /(3/r Ta  , 
f  &  o  onset  o  cf  c  c 

respectively. 
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Hence,  these  events  take  place  at  higher  stresses  in  the  stiffened 
panel  than  in  the  unstiffened  panel.  This  means  that  the  lines  in 
Figure  4.5.1a  are  raised  by  a  factor  1/6  for  the  case  of  the  stiffened 
panel,  as  depicted  in  Figure  4.5.1b.  Since  6  decreases  as  the  crack 
approaches  the  stringer,  the  curves  in  Figure  4.5.1b  turn  upward  for 
crack  sizes  on  the  order  of  the  stringer  spacing. 

The  possibility  of  stringer  failure  should  be  considered  also.  The 

stringer  will  fail  when  its  stress  reaches  the  ultimate  tensile  stress 

(a  ) .  As  the  stringer  stress  is  La,  where  a  is  the  nominal  stress  in 
uio 

the  panel  away  from  the  crack,  failure  will  occur  at  0^,  given  by 

Using  L,  a  measure  of  the  load  transferred  to  the  stringer, 
the  panel  stress  at  which  stringer  failure  occurs  is  shown  in  Figure  4.5.1c. 
The  stringer  may  yield  before  it  fails.  This  means  that  its  capability  to 
take  overload  from  the  cracked  skin  decreases.  As  a  result,  6  will  be 
higher  and  L  will  be  lower.  The  stress-intensity  analysis  should  account 
for  this  effect. 

Figure  4.5.2  shows  the  residual  strength  diagram  of  the  stiffened  panel. 

It  is  a  composite  of  the  critical  conditions  shown  in  Figure  4.5.1.  In 
the  case  when  the  crack  is  still  small  at  the  onset  of  instability 
(2a  <<  2s,  where  2s  is  stringer  spacing),  the  stress  condition  at  the 
crack  tip  will  hardly  be  influenced  by  the  stringers  and  the  stress  at 
unstable  crack  growth  initiation  will  be  the  same  as  that  of  an 
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unstiffened  sheet  of  the  same  size  (Point  B  in  Figure  4.5.2).  When  the 
unstably  growing  crack  approaches  the  stiffener,  the  load  concentration 
in  the  stiffener  will  be  so  high  that  the  stiffener  fails  (Point  C) 
without  stopping  the  unstable  crack  growth  (line  BC) . 

When  the  panel  contains  a  crack  extending  almost  from  one  stiffener  to 
the  other  (2a  £  2s) ,  the  stringer  will  be  extremely  effective  in  reducing 
the  peak  stress  at  the  crack  tips  ($  small) ,  resulting  in  a  higher  value 
of  the  stress  at  crack  growth  initiation.  With  increasing  load,  the 
crack  will  grow  stably  to  the  stiffener  (line  LMIF)  and  due  to  the 
inherent  increase  of  stiffener  effectiveness,  the  crack  growth  will 
remain  stable.  Fracture  of  the  panel  will  occur  at  the  same  stress  level 
corresponding  to  the  point  F  due  to  the  fact  that  the  stiffener  has 
reached  its  failure  stress  and  the  stress  reduction  in  the  skin  is  no 
longer  effective  after  stringer  failure. 

For  cracks  of  intermediate  size  (2a  -  2a^) ,  there  will  be  unstable  crack 
growth  at  a  stress  slightly  above  the  fracture  strength  of  the  unstiffened 
sheet  (point  H) ,  but  this  will  be  stopped  under  the  stiffeners  at  I. 

After  crack  arrest,  the  panel  load  can  be  further  increased  at  the  cost 
of  some  additional  stable  crack  growth  until  F,  where  the  ultimate 
stringer  load  is  reached. 
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Since  6  and  L  depend  upon  stiffening  ratio,  the  residual  strength 
diagram  of  Figure  4.5.2  is  not  unique.  Figure  4.5.2  shows  the  case 
where  stringer  failure  is  the  critical  event.  For  other  stiffening 
ratios,  skin  failure  may  be  the  critical  event  as  depicted  in  Figure  4.5.3. 
Due  to  a  low  stringer  load  concentration,  the  curves  e  and  g  do  not  inter¬ 
sect.  A  crack  of  size  2a ^  will  show  stable  growth  at  point  B  and  become 
unstable  at  point  C.  Crack  arrest  occurs  at  D  from  where  further  slow 
growth  can  occur  if  the  load  is  raised.  Finally,  at  point  E,  the  crack 
will  again  become  unstable,  resulting  in  panel  fracture.  It  is  therefore 
obvious  then  that  a  criterion  for  crack  arrest  has  to  involve  the  two 
alternatives  of  stringer  failure  and  skin  failure,  and  these  depend  upon 
the  relative  stiffness  of  sheet  and  stringer. 

The  foregoing  clearly  shows  that  for  crack  arrest  it  is  not  essential 
that  the  crack  run  into  a  fastener  hole.  Crack  arrest  basically  results 
from  the  reduction  of  stress-intensity  factor  due  to  load  transmittal 
to  the  stringer. 

For  the  particular  case  depicted  in  Figure  4.5.4,  the  residual  strength 
is  not  determined  by  stringer  failure  solely  but  also  by  fastener  failure 
(point  K) .  A  crack  of  length  2a^  will  show  slow  growth  from  E  to  F  and 
instability  from  F  to  G.  After  crack  arrest  at  G,  further  slow  growth 
occurs  until  at  point  K  the  fasteners  fail.  The  latter  could  cause 
panel  failure,  but  this  cannot  be  directly  determined  from  the  diagram. 
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In  fact,  a  new  residual  strength  diagram  must  now  be  calculated  with 
omission  of  the  first  row  of  rivets  at  either  side  of  the  crack. 

Fastener  failure  will  affect  load  transmittal  from  the  skin  to  the 
stringer:  line  e  will  be  lowered,  line  g  will  be  raised.  The  inter¬ 

section  point  H*  of  the  new  lines  g1  and  e1  may  still  be  above  K  and 
hence,  the  residual  strength  will  still  be  determined  by  stringer  failure 
at  H*  . 

In  reality,  the  behavior  will  be  more  complicated  due  to  plastic  deforma¬ 
tion.  Shear  deformation  of  the  fasteners,  hole  deformation,  and  plastic 
deformation  of  the  stringers  will  occur  before  fracture  takes  place. 
Plastic  deformation  always  reduces  the  ability  of  the  stringer  to  take 
load  from  the  skin  which  implies  that  line  g  in  actuality  will  be  raised 
and  line  e  will  be  lowered.  The  intersection  of  the  two  lines  (failure 
point)  will  not  be  affected  a  great  deal,  however,  (compare  points  H  and 
H*  in  Figure  4.5.4).  For  this  reason  the  residual  strength  of  a  stiffened 
panel  can  still  be  predicted  reasonably  well,  even  if  plasticity  effects 
are  ignored.  Nevertheless,  a  proper  treatment  of  the  problem  requires 
that  plasticity  effects  be  taken  into  account. 

4.5.2  Centrally  and  Edge  Stiffened  Panel  With  a  Central  Crack 

In  the  previous  subsection,  the  cases  considered  pertain  to 
cracks  between  two  stiffeners.  In  practice,  however,  cracks  frequently 
start  at  a  fastener  hole  and  then  there  will  be  a  stringer  across  the 
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crack  which  will  have  a  high  load  concentration  factor.  The  problem  can 
be  dealt  with  in  a  manner  similar  to  a  crack  between  stringers,  using 
either  analytical  or  finite-element  procedures.  A  schematic  residual 
strength  diagram  for  this  case  is  presented  in  Figure  -,.5.5.  A^_t  f_m 
the  residual  strength  curve  g  for  the  edge  stiffeners,  there  will  now  be 
an  additional  residual  strength  curve  k  for  the  central  stiffener. 

For  the  case  where  the  crack  in  the  skin  is  small  (2a  <<  2s) ,  the  first 
failure  in  the  structure  is  noted  to  occur  at  point  B  in  Figure  4.5.5 
where  the  skin  fails  and  the  crack  starts  to  run.  When  the  crack  reaches 
a  size  such  that  point  C  is  reached,  the  central  stiffener  residual 
strength  has  dropped  to  the  operating  stress  level  and  then  the  central 
stringer  fails,  immediately  causing  additional  loading  to  be  transferred 
to  the  edge  stiffeners  and  the  skin  structure.  The  effect  of  losing  the 
capability  of  the  central  stringer  is  noted  in  Figure  4.5.5  with  a 
repositioning  of  the  residual  strength  curves  for  the  edge  stiffeners 
(from  curve  g  to  curve  gT)  and  skin  structure  (from  curve  e  to  curve  e!). 
As  the  crack  in  the  skin  structure  continues  to  grow  after  causing  the 
ultimate  tensile  strength  failure  in  the  central  stringer  at  point  C,  it 
reaches  a  size  that  causes  the  ultimate  tensile  strength  failure  of  the 
two  edge  stringers  at  point  D,  at  which  point  all  potential  arrest  capa¬ 
bility  is  lost  and  the  structure  is  lost. 
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For  the  case  of  longer  cracks.  Figure  4.5.5  shows  that  skin  cracks  may 
start  running  (line  EF) ,  arrest  (point  F) ,  and  tear  along  curve  FL  as  the 
stress  is  increased.  At  point  L,  the  crack  has  reached  a  length  that  has 
resulted  in  sufficient  stress  being  transferred  to  the  central  stringer 
so  that  this  stiffener  now  fails.  Again,  this  failure  causes  a  redistri¬ 
bution  of  stress  in  the  entire  structure  so  that  a  new  set  of  residual 
strength  diagrams  are  required  to  determine  the  consequences  associated 
with  failing  the  central  stringer.  The  new  edge  stringer  and  skin 
structure  residual  strength  curves  are  presented  by  curves  g?  and  e1, 
respectively. 

Due  to  the  high  load  concentration,  the  middle  stringer  will  usually 
fail  fairly  soon  by  fatigue  and  therefore  lines  e?  and  gT,  with  the 
middle  stringer  failed,  will  have  to  be  used  and  the  residual  strength 
is  determined  by  point  H1 .  (Note  that  e1,  g1 ,  and  H1  will  have  different 
positions  in  the  absence  of  the  middle  stringer;  a  failed  central  stringer 
will  induce  higher  stresses  in  both  the  skin  and  the  edge  stiffeners.) 

The  foregoing  discussion  provides  the  concepts  required  to  establish 
a  complete  residual  strength  diagram. 

4.5.3  Analytical  Methods 

In  this  subsection  analytical  procedures  are  presented  for 
the  residual  strength  capability  analyses.  Methods  for  evaluating  the 
unknown  fastener  force  and  the  stress-intensity  factors  for  the  stiffened 
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panel  are  presented.  Since  the  equations  for  the  solution  procedures 
have  been  based  on  linear  elastic  fracture  mechanics,  the  failure 
criterion  used  in  these  analyses  are  also  based  on  fracture  toughness 
values  for  abrupt  fracture  conditions  and  resistance  curve  data  for 
tearing  fracture  conditions. 

Analysis  methods  for  stiffened  panels  have  been  developed  independently 
by  Romualdi,  et  al.(18),  Poe(19,20),  Vlieger(21) ,  Swift  and  Wang^22), 

/  o  O  \  /  a  r  \  /  O  £  \ 

Swift ^  ,  Creager  and  Liu^  ,  and  Wilhem  and  Ratwani 

Application  of  the  stress  intensity  factor  parameter,  3,  and  the  stringer 

(21) 

load  concentration  factor,  L,  were  proposed  by  Vlieger  and  Swift 
and  Wang^^\ 

From  the  residual  strength  capability  analysis  as  discussed  in  the 
preceding  subsections,  it  is  evident  that  the  construction  of  residual 
strength  diagrams  for  built-up  structures  also  requires  the  estimation 
of  the  stress-intensity  factor  K.  A  number  of  approaches  for  determining 
K  have  been  developed.  Solutions  for  complicated'  structural  geometries 
can  sometimes  be  obtained  from  the  basic  stress  field  solutions  combined 
with  displacement  compatibility  requirements  for  all  the  structural 
members  involved.  This  approach  has  been  shown  by  several  investigators 
to  be  useful  in  the  analysis  of  built-up  sheet  structure.  While  the 
analysis  is  based  on  closed  form  solutions,  the  actual  analyses  are 
computerized  for  efficient  solutions.  The  essentials  of  this  technique 
are  described  below. 
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In  calculating  3  and  L,  two  methods  can  be  used.  There  are  the  finite- 
element  method  and  an  analytical  method  based  on  closed-form  solutions. 

The  analytical  method  has  advantages  over  the  finite-element  method  in 
that  the  effect  of  different  panel  parameters  on  the  residual  strength  of 
a  certain  panel  configuration  can  be  easily  assessed,  so  that  the 
stiffened  panel  can  be  optimized  with  respect  to  fail-safe  strength.  It 
allows  direct  determination  of  the  residual-strength  diagram.  In  the 
case  of  the  finite-element  method,  a  new  analysis  has  to  be  carried  out 
when  the  dimensions  of  certain  elements  are  changed  because  a  new 
idealization  has  to  be  made.  An  advantage  of  the  finite-element  analysis, 
on  the  other  hand,  is  that  such  effects  as  stringer  eccentricity,  hole 
deformation,  and  stringer  yielding  can  be  incorporated  with  relative 
ease.  Details  of  the  calculations  can  be  found  in  the  referenced  papers. 

The  procedure  for  analytical  calculation  is  outlined  in  Figure  4.5.6. 

The  stiffened  panel  is  split  up  into  its  composite  parts,  the  skin  and 
the  stringer.  Load  transmission  from  the  skin  to  the  stringer  takes  place 
through  the  fasteners.  As  a  result,  the  skin  will  exert  forces  F^,  F^, 
etc.,  on  the  stringer,  and  the  stringer  will  exert  reaction  forces  F^, 

^2*  etc.  on  the  skin.  This  is  depicted  in  the  upper  line  of  Figure  4.5.6. 

The  problem  is  now  reduced  to  that  of  an  unstiffened  plate  loaded  by  a 

uniaxial  stress,  a,  and  fastener  forces  Fn  ...  F  .  This  case  can  be 

i  n 

considered  as  superposition  of  three  others,  shown  in  the  second  line 
of  Figure  4.5.6.  Namely: 
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a.  A  uniformly  loaded  cracked  sheet. 

b.  A  sheet  without  a  crack,  loaded  with  forces  F-  ...  F  . 

1  n 

c.  A  cracked  sheet  with  forces  on  the  crack  edges  given  by  the 

function  p(x).  The  forces  p(x)  represent  the  load  distribution 
(27) 

given  by  Love  .  When  the  slit  CD  is  cut,  these  forces  have 
to  be  exerted  on  the  edges  of  the  slit  to  provide  the  necessary 
crack-free  edges. 

The  three  cases  have  to  be  analyzed  individually.  For  case  a,  the 
stress-intensity  factor  is  K  =  cr/rra.  For  case  b,  K  =  0.  The  stress 
intensity  for  case  c  is  a  complicated  expression  that  has  to  be  solved 
numerically.  However,  once  the  K  value  for  case  c  is  determined,  the 
stress-intensity  factor  for  the  whole  stiffened  panel  can  be  obtained 
by  adding  the  K  values  for  cases  a  and  b.  The  determination  of  K 
requires  calculations  of  fastener  forces  F^,  F2  ...  F  .  To  calculate 
these  forces,  the  displacement  compatibility  conditions  which  require 
equal  displacements  in  sheet  and  stringer  at  the  corresponding  fastener 
locations,  can  be  used.  These  compatibility  requirements  deliver  a  set 
of  n  (n  =  number  of  fasteners)  independent  algebraic  equations  from  which 
the  fastener  forces  can  be  obtained.  These  equations  can  be  solved 
numerically  using  Gauss-Seidal  or  Gauss-Jordan  iterative  methods. 

The  number  of  fasteners  to  be  included  in  the  calculation  depends  somewhat 

(24) 

upon  geometry  and  crack  size.  According  to  Swift  and  shown  in  Figure 

4.5.7,  15  fasteners  at  either  side  of  the  crack  seems  to  be  sufficient 
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(28 ) 

to  get  a  consistent  result.  Similar  results  were  obtained  by  Sangav  . 
Swift’s  analysis  provides  a  detailed  description  of  how  to  incorporate 
nonelastic  behavior  in  this  kind  of  analysis.  The  method  can  account  for 
(1)  stiffener  flexibility  and  stiffener  bending,  (2)  fastener  flexibility, 
and  (3)  biaxiality.  Stringer  yielding,  fastener  flexibility,  and  hole 
flexibility  are  lumped  together  in  an  empirical  equation  for  fastener 
deflection. 

The  effect  of  fastener  flexibility  and  stiffener  bending  on  3  and  L 
is  shown  in  Figure  4.5.8.  Although  the  effects  are  quite  large,  the 
vertical  position  of  the  crossover  of  critical  stress-intensity  factor 
curve  and  stringer  stress  curve  is  not  affected  too  much  (compare  points 
A  and  B  in  Figure  4.5.8).  The  level  of  the  crossover  determines  the 
residual  strength,  as  pointed  out  in  the  previous  subsections.  This 
explains  why  the  residual  strength  can  be  reasonably  well  predicted  if 
the  flexibility  of  the  fasteners  is  neglected. 

In  the  case  of  adhesively  bonded  stiffeners,  the  displacement  compati¬ 
bility  approach  was  used  to  calculate  the  fastener  loads  F^,  F^  ...  F^. 

The  adhesive  was  considered  by  dividing  it  into  a  series  of  discrete 
segments.  The  forces  F^,  F^  ...  F^  which  correspond  to  the  segments 
shown  in  Figure  4.5.9.  Using  an  appropriate  computational  method  as 
explained  for  riveted  fastener,  the  unknown  fastener  forces  can  be 
evaluated.  The  method  of  superposition  results  in  an  expression  in  terms 
of  a  complex  integral  for  the  stress-intensity  factor.  A  typical 
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residual  strength  diagram  for  a  bonded  structure  as  compared  to  the 
riveted  structure  is  shown  in  Figure  4.5.10.  The  required  expressions 
and  the  solution  techniques  are  discussed  in  the  example  problem  for  a 
riveted  skin-stringer  combination  with  a  central  crack  in  the  skin 
(see  subsection  4.5.7). 


4.5.4  Stiffener  Failure 

Stiffener  failures  are  based  on  the  following  three 
stiffener  conditions: 

1.  Intact  Stiffener  (no  cracks). 

2.  Partially  failed  stiffener  (with  cracks). 

3.  Totally  failed  stiffener. 


The  failure  criterion  for  the  intact  stiffener  is  based  on  the  ultimate 

strength  criterion.  As  mentioned  earlier,  the  ratio  between  the  stiffener 

load  in  the  cracked  region  (P  )  and  the  remote  region  from  the  crack 

°  max 

(P)  is  defined  as  the  load  concentration  factor  L  or 

s 


P  P 

_  max  _  max 

s  P  aA 


(4.5.1) 


s 

where  0  is  the  uniform  stress  in  the  skin  at  the  loaded  end  of  the  panel 
and  A  is  the  stiffener  cross  sectional  area.  Failure  of  the  stiffener 


s 

will  occur  when  the  value  of  P  is  equal  to  the  ultimate  strength  of 

max 

the  stiffener  (P  ^  ) ,  or  when 


P 

max 


=  P 


ult 


V  a 


ult 


A 
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where  o  is  the  ultimate  tensile  strength  of  the  stiffener  material 
and  <  1  is  a  factor  accounting  for  load  eccentricity  and  notch  effects 
in  the  stiffener.  For  a  uniform  stress  distribution  in  the  panel  remote 
from  the  crack  the  stress  in  the  stringer  will  equal  the  nominal  stress 
O  in  the  skin,  i.e., 

P  =  oA  .  (4.5.3) 

s 

Combining  equations  4.5.1  to  4.5.3,  yields  the  following  stiffener 
failure  criterion: 


s 


When  the  stress  in  the  stringer  reaches  the  value  of  ¥  ,  the  stringer 

will  fail.  The  parameter  T  is  determined  by  tests. 

When  load  eccentricity  and  notch  effects  are  not  considered  for  a  stringer, 

T  equals  one.  The  stiffener  failure  curve  obtained  using  Equation  4.5.4 

is  shown  in  Figure  4.5.11.  The  initial  portion  of  the  residual  strength 

curve  is  flat  because  the  load  concentration  factor  Lg  is  equal  to  one  for 

small  skin  crack  lengths.  As  the  skin  crack  increases  in  size,  L  becomes 

s 

significantly  greater  than  one  and  the  stringer  carries  a  large  portion  of 

the  total  structural  load  which  eventually  leads  to  stringer  yielding  and 

failure.  The  portion  of  the  curve  in  Figure  4.5.11  corresponding  to 

L  >1  shows  the  gradual  reduction  of  the  residual  strength, 
s 
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When  the  load  eccentricity  and  notch  effects  in  the  stiffener  are 
considered,  the  parameter  V  in  Equation  4.5.4  is  less  than  one.  The 
residual  strength  corresponding  to  a  case  where  ¥  <  1  is  shown  in  Figure 
4.5.11.  The  curve  CD  does  not  have  the  initial  flaw  portion  exhibited 
by  the  case  T  =  1.  Instead,  the  residual  strength  starts  decreasing 
even  for  small  skin  crack  lengths.  The  residual  strength  diagram  for 
the  stringer  can  be  constructed  knowing  the  values  of  Lg  and  ¥.  Deter¬ 
mining  Lg  requires  numerical  solution  techniques  which  are  discussed  in 
the  example  presented  in  subsection  4.5.7. 


According  to  MIL-A-83444  requirements,  cracks  are  assumed  in  all  load 

carrying  members.  This  means  that  all  structural  elements,  stringer 

included,  are  assumed  to  be  damaged.  The  residual  strength  diagram  for 

the  stringer  will  involve  using  the  fracture  mechanics  approach  of 

predicting  unstable  crack  growth.  The  critical  stress  for  a  partially 

K 


cr 

cracked  stringer  is  given  by  O ^  — 7= '  where  is  the  appropriate 

s  s  s 

fracture  toughness,  Bg  is  the  stringer  geometric  parameter,  and  a^  is 
the  stringer  crack  size.  When  the  crack  in  the  panel  approaches  the 
stringer,  the  load  transmitted  to  the  stringer  will  become  large 
(Ls  >>  1)  and  thus  the  critical  stress  level  required  to  fail  the  stringer 
rapidly  decreases  as  shown  by  curve  CE  in  Figure  4.5.11.  Curve  CE 
corresponds  to  the  total  failure  of  the  stringer.  This  may  happen  when 
a  large  crack  emanates  from  a  stringer  rivet  hole.  Total  failure  of 
the  stiffener  occurs  before  the  skin  crack  approaches  the  stiffeners. 
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The  residual  strength  diagram  for  the  stiffened  panel  in  this  case, 
would,  in  fact,  be  approximately  that  of  the  unstiffened  panel. 

The  foregoing  discussion  presented  analysis  of  a  riveted  built-up 

structure.  However,  built-up  structures  exist  in  which  the  stringer 

is  adhesively  bonded  to  the  skin.  The  load  transfer  from  the  skin  to 

the  stringer  is  more  effective  in  the  bonded  structure  due  to  the 

increased  rigidity  in  the  stiffener.  The  corresponding  load  transfer 

parameter  will  have  higher  values  as  shown  schematically  in  Figure 

4.5.12a.  Due  to  the  effective  load  transfer  from  the  skin  to  the 

stiffener,  the  applied  stress-intensity  factor  will  be  reduced  when  the 

panel  crack  approaches  the  stiffener.  Figure  4.5.12b  illustrates  the 

levels  of  stress-intensity  factor  that  occur  for  riveted  and  bonded 

stiffeners.  The  figure  also  shows  that  the  bonded  stiffener  is  subjected 

to  higher  loads  due  to  the  effective  load  transfer;  the  higher  load 

causes  the  stiffener  failure  of  the  bonded  structure  to  be  more  critical 

than  that  of  the  riveted  structure.  Figure  4.5.13  compares  the  decay  of 

residual  strength  for  these  two  types  of  structures.  The  residual 

strength  of  the  bonded  stiffener  decreases  faster  than  the  riveted 

stiffener.  In  the  determination  of  the  residual  strength  diagram,  the 

parameter  is  usually  calculated  by  numerical  methods.  The  steps  to 

obtain  L  are  discussed  later  in  this  section, 
s 
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4.5.5  Fastener  Failure 


In  subsections  4.5.3  and  4.5.4,  the  discussion  focused  on 
skin  and  stiffener  failures.  A  third  mode  of  failure  involves  the 
fasteners.  This  paragraph  will  discuss  the  failure  of  the  fastener  system. 
Load  is  transmitted  from  the  skin  to  the  stringers  through  fasteners.  If 
the  fastener  loads  become  too  high,  fastener  failure  may  occur  by  shear. 
Fastener  failure  will  reduce  the  effectivity  of  the  stringer;  and 
therefore,  the  residual  strength  of  the  panel  will  drop.  The  highest 
loads  (F)  in  the  stringer/skin  connections  will  occur  in  the  fasteners 
adjacent  to  the  crack  path.  Fastener  failure  will  occur  when  the 
fastener  forces  F  transmitted  by  the  fasteners  adjacent  to  the  crack 
exceed  the  critical  shear  load  of  the  fastener.  The  fastener  failure 
criterion  is  given  by 

F  =  tt/4  d2  T  ,  (4.5.5) 

ult 

where  d  is  the  fastener  diameter  and  T  ,  is  the  ultimate  shear  stress 

ult 

of  the  fastener  material.  It  is  emphasized  that  fastener  failure  need 

not  necessarily  cause  total  failure  of  the  panel.  Once  the  fastener 

failure  criterion  is  met,  however,  the  values  of  and  P  will  change 

since  the  loads  transferred  to  the  stiffener  and  skin  changes.  Once  the 

fastener  fails,  the  values  of  P  and  L  will  be  recalculated  in  order  to 

s 

proceed  further  with  the  residual  strength  analysis.  The  load  that  causes 
the  fasteners  to  fail  by  shear  can  be  calculated  from  Equation  4.5.5; 
the  corresponding  nominal  stress  in  the  panel  then  gives  the  residual 
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strength  curve  for  the  fasteners  as  shown  in  Figure  4.5.14.  At  zero 
crack  length,  and  for  the  case  where  the  skin  and  stringers  are  made  from 
common  materials,  the  fasteners  do  not  carry  any  load;  the  curve  therefore 
tends  to  increase  rapidly  for  a  o.  The  fastener  forces  can  be 
computed  through  the  displacement  compatability  between  the  stiffener  and 
the  panel.  The  necessary  steps  involved  in  the  computation  of  F^  are 
discussed  in  the  example  presented  in  subsection  4.5.7. 

In  the  case  of  adhesively  bonded  structures,  the  adhesive  (fastener) 
failure  criterion  is  based  on  a  maximum  adhesive  strain  value.  The 
residual  strength  analysis  is  fairly  complicated  (see  for  example, 
reference  24) .  Based  on  the  displacement  compatibility  between  the  panel 
and  the  stiffener,  the  adhesive  segment  strain  deflection  can  be 
numerically  computed  for  different  amounts  of  disbond.  Figure  4.5.15a 
shows  the  adhesive  strain  versus  gross  stress  for  various  levels  of 
adhesive  delamination.  The  vertical  line  AB  represents  average  failure 
strain  of  the  adhesive.  The  intersection  points  between  the  line  AB  and 
the  curves  give  the  critical  gross  stress  versus  amount  of  adhesive 
failed  as  shown  in  Figure  4.5.15b.  The  corresponding  curve  ABC  can  be 
used  for  panel  failure  analysis.  The  area  above  the  curve  defines  the 
failure  of  adhesive. 
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4.5.6  Methodology  Basis  for  Stiffened  Panel  Example  Problem 


The  residual  strength  analysis  of  an  edge  stiffened, 
centrally  cracked  skin  structure  of  the  type  shown  in  Figure  4.5.16  can 
be  performed  by  following  the  general  steps  described  in  the  preceding 
subsections . 

In  this  subsection,  the  specific  details  are  covered  which  are  associated 
with  conducting  the  stress-intensity  factor  analysis  as  well  as  the 
analysis  to  determine  the  stresses  in  the  stringers  and  fastener  loads. 

To  simplify  the  detailed  calculations,  it  is  assumed  that  only  one 
fastener  (rivet)  on  either  side  of  the  crack  is  active  as  shown  in 
Figure  4.5.17  and  that  this  rivet  is  assumed  to  be  rigid.  Thus,  there  is 
only  one  unknown  fastener  force  F  transferred  between  the  stringers  and 
the  skin  by  this  rivet. 

Typically,  the  analysis  proceeds  by  splitting  up  the  structure  shown  in 
Figure  4.5.16  into  its  component  parts  as  shown  in  Figure  4.5.17.  The 
unknown  force  F  can  be  calculated  from  the  displacement  compatibility 
condition  between  the  skin  and  the  stringer.  The  complicated  expressions 
which  correspond  to  the  displacements  V  ,  V^,,  and  Vp  due  to  the  applied 
stress,  0,  the  fastener  force  F  and  the  distributed  pressure  P(x), 

(29) 

respectively,  can  be  obtained  using  a  procedure  suggested  by  Westergaard 
(27) 

and  by  Love  .  The  detailed  discussions  on  the  methods  of  obtaining  the 

(13) 

required  relationships  are  presented  by  Broek  .  The  necessary 
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relationships  for  V^,  V^,  and  Vgt  (displacement  in  the  stringer)  are 


given  as: 


Va  =  E  fa 


V  =  —  f 
F  EB  F 


V  =  —  f 
p  EB  p 


and 


V  .  =  -  -l  f  +  #-  P 


st  E  B  st  E 
st  st  s 


(4.5.6) 

(4.5.7) 

(4.5.8) 
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where 


0..+0_  A  O..+0,. 

fa  =  ^P1P2  Sin^ — 2 — ^  '  ~ ~  ~  ,Pr  cos[0  — —  ] }  +  Vp 
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fF  =  ^7^  {  (3-v)  [  £n  ^  1]  +  ( 1+v)  [  2  -  ^-T]  +  (3-v)£n(  -f-  2 
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fp  =  ^-{2[v/p1p2  sin (^-^ — )-p]-(l+v)p[  cos(0 - - — ) -1]  }  (4. 5 . 12) 
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where  P={tan  ^ (— — )+tart  ^ (— — )  +  pO+v^[-._a^ - -  +  ■/1- -s — -] }  (4.5.13) 
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The  geometric  variables  r,  p^,  p2>  0^»  6 2  and  6  are  shown  in  Figure  4.5.18. 
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The  displacement  compatibility  condition  requires  equal  displacements 
in  corresponding  points  of  sheet  and  stringer;  it  yields  the  following 
equation  to  calculate  the  unknown  fastener  force  F. 


V  +  +  V  =  V  A 

a  F  p  st 


(4.5.15) 


substituting  the  expressions  4.5. 6-4.5. 9  for  V  ,  V_,  V  ,  and  V  in  the 

O  r  p  St 

above  relationship,  and  reassembling,  we  get 
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The  next  step  is  to  obtain  an  expression  for  the  stress-intensity  factor 
for  the  entire  stiffened  panel  configuration.  Using  superposition,  the 
stress-intensity  factor  is  obtained  as  the  sum  of  the  stress-intensity 
factors  for  the  three  cases  shown  in  Figure  4.5.17.  It  can  easily  be  seen 
that  for  Case  I:  K  =  crv'TTa  and  for  Case  IX:  K  =  0.  The  stress-intensity 
factor  (K)  for  Case  III  is  a  fairly  complicated  expression  and  it  is 
given  by. 


Km  -  - 2  /f  H  ri +  (1  +  v>  v  (4-5-17) 

where  I..  =  f  —  ^ - — -z  H - ^ (4.5.18a) 

o'  /a2  x2  (1  +  (x  -  s)  (1  +  (x  +  s)  ) 

and  I.  =  f  - »  -  5>2  + - (X+  5)2  -  _}  .  (4.5.18b) 

oJ  Ll  _2  (1  +  (x  -  s)  )  (1  +  (x  +  s)  ) 
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where  a,  x  and  s  are  normalized  with  respect  to  the  rivet  pitch.  The 
estimation  of  requires  solution  of  the  above  integrals  by  numerical 

methods.  Replacing  the  fastener  force  F  by  the  expression  and  rearranging 
the  expression  for  the  stress-intensity  factor  K  for  the  stiffened 

panel  then  becomes 


where 


and 


K  =  o/rra  -  a/ fra  X^X2 


Ai =  Ii  +  (1+v)  x2 


,  _  2X 

A2  2, 


(4.5.19) 

(4.5.20a) 

(4.5.20b) 
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The  stress-intensity  factor  K  can  be  finally  expressed  in  the  following 
form, 


where 


K  =  ag/rra 

B  =  (1  -  X1X2). 


(4.5.21) 

(4.5.22) 


To  calculate  K  for  a  given  stiffened  panel  the  values  of  f  ,  f_,  f  ,  f  , 

CT  r  p  st 

and  X^  have  to  be  obtained.  These  variables  are  numerically  calculated 
and  plotted  as  shown  in  Figures  4.5.19  to  4.5.23  for  various  values  of 
s,  a,  and  d.  For  the  given  example  data,  we  can  now  construct  the 
residual  strength  diagram  using  the  values  obtained  from  these  plots. 

4.5.7  Example  Residual  Strength  Analysis  of  Stiffened  Panel 

Determine  the  residual  strength  capabilities  of  a  stiffened 
panel  of  7075  Aluminum  with  a  central  crack  between  the  two  stringers  as 
s  own  in  Figure  4.5.24. 
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For  a  critical  crack  size  (2a)  of  4.0  inch,  what  is  the  fracture  strength 
and  for  an  operating  stress  of  20  Ksi,  what  is  the  critical  crack  size? 

SOLUTION: 

The  first  step  is  to  obtain  the  stress-intensity  factor  by  means  of 

Equation  4.5.21  which  involves  the  parameters  A^  and  A^.  For  various 

crack  lengths,  these  two  variables  can  be  calculated  using  Equation  4.5.20. 

The  calculations  involve  the  values  of  f  ,  f„,  f  ,  f  and  A  which  are 

o  r  p  st 

obtained  from  the  plots  for  various  values  of  a  for  the  given  s  =  20  and 
d/p  =  3/16.  Knowing  the  values  of  A^  and  A^»  the  geometric  parameter  3 
can  be  estimated  from  Equation  4.5.22.  It  is  then  straightforward  to 
obtain  the  K  vs.  a  plot  by  substituting  the  sets  of  values  of  a  and  3  in 
the  stress-intensity  factor  Equation  4.5.21  for  a  particular  value  of  the 
applied  stress  0.  The  corresponding  K  vs.  a  plot  is  shown  in  Figure 
4.5.25  for  a  =  5,  10,  and  15  Ksi.  This  figure  shows  that  the  stress- 
intensity  factor  decreases  rapidly  when  the  crack  approaches  the  stringer. 
The  figure  also  shows  the  effect  of  stringer  to  panel  thickness  ratio  on 
the  stress-intensity  factor. 

The  next  step  is  to  apply  a  failure  criterion  to  evaluate  the  fracture 

stresses,  a  ,  for  various  crack  sizes.  Assuming  that  the  material 
cr 

exhibits  negligible  subcritical  crack  growth,  the  fracture  toughness 

failure  criterion  (K  =  K  )  based  on  the  plane  stress  condition  can  then 

cr  r 

be  applied.  For  K  =  K^  in  Equation  4.5.21,  0^  can  be  evaluated  for  a 
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particular  crack  size  and  the  corresponding  3  which  was  obtained  through 
equation  4.5.22.  The  residual  strength  diagram,  i.e.,  the  plot  of 
vs.  a^  for  the  given  data  (K^  =  65  Ksi/inch)  is  shown  in  Figure  4.5.26. 


The  residual  strength  curves  of  the  fastener  and  stiffeners  are  obtained 
by  combining  equations  4.5.5  and  4.5.16  for  fastener  failure  and  equations 
4.5.1,  4.5.4,  and  4.5.16  for  stringer  failure.  The  corresponding  equations 
are  given  by, 

Tfd2T 

O  =  - — —  (Fastener)  (4.5.23) 

f  *•  4  X 


and 


Oc  =  ¥  - .  (Stringer)  (4.5.24) 

<l  +  f > 

s 

where  X  is  a  function  of  ’a*  and  the  values  of  X  for  various  crack  lengths 
can  be  obtained  using  the  Equation  4.5.16.  To  obtain  Equation  4.5.24,  note 
that  the  maximum  stringer  load  (Pmax)  is  the  source  of  the  fastener  force 
(F  =  oX)  and  the  remote  stringer  force  (0AS) .  The  composite  residual  strengt 
diagram  as  shown  in  Figure  4.5.26  contains  the  three  failure  curves  correspor 
ing  to  panel,  stringer,  and  fastener.  The  stringer  failure  curve  corresponds 
a=  1  (light  stringer). 


For  the  crack  length  given  (2a  =  4  inches),  the  corresponding  residual 
strength  is  found  from  Figure  4.5.26  for  a  half  crack  length  (a)  of  2  inches. 
Point  A  in  this  figure  identifies  the  skin  failure  condition  which  occurs 
at  a  stress  level  of  25.9  Ksi.  For  the  operating  stress  level  of 
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20  Ksi,  the  panel  can  be  effective  without  catastrophic  failure  for 

cracks  with  length  less  than  the  critical  crack  (a  )  of  3,4  inch  (note 

cr 

2a  =6.8  inch).  If  the  panel  develops  a  crack  less  than  a  ,  it  will 
cr  cr 

not  fail  by  unstable  crack  growth.  However,  for  any  other  crack  size 
which  is  equal  or  greater  than  the  a  (3.4  inch),  the  residual  strength 
level  will  fall  below  the  operating  stress  level,  leading  to  the  rapid 
extension  of  the  crack.  Nevertheless,  the  structure  has  to  be  fully 
analyzed  for  its  crack  arrest  capabilities  when  it  develops  cracks  of 
length  greater  than  a 

cr 

Assume  that  the  panel  develops  a  crack  of  size  acr*  At  point  B  in  the 
figure,  the  crack  extends  rapidly.  When  the  rapidly  extending  crack 
becomes  15  inches,  the  stress  level  in  the  stiffener  (point  C)  reaches 
its  critical  value  and  the  stiffener  fails.  Due  to  the  stiffener  failure, 
the  stiffener  becomes  ineffective,  leading  to  the  total  failure  of  the 
panel  without  any  crack  arrest  possibilities. 

In  Figure  4.5.27,  the  stiffener  failure  curve  is  plotted  for  a  strong 
stiffener  with  a  =  4  (the  stiffener  thickness  is  "assumed"  four  times 
the  panel  thickness).  If  the  panel  develops  a  crack  size  a  ,  the  crack 
will  extend  rapidly  from  point  D  to  point  E  as  shown  in  Figure  4.5.27. 

At  point  E,  the  fastener  fails,  leading  to  an  ineffective  stringer  (loads 
are  no  longer  transferred  to  the  stringer) .  Thus,  the  failure  of  the 
panel  is  unavoidable  and  the  unstable  crack  growth  without  effective  crack 
arrest  leads  to  the  total  failure  of  the  structure. 
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4.5.8  Tearing  Failure  Analysis 


When  the  cracked  thin  sheet  structure  of  high  fracture 

toughness  material  is  considered,  the  solutions  based  on  linear  elastic 

behavior  for  the  calculation  of  residual  strength  are  no  longer  valid  due 

to  the  large  scale  yielding  at  the  crack  tip.  For  fail-safe  structures 

with  crack  arrest  capabilities,  the  residual  strength  analysis  becomes 

complicated.  However,  using  the  R-curve  based  on  concept  as  the 

K 

(  26) 

failure  criterion  Ratwani  and  Wilheni  developed  a  step-by-step 
procedure  for  predicting  the  residual  strength  of  built-up  skin  stringer 
structure  composed  of  tough  material  exhibiting  tearing  type  fractures. 

The  residual  strength  prediction  procedure  is  briefly  outlined  here  to 
show,  step-by-step,  the  required  data  and  analysis.  It  should  not  be 
assumed  that  by  reading  this  step-by-step  procedure  that  the  uninitiated 
can  perform  a  residual  strength  prediction.  It  is  strongly  recommended 
that  the  details  of  the  preceding  subsections  and  reference  26  be 
examined  prior  to  attempting  a  structural  residual  strength  analysis  based 
on  the  following  ten  procedural  steps. 

STEP  1 .  Model  the  structure  for  finite-element  analysis  or  use  an 
existing  finite-element  model  remembering  — 

a.  That  structural  idealizations  are  typically  two-dimensional, 

b.  That  no  out-of-plane  bending  is  permitted, 

c.  To  use  a  proper  fastener  model  (a  flexible  fastener  model  for 
rivited  or  bolted  structure,  or  a  shear  spring  model  for  bonded 
structure) . 
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d.  To  use  material  property  data  from  skin  and  substructure  of 
interest  (i.e.,  E,  E  and  F^)  , 

e.  To  select  the  most  critical  crack  location  (normally  highest 
stressed  area) , 

f.  To  take  advantage  of  structural  symmetry. 

STEP  2.  Select  one  crack  length  (2a  or  a)  of  interest  (based  on  inspec¬ 
tion  capability  or  detailed  damage  tolerance  requirement) .  Based  on  this 
"standard"  crack  length,  five  other  crack  lengths  are  selected  for  a 
Dugdale  type  elastic  plastic  analysis.  These  crack  lengths  should  be 
selected  such  that  crack  length  to  stiffener  spacing  (2a)  ratios  vary 
between  0.15  to  1.1  remembering  — 

a.  That  the  greatest  variation  in  J  values  will  take  place  near 
reinforcements  ,  and 

b.  To  select  at  least  one  crack  size  shorter  than  "standard". 


STEP  3 .  With  the  finite-element  model  (from  Step  1)  and  assumed  crack 
lengths  (from  Step  2)  ,  perform  an  analysis  assuming  Dugdale  type  plastic 
zones  for  each  crack  size  remembering  — 

a.  To  select  the  first  increment  of  plastic  zone  length  at  0.2  inches 
and  sufficient  successive  increments  (normally  6)  to  reach 
Bueckner-Hayes  calculated  stresses  up  to  85  percent  to  . 

b.  To  make  judicious  selection  of  plastic  zone  .increments  so  as  to 
take  advantage  of  overlapping  a^  (effective  crack  length) 

(e.g.,  3.2,  3.5,  4.2,  5.0  inches  for  a  3  inch  physical  crack 
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and  4.2,  4.5,  5.0  inches,  etc.,  for  a  4  inch  physical  crack). 
If  overlapping  is  done,  those  cases  where  the  crack  surfaces 
are  loaded  throughout  the  crack  length  will  be  common  for  two 
or  more  physical  crack  sizes  hence  the  computer  programs  need 
be  run  only  once  (e.g. ,  4.2  and  5.0  inches)  thus  reducing 
computer  run  times. 


STEP  4.  From  Step  3,  obtain  stresses  in  stiffeners  for  Dugdale  analysis 
and  elastic  analysis.  Plot  stiffener  stresses  as  function  of  applied 
stress . 

STEP  5 .  From  the  crack  surface  displacement  data  of  Step  3,  plot  v\J 
(obtained  by  Bueckner-Hayes  approach)  versus  applied  stress  to  F  ratio 
for  each  crack  size. 


STEP  6 .  From  Step  5,  cross  plot  the  data  in  the  form  of  /J  versus  crack 
size  (a)  at  specific  values  of  applied  stress  to  F  ratio. 


STEP  7 .  Employing  the  data  of  Step  4  and  the  "standard"  crack  size 
determine,  gross  panel  stress  to  yield  strength  ratio,  a/F^  at  ultimate 
strength  (F  )  for  the  stiffener  material  -  assuming  zero  slow  crack 
growth.  This  information  will  be  used  subsequently  to  determine  if  a 
skin  or  stiffener  critical  case  is  operative. 
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STEP  8.  Obtain  crack  growth  resistance  data  for  skin  material  (see 

Volume  II  of  reference  26)  remembering  — 

a.  To  use  thickness  of  interest  (i.e.,  if  the  skin  material  is 
chemically  milled,  use  the  experimentally  obtained  R-curve  for 
the  same  chemically  milled  material) 

b.  Use  proper  crack  orientation  (LT,  TL,  or  off  angle)  corres¬ 
ponding  to  anticipated  direction  structural  cracking. 

STEP  9.  Plot  /j  versus  Aa^T„r  curve  as  shown  in  Figure  4.5.28  from  the 

-  r  Hi 

data  obtained  in  Step  8. 


STEP  10.  Determine  structural  residual  strength.  On  the  v’j  versus 

crack  size  (a)  plots  obtained  in  Step  6  for  the  structure,  overlay  the 

/r  versus  Aa  u  material  plot  of  Step  9  at  the  initial  crack  length  of 
K  PHY 

interest  as  shown  in  Figure  4.5.29.  Determine  if  — 

At  the  gross  panel  stress  obtained  from  Step  7,  significant 
slow  tear  (_>  0.25  inch)  will  occur  as  indicated  from  the 
intersection  of  the  /jT  versus  Aa  curve  with  the  constant 

K  rrlY 

cr/F  curve  at  a  stringer  ultimate  strength  (see  Step  7)  . 
Interpolation  will  probably  be  necessary  between  values  of 
constant  o/ F  .  Then  proceed  as  follows: 

•  If  significant  slow  tear  occurs  (>  0.25  inch)  the  structure 
can  be  considered  to  be  skin  critical  (at  that  particular 
crack  length)  .  Tangency  of  /J ~  versus  and  ^ 
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versus  a  at  constant  applied  stress  can  be  used  to 
determine  extent  of  slow  tear  and  residual  strength  at 
failure  as  a  percentage  of  F  . 

•  If  significant  slow  tear  does  not  occur  (^ap^y  <  0.25  inch) 
the  structure  will  normally  be  stiffener  critical.  To 
determine  a  conservative  value  of  residual  strength  (for  that 
crack  length)  use  the  Dugdale  curve  of  Step  4  and  stiffener 
ultimate  strength. 

4.5.9  Summary 

The  most  important  factor  to  consider  in  residual  strength 
prediction  of  a  cracked  built-up  structure  is  to  decide  whether  the 
structure  is  skin  or  stiffener  critical.  Normally,  a  short  crack  length 
is  likely  to  be  a  skin  critical  case  and  a  long  crack  length  a  stiffener 
critical  case.  However,  there  is  no  clear  cut  demarcation  between  the 
two  cases.  Factors  such  as  percentage  stiffening,  spacing  of  stringers, 
lands  in  the  structure  and  other  structural  details  will  influence  the 
type  of  failure.  Hence,  a  good  technique  is  to  determine  the  residual 
strength  of  a  given  structure  based  on  both  skin  critical  and  stiffener 
critical  cases.  The  minimum  fracture  stress  of  the  two  will  then  represent 
the  residual  strength  of  the  structure  and  should  be  considered  to  be  the 
governing  case. 
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(a)  Unstiffened  Papel 


(b)  Stiffened  Panel 


(c)  Stringer 


Elements  of  Residual  Strength  Diagram, 
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Figure  4.5.1. 


RESIDUAL  STRENGTH 


Figure  4.5.2.  Residual  Strength  Diagram  for  a  Stiffened  Panel. 
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RESIDUAL  STRENGTH 


CRACK  LENGTH  (2a) 


Figure  4.5.3.  Panel  Configuration  with  Heavy  Stringers;  Skin-Critical  Case. 
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Figure  4.5.4.  Criterion  for  Fastener  Failure. 


CRACK  LENGTH 


f:  Residual  Strength  Curve  of  Skin  Alone 

g:  Residual  Strength  Curve  of  Two  Edge  Stiffeners 

k:  Residual  Strength  Curve  of  Central  Stiffener  (Failing) . 

g1 :  Residual  Strength  Curve  of  Two  Edge  Stiffeners  After  the  Failure  of 

Central  Stiffener 


Figure  4.5.5.  Residual  Strength  Diagram  for  a  Panel  With  Three  Stiffeners  and 
a  Central  Crack  Emanating  from  a  Rivet  Hole. 
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Figure  4.5.6.  Analysis  of  Stiffened  Panel. 
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Figure  4.5.7.  Effect  of  Number  of  Fasteners  Included  in  Analysis 
on  Calculated  Stress-Intensity  Factor. 
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4.5.8.  Skin-Stress-Reduction  8  and  Stringer-Load-Concentration 

L  as  Affected  by  Fastener  Flexibility  and  Stiffener  Bending. 
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Figure  4.5.9.  Bonded  Fastener  Divided  into  Discrete  Segments. 


RESIDUAL  STRENGTH 


Figure  4,5.10.  Residual  Strength  Diagram  Comparing  Riveted  and 
Bonded  Structures . 
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RESIDUAL  STRENGTH 


STIFFENER  FAILURE 


Figure  4.5.11. 


Residual  Strength  Diagram  for  Stiffener. 
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Crack  Length  a 

(a)  Load  Transfer  Parameter  (L) 


Crack  Length  a 

(b)  Stress-Intensity  Factor  Coefficient  (K/a) 

Figure  4.5.12.  Comparison  of  L  and  K/a  for  Riveted  and  Bonded  Structures. 
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RESIDUAL  STRENGTH 


Figure  4.5.13.  Comparison  of  Residual  Strength  for  Riveted 
and  Bonded  Stiffeners. 
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RESIDUAL  STRENGTH 


figure  4.5.14.  Residual  Strength  Diagram  for  the  Fasteners 
in  a  Built-Up  Structure. 
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CRITICAL  STRESS 


(a)  Stress-Strain  Curves  for  Adhesively  Bonded  Stringer  With 
Various  Levels  of  Delamination. 


Figure  4.5.15.  Gross  Stress  and  Critical  Stress  Diagram  for  Adhesively  Bonded 
Stringer. 
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Figure  4.5,16.  Riveted  Panel  with  a  Central  Crack  Between  Two  Stringers. 
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Figure  4.5.17.  Stiffened  Structure  Broken  Into  Components. 


Figure  4.5.18.  Geometrical  and  Displacement  Parameters 
Relative  to  the  Crack  Tip. 
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Figure  4.5.19.  Normalized  Panel  Displacement  Function  (f  / p)  Due  to 
Applied  Stress  Vs.  Normalized  Crack  Length  (a/p)  for 
Various  Stringer  Spacings  (S  =  S/p). 
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Figure  4.5.20.  Panel  Displacement  Function  Due  to  Fastener  Force 
Vs.  Normalized  Rivet  Diameter  (d/p)  for  All 
Stiffener  Spacings. 
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Figure  4.5.21.  Normalized  Panel  Displacement  Function  (fp/p)  Due  to 

Distributed  Pressure  Along  Crack  Vs.  Normalized  Crack 
Length  (a/p)  for  Various  Stringer  Spacings  (s  =  s/p), 
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Figure  4.5.22.  Stringer  Displacement  Function  Vs.  Normalized 
Rivet  Diameter  (d/p)  for  Various  Half  Stringer 
Widths. 
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Figure  4.5.23.  Parameter  Aj  Vs.  Normalized  Crack  Length  (a/p)  for 
Various  Normalized  Stringer  Spacings  (s/p) . 
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o 


given  the  following  data: 

Maximum  operating  stress:  20  Ksi 
Stiffener  spacing  (2s):  40  inch 

Stiffener  width  (w) :  0.5  inch 

Stiffener  thickness  (Bst) :  0.063  inch 

Panel  thickness  (B) :  0.063  inch 

Rivet  pitch  (p) :  1  inch 

Rivet  diameter  (d) :  3/16  inch 

Material:  7075-T6  Aluminum 

Fracture  toughness:  65  Ksi /inch 
Ultimate  Strength:  78  Ksi 


Figure  4.5.24.  Structural  Geometry  and  Material  Properties  for  Example 
of  Subsection  4.5.7. 
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STRESS  INTENSITY  FACTOR  DIAG. 
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RESIDUAL  STRENGTH  DIAGRAM 
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Figure  4.5.28.  Square  Root  of  J0  Resistance  Curve. 
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Figure  4.5.29. 


Failure  Analysis  Based  on  J 


Critical 


Curve . 
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5.0  ANALYSIS  OF  DAMAGE  GROWTH 


5.1  BASIC  INFORMATION 

5.1.1  Introduction 

MIL-A-83444,  "Airplane  Damage  Tolerance  Design  Requirements," 
specifies  that  cracks  shall  be  assumed  to  exist  in  all  primary  aircraft 
structure.  These  cracks  shall  not  grow  to  a  size  to  cause  loss  of  the 
aircraft  at  a  specified  load  within  a  specified  period.  Showing  compliance 
with  these  requirements  implies  that  the  rate  of  growth  of  the  assumed 
flaws  must  be  predicted. 

Crack  growth  is  a  result  of  cyclic  loading  due  to  gusts  and  maneuvers 
(fatigue  cracking) ,  or  of  the  combined  action  of  sustained  loading  and 
environment  (stress-corrosion  cracking),  or  both.  The  most  common  crack- 
growth  mechanisms  are  fatigue-crack  growth  and  environment-assisted 
(corrosion)  fatigue-crack  growth.  Certain  aircraft  parts  (especially 
high-strength  forgings)  may  be  liable  to  stress-corrosion  cracking.  Since 
there  is  a  design  threshold  for  stress  corrosion,  proper  detail  design  and 
proper  material  selection  can  minimize  or  prevent  stress  corrosion. 

Fatigue  cracking  is  difficult  to  prevent,  but  it  can  be  controlled. 

The  information  concerning  the  determination  of  stress-intensity  factors, 
that  was  presented  in  Chapter  1  can  be  directly  applied  to  crack-growth 
analysis. 
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To  predict  crack  growth  behavior  such  as  illustrated  in  Figure  5.1.1,  the 
following  information  must  be  available: 

1.  The  stress-intensity  factor,  described  as  a  function  of  crack 
size,  for  the  relevant  structural  and  crack  geometry; 

2.  The  stress  (load) -time  history,  described  for  the  structural 
location  component  or  structure  under  consideration; 

3.  The  baseline  crack-growth  properties  (constant  amplitude  crack- 
growth  rate  data) ,  described  as  a  function  of  the  stress- 
intensity  factor,  for  the  material  and  for  the  relevant 
environment; 

4.  A  damage  integration  routine  that  integrates  the  crack-growth 
rate  (from  (3))  to  produce  a  crack-growth  curve,  using  the 
proper  stress-time  history  (from  (2)),  the  proper  stress- 
intensity  formulation  (from  (1)),  and  an  appropriate  integration 
rule. 

This  chapter  provides  guidelines  to  arrive  at  crack  growth  estimates,  and 
points  out  where  deficiencies  in  knowledge  and  analysis  methods  lead  to 
inaccuracies. 

5.1.2  Fatigue-Crack  Growth  and  Stress-Intensity 

Consider  constant-amplitude  fatigue  loading  as  in  Figure 
5.1.2a.  The  following  parameters  are  defined: 
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mean  stress 


a 

m 

stress  amplitude 

A  a  stress  range 

a  maximum  stress 

max 

a  .  minimum  stress 

min 

a  #  a  -a  A  a 

-p,  ^  ^  mm  m  a  - 

R  stress  ratio:  R  =  -  =  - ; -  =  1  -  a 

a  a  +o  max 

max  m  a 

The  cyclic  stress  can  be  fully  characterized  (apart  from  the  frequency) 
by  any  combination  of  two  of  these  parameters.  The  stress  range,  Aa,  and 
the  stress  ratio,  R,  are  the  two  most  commonly  used.  Note  that  in  a 
constant-amplitude  test  each  of  these  parameters  has  a  constant  value  with 
respect  to  time. 

The  stress  history  can  be  converted  into  a  stress-intensity  factor  history 
(Figure  5.1.2b)  at  a  given  crack  length  by  multiplying  the  stress  history 
by  the  stress-intensity  factor  coefficient.  The  following  parameters  are 
defined: 


K 

m 

K 

a 

AK 

K 


K 


max 


mean  stress-intensity  factor  =  go^/ira 

amplitude  of  the  stress-intensity  factor  =  ga^/rra 

range  of  the  stress-intensity  factor  =  gAa/rra 

maximum  stress-intensity  factor  =  go  /rra 

J  max 


‘min 


minimum  stress-intensity  factor  =  ^arniny/^ 


K 


R^  cycle  ratio:  R^ 


min 


K 


max 
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The  above  calculation  schemes  for  stress-intensity  factor  parameters, 

while  being  the  most  straightforward  algebraically,  have  an  operational 

quality  about  them.  For  example,  it  is  theoretically  difficult  to  define 

a  negative  stress-intensity  factor  which  happens  if  the  stress  becomes 

compressive.  In  this  case,  the  crack  closes  and  the  crack  tip  stress 

field  loses  its  singularity  character;  thus,  the  stress-intensity  factor 

ceases  to  have  meaning.  The  operational  quality  of  the  negative  stress- 

intensity  factors  calculated  for  compressive  stress  situations  has  been 

given  a  lot  of  consideration  by  the  aerospace  industry  and  by  the  American 

Society  of  Testing  Materials  (ASTM) ,  specifically  its  subcommittee  on 

subcritical  crack  growth  (ASTM  E24.04).  ASTM  has  chosen  to  provide  the 

following  definitions  when  a  .  <0: 

mm 

K  .  =  0  if  a  ,  <0 

min  mm 

AK  =  K  if  a  .  <0 

max  mm 

The  reader  should  be  aware  of  the  ASTM  AK  definition  since  that  convention 
is  used  in  the  Damage  Tolerant  Design  (Data)  Handbook^  for  the  presen¬ 
tation  of  crack  growth  rate  data  when  part  of  the  fatigue  cycle  is 

compressive,  i.e.,  when  o  <  0  (R  <  0) .  The  algebraic  definition  of 

(2) 

AK  is  used  in  the  current  version  of  MIL-HDBK-5  .  Before  negative 
stress  ratio  (R  <  0)  data  are  used,  it  is  important  to  establish  what  the 
operational  definition  of  AK  is.  The  reader  should  note  that  the  behavior 
of  the  material  under  negative  stress  ratio  conditions  is  itself  indepen¬ 
dent  of  the  operational  definition  of  AK. 
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In  the  elastic  case,  the  stress-intensity  factor  alone  is  sufficient  to 
describe  the  stress  field  at  the  tip  of  a  crack.  When  the  plastic  zone 
at  the  crack  tip  is  small  compared  with  the  crack  size,  the  stress-intensity 
factor  still  gives  a  good  indication  of  the  stress  environment  of  the  crack 
tip.  Two  different  cracks  which  have  the  same  stress  environment  (equal 
stress-intensity  factors)  will  behave  in  the  same  manner  and  show  the 
same  rate  of  growth. 

Since  two  parameters  are  required  to  characterize  the  fatigue  cycle,  two 
parameters  are  required  to  characterize  crack  growth  rate  behavior.  The 
crack-growth  rate  per  cycle,  da/dN,  where  N  is  the  number  of  cycles,  can 
be  generally  described  with  functional  relations  of  the  type: 

=  f  (AK,  R)  or  =  g  (K^,  R)  (5.1.1) 

where  R  is  the  stress  ratio  associated  with  the  stress  cycle. 

EXAMPLE  5.1.1:  Meaning  of  Equation  5.1.1 

For  a  wide  center  crack  panel  subjected  to  constant  amplitude  loading 
conditions.  Equation  5.1.1  implies  that  the  crack  growth  rate  of  a  2-inch 
long  crack  subjected  to  a  remote  loading  of  Aa  =  10  ksi  for  R=0  will  be 
identical  to  the  rate  of  growth  of  a  0.5-inch  long  crack  subjected  to  a 
remote  loading  of  Aa  =  20  ksi  for  R=0.  The  rates  for  the  two  different 
crack  length  -  loading  conditions  will  be  the  same  because  the  stress- 
intensity  factor  range  (AK)  and  the  stress  ratio  (R)  are  the  same  in 
both  cases. 
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Typically,  fatigue  crack  growth  rate  data  is  described  using  plots  of 

da/dN  versus  AK  on  double-logarithmic  scale  graph  paper.  Figure  5.1.3 

presents  fatigue  crack  growth  rate  data  for  7075  Aluminum  in  the  graphical 

format  that  is  being  used  in  the  revised  version  of  the  Damage  Tolerant 

Design  (Data)  Handbook ^ ^ .  Figures  5.1.4  and  5.1.5  describe  example 

composite  da/dN  data  plots  for  7075  Aluminum  as  a  function  of  AK 

(2) 

(algebraic  definition)  for  different  stress  ratio  (R)  values  .  Both 

Figures  5.1.4  and  5.1.5  provide  mean  trend  curves  that  represent  the 

function  f(AK,R)  in  Equation  5.1.1.  On  the  basis  of  these  figures,  it 

can  be  seen  that  f(AK,R)  is  not  a  simple  function.  Figure  5.1.6  is  a 

schematic  illustration  of  fatigue  crack  growth  rate  behavior  from  the 

_8 

threshold  region  (below  10  inch/cycle)  to  the  onset  of  rapid  cracking 

_3 

in  the  fracture  toughness  region  (above  10  inch/cycle).  As  can  be  seen 
from  Figures  5.1.3  -  5.1.6,  the  behavior  exhibits  a  sigmoidial  shape 
suggesting  that  there  might  be  asymptotes  at  the  two  extreme  regions. 

5.1.3  Fatigue  Crack-Growth  Rate  (FCGR)  Descriptions 

Many  descriptions  of  the  function  f(AK,R)  in  Equation  5.1.1 

r  3— 6^ 

have  been  proposed.  In  the  early  literaturev  '  ,  most  of  the  descriptions 
were  either  based  on  physical  models  of  the  crack  growth  process  (referred 
to  as  "laws")  or  on  equations  that  appeared  to  describe  the  trends  in  the 
data.  Currently,  the  fatigue  crack  growth  rate  (FCGR)  descriptions  are 
carefully  selected  to  provide  accurate  mean  trend  descriptions  of  the 
specific  data  collected  to  support  a  materials  evaluation  or  structural 
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design.  Before  introducing  these  more  accurate  FCGR  descriptions,  the 
Paris  power  law^^ ,  the  Walker  equation^^ ,  and  Forman  equations  will  be 
reviewed . 

The  Paris  power  law  equation  was  initially  proposed  to  describe  the  crack 
growth  rate  behavior  in  the  central  region  for  specific  values  of  stress 
ratio.  It  is  given  by  the  general  form: 

=  CAKP  (5.1.2) 

dW 

where  C  and  p  are  experimentally  determined  constants.  Equation  5.1.2  is 
still  extensively  used  to  develop  first  order  approximations  of  life 
behavior  when  only  limited  amounts  of  data  are  available.  The  reader  is 
cautioned  that  Equation  5.1.2,  as  well  as  any  other  FCGR  description, 
should  not  be  extrapolated  beyond  its  limits  of  applicability  without  a 
great  deal  of  care  and  experience.  Greater  life  prediction  errors  can 
result  from  data  extrapolation  errors  than  almost  all  other  design  metho¬ 
dology  errors  combined. 

/O') 

The  Walker  equation  provided  one  of  the  first  simple  equations  that 
accounted  for  the  stress  ratio  shift.  It  is  a  subtle  modification  of 
Equation  5.1.2  and  is  given  by 

f  =C  [(l-R)mKmax]P  (5.1.3) 

where  C,  m,  and  p  are  empirical  constants.  The  exponent  m  typically 
ranges  from  0.4  to  0.6  for  many  materials.  Because  Equation  5.1.3  is  a 


5.1.7 


power  law,  it  has  been  noted  to  be  most  useful  in  describing  the  central 
region  of  the  growth  rate  behavior. 


The  Forman  equation  was  initially  proposed  to  describe  both  the  central 
and  high  crack  growth  regions  of  the  behavior.  To  account  for  the  accelera¬ 
tion  of  the  cracking  rates  as  the  stress-intensity  factors  levels  approached 
critical,  the  Paris  power  law  equation  was  divided  by  a  factor  that  would 
reach  zero  when  the  stress-intensity  factor  reached  a  critical  level.  The 
general  form  of  the  Forman  equation  is: 

da  C  AKP  ,  .* 

dN  (1-R)  K  -  AK 

c 

where  C,  p,  and  are  experimentally  evaluated  for  the  given  material 
and  thickness.  Equation  5.1.4  can  be  rearranged  to  yield: 


da 

dN 


C  (1-R) 
k”“ 


P  1  .  KP 
_ max 

-  K 


(5.1.5) 


c  max 

which  shows  that  the  equation  has  the  capability  to  describe  multiple 
stress  ratio  data  sets. 


The  empirical  constants  in  Equations  5. 1.2-5. 1.4  are  typically  derived 
using  least  square  fitting  procedures.  Note  that  the  simplicity  of 
Equations  5.1.2  and  5.1.3  allow  for  a  graphical  fit  to  the  data  on  log-log 
coordinate  paper  and  the  direct  evaluation  of  the  constants  from  the 
graph.  The  usefulness  of  Equations  5. 1.2-5. 1.4  comes  from  the  ease  in 
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which  their  constants  can  be  evaluated  from  available  data,  as  well  as 


the  direct  application  of  the  equations  to  simplified  life  integration 
calculations.  When  considering  the  general  expression  for  crack  growth 


life  (Nf ) 


da 


(5.1.6) 


f(AK,R)  ’ 


o 


it  is  seen  that  the  function  f  is  simple  for  Equations  5 . 1. 2-5 . 1 . 4 . 

ASTM  task  group  E24.04.04  (on  FCGR  descriptions)  recently  conducted  two 
analytical  round  robin  investigations  of  the  utility  of  various  FCGR 
descriptions  that  describe  FCGR  behavior  (See  References  10  and  11) . 

These  round  robin  investigations  have  clearly  demonstrated  that  FCGR 
descriptions  which  are  classifed  as  ’’good"  from  a  life  analysis  standpoint 
must  adequately  represent  the  mean  trend  of  the  FCGR  data.  Figure  5.1.7 
outlines  a  general  procedure  whereby  the  FCGR  behavior  is  first  described 
by  least  square  regression  analysis  (Figure  5.1.7a)  and  then  the  regression 
equation  (in  conjunction  with  the  stress-intensity  factor  analysis  for  the 
test  geometry)  is  used  in  integral  form  to  obtain  an  estimate  of  the 
fatigue  crack  growth  life  Nf  (Figure  5.1.7b).  In  Figure  5.1.7a,  the 
mean  trend  behavior  is  described  along  with  bounds  on  the  regression 
equation.  Those  descriptions  which  fail  to  model  the  mean  trend  of  the 
FCGR  data,  either  because  they  are  preconceived  to  have  a  specific  form 
(sinh,  power  law,  Forman,  etc.)  or  due  to  a  lack  of  care  in  performing 
the  regression  analysis,  lead  to  life  prediction  errors  that  are  biased 
or  exhibit  significant  scatter. 
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To  support  the  first  round  robin,  FCGR  data  from  compact  and  center  crack 
test  geometries  fabricated  from  0.25  inch  thick  2219-T851  aluminum  alloy 
were  supplied  to  the  participants.  The  tests  were  conducted  between 
threshold  and  fracture  toughness  levels  for  five  separate  stress  ratios 
(-1,  0.1,  0.3,  0.5,  and  0.8).  A  number  of  individuals  from  government, 
industry,  and  academia  participated  in  the  round  robin  (See  Table  5.1.1) 
and  chose  to  evaluate  the  ten  (10)  descriptions  defined  in  Table  5.1.2. 

Each  participant  was  given  FCGR  data  and  asked  -to  describe  the  mean  trend 
of  the  behavior  using  equations  or  other  procedures.  The  participants 
then  integrated  their  mean  trend  analysis  to  establish  predicted  life 
values.  They  were  each  given  the  initial  and  final  crack  sizes  as  well 
as  the  loading  conditions  for  these  life  predictions  of  center  cracked 
specimens  and  compact  specimens. 

One  of  the  procedures  utilized  to  evaluate  the  ten  descriptions  was  to 
summarize  the  sixteen  (16)  life  prediction  ratios  (life  predicted  divided 

p 

by  life  measured,  N^/N^,  see  Figure  5.1.7b)  associated  with  each  description. 
The  means  and  standard  deviations  for  the  life  prediction  ratios  associated 
with  each  participant /FCGR  description  is  presented  in  Table  5.1.3. 
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TABLE  5.1.1  -  Active  Participants  and  their  Organizations 


Name 

Affiliation 

C.  G,  Annis 

F.  K.  Haake 

Pratt  &  Whitney  Aircraft 

J.  Fitzgerald  ^  Northrop  Corporation 

J.  P.  Gallagher  University  of  Dayton  Research  Institute 

M.  S.  Miller 

S.  J,  Hudak,  Jr,  Westinghouse  R&D  Center 


A.  Saxena 

J,  M,  Krafft 

D .  E .  Macha 

L,  Mueller"*" 

Naval  Research  Laboratory 

Air  Force  Materials  Laboratory 

Alcoa  Laboratories 

B.  Mukherjee  Ontario  Hydro 

M,  L.  Vanderglas 

J,  C,  Newman  NASA  Langley  Research  Center 


* 


Chairman,  ASTM  Task  Group  E24.04.04  on  FCGR  Descriptions  (1975-80) 
^Chairman,  ASTM  Task  Group  E24.04,04  on  FCGR  Descriptions  (1980-83) 
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TABLE  5.1.2  -  FCGR  Descriptions 


Participant/ 

FCGR 

Description 

No.  Form 


(1) 

(2) 

O) 

(4) 

(5) 

(6) 

(7) 

(8) 

(9) 

(10) 


^  =  c'^C2 
da  _  p  (AK  - 
dN  1  (A Kc  -  AK)pi 


1 


Li 


da/dN  (AAO"l 
da 


■4 -A 


r_ * _ c-i 

L  (AAT2  j 


dN 

logio 

+ 

da 

dN 

+ 

da 

=  c(Kmtxr  +  *.><1  -  *t«)  +  ** 


(*)- 


I 


«*PW*2Jf)  +  P)  exp(PAx)  +  Pi 
=  l0{C,sinh[C2(logAJC  +  Cj)]  +  C4} 


—  =  io(  C|  sinh[C2(k>g  A/C  +  C})]  +  C4} 
dN 


da 

dN 


’  =  e  + 


1  -f-) 


\/k 


tensile  ligament  instability  model 
table  lookup  procedure 


+The  hyperbolic  sine  model  is  listed  twice  because  two  separate 
organizations  chose  to  evaluate  this  description. 


TABLE  5.1.3  -  Means  and  Standard  Deviation  of  Sets  of  Life- 
Prediction  Ratios  for  the  Full  Crack  Growth 
Interval 


Participant/FCGR  Description 

No. 

i 

2 

3  4 

5 

6 

7 

8 

9 

10 

Mean 

0.95 

0.72 

1.00  0.76 

0.96 

0.97 

2.32 

0.99 

1.05 

0.96 

Standard 

Deviation 

0.27 

0.16 

0.27  0.15 

0.12 

0.24 

5.81 

0.10 

0.32 

0.12 
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The  life  prediction  ratio  (LPR)  numbers  in  Table  5.1.3  can  be  interpreted 
by  comparing  the  mean  LPR  to  1.0  and  the  standard  deviation  to  0.0.  A 
mean  LPR  less  than  1.0  implies  a  conservative  prediction.  A  further 
interpretation  of  the  results  of  the  round-robin  are  presented  in  Table 
5.1.4  which  contains  percentage  of  life  prediction  ratios  that  fall 
within  the  ranges  of  0.80  and  1.20  and  of  0.90  and  1.10.  Note  that  four 
descriptions  were  able  to  achieve  LPR  numbers  between  0.80  and  1.20  for 
at  least  80  percent  of  the  number  of  predictions  made. 

One  modeling  procedure  that  has  consistantly  shown  itself  to  rank  among 
the  most  accurate  FCGR  descriptions  for  predicting  lives  is  the  table 
look-up  scheme  (FCGR  Description  no.  10  in  Table  5.1.2).  For  life  predic¬ 
tion  purposes,  most  aircraft  companies  have  gone  to  a  table  look-up  scheme 
in  which  they  describe  crack  growth  rate  as  a  function  of  AK  for  specific 
values  of  fatigue  crack  growth  rate  or  vice  versa,  i.e.,  da/dN  is  described 
for  specific  values  of  AK.  Table  5.1.5  summarizes  the  mean  trend  FCGR 
behavior  of  the  2219-T851  aluminum  alloy  employed  by  the  ASTM  Task  Group 
E24.04.04.  This  table  format  will  be  close  to  the  format  utilized  to 
present  mean  trend  data  in  the  revised  Damage  Tolerant  Design  (Data) 
Handbook^  .  Within  the  main  body  of  Table  5.1.5,  da/dN  will  be  presented 
as  a  function  of  prechosen  AK  levels  for  specific  levels  of  stress  ratio 
(or  environment,  etc.).  In  the  rows  directly  above  and  directly  below 
the  main  body  of  the  table,  the  data  extreme  values  are  defined.  In  the 
bottom  rows  of  the  table,  statistical  summaries  that  define  the  accuracy 
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TABLE  5.1.4  -  A  Further  Comparison  of  FCGR  Descriptions 


Participant/ 

FCGR 

Description 

No. 

Percent  of  All  Predictions  Within: 

+20% 
of  1.0 

+10% 
of  1.0 

i 

53.3 

20.0 

2 

33.3 

20.0 

3 

86.7 

26.7 

4 

38.5 

15.4 

5 

100.0 

73.3 

6 

73.3 

53.3 

7 

80.0 

66.7 

8 

89.5 

57.9 

9 

31.3 

18.8 

10 

100.0 

80.0 
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TABLE  5.1.5  -  Example  Fatigue  Crack  Growth  Rate  Table 
(2219-T851  Aluminum) 


AK 

(Ksi/in) 

£ 

da/dN  x  10°  inches/cycle 

Rl="1.0 

R2=0. 1 

R3=0. 3 

R4=0. 6 

R5=0. 8 

R1 

AK  R2 

min  R3 

at :  R4 

R5 

1.09 

2.55 

2.11 

1.38 

1.17 

0.00730 

0.00336 

0.00369 

0.00351 

0.00112 

1.3 

1.6 

2.0 

2.5 

3.0 

3.5 

4.0 

5.0 

6.0 

7.0 

8.0 

9.0 

10.0 

13.0 

16.0 

20.0 

0.0167 

0.0351 

0.0676 

0.127 

0.216 

0.336 

0.488 

0.884 

1.37 

1.91 

2.47 

3.08 

3.80 

7.16 

13.2 

28.3 

0.0166 

0.0639 

0.171 

0.566 

1.14 

1.93 

3.09 

4.78 

7.04 

17.0 

36.2 

126.0 

0.0451 

0.152 

0.246 

0.355 

0.691 

1.30 

2.28 

3.60 

5.14 

6.86 

14.4 

30.9 

0.0176 

0.0569 

0.0911 

0.139 

0.218 

0.339 

0.753 

1.46 

2.50 

3.95 

6.07 

9.38 

38.4 

0.00429 

0.0251 

0.0689 

0.128 

0.228 

0.431 

0.809 

2.60 

7.83 

46.3 

R1 

AK  R2 

max  R3 

at:  R4 

R5 

20.7 

24.7 

19.3 

15.8 

7.01 

32.0 

887.0 

81.3 

146.0 

47.4 

root  mean  square 
percent  error 

2.2 

80.4 

8.6 

6.4 

6.1 

life  prediction 
ratio  summary 

0.0  -  0.5 

0.5  -  0.8 

0.8  -  1.25 

1.25  -  2.0 
>  2.0 

1 

1 

3 

1 

2 

2 
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of  the  mean  trend  (tabular)  description  (1)  to  relative  to  the  FCGR  data 
(The  parameter  RMSPE  is  the  root  mean  square  percentage  error)  and  (2) 
with  respect  to  life  prediction  (life  prediction  ratios  based  on  original 
a  vs  N  data) .  The  RMSPE  is  a  statistic  that  measures  the  deviation  of 
fatigue  crack  growth  rate  data  from  the  table;  and,  it  is  somewhat  akin 
to  the  coefficient  of  (life)  variation. 

The  mean  trend  data  presented  in  the  revised  Damage  Tolerant  Design  (Data) 
Handbook^)  can  be  directly  utilized  with  table  look-up  algorithms  in 
crack  growth  life  prediction  computer  codes.  These  data  might  also  be 
utilized  with  least  square  fitting  procedures  to  generate  wider  ranging 
predictive  schemes  that  account  for  the  effects  of  stress  ratio,  frequency, 
environment,  temperature,  and  other  controlling  conditions. 

The  Damage  Tolerant  Design  (Data)  Handbook^)  provides  crack-growth  data 
for  a  variety  of  materials.  The  data  are  presented  in  the  form  of  graphs 
(See  Figure  5.1.3)  and  tables  (See  Table  5.1.5).  Multiple  parameter 
equation  fitting  should  not  be  attempted  if  only  limited  sets  of  data  are 
available.  In  case  limited  data  sets  have  to  be  used,  a  comparison 
should  be  made  with  similar  alloys  for  which  complete  data  are  available, 
and  curves  may  be  fitted  through  the  limited  data  sets  on  the  basis  of 
this  comparison. 
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5. 1,4  Factors  Affecting  Crack  Growth 


Unlike  tensile  strength  and  yield  strength,  fatigue  crack 
growth  rate  (FCGR)  behavior  is  not  a  consistent  material  characteristic. 
The  FCGR  is  influenced  by  many  uncontrollable  factors.  As  a  result,  a 
certain  amount  of  scatter  occurs.  Therefore,  crack  growth  predictions 
should  be  based  on  factors  relevant  to  the  conditions  in  service. 

Among  the  many  factors  that  affect  crack  propagation,  the  following  should 
be  taken  into  consideration  for  crack  growth  properties. 

A.  •  Type  of  product  (plate,  extrusion,  forging) 

•  Heat  treatment 

•  Orientation  with  respect  to  grain  direction 

•  Manufacturer  and  batch 

•  Thickness 

B.  •  Environment 

•  Temperature 

•  Frequency. 

No  attempt  will  be  made  to  illustrate  the  effects  of  all  these  factors 
with  data,  particularly  because  some  factors  have  largely  different  (and 
sometimes  opposite)  effects  on  different  materials.  Rather,  some  general 
trends  will  be  briefly  mentioned. 
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The  factors  under  A  pertain  to  the  material.  The  crack  propagation 
characteristics  for  a  particular  alloy  differ  for  plates,  extrusions,  and 
forgings.  The  latter  may  exhibit  large  anisotropy,  which  may  have  to 
be  considered  in  the  growth  of  surface  flaws  and  corner  cracks,  which 
grow  simultaneously  in  two  perpendicular  directions.  Closely  related  to 
this  are  other  processing  variables,  particularly  the  heat  treatment. 


An  alloy  of  nominally  the  same  composition  but  produced  by  different 

(12) 

manufacturers  may  have  quite  different  crack  propagation  properties 
This  is  illustrated  in  Figure  5.1.8.  The  differences  are  associated  with 
slight  variations  in  composition,  inclusion  content,  heat  treatment  (pre¬ 
cipitates)  ,  and  cold  work.  Similar  variations  in  crack  growth  occur  for 
different  batches  of  the  same  alloy  produced  by  the  same  manufacturer. 
Data  presented  in  Figure  5.1.9  show  that  growth  rates  can  vary  with  sheet 
thickness^13-17^ . 


In  view  of  the  factors  which  influence  crack  growth  properties,  predictions 
of  crack  growth  should  be  based  on  material  data  which  pertain  to  the 
product  form.  Spot  checks  may  be  necessary  to  account  for  variabilities 
in  heats  and/or  manufacturer. 

The  factors  under  B  are  associated  with  the  environmental  circumstances. 

A  lightly  corrosive  environment  (humid  air)  gives  rise  to  higher  crack 

( 18—27) 

growth  rates  than  a  dry  environment  .  The  effect  is  illustrated 

in  Figure  5.1.10.  Although  opinions  differ  in  explaining  the  environmental 
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effect,  there  is  concurrence  that  the  principal  factor  is  corrosive 
action,  which  is  time  and  temperature  dependent.  The  effect  of  cyclic 
frequency^^*^*  26,28)  is  related  to  the  environmental  effect,  with 
slower  cyclic  frequencies  usually  associated  with  accelerated  fatigue 
crack  growth  rates. 


At  low  temperatures,  the  reaction  kinetics  are  slower  and  the  air  contains 

less  water  vapor.  This  may  reduce  crack  propagation  rates  in  certain 
(29  30) 

alloys  *  .  Figure  5.1.11  shows  the  influence  of  low  temperature  on 

crack  growth  for  7075-T6  alloy  compared  with  growth  at  normal  temperatures 

(31  32) 

Temperatures  higher  than  ambient  may  increase  crack  growth  rates  9 
In  view  of  the  effect  of  environment  on  crack  growth,  the  data  used  for 
life  predictions  should  represent  the  effect  of  the  expected  environment 
and  temperature. 


(29) 


5.1.5  Use  of  Data;  Data  Scatter 

Fatigue-crack-propagation  data  for  a  variety  of  materials 
can  be  found  in  data  handbooks.  In  many  cases,  however,  the  data  for  a 
particular  application  (with  regard  to  material  condition,  thickness,  and 
environment)  will  have  to  be  generated  in  the  manner  prescribed  by 
Chapter  7. 

As  indicated  by  the  results  presented  in  subsection  5.1.3,  accurate  mean 
trend  FCGR  descriptions  result  in  accurate  fatigue  crack  life  descriptions. 
People  have  worried  in  the  past  about  trying  to  account  for  the  substantial 
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amount  of  scatter  which  exists  in  the  crack  growth  rate  data.  The  amount 
of  crack  growth  between  crack  measurements  and  the  accuracy  of  this  incre¬ 
mental  crack  growth  measurement  determines  a  large  part  of  the  scatter. 
Another  inherent  reason  for  data  scatter  is  due  to  the  differentiation 
techniques  that  one  uses  to  reduce  the  data. 

Shown  in  Figure  5.1.12a  is  a  hypothetical  example  of  the  crack  growth-life 
behavior  observed  in  a  single  laboratory  test;  Figure  5.1.12b  represents 
the  FCGR  data  derived  from  this  test.  Outlying  data  points  are  indicated 
by  an  asterisk  in  Figure  5.1.12a  and  b.  The  mean  trend  curves  faired 
through  the  data  can  be  shown  to  be  directly  related  to  each  other;  the 
integral  of  the  curve  in  Figure  5.1.12b  gives  the  curve  in  Figure  5.1.12a 
for  the  test  conditions.  If  more  tests  are  run  and  all  the  data  compiled, 
the  plot  will  be  as  in  Figure  5.1.12c:  each  test  might  have  a  few 
outlying  data  points,  but  the  compilation  has  many  outlying  points.  When 
all  data  points,  including  the  outliers,  are  plotted,  the  data  exhibit  a 
wide  scatterband,  noted  as  the  apparent  scatterband,  shown  in  Figure  5.1.12c. 
However,  as  previously  seen  from  Figures  5.1.12a  and  b,  the  outlier  points 
did  not  significantly  affect  the  crack  growth  curve  or  the  mean  trend 
FCGR  curve.  When  considered  collectively,  the  outlying  data  points  in 
Figure  5.1.12c  can  be  misleading  since  they  do  not  represent  the  mean 
trend  behavior  of  any  specimen.  If  the  wide  scatterband  were  considered 
for  a  crack  growth  prediction,  the  upper  bound  would  predict  a  consistent 
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high  growth  rate  at  each  crack  size  (whereas  it  happened  only  inciden¬ 
tally  as  shown  in  Figure  5.1.12a).  As  a  result,  the  diagram  would  reflect 
a  large  apparent  scatter  in  crack  growth  lives  (Figure  5.1.12d)  whereas 
the  real  scatter  in  crack  growth  lives  is  much  smaller. 

As  indicated  by  the  above  remarks,  worrying  about  the  random  (within 
specimen)  scatter  in  fatigue  crack  growth  rates  is  really  not  that  impor¬ 
tant  from  a  life  estimation  standpoint.  What  has  been  found  from  analyses 
of  multiple  specimen  data  sets  is  that  the  width  of  the  scatterbands 
associated  with  specimen  to  specimen  mean  trend  variations  in  FCGR  is 
closely  related  to  the  variability  in  crack  growth-life  behavior.  The 
scatterband  associated  with  specimen  to  specimen  variations  is  identified 
in  Figures  5.1.12c  and  d  as  the  real  scatterband  since  it  focuses  on  the 
variability  in  crack  growth  life-behavior. 

The  coefficient  in  variation  of  crack  growth  lives  is  sometimes  similar 
in  magnitude  to  the  root  mean  square  (percentage)  error  associated  with 
fatigue  crack  growth  rate  modeling.  When  conservative  estimates  in  crack 
growth  lives  are  desired,  the  upper  bound  of  the  real  scatterband 
(identified  in  Figure  5.1.12c)  determined  on  the  basis  of  four  or  more 
specimens  should  be  used. 
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5.1.6  Stress-Corrosion  Cracking  and  Stress  Intensity 


Many  engineering  materials  exhibit  some  cracking  behavior 
under  sustained  loading  in  the  presence  of  an  environment  (thermal  and/or 
chemical) .  The  type  of  cracking  behavior  for  many  chemical  environments 
is  referred  to  as  stress-corrosion  cracking  behavior.  The  mechanism  for 
this  attack  process  has  been  attributed  to  the  chemical  reactions  that 
take  place  at  the  crack  tip  and  to  diffusion  of  reactive  species  (parti¬ 
cularly  Hydrogen)  into  the  high  stressed  region  ahead  of  the  crack.  The 

cracking  process  has  been  noted  to  be  a  function  of  time  and  it  is  highly 
dependent  on  the  environment,  the  material,  and  the  applied  stress  (or 
stress-intensity  factor)  level. 

For  a  given  material-environment  interaction,  the  stress-corrosion¬ 
cracking  rate  has  been  noted  to  be  governed  by  the  stress-intensity  factor. 

Similar  specimens  with  the  same  size  of  initial  crack  but  loaded  at 

different  levels  (different  initial  K  values)  show  different  times  to 
(33-35) 

failure  as  shown  in  Figure  5.1.13.  A  specimen  initially  loaded  to 

fails  immediately.  The  level  below  which  cracks  are  not  observed  to 
grow  is  the  threshold  level  which  is  denoted  as  K  c  • 

If  the  load  is  kept  constant  during  the  stress-corrosion-cracking  process, 
the  stress-intensity  factor  will  gradually  increase  due  to  the  growing 
crack.  As  a  result  the  crack-growth  rate  per  unit  of  time,  da/dt,  increases 
according  to 

#  =  f (K) .  (5.1.7) 
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the 


When  the  crack  has  grown  to  a  size  that  K  becomes  equal  to  K  , 

Ic 

specimen  fails.  This  is  shown  schematically  in  Figure  5.1.14.  In  typical 

tests,  specimens  may  be  loaded  to  various  initial  K’s  such  as  K^,  K^,  and 

K^.  The  time  to  failure  is  recorded  giving  rise  to  the  typical  data  point 

(tl’Ki).  During  the  test,  K  will  increase  (as  a  result  of  crack  extension) 

from  its  initial  value  to  Kx  ,  where  final  failure  occurs.  The  times  t0 

Ic  l 

and  t^  represent  the  times  to  failure  for  higher  K’s  such  as  and  K^. 

The  stress-corrosion  threshold  and  the  rate  of  growth  depend  on  the  material 

and  the  environmental  conditions.  Data  on  KT  and  da/dt  can  be  found  in  the 

Iscc 

Damage  Tolerant  Design  (Data)  Handbook  ^  .  Typical  examples  of  Kjgcc  anc* 
da/dt  data  presentation  formats  are  shown  in  Figures  5.1.15  and  5.1.16. 

As  illustrated  in  Figure  5.1.17,  a  component  with  a  given  crack  fails  at 

a  stress  given  by  a '  =  K^/fi/fra.  It  will  exhibit  stress-corrosion-crack 

growth  when  loaded  to  stresses  in  excess  of  a  =  KT  /ft/ira. 

see  Iscc 

In  service,  stress-corrosion  cracks  have  been  found  to  be  predominantly  a 
result  of  residual  stresses  and  secondary  stresses.  Stress-corrosion 
failure  due  to  primary  loading  seldom  occur  because  most  stress-corrosion 
cracks  favor  the  short  transverse  direction  (S-L) ,  which  is  usually  not 
the  primary  load  direction.  In  many  materials,  the  long  transverse  (T-L) 
and  longitudinal  (L-T)  directions  are  not  very  susceptible  to  stress 
corrosion. 
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Prevention  of  stress  corrosion  cracking  is  preferred  as  a  design  policy 

over  controlling  it  as  is  done  for  fatigue  cracking.  This  means  that 

stress-corrosion  critical  components  must  be  designed  to  operate  at  a 

stress  level  lower  than  a  =  K_  /g/ira,  in  which  a.  is  the  initial  flaw 

see  Iscc  i  i 

sizes  as  specified  in  the  Damage  Tolerance  Requirements  per  MIL-A-83444. 
However,  if  stress  corrosion  can  occur,  it  must  be  accounted  for  in  damage 
tolerance  analyses  by  using  an  integral  form  of  Equation  5.1.7. 

Stress-corrosion  cracking  may  occur  in  fatigue-critical  components.  This 
means  that  in  addition  to  growth  by  fatigue,  cracks  might  show  some  growth 
due  to  stress  corrosion.  In  dealing  with  this  problem,  the  following  should 
be  considered: 


•  Stress-corrosion  cracking  is  a  phenomenon  that  basically  occurs 

under  a  steady  stress.  Hence,  the  in-flight  stationary  stress 

level  (lg)  is  the  governing  factor.  Most  fatigue  cycles  are  of 

relatively  short  duration  and  do  not  contribute  to  stress- 

corrosion  cracking.  Moreover,  the  cyclic  crack  growth  would  be 

properly  treated  already  on  the  basis  of  data  for  environment- 

assisted  fatigue-crack  growth.  When  stress  corrosion  cracking 

is  expected,  the  stress  corrosion  cracking  rate  should  be  super- 

(36-39) 

imposed  on  the  fatigue  crack  growth  rate 
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•  Stress-corrosion  cracking  is  generally  confined  to  forgings, 


heavy  extrusions,  and  other  heavy  sections,  made  of  susceptible 
materials.  Thus,  the  problem  is  generally  limited  to  cases  where 
plane  strain  prevails. 

•  The  maximum  crack  size  to  be  expected  in  service  is  a^  = 

2  2  2 

K  /tt3  a  ,  where  a  equals  a  or  anM  depending  upon  the 
1C  Li  Drl 

inspectability  level . 

If  stress-corrosion  cracking  is  not  expected  at  any  crack  size,  the  1-g 

stress,  a,  ,  should  be  lower  than  a  =  /ft/rca  .  With  a  given  as 

lg  see  Iscc  c  c 

above,  it  follows  that  complete  prevention  of  stress  corrosion  extension 
of  a  fatigue  crack  requires  selection  of  a  material  for  which: 


K 


Iscc 


> 


(5.1.8) 
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Crack  Size, 


Figure  5.1.1.  Typical  Crack  Growth-Life  Curve. 
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Figure  5.1.3.  Fatigue  Crack  Growth  Rate  Data  Presentation  Format  Used  in 
Revised  Damage  Tolerant  Design  (Data)  Handbook.  Data  for 
Two  Stress  Ratios  Presented  for  7075-T7351  Aluminum  Alloy 
(Reference  1). 
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Faligue  Crack  Propagation  Rale,  da/dN,  in  /cycle 


10  100  400 


1/2 

Stress  Intensity  Factor  Range,  AK,  ksi-in. 


Figure  5.1.4.  Sample  Fatigue  Crack  Growth  Rate  Data  Set  for  7075-T6 

Aluminum  Alloy  Sheet  After  Mil  Handbook-5  (Reference  2). 
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Fatigue  Crack  Propagation  Rate,  da/dN,  in  /cycle 


Stress  Intensity  Factor  Range,  AK,  ksi— in ,/2 


Figure  5.1.5.  Sample  Fatigue  Crack  Growth  Rate  Data  Set  for 
7075-T7351  Aluminum  Alloy  Plate  After  Mil- 
Handbook-5  (Reference  2) . 


5.1.30 


AK  (Ksi  /In) 


Figure  5.1.6.  Schematic  of  Fatigue  Crack  Growth  Rate  Behavior. 
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Predicted  to  Actual 


Crack  Size, 


0*- 
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20  40  SO  80  100  120  140 
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Figure  5.1.8.  Possible  Variation  of  Crack  Growth  in  Materials 
from  Different  Sources  (Reference  12) . 


160 
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Crack  Size, 


Figure  5.1.9.  Example  of  Effect  of  Thickness  on  Crack  Growth  (Reference  13). 
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Water  Content  of  Air,  ppm 


Crack  Growth  Life 
for  l-in.  Crack  Growth 


Figure  5.1.10.  Effect  of  Humidity  on  Fatigue  Crack  Propagation 
(Reference  18) . 
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Crack  Size, 


Figure  5.1.11,  Example  of  Temperature  Effect  on  Crack  Growth 
(Reference  29) . 


5.1.36 


Figure  5.1.12.  Crack  Growth  Data  Scatter  for  Identical  Conditions. 
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INITIAL  K  *(Ksi  v/irT) 


Figure  5.1.13.  Stress  Corrosion  Cracking  Data  (Reference  33). 
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Figure  5.1.14.  Stress  Corrosion  Cracking. 
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Figure  5.1.16. 


Stress  Corrosion  Cracking  Rate  Data 
Aluminum  in  the  Format  of  Reference 


for  2024-T351 

1. 
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Figure  5.1.17.  Stress  Required  for  Stress  Corrosion 
Cracking. 
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5 . 2  VARIABLE-AMPLITUDE  LOADING 


5.2.1  Introduction 

Baseline  fatigue  data  are  derived  under  constant-amplitude 
loading  conditions,  but  aircraft  components  are  subjected  to  variable 
amplitude  loading.  If  there  were  not  interaction  effects  of  high  and 
low  loads  in  the  sequence,  it  would  be  relatively  easy  to  establish  a 
crack-growth  curve  by  means  of  a  cycle-by-cycle  integration  (see  Section 
5.2.5).  However,  crack-growth  under  variable-amplitude  cycling  is 
largely  complicated  by  interaction  effects  of  high  and  low  loads. 

In  the  following  sections  these  interaction  effects  will  be  briefly 
discussed.  Crack-growth-prediction  procedures  which  take  interaction 
effects  into  account  will  be  presented  in  Section  5.2.5. 

5.2.2  Retardation 

A  high  load  occurring  in  a  sequence  of  low-amplitude  cycles 
significantly  reduces  the  rate  of  crack-growth  during  the  cycles  applied 
subsequent  to  the  overload.  This  phenomenon  is  called  retardation. 

Figure  5.2.1  shows  a  baseline  crack-growth  curve  obtained  in  a  constant- 
amplitude  test^^  .  In  a  second  experiment,  the  same  constant-amplitude 
loading  was  interspersed  with  overload  cycles.  After  each  application 
of  the  overload,  the  crack  virtually  stopped  growing  during  many  cycles, 
after  which  the  original  crack-growth  behavior  was  gradually  restored. 
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Retardation  results  from  the  plastic  deformations  that  occur  as  the 

crack  propagates.  During  loading,  the  material  at  the  crack  tip  is 

plastically  deformed  and  a  tensile  plastic  zone  is  formed.  Upon  load 

release,  the  surrounding  material  is  elastically  unloaded  and  a  part  of 

the  plastic  zone  experiences  compressive  stresses.  The  larger  the  load, 

the  larger  the  zone  of  compressive  stresses.  If  the  load  is  repeated  in 

a  constant  amplitude  sense,  there  is  no  observable  direct  effect  of  the 

residual  stresses  on  the  crack-growth  behavior;  in  essence,  the  process 

of  growth  is  steady  state.  Measurements  have  indicated,  however,  that 

the  plastic  deformations  occurring  at  the  crack  tip  remain  as  the  crack 

propagates  so  that  the  crack  surfaces  open  and  close  at  non  zero 

(positive)  load  levels.  These  observations  have  given  rise  to  constant 

(41) 

amplitude  crack-growth  models  referred  to  as  closure  models  after  the 

concept  that  the  crack  may  be  closed  during  part  of  the  load  cycle. 

When  the  load  history  contains  a  mix  of  constant  amplitude  loads  and 
discretely  applied  higher  level  loads,  the  patterns  of  residual  stress 
and  plastic  deformation  are  perturbed.  As  the  crack  propagates  through 
this  perturbed  zone  under  the  constant  amplitude  loading  cycles,  it 
grows  slower  (the  crack  is  retarded)  than  it  would  have  if  the  pertur¬ 
bation  had  not  occurred.  After  the  crack  has  propagated  through  the 
perturbed  zone,  the  crack  growth  rate  returns  to  its  typical  steady  state 
level.  Two  basic  models  have  been  proposed  to  describe  the  phenomenon 
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of  crack  retardation.  The  first  model  is  based  on  the  concept  of  the 
compressive  residual  stress  perturbation  and  the  second  on  the  concept  of 
plastic  deformation  (enhanced  crack  wedging  -  more  closure) . 

If  the  tensile  overload  is  followed  by  a  compressive  overload,  the 
material  at  the  crack  tip  may  undergo  reverse  plastic  deformation  and 
this  reduces  the  residual  stresses.  Thus,  a  negative  overload  in  whole 
or  in  part  annihilates  the  beneficial  effect  of  tensile  overloads,  as  is 
also  shown  in  Figure  5.2.1. 

Retardation  depends  upon  the  ratio  between  the  magnitude  of  the  overload 
and  subsequent  cycles.  This  is  illustrated  in  Figure  5.2.2.  Sufficiently 
large  overloads  may  cause  total  crack  arrest.  Hold  periods  at  zero 
stress  can  partly  alleviate  residual  stresses  and  thus  reduce  the  retar- 
dation  effect  5  ,  while  hold  periods  at  load  increase  retardation. 

Multiple  overloads  significantly  enhance  the  retardation.  This  is  shown 
in  Figure  5,2,3. 

5.2.3  Retardation  Under  Spectrum  Loading 

An  actual  service  load  history  contains  high-  and  low- 
stress  amplitudes  and  positive  and  negative  "overloads"  in  random  order. 
Retardation  and  annihilation  of  retardation  becomes  complex,  but 
qualitatively  the  loading  produces  behavior  that  is  similar  to  a  constant- 
amplitude  history  with  incidental  overloads.  The  higher  the  maximum 
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stresses  in  the  service  load  history,  the  larger  the  retardation  effect 
during  the  low-amplitude  cycles.  Negative  stress  excursions  reduce  the 
retardation  effect  and  tend  to  enhance  crack-growth.  These  effects  have 
been  documented  in  various  sources  (e.g. ,  References  43-49);  a  few 
examples  are  now  presented. 

When  the  magnitude  of  the  higher  loads  are  reduced  (or  clipped)  without 

eliminating  the  cycle,  i.e.,  higher  loads  are  reset  to  a  defined  lower 

level,  the  cracking  rates  are  observed  to  speed  up  as  shown  in  Figure 
(43  44) 

5.2.4  *  .  Figure  5.2.4  describes  the  crack  growth  life  results  for 

a  study  in  which  a  (random)  flight-by-flight  stress  history  was 
systematically  modified  by  "clipping”  the  highest  load  excursions  to  the 
three  levels  shown. 

In  References  43  and  44,  it  was  also  observed  that  negative  stress 
excursions  reduce  the  retardation  effect  and  omission  of  the  ground-air- 
ground  (G-A-G)  cycles  (negative  loads)  in  the  tests  with  the  highest 
clipping  level  resulted  in  a  longer  crack  growth  life  for  the  same 
amount  of  crack  growth. 

Figure  5.2.5  shows  the  importance  of  load  sequence.  The  crack-propagation 
life  for  random  load  cycling  is  shown  at  the  top.  Ordering  the  sequences 
of  the  loads,  lo-hi,  lo-hi-lo,  or  hi-lo  increases  the  crack-growth  life, 
the  more  so  for  larger  block  sizes.  Hence,  ordering  should  only  be 
permitted  if  the  block  size  is  small.  Lo-hi  ordering  gives  more  conser¬ 
vative  results  than  hi-lo  ordering.  In  the  latter  case,  the  retardation 
effect  caused  by  the  highest  load  is  effective  during  all  subsequent  cycles. 
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5.2.4  Retardation  Models 


Some  mathematical  models  have  been  developed  to  account 

for  retardation  in  crack-growth-integration  procedures.  All  models  are 

based  on  simple  assumptions,  but  within  certain  limitations  and  when 

used  with  experience,  each  model  will  produce  results  that  can  be  used 

with  reasonable  confidence.  The  two  yield  zone  models  by  Wheeler 

and  by  Willenborg,  et  al^~^,  and  a  crack-closure  model  by  Bell  and 
(52) 

Creager  will  be  briefly  discussed.  Detailed  information  and  appli¬ 
cations  of  closure  models  can  be  found  in  References'^  . 


Wheeler  defines  a  crack-growth  reduction  factor,  C^: 

O  ■  CP  fWK)- 

r  r 


(5.2.1) 


where  f(AK)  is  the  usual  crack-growth  function,  and  (da/dN)  is  the 
retarded  crack-growth  rate.  The  retardation  factor,  is  given  as 


J IL 


c  =  ( — 

P  a  T+r  T-a-t 
oL  poL  i 


-)m  . 


(5.2.2) 


in  which  (see  Figure  5.2.6): 

r  ^  is  the  current  plastic  zone  size  in  the  ith  cycle  under 
consideration 


a.  is  the  current  crack  size 

l 

r  ^  is  the  plastic  size  generated  by  a  previous  higher  load  excursion 
a  is  the  crack  size  at  which  the  higher  load  excursion  occurred 

OLt 

m  is  an  empirical  constant. 
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There  is  retardation  as  long  as  the  current  plastic  zone  is  contained 
within  a  previously  generated  plastic  zone;  this  is  the  fundamental 
assumption  of  yield  zone  models. 

Some  examples  of  crack-growth  predictions  made  by  means  of  the  Wheeler 
model  are  shown  in  Figure  5.2.7.  Selection  of  the  proper  value  for  the 
exponent  m  will  yield  adequate  crack-growth  predictions.  In  fact,  one  of 
the  earlier  advantages  of  the  Wheeler  model  was  that  exponent  m  could  be 
tailored  to  allow  for  reasonably  accurate  life  predictions  of  spectrum 
test  results.  Through  the  course  of  time,  it  has  become  recognized, 
however,  that  the  exponent  m  was  dependent  on  material,  crack  size,  and 
stress-intensity  factor  level  as  well  as  spectrum.  The  reader  is 
cautioned  against  using  the  Wheeler  model  for  service  life  predictions 
based  on  limited  amounts  of  supporting  test  data  and  more  specifically 
against  estimating  the  service  life  of  structures  with  spectra  radically 
different  from  those  for  which  the  exponent  m  was  derived.  Estimates 
made  without  the  supporting  data  required  to  tailor  the  exponent  m  can 
lead  to  inaccurate  and  unconservative  results. 

The  Willenborg  model  also  relates  the  magnitude  and  extent  of  the 
retardation  factor  to  the  overload  plastic  zone.  The  extent  of  the 
retardation  is  handled  exactly  the  same  as  that  of  the  Wheeler  model. 

The  magnitude  of  the  retardation  factor  is  established  through  the  use 
of  an  effective  stress-intensity  factor  that  senses  the  differences  in 
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compressive  residual  stress  state  caused  by  differences  in  load  levels. 

ef  f 

The  effective  stress-intensity  factor  (K_  )  is  equal  to  the  typical 

remote  stress-intensity  factor  (K_^)  for  the  ith  cycle  minus  the  residual 


stress-intensity  factor  (K^) 


eff 

Ki  -Ki-*R 

where  in  the  original  formulation  (References  51,56-58) 
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in  which  (see  Figure  5.2.6): 

a.  is  the  current  crack  size 
i 

a  T  is  the  crack  size  at  the  occurrence  of  the  overload 
oL 


rpoL  t*le  yield  zone  produced  by  the  overload 

K0^  is  the  maximum  stress  intensity  of  the  overload 
max  y 

K  .  is  the  maximum  stress  intensity  for  the  current  cycle, 
max  ,i 


The  equations  show  that  retardation  will  occur  until  the  crack  has 

generated  a  plastic  zone  size  that  reaches  the  boundary  of  the  overload 

yield  zone.  At  that  time,  a.  -  a  T  =  r  T  and  the  reduction  becomes  zero. 

J  l  oL  poL 

Equation  5.2.3  indicates  that  the  complete  stress-intensity  factor  cycle, 

and  therefore,  its  maximum  and  minimum  levels  (K  .  and  K  ,  ,),  are 

max , l  min , i 

reduced  by  the  same  amount  (K^) .  Thus,  the  retardation  effect  is  sensed 
by  the  change  in  the  effective  stress  ratio  calculated  by 
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Keff  .  K  -K^ 
min,i  _  min , 1  K 
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max 
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max ,  i 

since  the  range  in  stress-intensity  factor  is  unchanged  by  the  uniform 


reduction.  Thus,  for  the  ith  load  cycle,  the  crack  growth  increment 
(Aa^)  is: 


-  dif  ■  £<“’Re£f>  (5-2'6) 

For  many  of  the  early  calculations  with  the  Willenborg  model,  it  was 

eff 

assumed  that  R  rr  was  never  less  than  zero  and  that  AK  =  K  .  when  R  ,, 
eff  max,i  eff 

was  calculated  to  be  less  than  zero.  Recent  evidence,  however,  supports 
the  calculations  of  R^^  as  given  by  Equation  5.2.5  and  the  use  of  a 
negative  stress  ratio  cut-off  in  the  crack  growth  rate  calculation 
(Equation  5.2.6)  for  more  accurate  modeling  of  crack  growth  behavior. 


Another  problem  that  was  identified  with  the  original  Willenborg  model 

was  that  it  was  always  assigned  the  same  level  of  residual  stress  effect 

independent  of  the  type  of  loading.  In  particular,  it  can  be  noted 

(through  the  use  of  Equation  5.2.3  and  5.2.4)  that  the  model  predicts 
ef  f 

that  K  .  =  0,  and  therefore  crack  arrest,  immediately  after  overload 
max,i  J 

if  =  2  K  ,.  That  is,  if  the  overload  is  twice  as  large  as  (or 

larger  than)  the  following  loads,  the  crack  arrests.  To  account  for  the 
observations  of  continuing  crack  propagation  after  overloads  larger  than 
a  factor  of  two  or  more,  Gallagher  and  Hughes^^  introduced  an  empirical 
(spectra/material)  constant  into  the  calculations.  Specifically,  they 
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suggested  that 


h  =  K 


(5.2.7) 


where  <J)  is  given  by 


K 


1  - 


<p  = 


max , th 
K 

max,i 


SoL  -  1 


(5.2.7a) 


There  are  two  empirical  constants  in  Equation  5.2.7a:  K  .  which  is 

max , th 

the  threshold  stress-intensity  factor  level  associated  with  zero  fatigue 
crack  growth  rates  (see  Section  5.1.3),  and  S°^  which  is  the  overload 
(shut-off)  ratio  required  to  cause  crack  arrest  for  the  given  material. 
This  ratio  is  affected  by  the  type  of  underload/overload  cycle  as  well  as 
the  frequency  of  overload  cycle  occurrence.  Results  of  some  life 
predictions  made  using  what  has  become  to  be  called  the  "Generalized'' 
Willenborg  model  are  presented  in  Figure  5.2.8  (Reference  59). 


One  of  the  earliest  crack-closure  models  developed  for  aircraft 

(52) 

structural  applications  is  attributed  to  Bell  and  Creager  .  The 
closure  model  makes  use  of  a  crack-growth-rate  equation  based  on  an 
effective  stress-intensity  range  AK  The  effective  stress  intensity 

is  the  difference  between  the  applied  stress  intensity  and  the  stress 
intensity  for  crack  closure.  Some  examples  of  predictions  made  with  the 
model  are  presented  in  Figure  5.2.9.  The  final  equations  contain  many 
experimental  constants,  which  reduces  the  versatility  of  the  model  and 
make  it  difficult  to  apply.  Recent  work  by  Dill  and  Saff^^  shows  that 
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the  closure  model  can  be  simplified  to  the  point  of  practicality  while 
retaining  a  high  level  of  accuracy  in  life  prediction. 

Crack-growth  calculations  are  the  most  useful  for  comparative  studies, 
where  variations  of  only  a  few  parameters  are  considered  (i.e. ,  trade¬ 
off  studies  to  determine  design  details,  design  stress  levels,  material 
selection,  etc.).  The  predictions  must  be  verified  by  experiments. 

(See  Analysis  Substantiation  Tests  in  Section  7.3).  Example  calculations 
of  crack-growth  curves  will  be  given  in  Section  5.4. 

Other  factors  contributing  to  uncertainties  in  crack-growth  predictions 
are : 

•  Scatter  in  baseline  da/dN  data 

•  Unknowns  in  the  effects  of  service  environment 

•  Necessary  assumptions  on  flaw  shape  development  (Section  5.4.4) 

•  Deficiencies  in  K  calculation  (Section  5.4.4) 

•  Assumptions  on  interaction  of  cracks  (see  5.4.5) 

•  Assumptions  on  service  stress  history  (see  5.3). 

In  view  of  these  additional  shortcomings  of  crack-growth  predictions, 
the  shortcomings  of  a  retardation  model  become  less  pronounced;  therefore, 
no  particular  retardation  model  has  preference  over  the  others.  From  a 
practical  point  of  view,  the  Generalized  Willenborg  model  is  easier  to  use 
since  it  contains  a  minimum  number  of  empirical  constants. 
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5.2.5  Integration  Routines 


The  determination  of  a  crack  growth  increment  due  to  any  particu¬ 
lar  stress  history  depends  upon  an  integration  of  the  growth  rate  relation  such 
as  given  by  equations  5. 1.2-5. 1.4.  Four  general  methods  are  available  for 
this  purpose. 

The  first  approach  is  based  on  extensive  spectrum  crack  growth  data.  Tests 
which  incorporate  the  important  stress  levels,  part  geometry,  crack  shape  details 
and  loading  sequences  are  run  to  determine  the  effect  of  the  particular  variables 
of  interest  on  the  component  life. 

A  second  approach,  and  one  used  extensively,  is  the  cycle-by-cycle  crack  growth 

analysis  where  crack  rates  are  integrated  over  the  crack  length  of  interest  as 

-  ,  -  J  .  (61-62) 
a  function  of  stress  and  crack  length 

A  third  approach  is  based  on  the  statistical  stress-parameter-characterization. 
The  actual  service  stress  histories  are  replaced  with  equivalent  constant 
amplitude  stress  histories  for  the  analytical  prediction  of  component  life  . 

A  fourth  approach,  recently  developed,  utilizes  a  crack-incrementation  scheme 
to  analytically  generate  ,,miniblock,,  crack  growth  rate  behavior  prior  to 

(  f.~\  _  £  o  \ 

predicting  life.  It  combines  some  features  of  the  first  three  methods 

The  application  of  the  second  through  fourth  approaches  requires  methods  for 
integrating  the  crack  growth  rate  relations  requires  the  knowledge  of  the 
following  items: 
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(1)  An  initial  flaw  distribution, 

(2)  The  aircraft  loading  spectrum, 

(3)  Constant  amplitude  crack  growth  rate  material  properties, 

(4)  Crack  tip  stress- intensity  factor  analysis, 

(5)  A  damage  integrator  model  relating  crack  growth  to  applied  stress 
and  which  accounts  for  load-^history  interactions, 

(6)  The  criteria  which  establishes  the  life-limiting  end  point  of  the 
calculation. 


These  items  are  described  in  detail  in  Section  1.4  of  this  handbook.  The  basic 
damage  integrating  equation  is  also  presented  as  equation  1.4.1  but  is  repeated 
here : 


a  =  a  + 
cr  o 


Lf 
E  Aa 
j=l 


j 


(1.4. 1R) 


,  th 


where  Aa^  is  the  growth  increment  associated  with  the  j  time  increment,  aQ 
is  the  initial  crack  length,  a  is  the  critical  crack  length  and  t^  is  the  life 
of  the  structure.  The  determination  of  t^  is  the  objective  of  this  equation. 


Of  the  integration  methods  described  above,  the  second  and  third  are  most  fre¬ 
quently  used.  The  generation  of  the  data  required  for  the  first  method  is  very 
expensive  and  is  only  recommended  for  extremely  critical  parts. 


The  second  method,  the  cycle-by-cycle  integration  method,  uses  a  type  of 
integrating  relation  whereby  the  effect  of  each  cycle  is  considered  separately. 
This  is  generally  the  least  efficient  method,  but  if  the  spectrum  under 
consideration  cannot  be  considered  as  statistically  repeative,  it  may  be  the 
most  accurate  of  the  analytical  methods.  This  method  is  covered  in  detail  in 
subsection  5.2.6. 
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The  third  method,  using  a  statistical  characterization  of  a  crack  growth 
parameter  is  based  on  the  similarity  of  certain  variable  amplitude  crack 
growth  behavior  to  the  constant  amplitude  functional  relationship; 

|§  =  c  (K)P  (5.2.8) 

where  (da/dF)  is  the  flight-by-flight  crack  growth  behavior  and  K  is  a  stress- 
intensity  factor  parameter  that  is  derived  using  the  product  of  a  statistically 
characterizing  stress  parameter  (a)  and  the  stress-intensity  factor  coefficient 
(K/o),  i.e.. 


K  =  0  •  (K/O)  (5.2.9) 

The  statistically  characterizing  parameters  that  have  been  employed  in  the  past 
to  some  success  are  derived  using  a  root  mean  square  (RMS)  or  similar  type 
analysis  of  the  stress  range  or  stress  maximum.  The  crack  growth  behavior  of 
both  fighter  and  transport  aircraft  stress  histories  have  been  described  using 
various  forms  of  equation  5.2.8, 

One  might  imply  from  equations  5.2.8  and  5.2.9  that  the  use  of  a  single  stress 
characterizing  parameter  for  stress  histories  would  allow  one  to  utilize 
equivalent  constant  amplitude  histories  to  derive  the  same  crack  growth  rate 
behavior.  Unfortunately,  relating  constant  amplitude  behavior  to  variable 
amplitude  behavior  has  not  been  that  successful. 
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The  damage  integration  Equation  (1.4,1R)_  is  now  expressed  for  the  flight  as 


a,  =  a  +  £  Aa.  (5.2.10) 

k  °  j-i  j 

where  is  the  number  of  flights  corresponding  to  crack  length  a^,  and 
Aa_.  is  computed  from  Equation  5.2.8  evaluated  for  the  given  conditions.  The 
parameters  C  and  p  of  Equation  5.2.8  are  determined  by  a  least  squares  curve 
fit  to  previously  determined  data.  The  value  that  comes  from  employing  the 
third  method  comes  from  the  fact  that  a  somewhat  limited  variable  amplitude 
data  base  might  be  extended  to  cover  other  crack  lengths,  structural  geometry, 
or  stress  level  differences. 


The  fourth  approach  provides  an  analytical  extension  of  the  cycle-by-cycle 
analysis  to  predict  flight-by-flight  crack  growth  rates.  In  essence,  this 
approach  combines  some  of  the  best  features  of  the  other  three  methods.  The 
basic  element  in  this  analysis  is  what  is  referred  to  as  a  miniblock  which 
is  taken  to  be  a  flight  (includes  takeoff,  landing  and  all  intermediate  stress 
events)  or  a  group  of  flights.  The  approach  hinges  on  the  identification  of 
the  statistically  repeating  stress  group  that  approximates  the  loading  and 
sequence  effects  for  the  complete  spectrum. 


The  basic  damage  integration  equation  can  be  written  in  the  miniblock  form  to 

compute  the  crack  increment  (Aa)  due  to  application  of  Flights: 

G 


Aa  =  a,  -a 
k  o 


£  £  (Aa  ) 

j=l  i=l 


(5.2.11) 
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til 

where  there  are  stress  cycles  in  the  j  flight.  The  most  direct  method 

for  applying  the  equation  is  called  the  simple  crack-incrementat ion-miniblock 

approach.  Successive  crack  increments  are  obtained  at  successively  larger 

initial-crack-lengths.  Figure  5,2.10  illustrates  this  method.  The  resulting 

values  of  Aa/AF  and  the  corresponding  K  values  are  fit  with  a  curve  of  the 

max 

of  the  desired  type,  usually  similar  to  Equation  5,2.8,  which  can  now  be  used 
to  compute  life. 

An  alternate  method,  called  the  statistical  crack-incrementation-miniblock 

approach,  is  illustrated  in  Figure  5.2.11.  This  method  allows  evaluation  of 

the  effect  of  miniblock  group-to-group  variation  in  the  crack  growth  rate 

behavior.  A  number  of  different  miniblock  groups  are  used  at  each  initial 

crack  length.  A  curve  can  be  fit  through  the  mean  Aa/AF  vs.  K  values  and 

max 

the  variation  of  Aa/AF  at  each  K  can  be  observed.  Confidence  limits  can  be 

max 

determined  for  each  set  of  data. 

The  fourth  approach  provides  a  more  efficient  integration  scheme  than  the 
cycle-by-cycle  analysis.  However,  its  use  is  determined  by  the  type  of  stress 
history  that  has  to  be  integrated. 

In  summary,  there  are  a  number  of  integration  schemes  available.  These  schemes 
all  employ  modeling  approaches  based  on  either  limited  or  extensive  variable 
amplitude  data  bases  so  that  the  analyst  might  properly  account  for  loading 
and  sequence  effects  in  the  most  direct  and  most  accurate  manner. 
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5.2.6  Cycle^by^Cycle  Analysis 


Several  computer  programs  are  available  for  general  use 

that  include  one  or  more  of  the  retardation  models  in  a  crack-growth- 

*  (64) 

integration  scheme.  The  most  well  known  of  these  is  CRACKS  ,  the 

latest  version  of  which  should  be  used.  The  user  has  the  option  of  using 
any  of  the  three  retardation  models  discussed  in  the  previous  section. 

Most  airframe  companies,  however,  have  their  own  inhouse  computer  program 
for  performing  variable-amplitude  fatigue  life  calculations. 

In  general,  the  crack-growth-damage-integration  procedure  consists  of 
the  following  steps  schematically  outlined  in  Figure  5.2.12. 

Step  1.  The  initial  crack  size  follows  from  the  damage  tolerance 
assumptions  as  a^.  The  stress  range  in  the  first  cycle 
is  Aa^  (See  Section  5.4).  Then  determine  AK^  =  gAa^/fTa^ 
by  using  the  appropriate  3  for  the  given  structural 
geometry  and  crack  geometry.  (Computer  programs  frequently 
have  a  library  of  stress-intensity  factors  or  schemes  for 
tabular  data  input) . 

Step  2.  Determine  (da/dN) at  AK^  from  the  da/dN  -  AK  baseline 

information,  taking  into  account  the  appropriate  R  value. 
(The  da/dN  -  AK  baseline  information  may  use  one  of  the 
crack-growth  equations  discussed  in  Section  5.1.3.  The 
computer  program  may  contain  options  for  any  of  these 
equations,  or  it  may  use  data  in  tabular  form  and 

A 

Available  through  AFWAL/FIBEC,  Fatigue  and  Fracture  Group. 
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interpolate  between  data  points) .  The  crack  extension 


Step  3. 


Step  4. 


Step  5. 


Step  6. 


Step  7. 


Aa^  in  cycle  1  is 


Aai  ■  * 1 


The  new  crack  size  will  be  =  a^  +  Aa^. 

The  extent  of  the  yield  zone  in  Cycle  1  is  determined  as 

=  a  T  +  r  T  ,  where  a  T  =  an 
2  oL  pL  oL  1 

1  K 

with  r  =  — ’— )  for  plane  stress 
pL  2tt  a 

ys 


or  r 


pL  4/2?  ° 


,  K  i  0 

1  ,  max,lN2  -  n  .  . 

(— - )  for  plane  strain, 


ys 


The  crack  size  is  now  a^-  The  stress  range  in  the  next 
cycle  is  Ac^.  Calculate  AK  with  AK^  =  BAa^/rra^  . 
Calculate  the  extent  of  the  yield  zone 


22 


a0  +  r  0 

2  p2 


If  Y^2  <  Y 2  calculate  C^  according  to  Equation  5.2.2 

eff  eff 

when  using  the  Wheeler  model,  or  calculate  K  or  K  , 

°  max  min 

and  R  ...  according  to  Equations  5.2.3,  5.2.4,  5.2.5,  and 
etr 

5.2.7  when  using  the  Generalized  Willenborg  model.  Skip 
Steps  7  and  8,  go  to  Step  9. 

If  Y^2  ^  ^2*  determine  (da/dN)^  from  Ai^.  Determine  the 
new  crack  size 


a3  -  a2  +  ^2  *  a2  +  <3f>2  X  X- 
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Step  8.  Replace  by  Y ^  which  is  now  called  Y^.  Replace  a^ 

=  a^  by  =  a^.  Skip  Step  9,  go  to  Step  10. 

Step  9.  When  using  the  Wheeler  model,  determine  the  amount  of 
crack  growth  on  the  basis  of  AK^  from  the  da/dN  -  AK 
data.  Find  the  new  crack  size  from 

da 

a3  =  a2  +  Aa2  +  Cp  x  1. 

When  using  the  Generalized  Willenborg  model,  determine 
the  amount  of  crack  growth  using  the  AK  and  R^^  value 
determined  in  Step  6  from  the  da/dN  -  AK  data.  Determine 
the  new  crack  size  as 

a3  =  a2  +  Aa2  =  a2  +  (^>2  x  1. 

Step  10.  Repeat  Steps  4  through  9  for  every  following  cycle, 
while  for  the  ith  cycle  replacing  a^  by  a ^  and  a^  by 

ai+r 


This  routine  of  cycle-by-cycle  integration  is  not  always  necessary. 

The  integration  is  faster  if  the  crack  size  is  increased  stepwise  in  the 
following  way. 

•  At  a  certain  crack  size,  the  available  information  is  a.,  a  T  ,  Yn. 

1  oL  l 

•  Calculate  Aa_^  for  the  i  ^  cycle  in  the  same  way  as  in  Steps  4 
through  9 . 

•  Calculate  Aa. . Aaf,...,Aa  for  the  following  cycles  but  let 

3+1  3  n 

the  current  crack  size  remain  a.  constant.  This  eliminates 

l 

recalculation  of  2  every  cycle. 


5.2.18 


•  Calculate  Y^  for  every  cycle.  If  >  ,  then  replace 

Y2  Y2k  anc*  ca^  ^2*  Then  noplace  a^  by  a_^  and  call  it 

a  _  . 
oL 

•  Sum  the  crack-growth  increments  to  give 

j 

Aa  =  Z  Aa,  . 
k-i  k 

•  Continue  increasing  j  until  Aa  exceeds  a  previously  determined 
size  or  until  j  =  n  and  the  cycles  are  exhausted.  Then  increment 
the  crack  size  by 

a  *  a^  +  Aa, 

and  repeat  the  procedure. 


A  reasonable  size  for  the  crack-growth  increment  is  Aa  =  this 

choice  of  increment  typically  keeps  the  change  in  K  small.  It  can  also  be 

based  on  the  extent  of  the  yield  zone,  e.g.,  Aa  -  j—  (Y^  -  a^) .  The 

advantage  of  the  incremental  crack-growth  procedure  is  especially  obvious 

if  series  of  constant-amplitude  cycles  occur.  Since  the  crack  size  (a^) 

is  fixed,  the  stress  intensity  does  not  change.  Hence,  each  cycle 

produces  the  same  amount  of  growth.  This  means  that  all  n  constant- 

amplitude  cycles  can  be  treated  as  one  cycle  to  give 

.  da 

Aa  =  n  —  . 
dN 


The  integration  scheme  is  a  matter  of  individual  judgement,  but  may  be 
dictated  by  available  computer  facilities. 
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Figure  5.2.1.  Retardation  Due  to  Positive  Overloads,  and  Due  to 
Positive-Negative  Overload  Cycles  (Ref.  40) . 
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Figure  5.2.2.  Effect  of  Magnitude  of  Overload  on  Retardation  (Ref.  27). 
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2.5  hrs  0.25  hrs  15  hrs  240  cycles 


Figure  5.2.3.  Retardation  in  Ti-6V-4A1;  Effect  of  Hold  Periods  and 
Multiple  Overloads  (Ref.  42) . 
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Crack  Size,  mm 


Figure  5.2.4.  Effect  of  Clipping  of  Higher  Loads  in  Random 
Flight-by-Flight  Loading  on  Crack  Propagation 
In  2024-T3  A1  Alloy  (Ref.  43,  44). 
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Crack  Size,  In. 
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Figure  5.2.5.  Effect  of  Block  Programming  and  Block  Size 
On  Crack  Growth  Life  (All  Histories  Have 
Same  Cycle  Content)  Alloy:  2024-T3  Aluminum 
(Ref.  27). 
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Figure  5.2.6. 


Yield  Zone  Due  to  Overload  (rp0L) ,  Current 

Crack  Size  (a.),  and  Current  Yield  Zone  (r  ,). 
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CHAPTER  4 


RESIDUAL  STRENGTH 


4.1  INTRODUCTION 

The  strength  of  a  structure  can  be  significantly  affected  by  the 
presence  of  a  crack  and  is  usually  substantially  lower  than  the  strength 
of  the  undamaged  structure.  To  prevent  catastrophic  failure,  one  must 
evaluate  the  load  carrying  capacity  that  will  exist  in  the  potentially 
cracked  structure  throughout  its  expected  service  life.  The  load 
carrying  capacity  of  a  cracked  structure  is  the  residual  strength  of  that 
structure  and  it  is  a  function  of  material  toughness,  crack  size,  crack 
goemetry  and  structural  configuration. 

The  basic  concept  in  damage  tolerance  design  is  to  ensure  the  safety  of 
the  structure  throughout  the  expected  service  life.  To  provide  the 
required  safety,  a  structure  must  be  designed  to  withstand  service  loads 
even  when  cracks  are  present  or  when  part  of  the  structure  has  already 
failed;  i.e.,  the  structure  has  to  be  damage  tolerant.  The  overriding 
philosophy  is  to  maintain  a  minimum  required  residual  strength  so  that 
catastrophic  failure  of  the  structure  is  prevented. 

Figure  4.1.1  identifies  the  major  sequence  of  events  that  ultimately 
define  the  residual  strength  requirements.  As  can  be  noted  from  the 
figure,  once  a  safety-of-f light-critical  element  is  identified,  either 
its  structural  configuration  or  its  degree  of  inspec tability  will 
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establish  the  allowable  structural  design  concept  and  the  inspection 
level  categories.  Every  safety-of-f light-critical  element  must  be 
qualified  in  at  least  one  design  concept  category  and  in  one  inspection 
category.  Each  allowable  combination  of  design  concept  and  inspection 
category  is  coupled  in  MIL-A-83444  to  a  residual  strength  requirement, 
a  service  life  requirement,  and  a  requirement  to  assume  a  level  of 
initial  damage. 

Figure  4.1.2  illustrates  the  residual  strength  and  the  service  life 
interval  requirements  as  well  as  a  residual  strength  capability  curve. 

The  residual  strength  capability  curve  defines  the  level  of  load  that 
the  structure  can  withstand  without  failing  in  the  presence  of  a  growing 
crack.  To  account  for  the  change  in  residual  strength  capacity  as  a 
function  of  time,  it  is  necessary  to  determine  the  crack  size  as  a 
function  of  time.  The  crack-growth-life  curve  and  its  various  properties 
are  shown  schematically  in  Figure  4.1.3. 

As  can  be  seen  from  Figure  4.1.2,  when  the  residual  strength  of  the 
structure  falls  below  the  maximum  stress  in  the  service  load  history, 
failure  can  be  expected.  To  avoid  such  a  failure,  a  thorough  under¬ 
standing  of  the  problem  is  essential.  Significant  advances  have  been 
made  in  recent  years  in  procedures  for  analyzing  damaged  structures. 
Assessments  now  consider  residual  strength,  damage  growth,  interactive 
multiple  damage  sites  and  quantitative  structural  maintenance  and 
in-service  evaluations. 
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The  application  of  existing  fracture  mechanics  solution  techniques  has 
yielded  effective  methods  for  analyzing  the  residual  strength  of  the 
cracked  structure.  The  necessary  theories  and  methods  for  determining 
the  residual  strength  capability  of  cracked  structures  are  presented  in 
this  chapter.  Prior  to  presenting  this  information  in  the  following 
sections,  a  few  remarks  are  made  about  the  residual  strength  requirements 
for  the  two  damage  tolerant  design  categories:  slow  crack  growth 
structure  and  fail-safe  structure. 

4.1.1  Slow  Crack  Growth  Structure 

In  a  slow  crack  growth  structure,  the  damage  tolerance 
must  be  assured  by  the  maintenance  of  a  slow  rate  of  crack  growth,  a 
residual  strength  capacity,  and  the  assurance  that  subcritical  damage 
will  either  be  detected  at  the  depot  or  will  not  reach  unstable 
dimensions  within  the  design  lifetime  of  the  structure.  The  residual 
strength  curve  for  a  structure  which  is  inspected  periodically  is 
schematically  shown  in  Figure  4.1.4.  As  a  result  of  the  inspections, 
the  initially  assumed  cracks  do  not  grow  to  a  critical  size  and  the 
structure  is  restored  to  its  original  load  carrying  capability  when  an 
inspection  capability  equal  to  that  of  the  manufacturers  is  employed. 

Single-load-path  "monolithic"  structure  must  be  qualified  in  this 
category;  the  residual  strength  estimation  procedure  for  this  type  of 

+depot  level  inspections  have  been  eliminated  as  a  design  option 
by  ASD  for  new  slow  crack  growth  structure  in  airframes. 
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structure  is  fairly  straightforward.  Built-up  (multiple-load-path) 
structure  can  be  qualified  either  in  this  category  or  in  the  fail-safe 
category. 


4.1.2  Fail-Safe  Structure 

The  residual  strength  requirement  of  a  fail-safe  structure 
is  to  assure  damage  tolerance  following  a  partial  failure  of  the  structure. 
Damage  tolerance  is  maintained  through  detection  of  this  failure  prior  to 
total  loss  of  the  structure  and  sufficient  residual  strength  capability  for 
operating  safely  with  the  partial  failure  prior  to  inspection.  The  fail¬ 
safe  structure  is  typically  a  built-up  structure  with  multiple  load  paths 
or  crack  arrest  features  in  its  design.  In  the  event  of  failure  of  a 
structural  member,  its  load  must  be  transferred  to  and  withstood  by  the 
remainder  of  the  structure,  which  also  contains  crack  damage,  without 
causing  the  loss  of  whole  structure.  The  residual  strength  of  the  built- 
up  structure  must  be  determined  under  such  critical  circumstances  so  that 
the  fail-safe  design  requirements  are  met. 

The  analysis  of  residual  strength  capability  for  built-up  structure 
requires  the  estimation  of  the  critical  stress  level  at  which  the  partial 
failure  occurs,  as  well  as  an  understanding  of  the  capability  of  the 
total  structure  to  withstand  this  partial  failure  at  and  subsequent  to  the 
time  of  failure.  The  required  load  associated  with  the  time  subsequent 
to  failure  is  based  on  the  inspection  category;  and,  the  partially  failed 
structure  must  be  able  to  maintain  this  load  until  the  time  of  inspection. 
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Figure  4.1.1.  The  Structural  Configuration  or  Degree  of  Inspectability  Controls  the 
Subsequent  Choices  of  Design  Concept  and  Inspection  Level. 
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Figure  4.1.2.  Relationship  Between  the  Life  Expended  and  Residual  Strength 
Capability  Showing  a  Monotonic  Decrease  in  Load  Carrying 
Capacity  Due  to  Increased  Structural  Damage.  Failure  Occurs 
When  the  Residual  Strength  Capability  Curve  Intersects  the 
Required  Residual  Strength  Level. 
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Figure  4.1.3.  Relationship  Between  Crack  Length  and  Life  Expended  Showing 
a  Monotonic  Increase  in  Crack  Length  Up  Until  Failure. 

Shown  are  the  Various  Technology  and  Specification  Require¬ 
ments  Needed  to  Define  the  Crack  Growth  Curve  Which,  in  Turn, 
Establishes  the  Life  Limit. 


Figure  4.1.4.  Strength  Criteria  for  Periodically  Inspected  Damage 
Tolerant  Structure. 
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FAILURE  CRITERIA 


The  determination  of  residual  strength  for  uncracked  structures 
is  straightforward  because  the  ultimate  strength  of  the  material  is  the 
residual  strength;  whereas,  a  crack  in  a  structure  causes  a  high  stress 
concentration  resulting  in  a  reduced  residual  strength.  When  the  load 
on  the  structure  exceeds  a  certain  limit,  the  crack  will  extend.  The 
crack  extension  may  become  immediately  unstable  and  the  crack  may  propa¬ 
gate  in  a  fast  uncontrollable  manner  causing  complete  fracture  of  the 
component . 

Figure  4.2.1  illustrates  the  results  obtained  from  a  series  of  tests 
conducted  on  a  lug  geometry  containing  a  crack.  The  lug  geometry  shown 
in  Figure  4.2.1a  is  a  single-load-path  structure.  Figure  4.2.1b 
indicates  that  the  cracks  in  each  of  the  three  tests  extended  abruptly 
at  a  critical  level  of  load  which  is  noted  to  be  a  function  of  crack 
length.  The  crack  length-critical  load  level  data  shown  in  Figure  4.2.1b 
provide  the  basis  for  establishing  the  residual  strength  capability 
curve  (See  Figure  4.1.2).  The  locus  of  critical  load  levels  as  a  function 
of  crack  length  is  shown  in  Figure  4.2.1c  where  the  residual  strength 
capability  of  the  lug  structure  is  shown  to  decrease  with  increasing 
crack  length. 

Considering  the  preceding  in  terms  of  applied  stress  (a)  rather  than 

load  gives  the  a  versus  a  and  a  versus  a  plots  as  shown  in  Figure  4.2.2 

c  c 
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parts  a  and  b.  Schematically,  the  plots  exhibit  the  same  abrupt  fracture 
behavior  as  the  curves  presented  in  Figure  4.2.1.  As  also  shown  in 
Figure  4.2.2  parts  c  and  d,  crack  extension  can  first  occur  at  a  load  level 
that  is  well  below  the  fracture  critical  level.  The  point  A*  corresponds 
to  the  start  of  slow  and  stable  extension  of  the  crack.  The  unstable 
rapid  extension  leading  to  total  failure  occurs  at  Point  A.  This  kind 
of  behavior  is  observed  typically  in  thin  metal  sheets  or  in  tough 
materials.  When  different  crack  lengths  are  considered,  the  O  versus 
a^  plot  will  contain  two  distinct  curves  as  shown  in  Figure  4. 2. 2d.  The 
curve  A'B’C1  corresponds  to  the  start  of  slow  and  stable  crack  extension 
and  the  curve  ABC  corresponds  to  failure. 

In  general,  unstable  crack  propagation  results  in  fracture  of  the 
component.  Hence,  unstable  crack  growth  is  what  determines  the  residual 
strength.  In  order  to  estimate  the  residual  strength  of  a  structure, 
a  thorough  understanding  of  the  crack  growth  behavior  is  needed.  Also, 
the  point  at  which  the  crack  growth  becomes  unstable  must  be  defined 
and  this  necessitates  the  need  for  a  failure  criterion.  There  are  several 
criteria  available;  these  criteria  are  tailored  to  represent  the  ability 
of  a  material  to  resist  failure. 

4.2.1  Ultimate  Strength 

The  simplest  failure  criterion  assumes  that  failure  occurs 
at  the  ultimate  (or  yield)  strength  of  the  material.  Thus,  the  failure 
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criterion  becomes  simply 


where  Or  is  the  fracture  stress  and  F  is  the  ultimate  strength.  This 

f  tu 

criterion  is  applicable  primarily  to  uncracked  structures  and  is  included 
here  for  completeness.  In  past  analyses  of  failure  of  built-up  structure, 
the  residual  strength  of  stiffeners  was  based  upon  this  criterion.  When 
the  main  panel  between  the  stiffeners  fails  due  to  catastrophic  crack 
growth,  the  panel  loads  are  transferred  to  the  stringers  (or  stiffeners) . 
The  transferred  loads  may  increase  the  stress  level  in  the  stringer  high 
enough  to  reach  the  value  of  ,  causing  stiffener  failure. 

4.2.2  Fracture  Toughness  -  Abrupt  Fracture 

In  a  cracked  structure,  as  discussed  in  Chapter  1,  the 
stress  intensity  factor  (K)  interrelates  the  local  stresses  in  the 
region  of  the  crack  tip  with:  crack  geometry,  structural  geometry,  and 
the  level  of  load  on  the  structure.  When  the  applied  load  level  increases, 
the  K  value  also  increases  and  reaches  a  critical  value  at  which  time 
the  crack  growth  becomes  unstable  as  shown  in  Figure  4.2.3.  This  critical 
level  of  K,  which  is  independent  of  the  crack  length,  is  a  material 
property  called  fracture  toughness.  The  fracture  toughness  is  a  measure 
of  the  material’s  resistance  to  unstable  cracking.  Several  test  proce¬ 
dures  are  available  to  evaluate  the  fracture  toughness.  Also,  various 
theoretical  and  numerical  solution  techniques  are  available  as  discussed 
in  Chapter  1,  which  can  be  used  to  estimate  the  (applied)  stress  intensity 
factor,  K,  for  a  given  structure. 
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The  failure  criterion  (Irwin’s  Criterion)  states  that  abrupt  fracture 
occurs  when  the  crack-tip  stress-intensity  factor  reaches  or  exceeds  the 
fracture  toughness  of  the  material.  The  corresponding  applied  stress  at 
failure  is  called  the  fracture  strength.  The  failure  criterion  becomes 
simply 

K  >  K  (4.2.2) 

—  cr 

where  K  is  the  material’s  fracture  toughness. 

The  critical  K  for  abrupt  fracture  mode  is  denoted  as  KT  for  plane 
strain  conditions  and  for  plane  stress  conditions;  and  the  conditions 
for  plane  stress  or  plane  strain  are  determined  by  experiment.  The  test 
requirements  necessary  for  generating  and  are  discussed  in  Chapter  7. 

The  Damage  Tolerant  Design  (Data)  Handbook^^  contains  a  large  quantity 
of  fracture  toughness  data.  Examples  of  the  formats  associated  with 
individual  test  data  for  7075  aluminum  alloy  are  shown  in  Figures  4.2.4 
and  4.2.5  for  plane  strain  and  plane  stress  fracture  toughness  values, 
respectively.  In  general,  a  material’s  toughness  depends  on  thickness  as 
shown  in  Figure  4.2.6.  When  the  thickness  is  such  that  the  crack  tip 
plastic  zone  size  is  on  the  order  of  the  plate  thickness,  the  toughness 
reaches  a  maximum  value,  (max) *  With  increasing  thickness  of  the  plate, 
the  plastic  zone  size  reduces  and  thus  the  toughness  gradually  decreases, 
from  Kc(max)  to  When  the  thickness  is  large  enough  that  the  crack  tip 

deformation  is  not  affected  by  the  thickness,  plane  strain  conditions 
prevail  at  the  crack  tip.  The  toughness  in  the  plane  strain  regime  is 
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virtually  independent  of  thickness.  For  increasing  thickness,  the 
toughness  asymptotically  approaches  the  plane  strain  fracture  toughness, 

Kt  • 

Ic 

4.2.3  Crack  Growth  Resistance  -  Tearing  Fracture 

As  illustrated  in  Figures  4.2.2c  and  d,  when  the  crack 

extends  by  a  tearing  mode  of  fracture,  which  typically  occurs  in  thin  metal 

sheets  or  in  tough  materials,  the  crack  extension  is  essentially  slow  and 

stable.  The  failure  condition  for  tearing  fractures  depends  on  the  crack 

growth  resistance  (K  )  behavior  of  the  material  and  the  applied  stress- 

R 

intensity  factor  K,  which  in  turn  depends  on  the  crack  and  structural 
configurations.  Figure  4.2.7  describes  the  observations  that  lead  to  the 
development  of  the  crack  growth  resistance  curve  (K  vs.  Aa) .  Figure  4.2.7 
parts  a  and  b  present  the  tearing  behavior  as  a  function  of  applied  stress 
and  the  corresponding  stress- intensity  factor,  respectively.  Figure  4.2.7c 
presents  the  crack  growth  resistance  curve  which  is  a  composite  of  the 
three  stress-intensity  factor  curves  shown  in  Figure  4.2.7b.  Note  that  the 
composite  was  created  by  using  the  amount  of  physical  crack  movement 
observed  in  each  case  as  the  independent  variable.  As  implied  by  the 
data  points  on  the  crack  growth  resistance  curve  in  Figure  4.2.7c,  the 
stress-intensity  factor  level  associated  with  material  failure  is  not 
necessarily  constant. 

Shown  in  Figure  4.2.8  is  a  resistance  curve  for  a  7475  aluminum  alloy 
described  as  a  function  effective  crack  length  (Ref.  2).  The  effective 
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crack  length  is  the  sum  of  the  physical  crack  length  and  the  plastic 
zone  size  corresponding  to  the  current  crack  length  and  loading  conditions. 

Indeed,  while  the  shape  of  the  resistance  curve  is  basically  independent 
of  crack  length  or  other  geometrical  effects,  the  fracture  level  is  a 
function  of  crack  length  (See  Figure  4.7.9).  To  account  for  this  variation 
in  fracture  critical  level,  a  two  parameter  failure  criterion  was  required. 
However,  before  introducing  the  two  parameter  criteria  that  are  used  for 
more  accurate  estimates,  approximate  single  parameter  criteria  for 
tearing  failures  are  presented. 

4. 2.3.1  The  Apparent  Fracture  Toughness  Approach 

Due  to  the  complexity  of  the  two  parameter 
fracture  criteria  for  tearing  fracture  behavior,  engineers  sometimes 
obtain  preliminary  estimates  of  the  residual  strength  using  a  single 
parameter  fracture  toughness  criterion.  Figure  4.2.10  describes  the 
stress-crack  length  levels  associated  with  the  onset  of  cracking  (K  = 
and  fast  fracture  (K  =  K  )  conditions  for  a  tearing  material.  Inter¬ 
mediate  between  the  two  curves  established  from  material  observations  is 
a  third  curve  referred  to  as  the  apparent  fracture  curve.  The  apparent 
fracture  toughness  (K^pp)  is  established  from  the  same  data  employed  to 

derived  and  K  .  The  calculation  procedure  uses  the  onset  (or 

ONSET  cr  r 

initial)  crack  length  (a^)  and  the  final  recorded  stress  level  (o  )  for 
the  tests  conducted.  Thus,  K^pp  represents  a  fracture  toughness  level 
bounded  by  the  onset  and  fast  fracture  levels. 
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For  lower  bound  estimates  of  the  residual  strength  for  fast  fracture 


of  a  tearing  material,  one  could  equate  the  level  of  applied  stress- 
intensity  factor  (K)  to  the  apparent  fracture  toughness  (K.pp),  i.e., 

Al  r 

assume  that  fracture  occurs  when 


(4.2.3) 


K  =  K 


“APP 


in  order  to  determine  the  critical  level  of  stress.  Equation  4.2.3  is 
an  abrupt  failure  criterion  for  a  tearing  fracture. 


4. 2. 3. 2  The  Resistance  (R)  Curve  Approach 


If  the  crack  tip  plastic  zone  size  is  estimated 


to  be  on  the  order  of  the  structural  thickness  but  substantially  smaller 
than  other  geometrical  variables  (crack  length,  ligament  size,  height, 
etc.),  a  linear  elastic  fracture  mechanics  analysis  can  still  be  sensibly 
used  to  predict  the  catastrophic  cracking  event.  The  failure  criterion 
for  tearing  type  fractures  under  these  conditions  states  that  fracture 
will  occur  when  (1)  the  stress-intensity  factor  K  reaches  or  exceeds  the 
material’s  fracture  resistance  and  (2)  the  rate  of  change  of  K  (with 
respect  to  crack  length)  reaches  or  exceeds  the  rate  of  change  of 
(with  respect  to  crack  length) .  Physically,  the  criterion  means  that  at 
failure,  the  energy  available  to  extend  the  crack  equals  or  exceeds  the 
material  resistance  to  crack  growth.  The  failure  criterion  becomes 
simply. 


(4.2.4) 
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The  corresponding  applied  stress,  at  this  point  is  defined  as  the 

fracture  stress  which  determines  the  residual  strength  of  the  cracked 
structure.  The  criterion  presented  in  Equation  4.2.4  is  noted  to  be  a 
two  parameter  criterion  rather  than  the  single  parameter  criteria  that 
was  presented  in  paragraph  4. 2. 3.1.  To  interpret  the  meaning  of  this 
criterion,  first  consider  the  structural  parameters  that  are  a  function 

Bk 

of  the  geometry  and  stress,  i.e.  K  and  . 

In  general,  the  estimation  of  K  involves  the  relationship  K  =  aft/iTa 
as  given  in  Chapter  1;  using  this  equation,  the  variation  of  K  with 
respect  to  crack  length  (a)  can  be  obtained  for  various  values  of  stress 
(a)  as  shown  in  Figure  4.2.11a.  Shown  in  Figure  4.2.11b  is  the  variation 
of  Kr  with  respect  to  the  crack  extension  (Aa)  that  was  developed  for  the 
given  material  using  the  procedures  outlined  in  Figure  4.2.7.  Since  this 
R-curve  is  assumed  to  be  independent  of  the  initial  crack  length,  it  can 
be  superimposed  on  the  plot  of  K  versus  a  as  shown  in  Figure  4.2.11c. 

The  tangency  point  between  the  applied  stress  intensity  factor  curve 
(K  vs.  a)  and  the  R-curve  (K^  vs.  Aa)  determines  the  commencement  of 
unstable  crack  propagation.  In  general,  the  accurate  method  of  deter¬ 
mining  the  tangency  point  involves  the  numerical  solution  based  on  the 
experimentally  obtained  R-curve.  Using  a  least  squares  determined 
polynomial  expression  for  R-curve  and  knowing  an  expression  for  K  in 
terms  of  crack  length,  the  common  tangent  point  can  be  obtained  by 

equating  the  functional  values  (K  =  K  )  and  also  the  first  derivatives 

dK  dKR 

with  respect  to  the  crack  length  (—  =  .  )  of  these  two  expressions. 
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The  slow  stable  tear  is  dependent  on  a  structural  configuration  in 
which  the  plastic  zone  at  the  crack  tip  is  no  longer  negligible  but  not 
enormous.  References  3,  4  and  5  explain  the  dependence  of  the  R-curve 
on  structural  configuration  as  well  as  with  test  procedures  used  to 
evaluate  the  R-curve.  See  Chapter  7  for  additional  information  on  test 
procedures  and  the  Damage  Tolerant  Design  (Data)  Handbook^^  for  a 
summary  of  available  data. 


4. 2.3.3  The  J-Integral  Resistance  Curve  Approach 

The  crack  growth  resistance  curve  (K^)  has 
shown  good  promise  for  materials  where  limited  (small-scale)  yielding 
occurs  in  front  of  the  crack  tip.  Difficulties  in  estimating  crack  tip 
plasticity  under  large-scale  yielding  conditions,  led  Wilhen/^  to  an 
alternate  failure  criterion  based  on  the  J-integral^  .  For  a  basic 
introduction  to  the  J-integral  see  Section  1.9. 


Wilhemfs  J-integral  criterion  is  similar  to  the  K  -  curve  criterion;  it 

K 


states  that  failure  will  occur  when  the  following  conditions  are  met: 

(4.2.5) 


/l  >  /T  ; 


—  R  ’  da  —  da 

where  J  is  the  value  of  the  applied  J-integral  and  J  is  the  value  of  the 

R 

J-integral  representing  the  material  resistance  to  fracture.  The  applied 
stress  (c^)  corresponding  to  Equation  4.2.5  is  defined  as  the  fracture 
stress.  Since  the  effect  of  large-scale  yielding  can  be  appropriately 
incorporated  through  a  suitable  elastic-plastic  model  in  the  estimation 
of  J-integral,  it  becomes  an  effective  parameter  for  predicting  failure 
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under  plane  stress  conditions  where  the  plastic  zone  size  is  signifi¬ 
cantly  large. 

The  crack  resistance  curve  for  the  tearing  failure  is  now  represented 
by  /j^  vs.  Aa  curve  instead  of  vs.  Aa  curve.  The  use  of  /j^  rather 
than  J  is  justified  by  the  fact  that  /j  is  directly  related  to  the 
stress- intensity  factor  for  elastic  behavior  through  the  equation 

J  =  K2/E'  (4.2.6) 

where  Ef  is  the  elastic  modulus  (E)  for  plane  stress  conditions  and 
E/(l-v2)  for  plane  strain  conditions. 


For  different  levels  of  applied  load,  the  J-integral  can  be  computed 

using  finite  element  techniques  for  the  structure  of  interest  for  a 

series  of  different  crack  sizes;  the  /j  versus  crack  length  curve  is 

illustrated  in  Figure  4.2.12a  for  a  constant  level  of  applied  stress. 

It  is  noted  that  this  curve  will  incorporate  the  influence  of  material 

properties  (yield  strength  and  strain  hardening  exponent)  through  the 

finite  element  analysis.  In  a  manner  similar  to  the  stress- in tensity 

factor  type  resistance  curve,  i.e.  the  curve,  the  resistance  curve 

based  on  /JT  can  be  experimentally  obtained ^ 9 ^ .  A  /jT  versus  crack 
R  R 

movement  (Aa)  curve,  i.e.  the  J-integral  resistance  curve,  is  schema¬ 
tically  illustrated  in  Figure  4.2.12b.  The  failure  criterion  is  also 
based  on  the  tangency  conditions  between  the  /j  versus  crack  length  curve 

and  the  /TI  versus  crack  movement  curve.  To  obtain  this  condition,  the 
R 

JJI  vs.  Aa  curve  can  be  superimposed  on  the  plot  of  /j  vs.  a  curve  such 
R 
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that  at  some  crack  length  these  two  curves  are  tangent  to  each  other  as 
shown  in  Figure  4.2.12c.  The  corresponding  crack  length  then  defines  the 
critical  crack  size  of  the  structure  for  the  fracture  stress,  0^. 
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APPLIED  STRESS  (a)  APPLIED  STRESS  (a) 
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CRACK  SIZE 


(a)  Individual  Test  Data- 
Abrupt  Failure 


(b)  Critical  Stress  Data  Summarized- 
Abrupt  Failure 


(c)  Individual  Test  Data- 
Tearing  Failure 


(d)  Critical  Stress  Data  Summarized- 
Tearing  Failure 


Figure  4.2.2.  Fracture  Data  Described  as  a  Function  of  Crack  Length. 
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— PRODUCT —  TEST  SPECIMEN  YIELD  - SPECIMEN -  CRACK  2.  5*  (k/c)  STAN 

CONDITION  FORM  THICK  TEMP  ORIENT  STRENGTH  WIDTH  THICK  DESIGN  LENGTH  (K ( IC ) /TYS ) **2  K(IC)  MEAN  DEV  DATE  REFER 

< IN )  <F>  (KSI )  (IN)  (IN)  (IN)  (IN)  (KSI*SQRT  IN) 
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Figure  4.2.4.  Plane-Strain  Fracture  Toughness  (Kjc)  Data  for  7075  Aluminum  in 
the  Format  of  Reference  1. 
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Figure  4.2.5.  Plane-Stress  Fracture  Toughness  (Kc)  Data  for  7075  Aluminum  in 
the  Format  of  Reference  1. 
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Figure  4.2.6.  Fracture  Toughness  Behavior  as  a  Function  of  Thickness. 
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Figure  4.2.7.  Schematic  Illustration  of  Tearing  Fracture  Behavior  and  the 
Development  of  a  Crack  Growth  Resistance  Curve  (R-Curve) . 
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Kr  Curves  from  7475  Alloy,  16  Inch  Wide  Panels,  0.5  Inch  Thickness 
(Reference  2) . 
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Figure  4.2.9.  Schematic  Illustration  of  Tearing  Fracture  Behavior  Which  Further 
Defines  the  Change  in  Critical  Level  of  Fracture  Toughness  as  a 
Function  of  Crack  Length  (Also  See  Figure  4.2.7). 


STRESS 


Figure  4.2.10.  Description  of  the  Three  Fracture  Toughness 

Criteria  that  are  Utilized  to  Estimate  Residual 
Strength  Under  Tearing  Fracture  Conditions, 
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(a)  Driving  Force 


(b)  Resistance  to  Crack  Growth 


Crack  Length  (a) 

(c)  Establishment  of  Critical  Conditions 

Figure  4.2.11.  Schematic  Illustration  of  the  Individual  and 
Collective  Parts  of  A  Fracture  Analysis. 
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a.  Driving  Force 


Crack  Movement  (Aa) 


b.  Resistance  to  Crack  Growth 


c. 


jt, 

ONSET  CR 


Establishment  of 


Crack  Length  (a) 
Critical  Conditions 


Figure  4.2.12.  Schematic  Illustration  of  the  Individual  and 
Collective  Parts  of  a  Fracture  Analysis. 
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4.3  RESIDUAL  STRENGTH  CAPABILITY 

To  establish  the  residual  strength  capability  of  a  given  structure 
under  certain  loading  conditions,  prediction  techniques  must  be  developed 
with  a  thorough  understanding  of  the  complexities  involved  in  evaluating 
the  residual  strength.  For  monolithic  or  single  load  path  structures 
which  must  be  classified  as  slow  crack  growth  structures,  the  estimation 
of  residual  strength  capability  is  straightforward.  In  multiple  load 
path  (built-up)  structures,  whether  classified  as  slow  crack  growth  or 
fail-safe  structures,  the  strength  analysis  can  become  complicated,  due 
to  the  complex  geometric  construction  of  the  built-up  components.  In 
general,  the  prediction  techniques  are  based  on  the  critical  value  of 
the  stress-intensity  factor  for  a  given  geometry  and  loading.  Using 
fracture  toughness  failure  criteria  as  explained  earlier,  the  decay  in 
critical  stress  can  be  obtained  in  terms  of  crack  size. 

As  described  by  Figure  4.1.2,  the  residual  strength  capability  is  a 
function  of  service  time  for  a  given  structure.  This  is  because  the 
residual  strength  capability  depends  on  the  size  of  the  crack  in  the 
structure  and  the  crack  grows  as  a  function  of  time.  Thus  to  obtain  a 
residual  strength  capability  curve  (Figure  4.1.2),  one  needs  two  types  of 
data:  (a)  the  relationship  between  crack  length  and  time  and  (b)  the 

relationship  between  fracture  strength  (G^)  and  crack  length.  Chapter  5 
is  devoted  to  obtaining  the  crack  length-time  relationship  and  the  re¬ 
mainder  of  this  chapter  is  devoted  to  presenting  methods  and  procedures 


4.3.1 


for  obtaining  the  fracture  strength-crack  length  (c^  vs.  a)  relationship. 
It  is  to  be  noted  that  the  vs.  a  relationship  is  independent  of  time 
and  has  been  referred  to  in  the  general  literature  as  the  residual 
strength  diagram.  This  section  presents  useful  information  about 
residual  strength  diagrams  for  single  load  path  and  for  multiple  load 
path  structures. 

4.3.1  Single  Load  Path  Residual  Strength  Diagrams 

For  a  single  load  path  structure,  such  as  an  unstiffened 

panel,  the  residual  strength  diagram  under  plane  strain  conditions, 

consists  of  a  single  curve  as  shown  in  Figure  4.3.1.  The  procedure  for 

developing  the  residual  strength  diagram  involves  the  calculation  of 

the  critical  stress  o^,  for  the  critical  crack  length  a^,  using  the 

relationship  K  =  CLft/rTa  where  K  is  the  known  value  of  fracture 
r  cr  f  c  cr 

toughness  of  the  material.  (K  may  be  equal  to  or  depending  on 

the  problem.)  The  plot  of  0^  vs  a^  then  provides  the  necessary  residual 
strength  diagram  required  in  design  analysis  for  the  simple  configuration. 

The  available  fracture  mechanics  solution  techniques,  as  given  in 
Chapter  1,  can  be  employed  in  the  calculation  of  the  crack-tip  stress- 
intensity  factor  K  to  construct  the  residual  strength  diagram.  Depending 
on  the  complexity  of  the  structure,  K  can  be  calculated  either  numerically 
or  through  closed  form  solutions.  These  techniques,  in  conjunction  with 
an  appropriate  failure  criterion,  can  then  be  used  to  determine  the 
residual  strength  capabilities  of  a  given  structure. 
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In  general,  the  construction  of  a  residual  strength  diagram  involves 
three  steps: 

(a)  The  development  of  the  relationship  between  the  applied  stress 
O,  the  crack  length  parameter  a,  and  the  applied  stress-intensity  factor 
K  for  the  given  structural  configuration  (See  Section  1.6). 

(b)  The  selection  of  an  appropriate  failure  criterion  based  for  the 
expected  material  behavior  at  the  crack  tip  (See  Section  4.2). 

(c)  The  fracture  strength  (c^)  values  for  critical  crack  sizes  (a^) 
are  obtained  utilizing  the  results  of  the  first  two  steps  and  residual 
strength  diagram  ( 0^  vs  a^)  for  the  given  structural  configuration  is 
plotted . 

To  understand  these  three  steps  for  constructing  a  residual  strength 
diagram,  the  following  two  examples  are  considered.  The  first  example 
considers  a  wide  thin  panel  with  a  central  crack  which  has  a  simple 
relationship  for  the  stress  intensity  factor.  The  second  example  con¬ 
siders  corner  and  embedded  cracks  emanating  from  a  hole;  the  second 
configuration  does  not  have  a  simple  relationship  for  the  stress- 
intensity  factor.  These  two  examples  will  illustrate  the  importance  of 
the  stress-intensity  factor  for  constructing  the  residual  strength  diagram. 

EXAMPLE  4.3.1  Unstiffened  Center  Crack  Panel 

Construct  the  residual  strength  diagram  for  the  wide  unstiffened  panel 
shown  in  Figure  4.3.2,  assuming  that  the  structure  is  made  from  7075-T6 
aluminum  sheet  material,  with  a  fracture  toughness  of  40  ksi/in. 
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SOLUTION: 


Following  the  three  step  process,  the  first  step  that  must  be 
taken  is  to  define  the  stress-intensity  factor  relationship.  From 
Table  1.7.1,  the  stress  intensity  factor  for  a  wide  unstiffened,  center 
crack  panel  is  given  by 

K  =  o/ira  (4.3.1) 

The  second  step  is  to  define  the  failure  criterion.  For  this  problem, 
it  is  assumed  that  an  abrupt  fracture  occurs  and  the  condition  that 
defines  the  fracture  is 

K  =  K  =  K  =  40  ksi/in  (4.3.2) 

cr  c 

The  third  and  final  step  is  to  utilize  the  results  of  the  first  two 
steps  to  derive  a  relationship  between  fracture  strength  (o  )  and 
critical  crack  size  (ac)  from  Equations  4.3.1  and  4.3.2,  the  vs  a 
relationship  is  given  by 

oc/a~  =  40/ /n  (4.3.3) 

f  c 

For  a  half  crack  size  (a^)  of  2.0  inch,  the  fracture  strength  (o^)  is 
about  16.  ksi.  Other  (o^  vs  a^)  values  can  be  similarly  obtained.  Once 
a  sufficient  number  of  values  are  available,  the  residual  strength  diagram 
can  be  developed. 

One  could  also  attack  the  problem  in  the  graphic  manner  which  will  now  be 
explained  using  Figure  4.3.3.  The  three  steps  are  identified  in  Figure 
4.3.3a. 


The  first  step  is  to  construct  a  plot  of  K  vs  a  using  Equation  4.3.1  for 
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various  values  of  stress.  The  second  step  requires  that  one  superimpose 

the  horizontal  line  K  =  K  =  40  Ksi/in  on  the  diagram.  This  line 

represents  the  critical  stress  intensity,  i.e.,  fracture  toughness,  for 

this  material  and  is  independent  of  crack  length.  Step  3  utilizes  the 

intersection  points  of  the  horizontal  line  with  curves  where  the  failure 

criterion  is  satisfied,  i.e.  where  K  =  G./ira  .  The  values  of  the  re- 

cr  f  c 

spective  stresses  and  the  crack  sizes  at  these  points  are  termed  to  be 
the  failure  stresses  and  the  critical  crack  sizes  for  the  given  structure, 
i.e.,  the  unstiffened  panel.  In  Figure  4.3.2b,  the  residual  strength 
diagram  is  finally  constructed  by  plotting  the  0^  vs  a^  curve. 


EXAMPLE  4.3.2  Cracked  Fastener  Hole 

Construct  the  residual  strength  diagrams  for  the  radially  cracked  structure 
shown  in  Figure  4.3.4.  Consider  the  two  radial  crack  geometries  separately, 
i.e.,  construct  one  residual  strength  diagram  for  the  corner  cracked  hole 
and  one  residual  strength  diagram  for  the  embedded  (bore  type)  cracked 
hole  illustrated  in  Figure  4.3.4b.  For  purposes  of  this  example,  the 
crack  geometry  is  assumed  to  maintain  the  same  crack  shape  (a/b  ratio)  as 
the  crack  grows.  Also  assume  the  fastener  hole  is  unloaded  and  the  plate 
is  subjected  to  remote  uniform  stress  along  the  edge  as  shown  in  Figure 
4.3.4. 

SOLUTION: 

The  first  step  in  the  construction  of  the  residual  strength  diagram 
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is  to  obtain  the  stress-intensity  factor  relationships  (K  =  aB/ffa)  for 
the  structural  configuration.  The  estimation  of  $  may  involve  closed 
form  solutions  or  numerical  solutions,  depending  on  the  complexities  of 
the  structural  geometry.  Fujimoto^^  has  presented  one  method  for 
obtaining  the  stress  intensity  factors  at  points  A  and  B  shown  in  Figure 
4.3.4b  for  the  given  geometry  (See  Section  1.7  for  other  solutions).  The 
required  stress  intensity  factor  relationship  has  the  following  forrr/"^  , 

(4.3.4) 


and 

where 


K .  =  B.  o/rra 
A  A 

K  =  B„  o/nb 
B  B 


(4.3.5) 


ba  ■  z  n  Ai  ^ 

1=0 


(4.3.6) 


and 


6B  '  .£„  Bi  (Si>1 

i=0 


(4.3.7) 


The  coefficients  A.  and  B.  are  evaluated  by: 

ii 

A.  =  Z  I  A  (f)j  (^)k 
1  j=0  k=0  ljk  b  B 


(4.3.8) 


and 


B  =  I  Z  B  (f)j  (hk 

1  j=o  k=o  ljk  b  B 


(4.3.9) 


The  constants  A„^  and  f°r  t*ie  various  configurations  are  summarized 

in  Table  4.3.1^^.  The  solutions  presented  by  Equations  4.3.4  through 
4.3.9  are  suggested  to  be  accurate  to  within  +  7%  for  0.5  £  a/b  £  2, 
a/R  <  3  and  b/B  <  0.8  (corner  crack)  and  b/B  <  0.95  (embedded  flaw).  For 
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TABLE  4.3.1 


COEFFICIENTS  FOR  CORNER  (A  )  AND  EMBEDDED  (B...)  FLAWS 

ljk  ljk 


Table  I 


Ajjk  Coefficients 

Open 

Loaded 

Opan 

Loaded 

Aijk 

Hole 

Hole 

Hole 

Hole 

Corner 

Corner 

Embedded 

Embedded 

Flaw 

Flaw 

Flaw 

Flaw 

*000 

-1.73913 

-0  44699 

-1.26736 

-0.27428 

*001 

2.18447 

-0.41009 

0  22793 

-0.37981 

A002 

-12.31660 

-0.17500 

-0.31572 

1,06466 

*003 

12.28036 

-0.28705 

0.27700 

-0.70431 

AOIO 

2.03400 

0.49602 

1  46408 

0.22855 

Aoil 

-5.54602 

-1.17354 

-0.51878 

0.80844 

*012 

26  30347 

0.05565 

0  60348 

-2  20899 

A013 

-28.83108 

0.52655 

-0.64122 

1.42081 

A020 

-0.62550 

-0,15949 

-0.42884 

-0.04803 

*021 

2.04171 

0.52542 

0.59595 

-0.31512 

A022 

-10.08710 

-0  15182 

-1.10433 

0.82786 

A023 

11.28916 

-0  12493 

0  82250 

-0  51180 

*100 

20  44604 

3.62963 

16.35029 

2.04350 

AlOl 

-12.98692 

-3  42947 

-1.36796 

3.18371 

A 102 

79  06818 

1.25362 

0.90021 

-8.85802 

A 103 

-81  39789 

2,58161 

-1  10382 

5  83154 

AllO 

-19.15893 

-4.24345 

-14.44464 

-1  80365 

Am 

32.54240 

9  71349 

3.18175 

-6  91026 

Al12 

-153  17228 

0  99495 

-0.90493 

18  66301 

Ai  1 3 

183  89616 

-5.61054 

2  48066 

-11  94847 

Al20 

5.63804 

1.38285 

3.97690 

0.38262 

a1  21 

-1  1.48757 

-4.33299 

-4.73213 

2  70521 

Al22 

57.78026 

0.50822 

8  12799 

-7  01695 

Al  23 

-71  50791 

1.70251 

—6  10715 

4.30908 

a200 

-54.07142 

-8.73901 

-40.03081 

-3.66265 

A201 

26  28259 

10.12695 

1  69908 

-9.40318 

A202 

-173.61978 

-2.81193 

5.31024 

26.26181 

A203 

186.67485 

-8.39172 

-2.33583 

-17  22762 

A210 

55.38509 

12  06427 

37,64427 

4.07100 

A211 

-6548530 

-28  54288 

-4.94141 

20  73286 

a2  1 2 

310.31737 

-4.71604 

-11.78825 

-55  81962 

A213 

-414.90592 

18.60957 

3.89408 

35.80193 

a220 

-16.99852 

-4.10506 

-10  77498 

-0  88681 

a221 

21  87818 

12.64776 

12.74285 

-8.14196 

A222 

-113  03797 

-0.10892 

-19.73785 

21  00805 

a223 

159  51377 

-6  34499 

14  67313 

-12  89406 

A300 

63  91046 

9  86487 

44  09282 

3  18017 

A301 

-21.34684 

-12.58513 

1  30029 

1 1  71907 

A302 

155  66256 

2.41823 

-17.28515 

-32  85878 

A303 

-177  54153 

11.37710 

10.22270 

21.47714 

A310 

-69  55437 

-14.91176 

-42  79166 

-4.23316 

A311 

53.27534 

35  32007 

-0  41580 

-26.09328 

A312 

-239  17594 

9  64735 

34.36822 

70.23733 

A313 

382.87850 

-26  68173 

-19.03715 

-4  5  03193 

A320 

21.9721  1 

5  18043 

12.56399 

0.94129 

A321 

-16.45864 

-15.54508 

-13.63744 

10.23302 

A322 

81  63436 

-2.04295 

18  05169 

-26  34017 

A323 

-144  56350 

9  86170 

-13.65703 

16.12578 

A4OO 

-25.48746 

-3  45644 

-15.57989 

-0.32568 

A401 

6.0741 1 

5  63847 

-2.29626 

-5.26245 

A402 

-47  33858 

-047231 

12.79822 

14  81260 

A403 

58  83734 

-5.58817 

-7.87547 

-9.62040 

A410 

30  61973 

6.33835 

16  18076 

1  20944 

A411 

-15  30575 

-15.72380 

3  64549 

11.77369 

A412 

56.77733 

-5.25457 

-24.86827 

-31  67043 

A413 

-123  39537 

13.06793 

15.10964 

20.30113 

A42O 

-10.04444 

-2  28421 

-4.93434 

-0.27841 

A421 

4.18466 

6  85458 

4.68604 

-4  60124 

A422 

-16  39237 

1.58956 

-4.47318 

11.81074 

A423 

45.39223 

-5.06460 

3.68566 

-7.22032 

Table  H 


Bjjfc  Coefficients 

Open 

Loaded 

Open 

Loaded 

Bijk 

Hole 

Hole 

Hole 

Hole 

Corner 

Corner 

Embedded 

Embedded 

Flaw 

Flaw 

Flaw 

Flaw 

Booo 

0.54048 

0.15717 

-0.14090 

-0.04578 

B001 

-8  13585 

-0.18905 

-0.19118 

0.23456 

B002 

38.74291 

0.36964 

-1.42513 

-1.03245 

B003 

-36.61072 

-0.55842 

2.70092 

1.04606 

BOIO 

-0.51374 

-0.34371 

0  24126 

0.02019 

Boil 

20.70229 

0.6718B 

-0  06062 

-0.68745 

B012 

-96.53400 

-1.02481 

3  50309 

2.60507 

B013 

94.56232 

2  24038 

-5.56386 

-2.53181 

b020 

0 23259 

0.13161 

-0  03900 

-0.01654 

B021 

-8  10325 

-0  24870 

0  14748 

039027 

B022 

37.49696 

0.15076 

-1.79208 

-1.40898 

b023 

-36  02049 

-043639 

2.62247 

1.30659 

B100 

-3.93066 

-1.40838 

1.51775 

0.39092 

BlOl 

54  54817 

3.05268 

2.95869 

-1.89716 

Bl02 

-267  23920 

-5  58993 

6  91519 

8.31125 

Bl03 

257.44638 

5.83453 

-18  34105 

-8.38878 

BlIO 

10.54763 

4  2138B 

2.99000 

0.49356 

Bill 

-137  75080 

-8.95923 

1  42239 

5.83529 

Bl  12 

658.29611 

13.40329 

-33  45103 

-22.27612 

Bl  13 

-664  66240 

-20.77969 

51.72551 

21.67629 

Bl20 

-3.12356 

-1.39814 

-0  63004 

0.03033 

Bl  21 

53  5B138 

3.40310 

-0.68160 

-3.10127 

Bl22 

-250.42133 

-2.82250 

12.97239 

11.27094 

8 123 

246  15655 

3.95030 

-20  04903 

-10.45358 

e200 

12.31339 

4  73501 

-4  21283 

-1.00774 

e201 

-130.01489 

-13.23293 

-14  43670 

4.85151 

8  202 

652.54759 

23.67186 

1  64581 

-21.38737 

8 203 

-639.45674 

-20.29833 

33.74666 

21.56301 

b210 

-25.20873 

-11.55251 

—4  32532 

-0.24067 

B211 

329.32411 

36.63884 

8.63271 

-14.25572 

B212 

-1601.55759 

-56  47692 

47.76155 

54.50932 

B213 

1664.84801 

69.79620 

-103.79259 

-53.08007 

8220 

8.01373 

4.12442 

1.06179 

-0.25385 

8221 

-126.43281 

-13.84244 

-2  78214 

7.75229 

B222 

602  66553 

14  96288 

'  -18.70448 

-2a  10606 

B223 

-608  02169 

-15.00235 

40.49219 

26  14542 

b300 

-14.68582 

-6.15314 

5.54863 

1.21024 

8301 

130  65565 

21.26107 

23.96607 

-5  08309 

B302 

-678.54260 

-39.04345 

-27.28160 

22.36259 

B303 

680.29731 

30  88059 

-18.01680 

-22.53679 

8310 

32.19384 

15.42347 

6.56869 

0.72364 

B311 

-329.36748 

-56.34595 

-20.61094 

15.16998 

b3  1 2 

1648  82514 

89.92427 

-16.75978 

-57.78589 

B313 

-1780  81402 

-99  14050 

88.27022 

56.49131 

B320 

-10.69055 

-5.64651 

-2.00699 

0.07354 

B321 

124.22248 

21  24180 

8.57289 

-7.89956 

B322 

-605  34757 

-24  65551 

1.19613 

*  28  37763 

B323 

632.49290 

21  54101 

-28.78621 

-26  44062 

B400 

6.62558 

2.93506 

-2.17015 

-0  404  5  5 

b401 

-47.11327 

-11.40477 

-12.23145 

1  91775 

b402 

252  80634 

20  97539 

19  85932 

-B. 33485 

b403 

-260  05599 

-1575597 

-0.06542 

8.32499 

B410 

-15  12721 

-7.31732 

-3.18803 

-0.37767 

b4  1 1 

118  27654 

29  53266 

12.75632 

-549372 

b412 

-604  94418 

-46  78340 

-9.48745 

20.67719 

b413 

681.55676 

47  49374 

-21.42362 

-20.07632 

b420 

5  12997 

2.70455 

0.99823 

-0  00082 

B421 

-43  91149 

-11  21255 

-5.70704 

2.73978 

B422 

217.00926 

13  56194 

8.16120 

-9  63864 

B423 

-234.55121 

-10.63665 

3  75003 

8.91080 
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the  detailed  solution  procedures  involved  in  obtaining  these  expressions, 
refer  to  the  paper  by  Fujimoto^^  who  also  presents  solutions  for  the 
condition  where  the  fastener  is  loaded. 

Subjected  to  the  conditions  when  the  crack  size  ratio  (a/b)  is  equal  to 

1.0,  the  stress-intensity  factor  solutions  for  points  A  and  B  are  given 

in  Figure  4.3.5  for  the  quarter-circular  corner  crack  and  in  Figure  4.3.6 

for  the  embedded  semicircular  crack.  The  K,  and  K  curves  in  these  two 

A  B 

figures  were  obtained  from  Equations  4.3.4  through  4.3.9  with  the  appro¬ 
priate  coefficients  taken  from  Table  4.3.1. 

Having  established  a  relationship  for  the  applied  stress  intensity 
factors  K  and  K  ,  the  second  step  is  to  choose  an  appropriate  failure 
criterion.  The  given  configuration  consists  of  a  thick  plate  where  plane 
strain  conditions  exist  and  the  appropriate  fracture  toughness  criterion 
based  on  the  value  can  be  used.  Substituting  the  value  of  for 

^A  aiK*  ^B  aS  3  ^a-*-^-ure  condition  in  Equations  4.3.4  and  4.3.5,  the 
equations  can  be  solved  for  O  for  various  values  of  a.  The  residual 
strength  diagram  for  the  open  hole  configuration  can  be  constructed  through 
the  following  equations. 


and 


(4.3. 10) 


(4.3.11) 
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The  solutions  to  Equations  4.3.10  and  4.3.11  are  presented  in  Figure  4.3.7 
for  the  radial  quarter  circular  crack  geometry  and  in  Figure  4.3.8  for 
the  radial  embedded  semicircular  crack  geometry.  Note  that  the  condi¬ 
tions  associated  with  Point  B  in  both  crack  geometries  is  more  severe 
and  actually  defines  the  residual  strength  of  this  radially  cracked 
structure . 


4.3.2  Built-Up  Structure  Residual  Strength  Diagrams 

In  single  load  path  structures,  the  residual  strength 
analysis  involved  only  one  failure  criterion  for  a  given  structural 
geometry;  whereas  in  built-up  structures,  due  to  the  complex  geometrical 
configuration,  one  or  more  failure  criterion  may  have  to  be  considered 
in  the  determination  of  residual  strength  for  the  whole  structure.  The 
following  paragraphs  examine  these  aspects  of  the  residual  strength 
analysis  of  built-up  structures. 

It  was  explained  earlier  that  safety  can  be  achieved  by  designing  air¬ 
craft  structure  either  as  slow  crack  growth  or  as  fail-safe.  The  latter 
case  can  further  be  classified  into  two  casses:  Multiple  Load  Path  and 
Crack  Arrest.  Typically,  both  Multiple  Load  Path  and  Crack  Arrest 
structures  are  built-up  structures.  In  Chapter  2,  the  definitions  and 
requirements  for  these  two  types  of  built-up  structure  are  discussed. 

For  completeness,  the  structure  shown  in  Figure  4.3.9  is  analyzed  to 
further  explain  the  features  inherent  in  multiple  load  path,  built-up 
structure.  As  long  as  the  central  member  is  not  failed,  all  three  elements 
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carry  a  share  of  the  total  load  P.  In  the  event  of  failure  of  the 
center  member,  the  total  load  P  (actually  1.15P)  must  be  transmitted 
by  the  other  two  members  at  the  instant  of  failure,  if  the  structure  is 
to  stay  intact.  The  residual  strength  capability  for  the  multiple  load 
path  structure  shown  in  Figure  4.3.9  can  be  explained  with  Figure  4.3.10. 
When  one  element  fails.  Figure  4.3.10  shows  that  the  remaining  parallel 
members  are  able  to  carry  the  required  load  without  failure.  The 
residual  capability  is  shown  to  degrade  as  the  crack  in  the  central 
member  extends  and  as  the  cracks  in  the  remaining  elements  fail.  Figure 
4.3.10  shows  the  discontinuous  change  in  the  strength  capability  as  a 
result  of  element  failures.  Since  the  load  levels  in  other  members 
dramatically  increase,  if  the  load  P  must  be  maintained,  the  remaining 
members  will  have  short  lives.  Thus,  the  second  member  may  fail  after  the 
time  ( t ^ ) •  The  residual  strength  capability  is  shown  to  drop  below  the 
safe  level  somewhere  in  time  between  t^  and  The  duration  of  the  time 

interval  between  the  failure  of  the  first  element  and  the  failure  of  the 
structure  may  be  short  or  long  depending  on  the  "type  of  failure”  of  the 
first  member  and  the  load  requirements  subsequent  to  this  failure.  This 
time  interval  is  available  for  the  detection  of  the  failure  of  the  first 
member  and  the  repair  of  the  structure. 

The  failure  stress  or  the  critical  flaw  size  level  of  the  central  member 
(any  one  of  the  parallel  members)  can  be  estimated  by  treating  the 
problem  in  a  manner  similar  to  the  single  load  path  structure.  Using  a 
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fatigue  crack  growth  analysis,  the  crack  propagation  curve  is  obtained  from 
the  minimum  detectable  crack  size  to  the  critical  crack  length  as  illus¬ 
trated  in  Figure  4.3.11.  In  multiple  load  path  structure,  partial  failure 
of  the  structure  can  occur  during  its  operating  period.  But  this  failure 
must  be  detected  at  an  inspection  before  catastrophic  failure  of  the 
entire  structure  occurs.  A  suitable  inspection  schedule  must  include 
analysis  of  structural  characteristics  along  with  the  operational  require¬ 
ments  for  the  intervals  between  inspections. 

To  illustrate  the  analysis  involved  in  the  estimation  of  residual 
strength  of  complex  structures,  consider  an  axially  loaded  skin-stringer 
combination  with  longitudinal  stiffening  as  shown  in  Figure  4.3.12. 

Assuming  that  the  fasteners  are  rigid,  the  displacements  of  adjacent 
points  in  skin  and  stringers  will  be  equal.  (If  skin  and  stringers  are 
made  from  the  same  material,  the  stresses  in  the  two  will  also  be  equal 
for  the  case  of  no  crack.)  Let  a  transverse  crack  develop  in  the  skin. 

This  will  cause  larger  displacement  in  the  skin.  The  stringers  must 
follow  this  larger  displacement.  As  a  result,  they  take  load  from  the 
skin,  thus  decreasing  the  skin  stress  at  the  expense  of  higher  stringer 
stress.  Consequently,  the  displacements  in  the  cracked  skin  will  be 
smaller  than  in  an  unstiffened  plate  with  the  same  size  of  crack.  This 
implies  that  the  skin  stresses  are  lower  and  that  the  stress-intensity 
factor  is  lower.  The  closer  the  stringers  are  to  the  crack,  the  more 
effective  is  the  load  transfer. 
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If  the  stress-intensity  factor  for  a  small  crack  in  an  unstiffened  panel 
is  approximated  by  K  =  Qv^Ta,  the  stress-intensity  factor  for  the  stiffened 
plate  will  be  K  =  $o/rra.  The  reduction  factor,  3  =  K/ o/na ,  will  decrease 
when  the  crack  tip  approaches  a  stringer.  Since  the  stringers  take  load 
from  the  skin,  the  stringer  stress  will  increase  from  0  to  La,  where  L 
increases  as  the  crack  tip  approaches  the  stringer.  Obviously,  0  <  3  £  1, 
and  L  1.  These  values  depend  upon  stiffening  ratios,  the  stiffness  of 
the  attachment,  and  the  ratio  of  crack  size  to  stringer  spacing.  As  will 
be  shown  subsequently,  3  and  L  can  be  readily  calculated;  at  this  point 
it  is  sufficient  to  note  that  3  and  L  vary  with  crack  length  as  shown  in 
Figure  4.3.13. 

Due  to  the  complexity  of  stiffened  skin  structure,  the  construction  of  a 
residual  strength  diagram  is  considerably  more  difficult.  Consider  first 
the  condition  where  an  abrupt  failure  in  the  skin  occurs.  When  the  crack 
is  small  as  compared  to  the  stiffener  spacing,  the  residual  strength  of 
the  skin  is  not  influenced  by  the  stiffeners  and  the  initial  portion  of  the 
diagram  follows  the  plot  for  an  unstiffened  panel  (See  point  A  in  Figure 
4.3.14).  Once  the  crack  size  is  long  enough  that  the  skin  cannot  sustain 
the  applied  load  any  further,  the  stringer  will  take  some  of  the  load  from 
the  skin,  thus  decreasing  the  skin  stress.  Consequently,  the  crack- tip 
stress-intensity  factor  will  be  lower  due  to  the  reduced  stress  and  so  the 
residual  strength  of  the  skin  structure  will  increase  with  crack  length 
as  shown  in  Figure  4.3.13.  As  the  crack  size  increases  further  toward  the 
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stiffener  location,  the  load  transferred  from  the  skin  to  the  stiffener 
also  increases  significantly,  thus  reducing  the  stress-intensity  factor. 

The  residual  strength  of  the  stiffened  panel  continues  to  increase  as 
shown  in  the  figure  for  longer  cracks.  It  can  also  be  noted  from  the 
figure  that  the  residual  strength  diagram  for  an  unstiffened  panel  would 
have  followed  the  dotted  line,  i.e.,  the  continuous  decay  in  the  residual 
strength  as  the  crack  size  increases.  This  is  because  there  is  no  inherent 
feature  present  in  the  single  load  path  structure  to  decrease  the  crack 
tip  stress-intensity  factor. 

The  residual  strength  diagram  for  the  skin-stiffened  structure  is  repeated 

in  Figure  4.3.15  where  several  additional  points  of  interest  are  defined 

for  the  analyst.  For  a  structure  with  a  crack  of  length  a  ,  the  residual 

strength  is  identified  as  point  A.  Since  point  A  is  associated  with  a 

failure  stress  that  is  above  the  peak  stress  (o  ,  ) ,  the  crack  extends 

peak 

abruptly  and  completely  fails  the  panel.  If  the  structure  contains  a 
crack  of  length  an  ,  in  the  range  between  a_  and  a  ,  the  crack  extends 
abruptly  but  then  arrests  at  crack  length  a^,  ,  where  the  residual  strength 
available  is  greater  than  the  applied  (failure)  stress.  This  crack  extension 
and  arrest  feature  of  skin-stringer  construction  greatly  facilitates  meeting 
inspection  requirements  for  fail-safe  structures. 

Before  the  panel  fails  completely,  the  failure  stress  level  at  point  C/E 
must  be  increased  to  the  level  associated  with  point  F,  i.e.  to  °pea]c* 

As  the  stress  is  increased  above  the  level  of  point  E,  the  crack  extends 


4.3.13 


from  a  to  maintain  an  equilibrium  between  the  input  stress  and  the 
E 

residual  strength.  When  the  stress  reaches  apeajc>  the  crack  has  ex¬ 
tended  to  a^,  at  which  point  the  crack  abruptly  extends  causing  failure 
of  the  panel.  A  schematic  illustrating  the  load  crack  length  diagram 
observed  during  an  abrupt  crack  extension/arrest  situation  in  a  skin- 
stringer  structure  is  presented  in  Figure  4.3.16.  Thus,  it  is  seen  that 
the  residual  strength  curve  ABCDEF  shown  in  Figure  4.3.15  can  be  replaced 
for  all  practical  purposes  with  a  curve  that  connects  points  ABF. 

In  the  design  of  fail-safe  structure,  a  frequent  objective  is  to  design 
the  structure  for  limiting  or  arresting  unstable  crack  growth  so  that 
catastrophic  failure  can  be  prevented.  A  number  of  arrest  techniques 
are  described  in  References  11  through  13.  The  fundamental  concept  in 
crack  arrest  design  is  to  provide  within  the  structure  a  means  to  reduce 
the  crack  tip  stress  intensity  factor.  This  concept  requires  the  use  of 
additional  stiffening  members  such  as  stiffeners,  reinforcing  rings,  etc., 
to  produce  a  decrease  in  the  stress.  These  are  inherently  present  in 
built-up  structures,  such  as  aircraft  wings,  fuselages,  etc.  as  shown  in 
Figure  4.3.12. 

In  general,  the  residual  strength  analysis  of  a  structure  with  crack 
arrest  capabilities  may  involve  more  than  one  failure  criterion.  For 
instance,  in  a  stiffened  skin  structure  or  an  aircraft  wing,  the  analysis 
should  consider  stringer  failure,  fastener  failure,  and  skin  crack 
failure  criteria.  Built-up  panels  loaded  to  fail-safe  levels  tend  to 
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exhibit  substantial  local  deformations  of  critical  elements.  Failure 
criteria  are  thus  dependent  also  on  elastic-plastic  deflection  allowables 

(14) 

for  both  fastener  and  skin/stringer  elements.  Gunther  and  Wozumi 
provide  additional  details  on  the  residual  strength  analysis  of  complex 
panels  based  on  the  ultimate  stringer  strain. 

The  residual  strength  diagram  for  the  structure  which  exhibits  slow 
crack  growth  behavior  will  contain  two  curves  as  shown  in  Figure  4.3.17. 
The  lower  curve  corresponds  to  the  critical  level  of  stress  at  which 
slow  crack  extension  starts.  The  onset  of  slow  tearing  is  then  described 
by  this  lower  curve.  The  upper  curve  provides  the  critical  stress  level 
at  which  the  unstable  rapid  crack  extension  occurs.  When  the  crack 
approaches  the  stiffener,  as  explained  earlier,  the  residual  strength 
levels,  corresponding  to  the  onset  of  slow  cracking  and  the  rapid  exten¬ 
sion,  start  increasing. 

For  a  crack  length  a^,  as  shown  in  Figure  4.3.17,  the  slow  crack  extension 
begins  at  point  B.  This  stable  extension  continues  up  to  point  B1 
where  the  rapid  failure  is  supposed  to  occur.  However,  due  to  the  con¬ 
tinuous  rise  in  the  residual  strength  of  the  stiffened  panel,  the  stable 
crack  extension  continues  to  occur  beyond  point  BT  and  up  to  point  C. 

Since  the  residual  strength  of  the  panel  starts  reducing  at  this  point, 
any  further  increase  in  the  applied  load  will  lead  to  the  rapid  unstable 
crack  extension. 
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The  construction  of  the  residual  strength  diagram  follows  the  three 
steps  presented  in  Section  4.3.1.  Due  to  the  complexity  of  the 
structural  geometry,  however,  estimating  requires  the  calculation  of  the 
loads  that  are  transferred  to  the  stiffening  or  secondary  members  from 
the  main  load  carrying  member  of  the  structure.  Depending  upon  the 
complexity,  the  K  vs  a  curves  can  be  obtained  either  through  an  appro¬ 
priate  numerical  method  or  through  the  method  of  superposition.  The 
methods  for  constructing  residual  strength  diagrams  and  for  the  residual 
strength  capability  analyses  are  further  discussed  in  the  following 
sections  with  various  example  problems. 
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Figure  4.3.1.  Residual  Strength  Diagram  for  Abrupt  Failure  of  a 
Single  Load  Path  Structure. 
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Figure  4.3.2.  Structural  Geometry  and  Material  Properties 
for  Example  4.3.1. 
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FRACTURE  STRENGTH  (a  )  STRESS-INTENSITY  FACTOR  (K) 


STEP  2 


(a)  Stress-Intensity  Factor  as  a  Function  of  Crack 
Length  for  Constant  Values  of  Stress 


.432  1  CRITICAL  CRACK  SIZE  (ac) 

ac  ac  3^  ac 

(b)  Residual  Strength  Diagram 

Figure  4.3.3.  Description  of  Procedures  that  One  Might  Follow 

to  Obtain  the  Residual  Strength  Diagram  Graphically. 
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(a)  In  Plane  View  of  Radial  Hole  Crack 


Figure  4.3.4. 


f  =  1.0 

b 


B  =  0.76  inch 


(b)  Section  A-A.  Definition  of  Crack  Geometries 


Crack  Geometries  Considered  for  a  Radial  Crack  Growing 
from  a  Hole  for  Example  4.3.2. 
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Crack  Length  (a) 


Figure  4.3.5.  Stress-Intensity  Factor  Relationships  at  Points 
A  and  B  for  the  Radial  Quarter  Circular  Crack 
Geometry. 


Crack  Length  (a) 


Figure  4.3.6.  Stress-Intensity  Factor  Relationships  at  Points 
A  and  B  for  the  Radial  Embedded  Semi-Circular 
Crack  Geometry. 
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Figure  4.3.7.  Residual  Strength  Diagram  for  Points  A  and  B 
Located  on  the  Radial  Quarter  Circular  Crack 
Geometry  Shown  in  Figure  4.3.4. 


igure  4.3.8.  Residual  Strength  Diagram  for  Points  A  and  B 
Located  on  the  Embedded  Semi-Circular  Crack 
Geometry  Shown  in  Figure  4.3.4. 
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Figure  A. 3.9.  Multiple  Load  Path  (Built-up)  Structure  with  a 
Crack  in  the  Central  Member. 
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Figure  A. 3. 10.  Reduction  of  Residual  Strength  During  Successive 
Failure  of  Members  in  the  Structure  Shown  in 
Figure  A. 3.9. 
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Figure  4.3.11.  Crack  Growth  Curve  for  Multiple  Load  Path 
Structure  Shown  in  Figure  4.3.9. 
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Figure  4.3.12.  Skin-Stringer  Built-Up  Structure. 
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(b)  Variation  of  3  with  Crack  Length 


(c)  Variation  of  Stress  in  Stiffener 
with  Crack  Length 


Figure  4.3.13.  Variation  of  3  and  L  with  Crack  Length  in  Stiffened  Panel 
with  a  Crack  Between  the  Stiffeners. 
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RESIDUAL  STRENGTH  (a 


Figure  4.3.14.  Residual  Strength  of  the  Cracked  Panel  as  a  Function  of 

Crack  Length  for  Built-Up  Skin-Stiffened  Structure  Compared 
with  Unstiffened  Panel.  Abrupt  Failure  Criterion  Used  to 
Determine  Residual  Strength. 
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Figure  4.3.15.  Residual  Strength  of  the  Cracked  Panel  as  a  Function  of 

Crack  Length  for  Built-Up  Skin  Stiffened  Structure.  Only 
Skin  Failure  Mode  Considered.  Abrupt  Failure  Criterion 
Used  to  Determine  Residual  Strength. 
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Load-Crack  Length  Behavior  Observed  in  Skin-Stiffened 
Construction  with  Arrest  Features. 
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4.4 


SINGLE  LOAD  PATH  STRUCTURE 


For  a  single  load  path  structure,  the  only  means  to  protect  the 
safety  is  to  prevent  the  damage  growth  from  degrading  the  strength  of  the 
structure  to  less  than  the  design  limit  load.  This  applies  for  all 
structures  classified  as  slow  crack  growth,  regardless  of  the  type  of 
construction  (such  as  single  load  path  or  multiple  load  path) .  The 
residual  strength  capability  of  the  structure  depends  mainly  on  the 
material’s  resistance  to  fracture. 

4.4.1  Abrupt  Fracture 

For  materials  which  exhibit  abrupt  failure,  the  start  of 
slow  crack  extension  will  be  followed  immediately  by  the  onset  of  rapid 
fracture.  The  residual  strength  capability  then  requires  a  strict 
evaluation  of  the  initial  flaw  sizes  in  the  structure.  The  allowable 
initial  crack  length  necessary  to  maintain  the  required  residual  strength 
will  be  less  than  a^ ;  the  design  limit  load  must  also  be  such  that  the 
stress  level  in  the  structure  is  less  than  CL  as  shown  in  Figure  4.4.1. 
The  residual  strength  diagram  can  be  evaluated  as  described  earlier 
through  the  plot  of  vs  a^  using  the  relationship  K  =  aBv^TTa  for  the 
structural  geometry  of  interest  and  also  employing  the  failure  criterion 
based  on  a  critical  fracture  toughness  value,  K .  The  margin  of  safety 
as  shown  in  Figure  4.4.1  allows  for  undetected  cracks  or  for  subcritical 
crack  growth  such  that  the  initial  crack  size  will  not  become  greater 
than  a^ . 
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In  the  following  paragraphs,  two  different  example  problems  are  pre¬ 


sented  to  demonstrate  the  application  of  the  steps  in  constructing  the 
residual  strength  diagram  and  also  to  analyze  the  structure  for  its 
residual  strength  capabilities.  The  first  example  illustrates  the 
centrally  cracked  finite  width  panel.  The  second  example  considers  an 
eccentrically  cracked  finite  width  panel  problem.  These  examples 
demonstrate  the  basic  concepts  involved  in  the  residual  strength 
capabilities  of  a  single  load  path  structure. 

EXAMPLE  4.4.1  Residual  Strength  of  Center  Cracked  Panel 

Develop  the  residual  strength  diagram  for  the  cracked  finite  width  panel 

shown  in  Figure  4.4.2. 

SOLUTION: 


For  the  center-cracked  geometry  configuration  shown  in  Figure  4.4.2, 


the  stress-intensity  factor  K  is  expresses  by  the  relationship  (See  Section 


1.7): 


(4.4.1) 


Since  we  have  an  explicit  expression  for  K,  using  the  fracture  toughness 
failure  criterion  (plane  strain),  the  residual  strength  diagram  can  be 
obtained  directly.  The  corresponding  equation  is 


where  =  40  ksi/in  and  W  =  20  inch  are  given  as  data  and  can  be 
obtained  for  any  selected  crack  length.  The  O ^  vs  a^  curve,  which  is  the 
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required  residual  strength  diagram,  can  now  be  plotted. 


The  residual  strength  of  the  panel  can  be  estimated  from  Equation  4.4.2 
which  is  described  in  the  diagram  presented  in  Figure  4.4.3.  From  this 
figure,  for  the  given  operating  stress  level  (20  Ksi) ,  the  critical 
crack  size  at  which  unstable  crack  extension  would  occur,  can  be  esti¬ 
mated  as  1.2  inch.  Thus,  to  avoid  a  fracture  type  failure  of  the  panel, 
the  structure  should  not  develop  a  crack  of  this  size.  Assume  that  based 
on  an  established  visual  inspection  schedule,  the  simple  rectangular 
aluminum  panel,  uniformly  loaded  in  tension  as  shown,  could  develop  a 
2.0  inch  long,  central  through- the- thickness  crack  (normal  to  loading) 
before  detection.  This  crack  length  is  slightly  smaller  than  the  critical 
crack  size  (2.4  =  2  x  1.2  inch)  under  the  operating  conditions  so  that 
the  margin  of  safety  is  small  when  this  inspection  process  is  employed. 

To  establish  the  required  residual  strength  level  to  fit  the  inspection 
schedule,  the  designer  must  reduce  the  crack-tip  stress-intensity  factor 
for  the  same  applied  load.  One  method  is  to  transfer  portions  of  the 
load  to  a  stiffening  member.  Another  method  is  to  reduce  the  operating 
load  level  below  the  failure  level  corresponding  to  the  inspection  crack 
size,  although  this  in  not  always  practiced. 


EXAMPLE  4.4.2  Residual  Strength  of  Eccentrically  Cracked  Panel 
Establish  the  residual  strength  diagram  for  a  finite-width  panel  with  the 
eccentric  crack  shown  in  Figure  4.4.4. 
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SOLUTION: 


For  the  given  configuration,  the  stress  intensity  factor  is  ex¬ 
pressed  by  the  following  relationship  (See  Section  1.7), 

K  =  aB/ira  (4.4.3) 

where  3  =  B(e,  77)  and  e  =  -77-;  W'  =  ^  -  e.  Since  it  is  an  eccentric 
W  W  l 

crack,  the  K  values  at  the  crack  tips  A  and  E  will  be  different  and  the 
corresponding  $'s  will  also  be  different.  From  the  plots  of  Figure 
4.4.5^“*^,  3  values  for  the  crack  tips  A  and  E  can  be  obtained  for  a  given 
aspect  ratio  (a/WT)  and  the  eccentricity  factor,  £ .  It  is  obvious  from 
Figure  4.4.5  that  the  stress-intensity  factor  conditions  at  crack  tip  A, 
which  is  close  to  the  panel  edge,  are  higher  than  that  for  crack  tip  E 
so  the  conditions  at  point  A  will  be  critical  in  deciding  the  residual 
strength  of  the  panel. 


Applying  the  fracture  toughness  failure  criterion,  we  can  now  obtain  the 
direct  relationship  between  the  fracture  stress  and  the  critical  crack 
size  as 

=  K  /BA/i ia  (4.4.4a) 

f  Ic 

and 

a®  =  K^^/ira  ,  (4.4.4b) 

where  the  superscripts  A  and  E  represent  the  conditions  at  the  crack 
tips  A  and  E.  We  can  now  plot  curves  vs  a  and  vs  a  for  the  given 
structural  configuration.  The  residual  strength  diagram  for  crack  tips 
A  and  E  for  £  =  0.9  and  WT  =  1.0  are  shown  in  Figure  4.4.6.  As 
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anticipated  on  the  basis  of  the  differences  in  stress-intensity  factor 
conditions,  the  residual  strength  curve  associated  with  crack  tip  A 
controls  the  crack  extension  behavior  of  the  eccentric  crack.  For  the 
20  Ksi  maximum  stress  operating  condition,  the  critical  crack  size  is 
approximately  0.73  inch,  based  on  the  crack  tip  A  curve  (see  point  G) . 

If  a  crack  with  a  half  crack  length  (a)  of  0.73  inch  develops  in  the 
panel,  crack  tip  A  will  extend  rapidly  and  the  crack  will  be  arrested  at 
the  free  edge.  Now  the  crack  growth  behavior  at  crack  tip  E  needs 
further  analysis  corresponding  to  the  panel  configuration  as  shown  in 
Figure  4.4.7.  The  crack  length  a*  is  equal  to  (W1  +  a)  where  W1  and  a 
are  known,  i.e.,  a?  =  1.73  inch. 

The  critical  stress  level  at  crack  tip  E  can  now  be  calculated  using  the 
expression,  =  0^  3vTTa!  corresponding  to  the  single  edge  crack.  The 

value  of  3  can  be  obtained  from  Figure  4.4.7.  For  a’  =  1.73  inch  and 
W  =  20  inch,  3  is  estimated  as  1.1.  The  value  of  for  these  values  of 
3  and  a,  is  obtained  from  the  relationship  =  0^3^71  a*  and  is  equal  to 

15.6  ksi,  which  is  lower  than  the  given  maximum  operating  stress  level  of 
20  ksi,  and  thus  the  crack  extends  from  tip  E  causing  complete  fracture 
of  the  plate. 

Even  though  extension  of  crack  tip  A  is  arrested  at  the  free  edge,  the 
residual  strength  level  of  the  panel  is  not  sufficient  to  prevent 
extension  at  crack  tip  E  for  the  given  maximum  operating  stress  level. 
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To  further  illustrate  the  analysis  that  would  be  required  for  the  deter- 
raination  of  the  crack  growth  behavior  of  each  crack  tip,  consider  the 
residual  strength  diagram  presented  in  Figure  4.4.8.  Again  two  curves 
are  illustrated,  one  for  crack  tip  A,  the  other  for  crack  tip  E.  The 
analysis  for  crack  tip  A  is  as  shown  in  Figure  4.4.6.  The  analysis  and 
data  presentation  for  crack  tip  E  is  based  on  the  assumption  that  crack 
tip  A  has  extended  to  the  edge  of  the  panel  and  the  residual  strength  is 
given  by 

Klc 

G  =  - — -  (4.4.5) 

l.lA(l+a) 

It  is  noted  that  the  crack  tip  E  will  remain  stationary  when  the  crack 
tip  A  extends  if  the  crack  length  size  (a)  exceeds  the  size  associated 
with  the  intersection  of  the  two  residual  strength  curves.  The  next 
example  describes  an  analysis  of  such  a  situation. 


EXAMPLE  4.4.3  Residual  Strength  of  Eccentrically  Cracked  Panel  - 
Crack  Arrest  Conditions 

Repeat  the  residual  strength  analysis  of  Example  4.4.2  with  a  maximum 
operating  stress  level  of  13  ksi.  From  Figure  4.4.6,  it  can  be  seen  that 
the  critical  crack  size  for  the  given  load  level  is  0.9  inch.  If  the 
panel  develops  a  crack  of  this  size,  rapid  extension  will  occur  at 
crack  tip  A,  Point  F  identifies  the  point  of  instability.  The  crack 
extension  will  be  arrested  at  the  free  edge  as  in  the  earlier  case.  To 
continue  the  analysis  for  residual  strength  capabilities  of  the  panel, 
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consider  the  crack  extension  behavior  of  the  single  edge  crack  at  crack 
tip  E.  The  new  crack  length  is  given  by  Wf  +  a  where  WT  =  1  inch  and 
a  =  0.9  inch.  Thus,  for  a  crack  length  of  1.9  inch,  $  is  obtained  from 
Figure  4.4.7  as  1.1.  Using  the  relationship,  K  =  c^ft/rra T ,  the  critical 
stress  level  for  crack  tip  E  to  extend  rapidly  is  calculated  as  14.9  ksi. 
However,  the  maximum  operating  stress  level  is  given  as  13  ksi  which  is 
less  than  this  critical  strength  level.  Thus,  the  panel  does  have  the 
capacity  to  be  effective  without  failure  even  when  it  develops  a  maximum 
crack  of  half  length  size  0.9  inch,  leading  to  the  rapid  extension  of 
crack  tip  A. 
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4.4.2  Tearing  Fracture 


Materials  with  medium  or  high  fracture  toughness  exhibit  a  type 

of  subcritical  crack  extension  behavior  prior  to  reaching  the  maximum  load 

carrying  capacity  of  the  structure.  When  a  limited  amount  of  yielding  occurs 

in  front  of  the  crack  tip,  the  initial  extension  of  an  existing  crack  in  these 

materials  will  be  slow  and  stable  threshold  values  of  the  stress-intensity 

factor  (K  ) .  To  understand  this  behavior,  consider  an  unreinforced,  center- 

(JNbfcj  1 

cracked  panel.  The  stress-intensity  factor  (K)  at  the  crack  tip  increases 
linearly  with  the  value  of  the  normal  tensile  stress  component  acting  on  the 
structure  for  a  stationary  crack.  As  the  K  level  increases,  some  point 
(point  A)  will  be  reached  at  which  the  crack  length  will  begin  to  extend  as 
shown  in  Figure  4.4.9.  The  crack  will  extend  gradually  as  the  load  continues 
to  increase,  until  reaching  the  critical  size  at  which  the  crack  extension 
becomes  unstable  (point  B  in  Figure  4.4.9).  The  point  of  crack  initiation 
and  instability  are  determined  by  the  appropriate  failure  criteria. 

When  the  subcritical  growth  of  the  crack,  as  shown  in  Figure  4.4.9a  between 
the  points  A  and  B,  is  not  significant  the  fracture  toughness  criterion 
values  can  be  used  in  the  analysis.  In  this  case,  fracture  is  assumed  to 
occur  immediately  after  the  start  of  crack  extension  as  under  abrupt  failure 
conditions.  However,  for  materials  exhibiting  substantial  crack  growth 
between  points  A  and  B  as  shown  in  Figure  4.4.9b,  the  crack  resistance  curve 
approach  can  be  used  in  the  residual  strength  analysis.  The  crack  resistance 

vs.  a.  The 

vs  Aa  curve  is  normally  used  when  the  fracture  strength  is  associated  with 


(R)  curve  approach  might  be  based  on  either  vs  AA  or 
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stress  levels  below  net  section  yield  conditions;  in  other  words,  when  limited 
crack  tip  plasticity  occurs  prior  to  fracture.  The  vs  a  curve  is  used  for 

those  conditions  where  the  fracture  strength  is  expected  to  result  in  gross 
yielding. 

In  the  calculation  of  residual  strength  when  the  cracked  structure  exhibits 
a  tearing  instability,  one  normally  follows  the  following  steps: 

1.  Obtain  K  (=3/  irCa+r^)  values  for  the  structure  for  various  crack 

err  r 

lengths  and  applied  stresses  using  a  suitable  plastic  zone  model  (e.g.  Dugdale 
Model).  Evaluation  of  the  K  values  involves  methods  described  in  Chapter  1. 

Plot  K  versus  a  curves  for  various  applied  stresses  as  shown  in  Figure  4.4.10a. 

2.  Obtain  the  experimentally  determined  R-curve  (Kr  versus  Aa)  for  the 
sheet  material  (Figure  4.4.10b). 

3.  Determine  the  point  of  instability  from  the  K  curves  of  the 
structure  and  the  KR  curves  of  the  material  as  shown  schematically  in 
Figure  4.4.10c. 

4.  Obtain  different  values  for  the  fracture  strength  and  the 
corresponding  crack  lengths  from  step  3  and  plot  these  points  to  establish 

the  failure  strength  (cr^)  crack  length  (ac)  curve.  This  provides  the  necessary 
residual  strength  diagram  of  the  structure. 

The  residual  strength  diagram  for  intermediate  or  high  fracture  toughness 
materials  can  be  constructed  by  using  either  the  curve  or  the  /l r  method. 

To  understand  the  use  of  the  R-curve  failure  criteria  in  evaluating  the  residual 
strength,  consider  the  following  example  in  which  failure  criterion  based  on  the 
Kr  curve  is  applied. 
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EXAMPLE  4.4.4  Residual  Strength  of  Tearing  Radial  Hole  Crack 


Construct  the  residual  strength  diagram  for  a  large  and  relatively  thin 
(0.063)  plate  of  7075-T73  aluminum  alloy  having  a  through  crack  emanating 
(radially)  from  a  hole  with  a  diameter  (D)  equal  to  one  inch,  such  as  illus¬ 
trated  in  Figure  4.4.11.  Assume  the  material  inhibits  a  limited  amount  of 
crack  tip  yielding.  Also  calculate  the  crack  length  associated  with  a  fracture 
strength  associated  with  a  crack  length  of  2.0  inch. 

SOLUTION: 

As  the  first  step,  the  appropriate  expression  for  the  stress-intensity  factor 
is  obtained  from  Section  1.7,  Table  1.7.3,  Case  1.7. 3.1,  where  the  Grandt 
approximation  of  the  Bowie  radial  hole  crack  solution  is  given  (Also  see 

Figure  4.4.11).  Figure  4.4.12  describes  the  variation  in  stress-intensity 
factor  with  crack  length  and  stress  level. 

The  second  step  is  to  consider  the  appropriate  failure  criterion.  The  given 
geometry  is  a  thin  sheet  and  the  material  exhibits  limited  crack  tip  yielding 
behavior.  So  the  R-curve  method  based  on  values  can  be  applied  to  evaluate 
the  fracture  strength. 

For  the  given  7075-T73  aluminum  alloy  material  (0.063  inch  thick),  an 

experimentally  obtained  R-curve  is  shown  in  Figure  4.4.13.  By  superposing 

the  R-curve  onto  the  plot  obtained  in  step  one,  as  explaned  in  Section  4.2, 

the  points  where  the  R-curve  is  tangent  to  the  K-curves,  as  shown  in 

Figure  4.4.14  are  obtained.  At  these  points  the  failure  criterion,  i.e., 

9K  9kr 

K  =  and  ,  is  satisfied.  The  corresponding  stress  Oc  is  the 
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is  the  critical  (fracture)  stress  at  which  the  initiation  of  rapid  fracture 
will  occur.  From  a  diagram  like  Figure  4.4,14,  we  can  obtain  the  critical 
initial  sizes  of  the  crack  and  the  respective  fracture  stresses. 

The  final  step  is  to  plot  the  vs  a^  curve.  The  required  residual  strength 
diagram  is  shown  in  Figure  4.4.15  for  the  7075-T73  Aluminum  plate  with  a 
crack  emanating  radially  from  a  hole.  It  can  be  seen  from  this  figure  that 
the  critical  crack  size  a  for  a  20  Ksi  operating  stress  level  is  equal  to 
4.0  inches.  As  can  also  be  seen  from  the  figure,  for  an  observed  crack  of 
2.0  inches,  the  residual  strength  available  is  27  ksi. 
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RESIDUAL  STRENGTH 


CRACK  SIZE,  a 

c 


=  critical  flaw  size  for  the  maximum  operating  load, 
a^  =  observed  initial  crack  length. 

Aa  =  available  additional  length.  (allowance  for  undetected  initial 
crack  size  and  for  subcritical  crack  growth) . 

0±  =  residual  strength  level  for  an  initial  crack  a^. 

0^  =  maximum  operating  stress  level. 


Figure  4.4.1.  Residual  Strength  Diagram  Showing  Defining  Cracks  and 
Residual  Strength  Parameters. 
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=  20  ksi 


_  1/2 

K  =  av/rTaCsec-^f-  ) 

w 

L  =  60  inches 
W  =  20  inches 
B  =  0.375  inch 


MATERIAL  PROPERTIES 

^ys  =  78  ksi 
ault  =  83  ksi 
Kjq  =  40  ksi  /in 


INSPECTION  PROCEDURE 
VISUAL  INSPECTION 


2a 


NDE 


2  inch 


Figure  4.4.2.  Center  Crack  Panel  and  Material  Properties 
for  Example  4.4.1. 


4.4.13 


RESIDUAL  STRENGTH  (KSI) 


80  -t 


Figure  4.4.3.  Residual  Strength  Diagram  Determining  Critical  Crack 
Size  at  20  Ksi  Operating  Level. 
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a  =  20  ksi 


K  =  3  a/FI 
(See  Figure  4.4.5) 
B  =  0 . 2  inch 
L  =  60  inch 
W  =  20  inch 
W'  =  1  inch 
e  =  9  inch 


MATERIAL  PROPERTIES 

a  =78  ksi 
ys 

a  =  83  ksi 
ult 

KI(,  =  40  ksi  /in 


Figure  4.4.4.  Excentrically  Cracked  Panel  Associated  with 
Examples  4.4.2  and  4.4.3. 
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FINITE  WIDTH  CORRECTION 


0  0.2  0.4  0.6  0.8  1.0 

C*AC*  ASPECT  RATIO.  ± 


Figure  4.4.5.  Finite-Width  Correction-Eccentric  Crack  (Tension) 
(Reference  15). 
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Figure  4.4.6.  Residual  Strength  Diagram  for  Panel  with  Eccentric  Crack  Given 
in  Figure  4.4.4.  Crack  with  Lowest  Fracture  Resistance  Curve 
Extends  First. 


FINITE  WIDTH  CORRECTION, 
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Figure  4.4.7.  Finite  Width  Correction-Single  Edge  Crack,  After  the 
Eccentric  Crack  Extends  from  Tip  A. 
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CRACK  LENGTH  (a) 
(a)  Limited  Crack  Extension 


(b)  Extensive  Crack  Extension 


Figure  4.4.9.  Diagrams  Showing  Onset  of  Unstable  Crack  Growth 
for  Conditions  of  Limited  or  Extensive  Crack 
Extension. 
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(c)  Matching  Driving  Factor  with  Resistance  Curve 


Figure  4.4.10.  Steps  Associated  with  Calculating  Residual 
Strength  of  Cracked  Structures  with  Tearing 
Fractures . 
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DIMENSIONS 


D  =  2R  =  1  inch 
B  =  0.063  inch 


MATERIAL 

7075-T73 

ALUMINUM 


V 


V 


v 


v 


K  =  0  3  /rra  where 


3  = 


0.8734 

(0.3246  +  -) 
r 


+  0.6762 


Figure  4.4.11. 


Structural  Geometry  Associated  with  EXAMPLE  4.4.4. 


STRESS-INTENSITY  FACTOR  K,  KSI/InT 


I 


90 


Figure  4.4.12.  Stress-Intensity  Factor  Relationship  for  Various 
Values  of  Applied  Stress. 
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CRITICAL  STRESS-INTENSITY  FACTOR  K_ ,  KSl/iNT 


Figure  A. A. 13.  Resistance  Curve  for  7075-T73  Aluminum  for  a 
Thickness  of  0.063  Inches. 
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Figure  4.4.14.  Matching  the  R-Curve  and  Stress-Intensity 
Factor  Curves. 
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RESIDUAL  STRENGTH 
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Figure  4.4.15.  Residual  Strength  Diagram  Obtained  for  Structure 
Shown  in  Figure  4.4.11  (EXAMPLE  4.4.4). 
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4 . 5  BUILT-UP  STRUCTURES 


Built-up  structures  normally  require  more  than  one  failure 
criterion  to  determine  the  residual  strength  of  the  total  structure. 
The  development  of  the  residual  strength  diagram  of  a  given  structure 
will  involve  the  analysis  of  failures  of  each  part  of  the  load  support 
system. 


The  structural  configuration  essentially  determines  the  complexity  of  the 
residual  strength  analysis.  Typical  structural  parameters  which  must  be 
considered  for  skin-stiffened  structure  are: 

a.  Type  of  Construction 

1 .  Monolithic  (Unreinforced/Forgings) 

2.  Skin  (Longerons,  stringer) 

3.  Integrally  Stiffened 

4.  Planked 

5.  Layered  (Honeycomb /Laminated) 

b.  Panel  Geometry 

1.  Planform 

2.  Curvature 

3.  Stiffener  Spacing  and  Orientation 

4.  Attachments  (Spar  Caps,  Webs,  Frames,  etc.) 

c.  Details  of  Construction 

1.  Stiffener  Geometry  (hat,  Z,  Channel,  etc.) 

2.  Attachment  Details  (Bolted,  Riveted,  Welded,  etc.) 

3.  Fastener  Flexibility 

4.  Eccentricity 

Ideally,  the  residual  strength  analysis  will  take  all  these  parameters 
into  consideration.  In  practice,  many  are  treated  empirically  and 
others  are  not  considered  except  in  extremely  detailed  analyses. 
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This  section  provides  details  of  the  analysis  methods  used  for  built-up 
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skin-stringer  structure  and  the  effects  of  many  of  the  structural  para¬ 
meters  listed  above.  In  the  order  of  their  presentation,  the  subsections 
provide:  overviews  of  the  analysis  for  edge  stiffened  and  for  centrally 

stiffened  skin  structure,  the  analysis  methods  used  to  determine  the 
stress-intensity  factor  in  the  skin  structure  and  the  loading  transferred 
to  the  stringers,  the  analysis  of  stiffener  failure,  the  analysis  of 
fastener  failure,  the  analysis  methodology  and  an  Example. 

4.5.1  Edge  Stiffened  Panel  With  a  Central  Crack 

The  residual  strength  diagram  of  a  simple  panel  with  two 

stringers  and  a  central  crack  can  be  constructed  as  follows.  Consider 

first  a  crack  in  plane  stress  which  starts  propagating  slowly  at 

0  =  K  //fra  and  becomes  unstable  at  0  ■  K  /  Aa  in  a  sheet  without 

o  onset  o  c  c  c 

stringers  as  shown  in  Figure  4.5.1a. 

When  the  panel  is  stiffened  with  stringers,  the  stress-intensity  factor 

is  reduced  to  K  =  B o/rra,  where  B  <  1.  As  a  result,  both  the  stress  for 

slow  stable  crack  growth,  a  ,  and  the  stress  for  unstable  crack  growth, 

Or  9  are  altered  to  give  a  =  K  /  BAa  and  0  c  =  K  /BAa  , 

f  &  o  onset  o  cf  c  c 

respectively. 
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Hence,  these  events  take  place  at  higher  stresses  in  the  stiffened 
panel  than  in  the  unstiffened  panel.  This  means  that  the  lines  in 
Figure  4.5.1a  are  raised  by  a  factor  1/3  for  the  case  of  the  stiffened 
panel,  as  depicted  in  Figure  4.5.1b.  Since  3  decreases  as  the  crack 
approaches  the  stringer,  the  curves  in  Figure  4.5.1b  turn  upward  for 
crack  sizes  on  the  order  of  the  stringer  spacing. 


The  possibility  of  stringer  failure  should  be  considered  also.  The 
stringer  will  fail  when  its  stress  reaches  the  ultimate  tensile  stress 
(Guts)  •  As  Stringer  stress  is  La,  where  a  is  the  nominal  stress  in 

the  panel  away  from  the  crack,  failure  will  occur  at  given  by 

Lagf  =  auxs*  Using  L,  a  measure  of  the  load  transferred  to  the  stringer, 
the  panel  stress  at  which  stringer  failure  occurs  is  shown  in  Figure  4.5.1c. 
The  stringer  may  yield  before  it  fails.  This  means  that  its  capability  to 
take  overload  from  the  cracked  skin  decreases.  As  a  result,  3  will  be 
higher  and  L  will  be  lower.  The  stress-intensity  analysis  should  account 
for  this  effect. 


Figure  4.5.2  shows  the  residual  strength  diagram  of  the  stiffened  panel. 
It  is  a  composite  of  the  critical  conditions  shown  in  Figure  4.5.1.  In 
the  case  when  the  crack  is  still  small  at  the  onset  of  instability 
(2a  <<  2s,  where  2s  is  stringer  spacing),  the  stress  condition  at  the 
crack  tip  will  hardly  be  influenced  by  the  stringers  and  the  stress  at 
unstable  crack  growth  initiation  will  be  the  same  as  that  of  an 
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unstiffened  sheet  of  the  same  size  (Point  B  in  Figure  4.5.2).  When  the 
unstably  growing  crack  approaches  the  stiffener,  the  load  concentration 
in  the  stiffener  will  be  so  high  that  the  stiffener  fails  (Point  C) 
without  stopping  the  unstable  crack  growth  (line  BC) . 

When  the  panel  contains  a  crack  extending  almost  from  one  stiffener  to 
the  other  (2a  =  2s) ,  the  stringer  will  be  extremely  effective  in  reducing 
the  peak  stress  at  the  crack  tips  (3  small) ,  resulting  in  a  higher  value 
of  the  stress  at  crack  growth  initiation.  With  increasing  load,  the 
crack  will  grow  stably  to  the  stiffener  (line  LMIF)  and  due  to  the 
inherent  increase  of  stiffener  effectiveness,  the  crack  growth  will 
remain  stable.  Fracture  of  the  panel  will  occur  at  the  same  stress  level 
corresponding  to  the  point  F  due  to  the  fact  that  the  stiffener  has 
reached  its  failure  stress  and  the  stress  reduction  in  the  skin  is  no 
longer  effective  after  stringer  failure. 

For  cracks  of  intermediate  size  (2a  =  2a^) ,  there  will  be  unstable  crack 
growth  at  a  stress  slightly  above  the  fracture  strength  of  the  unstiffened 
sheet  (point  H) ,  but  this  will  be  stopped  under  the  stiffeners  at  I. 

After  crack  arrest,  the  panel  load  can  be  further  increased  at  the  cost 
of  some  additional  stable  crack  growth  until  F,  where  the  ultimate 
stringer  load  is  reached. 
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Since  3  and  L  depend  upon  stiffening  ratio,  the  residual  strength 
diagram  of  Figure  4.5.2  is  not  unique.  Figure  4.5.2  shows  the  case 
where  stringer  failure  is  the  critical  event.  For  other  stiffening 
ratios,  skin  failure  may  be  the  critical  event  as  depicted  in  Figure  4.5.3. 
Due  to  a  low  stringer  load  concentration,  the  curves  e  and  g  do  not  inter¬ 
sect.  A  crack  of  size  2a^  will  show  stable  growth  at  point  B  and  become 
unstable  at  point  C.  Crack  arrest  occurs  at  D  from  where  further  slow 
growth  can  occur  if  the  load  is  raised.  Finally,  at  point  E,  the  crack 
will  again  become  unstable,  resulting  in  panel  fracture.  It  is  therefore 
obvious  then  that  a  criterion  for  crack  arrest  has  to  involve  the  two 
alternatives  of  stringer  failure  and  skin  failure,  and  these  depend  upon 
the  relative  stiffness  of  sheet  and  stringer. 

The  foregoing  clearly  shows  that  for  crack  arrest  it  is  not  essential 
that  the  crack  run  into  a  fastener  hole.  Crack  arrest  basically  results 
from  the  reduction  of  stress-intensity  factor  due  to  load  transmittal 
to  the  stringer. 

For  the  particular  case  depicted  in  Figure  4.5.4,  the  residual  strength 
is  not  determined  by  stringer  failure  solely  but  also  by  fastener  failure 
(point  K) .  A  crack  of  length  2a^  will  show  slow  growth  from  E  to  F  and 
instability  from  F  to  G.  After  crack  arrest  at  G,  further  slow  growth 
occurs  until  at  point  K  the  fasteners  fail.  The  latter  could  cause 
panel  failure,  but  this  cannot  be  directly  determined  from  the  diagram. 


4.5.5 


In  fact,  a  new  residual  strength  diagram  must  now  be  calculated  with 
omission  of  the  first  row  of  rivets  at  either  side  of  the  crack. 

Fastener  failure  will  affect  load  transmittal  from  the  skin  to  the 
stringer:  line  e  will  be  lowered,  line  g  will  be  raised .  The  inter¬ 

section  point  Hf  of  the  new  lines  gf  and  e*  may  still  be  above  K  and 
hence,  the  residual  strength  will  still  be  determined  by  stringer  failure 
at  Hf  . 

In  reality,  the  behavior  will  be  more  complicated  due  to  plastic  deforma¬ 
tion.  Shear  deformation  of  the  fasteners,  hole  deformation,  and  plastic 
deformation  of  the  stringers  will  occur  before  fracture  takes  place. 
Plastic  deformation  always  reduces  the  ability  of  the  stringer  to  take 
load  from  the  skin  which  implies  that  line  g  in  actuality  will  be  raised 
and  line  e  will  be  lowered.  The  Intersection  of  the  two  lines  (failure 
point)  will  not  be  affected  a  great  deal,  however,  (compare  points  H  and 
Hf  in  Figure  4,5.4).  For  this  reason  the  residual  strength  of  a  stiffened 
panel  can  still  be  predicted  reasonably  well,  even  if  plasticity  effects 
are  ignored.  Nevertheless,  a  proper  treatment  of  the  problem  requires 
that  plasticity  effects  be  taken  into  account. 

4.5.2  Centrally  and  Edge  Stiffened  Panel  With  a  Central  Crack 

In  the  previous  subsection,  the  cases  considered  pertain  to 
cracks  between  two  stiffeners.  In  practice,  however,  cracks  frequently 
start  at  a  fastener  hole  and  then  there  will  be  a  stringer  across  the 
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crack  which  will  have  a  high  load  concentration  factor.  The  problem  can 
be  dealt  with  in  a  manner  similar  to  a  crack  between  stringers,  using 
either  analytical  or  finite-element  procedures.  A  schematic  residual 
strength  diagram  for  this  case  is  presented  in  Figure  -*.^.5.  ..t  u  from 

the  residual  strength  curve  g  for  the  edge  stiffeners,  there  will  now  be 
an  additional  residual  strength  curve  k  for  the  central  stiffener. 

For  the  case  where  the  crack  in  the  skin  is  small  (2a  <<  2s) ,  the  first 
failure  in  the  structure  is  noted  to  occur  at  point  B  in  Figure  4.5.5 
where  the  skin  fails  and  the  crack  starts  to  run.  When  the  crack  reaches 
a  size  such  that  point  C  is  reached,  the  central  stiffener  residual 
strength  has  dropped  to  the  operating  stress  level  and  then  the  central 
stringer  fails,  immediately  causing  additional  loading  to  be  transferred 
to  the  edge  stiffeners  and  the  skin  structure.  The  effect  of  losing  the 
capability  of  the  central  stringer  is  noted  in  Figure  4.5.5  with  a 
repositioning  of  the  residual  strength  curves  for  the  edge  stiffeners 
(from  curve  g  to  curve  gf)  and  skin  structure  (from  curve  e  to  curve  e'). 
As  the  crack  in  the  skin  structure  continues  to  grow  after  causing  the 
ultimate  tensile  strength  failure  in  the  central  stringer  at  point  C,  it 
reaches  a  size  that  causes  the  ultimate  tensile  strength  failure  of  the 
two  edge  stringers  at  point  D,  at  which  point  all  potential  arrest  capa¬ 
bility  is  lost  and  the  structure  is  lost. 
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For  the  case  of  longer  cracks,  Figure  4.5.5  shows  that  skin  cracks  may 
start  running  (line  EF) ,  arrest  (point  F) ,  and  tear  along  curve  FL  as  the 
stress  is  increased.  At  point  L,  the  crack  has  reached  a  length  that  has 
resulted  in  sufficient  stress  being  transferred  to  the  central  stringer 
so  that  this  stiffener  now  fails.  Again,  this  failure  causes  a  redistri¬ 
bution  of  stress  in  the  entire  structure  so  that  a  new  set  of  residual 
strength  diagrams  are  required  to  determine  the  consequences  associated 
with  failing  the  central  stringer.  The  new  edge  stringer  and  skin 
structure  residual  strength  curves  are  presented  by  curves  g*  and  e?, 
respectively. 

Due  to  the  high  load  concentration,  the  middle  stringer  will  usually 
fail  fairly  soon  by  fatigue  and  therefore  lines  e*  and  g* ,  with  the 
middle  stringer  failed,  will  have  to  be  used  and  the  residual  strength 
is  determined  by  point  H1 .  (Note  that  e* ,  g* ,  and  H1  will  have  different 
positions  in  the  absence  of  the  middle  stringer;  a  failed  central  stringer 
will  induce  higher  stresses  in  both  the  skin  and  the  edge  stiffeners.) 

The  foregoing  discussion  provides  the  concepts  required  to  establish 
a  complete  residual  strength  diagram. 

4.5.3  Analytical  Methods 

In  this  subsection  analytical  procedures  are  presented  for 
the  residual  strength  capability  analyses.  Methods  for  evaluating  the 
unknown  fastener  force  and  the  stress-intensity  factors  for  the  stiffened 
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panel  are  presented.  Since  the  equations  for  the  solution  procedures 
have  been  based  on  linear  elastic  fracture  mechanics,  the  failure 


criterion  used  in  these  analyses  are  also  based  on  fracture  toughness 
values  for  abrupt  fracture  conditions  and  resistance  curve  data  for 
tearing  fracture  conditions. 


Analysis  methods  for  stiffened  panels  have  been  developed  independently 
by  Roraualdi,  et  al.(18),  Poe(19,20),  Vlieger(21),  Swift  and  Wang(22) , 
Swift^28\  Creager  and  Liu^2"^  ,  and  Wilhem  and  Ratwani 

Application  of  the  stress  intensity  factor  parameter,  (3,  and  the  stringer 

(21) 

load  concentration  factor,  L,  were  proposed  by  Vlieger  and  Swift 

.  tt  (22) 

and  Wang 

From  the  residual  strength  capability  analysis  as  discussed  in  the 
preceding  subsections,  it  is  evident  that  the  construction  of  residual 
strength  diagrams  for  built-up  structures  also  requires  the  estimation 
of  the  stress-intensity  factor  K.  A  number  of  approaches  for  determining 
K  have  been  developed.  Solutions  for  complicated'  structural  geometries 
can  sometimes  be  obtained  from  the  basic  stress  field  solutions  combined 
with  displacement  compatibility  requirements  for  all  the  structural 
members  involved.  This  approach  has  been  shown  by  several  investigators 
to  be  useful  in  the  analysis  of  built-up  sheet  structure.  While  the 
analysis  is  based  on  closed  form  solutions,  the  actual  analyses  are 
computerized  for  efficient  solutions.  The  essentials  of  this  technique 
are  described  below. 
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In  calculating  B  and  L,  two  methods  can  be  used.  There  are  the  finite- 
element  method  and  an  analytical  method  based  on  closed-form  solutions. 

The  analytical  method  has  advantages  over  the  finite-element  method  in 
that  the  effect  of  different  panel  parameters  on  the  residual  strength  of 
a  certain  panel  configuration  can  be  easily  assessed,  so  that  the 
stiffened  panel  can  be  optimized  with  respect  to  fail-safe  strength.  It 
allows  direct  determination  of  the  residual-strength  diagram.  In  the 
case  of  the  finite-element  method,  a  new  analysis  has  to  be  carried  out 
when  the  dimensions  of  certain  elements  are  changed  because  a  new 
idealization  has  to  be  made.  An  advantage  of  the  finite-element  analysis, 
on  the  other  hand,  is  that  such  effects  as  stringer  eccentricity,  hole 
deformation,  and  stringer  yielding  can  be  incorporated  with  relative 
ease.  Details  of  the  calculations  can  be  found  in  the  referenced  papers. 

The  procedure  for  analytical  calculation  is  outlined  in  Figure  4.5.6. 

The  stiffened  panel  is  split  up  into  its  composite  parts,  the  skin  and 
the  stringer.  Load  transmission  from  the  skin  to  the  stringer  takes  place 
through  the  fasteners.  As  a  result,  the  skin  will  exert  forces  F^,  F^j 
etc.,  on  the  stringer,  and  the  stringer  will  exert  reaction  forces  F^, 

F^,  etc.  on  the  skin.  This  is  depicted  in  the  upper  line  of  Figure  4.5.6. 

The  problem  is  now  reduced  to  that  of  an  unstiffened  plate  loaded  by  a 

uniaxial  stress,  a,  and  fastener  forces  F_  ...  F  .  This  case  can  be 

1  n 

considered  as  superposition  of  three  others,  shown  in  the  second  line 
of  Figure  4.5.6.  Namely: 
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a.  A  uniformly  loaded  cracked  sheet. 

b.  A  sheet  without  a  crack,  loaded  with  forces  F-  ...  F  . 

1  n 

c.  A  cracked  sheet  with  forces  on  the  crack  edges  given  by  the 

function  p(x).  The  forces  p(x)  represent  the  load  distribution 
(27) 

given  by  Love  .  When  the  slit  CD  is  cut,  these  forces  have 
to  be  exerted  on  the  edges  of  the  slit  to  provide  the  necessary 
crack-free  edges. 

The  three  cases  have  to  be  analyzed  individually.  For  case  a,  the 
stress-intensity  factor  is  K  =  o/r Ta.  For  case  b,  K  =  0.  The  stress 
intensity  for  case  c  is  a  complicated  expression  that  has  to  be  solved 
numerically.  However,  once  the  K  value  for  case  c  is  determined,  the 
stress-intensity  factor  for  the  whole  stiffened  panel  can  be  obtained 
by  adding  the  K  values  for  cases  a  and  b.  The  determination  of  K 
requires  calculations  of  fastener  forces  F^ ,  F^  ...  F^.  To  calculate 
these  forces,  the  displacement  compatibility  conditions  which  require 
equal  displacements  in  sheet  and  stringer  at  the  corresponding  fastener 
locations,  can  be  used.  These  compatibility  requirements  deliver  a  set 
of  n  (n  =  number  of  fasteners)  independent  algebraic  equations  from  which 
the  fastener  forces  can  be  obtained.  These  equations  can  be  solved 
numerically  using  Gauss-Seidal  or  Gauss-Jordan  iterative  methods. 

The  number  of  fasteners  to  be  included  in  the  calculation  depends  somewhat 

(24) 

upon  geometry  and  crack  size.  According  to  Swift  and  shown  in  Figure 

4.5.7,  15  fasteners  at  either  side  of  the  crack  seems  to  be  sufficient 
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(28 ) 

to  get  a  consistent  result.  Similar  results  were  obtained  by  Sanga 
Swift!s  analysis  provides  a  detailed  description  of  how  to  incorporate 
nonelastic  behavior  in  this  kind  of  analysis.  The  method  can  account  for 
(1)  stiffener  flexibility  and  stiffener  bending,  (2)  fastener  flexibility, 
and  (3)  biaxiality.  Stringer  yielding,  fastener  flexibility,  and  hole 
flexibility  are  lumped  together  in  an  empirical  equation  for  fastener 
deflection . 

The  effect  of  fastener  flexibility  and  stiffener  bending  on  3  and  L 
is  shown  in  Figure  4.5.8.  Although  the  effects  are  quite  large,  the 
vertical  position  of  the  crossover  of  critical  stress-intensity  factor 
curve  and  stringer  stress  curve  is  not  affected  too  much  (compare  points 
A  and  B  in  Figure  4.5.8).  The  level  of  the  crossover  determines  the 
residual  strength,  as  pointed  out  in  the  previous  subsections.  This 
explains  why  the  residual  strength  can  be  reasonably  well  predicted  if 
the  flexibility  of  the  fasteners  is  neglected. 

In  the  case  of  adhesively  bonded  stiffeners,  the  displacement  compati¬ 
bility  approach  was  used  to  calculate  the  fastener  loads  F^,  F^  ...  F  . 

The  adhesive  was  considered  by  dividing  it  into  a  series  of  discrete 
segments.  The  forces  F^,  F^  ...  F^  which  correspond  to  the  segments 
shown  in  Figure  4.5.9.  Using  an  appropriate  computational  method  as 
explained  for  riveted  fastener,  the  unknown  fastener  forces  can  be 
evaluated.  The  method  of  superposition  results  in  an  expression  in  terms 
of  a  complex  integral  for  the  stress-intensity  factor.  A  typical 
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residual  strength  diagram  for  a  bonded  structure  as  compared  to  the 
riveted  structure  is  shown  in  Figure  4.5.10.  The  required  expressions 
and  the  solution  techniques  are  discussed  in  the  example  problem  for  a 
riveted  skin-stringer  combination  with  a  central  crack  in  the  skin 
(see  subsection  4.5.7). 


4.5.4  Stiffener  Failure 

Stiffener  failures  are  based  on  the  following  three 
stiffener  conditions: 

1.  Intact  Stiffener  (no  cracks). 

2.  Partially  failed  stiffener  (with  cracks). 

3.  Totally  failed  stiffener. 


The  failure  criterion  for  the  intact  stiffener  is  based  on  the  ultimate 

strength  criterion.  As  mentioned  earlier,  the  ratio  between  the  stiffener 

load  in  the  cracked  region  (P  )  and  the  remote  region  from  the  crack 

(P)  is  defined  as  the  load  concentration  factor  L  or 
v  s 
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where  a  is  the  uniform  stress  in  the  skin  at  the  loaded  end  of  the  panel 
and  A  is  the  stiffener  cross  sectional  area.  Failure  of  the  stiffener 


s 

will  occur  when  the  value  of  P  is  equal  to  the  ultimate  strength  of 

max 

the  stiffener  (P  ^  ) ,  or  when 
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where  o  ^  is  the  ultimate  tensile  strength  of  the  stiffener  material 
and  f  <  1  is  a  factor  accounting  for  load  eccentricity  and  notch  effects 
in  the  stiffener.  For  a  uniform  stress  distribution  in  the  panel  remote 
from  the  crack  the  stress  in  the  stringer  will  equal  the  nominal  stress 
O  in  the  skin,  i.e., 

P  -  aA  .  (4.5.3) 

s 

Combining  equations  4.5.1  to  4.5.3,  yields  the  following  stiffener 
failure  criterion: 


0 


=  ¥ 


a 


ult 


L 


s 

When  the  stress  in  the  stringer  reaches  the  value  of  V  0  , 

ult 

will  fail.  The  parameter  V  is  determined  by  tests. 


(4.5.4) 
the  stringer 


When  load  eccentricity  and  notch  effects  are  not  considered  for  a  stringer, 

V  equals  one.  The  stiffener  failure  curve  obtained  using  Equation  4.5.4 

is  shown  in  Figure  4.5.11.  The  initial  portion  of  the  residual  strength 

curve  is  flat  because  the  load  concentration  factor  Lg  is  equal  to  one  for 

small  skin  crack  lengths.  As  the  skin  crack  increases  in  size,  L&  becomes 

significantly  greater  than  one  and  the  stringer  carries  a  large  portion  of 

the  total  structural  load  which  eventually  leads  to  stringer  yielding  and 

failure.  The  portion  of  the  curve  in  Figure  4.5.11  corresponding  to 

L  >1  shows  the  gradual  reduction  of  the  residual  strength, 
s 
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When  the  load  eccentricity  and  notch  effects  in  the  stiffener  are 
considered,  the  parameter  ¥  in  Equation  4.5.4  is  less  than  one.  The 
residual  strength  corresponding  to  a  case  where  ^  <  1  is  shown  in  Figure 
4.5.11.  The  curve  CD  does  not  have  the  initial  flaw  portion  exhibited 
by  the  case  Y  =  1.  Instead,  the  residual  strength  starts  decreasing 
even  for  small  skin  crack  lengths.  The  residual  strength  diagram  for 
the  stringer  can  be  constructed  knowing  the  values  of  Lg  and  ¥.  Deter¬ 
mining  requires  numerical  solution  techniques  which  are  discussed  in 
the  example  presented  in  subsection  4.5.7. 

According  to  MIL-A-83444  requirements,  cracks  are  assumed  in  all  load 

carrying  members.  This  means  that  all  structural  elements,  stringer 

included,  are  assumed  to  be  damaged.  The  residual  strength  diagram  for 

the  stringer  will  involve  using  the  fracture  mechanics  approach  of 

predicting  unstable  crack  growth.  The  critical  stress  for  a  partially 

K 

cr 

cracked  stringer  is  given  by  ^  g~  where  is  the  appropriate 

s  s  s 

fracture  toughness,  3  is  the  stringer  geometric  parameter,  and  a  is 

s  s 

the  stringer  crack  size.  When  the  crack  in  the  panel  approaches  the 

stringer,  the  load  transmitted  to  the  stringer  will  become  large 

(L  >>  1)  and  thus  the  critical  stress  level  required  to  fail  the  stringer 
s 

rapidly  decreases  as  shown  by  curve  CE  in  Figure  4.5.11.  Curve  CE 
corresponds  to  the  total  failure  of  the  stringer.  This  may  happen  when 
a  large  crack  emanates  from  a  stringer  rivet  hole.  Total  failure  of 
the  stiffener  occurs  before  the  skin  crack  approaches  the  stiffeners. 
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The  residual  strength  diagram  for  the  stiffened  panel  in  this  case, 
would,  in  fact,  be  approximately  that  of  the  unstiffened  panel. 

The  foregoing  discussion  presented  analysis  of  a  riveted  built-up 

structure.  However,  built-up  structures  exist  in  which  the  stringer 

is  adhesively  bonded  to  the  skin.  The  load  transfer  from  the  skin  to 

the  stringer  is  more  effective  in  the  bonded  structure  due  to  the 

increased  rigidity  in  the  stiffener.  The  corresponding  load  transfer 

parameter  will  have  higher  values  as  shown  schematically  in  Figure 

4.5.12a.  Due  to  the  effective  load  transfer  from  the  skin  to  the 

stiffener,  the  applied  stress-intensity  factor  will  be  reduced  when  the 

panel  crack  approaches  the  stiffener.  Figure  4.5.12b  illustrates  the 

levels  of  stress-intensity  factor  that  occur  for  riveted  and  bonded 

stiffeners.  The  figure  also  shows  that  the  bonded  stiffener  is  subjected 

to  higher  loads  due  to  the  effective  load  transfer;  the  higher  load 

causes  the  stiffener  failure  of  the  bonded  structure  to  be  more  critical 

than  that  of  the  riveted  structure.  Figure  4.5.13  compares  the  decay  of 

residual  strength  for  these  two  types  of  structures.  The  residual 

strength  of  the  bonded  stiffener  decreases  faster  than  the  riveted 

stiffener.  In  the  determination  of  the  residual  strength  diagram,  the 

parameter  is  usually  calculated  by  numerical  methods.  The  steps  to 

obtain  L  are  discussed  later  in  this  section, 
s 


4.5.16 


4.5.5  Fastener  Failure 


In  subsections  4.5.3  and  4.5.4,  the  discussion  focused  on 
skin  and  stiffener  failures.  A  third  mode  of  failure  involves  the 
fasteners.  This  paragraph  will  discuss  the  failure  of  the  fastener  system. 
Load  is  transmitted  from  the  skin  to  the  stringers  through  fasteners.  If 
the  fastener  loads  become  too  high,  fastener  failure  may  occur  by  shear. 
Fastener  failure  will  reduce  the  effectivity  of  the  stringer;  and 
therefore,  the  residual  strength  of  the  panel  will  drop.  The  highest 
loads  (F)  in  the  stringer/skin  connections  will  occur  in  the  fasteners 
adjacent  to  the  crack  path.  Fastener  failure  will  occur  when  the 
fastener  forces  F  transmitted  by  the  fasteners  adjacent  to  the  crack 
exceed  the  critical  shear  load  of  the  fastener.  The  fastener  failure 
criterion  is  given  by 

F  =  tt/4  d2  x  ,  (4.5.5) 

ult 

where  d  is  the  fastener  diameter  and  T  .  is  the  ultimate  shear  stress 

ult 

of  the  fastener  material.  It  is  emphasized  that  fastener  failure  need 

not  necessarily  cause  total  failure  of  the  panel.  Once  the  fastener 

failure  criterion  is  met,  however,  the  values  of  Lg  and  3  will  change 

since  the  loads  transferred  to  the  stiffener  and  skin  changes.  Once  the 

fastener  fails,  the  values  of  3  and  L  will  be  recalculated  in  order  to 

s 

proceed  further  with  the  residual  strength  analysis.  The  load  that  causes 
the  fasteners  to  fail  by  shear  can  be  calculated  from  Equation  4.5.5; 
the  corresponding  nominal  stress  in  the  panel  then  gives  the  residual 
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strength  curve  for  the  fasteners  as  shown  in  Figure  4.5.14.  At  zero 
crack  length,  and  for  the  case  where  the  skin  and  stringers  are  made  from 
common  materials,  the  fasteners  do  not  carry  any  load;  the  curve  therefore 
tends  to  increase  rapidly  for  a  **  o.  The  fastener  forces  can  be 
computed  through  the  displacement  compatability  between  the  stiffener  and 
the  panel.  The  necessary  steps  involved  in  the  computation  of  F^  are 
discussed  in  the  example  presented  in  subsection  4.5.7. 

In  the  case  of  adhesively  bonded  structures,  the  adhesive  (fastener) 
failure  criterion  is  based  on  a  maximum  adhesive  strain  value.  The 
residual  strength  analysis  is  fairly  complicated  (see  for  example, 
reference  24) .  Based  on  the  displacement  compatibility  between  the  panel 
and  the  stiffener,  the  adhesive  segment  strain  deflection  can  be 
numerically  computed  for  different  amounts  of  disbond.  Figure  4.5.15a 
shows  the  adhesive  strain  versus  gross  stress  for  various  levels  of 
adhesive  delamination.  The  vertical  line  AB  represents  average  failure 
strain  of  the  adhesive.  The  intersection  points  between  the  line  AB  and 
the  curves  give  the  critical  gross  stress  versus  amount  of  adhesive 
failed  as  shown  in  Figure  4.5.15b.  The  corresponding  curve  ABC  can  be 
used  for  panel  failure  analysis.  The  area  above  the  curve  defines  the 
failure  of  adhesive. 
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4.5.6  Methodology  Basis  for  Stiffened  Panel  Example  Problem 
The  residual  strength  analysis  of  an  edge  stiffened, 
centrally  cracked  skin  structure  of  the  type  shown  in  Figure  4.5.16  can 
be  performed  by  following  the  general  steps  described  in  the  preceding 
subsections . 

In  this  subsection,  the  specific  details  are  covered  which  are  associated 
with  conducting  the  stress-intensity  factor  analysis  as  well  as  the 
analysis  to  determine  the  stresses  in  the  stringers  and  fastener  loads. 

To  simplify  the  detailed  calculations,  it  is  assumed  that  only  one 
fastener  (rivet)  on  either  side  of  the  crack  is  active  as  shown  in 
Figure  4.5.17  and  that  this  rivet  is  assumed  to  be  rigid.  Thus,  there  is 
only  one  unknown  fastener  force  F  transferred  between  the  stringers  and 
the  skin  by  this  rivet. 

Typically,  the  analysis  proceeds  by  splitting  up  the  structure  shown  in 

Figure  4.5.16  into  its  component  parts  as  shown  in  Figure  4.5.17.  The 

unknown  force  F  can  be  calculated  from  the  displacement  compatibility 

condition  between  the  skin  and  the  stringer.  The  complicated  expressions 

which  correspond  to  the  displacements  V  ,  Vp,  and  Vp  due  to  the  applied 

stress,  a,  the  fastener  force  F  and  the  distributed  pressure  P(x), 

respectively,  can  be  obtained  using  a  procedure  suggested  by  Westergaard^^ 
(27) 

and  by  Love  .  The  detailed  discussions  on  the  methods  of  obtaining  the 

(13) 

required  relationships  are  presented  by  Broek  .  The  necessary 
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relationships  for  V^,  V^,  and  Vgt  (displacement  in  the  stringer)  are 
given  as: 


and 


where 


v  =  §  f 

a  E  a 


(4.5.6) 
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The  geometric  variables  r,  p^,  p2>  6^,  62  an^  0  are  shown  in  Figure  4.5.18. 
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The  displacement  compatibility  condition  requires  equal  displacements 
in  corresponding  points  of  sheet  and  stringer;  it  yields  the  following 
equation  to  calculate  the  unknown  fastener  force  F. 


V  +  +  V  =  V 

a  F  p  st 


(4.5.15) 


substituting  the  expressions  4. 5. 6-4. 5. 9  for  V  ,  V_,  V  ,  and  V  ^  in  the 

O  r  p  st 

above  relationship,  and  reassembling,  we  get 


F  =  oX  where  A= 
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The  next  step  is  to  obtain  an  expression  for  the  stress-intensity  factor 
for  the  entire  stiffened  panel  configuration.  Using  superposition,  the 
stress-intensity  factor  is  obtained  as  the  sum  of  the  stress-intensity 
factors  for  the  three  cases  shown  in  Figure  4.5.17.  It  can  easily  be  seen 
that  for  Case  I:  K  =  a/rra  and  for  Case  II:  K  =  0.  The  stress-intensity 
factor  (K)  for  Case  III  is  a  fairly  complicated  expression  and  it  is 
given  by, 


Km  -  - 2 1%  H  [liLF1  ri +  (i  +  v>  v  (4-5-i7) 

where  I1  =  f  “ - —z  H - - - y }  (4.5.18a) 

oJ  fl 2  x2  (1  +  (x  -  s)Z  (1  +  (x  +  i)Z) 

and  I  =  f  { - (X  -  §)2  ,  ?  +  - (X+  §)2  -  ?>  .  (4.5.18b) 

oJ  jOTji  (1  +  (x  -  5)  )  (1  +  (x  +  I)  ) 

/a  -x 
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where  a,  x  and  s  are  normalized  with  respect  to  the  rivet  pitch.  The 
estimation  of  K^..^  requires  solution  of  the  above  integrals  by  numerical 
methods.  Replacing  the  fastener  force  F  by  the  expression  and  rearranging 
the  expression  for  the  stress-intensity  factor  K  for  the  stiffened 

panel  then  becomes 


where 


and 


K  =  a/rra  -  a/rfa  A^A2 


\  I1  +  (l+V)  I2 


A2  2 . 
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The  stress-intensity  factor  K  can  be  finally  expressed  in  the  following 
form, 


where 


K  =  a$/rra 

3  =  (1  -  AxA2). 


(4.5.21) 

(4.5.22) 


To  calculate  K  for  a  given  stiffened  panel  the  values  of  f  ,  L,  f  ,  f  , 

a  F  p  st 

and  A^  have  to  be  obtained.  These  variables  are  numerically  calculated 
and  plotted  as  shown  in  Figures  4.5.19  to  4.5.23  for  various  values  of 
s,  a,  and  d.  For  the  given  example  data,  we  can  now  construct  the 
residual  strength  diagram  using  the  values  obtained  from  these  plots. 

4.5.7  Example  Residual  Strength  Analysis  of  Stiffened  Panel 

Determine  the  residual  strength  capabilities  of  a  stiffened 
panel  of  7075  Aluminum  with  a  central  crack  between  the  two  stringers  as 
.5  own  in  Figure  4.5.24. 
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For  a  critical  crack  size  (2a)  of  4.0  inch,  what  is  the  fracture  strength 
and  for  an  operating  stress  of  20  Ksi,  what  is  the  critical  crack  size? 

SOLUTION: 

The  first  step  is  to  obtain  the  stress-intensity  factor  by  means  of 
Equation  4.5.21  which  involves  the  parameters  X^  and  X^.  For  various 
crack  lengths,  these  two  variables  can  be  calculated  using  Equation  4.5.20. 
The  calculations  involve  the  values  of  f  ,  L,  f  ,  f  and  X  which  are 

O  r  p  St 

obtained  from  the  plots  for  various  values  of  a  for  the  given  s  -  20  and 
d/p  =  3/16.  Knowing  the  values  of  X^  and  the  geometric  parameter  6 
can  be  estimated  from  Equation  4.5.22.  It  is  then  straightforward  to 
obtain  the  K  vs.  a  plot  by  substituting  the  sets  of  values  of  a  and  $  in 
the  stress-intensity  factor  Equation  4.5.21  for  a  particular  value  of  the 
applied  stress  O.  The  corresponding  K  vs.  a  plot  is  shown  in  Figure 
4.5.25  for  a  -  5,  10,  and  15  Ksi.  This  figure  shows  that  the  stress- 
intensity  factor  decreases  rapidly  when  the  crack  approaches  the  stringer. 
The  figure  also  shows  the  effect  of  stringer  to  panel  thickness  ratio  on 
the  stress-intensity  factor. 

The  next  step  is  to  apply  a  failure  criterion  to  evaluate  the  fracture 

stresses,  O  ,  for  various  crack  sizes.  Assuming  that  the  material 
cr 

exhibits  negligible  subcritical  crack  growth,  the  fracture  toughness 

failure  criterion  (K  =  K  )  based  on  the  plane  stress  condition  can  then 

cr  r 

be  applied.  For  K  =  K^  in  Equation  4.5.21,  a ^  can  be  evaluated  for  a 
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particular  crack  size  and  the  corresponding  $  which  was  obtained  through 
equation  4.5.22.  The  residual  strength  diagram,  i.e. ,  the  plot  of 
vs.  a^  for  the  given  data  (K^  =  65  Ksi/ inch)  is  shown  in  Figure  4.5.26. 


The  residual  strength  curves  of  the  fastener  and  stiffeners  are  obtained 
by  combining  equations  4.5.5  and  4.5.16  for  fastener  failure  and  equations 
4.5.1,  4.5.4,  and  4.5.16  for  stringer  failure.  The  corresponding  equations 
are  given  by, 

2 

ud  T  - 

C  =  - - —  (Fastener)  (4.5.23) 

*  -  4  X 


and 


a  =  H7  - t —  (Stringer)  (4.5.24) 

+  r > 

s 

where  X  is  a  function  of  faf  and  the  values  of  X  for  various  crack  lengths 
can  be  obtained  using  the  Equation  4.5.16.  To  obtain  Equation  4.5.24,  note 
that  the  maximum  stringer  load  (Pmax)  is  the  source  of  the  fastener  force 
(F  =  aX)  and  the  remote  stringer  force  (aAs)  .  The  composite  residual  strengtl 
diagram  as  shown  in  Figure  4.5.26  contains  the  three  failure  curves  correspon< 
ing  to  panel,  stringer,  and  fastener.  The  stringer  failure  curve  corresponds 
a=  1  (light  stringer). 


For  the  crack  length  given  (2a  =  4  inches),  the  corresponding  residual 
strength  is  found  from  Figure  4.5.26  for  a  half  crack  length  (a)  of  2  inches. 
Point  A  in  this  figure  identifies  the  skin  failure  condition  which  occurs 
at  a  stress  level  of  25.9  Ksi.  For  the  operating  stress  level  of 
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20  Ksi,  the  panel  can  be  effective  without  catastrophic  failure  for 

cracks  with  length  less  than  the  critical  crack  (a  )  of  3.4  inch  (note 

cr 

2a^  =  6.8  inch).  If  the  panel  develops  a  crack  less  than  acr>  it  will 
not  fail  by  unstable  crack  growth.  However,  for  any  other  crack  size 
which  is  equal  or  greater  than  the  a  (3.4  inch),  the  residual  strength 
level  will  fall  below  the  operating  stress  level,  leading  to  the  rapid 
extension  of  the  crack.  Nevertheless,  the  structure  has  to  be  fully 
analyzed  for  its  crack  arrest  capabilities  when  it  develops  cracks  of 
length  greater  than  a 

cr 

Assume  that  the  panel  develops  a  crack  of  size  acr*  At  point  B  in  the 
figure,  the  crack  extends  rapidly.  When  the  rapidly  extending  crack 
becomes  15  inches,  the  stress  level  in  the  stiffener  (point  C)  reaches 
its  critical  value  and  the  stiffener  fails.  Due  to  the  stiffener  failure, 
the  stiffener  becomes  ineffective,  leading  to  the  total  failure  of  the 
panel  without  any  crack  arrest  possibilities. 

In  Figure  4.5.27,  the  stiffener  failure  curve  is  plotted  for  a  strong 
stiffener  with  a  =  4  (the  stiffener  thickness  is  "assumed"  four  times 
the  panel  thickness).  If  the  panel  develops  a  crack  size  a  ,  the  crack 
will  extend  rapidly  from  point  D  to  point  E  as  shown  in  Figure  4.5.27. 

At  point  E,  the  fastener  fails,  leading  to  an  ineffective  stringer  (loads 
are  no  longer  transferred  to  the  stringer).  Thus,  the  failure  of  the 
panel  is  unavoidable  and  the  unstable  crack  growth  without  effective  crack 
arrest  leads  to  the  total  failure  of  the  structure. 
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4.5.8  Tearing  Failure  Analysis 


When  the  cracked  thin  sheet  structure  of  high  fracture 

toughness  material  is  considered,  the  solutions  based  on  linear  elastic 

behavior  for  the  calculation  of  residual  strength  are  no  longer  valid  due 

to  the  large  scale  yielding  at  the  crack  tip.  For  fail-safe  structures 

with  crack  arrest  capabilities,  the  residual  strength  analysis  becomes 

complicated.  However,  using  the  R-curve  based  on  concept  as  the 

K 

/  2 

failure  criterion  Ratwani  and  Wilhein  developed  a  step-by-step 

procedure  for  predicting  the  residual  strength  of  built-up  skin  stringer 
structure  composed  of  tough  material  exhibiting  tearing  type  fractures. 

The  residual  strength  prediction  procedure  is  briefly  outlined  here  to 
show,  step-by-step,  the  required  data  and  analysis.  It  should  not  be 
assumed  that  by  reading  this  step-by-step  procedure  that  the  uninitiated 
can  perform  a  residual  strength  prediction.  It  is  strongly  recommended 
that  the  details  of  the  preceding  subsections  and  reference  26  be 
examined  prior  to  attempting  a  structural  residual  strength  analysis  based 
on  the  following  ten  procedural  steps. 

STEP  1 .  Model  the  structure  for  finite-element  analysis  or  use  an 
existing  finite-element  model  remembering  — 

a.  That  structural  idealizations  are  typically  two-dimensional, 

b.  That  no  out-of-plane  bending  is  permitted, 

c.  To  use  a  proper  fastener  model  (a  flexible  fastener  model  for 
rivited  or  bolted  structure,  or  a  shear  spring  model  for  bonded 
structure) . 
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d. 

To  use  material  property  data  from  skin  and  substructure  of 

e. 

interest  (i.e.,  E,  E  and  F  ), 

ty  tu 

To  select  the  most  critical  crack  location  (normally  highest 

stressed  area) , 

f . 

To  take  advantage  of  structural  symmetry. 

STEP  2. 

Select  one  crack  length  (2a  or  a)  of  interest  (based  on  inspec- 

tion  capability  or  detailed  damage  tolerance  requirement) .  Based  on  this 
"standard"  crack  length,  five  other  crack  lengths  are  selected  for  a 
Dugdale  type  elastic  plastic  analysis.  These  crack  lengths  should  be 
selected  such  that  crack  length  to  stiffener  spacing  (2a)  ratios  vary 
between  0.15  to  1.1  remembering  — 


a . 

That  the  greatest  variation  in  J  values  will  take  place  near 

reinforcements  ,  and 

b. 

To  select  at  least  one  crack  size  shorter  than  "standard". 

STEP  3. 

With  the  finite-element  model  (from  Step  1)  and  assumed  crack 

lengths 

(from  Step  2) ,  perform  an  analysis  assuming  Dugdale  type  plastic 

zones  for  each  crack  size  remembering  — 


a. 

To  select  the  first  increment  of  plastic  zone  length  at  0.2  inches 

and  sufficient  successive  increments  (normally  6)  to  reach 

b. 

Bueckner-Hayes  calculated  stresses  up  to  85  percent  to  F  . 

To  make  judicious  selection  of  plastic  zone  increments  so  as  to 

take  advantage  of  overlapping  a^  (effective  crack  length) 

(e.g.,  3.2,  3.5,  4.2,  5.0  inches  for  a  3  inch  physical  crack 
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and  4.2,  4.5,  5.0  inches,  etc.,  for  a  4  inch  physical  crack). 
If  overlapping  is  done,  those  cases  where  the  crack  surfaces 
are  loaded  throughout  the  crack  length  will  be  common  for  two 
or  more  physical  crack  sizes  hence  the  computer  programs  need 
be  run  only  once  (e.g.,  4.2  and  5.0  inches)  thus  reducing 
computer  run  times. 


STEP  4.  From  Step  3,  obtain  stresses  in  stiffeners  for  Dugdale  analysis 
and  elastic  analysis.  Plot  stiffener  stresses  as  function  of  applied 
stress. 


STEP  5.  From  the  crack  surface  displacement  data  of  Step  3,  plot  /J 
(obtained  by  Bueckner-Hayes  approach)  versus  applied  stress  to  F  ratio 
for  each  crack  size. 


STEP  6 .  From  Step  5,  cross  plot  the  data  in  the  form  of  /j  versus  crack 
size  (a)  at  specific  values  of  applied  stress  to  F  ratio. 


STEP  7 .  Employing  the  data  of  Step  4  and  the  "standard"  crack  size 
determine,  gross  panel  stress  to  yield  strength  ratio,  0/F  at  ultimate 
strength  (F  )  for  the  stiffener  material  -  assuming  zero  slow  crack 
growth.  This  information  will  be  used  subsequently  to  determine  if  a 
skin  or  stiffener  critical  case  is  operative. 
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STEP  8.  Obtain  crack  growth  resistance  data  for  skin  material  (see 
Volume  II  of  reference  26)  remembering  — 

a.  To  use  thickness  of  interest  (i.e.,  if  the  skin  material  is 
chemically  milled,  use  the  experimentally  obtained  R-curve  for 
the  same  chemically  milled  material) 

b.  Use  proper  crack  orientation  (LT,  TL,  or  off  angle)  corres¬ 
ponding  to  anticipated  direction  structural  cracking. 

STEP  9.  Plot  /j  versus  Aa^TTV  curve  as  shown  in  Figure  4.5.28  from  the 
-  PHY 

data  obtained  in  Step  8. 

STEP  10.  Determine  structural  residual  strength.  On  the  /J  versus 

crack  size  (a)  plots  obtained  in  Step  6  for  the  structure,  overlay  the 

/r  versus  Aa  material  plot  of  Step  9  at  the  initial  crack  length  of 
K  PHY 

interest  as  shown  in  Figure  4.5.29.  Determine  if  — 

At  the  gross  panel  stress  obtained  from  Step  7,  significant 

slow  tear  (_>  0.25  inch)  will  occur  as  indicated  from  the 

intersection  of  the  v/jT  versus  Aa  curve  with  the  constant 

K  PHY 

g/F^  curve  at  a  stringer  ultimate  strength  (see  Step  7) . 
Interpolation  will  probably  be  necessary  between  values  of 
constant  o/F  .  Then  proceed  as  follows: 

ty 

•  If  significant  slow  tear  occurs  (>  0.25  inch)  the  structure 
can  be  considered  to  be  skin  critical  (at  that  particular 
crack  length) .  Tangency  of  versus 


iapHY 


and  vJ 
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versus  a  at  constant  applied  stress  can  be  used  to 
r  HY 

determine  extent  of  slow  tear  and  residual  strength  at 
failure  as  a  percentage  of  F  . 

•  If  significant  slow  tear  does  not  occur  (Aa^TTW  <  0.25  inch) 

r  HY 

the  structure  will  normally  be  stiffener  critical.  To 
determine  a  conservative  value  of  residual  strength  (for  that 
crack  length)  use  the  Dugdale  curve  of  Step  4  and  stiffener 
ultimate  strength. 

4.5.9  Summary 

The  most  important  factor  to  consider  in  residual  strength 
prediction  of  a  cracked  built-up  structure  is  to  decide  whether  the 
structure  is  skin  or  stiffener  critical.  Normally,  a  short  crack  length 
is  likely  to  be  a  skin  critical  case  and  a  long  crack  length  a  stiffener 
critical  case.  However,  there  is  no  clear  cut  demarcation  between  the 
two  cases.  Factors  such  as  percentage  stiffening,  spacing  of  stringers, 
lands  in  the  structure  and  other  structural  details  will  influence  the 
type  of  failure.  Hence,  a  good  technique  is  to  determine  the  residual 
strength  of  a  given  structure  based  on  both  skin  critical  and  stiffener 
critical  cases.  The  minimum  fracture  stress  of  the  two  will  then  represent 
the  residual  strength  of  the  structure  and  should  be  considered  to  be  the 
governing  case. 
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(a)  Unstiffened  Pa^iel 


(b)  Stiffened  Panel 


(c)  Stringer 


Elements  of  Residual  Strength  Diagram. 
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Figure  4.5.1. 
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Figure  4.5.2.  Residual  Strength  Diagram  for  a  Stiffened  Panel. 
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CRACK  LENGTH  (2a) 


Figure  4.5.3.  Panel  Configuration  with  Heavy  Stringers;  Skin-Critical  Case. 
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Figure  4.5.4.  Criterion  for  Fastener  Failure. 


CRACK  LENGTH 


f:  Residual  Strength  Curve  of  Skin  Alone 

g:  Residual  Strength  Curve  of  Two  Edge  Stiffeners 
k:  Residual  Strength  Curve  of  Central  Stiffener  (Failing) . 

g!:  Residual  Strength  Curve  of  Two  Edge  Stiffeners  After  the  Failure  of 

Central  Stiffener 


Figure  4.5.5.  Residual  Strength  Diagram  for  a  Panel  With  Three  Stiffeners  and 
a  Central  Crack  Emanating  from  a  Rivet  Hole. 
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Figure  4.5.6.  Analysis  of  Stiffened  Panel. 


4.5.36 


7rO 


Figure  4.5.7.  Effect  of  Number  of  Fasteners  Included  in  Analysis 
on  Calculated  Stress-Intensity  Factor. 
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Figure  4.5.8.  Skin-Stress-Reduction  $  and  Stringer-Load-Concentration 

L  as  Affected  by  Fastener  Flexibility  and  Stiffener  Bending. 
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Figure  4.5.9.  Bonded  Fastener  Divided  into  Discrete  Segments. 
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RESIDUAL  STRENGTH 


Figure  4,5.10.  Residual  Strength  Diagram  Comparing  Riveted  and 
Bonded  Structures . 
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Figure  4.5.11.  Residual  Strength  Diagram  for  Stiffener. 
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(a)  Load  Transfer  Parameter  (L) 


Crack  Length  a 

(b)  Stress-Intensity  Factor  Coefficient  (K/a) 

Figure  4.5.12.  Comparison  of  L  and  K/a  for  Riveted  and  Bonded  Structures. 
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Figure  4.5.13.  Comparison  of  Residual  Strength  for  Riveted 
and  Bonded  Stiffeners. 
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RESIDUAL  STRENGTH 


Figure  4.5. 14 •  Residual  Strength  Diagram  for  the  Fasteners 
in  a  Built-Up  Structure. 
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CRITICAL  STRESS 


(a)  Stress-Strain  Curves  for  Adhesively  Bonded  Stringer  With 
Various  Levels  of  Delamination. 


Figure  4.5.15.  Gross  Stress  and  Critical  Stress  Diagram  for  Adhesively  Bonded 
Stringer. 
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Figure  4.5.16.  Riveted  Panel  with  a  Central  Crack  Between  Two  Stringers. 
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Figure  4.5.17.  Stiffened  Structure  Broken  Into  Components. 
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Figure  4.5.18.  Geometrical  and  Displacement  Parameters 
Relative  to  the  Crack  Tip. 
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Figure  4.5.19.  Normalized  Panel  Displacement  Function  (f^/p)  Due  to 
Applied  Stress  Vs.  Normalized  Crack  Lengtn  (a/p)  for 
Various  Stringer  Spacings  (S  =  S/p). 
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Figure  4.5.20.  Panel  Displacement  Function  Due  to  Fastener  Force 
Vs.  Normalized  Rivet  Diameter  (d/p)  for  All 
Stiffener  Spacings . 
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Figure  4.5.21.  Normalized  Panel  Displacement  Function  (fp/p)  Due  to 

Distributed  Pressure  Along  Crack  Vs.  Normalized  Crack 
Length  (a/p)  for  Various  Stringer  Spacings  (s  =  s/p) , 
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Figure  4.5.22.  Stringer  Displacement  Function  Vs.  Normalized 
Rivet  Diameter  (d/p)  for  Various  Half  Stringer 
Widths. 
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Figure  4.5.23.  Parameter  Vs.  Normalized  Crack  Length  (a/p)  for 
Various  Normalized  Stringer  Spacings  (s/p) . 
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given  the  following  data: 

Maximum  operating  stress:  20  Ksi 
Stiffener  spacing  (2s) :  40  inch 

Stiffener  width  (w) :  0.5  inch 

Stiffener  thickness  (Bgt) :  0.063  inch 

Panel  thickness  (B) :  0.063  inch 

Rivet  pitch  (p) :  1  inch 

Rivet  diameter  (d) :  3/16  inch 

Material:  7075-T6  Aluminum 

Fracture  toughness:  65  Ksi* inch 
Ultimate  Strength:  78  Ksi 


Figure  4.5.24.  Structural  Geometry  and  Material  Properties  for  Example 
of  Subsection  4.5.7. 
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Figure  4.5.25.  Stress  Intensity  Factor  Diagram  for  Panel  and  Riveted  Stringers. 
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Figure  4.5.28.  Square  Root  of  JD  Resistance  Curve. 
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Figure  4.5.29. 


Failure  Analysis  Based  on  J 
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5.0  ANALYSIS  OF  DAMAGE  GROWTH 


5.1  BASIC  INFORMAT ION 

5.1.1  Introduction 

MIL-A-83444,  "Airplane  Damage  Tolerance  Design  Requirements," 
specifies  that  cracks  shall  be  assumed  to  exist  in  all  primary  aircraft 
structure.  These  cracks  shall  not  grow  to  a  size  to  cause  loss  of  the 
aircraft  at  a  specified  load  within  a  specified  period.  Showing  compliance 
with  these  requirements  implies  that  the  rate  of  growth  of  the  assumed 
flaws  must  be  predicted. 

Crack  growth  is  a  result  of  cyclic  loading  due  to  gusts  and  maneuvers 
(fatigue  cracking) ,  or  of  the  combined  action  of  sustained  loading  and 
environment  (stress-corrosion  cracking),  or  both.  The  most  common  crack- 
growth  mechanisms  are  fatigue-crack  growth  and  environment-assisted 
(corrosion)  fatigue-crack  growth.  Certain  aircraft  parts  (especially 
high-strength  forgings)  may  be  liable  to  stress-corrosion  cracking.  Since 
there  is  a  design  threshold  for  stress  corrosion,  proper  detail  design  and 
proper  material  selection  can  minimize  or  prevent  stress  corrosion. 

Fatigue  cracking  is  difficult  to  prevent,  but  it  can  be  controlled. 

The  information  concerning  the  determination  of  stress-intensity  factors, 
that  was  presented  in  Chapter  1  can  be  directly  applied  to  crack-growth 
analysis. 
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To  predict  crack  growth  behavior  such  as  illustrated  in  Figure  5.1.1,  the 
following  information  must  be  available: 

1.  The  stress-intensity  factor,  described  as  a  function  of  crack 
size,  for  the  relevant  structural  and  crack  geometry; 

2.  The  stress  (load)-time  history,  described  for  the  structural 
location  component  or  structure  under  consideration; 

3.  The  baseline  crack-growth  properties  (constant  amplitude  crack- 
growth  rate  data) ,  described  as  a  function  of  the  stress- 
intensity  factor,  for  the  material  and  for  the  relevant 
environment; 

4.  A  damage  integration  routine  that  integrates  the  crack-growth 
rate  (from  (3))  to  produce  a  crack-growth  curve,  using  the 
proper  stress-time  history  (from  (2)),  the  proper  stress- 
intensity  formulation  (from  (1)),  and  an  appropriate  integration 
rule. 

This  chapter  provides  guidelines  to  arrive  at  crack  growth  estimates,  and 
points  out  where  deficiencies  in  knowledge  and  analysis  methods  lead  to 
inaccuracies. 

5.1.2  Fatigue-Crack  Growth  and  Stress-Intensity 

Consider  constant-amplitude  fatigue  loading  as  in  Figure 
5.1.2a.  The  following  parameters  are  defined: 
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mean  stress 


a 

m 

0^  stress  amplitude 

A 0  stress  range 

0  maximum  stress 

max 

0  .  minimum  stress 

min 

0  .  0-0  A0 

tx  _  -  ~  mm  m  a  ,  - 

R  stress  ratio:  R  =  =  - ; -  =1-0 

0  0+0  max 

max  m  a 

The  cyclic  stress  can  be  fully  characterized  (apart  from  the  frequency) 
by  any  combination  of  two  of  these  parameters.  The  stress  range,  Ao,  and 
the  stress  ratio,  R,  are  the  two  most  commonly  used.  Note  that  in  a 
constant-amplitude  test  each  of  these  parameters  has  a  constant  value  with 
respect  to  time. 

The  stress  history  can  be  converted  into  a  stress-intensity  factor  history 
(Figure  5.1.2b)  at  a  given  crack  length  by  multiplying  the  stress  history 
by  the  stress-intensity  factor  coefficient.  The  following  parameters  are 
defined: 


K 


m 


mean  stress-intensity  factor  =  $0  /rra 


m 


K  amplitude  of  the  stress-intensity  factor  =  30  v'rra 
a  a 

AK  range  of  the  stress-intensity  factor  =  BAo/ira 
K _  maximum  stress-intensity  factor  =  30  /Fa 


max 


max 


K  ^  m^n^-mum  stress-intensity  factor  = 


K 


R^.  cycle  ratio:  R^. 


min 


K 


max 
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The  above  calculation  schemes  for  stress-intensity  factor  parameters, 

while  being  the  most  straightforward  algebraically,  have  an  operational 

quality  about  them.  For  example,  it  is  theoretically  difficult  to  define 

a  negative  stress-intensity  factor  which  happens  if  the  stress  becomes 

compressive.  In  this  case,  the  crack  closes  and  the  crack  tip  stress 

field  loses  its  singularity  character;  thus,  the  stress-intensity  factor 

ceases  to  have  meaning.  The  operational  quality  of  the  negative  stress- 

intensity  factors  calculated  for  compressive  stress  situations  has  been 

given  a  lot  of  consideration  by  the  aerospace  industry  and  by  the  American 

Society  of  Testing  Materials  (ASTM) ,  specifically  its  subcommittee  on 

subcritical  crack  growth  (ASTM  E24.04).  ASTM  has  chosen  to  provide  the 

following  definitions  when  a  #  <0: 

mm 

K  .  =  0  if  a  ,  <0 

min  mm 

AK  =  K  if  a  .  <0 

max  mm 

The  reader  should  be  aware  of  the  ASTM  AK  definition  since  that  convention 
is  used  in  the  Damage  Tolerant  Design  (Data)  Handbook^  for  the  presen¬ 
tation  of  crack  growth  rate  data  when  part  of  the  fatigue  cycle  is 

compressive,  i.e.,  when  a  <  0  (R  <  0) .  The  algebraic  definition  of 

(2) 

AK  is  used  in  the  current  version  of  MIL-HDBK-5  .  Before  negative 
stress  ratio  (R  <  0)  data  are  used,  it  is  important  to  establish  what  the 
operational  definition  of  AK  is.  The  reader  should  note  that  the  behavior 
of  the  material  under  negative  stress  ratio  conditions  is  itself  indepen¬ 
dent  of  the  operational  definition  of  AK. 
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In  the  elastic  case,  the  stress-intensity  factor  alone  is  sufficient  to 
describe  the  stress  field  at  the  tip  of  a  crack.  When  the  plastic  zone 
at  the  crack  tip  is  small  compared  with  the  crack  size,  the  stress-intensity 
factor  still  gives  a  good  indication  of  the  stress  environment  of  the  crack 
tip.  Two  different  cracks  which  have  the  same  stress  environment  (equal 
stress-intensity  factors)  will  behave  in  the  same  manner  and  show  the 
same  rate  of  growth. 

Since  two  parameters  are  required  to  characterize  the  fatigue  cycle,  two 
parameters  are  required  to  characterize  crack  growth  rate  behavior.  The 
crack-growth  rate  per  cycle,  da/dN,  where  N  is  the  number  of  cycles,  can 
be  generally  described  with  functional  relations  of  the  type: 

d  a 

dN  =  f  (AK’  R>  or  =  g  <Kmax’  R)  (5.1.1) 

where  R  is  the  stress  ratio  associated  with  the  stress  cycle. 

EXAMPLE  5*1.1:  Meaning  of  Equation  5.1.1 

For  a  wide  center  crack  panel  subjected  to  constant  amplitude  loading 
conditions,  Equation  5.1.1  implies  that  the  crack  growth  rate  of  a  2-inch 
long  crack  subjected  to  a  remote  loading  of  Aa  =  10  ksi  for  R=0  will  be 
identical  to  the  rate  of  growth  of  a  0.5-inch  long  crack  subjected  to  a 
remote  loading  of  Aa  =  20  ksi  for  R=0.  The  rates  for  the  two  different 
crack  length  -  loading  conditions  will  be  the  same  because  the  stress- 
intensity  factor  range  (AK)  and  the  stress  ratio  (R)  are  the  same  in 
both  cases. 
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Typically,  fatigue  crack  growth  rate  data  is  described  using  plots  of 

da/dN  versus  AK  on  double-logarithmic  scale  graph  paper.  Figure  5.1.3 

presents  fatigue  crack  growth  rate  data  for  7075  Aluminum  in  the  graphical 

format  that  is  being  used  in  the  revised  version  of  the  Damage  Tolerant 

Design  (Data)  Handbook ^ .  Figures  5.1.4  and  5.1.5  describe  example 

composite  da/dN  data  plots  for  7075  Aluminum  as  a  function  of  AK 

(2) 

(algebraic  definition)  for  different  stress  ratio  (R)  values  .  Both 

Figures  5.1.4  and  5.1.5  provide  mean  trend  curves  that  represent  the 

function  f(AK,R)  in  Equation  5.1.1.  On  the  basis  of  these  figures,  it 

can  be  seen  that  f(AK,R)  is  not  a  simple  function.  Figure  5.1.6  is  a 

schematic  illustration  of  fatigue  crack  growth  rate  behavior  from  the 

—8 

threshold  region  (below  10  inch/cycle)  to  the  onset  of  rapid  cracking 

_3 

in  the  fracture  toughness  region  (above  10  inch/cycle) .  As  can  be  seen 
from  Figures  5.1.3  -  5.1.6,  the  behavior  exhibits  a  sigmoidial  shape 
suggesting  that  there  might  be  asymptotes  at  the  two  extreme  regions. 

5.1.3  Fatigue  Crack-Growth  Rate  (FCGR)  Descriptions 

Many  descriptions  of  the  function  f(AK,R)  in  Equation  5.1.1 
have  been  proposed.  In  the  early  literature1"  ,  most  of  the  descriptions 
were  either  based  on  physical  models  of  the  crack  growth  process  (referred 
to  as  nlawsn)  or  on  equations  that  appeared  to  describe  the  trends  in  the 
data.  Currently,  the  fatigue  crack  growth  rate  (FCGR)  descriptions  are 
carefully  selected  to  provide  accurate  mean  trend  descriptions  of  the 
specific  data  collected  to  support  a  materials  evaluation  or  structural 


5.1.6 


design.  Before  introducing  these  more  accurate  FCGR  descriptions,  the 
Paris  power  law^  ,  the  Walker  equation ^  ,  and  Forman  equations  will  be 
reviewed  ^  . 

The  Paris  power  law  equation  was  initially  proposed  to  describe  the  crack 
growth  rate  behavior  in  the  central  region  for  specific  values  of  stress 
ratio.  It  is  given  by  the  general  form: 

=  CAKP  (5.1.2) 

aN 

where  C  and  p  are  experimentally  determined  constants.  Equation  5.1.2  is 
still  extensively  used  to  develop  first  order  approximations  of  life 
behavior  when  only  limited  amounts  of  data  are  available.  The  reader  is 
cautioned  that  Equation  5.1.2,  as  well  as  any  other  FCGR  description, 
should  not  be  extrapolated  beyond  its  limits  of  applicability  without  a 
great  deal  of  care  and  experience.  Greater  life  prediction  errors  can 
result  from  data  extrapolation  errors  than  almost  all  other  design  metho¬ 
dology  errors  combined. 

/  Q\ 

The  Walker  equation^  provided  one  of  the  first  simple  equations  that 
accounted  for  the  stress  ratio  shift.  It  is  a  subtle  modification  of 
Equation  5.1.2  and  is  given  by 

f  =  C  ni~R)m  *Snax^P  W-1-3’ 

where  C,  m,  and  p  are  empirical  constants.  The  exponent  m  typically 
ranges  from  0.4  to  0.6  for  many  materials.  Because  Equation  5.1.3  is  a 
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power  law,  it  has  been  noted  to  be  most  useful  in  describing  the  central 
region  of  the  growth  rate  behavior. 


The  Forman  equation  was  initially  proposed  to  describe  both  the  central 
and  high  crack  growth  regions  of  the  behavior.  To  account  for  the  accelera¬ 
tion  of  the  cracking  rates  as  the  stress-intensity  factors  levels  approached 
critical,  the  Paris  power  law  equation  was  divided  by  a  factor  that  would 
reach  zero  when  the  stress-intensity  factor  reached  a  critical  level.  The 
general  form  of  the  Forman  equation  is: 

da  =  C  AKP  ,,  ,v 

dN  (1-R)  K  -  AK 
c 

where  C,  p,  and  are  experimentally  evaluated  for  the  given  material 
and  thickness.  Equation  5.1.4  can  be  rearranged  to  yield: 


da 

dN 


C  (1-R)P  1  .  KP 
_ max 

K  -  K 


(5.1.5) 


c  max 

which  shows  that  the  equation  has  the  capability  to  describe  multiple 
stress  ratio  data  sets. 


The  empirical  constants  in  Equations  5. 1.2-5. 1.4  are  typically  derived 
using  least  square  fitting  procedures.  Note  that  the  simplicity  of 
Equations  5.1.2  and  5.1.3  allow  for  a  graphical  fit  to  the  data  on  log-log 
coordinate  paper  and  the  direct  evaluation  of  the  constants  from  the 
graph.  The  usefulness  of  Equations  5. 1.2-5. 1.4  comes  from  the  ease  in 
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which  their  constants  can  be  evaluated  from  available  data,  as  well  as 


the  direct  application  of  the  equations  to  simplified  life  integration 
calculations.  When  considering  the  general  expression  for  crack  growth 


life  (Nf ) 


da 


(5.1.6) 


f (AK,R)  * 


o 

it  is  seen  that  the  function  f  is  simple  for  Equations  5. 1.2-5. 1.4. 

ASTM  task  group  E24.04.04  (on  FCGR  descriptions)  recently  conducted  two 
analytical  round  robin  investigations  of  the  utility  of  various  FCGR 
descriptions  that  describe  FCGR  behavior  (See  References  10  and  11) . 

These  round  robin  investigations  have  clearly  demonstrated  that  FCGR 
descriptions  which  are  classifed  as  "good"  from  a  life  analysis  standpoint 
must  adequately  represent  the  mean  trend  of  the  FCGR  data.  Figure  5.1.7 
outlines  a  general  procedure  whereby  the  FCGR  behavior  is  first  described 
by  least  square  regression  analysis  (Figure  5.1.7a)  and  then  the  regression 
equation  (in  conjunction  with  the  stress-intensity  factor  analysis  for  the 
test  geometry)  is  used  in  integral  form  to  obtain  an  estimate  of  the 
fatigue  crack  growth  life  Nf  (Figure  5.1.7b).  In  Figure  5.1.7a,  the 
mean  trend  behavior  is  described  along  with  bounds  on  the  regression 
equation.  Those  descriptions  which  fail  to  model  the  mean  trend  of  the 
FCGR  data,  either  because  they  are  preconceived  to  have  a  specific  form 
(sinh,  power  law,  Forman,  etc.)  or  due  to  a  lack  of  care  in  performing 
the  regression  analysis,  lead  to  life  prediction  errors  that  are  biased 
or  exhibit  significant  scatter. 
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To  support  the  first  round  robin,  FCGR  data  from  compact  and  center  crack 
test  geometries  fabricated  from  0.25  inch  thick  2219-T851  aluminum  alloy 
were  supplied  to  the  participants.  The  tests  were  conducted  between 
threshold  and  fracture  toughness  levels  for  five  separate  stress  ratios 
(-1,  0.1,  0.3,  0.5,  and  0.8).  A  number  of  individuals  from  government, 
industry,  and  academia  participated  in  the  round  robin  (See  Table  5.1.1) 
and  chose  to  evaluate  the  ten  (10)  descriptions  defined  in  Table  5.1.2. 

Each  participant  was  given  FCGR  data  and  asked  -to  describe  the  mean  trend 
of  the  behavior  using  equations  or  other  procedures.  The  participants 
then  integrated  their  mean  trend  analysis  to  establish  predicted  life 
values.  They  were  each  given  the  initial  and  final  crack  sizes  as  well 
as  the  loading  conditions  for  these  life  predictions  of  center  cracked 
specimens  and  compact  specimens. 

One  of  the  procedures  utilized  to  evaluate  the  ten  descriptions  was  to 
summarize  the  sixteen  (16)  life  prediction  ratios  (life  predicted  divided 

p 

by  life  measured,  N^/Np  see  Figure  5.1.7b)  associated  with  each  description. 
The  means  and  standard  deviations  for  the  life  prediction  ratios  associated 
with  each  participant/FCGR  description  is  presented  in  Table  5.1.3. 
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TABLE  5.1.1  - 

Active  Participants  and  their  Organizations 

Name 

Affiliation 

C.  G.  Annis 

F.  K.  Haake 

Pratt  &  Whitney  Aircraft 

J.  Fitzgerald  ^  Northrop  Corporation 

J.  P.  Gallagher  University  of  Dayton  Research  Institute 


M.  S.  Miller 

S.  J.  Hudak,  Jr. 
A.  Saxena 

J.  M.  Krafft 

D.  E.  Macha 

L.  Mueller"*” 

Westinghouse  R&D  Center 

Naval  Research  Laboratory 

Air  Force  Materials  Laboratory 

Alcoa  Laboratories 

B.  Mukherjee  Ontario  Hydro 

M.  L.  Vanderglas 

J.  C.  Newman  NASA  Langley  Research  Center 


* 


Chairman,  ASTM  Task  Group  E24.04.04  on  FCGR  Descriptions  (1975-80) 
"^Chairman,  ASTM  Task  Group  E24.04.04  on  FCGR  Descriptions  (1980-83) 
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TABLE  5.1.2  -  FCGR  Descriptions 


Participant/ 

FCGR 

Description 

No.  Form 


(1) 

(2) 

(3) 

(4) 


^  =  c^Cl 
—  -  P  ( AK  ~~  ±K,)F2 

dN  ~  1  (A Kc  -  AK)pi 

i  _  ax  r  i  l 

da/dN  ~  (AK)”\  +  Al  [  (AK)”2  C  j 

+  ATe)(l  -tfeff)  +  *K 


da 

dN 


=  C(Kmtir  UK , 


(5) 

(6) 


+ 


log  io 


(*)- 


exp(P2x)  +  P3  exp(P,x)  +  Ps 


~  =  ,0{C1sinh[C2(logAX'  +  Cj)|  +  C4} 

apt 


(7) 


da 

dN 


=  I0{C1sinh[C20og  AK  +  C3)]  +  C4} 


(8) 


da  \  (  A  K\ 


(9)  tensile  ligament  instability  model 

(10)  table  lookup  procedure 


+The  hyperbolic  sine  model  is  listed  twice  because  two  separate 
organizations  chose  to  evaluate  this  description. 


TABLE  5.1.3  -  Means  and  Standard  Deviation  of  Sets  of  Life- 
Prediction  Ratios  for  the  Full  Crack  Growth 
Interval 


Participant /FCGR  Description  No. 

1  2  3  A 

5 

6 

7 

8 

9 

10 

Mean 

0.95  0.72  1.00  0.76 

0.96 

0.97 

2.32 

0.99 

1.05 

0.96 

Standard 

Deviation 

0.27  0.16  0.27  0.15 

0.12 

0.24 

5.81 

0.10 

0.32 

0.12 
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The  life  prediction  ratio  (LPR)  numbers  in  Table  5.1.3  can  be  interpreted 
by  comparing  the  mean  LPR  to  1.0  and  the  standard  deviation  to  0.0.  A 
mean  LPR  less  than  1.0  implies  a  conservative  prediction.  A  further 
interpretation  of  the  results  of  the  round-robin  are  presented  in  Table 
5.1.4  which  contains  percentage  of  life  prediction  ratios  that  fall 
within  the  ranges  of  0.80  and  1.20  and  of  0.90  and  1.10.  Note  that  four 
descriptions  were  able  to  achieve  LPR  numbers  between  0.80  and  1.20  for 
at  least  80  percent  of  the  number  of  predictions  made. 

One  modeling  procedure  that  has  consistantly  shown  itself  to  rank  among 
the  most  accurate  FCGR  descriptions  for  predicting  lives  is  the  table 
look-up  scheme  (FCGR  Description  no.  10  in  Table  5.1.2).  For  life  predic¬ 
tion  purposes,  most  aircraft  companies  have  gone  to  a  table  look-up  scheme 
in  which  they  describe  crack  growth  rate  as  a  function  of  AK  for  specific 
values  of  fatigue  crack  growth  rate  or  vice  versa,  i.e.,  da/dN  is  described 
for  specific  values  of  AK.  Table  5.1.5  summarizes  the  mean  trend  FCGR 
behavior  of  the  2219-T851  aluminum  alloy  employed  by  the  ASTM  Task  Group 
E24. 04.04.  This  table  format  will  be  close  to  the  format  utilized  to 
present  mean  trend  data  in  the  revised  Damage  Tolerant  Design  (Data) 
Handbook ^ .  Within  the  main  body  of  Table  5.1.5,  da/dN  will  be  presented 
as  a  function  of  prechosen  AK  levels  for  specific  levels  of  stress  ratio 
(or  environment,  etc.).  In  the  rows  directly  above  and  directly  below 
the  main  body  of  the  table,  the  data  extreme  values  are  defined.  In  the 
bottom  rows  of  the  table,  statistical  summaries  that  define  the  accuracy 
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TABLE  5.1. A  -  A  Further  Comparison  of  FCGR  Descriptions 


Participant/ 

FCGR 

Description 

No. 

Percent  of  All  Predictions  Within: 

+20% 
of  1.0 

+10% 
of  1.0 

i 

53.3 

20.0 

2 

33.3 

20.0 

3 

86.7 

26.7 

4 

38.5 

15.4 

5 

100.0 

73.3 

6 

73.  3 

53.3 

7 

80.0 

66.7 

8 

89.5 

57.9 

9 

31.3 

18.8 

10 

100.0 

80.0 
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TABLE  5.1.5  -  Example  Fatigue  Crack  Growth  Rate  Table 
(2219-T851  Aluminum) 


AK 

(Ksi/in) 

da/dN  x  10^  inches/cycle 

Rl="1.0 

R2=0 . 1 

R3=0 . 3 

R4=0 . 6 

R5=0 . 8 

R1 

AK  •  !n 
mm  R3 

at :  R4 

R5 

1.09 

2.55 

2.11 

1.38 

1.17 

0.00730 

0.00336 

0.00369 

0.00351 

0.00112 

1.3 

1.6 

2.0 

2.5 

3.0 

3.5 

4.0 

5.0 

6.0 

7.0 

8.0 

9.0 

10.0 

13.0 

16.0 

20.0 

0.0167 

0.0351 

0.0676 

0.127 

0.216 

0.336 

0.488 

0.884 

1.37 

1.91 

2.47 

3.08 

3.80 

7.16 

13.2 

28.3 

0.0166 

0.0639 

0.171 

0.566 

1.14 

1.93 

3.09 

4.78 

7.04 

17.0 

36.2 

126.0 

0.0451 

0.152 

0.246 

0.355 

0.691 

1.30 

2.28 

3.60 

5.14 

6.86 

14.4 

30.9 

0.0176 

0.0569 

0.0911 

0.139 

0.218 

0.339 

0.753 

1.46 

2.50 

3.95 

6.07 

9.38 

38.4 

0.00429 

0.0251 

0.0689 

0.128 

0.228 

0.431 

0.809 

2.60 

7.83 

46.3 

Rl 

AK  ^ 

max  R3 

at:  R4 

R5 

20.7 

24.7 

19.3 

15.8 
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of  the  mean  trend  (tabular)  description  (1)  to  relative  to  the  FCGR  data 
(The  parameter  RMSPE  is  the  root  mean  square  percentage  error)  and  (2) 
with  respect  to  life  prediction  (life  prediction  ratios  based  on  original 
a  vs  N  data) .  The  RMSPE  is  a  statistic  that  measures  the  deviation  of 
fatigue  crack  growth  rate  data  from  the  table;  and,  it  is  somewhat  akin 
to  the  coefficient  of  (life)  variation. 

The  mean  trend  data  presented  in  the  revised  Damage  Tolerant  Design  (Data) 
Handbook^^  can  be  directly  utilized  with  table  look-up  algorithms  in 
crack  growth  life  prediction  computer  codes.  These  data  might  also  be 
utilized  with  least  square  fitting  procedures  to  generate  wider  ranging 
predictive  schemes  that  account  for  the  effects  of  stress  ratio,  frequency, 
environment,  temperature,  and  other  controlling  conditions. 

The  Damage  Tolerant  Design  (Data)  Handbook^)  provides  crack-growth  data 
for  a  variety  of  materials.  The  data  are  presented  in  the  form  of  graphs 
(See  Figure  5.1.3)  and  tables  (See  Table  5.1.5).  Multiple  parameter 
equation  fitting  should  not  be  attempted  if  only  limited  sets  of  data  are 
available.  In  case  limited  data  sets  have  to  be  used,  a  comparison 
should  be  made  with  similar  alloys  for  which  complete  data  are  available, 
and  curves  may  be  fitted  through  the  limited  data  sets  on  the  basis  of 
this  comparison. 
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5.1.4 

Factors  Affecting  Crack  Growth 

Unlike  tensile  strength  and  yield  strength,  fatigue  crack 

growth  rate 

(FCGR)  behavior  is  not  a  consistent  material  characteristic. 

The  FCGR  is  influenced  by  many  uncontrollable  factors.  As  a  result,  a 
certain  amount  of  scatter  occurs.  Therefore,  crack  growth  predictions 
should  be  based  on  factors  relevant  to  the  conditions  in  service. 

Among  the  many  factors  that  affect  crack  propagation,  the  following  should 
be  taken  into  consideration  for  crack  growth  properties. 


A.  • 

Type  of  product  (plate,  extrusion,  forging) 

• 

Heat  treatment 

• 

Orientation  with  respect  to  grain  direction 

• 

Manufacturer  and  batch 

• 

Thickness 

B.  • 

Environment 

• 

Temperature 

• 

Frequency. 

No  attempt  will  be  made  to  illustrate  the  effects  of  all  these  factors 
with  data,  particularly  because  some  factors  have  largely  different  (and 
sometimes  opposite)  effects  on  different  materials.  Rather,  some  general 
trends  will  be  briefly  mentioned. 
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The  factors  under  A  pertain  to  the  material.  The  crack  propagation 
characteristics  for  a  particular  alloy  differ  for  plates,  extrusions,  and 
forgings.  The  latter  may  exhibit  large  anisotropy,  which  may  have  to 
be  considered  in  the  growth  of  surface  flaws  and  corner  cracks,  which 
grow  simultaneously  in  two  perpendicular  directions.  Closely  related  to 
this  are  other  processing  variables,  particularly  the  heat  treatment. 


An  alloy  of  nominally  the  same  composition  but  produced  by  different 

(12) 

manufacturers  may  have  quite  different  crack  propagation  properties 
This  is  illustrated  in  Figure  5.1.8.  The  differences  are  associated  with 
slight  variations  in  composition,  inclusion  content,  heat  treatment  (pre¬ 
cipitates)  ,  and  cold  work.  Similar  variations  in  crack  growth  occur  for 
different  batches  of  the  same  alloy  produced  by  the  same  manufacturer. 
Data  presented  in  Figure  5.1.9  show  that  growth  rates  can  vary  with  sheet 
thickness^ 13-1 7 ^ . 


In  view  of  the  factors  which  influence  crack  growth  properties,  predictions 
of  crack  growth  should  be  based  on  material  data  which  pertain  to  the 
product  form.  Spot  checks  may  be  necessary  to  account  for  variabilities 
in  heats  and/or  manufacturer. 

The  factors  under  B  are  associated  with  the  environmental  circumstances. 

A  lightly  corrosive  environment  (humid  air)  gives  rise  to  higher  crack 
growth  rates  than  a  dry  environment v  .  The  effect  is  illustrated 

in  Figure  5.1.10.  Although  opinions  differ  in  explaining  the  environmental 
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effect,  there  is  concurrence  that  the  principal  factor  is  corrosive 

action,  which  is  time  and  temperature  dependent.  The  effect  of  cyclic 

*  (19,22,26,28)  .  .  .  . 

frequency  is  related  to  the  environmental  effect,  with 

slower  cyclic  frequencies  usually  associated  with  accelerated  fatigue 

crack  growth  rates. 

At  low  temperatures,  the  reaction  kinetics  are  slower  and  the  air  contains 

less  water  vapor.  This  may  reduce  crack  propagation  rates  in  certain 
(29  30) 

alloys  *  .  Figure  5.1.11  shows  the  influence  of  low  temperature  on 

crack  growth  for  7075-T6  alloy  compared  with  growth  at  normal  temperatures 

(31  32) 

Temperatures  higher  than  ambient  may  increase  crack  growth  rates  * 

In  view  of  the  effect  of  environment  on  crack  growth,  the  data  used  for 
life  predictions  should  represent  the  effect  of  the  expected  environment 
and  temperature. 


5.1.5  Use  of  Data;  Data  Scatter 

Fatigue-crack-propagation  data  for  a  variety  of  materials 
can  be  found  in  data  handbooks.  In  many  cases,  however,  the  data  for  a 
particular  application  (with  regard  to  material  condition,  thickness,  and 
environment)  will  have  to  be  generated  in  the  manner  prescribed  by 
Chapter  7. 


As  indicated  by  the  results  presented  in  subsection  5.1.3,  accurate  mean 


(29) 


trend  FCGR  descriptions  result  in  accurate  fatigue  crack  life  descriptions. 
People  have  worried  in  the  past  about  trying  to  account  for  the  substantial 


amount  of  scatter  which  exists  in  the  crack  growth  rate  data.  The  amount 
of  crack  growth  between  crack  measurements  and  the  accuracy  of  this  incre¬ 
mental  crack  growth  measurement  determines  a  large  part  of  the  scatter. 
Another  inherent  reason  for  data  scatter  is  due  to  the  differentiation 
techniques  that  one  uses  to  reduce  the  data. 

Shown  in  Figure  5.1.12a  is  a  hypothetical  example  of  the  crack  growth-life 
behavior  observed  in  a  single  laboratory  test;  Figure  5.1.12b  represents 
the  FCGR  data  derived  from  this  test.  Outlying  data  points  are  indicated 
by  an  asterisk  in  Figure  5.1.12a  and  b.  The  mean  trend  curves  faired 
through  the  data  can  be  shown  to  be  directly  related  to  each  other;  the 
integral  of  the  curve  in  Figure  5.1.12b  gives  the  curve  in  Figure  5.1.12a 
for  the  test  conditions.  If  more  tests  are  run  and  all  the  data  compiled, 
the  plot  will  be  as  in  Figure  5.1.12c:  each  test  might  have  a  few 
outlying  data  points,  but  the  compilation  has  many  outlying  points.  When 
all  data  points,  including  the  outliers,  are  plotted,  the  data  exhibit  a 
wide  scatterband,  noted  as  the  apparent  scatterband,  shown  in  Figure  5.1.12c. 
However,  as  previously  seen  from  Figures  5.1.12a  and  b,  the  outlier  points 
did  not  significantly  affect  the  crack  growth  curve  or  the  mean  trend 
FCGR  curve.  When  considered  collectively,  the  outlying  data  points  in 
Figure  5.1.12c  can  be  misleading  since  they  do  not  represent  the  mean 
trend  behavior  of  any  specimen.  If  the  wide  scatterband  were  considered 
for  a  crack  growth  prediction,  the  upper  bound  would  predict  a  consistent 
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high  growth  rate  .at  each  crack  size  (whereas  it  happened  only  inciden¬ 
tally  as  shown  in  Figure  5.1.12a).  As  a  result,  the  diagram  would  reflect 
a  large  apparent  scatter  in  crack  growth  lives  (Figure  5.1.12d)  whereas 
the  real  scatter  in  crack  growth  lives  is  much  smaller. 

As  indicated  by  the  above  remarks,  worrying  about  the  random  (within 
specimen)  scatter  in  fatigue  crack  growth  rates  is  really  not  that  impor¬ 
tant  from  a  life  estimation  standpoint.  What  has  been  found  from  analyses 
of  multiple  specimen  data  sets  is  that  the  width  of  the  scatterbands 
associated  with  specimen  to  specimen  mean  trend  variations  in  FCGR  is 
closely  related  to  the  variability  in  crack  growth-life  behavior.  The 
scatterband  associated  with  specimen  to  specimen  variations  is  identified 
in  Figures  5.1.12c  and  d  as  the  real  scatterband  since  it  focuses  on  the 
variability  in  crack  growth  life-behavior. 

The  coefficient  in  variation  of  crack  growth  lives  is  sometimes  similar 
in  magnitude  to  the  root  mean  square  (percentage)  error  associated  with 
fatigue  crack  growth  rate  modeling.  When  conservative  estimates  in  crack 
growth  lives  are  desired,  the  upper  bound  of  the  real  scatterband 
(identified  in  Figure  5.1.12c)  determined  on  the  basis  of  four  or  more 
specimens  should  be  used. 
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5.1.6  Stress-Corrosion  Cracking  and  Stress  Intensity 


Many  engineering  materials  exhibit  some  cracking  behavior 
under  sustained  loading  in  the  presence  of  an  environment  (thermal  and/or 
chemical) .  The  type  of  cracking  behavior  for  many  chemical  environments 
is  referred  to  as  stress-corrosion  cracking  behavior.  The  mechanism  for 
this  attack  process  has  been  attributed  to  the  chemical  reactions  that 
take  place  at  the  crack  tip  and  to  diffusion  of  reactive  species  (parti¬ 
cularly  Hydrogen)  into  the  high  stressed  region  ahead  of  the  crack.  The 
cracking  process  has  been  noted  to  be  a  function  of  time  and  it  is  highly 
dependent  on  the  environment,  the  material,  and  the  applied  stress  (or 
stress-intensity  factor)  level. 

For  a  given  material-environment  interaction,  the  stress-corrosion- 

cracking  rate  has  been  noted  to  be  governed  by  the  stress-intensity  factor. 

Similar  specimens  with  the  same  size  of  initial  crack  but  loaded  at 

different  levels  (different  initial  K  values)  show  different  times  to 
(33-35) 

failure  as  shown  in  Figure  5.1.13.  A  specimen  initially  loaded  to 

fails  immediately.  The  level  below  which  cracks  are  not  observed  to 
grow  is  the  threshold  level  which  is  denoted  as  K  cc. 

If  the  load  is  kept  constant  during  the  stress-corrosion-cracking  process, 
the  stress-intensity  factor  will  gradually  increase  due  to  the  growing 
crack.  As  a  result  the  crack-growth  rate  per  unit  of  time,  da/dt,  increases 
according  to 

4r  =  f (K) .  (5.1.7) 
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the 


When  the  crack  has  grown  to  a  size  that  K  becomes  equal  to  K  , 

Ic 

specimen  fails.  This  is  shown  schematically  in  Figure  5.1.14.  In  typical 
tests,  specimens  may  be  loaded  to  various  initial  Kfs  such  as  K^,  and 

Ky  The  time  to  failure  is  recorded  giving  rise  to  the  typical  data  point 
(tl*Ki).  During  the  test,  K  will  increase  (as  a  result  of  crack  extension) 
from  its  initial  value  to  KT  ,  where  final  failure  occurs.  The  times  t0 
and  t^  represent  the  times  to  failure  for  higher  K!s  such  as  and  K^. 

The  stress-corrosion  threshold  and  the  rate  of  growth  depend  on  the  material 

and  the  environmental  conditions.  Data  on  K_  and  da/dt  can  be  found  in  the 

Iscc 

Damage  Tolerant  Design  (Data)  Handbook  .  Typical  examples  of  Kjscc  and 
da/dt  data  presentation  formats  are  shown  in  Figures  5.1.15  and  5.1.16. 

As  illustrated  in  Figure  5.1.17,  a  component  with  a  given  crack  fails  at 

a  stress  given  by  a '  =  K^/ft/rfa.  it  will  exhibit  stress-corrosion-crack 

growth  when  loaded  to  stresses  in  excess  of  a  =  KT  /3/TTa. 

see  Iscc 

In  service,  stress-corrosion  cracks  have  been  found  to  be  predominantly  a 
result  of  residual  stresses  and  secondary  stresses.  Stress-corrosion 
failure  due  to  primary  loading  seldom  occur  because  most  stress-corrosion 
cracks  favor  the  short  transverse  direction  (S-L) ,  which  is  usually  not 
the  primary  load  direction.  In  many  materials,  the  long  transverse  (T-L) 
and  longitudinal  (L-T)  directions  are  not  very  susceptible  to  stress 
corrosion. 
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Prevention  of  stress  corrosion  cracking  is  preferred  as  a  design  policy 
over  controlling  it  as  is  done  for  fatigue  cracking.  This  means  that 
stress-corrosion  critical  components  must  be  designed  to  operate  at  a 
stress  level  lower  than  a  =  KT  /B/rra.  in  which  a.  is  the  initial  flaw 
sizes  as  specified  in  the  Damage  Tolerance  Requirements  per  MIL-A-83444. 
However,  if  stress  corrosion  can  occur,  it  must  be  accounted  for  in  damage 
tolerance  analyses  by  using  an  integral  form  of  Equation  5.1.7. 

Stress-corrosion  cracking  may  occur  in  fatigue-critical  components.  This 
means  that  in  addition  to  growth  by  fatigue,  cracks  might  show  some  growth 
due  to  stress  corrosion.  In  dealing  with  this  problem,  the  following  should 
be  considered: 


•  Stress-corrosion  cracking  is  a  phenomenon  that  basically  occurs 

under  a  steady  stress.  Hence,  the  in-flight  stationary  stress 

level  (lg)  is  the  governing  factor.  Most  fatigue  cycles  are  of 

relatively  short  duration  and  do  not  contribute  to  stress- 

corrosion  cracking.  Moreover,  the  cyclic  crack  growth  would  be 

properly  treated  already  on  the  basis  of  data  for  environment- 

assisted  fatigue-crack  growth.  When  stress  corrosion  cracking 

is  expected,  the  stress  corrosion  cracking  rate  should  be  super- 

(36-39) 

imposed  on  the  fatigue  crack  growth  rate 
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•  Stress-corrosion  cracking  is  generally  confined  to  forgings, 
heavy  extrusions,  and  other  heavy  sections,  made  of  susceptible 
materials.  Thus,  the  problem  is  generally  limited  to  cases  where 
plane  strain  prevails. 

•  The  maximum  crack  size  to  be  expected  in  service  is  a  « 


c 


2  2  2 

K  /tt(3  a  ,  where  a  equals  a  or  a  depending  upon  the 

J_C  Li  JJrl 

inspectability  level. 


If  stress-corrosion  cracking  is  not  expected  at  any  crack  size,  the  1-g 


should  be  lower  than  a  =  K_  /B/na  .  With  a  given  as 

see  Iscc  c  c 


stress,  a. 


lg 


above,  it  follows  that  complete  prevention  of  stress  corrosion  extension 
of  a  fatigue  crack  requires  selection  of  a  material  for  which: 


K 
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> 


(5.1.8) 


5.1.25 


Crack  Size, 


Figure  5.1.1.  Typical  Crack  Growth-Life  Curve. 
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Figure  5.1.3.  Fatigue  Crack  Growth  Rate  Data  Presentation  Format  Used  in 
Revised  Damage  Tolerant  Design  (Data)  Handbook.  Data  for 
Two  Stress  Ratios  Presented  for  7075-T7351  Aluminum  Alloy 
(Reference  1) . 
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Faligue  Crack  Propagation  Rate,  da/dN,  in  /cycle 


I  10  100  400 


1/2 

Stress  Intensity  Factor  Range,  AK,  ksi-in. 


Figure  5.1.4.  Sample  Fatigue  Crack  Growth  Rate  Data  Set  for  7075-T6 

Aluminum  Alloy  Sheet  After  Mil  Handbook-5  (Reference  2) . 
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Fatigue  Crack  Propagation  Rate,  da/dN,  in  /cycle 


1/2 

Stress  Intensity  Foctor  Range,  AK,  ksi-in 


Figure  5.1.5.  Sample  Fatigue  Crack  Growth  Rate  Data  Set  for 
7075-T7351  Aluminum  Alloy  Plate  After  Mil- 
Handbook-5  (Reference  2) . 
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Ak  (Ksi  /In) 


Figure  5.1.6.  Schematic  of  Fatigue  Crack  Growth  Rate  Behavior. 
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Predicted  to  Actual  Behaviors. 


Crack  Size, 


I03  Cycles 


Figure  5.1.8.  Possible  Variation  of  Crack  Growth  in  Materials 
from  Different  Sources  (Reference  12) , 


5.1.33 


Crack  Size, 


Figure  5.1.9.  Example  of  Effect  of  Thickness  on  Crack  Growth  (Reference  13). 
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Water  Content  of  Air,  ppm 


Crack  Growth  Life 
for  I— in.  Crack  Growth 


Figure  5.1.10.  Effect  of  Humidity  on  Fatigue  Crack  Propagation 
(Reference  18) . 
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Crack  Size, 


Figure  5.1.11.  Example  of  Temperature  Effect  on  Crack  Growth 
(Reference  29) . 
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Figure  5.1.12.  Crack  Growth  Data  Scatter  for  Identical  Conditions. 
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INITIAL  K  (Ksi  VwT) 


Figure  5.1.13.  Stress  Corrosion  Cracking  Data  (Reference  33). 
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Figure  5.1.14.  Stress  Corrosion  Cracking. 
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Figure  5.1.16. 


Stress  Corrosion  Cracking  Rate  Data  for  2024-T351 
Aluminum  in  the  Format  of  Reference  1. 
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Figure  5.1,17.  Stress  Required  for  Stress  Corrosion 
Cracking. 
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5.2  VARIABLE-AMPLITUDE  LOADING 


5.2.1  Introduction 

Baseline  fatigue  data  are  derived  under  constant-amplitude 
loading  conditions,  but  aircraft  components  are  subjected  to  variable 
amplitude  loading.  If  there  were  not  interaction  effects  of  high  and 
low  loads  in  the  sequence,  it  would  be  relatively  easy  to  establish  a 
crack-growth  curve  by  means  of  a  cycle-by-cycle  integration  (see  Section 
5.2.5).  However,  crack-growth  under  variable-amplitude  cycling  is 
largely  complicated  by  interaction  effects  of  high  and  low  loads. 

In  the  following  sections  these  interaction  effects  will  be  briefly 
discussed.  Crack-growth-prediction  procedures  which  take  interaction 
effects  into  account  will  be  presented  in  Section  5.2.5. 

5.2.2  Retardation 

A  high  load  occurring  in  a  sequence  of  low-amplitude  cycles 
significantly  reduces  the  rate  of  crack-growth  during  the  cycles  applied 
subsequent  to  the  overload.  This  phenomenon  is  called  retardation. 

Figure  5.2.1  shows  a  baseline  crack-growth  curve  obtained  in  a  constant- 
amplitude  test^^  .  In  a  second  experiment,  the  same  constant-amplitude 
loading  was  interspersed  with  overload  cycles.  After  each  application 
of  the  overload,  the  crack  virtually  stopped  growing  during  many  cycles, 
after  which  the  original  crack-growth  behavior  was  gradually  restored. 
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Retardation  results  from  the  plastic  deformations  that  occur  as  the 

crack  propagates.  During  loading,  the  material  at  the  crack  tip  is 

plastically  deformed  and  a  tensile  plastic  zone  is  formed.  Upon  load 

release,  the  surrounding  material  is  elastically  unloaded  and  a  part  of 

the  plastic  zone  experiences  compressive  stresses.  The  larger  the  load, 

the  larger  the  zone  of  compressive  stresses.  If  the  load  is  repeated  in 

a  constant  amplitude  sense,  there  is  no  observable  direct  effect  of  the 

residual  stresses  on  the  crack-growth  behavior;  in  essence,  the  process 

of  growth  is  steady  state.  Measurements  have  indicated,  however,  that 

the  plastic  deformations  occurring  at  the  crack  tip  remain  as  the  crack 

propagates  so  that  the  crack  surfaces  open  and  close  at  non  zero 

(positive)  load  levels.  These  observations  have  given  rise  to  constant 

(41) 

amplitude  crack-growth  models  referred  to  as  closure  models  after  the 

concept  that  the  crack  may  be  closed  during  part  of  the  load  cycle. 

When  the  load  history  contains  a  mix  of  constant  amplitude  loads  and 
discretely  applied  higher  level  loads,  the  patterns  of  residual  stress 
and  plastic  deformation  are  perturbed.  As  the  crack  propagates  through 
this  perturbed  zone  under  the  constant  amplitude  loading  cycles,  it 
grows  slower  (the  crack  is  retarded)  than  it  would  have  if  the  pertur¬ 
bation  had  not  occurred.  After  the  crack  has  propagated  through  the 
perturbed  zone,  the  crack  growth  rate  returns  to  its  typical  steady  state 
level.  Two  basic  models  have  been  proposed  to  describe  the  phenomenon 
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of  crack  retardation.  The  first  model  is  based  on  the  concept  of  the 
compressive  residual  stress  perturbation  and  the  second  on  the  concept  of 
plastic  deformation  (enhanced  crack  wedging  -  more  closure) . 

If  the  tensile  overload  is  followed  by  a  compressive  overload,  the 
material  at  the  crack  tip  may  undergo  reverse  plastic  deformation  and 
this  reduces  the  residual  stresses.  Thus,  a  negative  overload  in  whole 
or  in  part  annihilates  the  beneficial  effect  of  tensile  overloads,  as  is 
also  shown  in  Figure  5.2.1. 

Retardation  depends  upon  the  ratio  between  the  magnitude  of  the  overload 
and  subsequent  cycles.  This  is  illustrated  in  Figure  5.2.2.  Sufficiently 
large  overloads  may  cause  total  crack  arrest.  Hold  periods  at  zero 
stress  can  partly  alleviate  residual  stresses  and  thus  reduce  the  retar- 
dation  effect  5  ^  ,  while  hold  periods  at  load  increase  retardation. 
Multiple  overloads  significantly  enhance  the  retardation.  This  is  shown 
in  Figure  5.2.3. 

5.2.3  Retardation  Under  Spectrum  Loading 

An  actual  service  load  history  contains  high-  and  low- 
stress  amplitudes  and  positive  and  negative  "overloads”  in  random  order. 
Retardation  and  annihilation  of  retardation  becomes  complex,  but 
qualitatively  the  loading  produces  behavior  that  is  similar  to  a  constant- 
amplitude  history  with  incidental  overloads.  The  higher  the  maximum 
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stresses  in  the  service  load  history,  the  larger  the  retardation  effect 
during  the  low-amplitude  cycles.  Negative  stress  excursions  reduce  the 
retardation  effect  and  tend  to  enhance  crack-growth.  These  effects  have 
been  documented  in  various  sources  (e.g..  References  43-49);  a  few 
examples  are  now  presented. 

When  the  magnitude  of  the  higher  loads  are  reduced  (or  clipped)  without 

eliminating  the  cycle,  i.e.,  higher  loads  are  reset  to  a  defined  lower 

level,  the  cracking  rates  are  observed  to  speed  up  as  shown  in  Figure 
(43,44) 

5.2.4  .  Figure  5.2.4  describes  the  crack  growth  life  results  for 

a  study  in  which  a  (random)  flight-by-flight  stress  history  was 
systematically  modified  by  "clipping"  the  highest  load  excursions  to  the 
three  levels  shown. 

In  References  43  and  44,  it  was  also  observed  that  negative  stress 
excursions  reduce  the  retardation  effect  and  omission  of  the  ground-air- 
ground  (G-A-G)  cycles  (negative  loads)  in  the  tests  with  the  highest 
clipping  level  resulted  in  a  longer  crack  growth  life  for  the  same 
amount  of  crack  growth. 

Figure  5.2.5  shows  the  importance  of  load  sequence.  The  crack-propagation 
life  for  random  load  cycling  is  shown  at  the  top.  Ordering  the  sequences 
of  the  loads,  lo-hi,  lo-hi-lo,  or  hi-lo  increases  the  crack-growth  life, 
the  more  so  for  larger  block  sizes.  Hence,  ordering  should  only  be 
permitted  if  the  block  size  is  small.  Lo-hi  ordering  gives  more  conser¬ 
vative  results  than  hi-lo  ordering.  In  the  latter  case,  the  retardation 
effect  caused  by  the  highest  load  is  effective  during  all  subsequent  cycles. 
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5.2.4  Retardation  Models 


Some  mathematical  models  have  been  developed  to  account 

for  retardation  in  crack-growth- integration  procedures.  All  models  are 

based  on  simple  assumptions,  but  within  certain  limitations  and  when 

used  with  experience,  each  model  will  produce  results  that  can  be  used 

with  reasonable  confidence.  The  two  yield  zone  models  by  Wheeler 

and  by  Willenborg,  et  al^"^  ,  and  a  crack-closure  model  by  Bell  and 
(52) 

Creager  will  be  briefly  discussed.  Detailed  information  and  appli¬ 
cations  of  closure  models  can  be  found  in  References'^  . 


Wheeler  defines  a  crack-growth  reduction  factor,  C^: 

<§>  -  %  f<“>' 

r 


(5.2.1) 


where  f(AK)  is  the  usual  crack-growth  function,  and  (da/dN)  is  the 
retarded  crack-growth  rate.  The  retardation  factor,  is  given  as 


C  =  ( — 

P  aoL+rpoL-ai 


-)“  . 


(5.2.2) 


in  which  (see  Figure  5.2.6): 

r  ^  is  the  current  plastic  zone  size  in  the  ith  cycle  under 
consideration 


a^  is  the  current  crack  size 

r  '  is  the  plastic  size  generated  by  a  previous  higher  load  excursion 
pot 

a  T  is  the  crack  size  at  which  the  higher  load  excursion  occurred 
OL 

m  is  an  empirical  constant. 
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There  is  retardation  as  long  as  the  current  plastic  zone  is  contained 
within  a  previously  generated  plastic  zone;  this  is  the  fundamental 
assumption  of  yield  zone  models. 

Some  examples  of  crack-growth  predictions  made  by  means  of  the  Wheeler 
model  are  shown  in  Figure  5.2.7.  Selection  of  the  proper  value  for  the 
exponent  m  will  yield  adequate  crack-growth  predictions.  In  fact,  one  of 
the  earlier  advantages  of  the  Wheeler  model  was  that  exponent  m  could  be 
tailored  to  allow  for  reasonably  accurate  life  predictions  of  spectrum 
test  results.  Through  the  course  of  time,  it  has  become  recognized, 
however,  that  the  exponent  m  was  dependent  on  material,  crack  size,  and 
stress-intensity  factor  level  as  well  as  spectrum.  The  reader  is 
cautioned  against  using  the  Wheeler  model  for  service  life  predictions 
based  on  limited  amounts  of  supporting  test  data  and  more  specifically 
against  estimating  the  service  life  of  structures  with  spectra  radically 
different  from  those  for  which  the  exponent  m  was  derived.  Estimates 
made  without  the  supporting  data  required  to  tailor  the  exponent  m  can 
lead  to  inaccurate  and  unconservative  results. 

The  Willenborg  model  also  relates  the  magnitude  and  extent  of  the 
retardation  factor  to  the  overload  plastic  zone.  The  extent  of  the 
retardation  is  handled  exactly  the  same  as  that  of  the  Wheeler  model. 

The  magnitude  of  the  retardation  factor  is  established  through  the  use 
of  an  effective  stress-intensity  factor  that  senses  the  differences  in 
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compressive  residual  stress  state  caused  by  differences  in  load  levels. 

ef  f 

The  effective  stress-intensity  factor  (K_^  )  is  equal  to  the  typical 

remote  stress-intensity  factor  (K^)  for  the  ith  cycle  minus  the  residual 


stress-intensity  factor  (K^) : 


Kff  =  Ki  -  *R 


(5.2.3) 


where  in  the  original  formulation  (References  51,56-58) 


W  „oL 


=  S  =  K, 


max 


a.  -  a 

n  -  — sk  -  K 


poL 


max,i 


(5.2.4) 


in  which  (see  Figure  5.2.6): 


a.  is  the  current  crack  size 
l 

a  T  is  the  crack  size  at  the  occurrence  of  the  overload 
oL 


r  ^  is  the  yield  zone  produced  by  the  overload 

K°^  is  the  maximum  stress  intensity  of  the  overload 
max 


K  .  is  the  maximum  stress  intensity  for  the  current  cycle, 
max ,  i  J  J 


The  equations  show  that  retardation  will  occur  until  the  crack  has 

generated  a  plastic  zone  size  that  reaches  the  boundary  of  the  overload 

yield  zone.  At  that  time,  a.  -  a  T  =  r  T  and  the  reduction  becomes  zero. 

J  l  oL  poL 

Equation  5.2.3  indicates  that  the  complete  stress-intensity  factor  cycle, 

and  therefore,  its  maximum  and  minimum  levels  (K  .  and  K  .  ,),  are 

max,i  min,i 

reduced  by  the  same  amount  (K^) .  Thus,  the  retardation  effect  is  sensed 
by  the  change  in  the  effective  stress  ratio  calculated  by 
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(5.2.5) 


R 


eff 


K 


eff 

"min, 


K 


eff 

max, 


i 


i 


*Snin ,  i 

K 

max,  1 


-*R 


since  the  range  in  stress-intensity  factor  is  unchanged  by  the  uniform 
reduction.  Thus,  for  the  ith  load  cycle,  the  crack  growth  increment 
(Aa±)  is: 


-  £(AK,Re£f) 


(5.2.6) 


For  many  of  the  early  calculations  with  the  Willenborg  model,  it  was 

eff 

assumed  that  R  was  never  less  than  zero  and  that  AK  =  K  .  when  R  -- 
err  max,i  eff 

was  calculated  to  be  less  than  zero.  Recent  evidence,  however,  supports 
the  calculations  of  R^^  as  given  by  Equation  5.2.5  and  the  use  of  a 
negative  stress  ratio  cut-off  in  the  crack  growth  rate  calculation 
(Equation  5.2.6)  for  more  accurate  modeling  of  crack  growth  behavior. 


Another  problem  that  was  identified  with  the  original  Willenborg  model 

was  that  it  was  always  assigned  the  same  level  of  residual  stress  effect 

independent  of  the  type  of  loading.  In  particular,  it  can  be  noted 

(through  the  use  of  Equation  5.2.3  and  5.2.4)  that  the  model  predicts 
eff 

that  K  .  =  0,  and  therefore  crack  arrest,  immediately  after  overload 
max,i  J 

if  =  2  K  .  That  is,  if  the  overload  is  twice  as  large  as  (or 

max  max ,  i 

larger  than)  the  following  loads,  the  crack  arrests.  To  account  for  the 
observations  of  continuing  crack  propagation  after  overloads  larger  than 
a  factor  of  two  or  more,  Gallagher  and  Hughes^^  introduced  an  empirical 
(spectra/material)  constant  into  the  calculations.  Specifically,  they 
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suggested  that 


^  -  K 


(5.2.7) 


where  <J>  is  given  by 


K 


1  - 


max , th 


K 


*  = 


max ,  i 


soL  -  1 


(5.2.7a) 


There  are  two  empirical  constants  in  Equation  5 *2* 7a:  K  .  which  is 
the  threshold  stress-intensity  factor  level  associated  with  zero  fatigue 
crack  growth  rates  (see  Section  5.1.3),  and  S°^  which  is  the  overload 
(shut-off)  ratio  required  to  cause  crack  arrest  for  the  given  material. 
This  ratio  is  affected  by  the  type  of  underload/overload  cycle  as  well  as 
the  frequency  of  overload  cycle  occurrence.  Results  of  some  life 
predictions  made  using  what  has  become  to  be  called  the  "Generalized" 
Willenborg  model  are  presented  in  Figure  5.2.8  (Reference  59). 


One  of  the  earliest  crack-closure  models  developed  for  aircraft 

(52) 

structural  applications  is  attributed  to  Bell  and  Creager  .  The 
closure  model  makes  use  of  a  crack-growth-rate  equation  based  on  an 
effective  stress-intensity  range  AK  The  effective  stress  intensity 

is  the  difference  between  the  applied  stress  intensity  and  the  stress 
intensity  for  crack  closure.  Some  examples  of  predictions  made  with  the 
model  are  presented  in  Figure  5.2.9.  The  final  equations  contain  many 
experimental  constants,  which  reduces  the  versatility  of  the  model  and 
make  it  difficult  to  apply.  Recent  work  by  Dill  and  Saff^^  shows  that 
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the  closure  model  can  be  simplified  to  the  point  of  practicality  while 
retaining  a  high  level  of  accuracy  in  life  prediction. 

Crack-growth  calculations  are  the  most  useful  for  comparative  studies, 
where  variations  of  only  a  few  parameters  are  considered  (i.e.,  trade¬ 
off  studies  to  determine  design  details,  design  stress  levels,  material 
selection,  etc.).  The  predictions  must  be  verified  by  experiments. 

(See  Analysis  Substantiation  Tests  in  Section  7.3).  Example  calculations 
of  crack-growth  curves  will  be  given  in  Section  5.4. 

Other  factors  contributing  to  uncertainties  in  crack-growth  predictions 
are: 

•  Scatter  in  baseline  da/dN  data 

•  Unknowns  in  the  effects  of  service  environment 

•  Necessary  assumptions  on  flaw  shape  development  (Section  5.4.4) 

•  Deficiencies  in  K  calculation  (Section  5.4.4) 

•  Assumptions  on  interaction  of  cracks  (see  5.4.5) 

•  Assumptions  on  service  stress  history  (see  5.3). 

In  view  of  these  additional  shortcomings  of  crack-growth  predictions, 
the  shortcomings  of  a  retardation  model  become  less  pronounced;  therefore, 
no  particular  retardation  model  has  preference  over  the  others.  From  a 
practical  point  of  view,  the  Generalized  Willenborg  model  is  easier  to  use 
since  it  contains  a  minimum  number  of  empirical  constants. 
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5.2.5  Integration  Routines 


The  determination  of  a  crack  growth  increment  due  to  any  particu¬ 
lar  stress  history  depends  upon  an  integration  of  the  growth  rate  relation  such 
as  given  by  equations  5. 1.2-5, 1.4.  Four  general  methods  are  available  for 
this  purpose. 

The  first  approach  is  based  on  extensive  spectrum  crack  growth  data.  Tests 
which  incorporate  the  important  stress  levels,  part  geometry,  crack  shape  details 
and  loading  sequences  are  run  to  determine  the  effect  of  the  particular  variables 
of  interest  on  the  component  life. 

A  second  approach,  and  one  used  extensively,  is  the  cycle-by-cycle  crack  growth 
analysis  where  crack  rates  are  integrated  over  the  crack  length  of  interest  as 

r  ,  r  j  i  ,  (61-62) 

a  function  of  stress  and  crack  length 

A  third  approach  is  based  on  the  statistical  stress-parameter-characterization. 
The  actual  service  stress  histories  are  replaced  with  equivalent  constant 
amplitude  stress  histories  for  the  analytical  prediction  of  component  life 

A  fourth  approach,  recently  developed,  utilizes  a  crack-incrementation  scheme 
to  analytically  generate  MminiblockM  crack  growth  rate  behavior  prior  to 
predicting  life.  It  combines  some  features  of  the  first  three  methods 

The  application  of  the  second  through  fourth  approaches  requires  methods  for 
integrating  the  crack  growth  rate  relations  requires  the  knowledge  of  the 
following  items: 


5,2.11 


(1)  An  initial  flaw  distribution, 

(2)  The  aircraft  loading  spectrum, 

(3)  Constant  amplitude  crack  growth  rate  material  properties, 

(4)  Crack  tip  stress-intensity  factor  analysis, 

(5)  A  damage  integrator  model  relating  crack  growth  to  applied  stress 
and  which  accounts  for  load-history  interactions, 

(6)  The  criteria  which  establishes  the  life-limiting  end  point  of  the 
calculation. 

These  items  are  described  in  detail  in  Section  1.4  of  this  handbook.  The  basic 
damage  integrating  equation  is  also  presented  as  equation  1.4.1  but  is  repeated 
here : 

cf 

a  =  a  +  l  Aa.  (1.4.1R) 

cr  °  j=i  J 

th 

where  Aa^  is  the  growth  increment  associated  with  the  j  time  increment,  a q 
is  the  initial  crack  length,  a^  is  the  critical  crack  length  and  t^  is  the  life 
of  the  structure.  The  determination  of  t^  is  the  objective  of  this  equation. 

Of  the  integration  methods  described  above,  the  second  and  third  are  most  fre¬ 
quently  used.  The  generation  of  the  data  required  for  the  first  method  is  very 
expensive  and  is  only  recommended  for  extremely  critical  parts. 

The  second  method,  the  cycle-by-cycle  integration  method,  uses  a  type  of 
integrating  relation  whereby  the  effect  of  each  cycle  is  considered  separately. 
This  is  generally  the  least  efficient  method,  but  if  the  spectrum  under 
consideration  cannot  be  considered  as  statistically  repeative,  it  may  be  the 
most  accurate  of  the  analytical  methods.  This  method  is  covered  in  detail  in 
subsection  5.2.6. 
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The  third  method,  using  a  statistical  characterization  of  a  crack  growth 
parameter  is  based  on  the  similarity  of  certain  variable  amplitude  crack 
growth  behavior  to  the  constant  amplitude  functional  relationship; 

If  =  c  (K)P  (5.2.8) 

where  (da/dF)  is  the  flight-by-flight  crack  growth  behavior  and  K  is  a  stress- 
intensity  factor  parameter  that  is  derived  using  the  product  of  a  statistically 
characterizing  stress  parameter  (a)  and  the  stress-intensity  factor  coefficient 
(K/a),  i.e., 


K  =  a  •  (K/a)  (5.2.9) 

The  statistically  characterizing  parameters  that  have  been  employed  in  the  past 
to  some  success  are  derived  using  a  root  mean  square  (RMS)  or  similar  type 
analysis  of  the  stress  range  or  stress  maximum.  The  crack  growth  behavior  of 
both  fighter  and  transport  aircraft  stress  histories  have  been  described  using 
various  forms  of  equation  5.2.8. 

One  might  imply  from  equations  5.2.8  and  5.2.9  that  the  use  of  a  single  stress 
characterizing  parameter  for  stress  histories  would  allow  one  to  utilize 
equivalent  constant  amplitude  histories  to  derive  the  same  crack  growth  rate 
behavior.  Unfortunately,  relating  constant  amplitude  behavior  to  variable 
amplitude  behavior  has  not  been  that  successful. 
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The  damage  integration  Equation  (1.4, 1R)  is  now  expressed  for  the  flight  as 


(5.2.10) 


where  is  the  number  of  flights  corresponding  to  crack  length  a^,  and 


Aa^  is  computed  from  Equation  5.2.8  evaluated  for  the  given  conditions.  The 
parameters  C  and  p  of  Equation  5.2.8  are  determined  by  a  least  squares  curve 
fit  to  previously  determined  data.  The  value  that  comes  from  employing  the 
third  method  comes  from  the  fact  that  a  somewhat  limited  variable  amplitude 
data  base  might  be  extended  to  cover  other  crack  lengths,  structural  geometry, 
or  stress  level  differences. 

The  fourth  approach  provides  an  analytical  extension  of  the  cycle-by-cycle 
analysis  to  predict  flight-by-flight  crack  growth  rates.  In  essence,  this 
approach  combines  some  of  the  best  features  of  the  other  three  methods.  The 
basic  element  in  this  analysis  is  what  is  referred  to  as  a  miniblock  which 
is  taken  to  be  a  flight  (includes  takeoff,  landing  and  all  intermediate  stress 
events)  or  a  group  of  flights.  The  approach  hinges  on  the  identification  of 
the  statistically  repeating  stress  group  that  approximates  the  loading  and 
sequence  effects  for  the  complete  spectrum. 

The  basic  damage  integration  equation  can  be  written  in  the  miniblock  form  to 

compute  the  crack  increment  (Aa)  due  to  application  of  N  Flights: 

G 


E  (Aa.) 


(5.2.11) 
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where  there  are  stress  cycles  in  the  j  flight.  The  most  direct  method 

for  applying  the  equation  is  called  the  simple  crack-incrementation-miniblock 

approach,  Successive  crack  increments  are  obtained  at  successively  larger 

initial-crack-lengths.  Figure  5,2.10  illustrates  this  method.  The  resulting 

values  of  Aa/AF  and  the  corresponding  K  values  are  fit  with  a  curve  of  the 

max 

of  the  desired  type,  usually  similar  to  Equation  5,2.8,  which  can  now  be  used 
to  compute  life. 

An  alternate  method,  called  the  statistical  crack- incrementation-miniblock 

approach,  is  illustrated  in  Figure  5.2,11.  This  method  allows  evaluation  of 

the  effect  of  miniblock  group- to-group  variation  in  the  crack  growth  rate 

behavior.  A  number  of  different  miniblock  groups  are  used  at  each  initial 

crack  length.  A  curve  can  be  fit  through  the  mean  Aa/AF  vs.  K  values  and 

max 

the  variation  of  Aa/AF  at  each  K  can  be  observed.  Confidence  limits  can  be 

max 

determined  for  each  set  of  data. 

The  fourth  approach  provides  a  more  efficient  integration  scheme  than  the 
cycle-by-cycle  analysis.  However,  its  use  is  determined  by  the  type  of  stress 
history  that  has  to  be  integrated. 

In  summary,  there  are  a  number  of  integration  schemes  available.  These  schemes 
all  employ  modeling  approaches  based  on  either  limited  or  extensive  variable 
amplitude  data  bases  so  that  the  analyst  might  properly  account  for  loading 
and  sequence  effects  in  the  most  direct  and  most  accurate  manner. 
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5.2.6  Cycle^by^Cycle  Analysis 


Several  computer  programs  are  available  for  general  use 

that  include  one  or  more  of  the  retardation  models  in  a  crack-growth- 

*  (64) 

integration  scheme.  The  most  well  known  of  these  is  CRACKS  ,  the 

latest  version  of  which  should  be  used.  The  user  has  the  option  of  using 
any  of  the  three  retardation  models  discussed  in  the  previous  section. 

Most  airframe  companies,  however,  have  their  own  inhouse  computer  program 
for  performing  variable-amplitude  fatigue  life  calculations. 

In  general,  the  crack-growth-damage-integration  procedure  consists  of 
the  following  steps  schematically  outlined  in  Figure  5.2.12. 

Step  1.  The  initial  crack  size  follows  from  the  damage  tolerance 
assumptions  as  a^.  The  stress  range  in  the  first  cycle 
is  Ao^  (See  Section  5.4).  Then  determine  AK^  =  ftAa^/rTa^ 
by  using  the  appropriate  6  for  the  given  structural 
geometry  and  crack  geometry.  (Computer  programs  frequently 
have  a  library  of  stress-intensity  factors  or  schemes  for 
tabular  data  input) . 

Step  2.  Determine  (da/dN) at  AK^  from  the  da/dN  -  AK  baseline 

information,  taking  into  account  the  appropriate  R  value. 
(The  da/dN  -  AK  baseline  information  may  use  one  of  the 
crack-growth  equations  discussed  in  Section  5.1.3.  The 
computer  program  may  contain  options  for  any  of  these 
equations,  or  it  may  use  data  in  tabular  form  and 

Available  through  AFWAL/FIBEC,  Fatigue  and  Fracture  Group. 
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interpolate  between  data  points) •  The  crack  extension 


Step  3, 


Step  4, 


Step  5, 


Step  6, 


Step  7. 


Aa^  in  cycle  1  is 


Aai =  <§>1  *  1 


The  new  crack  size  will  be  =  a^  4-  Aa^. 

The  extent  of  the  yield  zone  in  Cycle  1  is  determined  as 

Y0  =  a  _  +  r  _  ,  where  a  _  =  a- 
2  oL  pL  oL  1 


K 


with  r  _  =  — ( - )  for  plane  stress 

pL  2tt  a 

ys 


or  r 


pL  4/2i  0 


1  K  I  0 

for  plane  strain, 


ys 


The  crack  size  is  now  a?.  The  stress  range  in  the  next 
cycle  is  Ac^*  Calculate  AK  with  AK^  =  BAa^/fra^  - 
Calculate  the  extent  of  the  yield  zone 

Y22  '  a2  +  rp2  ' 

If  Y00  <  Y0  calculate  C  according  to  Equation  5.2.2 
zz  z  p 

eff  eff 

when  using  the  Wheeler  model,  or  calculate  K  or  K  , 

&  max  min 

and  R  according  to  Equations  5.2.3,  5.2.4,  5.2.5,  and 
eti 

5.2.7  when  using  the  Generalized  Willenborg  model.  Skip 
Steps  7  and  8,  go  to  Step  9. 

If  Y^2  Y2*  determine  (da/dN)^  from  Al^.  Determine  the 

new  crack  size 


a3  "  a2  +  Aa2  =  a2  +  <^f)2  x  1. 
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Step  8.  Replace  by  Y^2  which  is  now  called  Y^  -  Replace  a^ 

=  a^  by  a^  =  a2 .  Skip  Step  9,  go  to  Step  10. 

Step  9.  When  using  the  Wheeler  model,  determine  the  amount  of 
crack  growth  on  the  basis  of  AK^  from  the  da/dN  -  AK 
data.  Find  the  new  crack  size  from 

d  a 

aQ  =  a  „  +  Aa0  +  C  (-tjt)  x  1. 

J  Z  Z  p  aN  ^ 

When  using  the  Generalized  Willenborg  model,  determine 
the  amount  of  crack  growth  using  the  AK  and  R^^  value 
determined  in  Step  6  from  the  da/dN  -  AK  data.  Determine 
the  new  crack  size  as 

a3  =  a2  +  Aa2  =  a2  +  x  1. 

Step  10.  Repeat  Steps  4  through  9  for  every  following  cycle, 
while  for  the  ith  cycle  replacing  a^  by  a_^  and  a^  by 

ai+r 


This  routine  of  cycle-by-cycle  integration  is  not  always  necessary. 

The  integration  is  faster  if  the  crack  size  is  increased  stepwise  in  the 
following  way. 

•  At  a  certain  crack  size,  the  available  information  is  a,,  a  Y0, 

1  oL  Z 

•  Calculate  Aa^  for  the  i  ^  cycle  in  the  same  way  as  in  Steps  4 
through  9. 

•  Calculate  Aa ,Aa ,Aa  for  the  following  cycles  but  let 

3+1  3  n 

the  current  crack  size  remain  a.  constant.  This  eliminates 

l 

recalculation  of  3  every  cycle. 
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•  Calculate  for  every  cycle.  If  >  Y^,  then  replace 

^2  ^Y  ^2k  anc*  ca^  ^2*  Then  replace  a^  by  a^  and  call  it 

a  T  . 
oL 

•  Sura  the  crack-growth  increments  to  give 

3 

Aa  =  Z  Aa.  . 

i  •  k 

k=i 

•  Continue  increasing  j  until  Aa  exceeds  a  previously  determined 
size  or  until  j  =  n  and  the  cycles  are  exhausted.  Then  increment 
the  crack  size  by 

a  =  a^  +  Aa, 

and  repeat  the  procedure. 


A  reasonable  size  for  the  crack-growth  increment  is  Aa  =  —  a^;  this 
choice  of  increment  typically  keeps  the  change  In  K  small.  It  can  also  be 
based  on  the  extent  of  the  yield  zone,  e.g.,  Aa  =  yg-  (Y^  -  a^)  .  The 
advantage  of  the  incremental  crack-growth  procedure  is  especially  obvious 
if  series  of  constant-amplitude  cycles  occur.  Since  the  crack  size  (a^) 
is  fixed,  the  stress  intensity  does  not  change.  Hence,  each  cycle 
produces  the  same  amount  of  growth.  This  means  that  all  n  constant- 
amplitude  cycles  can  be  treated  as  one  cycle  to  give 

a  da 

Aa  ■  n  dif  • 


The  integration  scheme  is  a  matter  of  individual  judgement,  but  may  be 
dictated  by  available  computer  facilities. 
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Figure  5.2.1.  Retardation  Due  to  Positive  Overloads,  and  Due  to 
Positive-Negative  Overload  Cycles  (Ref.  40). 


5.2.20 


Figure  5.2.2.  Effect  of  Magnitude  of  Overload  on  Retardation  (Ref.  27). 
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Figure  5.2.3.  Retardation  in  T1-6V-4A1;  Effect  of  Hold  Periods  and 
Multiple  Overloads  (Ref.  42). 


5.2.22 


Crack  Size,  mm 


Figure  5.2.4.  Effect  of  Clipping  of  Higher  Loads  in  Random 
Flight-by-Flight  Loading  on  Crack  Propagation 
In  2024-T3  A1  Alloy  (Ref.  43,  44). 
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Crack  Size,  In. 
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Figure  5.2.5.  Effect  of  Block  Programming  and  Block  Size 
On  Crack  Growth  Life  (All  Histories  Have 
Same  Cycle  Content)  Alloy:  2024-T3  Aluminum 
(Ref.  27). 
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Figure  5.2,6. 


Yield  Zone  Due  to  Overload  (rp ql) ,  Current 
Crack  Size  (a^) ,  and  Current  Yield  Zone  (r  • 
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8.3  OPERATIONAL  IMPLICATIONS  OF  TRACKING  SCHEMES 


Figure  8.3.1  shows  an  overview  of  the  various  elements  which  compose 
the  IAT  system.  The  selection  of  specific  methods  to  implement  each  of  the 
elements  should  consider  the  effects  on  the  system.  Of  concern  should  be  the 
required  system  accuracy  and  the  extent  of  the  processing  which  is  required. 

8.3.1  Accuracy  Requirements  as  a  Parameter 

One  of  the  items  which  is  not  usually  discussed  in  detail  is  the 
accuracy  requirement  of  the  tracking  system.  It  has  been  postulated  (Reference 
4)  that  "The  perfectly  accurate  tracking  system  is  that  which  can  reproduce 
exactly  the  output  of  the  fBestf  computational  model  of  the  DADTA."  This 
reference  then  proceeds  to  define  an  error  analysis  model  and  to  determine 
which  elements  of  the  tracking  system  are  major  contributions  to  error. 

The  analysis  is  defined  around  three  major  causes  of  error  in  the  estimate 

of  the  projected  months  to  a  maintenance  action.  They  are  the  variability  in 

average  flying  rates  per  month,  the  variability  of  average  usage  severity, 

and  the  variability  in  the  estimate  of  the  baseline  age  due  to  the  inability  to 

(9) 

exactly  calculate  the  crack  length  at  the  critical  point  .  The  first  two 

quantities  relate  to  the  variation  from  the  average  of  any  particular  aircraft. 

Over  a  long  enough  period  these  deviations  should  begin  to  show  a  stable 

distribution  among  the  airplanes.  Figures  8.3.2  and  8.3.3,  from  Reference  9, 

show  examples  of  the  variability  of  these  quantities.  The  estimation  of  the 

variability  of  crack  length  estimate  is  the  most  difficult  to  make.  Figure 
(9) 

8.3.4  shows  an  example  of  how  this  error  may  affect  the  baseline  hours  and 

thus  the  remaining  time  to  a  maintenance  action.  This  is  a  very  important 
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consideration  since  it  can  be  expected  to  increase  as  the  current  crack 
increment  is  a  function  of  prior  crack  length. 

This  brief  description  of  the  causes  of  variability  in  projecting  life  is  meant 
to  alert  the  designer  of  an  IAT  system  to  some  of  the  concerns  that  must  be 
considered.  However,  the  IAT  system  should  not  be  more  accurate  than 
necessary.  The  required  accuracy  should  be  based  on  the  risk  involved  in  not 
scheduling  an  aircraft  for  a  maintenance  action  within  a  specified  time  of 
projected  crack  size.  Here,  the  unacceptable  risk  is  usually  not  the  loss  of 
an  airplane,  but  an  unrepairable  crack  which  requires  replacement  of  a  part. 

To  be  compared  with  this  risk  is  the  increased  cost  of  requiring  inspections 
much  sooner  than  is  necessary.  The  economic  system  will  balance  these  two 
considerations  to  find  a  minimum  cost. 

8.3.2  Effect  of  Processing  Method  on  Results 

The  method  of  processing  the  IAT  data  should  also  be  selected 
so  as  to  be  consistent  with  the  data  collection  and  the  desired  results. 
Reference  3  recommends  the  combinations  of  data  collection  and  analysis 
methods  listed  in  Table  8.3.1. 

Another  consideration  should  be  the  relative  ease  of  accounting  for  missed  data. 
This,  of  course,  varies  with  the  system  used.  Since  aircraft  flight  hours  are 
a  known  quantity  and  since  mission  identification  is  also  usually  known,  some 
method  of  equivalent  mission  analysis  is  a  reasonable  gap  filler.  It  is 
acknowledged  that  in  general  the  gap  filled  data  is  not  as  accurate  as  the 
basic  data,  but  the  gap  filling  should  be  done  in  a  fashion  to  at  least  be 
conservative. 
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TABLE  8.3.1 


RECOMMENDED  IAT  METHODS 
(REFERENCE  3) 


Method 

1 

4 


10 


11 


Data 

Collection 
Aircraft  Records 
Pilots  Log 

Pilots  Log 

Counting  Accel. 


Mechanical  Strain 
Recorder 


Tracked 

Parameter 

Fit  hrs  &  Landings 
Time  by  Data  Block 

Equivalent  Missions 

Equivalent  nz  Spectra 


Equivalent  Stress 
Spectra 


Analysis 

Percent  Hrs/Ldgs 

Parametric  Crack 
Growth  Tables 

Mission  Crack 
Growth  Tables 

Normalized  Crack 
Growth  Curves 

Normalized  Crack 
Growth  Curves 


8.3.3  Criteria  for  Selection  of  an  IAT  System 

A  number  of  criteria  for  selection  of  an  IAT  system  can  be 
formulated.  Table  8.3.2  presents  some  which  have  been  developed.  These 
items  have  applicability  to  all  types  of  IAT  systems.  Some  of  them  appear  to 
be  more  applicable  to  those  systems  requiring  onboard  hardware  ,  but  all  should 
considered. 

It  is  recognized  that  these  criteria  cannot  be  absolutes,  that  is,  there  must 
be  an  associated  degree  of  compliance.  The  degree  of  compliance  to  be  sought 
must  be  considered  for  each  system.  It  is  in  this  area  that  various  systems 
can  be  compared  and  the  opportunity  for  trade-off  studies  exists.  This  table 
is  not  considered  to  be  an  exhaustive  list.  The  system  designer  should  add  an 
item  which  may  be  desirable  or  required  for  a  specific  IAT  system. 
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TABLE  8.3.2 


CRITERIA  FOR  THE  SELECTION  OF  AN 
INDIVIDUAL  AIRCRAFT  TRACKING  SYSTEM 

•  The  system  shall  provide  for  rank  ordering  .of  aircraft  according 
to  usage  severity 

•  The  system  output  shall  be  related  to  the  aircraft  maintenance 
scheduling 

•  The  system  shall  indicate  relative  damage  accumulation  rates 

•  The  system  shall  continue  to  operate  under  all  variations  of 

aircraft  usage 

•  The  system  shall  give  a  repeatable  result  under  the  same  usage 
experience 

•  The  system  shall  not  degrade  the  aircraft  serviceability 

•  Failure  of  the  system  shall  not  affect  the  aircraft's  performance 

•  The  system  shall  be  applicable  to  a  variety  of  initial  conditions 

•  The  system  shall  not  be  sensitive  to  installation  variability 

•  The  system  shall  provide  easily  usable  results 
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Figure  8.3.1.  The  Various  Elements  that  are  Inherent  in  IAT  Systems 
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Figure  8.3.2.  Example  of  Cumulative  Distribution  of  Average 
Flying  Rates. 


A-7  Usage  at  One  Base 
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Figure  8.3.4.  Example  of  the  Effect  of  Error  in  Crack  Length 
on  the  Error  in  Baseline  Hours. 


8.4  THE  RELATIONSHIP  BETWEEN  USAGE  AND  DAMAGE 


The  parameter  of  concern  in  a  fracture  mechanics  based  tracking  system 
is  the  length  of  a  crack  at  the  analysis  location.  This  is  defined  as  the 
damage  to  the  structure  caused  by  the  accumulated  usage.  At  the  present 
time,  there  is  no  one  proven  method  which  gives  a  direct  reading  of  crack 
length.  All  current  methods  require  some  sort  of  indirect  determination 
of  crack  length.  This  is  usually  through  measurement  of  parameters  which 
are  representative  of  the  load  cycles  or  the  stress  cycles  acting  on  the 
structure.  These  in  turn  can  be  converted  to  crack  length  through  a  growth 
incrementation  method.  Some  of  these  methods  in  current  use  are  described 
in  this  section. 

8.4.1  Types  of  Usage  Descriptions 

The  usage  of  a  particular  aircraft  can  be  described  in  a 
variety  of  ways.  The  simplest  is  to  use  a  group  of  preanalyzed  mission 
types  and  then  merely  to  make  a  record  of  the  mission  types  as  they  are 
flown.  This  requires  the  assumption  that  mission  load  sequences  are 
insignificant  to  the  crack  growth  problem.  A  variation  of  this  method  is  to 
assume  that  missions  are  repeated  but  that  other  information,  in  addition 
to  a  mission  name, is  required  before  an  identification  can  be  made.  This 
requires  such  data  as  concurrent  values  of  airspeed,  altitude,  and  weight 
with  associated  times.  These  parameters  are  recorded  each  time  one  of  them 
makes  a  significant  change.  Evaluation  of  these  patterns  leads  to  an 
assignment  of  a  particular  mission.  A  very  similar  description  can  be 
obtained  by  assigning  flight  segment  identifications  as  the  flight  data 
varies  rather  than  on  a  complete  mission  basis.  All  of  these  methods  use  a 
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predetermined  crack  growth  computation  for  each  mission  or  segment.  After 
either  the  mission  or  the  segment  is  identified  the  load  sequence  is  assumed 
to  be  known. 

Moving  in  the  direction  of  increasing  complexity  the  recording  of  load 
indicators  may  be  necessary.  Parameters  such  as  load  factor,  strain  and 
angular  rates  can  be  recorded  and  translated  into  load  sequences.  Usually 
additional  data  such  as  configuration  and/or  take-off  weight  is  also 
necessary  for  an  adequate  description.  Such  data  is  usually  processed  by 
summing  the  number  of  occurrences  at  given  parameter  range  levels  and  con¬ 
verting  into  loads  or  stresses.  An  alternate  technique  is  to  compare  the 
summed  and  blocked  results  to  various  predetermined  spectra  and  select  the 
one  most  closely  approximated  for  the  analysis. 

More  complicated  methods  involve  the  time  history  recording  of  several  load 
indicating  parameters  and  computing  a  load  and  stress  sequence  for  each 
flight.  This  should  only  be  done  if  the  other  methods  do  not  yield  adequate 
results  or  if  the  computation  can  be  done  in  a  cost-effective  manner.  Some 
variation  of  this  technique  of  determining  usage  is  usually  discussed 
in  relation  to  using  a  microprocessor-based  tracking  method.  The  mechanical 
strain  recorder  (MSR)  is  a  variant  of  this  technique.  However,  only  one 
parameter,  strain,  is  recorded  and  typically  at  only  a  single  location. 

The  method  for  determining  usage  is  influenced  by  the  desired  frequency 
of  data  retrieval.  Methods  which  require  relatively  long  times  to  retrieve 
the  data,  such  as  recorder  unloading  or  reading  of  counters  are  usually 
used  if  individual  flight  data  is  not  required.  Pilot  logs  and  forms  can  be 
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efficiently  retrieved  after  each  flight.  Examples  of  two  types  of  data 
retrieval  forms  are  shown  in  Figures  8.4.1  and  8.4.2.  Figure  8.4.1  shows 
a  flight  data  and  counter  form  to  be  filled  out  after  each  flight.  Figure 
8.4.2  shows  a  flight  data  form  used  for  mission  analysis,  which  is  also 
filled  out  after  each  flight. 

Figure  8.4.3  shows  various  data  transcription  methods  in  use  at  the  processing 
facility  to  handle  various  types  of  IAT  data  coming  from  the  field. 

8.4.2  Usage  to  Damage  Schemes  Summarized 

The  conversion  of  the  aircraft  usage  data  to  damage  accumulation 
as  described  by  the  crack  length  at  the  control  point  requires  the  integration 
of  the  crack  growth  rate  information.  Chapter  5  of  this  handbook  presents 
a  complete  description  of  the  basic  elements  in  the  calculation  of  crack 
growth  increments.  The  different  applications  of  this  calculation  to  the 
tracking  function  can  be  categorized  by  how  much  of  the  effort  is  precomputed 
and  used  in  the  form  of  parametric  tables.  In  general,  the  less  detailed 
the  tracking  data,  the  more  extensive  the  use  of  precomputed  crack  growth 
tables. 

Five  damage  integration  schemes  will  be  described  in  this  handbook.  They 
are  listed  in  Table  8.4.1. 
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TABLE  8.4.1 

DAMAGE  INTEGRATION  SCHEMES 


•  Mission-by-Mission  Integration  (Figure  8.4.4) 

•  Mission-Segment-by-Mission-Segment  Integration  (Figure  8.4.5) 

•  Time  In-Usage  Category  Integration  (Figure  8.4.6) 

•  Strain  History  Integration  (Figure  8.4.7) 

•  Damage  Parameter  Integration  (Figure  8.4.8) 

8.4.2. 1  Mission-By-Mission  Integration 

Figure  8.4.4  describes  the  method  of  determining 
control  point  crack  growth  by  a  mission  identification  scheme.  The  pilot 
log  data  is  analyzed  to  determine  the  mission  assignment  for  a  particular 
flight.  This  may  vary  from  a  simple  mission  identification  on  the  log  to 
a  rather  complicated  pseudo  time  history  of  flight  activities.  Figure  8.4.2 
showed  a  form  capable  of  handling  the  more  complicated  mission  descriptions. 
Such  data  is  analyzed  in  the  processing  program  to  identify  the  mission. 

As  many  missions  as  considered  necessary  may  be  used.  It  is  not  uncommon 
to  use  several  hundred  missions  if  the  variation  of  weight,  altitude,  weight 
and  flight  activity  is  wide. 

Each  mission  used  in  the  analysis  has  been  previously  characterized  as  to 
all  details  of  the  flight  as  indicated  in  the  second  box  of  Figure  8.4.4. 

A  detailed  cycle-by-cycle  stress  history  is  derived  for  the  mission  and  a 
crack  growth  rate  chart  or  table  is  developed  based  on  the  crack  length. 

If  retardation  is  to  be  considered  in  the  analysis,  the  initial  plastic 
zone  size  is  also  an  input.  As  the  flight-by-flight  analysis  continues, 
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the  final  crack  length  and  the  final  plastic  zone  size  for  a  flight  becomes 
the  input  for  the  next  flight  and  the  incremental  growth  is  determined 
as  indicated  in  the  figure.  This  operation  is  done  for  each  control  point 
and  the  crack  is  incremented  flight-by-f light . 

This  method  provides  a  very  rapid  method  for  converting  from  usage  data  to 
crack  length.  The  disadvantage  may  be  the  large  number  of  missions  required 
to  adequately  describe  the  aircraft  usage.  Its  use  is  most  efficient  in 
the  case  of  cargo/ transport  aircraft  and  large  bombers  which  experience 
relatively  few  maneuvering  loads  and  where  the  majority  of  load  cycles  are 
due  to  atmospheric  turbulence  which  can  be  characterized  by  time  in  altitude 
bands . 

8. 4.2. 2  Miss ion- Segment-By -Miss ion-Segment  Integration 

In  cases  where  it  is  not  convenient  or  practical  to 
obtain  parametric  crack  growth  tables  for  the  entire  mission,  it  may  be 
possible  to  consider  the  mission  as  a  series  of  identifiable  segments. 

Figure  8.4.5  shows  the  series  of  steps  which  comprise  this  method.  The 
pilot  log  data  is  used  to  define  which  of  a  series  of  mission  segments  may 
be  assigned  to  describe  the  flight.  Each  segment  is  characterized  by 
a  stress  exceedance  curve  or  table  which  is  usually  also  presented  as  a 
function  of  the  flight  data  parameters  such  as  airspeed,  altitude  and  weight. 
Both  maneuver  and  turbulence  induced  stresses  may  be  used.  From  the  time 
spent  in  each  segment  a  number  of  stress  occurrences  at  each  level  is 
obtained.  This  is  formed  into  a  stress  sequence  and  is  input  to  a  crack 
growth  calculation  program.  Crack  growth  is  computed  sequentially  according 
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to  segment  occurrence  and  a  crack  length  for  the  flight  is  determined  for 
each  control  point. 

This  method  is  complicated  and  usually  requires  substantial  amounts  of 
calculation  effort.  However,  it  provides  a  more  flexible  analysis  of  the 
flight  data  and  may  provide  more  accurate  results  than  some  other  methods. 

8.4. 2. 3  Time-In-Usage-Category  Integration 

This  method,  illustrated  in  Figure  8.4.6,  requires 
the  logged  data  to  be  obtained  in  the  form  of  coincident  values  of  flight 
data  in  ranges  of  airspeed,  altitude,  weight,  linear  acceleration  and 
angular  acceleration.  Each  such  combination  is  called  a  usage  category  or 
data  block.  The  exact  combination  of  parameters  required  depends  on  the 
aircraft  and  on  the  control  point  location.  Precomputed  crack  growth 
rates  for  each  usage  category  are  then  converted  into  crack  growth  per 
flight.  Retardation  can  be  considered  if  desired  by  including  it  in  the 
growth  rate  tables  as  a  function  of  an  additional  input,  such  as  the  previous 
plastic  zone  size,  or  other  parameters  that  measure  the  effect  of  prior 
history. 

This  method  requires  a  large  amount  of  computational  time  if  many  usage 
category  blocks  are  used.  However,  it  may  be  a  good  method  for  aircraft 
which  have  had  to  categorize  missions  and  flight  profiles  which  show  large 
variations,  and  the  mission  or  mission  segment  method  is  not  adequate. 
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8. 4. 2.4  Strain-History  Integration 


Figure  8.4.7  outlines  a  method  which  uses  strain 
history  data  as  the  usage  indicator.  The  figure  assumes  that  the  data  is  being 
recorded  on  a  mechanical  strain  recorder  (MSR) .  However,  the  procedure  can  be 
used  with  any  method  of  strain  history  recording. 

The  method  depends  on  the  use  of  the  normalized  crack  growth  curves  discussed 
in  Section  8.2.  Initial  normalized  crack  growth  curves  are  computed  for  each 
of  a  series  of  selected  stress  spectra,  for  each  critical  point.  Also 
computed  are  normalized  usage  spectra.  This  observed  data  is  also  normalized 
and  used  to  determine  interpolation  factors  to  be  used  with  normalized  crack 
growth  curves.  This  leads  to  an  increment  crack  growth  for  the  control  point 
of  interest.  This  procedure  is  repeated  for  each  control  point. 

This  technique  has  the  potential  of  being  one  of  the  "most  accurate"  tracking 
systems  at  a  single  location.  This  technique  eliminates  the  need  for  record¬ 
ing  other  parameters  and  is  less  time  consuming  than  if  the  strain  cycles 
were  analyzed  on  a  cycle-by-cycle  basis. 

8.4. 2.5  Damage  Parameter  Integration 

The  method  of  integration  outlined  in  Figure  8.4.8 
is  used  when  a  damage  indicator  parameter  is  used  as  the  measure  of  the 
usage.  The  figure  is  drawn  showing  the  use  of  the  normal  load  factor,  nz , 
as  the  damage  parameter.  This  is  the  most  common  quantity,  but  any  other 
parameter  can  be  used  for  which  a  relation  between  it  and  crack  growth  can 
be  developed.  The  method  relates  the  spectra  of  known  sequences  to  the 
observed  spectra  and  based  on  the  use  of  two  normalized  curves.  The  first 
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normalized  curve  is  used  to  correlate  crack  growth  at  different  locations 
when  exposed  to  the  same  stress  spectrum  and  the  second  is  used  to  correlate 
crack  growth  due  to  two  stress  spectra  at  the  same  location.  This  was 
illustrated  in  Figure  8.2.1.  These  assumptions  allow  tracking  only  one 
location  and  accounting  for  variations  from  a  baseline  spectrum. 

The  figure  also  uses  a  Damage  Index  instead  of  Flight  Hours  to  specify  when 
maintenance  actions  are  required.  This  is  a  device  to  assign  an  arbitrary 
number  to  the  operational  limit  of  a  particular  spectrum.  It  provides  a 
scaling  factor  for  the  abscissa  of  the  normalized  crack  growth  curve.  Now 
the  time  to  maintenance  action  is  obtained  from  the  damage  index  curve.  A 
linear  relation  for  the  damage  index  in  terms  of  the  measured  load  indicator 
values  is  obtained  from  test  data.  Known  load  spectra  are  used  to  test  a 
model  of  the  critical  location.  The  observations  of  the  times  to  achieve  a 
critical  crack  length  for  multiple  tests  are  related  to  the  damage  index 
and  the  coefficients  of  the  following  equation  are  determined 

D.I.  =  CkX,  +  C0X0  +  C0X0  +  C,X,. 

11  22  33  4  4 

This  is  a  four-level  equation  in  terms  of  the  X_^  level  of  the  n^  occurrences 
during  a  time  period. 

The  accuracy  of  this  method  depends  upon  the  correlation  between  the  measured 
parameter  and  the  stress  at  the  original  point.  The  load  factor,  n ,  for 
example,  is  quite  well  correlated  with  wing  root  stresses  but  very  slightly 
correlated  with  vertical  stabilizer  stresses. 
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Individual  Systems  Compared 


The  methods  of  usage  descriptions  and  damage  calculation 
discussed  individually  in  the  preceeding  sections  require  some  comparison 
reviews  before  a  selection  can  be  made  for  a  particular  application.  The 
following  paragraphs  discuss  some  of  the  comparisons  that  should  be  made  and 
some  of  the  criteria  to  be  used  in  judging  the  comparisons.  It  is  observed 
that  almost  all  of  the  systems  previously  described  either  are  in  current 
use  or  have  been  proposed,  or  have  been  in  use  in  the  past. 

8.4. 3.1  Stand-Alone  Versus  Continuously  Interacting  Systems 
A  stand-alone  system  is  defined  as  using  one  type 
of  data  collection  and  usage  description  which  can  be  directly  transformed 
into  the  damage.  Such  a  system  would  be  a  counting  accelerometer  from  which 
the  exceedance  data  is  used  as  input  to  an  algorithm  which  directly  computes 
damage  increment  from  a  previously  determined  equation  as  a  function  of  the 
occurrences  at  each  measured  acceleration  level. 

To  make  this  an  interacting  system  a  pilot  log  might  be  included  which 
tabulates  such  things  as  take-off  weight  and  external  store  configuration. 

Now  a  more  complicated  analysis  can  be  made  where  the  damage  relation  can  also 
be  based  on  actual  weight  and  configuration.  Such  a  system  is  in  fact  quite 
common  for  tracking  fighter/attack/ trainer  type  aircraft. 

A  more  complicated  system  might  require  time  history  recording  of  parameters 
such  as  airspeed,  altitude  and  normal  acceleration  and  be  combined  with  a  log 
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sheet  giving  weights  and  configurations.  The  use  of  this  system  requires 
processing  the  flight  data,  integrating  it  with  the  log  sheet  data  and 
using  the  combined  data  to  compute  damage. 

As  the  degree  of  interaction  increases  so  does  the  processing  complexity  and 
the  cost.  However,  it  is  expected  that  accuracy  of  damage  computation  also 
increases.  The  stand  alone  system  usually  requires  more  assumptions  for  the 
total  usage  characteristic  while  the  interacting  system  does  not. 

The  relation  of  the  tracking  system  to  the  loads/environmental  spectral  survey 
(L/ESS)  needs  to  be  considered.  The  L/ESS  provides  the  complete  data  used  to 
characterize  the  various  mission  usage  upon  which  the  IAT  is  based.  The  more 
information  obtained  in  the  IAT,  the  more  accurately  the  L/ESS  data  can  be 
used.  For  example,  if  the  L/ESS  has  developed  mission  data  based  on  time  spent 
in  various  mission  segments,  then,  if  the  IAT  collects  enough  data  to  allow 
identification  of  mission  segments,  the  L/ESS  data  can  be  fully  utilized.  If 
this  is  not  the  case  then  an  approximation  must  be  made  of  the  time  spent  in 
various  segments  for  a  particular  mission. 

8. 4. 3. 2  Simple  Vs.  Complex  Algorithms 

The  selection  of  an  algorithm  to  compute  the  crack 
growth  per  unit  time  determines  the  amount  of  data  and  processing  required. 
Simple  systems  which  use  only  a  few  parameters  require  more  initial  development 
effort  for  a  parametric  damage  accumulation  table  or  equation.  More  complex 
systems  which  utilize  a  cycle-by-cycle  analysis  on  each  flight  require  more  data 
and  more  processing  time  per  flight.  If  this  complexity  is  decided  upon  for 
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the  IAT  then  it  should  be  justified  by  either  a  very  sensitive  structure  or  by 
a  usage  pattern  which  cannot  be  easily  characterized  by  the  L/ESS,  such  as  a 
constantly  changing  usage  pattern.  Fortunately,  most  aircraft  are  not  in 
this  category. 

8.4. 3. 3  Level  of  Accuracy  Achieved  Within  Operating  System 

Although  accuracy  has  been  previously  discussed,  it  is 
of  sufficient  importance  to  emphasize  that  the  type  of  IAT  system  selected 
affects  the  accuracy  of  the  results.  The  analysis  in  Reference  4  compares 
the  accuracy  of  forms  data,  strain  measurements,  and  counting  accelerometers. 

Two  error  sources  exist  in  a  forms  data  program.  One  is  inaccuracies  of  the 
average  crack  growth  per  flight  due  to  sampling  errors  in  the  L/ESS  or  from 
a  change  in  usage.  The  other  is  the  variability  in  individual  usage  from  the 
average  usage.  However,  this  method,  particularly  pilot  logs,  is  the  currently 
accepted  method  for  tracking  large  transpor t/bomber  aircraft. 


Strain  measure  tracking  can  be  in  error  due  to  three  sources:  stress  transfer, 
missing  data,  and  inaccurate  recording  or  reduction.  Stress  transfer  errors 
result  when  many  tracking  locations  are  monitored  from  one  data  station. 
Increasing  the  data  stations  helps  this  problem.  Missing  data  errors  depend 
upon  the  amount  and  the  method  of  gap  filling.  Only  subjective  judgements  of 
this  error  can  be  made  at  this  time.  Inaccurate  processing  and  recording 
errors  must  be  determined  for  each  system. 
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The  counting  accelerometer  system  is  a  long  used  IAT  method  for  aircraft  which 
have  highly  active  maneuvering  flight.  The  first  source  of  error  is  due  to 
the  assumption  that  the  normal  acceleration  can  be  used  to  determine  crack 
growth  without  any  other  parameters.  If  this  is  not  the  case  and  the  usage 
changes  significantly,  the  method  may  be  in  error.  A  second  source  of  error 
is  the  regression  equation  used  to  compute  damage.  If  the  actual  usage 
differs  from  that  used  to  develop  this  equation,  the  results  could  be  in 
error. 

These  considerations  of  the  possible  error  in  each  system  are  discussed  in 
much  more  detail  in  Reference  4. 
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Figure  8.4.1.  AFTO  Form  239  (F-15) . 
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Figure  8.4.2.  C-5  Aircraft  Fatigue  Tracking  Record  (MAC  Form  89). 
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Data  Transcription  Methods. 


8.4.16 


Figure  8.4.4.  Mission-By-Mission  Integration  (Reference  3). 
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Figure  8.4.6.  Time  In-Usage  Category  Integration  (Reference  3). 
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Figure  8.4.7.  Strain  History  Integration  (Reference  3). 
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Figure  8.4.8.  Damage  Parameter  Integration  Scheme  (Reference  3). 


8 . 5  RECOMMENDED  METHODS 


Although  there  are  a  variety  of  methods  which  can  be  used  for  IAT 
systems,  the  experience  obtained  has  indicated  that  there  are  preferred 
systems  for  each  type  of  aircraft.  The  division  can  be  made  simply  in'- 
two  types,  large  flexible  aircraft  with  wings  of  high  aspect  ratio  such  as 
cargo,  transport  and  some  bombers.  The  second  type  includes  aircraft  with 
wings  of  low  aspect  ratio  such  as  fighters,  trainers  and  most  attack  aircraft 
The  large  aircraft  are  usually  not  highly  maneuverable  and  experience  most 
of  the  load  history  from  encounters  with  atmospheric  turbulence.  The 
smaller  aircraft  are  usually  highly  maneuverable  and  less  sensitive  to 
turbulence.  The  IAT  systems  generally  recommended  for  the  two  classes  of 
aircraft  are  discussed  below.  Detailed  discussions  of  these  methods  are 
presented  in  Reference  1. 

8.5.1  Large  Flexible  Aircraft 

The  recommended  method  for  tracking  large  flexible  aircraft 
is  with  a  flight  log  form  and  parametric  crack  growth  tables  for  damage 
calculations.  The  log  form  can  be  as  complex  as  required.  If  the  missions 
are  well  defined  and  have  little  variation  then  recording  only  the  mission 
designation  is  sufficient.  For  usage  where  the  missions  are  more  variable 
then  the  values  of  airspeed,  altitude,  weight  and  configuration  during  the 
flight  are  recorded.  The  amount  of  variation  allowed  before  recording  a  new 
set  of  data  is  determined  by  how  sensitive  the  crack  growth  is  to  data  block 
changes.  The  data  needed  from  the  L/ESS  and  the  load  survey  programs  to 
develop  the  crack  growth  tables  must  be  coordinated  with  the  data  to  be 
obtained  during  tracking.  This  is  a  very  important  item  in  using  this  method 
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Stiff  Aircraft 


The  aircraft  which  are  generally  considered  to  be  small  and 
stiff  and  which  receive  most  of  their  loading  through  maneuvering  must  be 
tracked  by  a  method  sensitive  to  flight  activity.  Two  methods  can  be  easily 
applied  to  these  type  aircraft.  Either  the  normalized  nz  exceedance  method 
or  the  normalized  stress  exceedance  method. 

The  nz  method  uses  the  counting  accelerometer  form  on  which  data  is  transcribed 
on  a  monthly  basis.  This  along  with  airframe  hours  and  total  landings  is 
usually  sufficient  to  determine  what  level  of  activity  should  be  used  to 
calculate  the  crack  growth  increment. 

The  stress  method  uses  a  device  such  as  the  MSR  or  may  use  some  type  of 
microprocessor  based  device  as  they  are  developed.  The  application  to  determine 
crack  growth  is  similar  to  the  nz  method. 

Both  of  these  methods  require  extensive  use  of  the  L/ESS  data  and  loads  survey 
data  to  develop  the  normalized  crack  growth  curves  for  a  variety  of  spectra  of 
the  measured  parameter. 
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9.0  GUIDELINES  FOR  DAMAGE  TOLERANCE  DESIGN 
AND  FRACTURE  CONTROL  PLANNING 

9 . 1  INTRODUCTION 

The  attainment  of  trouble-free  and  damage  tolerant  design  for  safety-of- 
flight  structure  on  aircraft  is  a  continuing  multiple  element  process  which 
begins  in  the  preliminary  design  phase  and  extends  through  manufacturing  into 
the  operational  planning  and  use  of  the  aircraft.  The  purpose  of  this  process 
is  to  develop  a  planned  approach  to  the  control  of  fracture  damage  in  the 
aircraft.  Figure  9.1.1  illustrates  the  main  elements  of  the  process. 

The  design  criteria  includes  the  service  loads  history,  the  functional 
requirements,  and  the  desired  life  of  the  structure.  The  initial  damage 
assumptions  to  be  used  with  each  type  of  design  concept  and  degree  of 
inspectability  are  also  specified  in  the  criteria.  Figure  9.1.2  illustrates 
the  interaction  of  these  criteria  elements  based  on  MIL-A-83444  requirements. 

Material  selection  is  a  critical  element  of  the  process.  Trade-off  studies 
are  conducted  between  competing  materials  and  use  of  comparative  property 
data  is  necessary  in  the  selection  process.  Ultimate  strength,  yield  strength, 
fracture  toughness  and  stress  corrosion  resistance  must  be  considered  together 
with  the  expected  aircraft  environment.  The  crack  growth  rate  as  a  function 
of  stress-intensity  factor  is  required. 

The  structural  configuration  development  must  consider  the  effects  of  design 
details  on  fracture  control.  The  inspection  level  is  defined  and  a  list  of 
critical  parts  is  begun.  Consideration  of  the  inspection  procedures  to  be 
used  at  each  critical  location  is  important.  The  analysis  methods  used  and 


9.1.1 


the  stress- intensity  factor  computations  are  a  function  of  the  structural 
configuration  and  design  details,  and  are  set  at  this  time.  Testing  methods 
for  each  critical  part  and  assembly  are  also  developed  and  incorporated  into 
the  damage  tolerant  design  process. 

Manufacturing  processes  must  be  selected  for  the  critical  parts  such  that 
they  do  not  reduce  the  damage  tolerance  level  required  by  the  design.  Control 
of  processes  and  selection  of  inspection  procedures  to  maintain  process  quality 
are  the  prime  considerations  of  this  element. 

Procedures  for  inspecting  the  aircraft  during  operational  maintenance  and  the 
development  of  the  force  structural  management  plan  constitute  the  last  element 
of  the  total  damage  tolerant  design  process. 

This  introduction  of  the  elements  illustrates  the  strong  connections  between 
design,  testing,  manufacturing,  inspection  and  use  in  order  to  obtain  and 
maintain  the  desired  damage  tolerant  structure  and  to  reduce  the  incidence 
of  fracture  related  failures  and  loss. 

The  documents  which  outline  the  requirements  for  this  activity  and  describe 
the  various  functions  are  military  standards  and  specifications.  MIL-STD-1530A 
establishes  the  requirements  for  aircraft  structural  integrity  program  (ASIP) 
and  MIL-A-83444  (USAF)  describes  the  airplane  damage  tolerance  design  require¬ 
ments.  These  documents  have  been  reproduced  in  the  appendix  of  this  handbook 
to  serve  as  a  reference. 

Reference  1  provides  discussion  of  the  ASIP  technology.  Reference  2  presents 
extensive  discussions  of  the  durability  and  damage  tolerance  problem  of  USAF 
aircraft  structures.  In  particular,  the  review  by  Mr.  C.  F.  Tiffany, 
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"Durability  and  Damage  Tolerance  Assessments  of  United  States  Air  Force 
Aircraft,"  provides  a  thorough  review  of  the  background  of  this  topic.  This 
chapter  of  the  handbook  describes  these  tolerant  design  elements  in  some 
detail,  and  when  the  described  functions  are  followed,  the  resultant  aircraft 
structure  should  have  the  required  level  of  damage  tolerance. 
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Figure  9.1.2  Damage  Tolerance  Design  Requirements. 
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9.2  DESIGN  LOADS  SPECTRUM 


The  design  load  spectrum  is  used  to  determine  the  damage  growth  in  each 
critical  part  during  analysis  and  testing.  It  is  based  on  the  specified 
mission  profile  information  and  the  required  aircraft  life.  A  description 
of  the  load  sequence  development  is  given  in  Section  5.3  of  this  handbook.  A 
brief  review  is  presented  here.  Reference  3  presents  a  detailed  description  of 
load  sequence  development  methodology. 

The  load  sequence  is  composed  of  the  load  cycles  which  can  be  expected  to 
occur  during  the  lifetime  operation  of  the  aircraft.  They  are  the  result  of 
ground  operations,  such  as  towing,  taxiing,  turning,  braking,  take-off  and 
landing,  and  of  airborne  operations  of  maneuvering,  turbulence  encounters, 
store  ejection  and  refueling.  The  specification  documents  include  the  numbers 
of  these  loads  to  be  anticipated  at  various  levels  during  the  aircraft  life. 

The  design  spectrum  must  be  based  on  a  reasonable  estimate  of  the  anticipated 
mission  usage  history.  All  load  sources  should  be  included  and  the  anticipated 
severity  should  reflect  on  both  previously  observed  data  and  on  any  perfor¬ 
mance  advances  being  designed  into  the  new  aircraft.  It  has  become  somewhat 
of  an  axiom  that  the  full  maneuvering  capability  of  the  aircraft  will  be  used 
during  its  operation.  Thus,  it  is  essential  that  the  design  load  sequence 
be  representative  of  the  aircraft  capability.  Figure  9.2.1  from  Reference  4 
illustrates  a  basic  procedure  for  the  development  of  a  design  loads  spectrum. 
This  is  an  interactive  program  involving  several  different  data  sources  and 
other  design  activities. 
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The  design  loads  spectra  usually  progresses  from  a  preliminary  effort  based 
on  the  initial  aerodynamics  to  a  final  form  based  on  the  final  aerodynamics 
and  aircraft  configuration. 
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Figure  9.2.1 


A  Procedure  for  Development  of  Design  Loads 
Spectra  (Reference  4) , 
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9 . 3  MATERIAL  SELECTION 


The  selection  of  materials  for  damage  tolerant  design  is  one  of  the 
most  important  functions.  Materials  must  be  evaluated  and  selected  on  both 
their  static  strength  and  their  toughness  and  flaw  growth  characteristics. 

The  properties  used  for  these  comparisons  are: 

Yield  Strength,  Fty 
Ultimate  Strength,  Ftu 
Fracture  Toughness,  Kc  or 
Stress  Corrosion  Factor,  K^g^c. 

Crack  Growth  Rate,  da/dN  vs,  AK. 

Figure  9.3.1  from  reference  4  shows  how  some  of  these  properties  can  be  com¬ 
pared.  In  addition,  analysis  of  typical  crack  growth  characteristics  is 
also  done  for  each  material. 

9.3.1  Crack  Growth  Resistance  and  Fracture  Toughness 

The  material  properties  used  for  the  selection  criteria  must  be 
obtained  for  conditions  which  correspond  to  those  expected  in  the  structural 
usage  environment. 

Crack  growth  resistance  as  expressed  in  the  da/dN  data  should  be  obtained 
from  tests  conducted  using  thicknesses  similar  to  the  anticipated  structure 
applications  and  in  similar  environments.  Some  alloys  are  quite  susceptible 
to  corrosive  media  such  as  may  be  experienced  in  aircraft  fuel  bays  or  during 
operation  near  salt  water.  Effects  of  these  variables  are  shown  in  Figure  9.3.2 
(Reference  5). 
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For  ease  of  application  in  the  design  process,  the  crack  propagation  data 
is  usually  described  by  an  empirical  relationship,  such  as  the  Forman 
equation,  given  as: 

da  _  C(AK)n 

dN  ( 1 — R )  K  -  AK 
c 

where 

K^,  Fracture  Toughness 

AK,  Stress-Intensity  Factor  Range 

C,n,  Constants,  Dependent  on  Material,  Obtained  From 

Curve  Fitting  Techniques, 

It  may  be  necessary  to  model  the  data  in  several  parts  over  the  AK  range  of 
interest  in  order  to  achieve  adequate  representation. 

Reference  6  presents  a  method  for  evaluation  of  weight  savings  due  to  the 
use  of  advanced  materials.  The  utilization  of  materials  having  improved 
damage  tolerance  characteristics  as  evidenced  by  a  higher  allowable  stress 
value  was  shown  to  effect  a  weight  savings  from  1-3  percent  for  an  improve¬ 
ment  in  allowable  stress  of  10-25  percent. 

Reference  7  discusses  material  properties  and  characteristics  of  some  new 
materials  based  on  obtaining  high  strength  with  good  durability  and  damage 
tolerance  properties.  This  is  mentioned  to  make  the  reader  aware  of  current 
efforts  to  improve  structural  materials.  Goals  stated  in  this  report  are  to 
increase  the  static  strength,  decrease  the  crack  growth,  and  increase  the 
temperature  capability  of  aluminum  alloy. 
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9.3.2  Material  Property  Control 


Along  with  the  selection  of  various  materials  for  use  on  the 
structure,  it  is  essential  that  a  control  system  be  established.  Reference  8 
describes  such  a  system  as  including  the  areas  of  source  selection,  usage, 
evaluation,  documentation,  and  tracking  of  all  materials.  The  establishment 
of  material  control  specifications  is  necessary  to  achieve  the  desired  end 
result.  It  is  suggested  that  a  rating  system  be  established  for  each  material 
based  on  the  expected  usage.  Reference  8  suggests  a  five-level  system 
(A,  B,  C,  U,  X)  which  may  be  defined  as: 

A  -  Acceptable  for  Usage, 

B  -  Acceptable  with  Specific  Controls, 

C  -  Acceptable  with  Demonstration  Evaluation, 

U  -  Not  Evaluated  for  a  Given  Usage, 

X  -  Not  Acceptable. 

The  development  of  a  material  selection  list  includes  all  properties  which  are 
required  for  each  material  usage.  A  pre-release  material  approval  is  suggested 
as  a  screening  device.  This  would  be  by  a  material  review  board  which  would 
pass  on  all  selected  materials. 

After  the  approval  of  all  selected  materials,  the  next  step  is  to  assure  that 
only  approved  materials  are  actually  used  and  that  they  meet  the  requirements. 
An  accountability  procedure  must  be  implemented.  As  a  minimum,  this  system 
must  do  the  following: 
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1. 


Identify  the  part 


2.  List  all  material  data  required, 

3.  List  all  supplemental  data  related  to  part; 

a.  Test  Data, 

b.  Change  Notices, 

c.  Deviations, 

d.  Process  Specifications, 

e.  Inspection  Reports, 

f.  Rework  Required. 

This  system  should  be  easily  accessible  and  usable  throughout  the  design,  manu¬ 
facturing,  and  usage  phases  of  the  aircraft  life  cycle.  It  would  provide  the 
information  necessary  to  solve  any  future  problems  and  will  be  the  basis  for  the 
next  design.  This  system  is  directed  toward  fracture  critical  parts,  but 
it  is  evident  that  such  material  control  is  necessary  for  all  parts.  If 
such  is  the  case,  then  fracture  critical  parts  can  be  easily  identified 
and  tracked  as  part  of  the  total  aircraft  design  and  development. 

As  a  part  of  this  system,  it  is  necessary  to  establish  a  material  quality 
control  program.  Sample  testing  of  all  material  which  is  identified  for 
fracture  critical  parts  should  include  verification  of  crack  growth  rate  and 
toughness  properties.  Special  handling  instructions  for  this  material  to 
preserve  initial  quality  should  be  implemented.  Non-destructive  testing 
techniques  must  be  developed  and  incorporated  into  the  manufacturing  process 
to  insure  that  manufacturing  quality  is  maintained. 
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While  such  systems  of  material  control  are  easily  established  by  a  prime 
contractor,  it  is  also  necessary  to  extend  them  to  subcontractors  and  parts 
vendors  who  furnish  fracture  critical  parts.  All  procurement  specifications 
for  such  parts  must  include  the  same  requirements  for  incorporation  and 
maintenance  of  quality  as  practiced  by  the  prime.  Figure  9.3,3  from 
Reference  8  illustrates  how  such  vendor  interfaces  can  be  achieved. 
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Figure 
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9.3.1  A  Method  of  Presenting  Comparative  Material 
Data  (Reference  4). 
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Figure  9.3.2 


Illustration  of  Effects  of  Environment 
on  Crack  Growth  Rates  (Reference  5) . 
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Figure  9.3.3. 


Fracture  Control  System  for  Subcontractors 
(Reference  8). 
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9.4  STRUCTURAL  CONFIGURATION  ANALYSIS 


The  fracture  control  program  must  consider  all  of  the  design  details 
incorporated  into  the  structural  configurations  as  possible  critical  items. 

It  is  as  a  part  of  this  function  that  the  critical  parts  list  is  developed  and 
each  part  analyzed  for  its  fracture  propagation  characteristics.  The  method 
to  be  used  to  inspect  the  critical  parts  must  also  be  established.  This  will 
set  the  initial  flaw  size  which  is  used  in  the  analysis.  Any  testing  which 
must  be  done  to  establish  the  damage  tolerance  of  a  part  is  also  done  during 
this  phase  of  the  development. 

9.4.1  Critical  Parts  List 

The  development  of  the  fracture  critical  parts  list  begins  with 
the  first  design  studies.  The  list  is  then  maintained  throughout  the  life  of 
the  aircraft.  It  identifies  those  parts  which  would  cause  loss  of  the  aircraft 
or  endanger  personnel  and  cargo  if  they  failed  as  a  result  of  flaw  propagation. 
The  logic  pattern  and  analysis  necessary  to  identify  critical  parts  is  out¬ 
lined  in  Figure  9.4.1  (Reference  8).  Initially,  the  static  analysis  is  used 
to  identify  the  highly  stressed  areas  of  safety  of  flight  items.  A  crack 
growth  analysis  using  the  best  estimate  of  an  initial  flaw  at  the  time  of  the 
analysis  and  the  design  load  spectrum  is  run  until  either  the  required  life 
has  been  exceeded  without  a  predicted  failure  or  until  a  failure  is  predicted 
in  the  part.  Failure  is  usually  related  to  a  critical  crack  size  and  the 
required  residual  strength  load.  This  analysis  is  usually  conducted  as  a 
part  of  the  design  trade  studies  used  to  select  materials,  select  stress  loads 
and  to  size  the  part. 
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An  outline  of  these  design  trade  studies  is  shown  in  Figure  9,4,2,  Figure 
9.4.3  illustrates  three  clases  of  structural  arrangements  which  are  analysed. 
The  factors  affecting  the  selection  of  design  stress  levels  are  illustrated 
in  Figure  9.4.4  (Reference  9). 

Redesign  is  done  as  necessary  until  the  required  life  is  attained.  Figure 
9.4.1  shows  a  decision  point  at  four  lifetimes.  Actual  life  requirements  will 
vary  depending  on  the  part;  however,  the  logic  is  similar  for  all  parts.  The 
accurate  determination  of  the  component  stress  field  for  identification  of 
critical  areas  is  important.  The  best  results  can  be  achieved  with  fine  grid 
finite  element  models.  Unfortunately,  cost  is  high  for  these  so  judgement 
must  be  used  to  decide  when  such  sophistication  is  necessary. 

Each  part  finally  identified  as  a  fracture  critical  part  is  then  added  to  the 
list  and  identified  for  controlled  handling  during  the  manufacturing  process. 
Establishment  of  this  procedure  early  results  in  little  disruption  of  standard 
procedures  and  makes  the  handling  of  fracture  critical  parts  an  integral  part 
of  the  design  and  manufacturing  process. 

When  the  design  load  spectrum  is  developed  to  its  final  form,  which  should 
also  be  relatively  early  in  the  design  process,  the  initial  analysis  of  the 
most  critical  items  should  be  repeated  to  determine  if  there  are  any  changes 
in  results.  Any  differences  must  be  evaluated  and  redesign  accomplished  as 
indicated. 

The  selection  of  the  manufacturing  processes  for  the  critical  parts  should 
be  made  with  care.  Such  things  as  surface  finish,  edge  finish,  location  of 
parting  planes,  location  of  identification  marks,  and  amount  of  metal  removal 
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per  part  must  be  considered  during  the  design.  Considerations  of  these  and 
other  items  is  presented  in  publications  such  as  Reference  10 f  11  and  12.  It 
is  not  considered  appropriate  to  present  a  large  number  of  details  in  this  hand¬ 
book,  but  a  catalogue  of  acceptable  and  unacceptable  design  and  machining  details 
should  be  developed  by  the  manufacturer  as  a  guide  to  design  and  fabrication. 

9.4.2  Inspection  Method  Development 

The  initial  assumed  flaw  used  in  all  crack  growth  computations 
is  determined  either  by  a  specified  minimum  flaw  based  on  standard  inspection 
techniques  or  by  a  special  minimum  flaw  which  can  be  substantiated  by  special 
inspection  techniques.  Table  9.4.1  from  Reference  8  lists  an  example  of  what 
may  be  expected  from  several  inspection  methods.  These  will  vary  with  specific 
equipment . 

During  the  development  of  the  critical  parts  list,  it  is  necessary  to  consider 
how  each  part  will  be  inspected  for  flaws.  This  must  be  considered  not  only 
during  the  manufacturing  process  but  also  during  the  periodic  inspections  to 
be  performed  during  the  aircraft  life.  The  results  of  the  fracture  analysis 
can  be  significantly  affected  by  the  inspection  method  and  the  selection  of 
initial  flaw  sizes. 

As  improved  inspection  methods  are  incorporated  into  production  use,  it  is  to 
be  expected  that  improved  design  will  result.  The  trade-off  between  inspection 
cost  and  performance  may  also  be  considered. 
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TABLE  9.4.1 


EXAMPLES  OF  NDE  CAPABILITIES 
(Reference  8) 


Inapactton  matfcod 

Raw  typa 

Stand**  NOE 

SpccUNOE 

Panatrant  or  magnate 
partida 

Surfaca  flaw 
(Oapth  x  langth) 

0.  t9  x  0.33  cm 
(0.075  x0.150  m.) 
or  aquivalant  araa 

0.083  x0.127  cm 
(a02S  X  0.050  in.) 
or  aquwaiant  araa 

Ultruonici 

Embaddad  Haw 
(diamatar) 

0.254  cm  (0.100  in.) 

0.12  cm  (0.047  iru) 

Radiographic 

Surfaca  or  ambaddad 
(dapth  x  langth) 

0.7 1  x  1.4C 

Min  langth  ■  0.38  cm 
(0.150  in.) 

0.6t  x  Ut 

Min  langth  ■  0.127  cm 
(0.050  in.) 

t  ■  thelmaai 
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9.4,3  Demonstration  Tes.t  Development 


The  use  of  tests  to  demonstrate  the  existence  of  damage  tolerant 
design  is  necessary  when  design  details  depart  from  past  acceptable  usage  and 
when  various  environments  are  present  for  which  data  is  not  available.  It  is 
suggested  that  such  testing  begin  early  and  start  with  element  and  small 
component  tests.  This  testing  should  also  use  the  flight-by-f light  design 
load  spectrum  being  used  for  analysis. 

As  the  design  progresses,  large  component  tests  of  critical  areas  should  be 
conducted.  As  much  as  possible,  the  anticipated  environments  should  be  a 
part  of  the  test.  As  mentioned  earlier,  the  influence  of  environment  can  be 
quite  extensive  on  crack  growth  behavior. 
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Figure  9.4.1 


Illustration  of  Selection  Logic 
Parts  (Reference  8) . 


for  Fracture  Critical 
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CLASS  1 

SINGLE  LOAD  PATH 


\ 


DAMAGE  ARREST  CAPABILITY 


CLASS  3 

MULTIPLE  LOAD  PATH 
REDUNDANT  LOAD  PATH 


Figure  9.4.3.  Classes  of  Structural  Arrangements. 
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Figure  9. A. A  Selecting  Design  Stress  Level  to  Meet  Residual 
Strength  Crack  Growth  and  Inspectability 
Requirements  (Reference  9)  . 
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MANUFACTURING  PROCESS 


The  realization  of  the  design  during  the  manufacturing  process  is  where 
the  fracture  control  plan  reaches  its  ultimate  test.  It  is  now  that  a  diverse 
group  of  participants  must  be  brought  into  control  to  insure  the  production 
of  the  required  quality. 

Each  manufacturing  step  of  the  fracture  critical  parts  must  be  monitored  and 
controlled.  Procedures  must  be  developed  which  provide  strict  accountability 
and  sign-off  from  step  to  step  but  which  also  do  not  unduly  hinder  the  normal 
flow  of  manufacturing  processes.  Two  major  items  are  involved  at  this  point: 

(1)  Establishing  the  control  of  manufacturing  quality,  and  (2)  Developing 
the  methods  for  critical  parts  accountability.  Figure  9.5.1  shows  an  example 
of  a  fracture  control  plan  which  illustrates  these  items. 

9.5.1  Control  of  Quality  of  Processes 

Three  major  items  comprise  the  function  of  the  manufacturing 
process  quality  control.  They  are: 

(1)  Definition  of  inspection  requirements, 

(2)  Demonstration  of  inspection  methods, 

(3)  Review  of  manufacturing  process  and  inspections. 

The  basic  document  for  the  manufacture  of  each  fracture  critical  part  is  the 
process  specification.  It  lists  all  of  the  processes  which  must  be  performed 
on  the  part.  This  forms  the  basis  for  selection  of  the  inspection  methods. 
Limits  for  acceptance  are  also  a  part  of  the  process  specification.  The 
scheduling  of  inspections  during  the  process  must  be  considered.  A  trade-off 
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between  inspection  cost,  rework  cost,  and  loss  due  to  scrap  must  be  made. 

This  process  may  be  more  critical  in  a  fracture  critical  part  than  in  another 
part  since  there  may  not  be  as  many  rework  options  open.  Thus,  it  may  be 
more  efficient  to  have  more  inspections  than  to  risk  losing  a  large  amount  of 
process  time.  Parts  which  do  not  pass  an  early  inspection  may  be  reclaimed 
through  rework  options  still  available  at  this  time. 

The  demonstration  of  the  efficiency  of  nondestructive  process  inspections  can 
be  made  through  destructive  testing  or  through  a  more  rigorous  nondestructive 
inspection.  This  demonstration  is  made  early  in  the  program  and  may  be 
subject  to  periodic  checking  over  the  life  of  the  project.  As  experience  is 
gained  with  the  process,  the  inspection  frequency  may  be  decreased. 

It  should  be  noted  that  whenever  either  new  process  equipment  is  installed 
or  inspection  equipment  is  changed,  the  inspection  procedure  should  be  tightened 
until  confidence  is  again  attained.  This  also  should  include  periodic  review 
of  the  inspection  process  to  insure  that  the  quality  of  the  inspection  is 
being  maintained. 

9.5.2  Development  of  Critical  Parts  Accountability 

The  critical  parts  list  is  only  the  first  step  in  the  control 
process.  It  also  includes  the  damage  review  procedure,  material  procurement 
and  acceptance,  handling  of  the  part  during  manufacture,  installation  proce¬ 
dures,  incorporation  of  design  changes,  and  disposition  of  manufactured  parts. 
This  entire  process  is  one  of  accountability.  In  order  to  do  this,  a  method 
of  serial  numbering  is  used  and  a  work  routing  sheet  is  suggested  which 
identifies  the  source  of  the  stock  material  used  in  the  part  during  its 
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manufacture  and  provides  sign-off  and  transfer  records  for  each  process. 

In  order  for  this  process  of  control  to  be  effective,  the  personnel  involved 
during  manufacture  must  have  an  awareness  of  the  objective.  They  must 
realize  the  development  of  an  individual  commitment  to  achieve  a  damage 
tolerant  aircraft.  References  11  and  12  present  discussions  of  how  damage 
tolerant  design  has  been  incorporated  into  transport  aircraft  design  and 
construction. 
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Figure  9.5.1 


Representation  of  Elements  in  a  Fracture 
Control  Plan  (Reference  4). 
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9.6  FORCE  STRUCTURAL  MANAGEMENT 


The  maintenance  of  the  damage  tolerant  capability  of  an  aircraft  after 
it  enters  the  force  is  the  function  of  an  activity  called  Force  Structural 
Management.  This  has  been  mentioned  in  reference  to  the  Individual  Aircraft 
Tracking  (IAT)  Plan  described  in  Chapter  8  and  is  covered  in  detail  in 
Reference  13.  As  this  activity  can  be  considered  to  be  the  final  phase  of 
fracture  control,  a  summary  of  the  elements  contained  in  Force  Management 
are  presented  here.  The  concept  is  to  monitor  the  usage  of  each  aircraft 
and  compare  the  computed  damage  accumulation,  as  described  by  a  crack  growth 
analysis,  with  the  predicted  damage  accumulation  of  a  baseline  usage  air¬ 
craft.  The  maintenance  schedule  of  the  monitored  aircraft  is  modified  as 
necessary  to  account  for  differences  of  usage  from  the  baseline.  This 
section  discusses  the  elements  of  the  FSM  plan  and  how  they  are  implemented. 

9.6.1  Force  Management  Plan 

The  airframe  contractor  is  required,  under  current  Air  Force 
requirements,  to  devise  a  Force  Management  Plan.  It  contains  three  essential 
parts:  The  Force  Structural  Maintenance  (FSM)  Plan,  the  Loads/Environment 

Spectra  Survey  (L/ESS) ,  and  the  Individual  Aircraft  Tracking  (IAT)  Program. 

The  initial  FSM  plan  presents  the  schedule  for  inspections  and  maintenance 
actions  for  an  aircraft  which  is  accumulating  damage  according  to  the  design 
loads  spectra  usage  predictions.  It  is  to  be  updated  when  the  baseline 
operational  loads  spectra  are  developed. 
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The  L/ESS  is  a  data  collection  and  analysis  program  designed  to  provide  the 
data  to  develop  the  baseline  operational  load  spectra.  A  number  of 
the  force  aircraft,  usually  about  twenty  percent,  are  fitted  with  data 
measuring  and  recording  equipment.  Parameters  such  as  accelerations,  angular 
rates,  airspeed,  altitude,  weight  and  other  load  indicative  quantities  are 
obtained  in  a  time  history  form  as  the  aircraft  are  flown.  It  is  categorized 
by  mission  type  and  segment,  and  load  histories  are  calculated  for  the  critical 
areas  of  the  aircraft.  These  are  the  same  areas  which  were  identified  in  the 
critical  parts  list  and  which  will  be  subjected  to  subsequent  inspection  and 
possible  repair  or  modification  during  maintenance  actions.  The  new  baseline 
operational  damage  accumulation  rates  based  on  the  L/ESS  data  are  used  to 
update  the  FSM  plan. 

The  IAT  program  is  also  a  data  collection  and  analysis  effort  which  is  applied 
to  each  aircraft  of  the  force.  The  minimum  amount  of  data  is  collected  which 
will  allow  the  estimation  of  the  damage  being  accumulated.  Comparison  with 
the  baseline  damage  accumulation  predictions  allows  modification  of  the  FSM 
plan  to  account  for  the  differences  in  usage  of  each  aircraft.  Chapter  8 
provides  more  detail  of  the  IAT  programs. 

The  planning  for  these  three  parts  of  the  FSM  plan  should  begin  with  the 
initial  design  studies  and  the  fracture  control  plan.  Crack  growth  techniques 
used  during  the  design  are  also  those  used  in  the  IAT  and  FSM  portions  of 
the  program  and  should  be  formulated  to  permit  easy  incorporation.  Studies 
made  for  evaluation  of  the  effect  of  different  load  parameters  on  the  loads 
computation  and  subsequently  on  crack  growth  calculations  should  be  used  in 


9.6.2 


the  development  of  the  parameter  list  for  the  L/ESS  program.  Accuracy 
requirements  and  parameter  ranges  should  be  selected  to  be  commensurate  with 
the  methods  of  analysis. 

9.6.2  Implementation  of  FSM  Plan 

The  final  FSM  plan  and  all  of  the  test  results  and  analysis 
conducted  during  the  design,  manufacture,  and  testing  of  the  aircraft  form 
the  final  data  package  which  is  delivered  to  the  Air  Force.  It  substantiates 
the  damage  tolerance  characteristics  of  the  structure  and  describes  how  it 
may  be  maintained  during  the  life  of  the  aircraft. 

A  transition  period  normally  occurs  during  which  the  contractor  trains  the 
user  in  all  stages  of  the  L/ESS,  IAT,  and  FSM  plan*  It  is  essential  that  the 
user  assume  the  same  regard  for  the  treatment  of  damage  critical  parts  that 
was  practiced  during  manufacture.  As  emphasized  during  this  chapter,  the 
damage  tolerance  analysis  is  highly  dependent  on  the  size  of  the  initial 
quality  flaw.  Manufacturing  processes  and  handling  were  watched  so  that 
quality  was  preserved.  It  is  now  the  responsibility  of  the  user  to  handle  the 
aircraft  in  the  same  manner.  Disregard  for  the  structure  could  result  in 
complete  loss  of  all  of  the  previous  efforts  and  could  invalidate  all  of  the 
tracking  efforts. 

It  is  the  responsibility  of  the  Air  Force  user  to  obtain  the  data  from  the 
L/ESS  to  be  used  in  the  baseline  analysis  update.  Early  collection  of  that 
data  will  lead  to  the  most  accurate  use  of  the  IAT  data.  Recognition  of 
this  operation  as  part  of  the  fracture  control  plan  should  aid  in  the  proper 
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conduct  of  the  task.  Keeping  the  equipment  in  seryice  and  striving  for  the 
maximum  amount  of  data  return  will  lead  to  the  most  accurate  final  results. 
(This  is,  in  part,  also  dependent  on  a  selection  of  parameters  which  are  easy 
to  record.)  Recording  equipment  and  transducers  selected  should  have  a  high 
reliability  and  be  easy  to  use. 

The  IAT  implementation  must  also  be  such  that  a  high  return  of  data  is  assured. 
Again,  the  feeling  of  being  a  part  of  the  fracture  control  plan  should  pervade 
the  IAT  personnel.  The  timely  and  complete  recording  and  processing  of  this 
data  will  result  in  accurate  scheduling  of  maintenance  actions. 

These  ideas  are  meant  to  emphasize  the  connection  between  the  follow-on  FSM 
activities  and  the  damage  control  plan.  Additional  ideas  and  discussions  on 
this  topic  are  presented  in  Reference  13.  It  is  most  highly  recommended  that 
the  reader  also  obtain  a  copy  of  this  reference  for  further  reading. 
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CHAPTER  10 


ANALYSIS  OF  STRUCTURAL  REPAIRS 


10.1  INTRODUCTION 

The  structural  integrity  of  a  force  of  operational  aircraft  is 
primarily  ensured  by  implementing  the  periodic  inspection  and  maintenance 
program  defined  in  the  Force  Structural  Maintenance  (FSM)  plan  and  the 
associated  technical  order  (T.0.)-3  repair  and  -36  inspection  manuals. 

In  addition  to  this  formal  method  of  addressing  known  or  potential  cracking 
problems,  the  structural  integrity  of  individual  aircraft  is  also  ensured 
through  the  timely  identification  of  new  cracking  problems  and  by  implementing 
repairs  that  will  return  cracked  structure  to  a  safe  operational  condition. 
This  chapter  is  presented  as  a  supplement  to  the  other  chapters  and  only 
specifically  addresses  those  guidelines  applicable  to  ensuring  that  adequate 
damage  tolerance  exists  in  structural  repairs.  Adequate  damage  tolerance 
implies  that  cracks  do  not  reduce  the  structured  load  carrying  capability 
below  a  predefined  level  throughout  a  required  period  of  in-service  usage. 

10.1.1  Repairs/Changes  Requiring  Analysis 

All  repairs  made  to  cracked  structure  and  all  structural 
changes  made  to  in-service  aircraft  require  some  form  of  damage  tolerance 
analysis.  The  degree  of  intensity  of  each  analysis,  however,  depends  on  the 
consequences  of  failure  in  the  repaired  or  modified  structure  if  cracks  are 
present.  For  example,  the  extent  of  the  analysis  of  a  repair  to  replace  a 
compressively  loaded  fuselage  member  that  is  removed  for  corrosion  damage 
would  be  minimal,  while  a  force-wide  modification  to  the  tension-loaded, 
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primary-load-path,  lower  wing  skin  structure  of  a  fighter  aircraft  would 
require  an  indepth  evaluation  of  expected  fracture  and  fatigue  crack  growth 
behavior . 

The  best  categorization  of  what  requires  an  indepth  damage  tolerance  analysis 
can  be  directly  taken  from  the  MIL-A-83444  specification  applicable  to  new 
structure.  This  specification  requires  that  all  safety-of-f light  critical 
structure  be  designed  using  a  damage  tolerance  analysis.  The  analysis  ensures 
that  cracks  potentially  present  in  this  type  of  structure  will  not  cause  loss 
of  the  aircraft  during  flight  for  some  predefined  period  of  in-service 
operation.  The  above  suggests  the  first  guideline  for  structural  repairs  and 
modifications,  i.e.,  all  structural  repairs  and  modifications  to  safety-of- 
flight  critical  structure ,  must  be  subjected  to  indepth  damage  tolerance 
analyses  to  ensure  that  the  structure  is  not  degraded  as  a  result  of  the 
repair  (or  modification)  below  a  level  considered  satisfactory  for  the 
subsequent  in-service  operational  period  contemplated. 

A  question  arises  relative  to  the  definition  of  what  constitutes  safety-of- 
f light  critical  structure  and  their  locations  within  the  airframe.  Based  on 
the  information  required  by  MIL-STD-1530A  for  the  support  of  force  management 
operations,  a  critical  parts  list  is  prepared  by  the  airframe  contractor  and 
appended  to  the  Force  Structural  Maintenance  (FSM)  plan  supplied  to  the 
Air  Force.  It  is  suggested  then  that  clear  definitions  for  safety-of-f light 
critical  structure  be  provided  with  each  aircraft’s  FSM  plan  along  with  the 
appendix  that  lists  and  illustrates  safety-of-f light  critical  structure. 

If  the  manufacturer  can  conceive  of  potential  problems  associated  with  the 
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repair  or  modification  of  specially  designed  (or  manufactured)  safety-of-f light 
critical  structure,  then  the  manufacturer  should  identify  such  problems  in  the 
FSM  plan  with  reference  to  additional  details  in  the  T.0.-3  repair  manual. 

The  intensity  of  the  analysis  also  varies  as  a  function  of  the  extensiveness 
of  the  change  to  the  force.  If  the  repair  or  modification  can  be  incorporated 
into  any  given  aircraft  or  will  be  applied  to  all  aircraft  in  the  force,  then  a 
more  careful  analysis  of  the  impact  of  cracks  potentially  existing  in  the 
structure  should  be  conducted.  For  one-of-a-kind  repairs  applied  to  an 
airframe  in  order  to  return  the  aircraft  to  a  depot  for  more  extensive  repair, 
the  type  of  damage  tolerance  analysis  would  be  primarily  of  a  residual 
strength  type,  without  much  consideration  being  given  to  variable  amplitude 
fatigue  loading. 


10.1.2  Levels  of  Damage  Tolerance  Analysis 

There  are  two  basic  elements  in  a  damage  tolerance  analysis: 
a  residual  strength  analysis  and  a  subcritical  crack  growth  analysis.  In  the 
residual  strength  analysis,  one  develops  a  relationship  between  load  carrying 
capability  and  crack  length.  In  the  subcritical  crack  growth  analysis,  one 
determines  a  relationship  between  time-in-service  and  crack  length  for  a 
given  type  of  operation. 

In  a  damage  tolerance  analysis,  one  obtains  an  estimate  of  the  structural  life 
to  grow  the  initial  crack  damage  in  the  structure  to  critical  size.  The 
residual  strength  analysis  determines  the  critical  crack  size  required  to  fail 
the  structure;  the  subcritical  crack  growth  analysis  is  used  to  obtain  the  life 
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estimate.  One  could  also  determine  the  decay  in  residual  strength  as  the  crack 
extends  under  service  loading  by  coupling  the  residual  strength  analysis  with 
the  subcritical  crack  growth  analysis.  Figure  10.1.1a  illustrates  the 
relationship  between  residual  strength  and  crack  length.  Figure  10.1.1c 
describes  the  relationship  between  crack  length  and  time-in-service. 

Figure  10.1.1b  couples  the  information  in  parts  a  and  b  to  obtain  the 
relationship  between  the  decay  in  residual  strength  and  time-in-service. 

As  described  in  Chapters  1,  4,  and  5,  the  analyst  needs  the  following 
structural/material  information  to  conduct  a  damage  tolerance  analysis: 

•  Definition  of  quality  -  to  obtain  the  initial  crack  length  (aQ)  for 
the  subcritical  crack  growth  analysis. 

•  Definition  of  operational  loading  and  environmental  conditions  -  (a)  to 
establish  the  residual  strength  requirement  and  (b)  to  grow  the  crack  in 
the  subcritical  crack  growth  analysis. 

•  Definition  of  the  structural  parameter  that  relates  loading,  global 
geometry,  as  well  as  crack  size  and  geometry  to  crack  tip  conditions  - 
this  parameter  makes  it  possible  to  relate  laboratory  behavior  to 
in-service  hardware. 

•  Definition  of  material  properties  that  characterize  resistance  to 
fracture  and  to  subcritical  crack  growth  -  to  provide  the  basis  for 
estimating  fracture  level  and  the  rate  of  crack  growth  in  the  structure. 

•  A  damage  summation  model  -  to  integrate  the  effects  of  variable  amplitude 
loading  and  time  dependent  behavior  in  the  subcritical  crack  growth 
analysis . 
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•  A  fracture  model  -  to  provide  the  criteria  for  estimating  the  critical 
crack  length. 

For  a  safety-of -flight  critical  structural  component,  detailed  analysis  and 
understanding  is  required  for  the  above  structural/material  information. 

For  such  detailed  analysis,  the  other  chapters  have  been  prepared.  This 
chapter  has  been  prepared  to  highlight  what  might  be  accomplished  with  both 
limited  information  and  structural  analysis  capability.  The  method  of  approach 
in  this  chapter  will  be  to  illustrate  how  approximate  methods  can  reduce  the 
complexity  of  a  residual  strength  analysis  or  full-scale  cycle-by-cycle 
subcritical  crack  growth  rate  analysis.  The  approximate  methods  facilitate 
parameter  studies  that  isolate  those  features  of  the  structure,  its  material, 
the  usage,  the  environment,  or  method  of  inspection,  which  control  the  level 
of  damage  tolerance  associated  with  the  structure,  in  an  unrepaired  or  repaired 
condition. 

The  remainder  of  this  chapter  is  organized  to  present  (a)  some  general 
observations  about  usage  characterization  for  crack  growth  life  estimates, 

(b)  a  detailed  analysis  of  three  transport  wing  stress  histories  and  the  effects 
of  stress  scaling,  (c)  fatigue  life  sensitivity  analysis  for  stress  effects, 

(d)  fatigue  life  sensitivity  analysis  for  hole  repair,  (e)  fatigue  life 
sensitivity  analysis  for  blend-out  repairs,  (f)  a  residual  strength  parametric 
analysis  to  establish  limits  for  return  to  depot,  (g)  a  detailed  residual 
strength  analysis  of  a  cockpit  longeron  repair,  and  (h)  a  detailed  residual 
strength  analysis  of  a  wing  skin  repair. 
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10.2 


USAGE  CHARACTERIZATION  FOR  SIMPLE  REPAIRS 


As  explained  in  Section  10.1,  there  are  two  reasons  for  characterizing 
the  usage  for  a  damage  tolerance  analysis:  (a)  to  establish  the  residual 
strength  requirement  and  (b)  to  grow  the  crack  in  the  subcritical  crack  growth 
analysis.  The  maximum  loading  conditions  and  their  frequency  (likelihood  of 
occurance)  determine  the  loading  (residual  strength)  requirement  that  the 
structural  element  must  withstand  without  failure.  Typically  the  more 
frequently  occurring  loading  conditions  are  those  responsible  for  growing  a 
crack  from  its  initial  size  to  failure. 

For  a  residual  strength  analysis  of  a  structural  repair,  one  would  want  to 
characterize  the  maximum  loading  condition  that  the  structure  might  experience 
in  its  anticipated  service  life.  A  simple  choice  might  be  based  on  returning 
the  load  carrying  capability  of  the  cracked  structure  to  the  original  ultimate 
load  carrying  capability  of  the  structural  member  without  a  crack.  Sections 
10.7,  10.8,  and  10.9  describe  in  more  detail  the  methods  for  conducting  a 
residual  strength  analysis. 

For  a  subcritical  crack  growth  analysis,  one  is  more  typically  interested  in 
characterizing  the  average  per  flight  loading  conditions  that  will  be 
experienced  by  the  cracked  or  repaired  structure.  It  is  the  relatively  large, 
frequently  occurring  load  excursions  that  drive  the  crack  growth  process. 

From  a  repair  analysis  standpoint,  it  is  important  that  the  analyst  know  what 
are  the  sources  of  large  (and  frequently  occurring)  stress  excursions  and  have 
some  indication  of  the  maximum  to  minimum  stress  ratios  as  well  as  frequency  of 
these  excursions  on  a  per  flight  (or  per  flight  hour)  basis. 
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The  more  critical  the  repair,  the  more  important  is  the  definition  of  the 
specifics  of  per  flight  average  loading  conditions  for  a  life  analysis.  If  one 
can  identify  those  loading  conditions  (even  in  a  general  way)  that  affect  the 
rate  at  which  cracks  grow  in  a  given  structural  member,  then  simple  calculations 
can  be  made  to  obtain  first  order  estimates  of  this  member’s  structural  life. 
While  first  order  estimates  can  be  questioned  from  an  absolute  sense,  such 
estimates,  when  used  in  a  relative  (comparative)  sense,  can  provide  the  necessary 
guidance  for  designing  a  repair,  or  releasing  an  individual  aircraft  for  flight. 

In  the  following  subsections,  a  subcritical  crack  growth  analysis  approach  which 
was  introduced  in  Chapter  5,  Subsection  5.2.5,  is  further  described  and  justified 
for  its  application  for  repair  analysis.  In  Section  10.3,  an  example  analysis 
of  three  transport  wing  stress  histories  will  be  utilized  to  illustrate  how  a 
generic  stress  history  for  a  given  structural  member  could  be  employed  to 
estimate  the  life  at  any  given  location  in  that  member. 

10.2.1  Variable  Amplitude  Crack  Growth  Behavior 

Many  airframe  loading  conditions  are  sufficiently  repetitive 
over  a  number  of  flights  (~  100  to  500  flights)  that  crack  growth  damage 
accumulates  in  a  relatively  continuous  manner.  Figure  10.2.1  describes  two 
examples  of  experimental  crack  growth  data  generated  under  typical  flight-by- 
flight  loadings  involving  multiple  missions.  Figure  10.2.1a  represents  the 
behavior  experienced  at  a  hole  subjected  to  a  fighter  wing  stress  history  and 
Figure  10.2.1b  represents  the  behavior  observed  at  a  hole  subjected  to  a 
bomber  aircraft  wing  stress  history.  Both  behaviors  illustrate  the  regular 
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and  relatively  continuous  crack  growth  pattern  exhibited  by  many  flight-by¬ 
flight  histories. 

As  a  result  of  the  regularity  of  such  flight-by-flight  induced  crack  growth 
behavior,  there  was  a  recognition  as  early  as  1963  that  aircraft  stress 
histories  can  induce  crack  growth  behavior  similar  to  constant  amplitude 
behavior.  This  early  recognition  has  led  to  a  number  of  schemes  for 
utilizing  limited  information  to  characterize  the  behavior  of  cracks  in  aircraft 
structure.  These  schemes  all  focus  on  the  translation  of  variable  amplitude 
crack  growth  life  data  to  variable  amplitude  crack  growth  ’’rate"  data  so  that 
the  simple  analysis  schemes  for  constant  amplitude  loadings  can  be  used  to 
establish  life  estimates.  These  replace  the  more  complicated  numerical, 
computer-based  algorithms  used  for  a  load  interaction,  cycle-by-cycle  analysis 
of  the  complete  stress  history. 

The  translation  of  the  variable  amplitude  crack  growth  life  data  to  that  of 
variable  amplitude  crack  growth  rate  data  follows  most  of  the  procedures  used 
to  convert  constant  amplitude  crack  growth  life  data  to  constant  amplitude 
crack  growth  rate  data  (see  Subsection  7.2.2,  and  more  specifically  Figure  7.2.9, 
which  is  repeated  as  Figure  10.2.2).  The  major  differences  between  describing 
variable  amplitude  rate  behavior  and  constant  amplitude  rate  behavior  is  in  the 
choice  of  the  rate  variable  and  the  characterizing  stress  history  parameter. 

In  variable  amplitude  descriptions,  the  crack  growth  rate  may  be  described  as 
rate  per  flight,  rate  per  flight  hour,  or  rate  per  cycle.  Also,  since  the 
magnitude  of  the  individual  stress  events  in  the  stress  history  is  a  random 
variable,  the  characteristic  stress  parameter  that  describes  the  history  is  a 
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statistical  measure  of  the  individual  events  in  the  history. 


Figure  10.2.3  describes  a  variable  amplitude  crack  growth  rate  behavior 
(da/d (Flight) )  as  a  function  of  a  spectra  dependent  characteristic  stress- 
intensity  factor  (K)  for  two  transport  wing  histories.  The  K  is  calculated 
based  on  the  formula 

K  =  a  .  (K)  (10.2.1) 

a 

where  K/a  is  the  stress-intensity  factor  coefficient  for  the  geometry  and  c 
is  the  characteristic  stress  parameter,  here  chosen  as  the  root  mean  square 
(RMS)  of  the  maximum  stresses  in  the  history,  i.e. 
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In  Equation  10.2.2,  N  is  the  number  of  stress  events,  and  O 

n  max . 

l 


denotes  the  maximum  stress  for  the  ith  stress  event. 


It  is  seen  from  Figure  10.2.3  that  the  crack  growth  rate  (on  a  per  flight  basis) 
behavior  for  the  two  spectra  might  be  described  by  a  power  law  equation  of  the 
form 
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The  corresponding  damage  integration  equation  can  be  expressed  as 
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where  F  is  the  number  of  flights  required  to  grow  the  crack  from  a  to  a,  and 

o 

where  Aaj  is  evaluated  for  the  current  crack  length  using  Equation  10.2.3. 

The  coefficients  C  and  p  are  evaluated  using  least  squares  procedures  applied 
to  data  of  the  type  shown  in  Figure  10.2.3. 

The  value  of  the  data  shown  in  Figure  10.2.3  and  its  description  with  a  simple 
equation,  e.g.  Equation  10.2.3,  is  that  parametric  studies  can  be  conducted 
in  a  relatively  simple  manner.  Such  parametric  studies  could  cover  (a)  other 
ranges  of  crack  length  for  the  same  geometry,  (b)  other  structural  geometries, 
and  (c)  other  stress  magnification  factors  applied  to  the  same  spectra. 

10.2.2  Other  Methods  for  Generating  Rate  Descriptions 

Translating  experimental  crack  growth  life  data  to  flight-by- 
flight  crack  growth  rate  only  provides  one  method  for  generating  the  flight-by- 
flight  power  law  growth  rate  relationship  given  by  Equation  10.2.3.  The  power 
law  rate  equation  can  also  be  generated  using  two  different  analytic  methods. 

One  popular  analytical  method  is  to  calculate  the  RMS  range  and  maximum  parameters 
and  to  substitute  these  parameters  into  a  constant  amplitude  -  stress  ratio 
equation.  This  method  results  in  a  single  curve  that  describes  the  effects  of 
this  stress  combination.  The  following  example  illustrates  the  procedure. 

EXAMPLE  10.2.1  -  RMS  Power  Law  Analysis 

The  constant  amplitude  crack  growth  equation  for  a  particular  alloy  is  given  by 
(units:  in/cycles,  ksi  /in) 

||  =  8.63  x  10"8  Keff  2'347  CIO. 2.6) 
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where  the  effective  stress-intensity  factor  has  been  determined  to  be  of 
the  form: 
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When  the  values  of  maximum  stress  (o  )  and  stress  range  (Ac?)  for  a  given 

max 

constant  amplitude  loading  are  known,  these  values  are  used  with  the  stress- 

intensity  factor  coefficient  (K/  a)  for  the  geometry  of  interest  to  generate 

K  ,  i .  e . 
max 
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and  with  the  stress  ratio  formula 
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(10.2.7) 


R  =  1  - 


(10.2.8) 


max 


to  generate  the  parameters  defined  in  Equation  10.2.6.  To  obtain  the  power  law 
relation  that  would  result  for  a  flight-by-flight  spectrum,  the  RMS  values  are 
substituted  into  Equations  10.2,6  through  10.2.8. 


If  the  RMS  range  (A  0  )  and  maximum  (amax)  stresses  for  a  given  stress  history 
are  4.45  and  12.30  ksi,  respectively,  the  the  RMS  stress  ratio  (R)  is  given  by 
(from  Equation  10.2.8) 

A°  *  '  "  “  (10.2.9) 


R  =  1  - 


=  1  -  A. 45  =  0.6A0 


max  12,30 

From  Equation  10.2.7,  the  RMS  maximum  stress-intensity  factor  is 

K  =  a  (-)  =  12.3  (5) 

max  max  Ko' 
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and  Equation  10.2.6  becomes 
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Notice  that  the  rate  in  Equation  10.2.11  is  given  on  a  per  cycle  basis  so  one 
must  multiply  this  rate  by  the  average  number  of  cycles  per  flight  (flight  hour) 
to  obtain  the  Corresponding  average  growth  rate  per  flight  (or  flight  hour). 


A  method  that  substitutes  RMS  (or  other  statistically  derived)  parameters 
into  constant  amplitude  equations  has  one  major  limitation.  This  limitation  is 
that  load  interaction  effects  (retardation  or  acceleration)  are  ignored.  Thus, 
the  analyst  must  be  wary  of  comparisons  between  spectra  when  using  this  method, 
since  it  will  only  provide  first  order  approximations  of  spectra  effects. 

It  is  possible  to  account  for  load  interaction  effects  with  a  cycle-by-cycle 
analysis,  but  as  indicated  above,  the  processing  of  the  complete  stress  history 
requires  extensive  numerical  analysis.  An  approach  was  suggested  in  the  early 
1970* s  for  processing  a  limited  portion  of  a  stress  history  with  a  cycle-by- 
cycle  analysis  for  the  purpose  of  generating  crack  increments  at  several  crack 
lengths.  Most  of  the  details  for  generating  crack  increments  for  such  an 
analysis  were  discussed  in  subsection  5.2.5  relative  to  Figures  5.2.10  and 
5.2.11.  Figure  5.2.10  is  repeated  here  as  Figure  10.2.4,  and  the  corresponding 
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crack  growth  rate  data  is  presented  in  Figure  10.2.5.  The  choice  of  methods 
that  one  might  employ  for  the  cycle-by-cycle  analysis  is.  dictated  by  the  success 
that  a  given  analysis  has  had  in  predicting  crack  growth  behavior  of  the  type 
under  consideration.  In  Section  10.3,  a  detailed  example  of  an  analytical 
analysis  of  the  crack  growth  behavior  (life  and  rate)  of  three  transport  wing 
stress  histories  is  conducted.  This  example  should  provide  additional  insight 
into  how  the  simplified  rate  method  can  be  used  to  assess  spectra  and  their 
differences . 


10.2.3  Power  Law  Descriptions 

This  subsection  was  written  to  illustrate  the  generality  of  the  flight-by¬ 
flight  rate  approach.  The  next  subsection  describes  the  concerns  that  an 
analyst  should  have  before  using  the  approach. 

A  number  of  experimental  and  analytical  investigations  have  revealed  that  the 
flight -by-flight  crack  growth  rate  behavior  of  military  aircraft  can  be 
described  with  a  power  law  relationship  (Equation  10.2.3).  Specifically,  the 
stress  histories  considered  were  developed  to  facilitate  the  design  of  a  new 
structure  or  an  analysis  of  an  in-service  aircraft  for  force  management 
purposes.  As  such,  these  stress  histories  represented  an  expected  average 
usage  based  on  a  force  wide  composition  mission  mix;  most  of  the  stresses  in  these 

histories  repeated  after  an  application  of  a  large  block  of  flights  or  flight 
hours.  None  of  the  histories  involved  any  major  mission  change  during  the 
expected  life  of  the  aircraft.  For  these  histories,  one  might  say  that  the 
operations  today  will  be  like  the  operation  next  year  or  five  years  from  now. 
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Nevertheless,  the  generalized  observations  of  power  law  flight-by-flight  crack 
growth  rate  behavior  here  are  immediately  applicable  to  the  study  of  parameters 
affecting  structural  repair.  Thus,  the  results  of  these  studies  are  summarized 
in  Tables  10.2.1  and  10.2.2  for  bomber/transport  behavior  and  for  fighter/ 
attack/trainer  behavior,  respectively.  Table  10.2.1  presents  the  coefficients 
for  a  crack  growth  rate  per  flight  type  equation,  while  Table  10.2.2  presents 
the  coefficients  for  a  crack  growth  rate  per  flight  hour  type  equation. 

The  reader  can  note  from  Table  10.2.1  that  the  exponent  p  for  bomber / transport 
aircraft  wing  stress  histories  only  varies  from  about  3.0  to  3.5;  Table  10.2.2 
indicates  a  wider  variation  in  the  exponent  for  the  aircraft  and  conditions 
indicated  (2.2  <  p  <_  3.7).  Based  on  a  close  analysis  of  the  results,  it  can 
be  said  that  the  largest  variations  in  the  exponent  p  are  generated  due  to  the 
wide  variations  in  spectrum  content  (load  magnitude  and  frequency) . 

10.2.4  Analytical  Concerns 

Before  employing  a  flight-by-flight  crack  growth  rate  type 
analysis  to  estimate  the  life  of  a  repair,  the  analyst  should  be  concerned  with 
the  adequacy  of  such  an  analysis.  The  most  important  part  of  the  analysis  is 
the  definition  of  the  stress  history  that  the  repaired  member  will  experience 
in  the  future.  If  the  history  is  anticipated  to  be  statistically  repetitive  as 
a  function  of  time-in-service  then  the  results  from  a  flight-by-flight  rate 
analysis  will  be  comparable  to  a  cycle-by-cycle  analysis. 
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BOMBER/ TRANSPORT  BEHAVIOR 
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If  the  mission  type  or  mix  is  expected  to  change  significantly  as  a  function  of 
time,  then  projecting  a  predefined  rate  of  crack  growth  without  detailed 
consideration  of  how  the  damage  will  be  changing  could  lead  to  nonconservative 
errors.  One  method  for  addressing  mission  type  or  mix  changes  is  to  utilize 
one  rate  curve  before  the  time  of  change  and  another  rate  curve  subsequently. 

A  more  exact  method  for  addressing  mission  changes  is  by  using  a  cycle-by-cycle 
crack  growth  analysis  applied  to  the  stress  history  that  accounts  for  the 
changes. 

Rate  methods  have  one  inherent  problem;  they  tend  to  minimize  the  effects  of 
the  infrequently  applied  large  loads.  These  large  loads  will  cause  retardation 
effects  and  tend  to  slow  the  growth  process  (if,  in  application,  failure  is  not 
induced) .  Thus  rate  methods  will  normally  predict  somewhat  shorter  (more 
conservative)  lives  than  cycle-by-cycle  analyses. 

Based  on  Tables  10.2.1  and  10.2.2  the  analyst  should  note  that  the  crack  growth 
rate  equation  is  a  function  of  material,  location,  and  usage.  An  equation 
generated  for  the  horizontal  tail  should  not  be  used  for  the  vertical  tail 
(nor  wing) ;  an  equation  generated  for  air-to-ground  operations  should  not  be 
utilized  for  air-to-air  operations. 
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10.2.13 


Figure  10.2.1a,  Experimental  Propagation  Behavior  of  Corner 

Crack  with  Full  F-4E/S  Wing  Spectrum  (68000  cycles 
1000  flight  hours)  Scaled  to  Two  Stress  Levels 
(36  and  30.5  ksi). 
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Figure  10.2.1b.  Experimental  Flight-By-Flight  Fatigue  Crack 

Growth  Behavior  for  a  B-1A  Wing  Spectrum  Scaled 
to  Three  Stress  Levels  (24.17,  31.12,  and  36.31  ksi) 
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Figure  10.2.2.  Method  for  Reducing  Fatigue  Crack  Growth  Life 
Data  to  Fatigue  Crack  Growth  Rate  Data. 


Figure  10.2.3. 


Fatigue  Crack  Growth  Rate  Data  for  Two  Transport 
Spectra  (A  =  Upper  Wing,  B  =  Lower  Wing). 
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'=50  Flights)  . 


10.3 


SPECTRUM  ANALYSIS  FOR  REPAIR 


As  discussed  in  Section  10.2,  the  flight-by-flight  crack  growth 
rate  behavior  for  many  structural  loading  conditions  can  be  defined  using 
a  power  law  that  relates  crack  growth  rate  to  a  characteristic  stress-intensity 
factor,  i.e. 

%  -  CK  P  (10.3.1) 

dr 

An  example  analysis  is  conducted  using  three  transport  wing  stress  histories 
to  illustrate  how  such  equations  can  be  generated.  Subsequent  to  the 
generation  of  the  flight-by-flight  crack  growth  rate  equations,  additional 
analysis  is  conducted  to  evaluate  the  effects  of  stress  level  and  structural 
location  on  the  use  of  these  equations  for  the  analysis  of  structural  repairs. 

10.3.1  Definition  of  Stress  Histories 

The  transport  stress  histories  utilized  for  this  example 
were  developed  during  a  force  management  update  and  represent  the  expected 
behavior  at  three  separate  locations  on  the  lower  wing  surface.  The  force 
management  update  involved  a  complete  durability  and  damage  tolerant  analysis 
of  the  airframe  as  well  as  a  reassessment  of  past  and  future  usage  of  the 
aircraft  force.  Stress  histories  were  generated  for  durability  and  damage 
tolerant  studies  at  those  structural  locations  identified  as  potentially 
critical  to  the  continuing  safe  operation  of  the  force. 

The  lower  wing  stress  histories  chosen  for  this  example  analysis  represent 
locations  in  the  center  wing  (BL  70),  in  the  inner  wing  (WS  733)  and  the 
outer  wing.  All  three  stress  histories  were  developed  assuming  the  same 
operational  (mission  mix)  history.  The  operational  history  was  considered 
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to  be  represented  by  a  block  of  100  flights  with  a  defined  mission  order. 

Eight  (8)  separate  missions  were  identified  as  representative  of  service 
operations.  Each  mission  in  the  100-flight  block  averaged  4.8  hours  per 
flight. 

The  100-flight  block  of  ordered  missions  repeated  until  the  service  life  of 
40,000  flight  hours  was  exceeded;  thus,  more  than  83  applications  of  the 
repeating  100-flight  blocks  were  required  to  define  one  lifetime  of  operation. 
The  mission  order  for  the  eight  representative  missions  is  defined  by 
Table  10.3.1.  For  comparison  purposes.  Figure  10.3.1  presents  the  stress 
histories  for  mission  1  at  the  three  locations.  The  stress  histories  for 
the  other  seven  missions  could  be  defined  in  a  similar  manner. 

The  stress  history  for  each  location  is  now  defined  except  for  the  infre¬ 
quently  occurring  maximum  stresses.  The  infrequently  occurring  stresses 
in  each  mission  were  inserted  into  the  history  on  a  periodic  basis  as  a 
replacement  for  the  first  maximum  stress  in  the  mission.  The  period  of 
occurrance  of  these  replacement  load  events  was  during  the  tenth,  the  one- 
hundredth,  and  the  two-hundredth  repeat  occurance  of  any  of  the  individual 
eight  missions.  The  replacement  maximum  stresses  for  mission  1  for  the 
three  locations  are  listed  in  Table  10.3.2.  Each  mission  had  a  similar 
set  of  replacement  stresses. 
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Table  10.3.1 


MISSION  ORDERING  FOR  TRANSPORT 
FLIGHT-BY-FLIGHT  SPECTRUM 


Flights 

1-20 

4 

1 

1 

7 
6 

4 

5 
2 

5 

8 
2 
8 
2 
7 
1 

6 
7 
7 
2 
7 


Flights 

21-40 

6 

7 

7 
2 
1 

4 

3 

8 

5 

4 
3 
1 

6 
6 

3 
8 
6 
1 
2 

4 


Flights 

41-60 

7 

7 

6 

3 

6 

2 

6 

7 
3 

8 
8 

7 

3 
1 

8 

5 
7 

6 
2 

4 


Flights 

61-80 

6 

1 

1 

7 

6 

5 

3 
7 

4 
2 

3 

6 

5 

6 
7 
7 
6 
2 
5 

4 


Flights 

80-100 

5 

4 

6 
1 
1 
8 
2 

3 
8 
6 
7 

5 

6 
6 
6 
5 
1 
5 

4 
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Table  10.3.2 


REPLACEMENT  STRESSES  FOR  MISSION  1  FOR  THE 
THREE  WING  LOCATIONS 


Occurrance 

Center  Wing 

Inner  Wing 

Outer  Wing 

Frequency 

(BL-70) 

(WS-733) 

Location 

(per  no.  of 

Location 

Location 

mission  repeats) 

(ksi) 

(ksi) 

(ksi) 

1/1 

14.64 

14.43 

16.34 

1/10 

16.16 

16.14 

18.36 

1/100 

17.96 

18.20 

20.79 

1/200 

18.60 

18.89 

21.56 

10.3.2  Spectra  Descriptions 

The  stress  history  uniquely  defines  the  sequence  and 
magnitude  of  the  individual  stress  events  applied  at  a  specific  location. 

While  this  information  is  essential  for  conducting  a  cycle-by-cycle  crack 
growth  analysis  that  accounts  for  load  interaction,  it  is  both  difficult  to 
use  and  interpret  without  computer  programs  that  perform  such  analyses.  One 
of  the  side  benefits  associated  with  describing  flight-by-flight  crack  growth 
rates  as  a  function  of  a  characteristic  stress-intensity  factor  is  that  one 
is  forced  into  presenting  stress  history  information  simply.  This  subsection 
addresses  two  such  schemes  -  the  exceedance  curve  and  an  RMS  characterization. 


10.3.2.1  Exceedance  Curve  Descriptions 

One  normally  generates  a  stress  history  for 
a  given  mission  based  upon  exceedance  information;  however,  the  starting 
exceedance  information  is  typically  based  on  operational  parameters,  e.g. 
n^,  c'^rspeed,  weight,  altitude,  etc.,  for  given  mission  functions.  After 
a  stress  history  has  been  generated  for  a  collection  of  missions,  it  is 


10.3.4 


recommended  that  stress  exceedance  curves  be  generated  for  the  maximum 
stress,  the  minimum  stress,  and  the  positive  (load-increasing)  stress  range 
associated  with  all  stress  events.  The  exceedance  curves  for  the  maximum, 
minimum,  and  range  of  the  individual  stress  events  in  the  three  wing  stress 
histories  are  presented  in  Figure  10.3.2. 

The  exceedance  curves  for  each  stress  event  characteristic  are  noted 
(from  Figure  10.3.2)  to  be  similar  in  shape  but  somewhat  displaced  relative 
to  number  of  exceedances.  The  behavior  observed  might  have  been  expected 
since  all  three  locations  are  experiencing  the  same  operational  history. 

Both  the  minimum  stress  and  stress  range  exceedance  curves  indicate  a 
plateau  around  8300  exceedances,  which  is  the  dividing  line  between  once 
per  flight  occurrances  and  those  that  occur  more  frequently.  Thus,  because 
we  are  dealing  with  a  transport  aircraft,  it  can  be  noted  that  the  once  per 
flight  ground-air-ground  (GAG)  cycle  has  a  stress  range  typically  larger  than 
16  ksi,  while  the  gust /maneuver  cycles  have  stress  ranges  less  than  8  ksi. 

In  anticipating  the  level  of  damage  that  a  stress  history  might  generate,  the 
exceedance  curve  becomes  a  useful  tool.  The  highest  stresses  { all  events) 
are  noted  to  be  present  in  the  outboard  wing  (followed  by  the  inner  wing  and 
then  center  wing).  Also,  for  a  given  magnitude  of  any  stress  characteristic, 
the  number  of  exceedances  are  the  highest  for  the  outboard  wing  location 
(followed  by  the  inner  wing  and  then  center  wing).  The  implication  is  that, 
on  a  per  flight  basis,  more  damage  is  generated  at  the  outer  wing  location 
then  at  the  other  two  locations,  all  other  things  being  equal  (structural 
geometry,  material,  crack  geometry,  etc.). 
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The  shape  of  the  exceedance  curve  can  also  be  used  to  determine  if  the  stress 


history  might  be  expected  to  introduce  major  perturbations  in  the  crack 
growth  behavior.  If  the  exceedance  curve  associated  with  the  maximum  stress 
characteristic  is  relatively  continuous  from  the  infrequent  to  the  once  per 
flight  event,  then  the  flight-by-flight  crack  growth  rate  curve  would  also 
be  expected  to  be  relatively  continuous.  Except  for  the  outboard  wing 
location  curve  between  40-60  exceedances.  Figure  10.3.2a  shows  that  the 
maximum  stress  exceedance  curves  are  relatively  continuous.  It  is  therefore 
expected  that  the  flight-by-flight  crack  growth  rate  curves  for  the  three 
wing  histories  will  be  relatively  continuous  (not  show  major  effects  of 
retardation) . 


10.3.2.2  RMS  Descriptions 


The  presentation  of  complicated  variable 


amplitude  stress  histories  can  be  simplified  by  defining  average  or  RMS 
values  of  the  stress  event  characteristics,  i.e.  the  maximum  stresses  and 
positive  stress  ranges  of  the  history.  The  difference  between  the  average 
value  and  the  RMS  value  of  a  given  characteristic  is  normally  not  more  than 
3  percent  when  one  is  considering  stress  histories  with  more  than  1000 
stress  events.  For  average  stress  analysis,  one  uses 


O 


mean 


i=l 


N 

E  Co±/N) 


(10.3.2) 


while  for  RMS  analysis,  one  uses 


1/2 
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(10.3.3) 


where  is  the  characteristic  (maximum  stress  or  stress  range)  for  the 

ith  stress  event  and  N  is  the  total  number  of  stress  events. 


Similar  analysis  schemes  have  also  been  employed  where  the  slope  (p)  of  the 
crack  growth  rate  power  law  expression  (Equation  10.3.1)  is  used  to  calculate 
a  representative  stress,  i.e. 


a 


REP 


(10.3.4) 


Experience  has  shown  that  such  schemes  (Equation  10.3.4)  are  not  appreciably 
of  more  value  than  the  average  or  RMS  determined  characteristics. 

The  RMS  equation  (Equation  10.3.3)  was  applied  to  the  three  transport  wing 
stress  histories  to  obtain  RMS  values  for  the  maximum  stress  and  stress 
range.  The  results  are  summarized  in  Table  10.3.3. 


Table  10.3.3 

PER  CYCLE  ROOT  MEAN  SQUARE  REPRESENTATIVE  STRESS 
VALUES  FOR  THE  THREE  WING  STRESS  HISTORIES 


Maximum 

Stress 

Cycles  Per 

Stress 

Stress 

Range 

100  Flights 

History 

(ksi) 

(ksi) 

Center  Wing 
(BL-70) 

8.00 

3.52 

18268 

Inner  Wing 
(WS-733) 

7.24 

3.33 

41174 

Outer  Wing 

8.01 

3.38 

62562 
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Based  on  the  RMS  analyses  presented  in  Table  10.3.3,  it  appears  as  if  the 
three  stress  histories  are  quite  similar  on  a  per  cycle  basis  (the  stress 
ranges  are  within  five  (5)  percent,  and  the  maximum  stresses  are  within 
ten  (10)  percent).  Based  on  a  constant  amplitude  analysis  of  these  stress 
conditions,  the  damage  per  cycle  would  be  expected  also  to  be  similar. 

From  Table  10.3.3,  one  can  note  that  the  number  of  cycles  applied  per  100 
flight  block  differs  substantially  from  stress  history  to  stress  history. 

If  the  RMS  stresses  are  similar  and  the  number  of  stresses  per  flight 
differ,  then  one  would  expect  that  the  damage  per  flight  would  favor  the 
stress  history  with  the  most  stress  events  per  flight. 

One  of  the  reasons  that  the  RMS  representative  stresses  can  not  be  blindly  used 
in  a  constant  amplitude  equation  to  accurately  estimate  crack  growth  behavior 
is  because  the  damage  is  a  non-linear  function  of  the  different  events  in 
the  history.  The  analyst  must  understand  where  the  damage  is  coming  from 
and  isolate  on  those  events.  For  example,  a  transport  wing  stress  history 
generates  damage  as  a  result  of  both  GAG  cycle  loading  and  gust /maneuver 
cycle  loading.  A  second  analysis  was  therefore  conducted  on  the  three  wing 
histories  to  obtain  per  flight  characteristics  for  the  GAG  and  gust /maneuver 
cycles.  This  analysis  is  presented  in  Table  10.3.4. 
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Table  10.3.4 


PER  FLIGHT  ROOT  MEAN  SQUARE  REPRESENTATIVE  STRESS 
VALUES  FOR  THREE  WING  STRESS  HISTORIES 


GAG 

GAG 

Gust/Manu. 

Gust/Manu . 

Number 

Stress 

History 

Maximum 

Stress 

Maximum 

Stress 

of  Gust/ 

Stress 

Range 

Stress 

Range 

Manu. 

(ksi) 

(ksi) 

(Ksi) 

(ksi) 

Cycles 

Center  Wing 

12.23 

18.64 

7.97 

3.35 

182 

(BL-70) 

Inner  Wing 

13.14 

18.13 

7.21 

3.31 

411 

(WS-733) 

Outer  Wing 

14.73 

20.01 

7.99 

3.29 

625 

Relative  to  the  per  flight  RMS  representative  stress  values  for  GAG  and  gust/ 
maneuver  cycles,  the  three  stress  histories  are  shown  to  be  relatively  similar. 
The  magnitude  of  the  GAG  cycle  appears  to  be  increasing  as  the  location  moves 
outboard;  this  would  indicate  that  the  GAG  cycle  causes  more  damage  per  flight 
in  the  outboard  wing  than  at  the  inner  and  center  wing  locations.  We  note 
that  the  largest  number  of  gust /maneuver  cycles  occur  at  the  outer  wing  location 
and  this  would  also  favor  more  damage  per  flight  (due  to  gust /maneuver  cycles) 
than  the  other  two  locations. 

10.3.3  Crack  Growth  Analysis 


To  obtain  a  flight-by-flight  crack  growth  rate  equation 
(Equation  10.3.1),  it  is  necessary  to  have  either  a  crack  growth  life  curve 
or  the  capability  for  generating  such  a  curve.  As  described  in  Section  10.2, 
once  a  flight-by-flight  crack  growth  life  curve  exists,  it  can  be 
differentiated  to  obtain  crack  growth  rates. 
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The  simplest  manner  for  differentiating  a  curve  is  by  using  the  secant  method, 
i.e. 


da 

dF 


(10.3.5) 


where  (a^,  F^)  and  a^,  F^)  represent  two  different  points  on  the  crack  growth 
life,  crack  length  (a)  versus  flights  (F)  curve.  The  derivative  (Equation 
10.3.5)  is  considered  to  be  the  slope  of  the  curve  at  the  mean  crack  length 
of  the  two  points,  i.e. 

Van"  I<al+a2>  <10-3'6> 

The  mean  crack  length  provides  the  ability  to  calculate  the  stress-intensity 
factor  coefficient  (K/o)  for  the  geometry  associated  with  the  crack  growth 
life  curve.  To  describe  the  crack  growth  rate  as  a  function  of  stress-intensity 
factor,  it  is  necessary  to  have  either  a  formula  or  graph  that  relates  stress- 
intensity  factor  to  crack  length  for  a  known  external  loading  condition.  For 
example,  if  the  stress-intensity  factor  is  related  to  gross  stress  condition 


(a  )  by  the  formula 
gross 


K  =  0 


gross 


6  /tt  a 


(10.3.7) 


Then  the  stress-intensity  factor  coefficient  is 


K 


=  6  /if  a 


(10.3.8) 


o 


gross 


and  Equation  10.3.8  is  evaluated  for  a  =  a 


mean 


(Equation  10.3.6).  Note  that 


3  is  typically  a  function  of  crack  length. 
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10.3.3.1 


Generation  of  Crack  Growth  Curves 


Crack  growth  life  curves  were  generated 


for  the  three  transport  wing  stress  histories  using  the  modular  version  of 
CRKGRO,  a  variable  amplitude  crack  growth  analysis  computer  code.  The  material 
chosen  for  the  study  was  a  7075-T651  aluminum  alloy;  the  associated  constant 
amplitude  crack  growth  rate  curve  was 


2/3  3 

(l-R)  ) 


(10.3.9) 


max 


with  K  =  68  ksi  /in  and  a  R  =  -0.12  negative  cuttoff.  The  Willenborg-Chang 
retardation  model  embedded  within  CRKGRO  was  used  to  account  for  load- 
interaction  effects.  These  modeling  choices  affect  the  absolute  accuracy 
of  the  crack  growth  predictions  but  not  the  implications  of  the  analysis 
which  are  presented  in  a  relative  sense. 

Rather  than  dealing  directly  with  the  actual  structural  geometries  for  the 
three  wing  locations,  it  was  decided  that  the  crack  growth  analysis  would  be 
applied  for  a  common  geometry  for  all  three  stress  histories.  This  choice 
does  not  affect  the  crack  growth  rate  analysis  as  will  be  further  discussed 
below.  The  choice  of  common  geometry  for  all  three  stress  histories  makes  it 
possible  to  evaluate  the  relative  effects  of  per  flight  and  per  cycle 
damage  in  a  straightforward  manner.  Since  a  common  geometry  is  being 
chosen  for  the  analyses,  we  decided  also  to  choose  a  simple  geometry:  a 
four  (4)  inch  wide  center  cracked  panel  was  the  choice,  giving  a  stress- 
intensity  factor  coefficient  of 
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K 

a 


1/2 


(10.3.10) 


=  (TTa  .  sec  —  ) 
w 


The  initial  and  final  crack  length  chosen  for  the  configuration  were  0.11  and 
1.25  inch,  respectively.  Figure  10.3.3  summarizes  the  common  configuration 
employed  in  this  analytical  study. 

Figure  10.3.4  presents  both  the  crack  growth  life  curve  generated  by  CRKGRO 
and  its  crack  growth  rate  counterpart  for  the  center  wing  stress  history. 

The  crack  growth  rate  curve  was  generated  by  forming  the  secant  defined  slope 
for  consecutive  points  on  the  life  curve  and  relating  this  slope  to  the  stress- 
intensity  factor  calculated  using  the  mean  crack  length  and  the  RMS  maximum 
stress  value  (given  in  Table  10.3.3).  The  stress-intensity  factor 
in  Figure  10.3.4  is  given  by 


K  =  (  G  ) 

max  RMS 


(10.3.11) 


where  (0  )  =8.0  ksi  and  (K/a)  is  given  by  Equation  10.3.10.  The  curve 

IIlaX  RMS 

through  the  center  of  the  points  in  Figure  10.3.4  is  the  mean  trend  curve  that 
connects  all  the  points. 


Figure  10.3.5  presents  the  crack  growth  life  curves  generated  for  the  other 
two  wing  locations,  again  using  the  computer  code  CRKGRO.  Figure  10.3.6 
summarizes  the  crack  growth  rate  behavior  associated  with  all  three  stress 
histories.  The  inner  and  outboard  wing  crack  growth  rate  data  points  were 
also  generated  by  the  secant  method  of  analysis.  The  RMS  maximum  stresses 
used  for  the  stress  multiplier  in  Equation  10.3.11  were  7.24  and  8.01  ksi  for 
the  inner  wing  and  outer  wing  location,  respectively. 
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10,3. 3. 2  Analysis  of  Observed  Behavior 


A  number  of  observations  can  be  made  from  the  data 
presented  in  Figures  10.3.4  through  10.3.6.  First,  the  life  is  shortest  and  the 
rates  are  fastest  for  the  outer  wing  stress  history;  this  stress  history  is  the 
most  damaging  from  a  crack  growth  point  of  view.  The  next  most  damaging  history 
is  the  inner  wing  stress  history;  the  least  damaging  history  is  associated  with 
the  center  wing  location.  Second,  the  three  crack  growth  rate  curves  appear  to  be 
almost  parallel  and  relatively  continuous  throughout  the  range  shown.  There  are 
discontinuities  in  the  outer  and  inner  wing  curves  which  tend  to  locally  depress 
the  rate  curves.  These  discontinuities  are  not  severe  and  are  associated  with 
the  exceptionally  high  but  frequently  occurring  maximum  stress  events  in  the 
stress  history. 

As  a  result  of  the  relatively  continuous  nature  of  the  crack  growth  rate  curves, 
least  square  procedures  were  applied  to  the  data  in  Figure  10.3.6  in  order  to 
generate  the  constants  in  Equation  10.3.1.  These  constants  are  presented  in 
Table  10.3.5  along  with  another  set  of  constants  derived  using  graphical  proce¬ 
dures  and  the  assumption  that  the  crack  growth  rate  curves  were  parallel. 

Figure  10.3.7  illustrates  the  degree  of  fit  achieved  by  the  curve  established 
using  least  squares  procedures  for  the  outer  wing  data.  The  least  squares 
determined  power  law  curve  is  seen  to  adequately  describe  the  outer  wing  data. 

The  other  two  least  squares  power  law  curves  provided  similarly  adequate 
descriptions  of  their  respective  crack  growth  rate  data. 
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Table  10.3.5 


CONSTANTS  C  AND  p  FOR  EQUATION  10.3.1 


Stress 

Least  Squares 

Graphical 

History 

Method 

Method 

C  p 

C 

P 

Center  Wing 
(BL-70) 

2. 54xl0~7  2.93 

3.35xl0~ 7 

2.89 

Inner  Wing 
(WS-733) 

7 . 29x10*" 7  2.73 

5.10x10" 7 

2.89 

Outer  Wing 

7.74xlO_7  2.86 

9.05xl0~7 

2.89 

A  second  crack  growth  life  analysis  was  conducted  using  the  three  transport  wing 
stress  histories  scaled  to  a  lower  stress  level;  all  stress  events  in  the  three 
histories  were  scaled  to  0.903  of  their  original  level  (both  tensile  and  compres¬ 
sive  levels  were  scaled  equally) .  The  modular  version  of  CRKGRO  was  employed 
for  this  second  analysis  and  all  geometry  and  material  properties  were  kept  the 
same.  The  stress  history  mission  mix  and  order  (stress  sequence)  were  the  same 
as  described  in  subsection  10.3.1.  As  expected,  longer  crack  growth  lives  were 
associated  with  the  lower  stress  magnitude  stress  histories.  Table  10.3.6 
summarizes  the  life  predictions  required  to  grow  the  crack  between  the  previously 
defined  limits,  i.e.  (between  2a^  =  0.22  inch  and  2af  =  1.60  inch). 

10.3.3.3  Interpertation  and  Use  of  Crack  Growth  Rate  Curves 

It  can  be  noted  from  Table  10.3.6  that  the  ratios  of 
crack  growth  lives  for  the  two  stress  magnification  factors  are  nearly  the  same 
(within  2  percent)  for  the  three  stress  histories.  The  reason  for  this  happening 
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EFFECT  OF  STRESS  MAGNIFICATION  FACTOR  ON  CRACK  GROWTH 
LIVES  (L)  CALCULATED  BY  CRKGRO  FOR  A  CENTER  CRACK  (2a) 
GROWING  BETWEEN  2a  =  0.22  AND  1.60  INCH 


10.3.15 


can  be  justified  on  the  basis  of  the  crack  growth  rate  behavior.  Consider 
Figure  10.3.8  where  both  the  crack  growth  life  and  crack  growth  rate  behavior 
associated  with  the  scaled  inner  wing  stress  histories  are  described.  Figure 
10.3.8  shows  that  while  the  life  behavior  is  different,  the  crack  growth  rate 
behavior  can  be  described  by  a  common  curve.  If  the  common  crack  growth  rate 
curve  is  a  power  law  equation  (Equation  10.3.1)  then  its  integral  form,  i.e. 

af 

F  =  j.  da  (10.3.12) 

a  CKP 
o 

can  be  rewritten,  using  Equations  10.3.10  and  10.3.11,  as 


F 


c(a  /rT ) 

maXRMS 


a 

o 


da 


(  a. sec  TTa 
W 


(10.3.13) 


If  all  the  stresses  in  a  stress  history  are  scaled,  then  the  a  characterizing 
stress  will  be  scaled  by  the  same  factor.  So,  if  the  crack  growth  interval 
remains  the  same,  the  life  ratio  (  Lq  j  L^;  where  =  F  and  Lq  =  F 

lower  stress)  is  given  by 

P 


"0.903 


(a  ) 

maXRMS 


=  (0.903) 


-P 


(0.903  O  ) 

maxRMS 


(10.3.14) 
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Since  all  other  factors  in  Equation  10.3.13  are  constant,  note  that  the 
integral  is  only  a  function  of  geometry  and  once  the  geometry  is  defined  the 
stress  level  does  not  influence  its  value. 

Using  Equation  10.3.14  and  the  power  law  exponents  given  in  Table  10.3.5,  the 
life  ratio  for  the  scaled  stress  histories  is  noted  to  vary  between  1.32  and 
1.35  (lowest  value  of  exponent  yield  lowest  life  ratio).  The  life  ratio 
estimate  based  on  the  crack  growth  rate  power  law  exponent  is  noted  to  closely 
approximate  the  life  ratios  given  in  Table  10.3.6.  Thus,  if  one  can  obtain  an 
estimate  of  the  crack  growth  rate  power  law  exponent,  then  one  can  closely 
approximate  the  effect  of  stress  scaling  on  the  crack  growth  life  behavior. 
Section  10.4  provides  additional  Information  on  the  use  of  this  analysis 
approach  for  estimating  the  lives  of  structural  repairs. 

Independent  of  the  above  remarks,  Equation  10.3.12  has  an  important  application 
for  directly  estimating  the  structural  life  of  cracked  components.  As  an 
example  of  its  use  for  conducting  such  analysis,  we  compared  the  results  of  the 
CRKGR0  analysis  with  life  estimates  made  using  the  data  presented  in  Table  10.3.5 
and  Equation  10.3.13.  These  results  are  presented  in  Table  10.3.7,  where  it  is 
seen  that  the  power  law  life  prediction  ratios,  which  are  conservative  relative 
to  the  least  squares  procedure,  result  in  estimates  which  more  closely  approxi¬ 
mate  the  CRKGR0  estimates  for  all  three  stress  histories. 

Because  the  least  squares  determined  coefficients  are  insensitive  to  the  accu¬ 
racy  with  which  the  crack  growth  rate  data  are  described,  it  is  suggested  that 
the  analyst  comparatively  review  the  least  squares  results  in  a  graphical  format 
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RATIO  OF  POWER  LAW  LIFE  PREDICTIONS  (L  )  TO  CRKGRO  LIFE  PREDICTIONS  (L 
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such  as  Figure  10.3.7.  One  reason  for  chosing  the  graphical  method  is  to 
emphasize  the  (log- log)  lower  portion  of  the  crack  growth  rate  behavior. 

(The  least  squares  procedure  results  in  a  "best"  fit  to  all  the  data). 

When  flight-by-flight  crack  growth  rate  behavior  is  shown  to  be  independent  of 
stress  scaling  effects,  the  behavior  will  also  be  independent  of  the  geometry 
used  to  collect  the  crack  growth  life  data.  This  has  been  shown  for  a  number 
of  aircraft  stress  histories  similar  to  those  analyzed  in  this  section. 

One  cautionary  remark  must  be  made  relative  to  geometrical  effects  -  if  one 
reduces  crack  growth  life  data  using  a  stress-intensity  factor  which  is  substan¬ 
tially  in  error  of  the  actual  stress-intensity  factor  for  the  geometry,  then 
the  transference  of  the  crack  growth  rate  data  from  one  geometry  to  another  will 
not  be  possible.  In  other  words,  take  care  in  reducing  crack  growth  life  data 
from  structural  geometries  where  the  stress-intensity  factor  is  not  will  defined. 

10.3.3.4  Analysis  for  Multiple  Stress  Histories 

Air  Logistic  Center  (ALC)  engineers  typically  need  to 
analyze  structural  locations  within  a  component  for  which  no  stress  history  is 
available.  Frequently,  a  stress  analysis  of  these  structural  locations  must 
be  performed  based  on  a  strength  of  materials  approach.  One  question  asked 
repeatedly  is:  What  is  available  that  facilitates  conducting  a  simple  crack 
growth  life  analysis  of  these  structural  locations? 

One  method  that  has  potential  for  a  relatively  large  component  is  a  wide  area 
crack  growth  rate  equation  that  describes  the  rate  of  damage  growth  within  the 
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area  identified.  This  numbered  paragraph  provides  an  example  of  how  a  wide 
area  crack  growth  rate  equation  might  be  generated  and  then  utilized.  The  three 
transport  wing  stress  histories  provide  the  basis  for  this  example. 

To  develop  a  wide  area  crack  growth  rate  equation  it  is  necessary  to  have  crack 
growth  life  behavior  described  at  a  number  of  locations  within  the  area  of 
application.  The  mission  mix  and  stress  sequencing  must  be  the  same  at  all 
locations  considered.  It  is  anticipated  that  crack  growth  lives  might  be 
generated  for  ten  or  more  locations  experiencing  loading  conditions  which 
produce  similar  contributions  of  damage.  For  the  example,  only  three  locations 
were  analyzed  for  the  entire  wing;  however,  the  approach  and  interpertation  of 
results  would  be  similar  independent  of  the  component  and  numbers  of  location. 

As  was  shown  in  Figure  10.3.6,  the  flight-by-flight  crack  growth  rate  behavior 
associated  with  the  three  stress  histories  was  different;  the  rate  behavior  of 
each  was  seen  to  be  relatively  continuous  and  parallel  to  the  others.  To  obtain 
a  wide  area  crack  growth  rate  equation,  the  analyst  must  find  a  method  for 
collapsing  the  rate  curves  into  one  master  curve.  This  collapsing  can  only  be 
accomplished  (with  confidence)  if  the  analyst  understands  the  relationship 
between  the  damage  generation  process  and  the  stress  events  in  the  history. 

The  damage  maybe  generated  primarily  either  by  the  gust/maneuver  cycles  or  by 
the  GAG  cycles. 

"igure  10.3.6  shows  that  the  crack  growth  rates  are  ordered  for  the  three 
histories  according  to  the  number  of  gust/raaneuver  cycles  that  occur  per  flight, 
he  data  iu  Figure  10.3.6  were  therefore  converted  to  a  crack  growth  rate  per 
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cycle  basis  and  replotted.  Figure  10.3.9  describes  the  result  of  this  scaling 
of  crack  growth  rates.  As  is  shown  by  Figure  10.3.9,  the  crack  growth  rates 
are  found  to  collapse  to  tight  scatter  band  with  the  inner  wing  location 
behavior  forming  the  upper  curve  on  the  band. 

The  collapsing  of  crack  growth  rate  data  observed  in  Figure  10.3.9  does  not 

always  occur  when  the  a  parameter  is  used  as  the  stress  history  charac- 

maXRMS 

terizing  parameters.  If  the  analyst  uses  a  characterizing  parameter  that  does 
not  describe  those  events  that  create  damage,  one  would  not  expect  the  crack 
growth  rate  data  to  collapse.  Another  good  characterizing  stress  parameter  for 
the  three  transport  wing  stress  histories  is  the  root  mean  square  (RMS)  stress 
range  (Aa  ) .  Figure  10.3.10  describes  the  cycle-by-cycle  crack  growth  rate 

Krlo 

behavior  for  the  three  stress  histories  where  the  characterizing  stress-intensity 
factor  (K)  was  calculated  using 

K  =  Aa  (  K  )  (10.3.14) 

a 

As  Figure  10.3.10  illustrates,  the  characterizing  stress-intensity  factor  given 
by  Equation  10.3.14  also  collapses  the  rate  data.  Additional  choices  of  the 
characterizing  stress  maybe  necessary  when  the  damage  contributions  are  not 
dominated  by  a  single  loading  source. 

Once  a  master  crack  growth  rate  curve  exists,  the  curve  can  be  used  to  integrate 
the  crack  growth  rate  curve  at  a  specific  location  to  produce  a  crack  growth 
life  curve.  Figure  10.3.11  highlights  the  elements  of  the  analysis. 
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Figure  10.3.1a.  Center  Wing  Stress  History  for  Mission  1. 
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Figure  10.3.1b. 


Inner  Wing  Stress  History  for  Mission  1. 
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Figure  10.3.1c.  Outer  Wing  Stress  History  for  Mission  1. 
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STRESS  RANGE 
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a  =0.11  inch 
o 

=  1.25  inch 
W  =  8*  inch 


Figure  10.3.3  Common  Geometry  Used  to  Evaluate  Stress 
History  Effect  on  Crack  Growth  Behavior. 
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Figure  10. 3. A  Crack  Growth  Behavior  for  the  Center  Wing  Location;  Part  a  Generated  Using  CRKGRO 
Part  b  Generated  by  Secant  Slope  Method. 
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Figure  10.3.5  Flight-by-Flight  Crack  Growth  Life  Behavior  for  Inner  Wing  (WS-733) 
and  Outboard  Wing  Stress  Histories. 
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Flight-by-Flight  Fatigue  Crack  Growth  Rate  Behavior 
for  Three  Transport  Wing  Histories. 


10.3.30 
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Figure  10.3.7  Comparison  Between  Outer  Wing  Data  and  the 
Least  Squares  Determined  Curve. 
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Figure  10.3.9 


Cyclic  Crack  Growth  Rate  Behavior  for  Three 
Transport  Wing  Stress  Histories. 
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Figure  10.3.10  Cyclic  Crack  Growth  Rate  Behavior  for  Three 
Transport  Wing  Stress  Histories. 
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Figure  10.3.11  Schematic  of  Elements  Required  to  Analyse  for  Crack  Growth  Life 
at  Specific  Locations. 


10.4  LIFE  SENSITIVITY  FOR  STRESS  EFFECTS 


The  fatigue  crack  growth  life  of  structural  components  is  significantly 
affected  by  the  level  of  applied  (repeating)  stress  and  the  initial  crack  size. 
This  section  addresses  the  effect  of  applied  stress  level  on  any  structural 
component  and  provides  examples  whereby  relative  life  estimates  can  be  utilized 
to  facilitate  the  damage  tolerant  analysis  of  structural  repairs.  Section  10.5 
discusses  the  effect  that  initial  crack  size  has  on  the  crack  growth  life  of  a 
repaired  hole. 


The  simplest  method  for  evaluating  the  effect  of  stress  level  on  the  fatigue 
crack  growth  life  is  based  on  the  general  form  of  Equation  10.3.14  and  an 
available  crack  growth  life  curve  for  the  structural  gemometry  of  interest. 

The  general  form  of  Equation  10.3.14  related  the  life  (L^)  at  the  current  stress 
level  (a)  to  the  life  (L  )  at  the  new  stress  level  (x.G)  through  the  equation 


L 

XG 


L 

G 


P 

(  a  >  ,  x  -p 


(10.4.1) 


As  explained  in  Subsection  10.3.3,  Equation  10.4.1  will  estimate  life  in  a 
relative  sense  for  any  structural  detail  if  (1)  the  crack  growth  life  is  known 
for  a  defined  stress  history  and  (2)  the  flight-by-flight  crack  growth  rate 
behavior  is  described  by  the  power  law  equation 

_  P 

da  =  C  K  (10.4.2) 

dF 


10.4.1 


Equation  10.4.1  does  not  allow  one  to  calculate  relative  life  for  changes  in 
crack  interval,  in  crack  geometry,  or  in  mission  mix  (unless  a  master  crack 
growth  curve  is  available  for  different  mission  mixes).  The  above  restrictions 
do  not  minimize  the  extensive  usefulness  of  Equation  10.4.1. 


Rewriting  equation  10.4.1  so  that  is  relates  the  unknown  crack  growth  life  (L  ) 

xO 

to  the  known  life  results  in 


L 

xO 


“P 


L 


a 


(10.4.3) 


Equation  10.4.3,  in  essence,  provides  a  scaling  factor  that  would  be  applied 
to  the  complete  crack  growth  life  curve  for  any  structural  detail;  Figure  10.4.1 
illustrates  this  concept  schematically.  Note  that  the  life  scaling  factor 
(  x  ^  )  is  independent  of  the  shape  of  the  crack  growth  life  curve. 

Due  to  the  generality  of  the  life  scaling  factor  for  constructing  life  estimates 
it  is  instructive  to  evaluate  this  factor  as  a  function  of  the  stress  scaling 
factor.  The  relationship  is  described  in  Table  10.4.1  for  four  different  values 
of  the  crack  growth  rate  exponent  p.  Table  10.4.1  shows  that  the  smallest  life 
scaling  factors  for  x<l  are  associated  with  the  lowest  exponential  value 
(p  =  2.2).  For  x  <  1,  the  new  stress  level  is  lower  than  the  current  level  and 
as  one  would  guess  (see  Table  10.4.1  and  Figure  10.4.2),  the  greater  the  reducti 
in  stress  the  longer  the  life  (the  higher  the  life  scaling  factors). 

The  life  benefit  achieved  by  reducing  the  general  level  of  stress  in  a  structura 
detail  that  has  experienced  crack  problems  can  be  estimated . from  Equation  10.4.3 
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TABLE  10.4.1 


RELATIONSHIP  BETWEEN  STRESS  SCALING  FACTOR  x 

AND  LIFE  SCALING  FACTOR  L  FOR  DEFINED 

xo 

VALUES  OF  THE  CRACK  GROWTH  EXPONENT  p 


Stress 

Scaling 

Factor 

x  =  0 

new 

a 

current 

Life  Scaling  Factor 
(  for  x~P  ) 

P  =  2.2 

p  =  2.5 

p  =  3.0 

P  =  3.0 

0.50 

4.60 

5.66 

8 

11.31 

0.60 

3.08 

3.59 

4.63 

5.98 

0.70 

2.19 

2.44 

2.92 

3.48 

0.80 

1.63 

1.75 

1.95 

2.18 

0.85 

1.43 

1.50 

1.63 

1.77 

0.90 

1.26 

1.30 

1.37 

1.46 

0.92 

1.20 

1.23 

1.28 

1.34 

0.94 

1.15 

1.17 

1.20 

1.24 

0.96 

1.09 

1.11 

1.13 

1.15 

0.98 

1.04 

1.05 

1.06 

1.07 

1.00 

1.00 

1.00 

1.00 

1.00 

1.02 

0.96 

0.95 

0.94 

0.93 

1.04 

0.92 

0.91 

0.89 

0.87 

1.06 

0.88 

0.86 

0.84 

0.81 

1.08 

0.84 

0.83 

0.79 

0.76 

1.10 

0.81 

0.79 

0.75 

0.72 

1.15 

0.73 

0.71 

0. 66 

0.61 

1.20 

0.67 

0.63 

0.58 

0.53 

1.30 

0.56 

0.52 

0.46 

0.40 

1.40 

0.48 

0.43 

0.36 

0.31 

1.50 

0.41 

0.36 

0.30 

0.24 
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If  the  power  law  exponent  p  is  not  available  for  this  particular  structural 
detail,  it  is  recommended  that  a  conservative  estimate  of  p  be  made,  i.e.  for 
a  stress  reduction  chose  p  =  2.2,  and  evaluate  the  increase  in  life  on  this  basis. 

EXAMPLE  10.4.1  Modify  to  Achieve  Lower  Stress  Levels 

The  doubler  shown  in  Figure  10.4.3  has  been  modified  to  reduce  the  general  level 
of  stress  at  the  cracking  site  identified  by  ten  (10)  percent.  The  original 
doubler  on  a  6000  hour  aircraft  had  a  mean  service  life  of  3400  flight  hours  to 
a  crack  size  which  would  functionally  impare  the  use  of  this  aircraft.  How  much 
life  will  the  replacement  doubler  have?  No  crack  growth  life  curve  exists  for 

the  doubler  nor  for  the  general  area  of  the  wing  where  it  is  located.  A  wide 
area  master  curve  for  the  wing  is  described  by  a  power  law  equation  with 
exponent  p  =  2.89. 


SOLUTION: 

The  aircraft  is  presumed  to  fly  the  same  type  of  missions  with  the  same 
frequency  after  the  repair  modification  as  before.  Since  a  master  crack  growth 
rate  curve  is  available  for  the  wing,  the  analyst  would  evaluate  the  life  of  the 
repair  using  Equation  10.4.3  with  a  power  law  exponent  of  2.89.  The  modification 
is  expected  to  result  in  a  new  life  (^new)  for  a  ten  (10)  percent  reduction  in 
stress  level  (the  new  stress  level  is  0.9  times  the  current  stress  level). 

The  new  life  is  given  by 


L 


new 


-P 


current 


(10.4.4) 
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when  L  is  equal  to  3400  flight  hours.  Equation  10.4.4  reduces  to 

current 

-9  £Q 

L  =  (0.9)  .  (3400) 

new 

=  1.356  *  3400 

=  4610  flight  hours. 

Thus,  a  first  order  estimate  indicates  the  life  of  the  replacement  doubler  will 
be  35  percent  greater  than  the  original  doubler.  If  the  original  doublers  are 
removed  at  2500  hours  and  replaced  with  the  doubler  with  the  lower  stress,  it  is 
anticipated  that  the  replacement  doubler  will  not  fail  during  the  remaining  life 
of  the  aircraft  (2500  +  4610  =  7110  hours  >  6000  hour  life  requirement) .  If  no 
information  on  the  crack  growth  rate  behavior  existed  for  region  where  the 

doubler  was  located,  then  it  is  suggested  that  Equation  10.4.4  be  evaluated 
with  p  *  2.2.  The  result  of  this  evaluation  is  4285  hours  which  still  indicates 
that  the  replacement  doubler  will  out  last  the  aircraft  (2500  +  4285  =  6785 
hours  >  6000  hour  life  requirement) . 


As  a  cautionary  note,  it  is  important  to  recognize  that  the  best  estimate  of 
the  exponent  p  will  result  in  the  best  life  estimate.  The  exponent  p  is  expected 
to  vary  as  a  function  of  location  (due  to  material  and  stress  event  effects  on 
damage)  so  if  values  of  the  exponent  p  are  available  for  a  given  location  in 
a  component,  it  is  more  accurate  to  utilize  the  exponent  p  for  that  location. 

Another  direct  application  of  Equation  10.4.4  comes  from  moving  from  a  stress 
analysis  control  point  where  a  complete  crack  growth  life  analysis  is  available 
to  a  new  location  where  the  cracking  behavior  is  expected  to  be  similar  due  to 
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geometrical  and  material  conditions,  but  where  only  a  strength  of  materials 
analysis  is  available.  An  example  illustrates  the  approach  here. 

EXAMPLE  10.4.2  Local  Stress  Scaling 

Figure  10.4.4  describes  a  local  area  (Location  A)  of  an  aircraft  structure  that 
has  been  experiencing  distress.  Only  the  most  critical  hole  (Location  B)  in  the 
region  was  analyzed  during  a  damage  tolerance  analysis;  this  analysis  is 
summarized  in  Figure  10.4.5.  The  exponent  p  associated  with  the  aircraft’s 
standard  operational  missions  is  3.2  for  Location  B. 

A  strength  of  materials  analysis  was  conducted  to  evaluate  the  difference  in 
stress  levels  at  the  two  location  (A  &  B)  for  a  given  external  loading;  these 

stress  levels  are  defined  in  Figure  10.4.4.  Please  provide  an  estimate  of  the 
life  for  the  hole  identified  in  Figure  10.4.4. 

SOLUTION: 

The  crack  at  Location  A  is  presumed  to  grow  in  the  same  manner  illustrated 
in  Figure  10.4.5.  The  stress  history  at  Location  A  is  identical  to  that  at 
Location  B  except  that  the  stresses  are  scaled  to  a  lower  level  x  given  by 


x  = 


13.6 

14.3 


0.951 


So  that  the  life  (L^)  at  Location  A  is  found  using  Equation  10.4.4  and  the  crack 
growth  life  curve  in  Figure  10.4.5  which  describes  the  life  (L^)  to  any  given 

D 

crack  size  for  Location  B: 

La  =  (0.951)"3-2  (Lb)  (10.4.5) 
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From  the  Location  B  crack  growth  life  curve,  the  flights  required  to  break  the 
ligament  and  to  fracture  the  component  are  7300  and  12100  flights,  respectively. 
From  Equation  10.4.5,  the  corresponding  lives  at  Location  A  are  8570  and  14210 
flight,  respectively,  a  17  percent  increase  over  that  of  Location  B. 

If  cracks  are  observed  with  a  greater  frequency  at  Location  A  than  at  Location  B, 

and  if  the  crack  sizes  at  Location  A  are  longer  than  that  anticipated  at 

Location  B  for  the  same  operational  conditions,  then  the  analyst  might  reverse 
the  analysis,  i.e.  use  the  life  ratios  for  specific  crack  sizes  to  obtain  a 
better  indication  of  the  stresses  at  the  distressed  location.  EXAMPLE  10.4.3 
describes  this  calculation. 

EXAMPLE  10.4.3  Stress  Estimated  from  Crack  Behavior 

Cracks  have  been  noted  during  PDM  in  a  number  of  aircraft  at  Location  A 

(Figure  10.4.4).  From  the  available  inspection  data,  it  appears  that  the 

cracks  reach  a  length  of  0.150  inches  after  about  3600  flights.  The  DTA 
established  crack  growth  life  curve  indicated  that  0.150  inch  long  cracks 
should  not  appear  until  5800  flights.  Estimate  the  stress  level  difference 
between  Locations  A  and  B.  Also  estimate  the  number  of  flights  required  to 
fail  the  ligament  and  the  component. 


SOLUTION: 


The  method  suggested  for  determining  the  stress  level  difference  is  with 
Equation  10.4.4,  i.e. 


L 


A 


B 


(10.4.6) 
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where  L.,  L-.,  and  p  are  known  (L.  =  3600,  =  3800,  p  =  3.2).  Solving  for  x, 

Ad  Ad 

the  stress  ratio  between  Location  A  and  B  yields 


<v  <y p 

«V  '  LA 


and  the  stress  ratio  is 


x 


1 

(5800)  3,2 
3600 


1.16 


(10.4.7) 


(10.4.7a) 


So  the  stresses  at  the  cracking  site  (Location  A)  are  expected  to  be  16  percent 
greater  than  that  at  the  DTA  location  (Location  B) . 


Equation  10.4.6  can  be  now  used  to  estimate  the  lives  to  grow  the  crack 

(at  Location  A)  to  fail  the  ligament  and  the  component  with  x  known,  the  lives 

are  given  by 

La  =  (1.16)  "3*2  Lg  (10.4.6a) 

and  with  =  7300  and  12100  flights  for  the  Location  B  critical  conditions, 

LA  =  ^40  and  7525  flights*  respectively,  to  fail  the  ligament  and  the  component 
at  Location  A. 
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CRACK 

LENGTH 


FLIGHTS 


Figure  10.4.1  Schematic  Describing  the  Use  of  Equation  10.4.3 
to  Scale  the  Crack  Growth  Life  Curve  Based  on  a 
Stress  Level  Change  from  a  to  x* Q  where  x  <  1. 
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LIFE  SCALING  FACTOR 


X-STRESS  SCALING  FACTOR 


Figure  10.4.2 


Life  Scaling  Factor  (New  Life  f  Current  Life)  as  a  Function 
of  the  Stress  Scaling  Factor  (x  =  New  Stress/Current  Stress) . 
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Figure  10.4.3  Doubler  Analysed  in  Example  10.4. 
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Location  and  of  Crack  Site. 


Figure  10,4.5  Details  of  Cracking  Process  at  Location  B 
and  Life  Curve, 
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10.5 


LIFE  SENSITIVITY  ANALYSIS  FOR  HOLE  REPAIR 


Because  holes  are  stress  concentration  sites,  it  is  not  susprising 
that  a  large  number  of  holes  are  drilled  oversize  and  repaired  to  remove  crack 
indications  identified  during  inspection.  It  is  not  possible  to  conduct  a 
detailed  damage  tolerance  analysis  on  every  repair  of  this  type;  however, 
engineers  can  assess  the  life  of  many  components  before  and  after  the  hole  is 
enlarged  using  Equation  10.3.1  and  its  integral  counterpart  (Equation  10.3.12). 
Detailed  evaluations  should  always  be  conducted  for  critical  locations;  in  some 
cases,  the  detailed  evaluations  will  become  the  building  blocks  for  other 
simplified  repair  analyses. 

Hole  repairs  are  made  to  remove  crack  indications  from  the  edge  of  the  hole. 
Several  example  damage  tolerance  analyses  are  presented  in  this  section  to 
summarize  the  effect  of  oversizing  the  hole  to  remove  some  (but  not  all)  of  the 
crack  damage.  Practically  speaking,  the  objective  is  to  remove  all  the  crack 
damage.  But,  because  nondestructive  evaluation  (NDE)  capability  is  what  it  is, 
the  analyst  can  not  presume  that  all  traces  of  the  crack  are  removed  when  the 
hole  is  oversized.  From  an  economics  and  safety  viewpoint,  all  traces  of  the 
crack  should  be  removed  and  the  aircraft  restored  to  its  original  condition. 
When  conducting  a  damage  tolerance  analysis  to  protect  safety,  it  is  wise  to 
err  on  the  conservative  side  in  defining  the  initial  crack  size  after  a  hole 
oversizing  operation. 


10.5.1 


Before  introducing  the  example  analyses,  it  is  instructive  to  review  the  integral 


counterpart  of  Equation  10.3.1,  i.e.  Equation  10.3.12,  which  is  presented  as 
Equation  10.5.1 


F  = 


(10.5.1) 


or 


F 


da 

(6  ST  )P 


(10.5.2) 


The  parameter  3  is  the  geometry  correction  factor  which  is  normally  a  function 
of  crack  length.  We  again  note  that  the  integral 

af  i 

I  =  /  — ^ -  (10.5.3) 

ao  (3  ^")P 

is  independent  of  stress  effects  and  is  only  dependent  on  the  geometry  of  the 
structure  and  of  the  crack.  So  if  the  stress  parameter,  i.e.,  the  stress  history, 
is  constant,  then  the  impact  of  geometry  changes  on  life  can  be  assessed  by 
studying  the  variation  of  I  as  the  geometry  changes.  The  following  example 
will  be  used  to  illustrate  this  point. 

EXAMPLE  10.5.1  Variation  of  Initial  Crack  Size  on  Life 

structural  member  made  from  D6AC  steel  has  been  experiencing  cracking  problems 
at  a  1/4  diameter  weep  hole.  If  the  crack  growth  rate  per  flight  hour  is  given  by 


da 

d  (FH) 


16  x  10  8  K  2'6 


(10.5.4) 


10.5.2 


Calculate  the  life  required  to  grow  a  thru-thickness  crack  from  several  initial 
crack  sizes  to  a  0.550  inch  long  radial  crack.  Assume  the  stress  is  30  ksi. 

SOLUTION: 

The  integral  counterpart  of  Equation  10.5.4  for  this  problem  is 


FH 


1 

16xlO-7  (30  Sn  )2'6 


0.550 

f 

a 

o 


da 

ce  v^-)2*6 


(10.5.5) 


where  3  is  associated  with  the  radially  cracked  hole  geometry,  see  Subsection 
1.7.3,  Table  1.7.3,  Case  1.7. 3.1,  Equation  1.7.4: 


3  = 


(£) 

1 


0.8734 

(0.3246  +  -) 
r 


+  0.6762 


(10.5.6) 


The  life  results  (solutions  to  Equation  10.5.5)  for  several  initial  crack  lengths 
are  presented  in  Table  10.5.1 
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TABLE  10.5.1 


CRACK  GROWTH  LIFE  AS  A  FUNCTION  OF  INITIAL  SIZE 
FOR  O  =  30  ksi  AND  af  =  0.550 


a 

o 

(inch) 


Life  (L  )  Life  Ratio 

a 

°  (L  /L 

(flight  ''  a  '  0.050) 

hours) 


0.001 

8894 

0.002 

7360 

0.005 

5625 

0.010 

4465 

0.020 

3416 

0.025 

3102 

0.040 

2480 

0.050 

2205 

0.075 

1736 

0.100 

1428 

0.125 

1204 

4.03 

3.34 

2.55 

2.02 

1.55 
1.41 
1.12 
1.00 
0.78 
0.65 
0.55 
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It  is  important  to  note  that  the  life  ratios  generated  by  dividing  all  the  life 


values  by  the  life  value  associated  with  a^  =  0.050  inch  is  independent  of 
stress  level.  The  reader  might  try  the  same  calculation  for  life  ratio  using 
a  stress  of  50  ksi.  The  life  ratio  results  in  Table  10.5.1  are  described  in 
Figure  10.5.1  which  illustrates  the  importance  of  initial  crack  size  on  life. 
While  the  values  of  the  life  ratios  would  change  for  changes  in  the  material, 
structural  geometry,  and  probably  aircraft  operation  (as  sensed  by  p) ,  the 
conclusion  that  life  is  significantly  affected  by  initial  flaw  size  would  not 
change. 


Equation  10.5.3  can  also  provide  a  simplified  method  for  determining  the  effect 
of  increasing  the  diameter  of  a  cracked  hole.  Consider  Figure  10.5.2  which 
defines  the  three  stages  associated  with  increasing  the  hole  diameter  to  remove 
a  pre-existing  crack.  One  of  the  first  steps  in  the  analysis  is  to  obtain  an 
estimate  of  the  intital  structural  life  (this  life  is  referred  to  as  the  DTA 
result  or  the  Blueprint  life).  For  purposes  of  this  analysis,  the  DTA  result  is 
presumed  available  for  the  region  of  interest. 

As  indicated  in  EXAMPLE  10.5.1,  the  larger  the  initial  crack  size,  the  shorter 
the  life.  Thus,  the  decision  of  chosing  the  initial  flaw  size  after  oversizing 
is  an  important  one  -  both  for  economy  and  for  safety.  Based  on  conversations 
with  NDE  engineers  at  several  ALC  depots,  the  minimum  crack  size  that  can  be 
assumed  after  an  oversizing  operation  is  0.015  inch  based  on  current  capability. 
For  consistancy  of  analysis  with  MIL  Spec.  83444  requirements,  however,  it  is 
recommended  that  crack  sizes  be  no  smaller  than  that  associated  with  initial 


10.5.5 


manufacturing.  An  example  problem  is  presented  later  in  the  section  to  consider 


the  influence  that  the  initial  post  rework  crack  size  has  on  the  remaining 
structural  life.  First,  let  us  consider  the  influence  that  the  reworked  over¬ 
sized  hole  has  on  life  relative  to  that  of  the  initial  hole. 

EXAMPLE  10.5.2  Effect  of  Rework  Hole  Size  on  Life 

In  this  example,  the  blueprint  diameter  is  0.250  inches  and  the  final  crack 
length  is  0.550.  For  comparative  purposes,  the  initial  crack  length  (both 
manufacturer’s  and  post  rework)  is  0.050  inches  and  is  assumed  to  be  a  through¬ 
thickness  crack.  See  Figure  10.5.3  for  a  description  of  the  geometrical 
conditions  both  initially  and  post-rework. 

Present  a  comparative  life  analysis  that  defines  the  effect  of  enlarging  the 
0.250  inch  diameter  hole  to  larger  sizes  during  repair  of  hole  crack  damage. 
Allow  the  crack  growth  rate  exponent  p  to  vary  from  2.5  to  3.5*  Assess  the 
effect  of  the  exponent  p  on  the  results. 

SOLUTION: 

Since  a  comparative  analysis  is  being  conducted,  it  is  not  necessary  to 

know  the  stress  level  nor  the  crack  growth  rate  constant  C,  i.e.,  only  those 

parameters  that  affect  the  integral  I  (Equation  10.5.3)  need  be  considered. 

Table  10.5.2  presents  the  results  of  the  calculations  where  the  lives  have  been 

normalized  to  the  Blueprint  life  I  ,  using  (I  -  I  )*100/l 

r*U • 1/0  r  r-u . izj  r^U.lzo 

where  I  is  the  value  of  Equation  10.5.3  for  radius  r. 
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TABLE  10.5.2 


COMPARATIVE  ANALYSIS  TO  DETERMINE  THE 
EFFECT  OF  ENLARGING  THE  HOLE 
(INITIAL  CRACK  LENGTH  =  0.050  INCH) 


Initial 

Hole 

Radius 

(inch) 

Rework 

Change 

in 

Radius 

(inch) 

Final 

Hole 

Radius 

(inch) 

% 

p=2 . 5 

Life  Reduction 

p=3. 0  p=3. ! 

0.125 

0 

0.125 

0 

0 

0 

0.125 

1/64 

0.140625 

10.6 

12.2 

13.7 

0.125 

1/32 

0.15625 

19.7 

22.3 

24.9 

0.125 

3/64 

0.171875 

27.5 

30.9 

34.1 

0.125 

1/16 

0.1815 

34.3 

38.2 

41.9 

0.125 

5/64 

0.203125 

40.2 

44.5 

48.4 

0.125 

3/32 

0.21875 

45.5 

49.9 

54.0 

0.125 

7/64 

0.234375 

50.2 

54.7 

58.9 

0.125 

1/8 

0.250 

54.4 

58.9 

63.0 

0.125 

9/64 

0.265625 

58.2 

62.7 

66.7 

0.125 

5/32 

0.28125 

61.6 

66.0 

69.9 
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Figure  10.5.1  Crack  Growth  Life  Ratio  as  a  Function  of  Initial 
Crack  Size  Based  on  Results  Presented  in 
EXAMPLE  10.5.1. 
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a.  Initial  Configuration 


b.  In  Service 

Configuration 


r  =  r 

o 


c.  Initial 
Reworked 
Configuration 


Figure  10.5.2  Three  Stages  in  the  Life  of  A  Cracked  Hole. 
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Figure  10.5.3  Geometrical  Parameters  Associated  with  Blueprint  and 
Post  Rework  Crack  Configurations  for  EXAMPLE  10.5.2. 
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BLEND-OUT  REPAIRS 


One  of  the  accepted  procedures  for  removing  a  small  amount  of  crack 
damage  in  the  field  is  through  the  use  of  blend-out  repairs.  These  repairs  are 
efficiently  accomplished  and  for  the  most  part,  return  the  structure  close  to 
its  original  static  strength  and  design  crack  growth  life  interval.  This  sub¬ 
section  was  prepared  to  specifically  address  the  type  of  fatigue  crack  growth 
life  analysis  one  might  conduct  to  ensure  that  a  blend-out  repair  has  not 
significantly  degraded  the  anticipated  service  life  of  the  structure. 

There  are  two  basic  conditions  that  might  degrade  the  life  of  the  structure  as 
a  result  of  blend-out:  (1)  the  accidental  gouging,  scraping,  or  otherwise 
damaging  of  the  material  during  the  repair  and  (2)  the  development  of  a  stress 
concentration  site.  Both  conditions  must  be  actively  avoided  since  both  tend  to 
accelerate  the  development  of  new  cracks  which  could  cause  safe ty-of-f light 
problems . 

As  discussed  in  Section  10.5,  one  of  the  more  difficult  aspects  of  repair 
analysis  is  the  definition  of  initial  crack  size  utilized  for  life  calculations. 
If  the  initial  crack  size  assumed  after  repair  is  greater  than  or  equal  to  the 
initial  crack  size  assumed  during  design,  then  the  structure  life  after  repair 
is  less  than  or  equal  to  the  initial  design  life.  To  determine  the  fractional 
loss  in  structural  life,  an  engineer  could  utilize  the  ratio 

Fractional  Loss  (FL)  =  1  -  Life (Repair)  _  (10.6.1) 

Life (Blueprint) 
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Alternately,  the  engineer  could  evaluate  the  loss  in  blueprint  life  by  forming 
the  life  ratio: 


Life (Repair) 
Life (Blueprint) 


(10.6.2) 


For  comparison  purposes,  it  would  probably  be  advisable  to  calculate  both  the 
repair  life  and  blueprint  life  based  on  the  same  initial  crack  length  and  thereby 
assess  the  effects  of  stress  concentration  introduced  by  the  blend-out  operation. 

To  establish  the  crack  growth  life  of  the  repair  in  an  absolute  sense  would 
require  that  the  choice  of  initial  crack  length  be  given  careful  engineering 
consideration. 

Two  examples  have  been  prepared  to  illustrate  the  types  of  analyses  which  could 
be  conducted  to  evaluate  the  damage  tolerance  of  blend-out  type  repairs. 

EXAMPLE  10.6.1  presents  the  calculations  where  the  initial  crack  size  for  the 
repair  is  assumed  to  be  equal  to  the  crack  size  in  as-manufactured  structure. 

A  sensitivity  study  is  presented  to  demonstrate  the  impact  that  blend-out  shape 
has  on  repair  life.  In  EXAMPLE  10.6.2,  the  crack  size  after  repair  is  assumed 
to  be  smaller  than  that  in  the  as-manufactured  structure,  and  a  sensitivity 
study  is  presented  to  illustrate  the  effect  of  crack  size. 

EXAMPLE  10.6.1  Blend-out  Repair  -  Effect  of  Shape 

The  angle  transition  component  shown  in  Figure  10.6.1  periodically  exhibits 
evidence  of  cracking  in  the  location  identified  and  the  engineer  has  recommended 
a  blend-out  repair  to  remove  all  evidence  of  cracking.  Based  on  the  manufacturer’s 
stress  report,  the  tensile  stress  in  the  angle  transition  component  is  27  Ksi  for 
the  critical  load  condition.  Evaluate  the  damage  tolerance  of  the  component 
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assuming  that  the  initial  crack  size  in  the  repair  (see  Figure  10.6.2)  and  the 

as-manufactured  structure  are  the  same  (a  =  0.050  inch), 

o 

SOLUTION; 

The  damage  tolerance  evaluation  will  be  based  on  as  assessment  of  both 
the  change  in  crack  grow  lives  and  the  change  in  critical  crack  sizes.  Based  on 
a  lack  of  both  a  stress  history  and  a  wide  area  crack  growth  rate  equation 
(discussed  in  paragraph  10.3.3),  an  engineer  might  choose  a  worst  case  loading 
environment  to  conduct  the  evaluation.  Since  the  stress  condition  is  known 
(O^ax  =  27  Ksi) ,  the  engineer  could  approximate  the  loading  with  a  once  per 
flight  maximum  stress  of  27  Ksi  applied  in  a  constant  amplitude  manner.  For 
simplicity,  the  minimum  stress  per  flight  is  presumed  to  be  zero  so  that  the 
assumed  loading  is  zero-tension  (R=0)  constant  amplitude  with  a  stress  maximum 
of  27  Ksi. 

To  conduct  the  life  analysis,  the  life  equation  based  on  continuous  crack  growth 
(consistant  with  the  constant  amplitude  loading  assumption)  will  be  utilized, 
i.e.,  life  will  be  calculated  using 

LIFE  =  /  f  (10.6.3) 

a 

o 

The  function  f (K)  describes  the  crack  growth  rate  for  the  material  and  loading 
condition;  a^  and  a^  are  the  initial  and  critical  crack  sizes,  respectively. 
Three  elements  are  necessary  for  the  life  calculation:  (1)  the  function  f (K) , 
(2)  the  stress-intensity  factor  relationship  for  the  geometry,  and  (3)  the 
critical  crack  size  (a^) .  Each  element  will  be  separated  determined  in  the 
paragraphs  below;  subsequently,  LIFE  will  be  determined. 
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Function  f(K)  Established 


The  function  f (K)  describes  crack  growth  rate  as  a  function  of  a  stress- 
intensity  factor  parameter  (such  as  AK) .  As  a  result  of  the  constant  amplitude 
loading  condition,  the  engineer  would  consult  the  Damage  Tolerant  Design  (Data) 
Handbook^^  to  find  data  consistant  with  the  material  and  stress  ratio  conditions. 
The  data  in  Table  8.11.3.3  (page  8.11-16)  and  Figure  8.11.3.3  (page  8.11-17) 
are  considered  representative  of  the  7079 -T6  Aluminum  Alloy;  the  table  and  figure 
are  reproduced  here  as  Figures  10.6.3  and  10.6.4,  respectively.  While  it  is 
possible  to  utilize  the  mean  trend  data  given  in  tabular  form  (as  presented  in 
Figure  10.6.3)  in  conjunction  with  computer  codes  that  employ  table  look-up 
schemes,  it  is  instructive  to  plot  the  mean  trend  data  and  determine  if  a  simple 
(power  law)  crack  growth  rate  equation,  i.e. 

~  =  CAKn  (10.6.4) 


describes  the  behavior.  Figure  10.6.5  presents  both  the  mean  trend  data  for  the 
R  =  0.05  data  set  and  a  power  law  equation  that  describes  these  data.  The  power 
law  equation  was  determined  (graphically  evaluated)  to  be 


~  =  5.84 
dN 


1  -10  At_4.09 
x  10  AK 


(10.6.5) 


Because  the  stress  ratio  (R)  for  the  assumed  loading  (R=0)  and  the  data  set 
(R=0.05)  are  relatively  close,  no  stress  ratio  correction  factor  is  applied  to 
Equation  10.6.5.  If  a  stress  ratio  correction  must  be  applied  to  a  handbook  data 
set,  it  is  suggested  that  a  Walker  type  correction  be  considered.  The  suggested 
Walker  correction  factor  for  aluminum  alloys  is  given  by 
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da 

dN 


n 


(10.6.6) 


i  -j 

da  CA  . 

—  =  data 

1  -  R, 

data  set 

dN  set 

1  -  R 

R  =  R 

desired 

desired 

where  R  _  .  and  R  .  ,  are  the  stress  ratios  associated  with  the  Handbook 

data  set  desired 

data  set  and  the  assumed  loading,  respectively,  and  where  n  is  the  power  law 
exponent  for  the  data  set  (n  =  4.09  for  the  7079-T6  Aluminum  data  set).  A  quick 
evaluation  of  Equation  10.6.6  with  the  appropriate  constants  shows  that  the 
crack  growth  rate  expression  given  by  Equation  10.6.5  is  approximately  10  per¬ 
cent  higher  than  a  corresponding  stress  ratio  corrected  expression,  and  thus  not 
overly  conservative  for  a  first  order  approximation. 

Stress-Intensity  Factor  Established 

The  stress-intensity  factor  for  the  blend-out  cracking  problem  can  be  solved 

without  access  to  exact  finite  element  stress  analyses  through  the  use  of  some 

(2) 

recent  work  of  Dowling  .  For  the  purpose  of  providing  a  methodology  for 
estimating  total  fatigue  life  (crack  initiation  plus  crack  propagation  lives)  of 
notched  structures,  Dowling  needed  a  transition  crack  length  that  separated  the 
initiation  life  analysis  from  the  crack  propagation  life  analysis.  His  studies 
of  the  conditions  controlling  small  crack  growth  behavior  led  him  to  the  stress- 
intensity  factor  evaluation  shown  in  Figure  10.6.6.  The  point  M  in  Figure  10.6.6 
identifies  the  condition  where  the  short  crack  stress-intensity  factor  (Kg)  is 
equal  to  the  long  crack  solution  (K^) .  Dowling  noted  that  these  two  crack 
solutions  provided  reasonably  accurate  estimates  of  the  finite  element  solution 
in  their  respective  crack  length  regions.  For  crack  initiation  life  analysis, 
Dowling  restricted  crack  length  size  measured  in  smooth  fatigue  samples  to  sizes 
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less  than  the  crack  length  associated  with  the  point  M  in  Figure  10.6.6.  This  is 
because  the  stress  concentration  effect  dominates  in  this  region. 

For  the  purpose  of  analysis,  the  engineer  could  estimate  the  stress-intensity 
factor  for  the  blend-out  repair  using  a  Dowling  type  approach  where  for  small 
cracks,  a  short  crack  stress-intensity  factor  would  apply  and  for  longer  cracks, 
a  long  crack  stress-intensity  factor  would  apply.  Thus,  for  the  blend-out 
repair,  the  engineer  could  describe  the  stress-intensity  factor  as: 

KS  ’  a  - 

K  =  (10.6.7) 


with  the  short  and  long  crack  stress-intensity  factors  given  by: 

K  =  1.12  k  o  /tth  (10.6.8) 

s  t 

and 

K£  =  1.12  o  / ir (a+d)  (10.6.9) 

where  k^_  in  Equation  10.6.8  is  the  stress  concentration  factor  associated  with 
the  blend-out  shape. 

The  equations  are  written  in  a  form  slightly  different  than  those  presented  in 
Figure  10.6.6  because  (1)  the  gemoetry  of  the  blend-out  is  more  in  line  with  an 
edge  crack  rather  than  a  central  crack  (Dowling’s  solution)  and  (2)  the  crack 
length  a  is  measured  from  the  surface  of  the  blend-out,  see  Figure  10.6.7  for  a 
definition  of  "a”  and  "dM.  Based  on  an  analysis  of  Equations  10.6.8  and  10.6.9, 
one  can  see  that  the  blend-out  geometry  affects  the  stress-intensity  factor 
solutions  through  the  stress  concentration  factor  (k^_)  and  blend-out  depth  (d) . 
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An  estimate  of  the  stress  concentration  k^_  for  a  blend-out  repair  is  made  using 

the  solution  of  an  elliptical  cut  out  in  a  plate.  For  an  ellipse  oriented  with 

the  major  axis  in  line  with  the  direction  of  the  stress  axis,  the  stress  concen- 

(34) 

tration  is  given  by  * 


2 

3  +  2M  -  M 
1  +  2M  +  M2 


(10.6.10) 


where 

M  =  rTd-  do.6.11) 

with  L  and  d  defined  as  the  major  and  minor  radii  of  the  ellipse.  As  can  be  noted 
from  Figure  10.6.7,  L  and  d  define  a  segment  of  a  circle  which  we  are  approxi¬ 
mating  with  a  semi-ellipse.  Thus,  if  one  has  a  measure  of  L  and  d  for  a  blend- 
out  repair,  one  can  estimate  and  the  corresponding  short  crack  stress- 
intensity  factor  using  Equations  10.6.10  and  10.6.8,  respectively. 


Critical  Crack  Size,  a^ 


The  critical  crack  size  for  both  as-manufactured  (blueprint)  and  repaired  structure 
will  be  based  on  the  Irwin  hypothesis  for  abrupt  failure,  i.e.  when 


K  =  K  (10.6.12) 

cr 

failure  occurs.  The  critical  stress-intensity  factor  is  obtained  by  estimating 
the  stress-intensity  factor  range  required  to  achieve  a  growth  rate  of  1000  micro¬ 
inches/cycle.  Solving  Equation  10.6.5  is  an  inverse  manner,  i.e.,  solving 


AK 


1  x  10 


-3 


5.84  x  10 


-10 


JL _ 

4.09 


(10.6.13) 
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yields  AK  =  33.34  Ksi  /in.  As  a  lower  bound  to  this  estimate,  one  might  chose 

=  30  Ksi  /in  for  convenience.  K  =  30  Ksi  / in  corresponds  to  a  crack  growth 
rate  of  642  microinches/cycle. 

The  stress-intensity  factor  for  the  blueprint  structure  is  given  by 

K  =  1.12  /rfa  (10.6.14) 


where  as  that  for  the  repaired  structure  is  given  by 

K  =  1.12  c/r T(a+d) 


(10.6.15) 


(Note  that  the  long  crack  solution  is  being  used  for  the 
equations,  "a"  is  measured  from  the  surface;  d  is  0.0  in 
the  surface  is  flat.  Solving  Equation  10.6.12  for  K  = 
stress-intensity  factor  solutions  yields 


repair) .  In  both 
Equation  10.6.14  since 
30  Ksi  /in  and  the  above 


af  *  0.325  inch  (10.6.16) 

for  the  blueprint  critical  size  and 

af  =  (0.325-d)  inch  (10.6.17) 

for  the  repair  critical  size. 


Life  Estimating 

While  Equation  10.6.3  could  be  used  directly  for  life  estimates  of  the  as-manu¬ 
factured  (blueprint)  structure,  the  stress-intensity  factor  analysis  of  Equation 
10.6.7  requires  that  the  integral  equation  (Equation  10.6.3)  be  broken  into  two 
intervals.  For  this  repair  analysis,  LIFE  is  calculated  using 


LIFE  =  / 


da 


f(Ks) 


+  / 


f  da 


^  f(K£) 


(10.6.18) 
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where  the  crack  size  is  associated  with  the  transition  between  the  short  and 
long  crack  stress-intensity  factor  solutions.  This  crack  size  is  obtained  by 
equating  the  two  solutions  and  solving  for  a^,  thus 

Kg  =  (10.6.19) 

in  conjunction  with  Equations  10.6.8  and  10.6.9  results  in 

a  =  -  (10.6.20) 

m  k2  -  1 

t 


Since  for  a  blend-out  repair  k^_  would  be  greater  than  1.0  and  hopefully  less  than 
1.4,  a^  will  be  greater  than  d. 

Numerical  Details  of  Blueprint  Life 

For  an  edge  crack  problem  with  the  material  crack  growth  rate  response  given  by 
a  power  law  expression,  i.e.  Equation  10.6.4,  Equation  10.6.3  can  be  written  as 


LIFE 


1 _ 

C (1. 12  a/rr)n 


(10.6.21) 


When  integrated,  Equation  10.6.21  becomes 


LIFE  = - - - 

C(l.  12  o  /tt) n 


(10.6.22) 


Given  the  growth  rate  constants  C,  n  (from  Equation  10.6.5),  the  critical  crack 

size  (from  Equation  10.6.16),  the  given  stress  (G=  27  Ksi)  and  the  given  initial 

crack  size  (a  =  0.050  inch),  the  crack  growth  life  for  the  blueprint  conditions 
o 

is  determined  to  be 

LIFE  =  2910  cycles  (10.6.23) 

of  zero-tension  loading. 
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Numerical  Details  of  Repair  Life 


For  the  blend-out  repair  with  the  material  crack  growth  rate  response  given  by  a 
power  law  expression,  Equation  10.6.18  can  be  expressed  as 


LIFE  =  - - - 

C  (1. 12  a  /tt)  n 


+  / 


da 


“M  (a«)n/2 


(10.6.24) 


When  integrated  Equation  10.6.24  becomes 
1  /I  > 


LIFE  = 


C (1. 12  a/rr) 


n  l-n 


2/  Lkt 


f  ^ 

1  l  2 

2  *  H 


l-n 

2 


✓  l-n.  l-n> 

+  (  (af  +  d)  2  -  (aM  +  d)  2 


(10.6.25) 


Given  the  growth  rate  constants  C,  n  (from  Equation  10.6.4,  the  critical  crack 
size  from  10.6.17),  the  given  stress  (a  =  27  Ksi) ,  and  the  given  initial  crack 
size  (a  =  0.050  inch),  one  can  estimate  the  LIFE  for  defined  values  of  k  and  d. 
For  example,  when  d  and  L  are  0.08  inch  and  1.0  inch,  k^_  is  1.16,  a^  =  0.245  inch, 
a^  =  0.231  inch,  and 

LIFE  =  2033  cycles  (10.6.26) 

of  zero-tension  loading,  approximately  30  percent  lower  than  that  given  by 
Equation  10.6.23. 

Comparative  Analysis  of  Shape  Effect 

To  summarize  the  analysis  for  different  blend-out  shapes.  Equation  10.6.25  was 

repetitively  solved  for  several  different  length  (2L)  and  depth  (d)  conditions  for 

a  =  0.050  inch.  These  results  are  presented  in  Table  10.6.1  in  the  form  of  life 
o 
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ratios  (Equation  10.6.2)  and  utilize  the  blueprint  life  obtained  from  Equation 
10.6.22(23).  Focusing  on  three  crack  depths  (0.050,  0.100  and  0.150  inches)  as 
representative,  one  can  immediately  note  from  Table  10.6.1  even  for  the  more 
gradual  blend-out  case,  the  life  is  substantially  reduced  (to  approximately  80, 
65,  and  50  percent,  respectively)  of  the  original  life  estimate. 

The  life  ratios  presented  in  Table  10.6.1  show  the  close  correlation  between  life 
and  the  stress  concentration  factor.  These  results  only  reinforce  common  sense 
since  they  show  that  the  more  gradual  the  blend-out,  the  closer  to  initial  life 
one  achieves, 

EXAMPLE  10.6.2  Effect  of  Repair  Initial  Crack  Size 

To  justify  removing  shallow  cracks  with  blend-out  repair  procedures,  EXAMPLE 

10.6.1  is  extended  by  considering  the  effect  of  repair  initial  crack  size.  As  a 

basis  for  comparison,  the  life  ratio  equation.  Equation  10.6.2,  will  again  be 

employed  and  the  blueprint  (as-manufacturing)  LIFE  is  calculated  using  Equation 

10.6.22)  with  a  =  0.050  inch.  Thus,  the  blueprint  LIFE  will  be  as  calculated 
o 

in  EXAMPLE  10.6.1,  and  is  given  by  Equation  10.6.23.  The  purpose  of  this 
example  is  to  show  that  if  only  part  of  the  crack  remains  after  blend-out  there 
can  be  substantial  life  improvement  over  that  calculated  for  the  blueprint  LIFE. 

The  effect  of  repair  initial  crack  size  on  crack  growth  life  was  calculated 
using  Equation  10.6.25  whereas  the  initial  crack  size  aQ  was  varied  along  with 
length  (2L)  and  depth  (d)  of  the  blend-out.  The  results  are  summarized  in 
Table  10.6.2  as  a  function  of  the  various  geometric  parameters  considered. 

As  expected,  Table  10.6.2  shows  that  initial  repair  crack  size  substantially 
affects  the  damage  tolerant  life  of  the  blend-out.  In  fact,  compared  to  the 
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other  parameters  considered,  it  dominates.  Based  on  Table  10.6.2,  the  importance 


of  the  variables  on  life  is  a  most  significant,  k  -  significant,  and  d  - 

o  t 

least  significant.  Thus,  during  a  blend-out  repair,  the  objective  is  to  remove 
as  much  of  the  damage  as  possible  (and  hopefully  all)  with  a  minimum  amount  of 
shape  change. 
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TABLE  10.6.1 


EFFECTS  OF  BLEND-OUT  SHAPE  ON  CRACK 
GROWTH  LIFE  RATIO 


Depth 

(d) 

inch 

Length 

(2L) 

inch 

k 

t 

0.005 

2 

1.01 

0.010 

i 

i 

1.02 

0.015 

1.03 

0.020 

1.04 

0.025 

1.05 

0.030 

1.06 

0.040 

1.08 

0.050 

1.10 

0.060 

1.12 

0.080 

1.16 

0.100 

1.20 

0.120 

1.24 

0.150 

1.30 

0.200 

\ 

1.40 

0.250 

2 

1.50 

Life  Ratio  Condition 

Equation  10.6.25 

Equation  10.6.23 

0.977  0 

0.954 

0.933 

0.911 

0.891 

0.870 

0.833  Gradual 

0.796  Blend- 

0.762  Out 

0.699 

0.640 

0.584 

0.503 

0.366 

0.179  V 


0.010 

1  1.04 

0.020 

1  1.08 

0.050 

1.20 

0.080 

1.32 

0.100 

,  1.40 

0.150 

1  1.60 

0.911 

f 

0.831 

Less 

0.638 

Gradual 

0.496 

Blend- 

0.421 

Out 

i 

0.282 

i 
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TABLE  10.6.2 


EFFECT  OF  REPAIR  INITIAL  CRACK  SIZE 
ON  CRACK  GROWTH  LIFE  RATIO 


Repair 

Initial 

Crack 

Size 

(ao) 

inch 


Depth  Length 

(d)  (2L) 


inch  inch 


k  Life  Ratio 

Equation  10.6.25 

Equation  10.6.23 


0.005 

0.02 

2.0 

1.04 

11.81 

0.005 

0.05 

2.0 

1.10 

10.55 

0.005 

0.10 

2.0 

1.20 

8.83 

0.005 

0.15 

2.0 

1.30 

7.49 

0.010 

0.02 

2.0 

1.04 

5.63 

0.010 

0.05 

2.0 

1.10 

5.02 

0.010 

0.10 

2.0 

1.20 

4.19 

0.010 

0.15 

2.0 

1.30 

3.52 

0.010 

0.02 

1.0 

1.08 

5.21 

0.010 

0.05 

1.0 

1.20 

4.20 

0.010 

0.10 

1.0 

1.40 

3.02 

0.010 

0.15 

1.0 

1.60 

2.28 

0.020 

0.02 

2.0 

1.04 

2.64 

0.020 

0.05 

2.0 

1.10 

2.34 

0.020 

0.10 

2.0 

1.20 

1.94 

0.020 

0.15 

2.0 

1.30 

1.61 

0.050 

0.02 

2.0 

1.04 

0.91 

0.050 

0.05 

2.0 

1.10 

0.80 

0.050 

0.10 

2.0 

1.20 

0.64 

0.050 

0.15 

2.0 

1.30 

0.50 
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Figure  10.6.1  Geometry  of  Structure  with  Small  Crack. 


Figure  10.6.2  Geometry  of  Blend-Out  Repair  Assumed  for  Analysis. 
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TABLE  8.11.3.3 


FATIGUE  CRACK  GROWTH  RATES  AT  DEFINED  LEVELS 
OF  STRESS  INTENSITY  FACTOR 

DATA  ASSOCIATED  WITH  FIGURE  8.11. 3. 3  INDICATING  EFFECT 


OF  STRESS  RATIO 


MATERIAL: 

ALUMINUM 

7079 

CONDITION 

T6 

ENVIRONMENT:  R  T 

LAB  AIR 

DELTA  K 

DA/DN  <10**-6  IN.  /CYCLE) 

<KSI*IN**l/2> 

A  B  C  D 

R=+0.  05  R— 1-0.  50 

A 

4  14 

284 

DELTA  K  B 

2  16 

.  137 

MIN  C 

D 

2.  50 

.  193 

3.  00 

.  317 

3.  50 

.  517 

4.  00 

.  833 

5.  00 

,  387  2.  08 

6.  00 

.  922  4.  65 

7.  00 

1.  91  8.  94 

8.  00 

3.  29  15  3 

9.  00 

5.  17  21.  3 

lO.  00 

7.  81  22.  0 

13.  00 

21.  8 

16.  00 

35.  7 

20.  00 

42.  8 

25.  00 

55.  4 

A 

27.  05 

67.  8 

delta  k  b 

10.  09 

21.  7 

MAX  C 

D 

ROOT  MEAN 

SQUARE 

41.  55  30.  01 

percent  error 

LIFE  0.  0-0.  S 
PREDICTION  0.  5-0.  9 
RATIO  0.0-1.25 

SUMMARY  1.25-2.0 
(NP/NA)  >2.  0 
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Figure  10.6.3  Tabular  Data  Page  From  the  Damage  Tolerant  Design  (Data) 
Handbook  Used  in  EXAMPLE  10.6.1. 
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CONDITION/HT:  TO 
FORM:  FORGING 
SPECIMEN  TYPE:  CT 
ORIENTATION:  T-L 
FREQUENCY:  9.  00  HZ 

ENVIRONMENT:  R.  T.  ,  LAB  AIR 


YIELD  STRENGTH:  72.8  KSI 
ULT.  STRENGTH:  03.  4  KSI 
SPECIMEN  THK:  0.  400" 
SPECIMEN  WIDTH: 
REFERENCES:BW001 


ALUM. 

ALLOY 


AK  (MPA  -y/m) 

4  10  40  100 


AK  (MPA  v/m) 

4  10  40  100 


®  E 


10 


;2 


10 


r3 


O  . 

u  10 
_c 

2 

5  10 
(0 
T3 


-5 


-6 


10  — 


10 


.-7 


10 


k-e 


=  |  T  |'H r[~q - 1  '  |  '  |'|'l 

”  STRESS  RATIO  =  +0.  05 

1  III  4 

o 

O 

=  1  1  FTTH - I'M  'I'I'I 

”  STRESS  RATIO  =  +0.  50 

Hi 

— 

1  U 

“ 

— 

— 

10*1 

— 

i  n*3 

— 

— 

1  u 

— 

— 

— 

10*2 

— 

— 

in*4 

— 

— 

— 

— 

— 

io'3 

~  J 

1 

— 

in5 

f 

s 

— 

=  A 

1  u 

10'4 

~  Jf 

— 

~  off 

in6 

J 

- 

1  u 

— 

JP 

10*5 

-  jf 

— 

10 7 

"  .  *B . 

— 

— 

mr  o 

_ 

— 

10*6 

— 

“  1  .1.1.1. 

1 _ 1  1  1  1 1  ll 

in 8 

1  i  1  i  1 .  l . 

i  1 1 . i,i. 

- 

—  10* 


—  10 


7070 


io*2  ^ 


u 

o 


—  10 


3  E 


3  s 

10*4  1 
*0 


—  10*' 


,-6 


©E 


10 


40  100 


10 


40  100 


-2 


10 


10*' 


0) 

o  . 
o  10 


I10' 

T3 


10 


.-7 


10 


10 


=  i  1 1 1 1'i'i — i  « i  M'l'i 

“  STRESS  RATIO  = 

-+ 

— 

Ill  1- 

— 

— 

— 

— 

— 

1  ■  1  ■  Lilt 

1  .  1  .  III. 

— 

10* 


10’ 


10 


-2 


*2 


10*' 


10 


10 


*3 


10 


-5 


_  10*4 


-6 


_  10*' 


—  10*c 


4  10  40  100 

AK  (KSI  \/Tn)  . 

Figure  8.11.3.3 


10*7 


10 


=  1  1  1  1  I'I'I - 1  1  1  M'l'i — =f 

"  STRESS  RATIO  =  “= 

— 

TTTTT 
1  1 

— 

— 

— 

— 

— 

— 

IN  1 

— 

1  .1.1.1. 

1  ■  1  tilil 

— 

—  10" 


10* 


io'2  $ 

u 

>S 

o 


10 


3  E 


2 

10  * 
TD 


10 


t-5 


10* 


r« 


4  10  40  100 

AK  (KSI  v/Tn) 


8.11-17 

Figure  10.6.4  Graphical  Data  Page  From  the  Damage  Tolerant  Design  (Data) 
Handbook  Used  in  EXAMPLE  10.6.1. 


10.6.17 


AK,  ksi  /  in 


Figure  10.6.5  Tabular  Data  From  Damage  Tolerant  Design  (Data) 
Handbook  (Figure  10.6.3)  Plotted  and  Compared 
to  Graphically  Established  Power  Law  Equation. 
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K/S  >/c7  Dimensionless  Stress  Intensity 


Curv«  6957!  3-A 


a/c,  Crack  Length  From  Centerline 


0  0.2  0.4  0.6 

tic,  Crack  Length  Beyond  Notch 


Figure  10.6.6  Short  and  Long  Crack  Limiting  Cases  and 

Numerical  Solution,  for  Cracks  Growing  From 
a  Circular  Hole  in  an  Infinite  Plate  (Newman). 
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Figure  10.6.7 


Geometry  of  Blend-Out  with  Edge  Crack  Present. 
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RESIDUAL  STRENGTH  PARAMETRIC  ANALYSIS 


This  section  illustrates  parametric  analyses  available  to  an  engineer 
for  evaluating  the  sensitivity  of  residual  strength  to  geometric  and  material 
parameters.  As  discussed  in  Chapter  4,  the  residual  strength  relates  load 
carrying  capability  to  material  toughness  and  crack  size  in  a  unique  way  for 
each  structure.  Two  methods  are  generally  available  for  describing  the  residual 
strength  of  a  structure:  the  first  is  with  a  relationship  between  residual 
strength  and  crack  length  and  the  second  is  with  a  relationship  between  residual 
strength  and  time.  These  relationships  are  summarized  in  Figure  10.7.1.  The 
first  relationship  (Figure  10.7.1a)  is  best  used  to  describe  the  effects  of  tough¬ 
ness  or  of  global  geometry.  The  second  relationship  (Figure  10.7.1b)  is  best  used 
to  describe  the  effects  of  crack  growth  resistance  and  of  global  geometry. 

Constructing  residual  strength-crack  length  relationships  are  relatively  straight 
forward.  To  do  so  requires  both  fracture  toughness  data  for  the  material  and  a 
stress-intensity  factor  analysis  for  the  cracked  structure.  Fracture  toughness 
data  can  be  found  in  the  Damage  Tolerant  Design  (Data)  Handbook.  The  stress- 
intensity  factor  for  a  given  cracked  structure  can  be  obtained  through  either  the 
exact  or  approximate  methods  discussed  in  Sections  1.6,  1.7,  and  1.8. 

Constructing  residual  strength-life  relationships  requires  the  same  information 
as  above  plus  a  description  of  the  crack  growth  life  behavior  under  the  service 
loading.  This  additional  information  can  be  generated  by  integrating  wide  area 
crack  growth  rate  equations  (Paragraph  10.3.3)  or  by  summing  incremental  damage 
on  a  cycle-by-cycle  basis.  Cycle-by-cycle  damage  summation  presumes  (a)  that  a 
stress  history  is  available  for  the  cracked  structure  and  (b)  that  constant 
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amplitude  fatigue  crack  growth  rate  data  are  available  for  the  material.  The 
additional  complexity  associated  with  generating  residual  strength-life  relation¬ 
ships  is  one  reason  why  residual  strength  data  are  normally  only  presented  as  a 
function  of  crack  length. 

A  series  of  examples  have  been  prepared  to  describe  the  effects  of  material 
properties,  spectrum  stress  level,  and  structural  geometry  on  the  residual 
strength  of  relatively  simple  structures.  The  approach  taken  could  be  duplicated 
for  other  more  complicated  situations  related  to  specific  structural  repairs. 

For  each  example,  the  Irwin  abrupt  fracture  criterion  is  employed  to  obtain  the 
relationship  between  residual  strength  and  crack  size.  Simply  stated,  failure 
is  presumed  to  occur  when  the  applied  stress-intensity  factor  (K)  is  greater  than 
or  equal  to  the  fracture  toughness  (K^)  of  the  material,  i.e. 

K  >  K  (10.7.1) 

—  cr 

then  failure  occurs.  Because  the  stress-intensity  factor  is  a  function  of  stress 
and  crack  size,  Equation  10.7.1  provides  the  relationship  between  residual 
strength  and  critical  crack  length. 

To  facilitate  a  general  overview  of  the  residual  strength-life  relationship,  the 
wide  area  crack  growth  rate  equation  methods  developed  in  Section  10.3  are 
utilized.  In  this  section,  the  wide  area  equation  is  expressed  as 

=  c  Kn  (10.7.2) 

dN 

where  the  crack  growth  rate  (da/dN)  is  given  appropriately  as  a  function  of  cycles, 
flights,  or  flight  hours  depending  on  the  given  structural  situation.  Also,  the 
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characteristic  stress-intensity  factor  (K)  in  Equation  10.7.2  is  related  to  the 
characteristic  stress  (a)  through 

K  =  a  (^)  (10.7.3) 

where  (K/a)  is  the  stress-intensity  factor  coefficient  (dependent  only  on 
geometric  parameters,  such  as  crack  length  and  edge  distances).  The  residual 
strength-life  relationship  is  obtained  by  cross  correlating  the  residual  strength 
calculated  from  Equation  10.7.1  with  the  life  calculated  from 

LIFE  =  /  Cr  (10.7.4) 

a  ^  ~n 


The  cross  correlation  is  accomplished  using  the  same  value  of  critical  crack 
length  (a  )  f°r  both  the  residual  strength  and  life  calculations. 

The  first  example  (10.7.1)  considers  the  effect  of  fracture  toughness  on  both  the 
residual  strength-crack  length  and  residual  strength-life  relationships.  These 
relationships  are  established  for  an  open  hole  with  a  through-the-thickness  radial 
crack,  and  for  a  wide  area  crack  growth  rate  equation  defined  as 


da 

dN 


1  x  10 


-8-3.0 


(10.7.5) 


(When  K  =  10  ksi  /in,  the  crack  growth  rate  is  10  x  10  ^  inch/cyclic  unit). 


Examples  10.7.2,  10.7.3,  and  10.7.4  consider  how  (1)  the  characteristic  stress 
level  (a) ,  (2)  the  pre-exponential  constant  (C  in  Equation  10.7.2)  and  (3)  the 
exponential  constant  (n  in  Equation  10.7.2),  respectively,  affect  the  residual 
strength-life  relationship.  Subsequently,  Examples  10.7.5  and  10.7.6  present  the 
effect  of  geometrical  and  loading  changes  on  the  residual  strength-crack  length 
and  residual  strength-life  relationships. 
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EXAMPLE  10.7.1  Effect  of  Fracture  Toughness 


The  structural  geometry  and  loading  are  as  described  in  Figure  10.7,2  and  it  is 
desired  that  the  residual  strength  relationships  be  evaluated  as  a  function  of 
fracture  toughness.  To  determine  the  residual  strength-crack  length  relationship 
Equation  10.7.1  is  utilized  in  conjunction  with  the  stress-intensity  factor 
coefficient  obtained  from  Subsection  1.7,  and  specifically  employing  Equation 
1.7.4  to  describe  the  Beta  factor.  The  stress-intensity  factor  coefficient  for 
the  tension-loaded,  open-hole  with  a  radial-through-the-thickness  crack  is  given 
by 


K 

a 


0.6762 


0.8734  \ 

0.3246  +  *1 


(10.7.6) 


Solving  Equation  10.7.1  in  conjunction  with  Equation  10.7.6  leads  to  the  relation 
ship  between  residual  stress  and  critical  crack  size,  thus 


o 

res 


/ TTa  l  0.6762  + 
cr 


0.8734 


0.3246  + 


cr 


K 

cr 


(10.7.7) 


Defining  a  series  of  critical  crack  sizes  for  a  given  value  of  K  is  the  easiest 

method  for  evaluating  the  relationship.  Figure  10.7.3  describes  the  relationship 

between  residual  strength  and  crack  length  (evaluated  in  this  manner)  for  several 

given  values  of  K  .  As  Figure  10.7.3  illustrates,  a  substantial  difference 

exists  between  the  residual  strength  curves  at  any  crack  length;  this  difference 

is  linearly  related  to  the  fracture  toughness  level  (For  a  defined  crack  length, 

Equation  10.7.6  gives  a  constant  value  of  (K/a)  so  an  increase  in  K  leads  to  a 

similar  increase  in  a  )  . 

res 
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Evaluating  the  difference  between  the  residual  strength  curves  in  Figure  10.7.3 
based  on  a  constant  residual  strength  level  illustrates  that  a  greater  improve¬ 
ment  factor  on  critical  crack  size  accompanies  an  increase  in  fracture  toughness. 

For  a  a  =40  ksi  requirement,  the  critical  crack  size  for  the  K  =30  ksi  /in 
res  cr 

material  is  about  0.050  inch  whereas  that  for  a  50  ksi  /in  material  is  about 
0.750  inch.  As  a  first  order  approximation  of  the  improvement  factor,  one  might 
neglect  the  influence  of  the  Beta  factor  and  arrive  at  a  simplified  ratio 


a 


a 


new 

cr 

old 

cr 


(10.7.8) 


that  illustrates  the  reason  for  the  dramatic  increase  in  critical  crack  length 
for  fracture  toughness  improvements. 


One  function  of  an  engineer  is  to  provide  the  structure  with  sufficient  fracture 
toughness  in  order  to  maintain  the  required  residual  strength  throughout  the 
anticipated  service  lifetime.  A  choice  of  high  fracture  toughness  is  appropriate 
when  the  engineer  is  attempting  to  ensure  that  potentially  damaging  cracks  are 
large  and  easily  inspectable  prior  to  the  loss  of  a  residual  strength  requirement. 
To  determine  how  rapidly  the  residual  strength  decays,  it  is  necessary  to  perform 
a  crack  growth  life  calculation. 


When  the  crack  growth  life  calculation  is  based  on  the  integral  formulation  of 

Equation  10.7.2  (a  power  law),  i.e,  on  Equation  10.7.4,  the  shape  of  the  crack 

growth-life  curve  is  as  shown  in  Figure  10.7.4.  The  specific  curve  generated  in 

Figure  10.7.4  was  obtained  for  a  characteristic  stress  level  (a)  of  20  ksi  and 
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employed  C  =  1  x  10  and  n  =  3.0  as  the  constants  in  Equation  10.7.4.  The  initial 
crack  length  (aQ)  in  Equation  10.7.4  was  chosen  as  0.050  inches. 
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The  curve  in  Figure  10.7.4  has  been  marked  to  indicate  the  stress-intensity 
factor  at  various  crack  length  levels.  These  levels  correspond  to  the  lower 
fracture  toughness  levels  shown  in  Figure  10.7.3.  One  consequence  of  using  a 
power  law  equation  to  describe  crack  growth  rate  behavior  is  that  the  crack 
growth  life  curve  does  not  indicate  a  rapid  increase  as  the  stress-intensity 
factor  approaches  the  fracture  toughness  level.  From  a  practical  standpoint, 
only  a  slight  error  in  the  life  calculation  occurs  due  to  inaccurately  modeling 
the  crack  growth  rate  in  the  fracture  toughness  regime. 

When  the  crack  length-life  data  in  Figure  10.7.4  are  cross  correlated  with  the 
residual  strength-crack  length  data  in  Figure  10.7.3,  one  obtains  the  relation¬ 
ships  between  residual  strength  and  life  shown  in  Figure  10.7.5.  Each  residual 
strength-life  data  point  identified  in  Figure  10.7.5  is  associated  with  a  common 
crack  length  that  relates  the  data  in  Figures  10.7.3  and  10.7.4.  Figure  10.7.5 
shows  that  the  highest  values  of  fracture  toughness  are  again  associated  with  the 
highest  values  of  residual  strength.  Figure  10.7.5  also  shows  that  a  material 
with  high  fracture  toughness  will  maintain  a  high  residual  strength  capability 
longer  than  one  with  low  fracture  toughness,  all  other  conditions  being  equal. 
Interestingly,  for  the  conditions  given  for  this  example,  the  residual  strength 
capability  decays  in  a  linear  fashion  for  most  of  the  life.  The  only  nonlinearity 
occurs  in  the  earliest  part  of  life  where  the  crack  is  in  a  severe  stress-intensit) 
factor  gradient.  Other  factors  which  affect  the  extent  of  the  nonlinear  region 
will  be  discussed  later. 
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EXAMPLE  10.7.2  Effect  of  Characteristic  Stress  Level 


Because  the  operational  stress  level  significantly  affects  the  crack  length  life 
of  a  structure,  an  engineer  might  wish  to  consider  its  effect  on  residual 
strength.  For  this  evaluation,  assume  that  the  material  is  known  to  have  a 
fracture  toughness  (K^)  of  30  ksi  / in  and  a  crack  growth  rate  behavior  given  by 
Equation  10.7.5. 


The  residual  strength-crack  length  relationship  will  not  be  affected  by  the 
operational  stress  level;  thus,  the  K  =  30  ksi  / in  curve  in  Figure  10.7.3 
describes  the  relationship  for  this  example.  The  corresponding  crack  growth- 
life  curves  for  characteristic  stress  levels  (a)  of  15,  20,  and  25  ksi  are  pre¬ 
sented  in  Figure  10.7.6.  As  anticipated,  the  highest  stress  produces  the  fastest 
crack  growth-life  behavior.  Based  on  Equation  10.7.4,  the  curves  shown  in  Figure 

10.7.6  are  related  to  each  other  by  a  life  factor  given  by 

-  vn 


(10.7.9) 


where  the  lives  L^  and  L^  are  calculated  at  the  same  crack  length  (any  choice  of 

a  applies)  for  characteristic  stress  levels  CL  and  CL, 
cr  12 

If  one  cross  correlates  the  crack  length-life  behavior  given  in  Figure  10.7.6 
with  the  K  =  30  ksi  /in  residual  strength-crack  length  behavior  given  in 
Figure  10.7.3,  then  the  residual  strength-life  behavior  is  as  presented  in 
Figure  10.7.7.  Note  that  the  residual  strength  capability  decays  more  slowly  for 
the  lower  characteristic  stress  levels.  As  a  method  for  predicting  the  residual 
strength-life  behavior  as  a  function  of  stress  level,  one  could  utilize  the  base¬ 
line  curve  identified  in  Figure  10.7.7  and  Equation  10.7.9  to  provide  the 
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appropriate  life  factor  (at  any  given  residual  strength  level) .  For  example,  as 
shown  in  Figure  10.7.7,  the  0  =  15  ksi  residual  strength-life  curve  is  displaced 

by  a  factor  of 


2.37 


(10.7.10) 


from  the  O  =  20  ksi  residual  strength-life  ci  rve  (check  this  at  say  G  =30  ksi 

J  res 

where  -  5300  and  where  =  12600.) 

Thus,  one  could  construct  residual  strength-life  curves  as  a  function  of  charac¬ 
teristic  stress  levels  by  generating  a  baseline  curve  and  applying  the  life  factor 
given  by  Equation  10.7.9. 


EXAMPLE  10.7.3  Effect  of  Pre-exponential  Constants 

This  example  and  EXAMPLE  10.7.4  collectively  consider  the  effect  of  modifying  the 
material fs  crack  growth  rate  response  on  the  residual  strength  capability.  In 
both  examples,  the  baseline  conditions  stated  in  Figure  10.7.2  are  used  unless 
otherwise  specified.  It  is  noted  that  the  crack  growth  rate  resistance  can  be 
changed  independent  of  the  fracture  toughness  (fracture  resistance) ,  so  that  the 
residual  strength-crack  length  ralationship  is  again  given  by  the  K  =  30  ksi  / in 
curve  in  Figure  10.7.3. 

In  a  somewhat  decoupling  fashion,  the  effect  of  varying  the  coefficients  in 
Equation  10.7.2  are  considered  separately.  In  this  example,  only  the  pre¬ 
exponential  constant  (C)  is  varied  to  reflect  decreasing  the  crack  growth  rate 
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response  in  a  systematic  manner  from  the  baseline  condition  (C  =  1  x  10  ) .  In 

EXAMPLE  10.7.4,  the  effect  of  varying  the  exponent  n  is  considered. 


10.7.8 


A  change  in  the  pre-exponential  constant  in  Equation  10.7.2  is  equivalent  to 
shifting  the  crack  growth  rate  curve  to  a  new  position  but  with  the  same  slope 
(see  Figure  10.7.8). 


Based  on  an  analysis  of  Equation  10.7.4,  it  is  seen  that  the  life  difference  that 
results  from  a  change  in  C  can  be  expressed  as  a  life  ratio 


(10.7.11) 


Thus,  if  a  baseline  crack  growth-life  curve  and  a  baseline  residual  strength-life 
curve  exist,  new  curves  can  be  generated  by  factoring  the  lives  from  the  baseline 
condition  to  the  new  material  conditions  using  Equation  10.7.11. 


Figure  10.7.9  describes  the  residual  strength-life  curves  for  the  baseline  and 
two  lower  values  of  the  pre-exponential  constants.  From  the  figure,  it  is  seen 
that  the  increased  crack  growth  resistance,  i.e.  lower  C  values,  results  in  slower 
rates  of  residual  strength  decay.  The  new  curves  are  exactly  a  factor  of  two  and 
of  four  removed  from  the  baseline  curve  as  suggested  by  Equation  10.7.11. 

Increasing  the  material’s  crack  growth  resistance  has  an  immediate  effect  of 
increasing  the  number  of  flights  (amount  of  flight  hours)  until  the  residual 
strength  capability  decays  to  the  residual  strength  requirement. 


EXAMPLE  10.7.4  Effect  of  Exponential  Constant 

In  this  example,  the  exponential  constant  (n)  in  Equation  10.7.2  is  varied  along 


with  the  pre-exponential  constant  C  to  reflect  a  defined  rate  of  crack  growth 

(da  =  10  x  10  in/cyclic  unit)  for  a  given  characteristic  stress-intensity 
dN 
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factor  level  (K  =  10  ksi  /in).  The  baseline  constants  of  n  =  3.0  and  C  =  1  x  10 
yield  an  equation  (Equation  10.7.5)  which  passes  through  the  point  (10,  10  x  10  V 
Figure  10.7.10  illustrates  the  three  choices  of  n  considered  in  this  example. 

For  this  baseline  geometry,  fracture  toughness  level,  and  stress  level,  the 
characteristic  stress-intensity  factor  varies  between  about  15  and  30  ksi  /in 
(as  a  result  of  the  crack  growth  change) .  When  the  common  point  for  the  power 
law  equations  is  located  at  a  stress-intensity  factor  level  that  corresponds  to 
a  crack  length  within  the  crack  length  interval  associated  with  the  life  calcu¬ 
lation,  one  can  not  immediately  interpert  the  effect  of  the  crack  growth  rate 
behavior.  However,  based  on  the  crack  growth  rate  behavior  defined  in  Figure 
10.7,10,  the  curve  with  n  =  3.5  will  yield  crack  growth  rates  faster  than  the 
baseline  throughout  the  crack  length  interval  of  interest.  Thus  for  the  conditions 
stated,  an  engineer  would  expect  a  more  accelerated  crack  growth  behavior  and  a 
more  rapidly  decaying  residual  strength  behavior  for  the  n  =  3.5  material  than 
for  the  baseline.  The  curves  in  Figures  10.7.11  and  10.7.12  bear  out  this 
expectation. 

One  observation  made  in  studying  the  residual  strength-life  behavior  presented  in 
Figure  10.7.12  is  that  the  decay  in  residual  strength  is  slightly  nonlinear  in 
the  long  life  region  for  the  two  nonbaseline  crack  growth  rate  behaviors.  For  the 
n  =  2.5  material,  the  residual  strength-life  curve  is  slightly  concave  up  while 
the  n  =  3.5  material  produces  a  slightly  concave-down  shape.  Thus,  a  second  factor 
that  produces  nonlinear  decay  effects  is  the  exponent  n.  Generally  speaking, 
nonlinear  decay  effects  would  be  expected  when  the  crack  growth  rate  behavior 
can  not  be  described  by  a  power  law  equation  with  n  =  3 .  While  the  nonlinear 
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behavior  is  evident,  it  is  important  to  note  that  it  is  slight.  As  a  result, 
local  regions  of  the  residual  strength  life  curve  can  be  easily  described  by 
linear  line  segments,  and  the  procedures  presented  in  EXAMPLES  10.7.1,  10.7.2, 
and  10.7.3  can  be  utilized  to  extrapolate  from  a  segmented  baseline  curve. 


The  rate  of  decay  in  residual  strength  as  a  function  of  service  loading  has  been 
shown  by  the  above  examples  to  be  an  important  function  of  material  behavior  and 
of  load  level.  The  residual  strength  decay  rate  can  also  be  significantly  affected 
by  geometric  parameters  and  loading  conditions.  In  EXAMPLE  10.7.5,  the  effect  of 
global  and  crack  geometry  is  considered;  and  then  in  EXAMPLE  10.7.6,  the  effect 
of  localized  fastener  loading  is  evaluated. 

EXAMPLE  10.7.5  Effect  of  Geometrical  Parameters 

Using  the  through-the-thickness ,  radially-cracked,  open  hole  geometry  (Figure 
10.7.2)  as  the  baseline  geometry,  two  other  geometrical  configurations  are 
considered:  (1)  the  through- the-thickness,  center-crack  and  (2)  an  open  hole 

with  a  radial  crack  which  transitions  from  a  one-quarter-circular,  corner-crack 
shape  to  a  through-the-thickness-crack  shape.  In  all  cases,  the  width  of  the 
structure  is  considered  sufficient  so  that  it  does  not  influence  the  results. 
Baseline  material  properties  (K  ,  C,  and  n) ,  initial  crack  length  (a^) ,  and 
characteristic  stress  level  (o)  are  as  defined  in  Figure  10.7.2  and  apply  to  all 
three  geometries.  The  center  crack  geometry  does  not  have  a  central  (starter) 
hole;  its  total  initial  length  is  2a^ .  The  radius  (r)  of  the  hole  with  the 
transitioning  crack  is  0.125  inch,  the  same  as  the  baseline  geometry. 
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The  information  presented  at  the  introduction  of  this  section  described  how  the 
residual  stress  relationships  could  be  developed  using  Equations  10.7.1  and  10.7.4 
and  the  stress-intensity  factor  coefficient  for  the  geometry.  The  only  factor 
that  changes  as  a  function  of  geometrical  parameters  is  the  stress-intensity 
factor  coefficient;  Equation  10.7.6  provided  this  coefficient  for  the  baseline 
case.  For  the  through-the-thickness ,  center  crack  configuration,  the  stress- 
intensity  factor  coefficient  is  given  by 

-  =  /tt!  (10.7.12) 
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The  case  of  the  transitioning  corner  crack  requires  that  the  crack  growth  shape 
be  known  throughout  the  interval  of  crack  growth.  As  an  approximation  of  the 
stress-intensity  factor  coefficient  for  this  complicated  problem  EXAMPLE  1.8.5 
was  prepared  and  its  results  are  used  herein.  The  coefficient  is  presented  for 
three  crack  length  intervals: 
for  a  <  0.050  inch 
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for  0.050  <  a  <  0.250 


K  .  0.2783 

—  =  1.376  a 

a 

and  for  a  >  0.250,  Equation  10.7.6  is  used. 


(10.7.14) 


When  the  stress-intensity  factor  coefficients  for  the  given  geometries  are 
utilized  in  conjunction  with  Equation  10.7.1,  the  residual  strength-crack  length 
relationships  shown  in  Figure  10.7.13  are  determined  (K ^  =  30  ksi  /in).  As 
expected,  the  transitioning  corner  crack  geometry  exhibits  residual  strength  which 
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is  greater  than  that  of  the  through-the-thickness  crack  geometry  (baseline)  for 
shorter  cracks.  For  crack  lengths  greater  than  0.250  inch,  the  transitioning 
radial  crack  and  baseline  configurations  exhibit  the  same  residual  strength 
(since  the  stress-intensity  factor  coefficients  are  the  same  here) .  One  inter¬ 
esting  feature  of  Figure  10.7.13  is  that  the  residual  strength  of  the  center 
crack  configuration  is  higher  than  the  radially  cracked  holes  for  short  crack 
lengths  but  rapidly  decreases  with  crack  length  and  eventually  falls  below  the 
residual  strength  exhibited  by  the  cracked  hole.  One  might  puzzle  through  this 
observation  by  noting  that  the  center  crack  has  a  total  length  of  2a,  whereas  the 
radially  cracked  hole  has  an  equivalent  length  of  (a  +  2r) . 

Equation  10.7.4  was  utilized  to  calculate  the  crack  growth  life  relationships  for 
the  three  geometries  and  these  are.  shown  in  Figure  10.7.14.  Because  the  stress- 
intensity  factor  for  the  through-the-thickness  radial  crack  is  initially  higher 
than  those  of  the  other  two  configurations,  the  baseline  configuration  exhibits 
the  fastest  crack  growth  behavior.  The  transitioning  radial-corner-crack  configu¬ 
ration  initially  exhibits  slower  crack  growth  behavior  than  the  baseline  but 
eventually  these  two  crack  growth  curves  become  parallel  (when  the  stress-intensity 
factor  is  the  same,  i.e.  when  a  >  0.250  inch).  The  center  crack  configuration 
exhibits  the  slowest  initial  growth  behavior,  and  this  is  primarily  because  the 
stress-intensity  factor  for  small  crack  lengths  is  substantially  below  that  of 
the  other  two  configurations. 

By  cross-correlating  the  information  presented  in  Figures  10.7.13  and  10.7.14, 
one  is  able  to  construct  the  residual  strength-Hfe  relationships  shown  in  Figure 
10.7.15.  As  anticipated,  the  baseline  configuration  has  the  lowest  residual 


10.7.13 


strength  capability  and  the  center  crack  configuration  exhibits  the  highest 
residual  strength  capacity.  Both  the  baseline  and  center  crack  configurations 
are  also  shown  to  exhibit  an  extensive  region  of  linear  residual  strength  decay 
as  a  function  of  time- in -service.  The  nonlinear  residual  strength  decay  exhibited 
by  the  transitioning  radial  corner  crack  is  attributed  to  the  gradient  in  the 
stress-intensity  factor  coefficient  for  relatively  short  cracks.  Based  on  obser¬ 
vations  in  this  and  other  examples  in  Section  10.7,  it  would  appear  that  one  of 
the  most  important  factors  contributing  to  nonlinear  behavior  is  the  severity  of 
stress-intensity  factor  gradient  (as  a  function  of  crack  length) . 


EXAMPLE  10.7.6  Effect  of  Hole  Loading 


As  a  means  of  evaluating  the  effect  of  fastener  loading  on  the  residual  strength, 
this  example  combines  the  baseline  remote  loading  configuration  described  in 
Figure  10.7.2  with  the  localized  pin  loading  described  in  Figure  10.7.16.  To 
calculate  residual  strength,  the  baseline  material  properties  are  utilized  in 
Equations  10.7.1  and  10.7.4  along  with  the  stress-intensity  factor  associated 
with  the  combined  loading.  Because  the  structural  response  is  linear  elastic, 
stress-intensity  factor  solutions  for  the  remote  (Figure  10.7.2)  and  localized 
(Figure  10.7.16)  loadings  can  be  added  to  obtain  the  stress-intensity  factor 
for  the  combined  loading;  thus, 


KT0TAL  KREM0TE  +  ^OCAL 


(10.7.15) 


where  K is  obtained  from  the  product  of  the  remote  stress  (c)  and  the  stress- 
REMOTE 

intensity  factor  coefficient  given  by  Equation  10.7.6.  ^qCAL  t*ie  stress” 
intensity  factor  associated  with  the  pin  loading.  Reviewing  Subsection  1.7.3, 
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one  finds  that  the  pin  loaded  hole  solution  was  presented  by  Newman  (Equation 
1.7.9),  i.e., 

“LOCAL  -  m  ^  Bra®  <10-7-16) 

where 

6pr-  £„  •  P1  •  £h  •  G1  (10-7-17) 

For  a  wide  plate,  and  are  approximately  1*0  (see  Equation  1.7.11  a  and  b 
with  W  -*  °°)  and  via  Equation  1.7.13 


G1  "  - 


K-f)V7U 


(10.7.18) 


The  function  is  the  Bowie  Beta  factor  that  can  be  obtained  from  Equation  10.7.6 

K 


Fi " 


BOWIE 
c/tt a 


=[  0.6762  + 


0.8734 

0.3246  -f  - 
r  j 


(10.7.19) 


(Newman  used  an  alternate  estimate  of  the  Bowie  Beta  factor  but  Newman’s  estimate 
and  that  of  10.7.19  were  shown  to  be  equivalent).  The  pin  loading  identified  in 
Equation  10.7.16  could  also  be  written  using  the  bearing  stress  ( )  given  by 


BR 


P 

2tB 


(10.7.20) 


As  a  method  of  comparing  the  effect  of  pin  loading  in  conjunction  with  remote 
stress  loading,  the  bearing  to  bypass  ratio  was  used.  The  bearing  to  bypass  ratio 
is  the  ratio  between  the  bearing  stress  (calculated  by  Equation  10.7.20)  and  the 
remote  stress  O  ,  i.e. 


°BR  =  2rB 
°BP  C 


(10.7.21) 
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Various  combinations  of  10.7.31  were  chosen  and  the  residual  strength  relation¬ 
ships  were  then  generated  using  Equations  10.7.1  and  10.7.4.  The  residual 

strength-crack  length  relationships  are  shown  in  Figure  10.7.17  for  K  =  30  ksi 

—8 

/in;  and,  the  crack  length-life  are  shown  in  Figure  10.7.18  for  C  =  1  x  10  and 
n  =  3.0.  By  cross-correlating  the  information  in  Figures  10.7.17  and  10.7.18, 
one  can  generate  the  residual  strength-life  relationships  presented  in  Figure 
10.7.19. 

Based  on  the  results  presented  in  Figures  10.7.17  through  10.7.19,  it  would 
appear  that  bearing  to  bypass  ratios  less  than  0.4  cause  a  relatively  small 
change  in  the  residual  strength/crack  length/life  relationships.  As  the  bearing 
to  bypass  ratio  increases  from  0  to  0.2,  (a)  the  residual  strength  decays  very 
rapidly  in  the  short  crack  region  (Figure  10.7.17),  (b)  a  significant  reduction 
occurs  in  the  crack  growth-life  curves  (Figure  10.7.18),  and  (c)  the  residual 
strength-life  curves  are  progressively  lower  (Figure  10.7.19).  The  collective 
sum  of  these  observations  indicate  that  when  substantial  hole  loading  is  present, 
it  is  necessary  to  account  for  the  hole  loading  when  assessing  the  residual 
strength  and  crack  growth  life  behavior. 
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\  CAPABILITY 

RESIDUAL 

STRENGTH 

°RES 

CRACK  LENGTH,  a 

a.  Residual  Strength  as  a  Function  of  Crack  Length. 


y—  CAPABILITY 

RESIDUAL 

STRENGTH 

- —  - -  REQUIREMENT 

°RES 

FLIGHT  HRS 

b.  Residual  Strength  as  a  Function  of  Service  Life. 

Figure  10.7.1  Types  of  Residual  Strength  Relationships. 
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Baseline  Condit ions 


0 


a  =  0.050  inch 
o 

r  =  0.125  inch 

K  =  30  ksi  /in 

Ic  -8 
C  =  1  x  10 

n  =3.0 

o  =20  ksi 


Figure  10.7.2  Tension-Loaded,  Open  Hole  with  Radial-Through- 
The-Thickness  Crack. 
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RESIDUAL  STRENGTH  (KSI) 


Figure  10.7.3 


Effect  of  Fracture  Toughness  on  the  Residual  Strength 
Crack  Length  Relationship  for  a  Radially  Cracked  Hole 


Figure  10.7.4  Crack  Growth-Life  Relationship  for  the 
Baseline  Geometry. 
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LIFE 


Figure  10.7.5  Effect  of  Fracture  Toughness  on  the  Residual 
Strength-Life  Relationship. 
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Figure  10.7.6  Effect  of  Stress  Level  on  Crack  Growth- 
Life  Relationship. 


Figure  10.7.7  Effect  of  Stress  Level  on  Residual  Strength- 
Life  Relationship. 
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K ,  ks  i  /  in 


Figure  10.7.8  Variation  of  Crack  Growth  Behavior  Resulting  from  a 
Shift  in  the  Power  Law  Curve. 
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Figure  10,7.9  Effect  of  Pre-exponential  Constant  (C)  on 
Residual  Strength-Life  Relationship, 
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Figure  10.7.10  Crack  Growth  Curves  Shown  Passing  Through  Common 
Point,  Used  in  EXAMPLE  10.7.4. 


10.7.24 


Figure  10.7.11  Effect  of  Exponent  n  on  the  Crack  Growth 
Life  Relationship. 


Figure  10.7.12  Effect  of  Exponent  n  on  the  Residual  Strength- 
Life  Relationship. 
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CRACK  LENGTH  (INCHES)  oq  RESIDUAL  STRENGTH  (KSI) 


e  10.7.13  Effect  of  Geometry  on  the  Residual  Strength- 
Crack  Length  Relationship. 


Figure  10.7.14  Effect  of  Geometry  on  the  Crack  Growth- 
Life  Relationship. 
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Figure  10.7.15 


Effect  of  Geometry  on  the  Residual  Strength- 
Life  Relationship. 
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Baseline  Properties 


a  =  0.050  inch 
o 

r  =  0.125  inch 

K  =30  ksi  /in 
cr 

C  =  1  x  10-8 
n  =3.0 


BR 


2rB 


B  =  thickness 

(unspecif ied) 


Figure  10.7.16  Pin  Loading  Configuration  for  a  Radial  Through- 
The-Thickness  Crack. 
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Figure  10.7.17  Effect  of  Pin  Loading  on  the  Residual  Strength- 
Crack  Length  Relationship. 


Figure  10.7.18  Effect  of  Pin  Loading  on  the  Crack  Growth- 
Life  Relationship. 
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Figure  10.7.19  Effect  of  Pin  Loading  on  the  Residual  Strength- 
Life  Relationship. 
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10.8 


RESIDUAL  STRENGTH  ANALYSIS  OF  COCKPIT  LONGERON  REPAIR 


This,  section  provides  example  residual  strength  calculations  for  a 
cockpit  longeron  cracking  problem.  The  calculations  consider  both  the  as- 
manufactured  (unrepaired)  and  repaired  structure.  To  provide  a  point  of 
reference,  two  example  calculations  are  also  performed  to  evaluate  the 
(uncracked)  static  strength  of  the  as-manufactured  and  repaired  structure. 

Figure  1Q.8.1  shows  a  cracked  longeron  on  a  multipurpose  fighter  aircraft. 

The  repair  of  such  a  crack  is  illustrated  in  Figure  10.8.2  and  consists  of 
placing  a  steel  doubler  over  the  cracked  portion  as  shown.  An  examination  of 
the  stress  analysis  report  for  this  aircraft  shows  that  this  part  is  critical 
in  crippling  (localized  static  compressive  failure),  so  the  first  step  in  the 
analysis  is  to  determine  the  effect  that  the  doubler  has  on  the  ability  of  the 
longeron  to  withstand  the  primary  static  compressive  loading  which  may  result 
in  crippling  failure  of  this  component.  The  analysis  of  the  as-manufactured 
and  repaired  structure  to  withstand  crippling  failure  is  provided  in  EXAMPLE 
10.8.1;  subsequently  in  EXAMPLE  10.8.2,  the  residual  strength  behavior  for  the 
cracked  structure  is  determined. 

EXAMPLE  10.8.1  Uncracked  Structure  Crippling  Failure 

This  example  static  analysis  follows  the  standard  methods  typically  used  prior 
to  the  introduction  of  finite  element  methods.  This  type  of  static  analysis 
provides  the  maximum  amount  of  help  to  field  engineering  personnel  who  may  not 
have  access  to  finite  element  modeling  capabilities  or  to  fatigue  crack  growth 
analysis.  It  is  expected  that  engineers  designing  repairs  will  have  a  basic 
understanding  of  strength  of  materials  type  analyses  and  the  associated 
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terminology.  Additional  support  for  basic  strength  and  deflection  analyaea  as. 
well  as  standard  information  used  for  structural  repairs  can  be  found  in  the 
general  manual  on  repairs  (T.O.  1-Q1-1A) . 

Figure  10.8.3  shows  a  typical  section  geometry  for  this,  part  and  the  definition 
of  the  three  elements  used  for  the  analysis.  The  slight  overlap  between  element 
1  and  2  is  considered  to  be  negligible.  As  the  geometry  may  vary  between  models 
the  analytical  results  are  given  only  for  illustration  and  should  not  be  applied 
to  any  specific  repair  situation. 

The  crippling  allowable  stress  (F  )  is  first  determined  for  the  uncracked  part 
from  the  relation: 


F 

cc 


Z  bt  (F  ) 
 cc 


i 


Z  bt 


(10.8.1) 


where  (F  )^  =  element  crippling  allowable,  psi 
b  =  element  width,  in. 
t  =  element  thickness,  in. 

The  element  crippling  allowable  is  obtained  from  design  manuals.  This  analysis 
uses  the  relation  for  a  hinged  element  (conservative)  from  the  AFFDL  Stress 
Analysis  Manual^ pp .  2-89,  2-90.  This  relation  is 


(F  )  . 
cc  1 


0.416  E 

(i  V)  (  ^)2 


where  E  =  modulus  of  elasticity  (10.7  x  10  psi  assumed),  and 
p  =  Poisson's  ratio  (0.3  assumed). 


(10.8.2) 
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Now  setting  up  a  work  table  for  the  present  problem  gives: 


Elem 

b 

t 

bt 

b/t 

(Fcc>i 

bt (Fcc) i 

i 

1.68 

0.156 

0.262 

10.76 

42248 

11068 

2 

1.90 

0.156 

0.296 

12.17 

33016 

9772 

3 

1.59 

0.250 

0.397 

6.3b 

120926 

48007 

I 

=  0.955 

I 

=  68847 

Based  on 

Equation  10 

.8.1,  the  crippling 

allowable  stress 

is : 

F 

cc 

68,847  _ 
0.955 

,091  psi 

(10.8.3) 

Also  from 

the  aircraft  stress 

analysis 

report , 

the 

maximum  compressive 

load  on  the  longeron  is  51,000  lb.  Thus,  the  applied  compressive  stress  (f  )  is 

c 

fc  -  l&SS2  ■  ”’403  psi  <10-8-4) 

and  the  margin  of  safety  is 

F 

M.  S.  =  7^-1=  ^--1  =  +0.349  (10.8.5) 

f  53,403 

c 

Now  the  analysis  must  be  modified  to  account  for  the  replacement  of  the 
cracked  leg  (element  2)  with  the  added  doubler.  The  aircraft  repair  manual 
specifies  a  repair  using  a  4130  steel  sheet  0.090  inches  thick. 

For  the  repair  analysis,  consider  only  the  portion  of  the  added  part  which 
replaces  the  cracked  leg  (element  2)  and  do  not  include  the  portion  which 
doubles  the  uncracked  leg.  This  is  a  conservative  analysis. 
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The  working  analysis,  table  thus  becomes 


Elem 

b 

t 

bt 

b/t 

(Fee) i 

bt (Fcc) i 

1 

1.68 

0.156 

0.262 

10.86 

42248 

11068 

2* 

1.90 

0.090 

0.171 

21.11 

30772 

5262 

3 

1.  59 

0.250 

0. 397 

6. 36 

120926 

48007 

I 

=  0.8  30 

A 

Z  =  64337 

z: 

*  New  element  (E  =  30  x  10  psi  assumed) 


And  the  corresponding  calculations  for  the  repair  are : 


F 

64,337 

7 7,514  psi. 

(10.8.6) 

cc 

0.830 

f  = 

c 

51,000 

0.830 

61,445  psi,  and 

(10.8.7) 

M.  S. 

=  Fqc  _ 

77?51.4  =  +0.261 

61,445 

(10.8.8) 

Thus,  the  repair  leg  can  withstand  the  static  applied  compressive  load  without 
failure  by  crippling,  but  with  a  slightly  lower  margin  than  the  initial  design. 


Now  consider  the  damage  tolerance  analysis  of  this  part.  The  crack  in  the  side 
longeron  is  caused  by  a  side  loading,  represented  by  P  in  Figure  10.8.1.  Only 
the  crippling  stress  is  given  in  the  aircraft  stress  report  for  the  critical 
static  condition,  and  it  is  necessary  to  estimate  the  load  P  in  order  to 
determine  if  the  repair  reduces  the  potential  for  failure. 
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To  conduct  a  residual  strength  analysis,  with  a  crack  present  in  the  structure, 
one  should  follow  the  five-step  procesa  suggested  in  Figure  10.8.4.  This,  fiye- 
step  process  includes; 

1)  Defining  a  structural  model  of  the  crack/ load/geometry . 

2)  Obtaining  the  stress-intensity  factor  relation  for  the  model 
(the  model  selection  may  be  influenced  by  the  availability  of  stress-intensity 
factor  vs  crack  length  relationships) . 

3)  Defining  the  longest  allowable  crack. 

4)  Obtaining  the  fracture  toughness,  K  ,  f°r  the  material.  A  major 
source  is  the  Damage  Tolerant  Design  (Data)  Handbook^.  (This  property  is  a 
function  of  thickness.  If  no  applicable  K  value  is  available,  the  plane- 
strain  fracture  toughness,  K.^,  can  be  used  as  a  lower  bound.) 

5)  Calculating  the  maximum  allowable  load  or  stress. 

For  some  problems,  steps  3  and  5  are  interchanged:  Under  step  3  one  defines 
the  maximum  allowable  load  or  stress  on  the  component  and  then  under  step  5 
one  calculates  the  longest  crack  that  the  structure  could  resist  without 
failure.  Example  10.8.2  illustrates  the  application  of  these  steps  to  both 
unrepaired  and  repaired  structure.  Additional  details  that  support  the  develop¬ 
ment  of  residual  strength  estimate  can  be  found  in  Chapter  4. 
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EXAMPLE  10.8.2  Comparative  Residual  Strength  Analysis 


The  structural  analysis  for  estimating  the  residual  strength  of  unrepaired  and 
repaired  structure  should  follow  the  steps  schematically  illustrated  in 
Figure  10.8.4.  In  the  absence  of  information  in  the  aircraft  stress  analysis 
report,  it  is  necessary  to  estimate  the  load  (and  sometimes  the  loading 
conditions)  associated  with  fracture.  After  the  maximum  allowable  load  or  stress 

is  obtained,  a  similar  procedure  is  followed  to  estimate  the  maximum  allowable 
crack  length  in  the  repair  for  the  same  load.  For  this  problem,  one  additional 
piece  of  imformation  is  available  and  that  is;  the  T0*~3  repair  manual  states 
the  the  longeron  should  not  be  repaired  (but  replaced)  if  the  crack  is  longer 
than  seven  inches.  As  a  first  approximation,  the  maximum  applied  load  should 
not  cause  failure  at  this  maximum  crack  size. 

For  the  cracked  side  longeron,  the  details  associated  with  the  five  steps 
(Figure  10.8.4)  in  the  damage  tolerant  analysis  are  given  below. 

STEP  1.  Model  the  Situation: 

Assume  that  the  structure  is 
a  semi-infinite  plate  with  an 
edge  crack  with  the  loads  applied 
to  the  edge  of  the  plate. 
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STEP  2.  Determine  the  Stress.  Intensity  Factor  Coefficient; 

Table  1.7.2  of  Section  1.7  of  this  handbook  giyes  a  situation  which  is.  similar 
to  the  desired  model; 


(— ) 

Tr  _  2  1  +  F  a/ 

K.  —  —  1 

7T  , - 


2  i  2 

a  -  b 


P  - - 


(10.8.9) 


F  (-)  =  0.2045(1  -  -  )  -  0.3912  (-) 

»  3  a 


+  0.7685  (-)4  -  0.9942  (-)6 
a  a 


(10.8.10) 


+  0.5094  (-) 

a 


Step  3.  Define  the  Longest  Crack  Length: 

The  longest  crack  length  (a  )  was  given  in  the  T.0.-3  repair  manual  as  7  inches; 

cr 

so  determine  the  corresponding  value  of  the  stress-intensity  factor  coefficient 

(K/P)  ,  given  that  the  thickness  (B)  is  0.156  inch  and  that  the  loading  is 

cr 

applied  at  a  position  which  makes  the  offset  parameter- b  (in  Equation  10.8.10) 
zero.  Thus,  substituting  these  values  into  Equations  10.8.9  and  10.8.10  yields: 


(§)  =  3.293  k-s-1- 

CR  kiP 


(10.8.11) 
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Step  4.  Obtain  the  Fracture  Toughness  Value; 


Table  8.18.2.2  on  pp  8.18—10  through  8.18-12  in  the  Damage  Tolerant  Design  (Data) 
Handbook  (MIC-HB—OLLR)  provides  the  following  fracture  toughness.  (K.p  )  data  for 

PiL  I 

7178-T6  and  T651  Aluminum: 


Mean  kapp 

(ksi  /in) 

Thickness 

(inch) 

39.9 

0.064 

46.3 

0.064 

40.9 

0.123 

35.6 

0.25 

Direction 

Number 

of 

Tests 

L-T 

13 

L-T 

5 

L-T 

15 

L-T 

2 

Step  5.  Calculate  the  Maximum  Allowable  Load: 


Using  a  fracture  toughness  value  linearly  interpolated  from  the  Step  4  given 
values , 


K  (=K  )  «  39.5  ksi  /in.,  for  B  -  0.156 

cr  APP  9 

and  the  stress-intensity  factor  coefficient  (K/P)  given  by  Equation  10.8.11, 
one  obtains 

P  =  —7-—  =  39,5  -  =  12.0  kip  (10.8.12) 

(f}CR  3'293 


Applying  this  five  step  process  to  the  cracked  member  has  resulted  in  an 
estimate  of  the  maximum  load  that  could  be  applied  to  the  member  without  failing 
the  member  with  a  7  inch  long  crack.  The  proposed  repair  is  a  patch  that  is 
fastened  to  the  longeron  in  such  a  manner  that  the  patch  can  be  assumed  to 
carry  all  the  load  if  the  longeron  is  cracked  (a  conservative  approximation) , 
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For  the  comparison  with  cracked  (unrepaired)  structure,  the  analyst  can  estimate 
Ca)_  the  load  required  to  cause  the  patch  to  fracture  giyen  the  same  crack  length 
conditions  (3  *  7  inch),  or  (h)  the  critical  crack  length  associated  with 

fracture  of  the  patch  at  the  same  loading  condition  (Pmay  =  12.0  kip)  that  implied 
failure  of  the  unrepaired  structure.  Either  estimate  can  be  used  in  a  comparative 
sense,  relative  to  the  results  of  the  unrepaired  structural  analysis. 

Using  the  same  five  step  process,  we  estimate  the  applied  load  that  would  cause 
failure  of  the  4130  steel  patch  illustrated  in  Figure  10.8.2  with  a  coinciding 
7  inch  long  crack.  Step  1  required  that  we  have  a  structural  model;  again,  the 
edge  crack  geometry  is  chosen.  In  step  2,  the  stress-intensity  factor  is 
chosen  as  before  (Equations  10.8.9  and  10.8.10  with  b  =  0)  .  In  this  analysis, 
the  crack  length  was  established  as  7  inches  long  (Step  3).  In  step  4,  the 
Damage  Tolerant  Design  (Data)  Handbook  is  reviewed  to  establish  a  fracture 
toughness  for  the  4130  steel.  No  values  for  this  steel  are  reported  in  the 
Handbook.  The  properties  for  comparable  steels  4140  and  4340  are  summarized 
below  for  the  lowest  yield  strengths  available  in  the  Handbook. 


Product 

Table 

Page 

Material 

Kt 

Ic 

(ksi  /in) 

Thickness 

a 

ys 

(ksi) 

Direction 

Form 

No. 

No. 

(inch) 

Plate 

6.27.2.1 

6.27-2 

4140 

85.3 

0.994 

159 

T-L 

Plate 

6.27.2.1 

6.27-2 

4140 

58.7 

0.994 

175 

T-L 

Forged  Bar 

6.29.2.1 

6.29-6 

4340 

59.5 

0.600 

195 

L-T 

Billet 

6.29.2.1 

6.29-7 

4340 

76.8 

0.600 

195 

L-T 
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The  plane  strain  fracture  toughness  (K  )  varies  between  58.7  and  85.3  ks.i  for 

the  conditions  given  in  the  table,  and  should  be  used  only  for  guidance, 

considering  (a)  that  the  plane  stress  or  transition  fracture  toughness,  value 

should  be  higher  than  the  plane  strain  values,  and  (b)  that  fracture  toughness 

goes  down  with  increasing  yield  strength.  A  first  order  guess  for  the  plane 

stress  fracture  toughness  of  th°-  4130  steel  at  160  —  180  ksi  yield  strength 

would  be  75  ksi  /in  or  higher  for  the  0.090  inch  thick  doubler.  Using  this 

value  (K  =  75  ksi  /in),  in  step  5,  the  load  is  determined  from 
cr 


P 

max 


K 


Ic 


( -- ) 
v  P  'CR 


(10.8.13) 


where  (K/P)  =  5.708  was  established  from  Equations  10.8.9  and  10.8.10  with 

CR 

a  =7  inch,  thichness  (B)  =  0.090  inch,  and  force  location  parameter  b  equal 
cr 

to  zero.  Solving  Equation  10.8.13  with  KT  and  (K/P)nn  known,  results  in 

IC  L.K 


max 


75.0 

5.708 


=  13.14  kip 


(10.8.14) 


for  the  repair  (Patch  capability  only,  independent  of  supporting/underlying 
structure).  It  can  be  noted  that  the  loading  condition  associated  with  failure 
of  the  unrepaired  structure  (per  Equation  10.8.12)  is  about  10  percent  less 


than  that  required  to  fail  the  patch,  i.e., 

(P„„ ,), 


MS  = 


max  repair 


^max^  unrepaired 


-1 


(10.8.15) 


13.14 

12.00 


-  1  =  +  0.095 
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indicating  that  a  positive  margin  of  safety  exists  for  the  same  type  of  loading 
condition.  Conducting  an  alternate  type  of  analysis  whereby  the  load  on  the 
repaired  structure  is  held  equal  to  that  on  the  unrepaired  structure  shows  that 
the  critical  crack  in  the  repaired  structure  (patch)  is  longer  than  7  inch. 
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CRACK 


P  (Cracking  Load) 


f  (Compressive  Stress) 


Figure  10.8.1 


Cracked  Longeron,  Top  (Material  7178-T6) . 


*  .  911  lOHOUl 


•  CCTtON  A-A 

TmCM.  tQTM  Xfl 


SCCTION 


Figure  10.8.2  Specified  Longeron  Repair. 
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All  Dimensions  in  Inches 


Figure  10.8.3  Section  Geometry. 
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Q  |i* 


1)  Select  Geometry 
Model  . 


2)  Determine  Stress-Intensity 
Factor  Coefficient. 


3)  Define  Longest  Crack 
Length. 


a 


a 

max 


K 


cr 


<s> 


CR 


5)  Compute  Maximum  Stress  (or  Load) . 


Figure  10.8.4  Steps  in  Computation  of  Maximum  Allowable 
Stress  for  Damage  Tolerance  Analysis. 
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RESIDUAL  STRENGTH  ANALYSIS  OF  A  SKIN  PANEL  REPAIR 


This  example  describes  the  analysis  that  might  be  applied  to  a 
typical  one-of-a-kind  type  repair  involving  patching  cracked  skin  panels. 

Figure  10.9.1  describes  a  cracked  lower  wing  skin  panel  as  well  as  a  suggested 
repair.  The  repair  is  expected  to  provide  an  interim  fix  until  a  more  compre¬ 
hensive  repair  can  be  implemented.  The  repair  is  for  a  crack  condition  whereby 
a  crack  is  growing  from  a  hole  centered  between  two  ribs.  Figure  10.9.2  shows 
the  view  looking  up  at  the  lower  skin. 


Based  on  the  aircraft  stress  analysis  report,  the  critical  loading  condition  in 
this  region  of  the  lower  wing  skin  results  from  a  symmetrical  high  load  factor. 
The  aircraft  stress  analysis  report  also  provided  the  axial  and  shear  stresses 
in  the  subject  area  of  the  wing;  these  are: 


axial  stress  (f  )  =  +22,192  psi 

A 


(10.9.1) 


shear  stress  (fg)  =  +20,500  psi 

The  repair  must  he  analysed  to  determine  if  it  provides  an  adequate  margin  of 
static  load  capability  from  both  an  uncracked  and  cracked  point  of  view.  The 
uncracked  (static  strength)  analysis  is  presented  in  EXAMPLE  10.9.1;  the  cracked 
structural  (damage  tolerance)  analysis  then  follows  in  EXAMPLE  10.9.2. 


EXAMPLE  10.9.1  Uncracked  Structural  Analysis 

The  lower  wing  skin  has  a  thickness  of  0.040  inch  and  the  panel  is  6.0  inches 
wide.  These  dimensAona  give  axial  loads  and  shear  flows,  of: 
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Axial  Load,  PA  =  f  A  =  (22,192)  (0.240) 

PA  =  +5326  lb.  (10.9.2) 

Shear  Flow,  q  =  f  t  =  (20,500)  (0.040) 
s 

q  =  +820  lb/in 


Since  the  patch  replaces  one-fourth  of  the  panel,  assume  that  it  also  must 
support  one-fourth  of  the  axial  load  as  well  as  all  of  the  shear  flow.  Based  on 
a  patch  thickness  of  0.090  inches,  and  a  width  of  1.50  inches  (A  =  0.135  inches 
the  stresses  in  the  patch  are: 


2 


) 


Axial  Stress  £\ 
Ap 


Shear  Stress  f<j 
SP 


1  P 

A  ^ 


5326 

(4) (0.135) 


=  9862  psi 


q  _  820 

t  =  0.090 


9100  psi 


(10.9.3) 


Making  allowance  for  the  fastener  holes,  the  net  area  of  the  patch  is 
2 

A  ..  =  0.101  in  .  This  gives  net  stresses  as: 
pN 


f 


net 


9862  (0.135/0.101) 


+  13,181  psi 


(10.9.4) 


f  =  9100  (0.135/0.101)  =  +12,162  psi 
snet 

This  combined  axial  and  shear  stress  state  must  be  analysed  to  determine  the 
values  of  the  largest  axial  and  shear  stresses  that  could  occur  under  a 
rotation  of  the  stress  element.  Figure  10.9.3  shows  a  rotation  of  the  stress 
element  that  produces  the  condition  of  principal  (axial)  stress  —  no  shear 
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stresses  exist  on  the  rotated  element.  A  rotation  of  45  from  the  principal 
stress  directions,  defines  the  direction  where  the  shear  stresses  reach  a 
maximum  condition.  The  maximum  principal  (axial)  stresses  (fAmax»  ^Amin^ 
can  be  determined  using  the  following  stress  transformation  equation. 


^max 

\iin 


+  f 


^max 


-  fc 


3  max 


(10.9.5a) 

(10.9.5b) 


max 


+  f 


(10.9.5c) 


For  the  given  problem,  f  =  f  ,  f  =  0,  and  f  =  f  .  Substituting 


Aj  A  ’  A2 
net 


net 


numerical  values  for  fA  and  f  in  Equation  10.9.5  results  in: 

Ai  s 


max 


VS? 


+  (12,162)  =  13,833  psi 


(10.9.6) 


max 


min 


=  M  +  13,833  =  20,423  psi 
=  ^13>181)  -  13,833  =  -7,242  psi 


for  the  maximum  shear  stress,  and  the  maximum  and  minimum  principal  axial 
stress,  respectively.  Based  on  a  conventional  strength  of  materials  analysis, 
the  element  must  be  rotated  about  31°  counter  clockwise  from  its  current 
orientation  to  achieve  the  maximum  principal  stress  orientation. 
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For  7075-T6,  the  following  ultimate  shear  and  tensile  stress,  values,  respectively. 


are  obtained  from  MIL-HDBK-5,  Table  3.7.3.Q(b)_  (A.  yalnes) 


F  =  47,000  psi 
Su 

F  -  78,000  psi 
tu 


(10.9.7) 


Check  margins: 


„  w  tu  1  78,000  _  l0  oo 

Tension  M.  S.  =  — -  -1  -  — — j-rr  -1  -  +2.8/ 


20,423 


max 


(10.9.8) 


Shear  M.  S.  = 


-JH  a  ^000  *  +2  4q 

f  1  13,833 

s 

max 


Thus,  the  repair  is  satisfactory  for  the  static  loading  condition. 


EXAMPLE  10.9.2  Cracked  Structural  Analysis 

As  a  different  application  of  a  damage  tolerant  analysis,  the  repaired  skin  panel 
shown  in  Figure  10.9.1  is  analysed  for  residual  strength  in  the  presence  of  a 
crack  at  the  edge  of  one  hole.  Following  the  steps  outlined  in  Figure  10.8.4, 
we  obtain: 
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Step  1.  Definition  of  Crack/Load  Model 


The  repair  panel  is  subjected  to  a  biaxial  stress  consisting  of  a 
maximum  principal  stress  of  20,423  psi  and  a  20,423  psi  (tensile) 


minimum  principal  stress  of  -7,242  psi.  It 
is  expected  that  the  crack  will  propagate  in 
a  direction  perpendicular  to  the  maximum 
principal  normal  stress.  Thus,  a  first 
order  model  of  the  crack  and  loading  would 
be  as  shown,  which  neglects  both  width 
effects  and  fastener  hole  loading  effects. 


-U-LLLLL 


7>242  psi  TTTTTTT 

(compressive)  *  T  ▼  T  ▼  ▼  T 


Step  2.  Determine  Stress-Intensity  Factor  Coefficient 


Based  on  the  information  presented  in  subsection  1.7.3  concerning 
cracked  holes,  and  more  specifically  biaxially  loaded,  radially  cracked  holes, 
an  engineer  would  be  able  to  construct  a  stress-intensity  factor  for  the  crack/ 
load  model.  One  interim  step  would  include  developing  an  equal  biaxial  loading 
and  an  uniaxial  loading  from  the  crack/load  model  shown  above,  i.e.,  decompose 
the  unequal  biaxial  load  model  into  the  models  shown  below. 


ft 


'i*' 

ft 


2 

ft 


7,242 


10.9.5 


The  purpose  of  the  decomposition  is  to  allow  the  use  of  the  solutions  given  in 
Figure  1.7.3  repeated  here  as  Figure  10.9.5.  Thus,  the  stress-intensity  factor 
is  obtained  by  adding  the  individual  solutions  to  the  decomposed  crack/load 
models  presented  above;  thus. 


where 


and 


ktotal  Uniaxial  +  “equal  biaxial 
“uniaxial  ■  <20’423  +  7’242) 


UNIAXIAL 


(10.9.9) 


(10.9.9a) 


KEQUAL  BIAXIAL 


-7,242  /iS  *  F  (-) 

1  r  BIAXIAL 


A  3. 

and  the  F^(“)  Beta  factors  are  defined  in  Figure  10.9.5 
Step  3.  Determination  of  K^.  from  Maximum  Crack  Length 


(10.9.9b) 


The  repair  procedure  for  this  item  specifies  that  if  the  crack  in 
the  skin  exceeds  0.75  in.  the  depot  should  be  contacted.  For  the  present  example, 
assume  that  this  is  a  maximum  crack  length  that  could  appear  in  the  repair. 

Thus,  for  the  3/16  inch  diameter  hole: 


r  =  0.09375  inches 

and 

a  _  0.75  R 

r  0.09375  5 


From  Figure  10.9.5,  it  is  seen  that  the  Beta  factors  decrease  as  a  function  of 
(a/r)  and  are  equal  at  the  two  a/r  values  closest  to  a/r  =  8.  We  estimate  that 
F^ (a/r)UNIAXIAL  and  F  (a/r) =  0.774  based  on  linear  extrapolation.  Note 
that  the  influence  of  the  parallel  stress  diminishes  as  the  crack  length 
increases. 
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Calculating  the  stress-intensity  factor  based  on  Equation  10.9.9  gives 


K  =  0.774  (20,423)  Vtt(0.75)  (10.9.10) 

=  24,265  psi  /in  =  24.3  Ksi  /Tn 

Step  4.  Obtain  the  Fracture  Toughness 

The  fracture  toughness  of  7075-T6  aluminum  is  obtained  from  Table 
8. 9. 2. 2  in  the  Damage  Tolerant  Design  Data  Handbook,  and  also  is  given  by  the 
third  value  in  Table  10.9.1.  For  the  0.090  inch  skin  thickness  and  crack 
direction  (across  the  rolling  direction),  the  fracture  toughness  (K^pp)  is 
64.6  Ksi  /in,  with  a  standard  deviation  of  3.2  Ksi  /in.  This  was  a  lucky  find! 
More  frequently  one  would  not  find  a  fracture  toughness  value  for  the  exact  set 
of  circumstances  required  for  positive  reassurance. 

Table  10.9.1  illustrates  how  an  engineer  might  organize  and  summarize  data  for 
a  given  alloy  system  for  comparison  purposes.  The  information  presented  makes 
it  possible  to  compare  the  effect  of  crack  growth  direction,  thickness,  test 
specimen  width,  and  buckling  restraint  on  the  fracture  toughness. 

The  L-T  direction  data  suggest  that  the  fracture  toughness  increases  as  thickness 
increases  from  0.039  to  0.090  inch,  whereas  the  T-L  direction  data  appears  to  be 
independent  of  thickness.  It  is  also  interesting  to  note  from  Table  10.9.1,  that 
the  fracture  toughness  levels  associated  with  L-T  and  T-L  directions  are  within 
ten  percent  of  each  other  for  a  given  thickness.  On  the  basis  of  metallurgical 
considerations,  one  would  expect  that  the  toughness  in  the  L-T  direction  should 
be  higher  than  the  T-L  direction,  and  indeed  for  the  0.039  and  0.090  thickness 
condition,  higher  values  are  associated  with  the  L-T  direction.  At  the  0.063 
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thickness,  however,  the  higher  values  are  associated  with  the  T-L  direction. 

The  above  remarks  should  indicate  that  if  one  wishes  to  make  fracture  toughness 
estimates  in  the  absence  of  data  in  the  direction  of  interest  then  one  might  use 
data  from  another  direction,  but  only  with  caution  and  with  an  understanding  of 
data  trends. 

One  interesting  point  relative  to  the  T-L  direction/0.063  inch  thickness  data 
in  Table  10.9.1  is  that  the  buckling  restrained  fracture  toughness  tests  generated 
increasing  fracture  toughness  values  as  the  width  increased.  The  unrestrained 
tests  developed  data  that  were  relatively  independent  of  test  specimen  width. 

We  also  note  that  the  unrestrained  and  restrained  tests  gave  about  the  same 
fracture  toughness  values  for  test  specimen  widths  which  were  at  and  below 
6.0  inches.  Thus,  for  small  patches,  while  one  might  prefer  to  use  buckling 
restrained  data,  one  could  use  buckling  unrestrained  data  from  small  width  test 
specimens  with  reasonable  confidence  in  the  data. 

In  the  absence  of  data  for  a  specific  set  of  circumstances,  an  engineer  could 
construct  tables  such  as  illustrated  in  Table  10.9.1  and  puzzle  through  to  an 
estimate.  For  safety  considerations,  the  engineer  will  also  chose  to  err  on  the 
conservative  side  when  making  such  estimates. 

Step  5.  Determine  the  Maximum  Stress 

Comparing  the  fracture  toughness  =  64.6  Ksi  / in)  with  the 

applied  stress-intensity  factor  (K  =  24.3  Ksi)  shows  that  a  substantial  margin  of 
safety  is  available  before  failure;  thus. 

Fracture  M.S.  =  -  1  =  -  1  =  1.66  (10.9.11) 

K  24 .  j 
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TABLE  10.9.1 


SUMMARY  OF  K^p  DATA  FOR  7075-T6  SHEET  AT  ROOM  TEMPERATURE 
(Abstracted  from  DTD  HB  TABLE  8. 9. 2. 2) 


Thickness 

kapp 

mean 

(Ksi  /in) 

K  __ 

APP 

std.  dev. 
(Ksi  / in) 

Direction 

Width 

(inch) 

Buckling 

Restraint 

Page 

No. 

0.039 

49.4 

6.3 

L-T 

6 

NO 

8.9-54 

0.063 

51. 1 

2.7 

L-T 

15.8 

NO 

8.9-54 

0.090 

64.6 

3.2 

L-T 

12 

YES 

8.9-51 

0.039 

45.2 

4.9 

T-L 

6 

NO 

8.9-56 

0.063 

53.3 

- 

T-L 

3.03 

YES 

8.9-52 

0.063 

54.3 

1.9 

T-L 

4.5 

YES 

8.9-52 

0.064 

56.7 

- 

T-L 

6 

YES 

8.9-52 

0.061 

59.2 

- 

T-L 

7 

YES 

8.9-52 

0.061 

62.9 

- 

T-L 

8 

YES 

8.9-52 

0.062 

65.0 

4.4 

T-L 

10 

YES 

8.9-52 

0.062 

61.2 

1.5 

T-L 

12 

YES 

8.9-52 

0.064 

65.7 

- 

T-L 

18 

YES 

8.9-53 

0.063 

69.5 

7.4 

T-L 

24 

YES 

8.9-53 

0.061 

50. 1 

0.8 

T-L 

3 

NO 

8.9-57 

0.063 

56.2 

- 

T-L 

6 

NO 

8.9-57 

0.064 

58.4 

- 

T-L 

10 

NO 

8.9-57 

0.063 

54.4 

- 

T-L 

12 

NO 

8.9-57 

0.063 

55.0 

- 

T-L 

15 

NO 

8.9-57 

0.063 

54.8 

1.9 

T-L 

15.8 

NO 

8.9-57 

0.063 

46.0 

5.4 

T-L 

24 

NO 

8.9-58 

0.081 

56.0 

- 

T-L 

30 

NO 

8.9-58 
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The  stress  associated  with  producing  a  fracture  in  the  patch  is  obtained  from 


a 

max 


K 


APP 


© 


a=0. 75 


64.6 

0.774 


=  83.5  Ksi 


(10.9.12) 


a  level  higher  than  the  ultimate  tensile  strength  (see  Equation  10.9.7).  It  is 
therefore  unlikely  that  the  repair  will  fracture  under  the  applied  loading  when 
the  maximum  crack  is  present,  since  the  applied  loading  never  approaches  the 
ultimate  tensile  strength. 
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SKIN 

0.040  7075-T6 


LOOKING  UP  AT  LOWER  SKIN 


NOTES 

1.  Use  repair  doubler  for  cracks  three  fastener  holes  or  more  from  ribs. 


2.  In  cases  where  cracks  exist  both  between  ribs  and  at  ribs  in  one  bay,  or 
there  are  cracks  in  adjacent  bays,  doubler  will  be  extended  to  cover  all 
cracks.  Extend  the  doubler  sufficient  length  to  pick  up  three  undamaged 
fastener  holes  beyond  the  last  cracked  hole. 


Figure  10.9.1  Example  of  Airframe  Lower  Wing  Skin  Crack  Repair. 
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Figure  10.9.2  View  of  Repair  Installation  on  Outer  Wing  Lower  Surface. 


Figure  10.9.3  Rotation  of  Generalized  Stress  Element  to  Produce 
Principal  Stress  Orientation. 


13,833 

-W 


Figure  10.9.4  Rotation  of  Stress  Element  in  Lower  Wing  Skin  to 
Principal  Stress  Direction  (stresses  in  psi) . 
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K  -  a/Ta3 


£ 

r 

?! (~)  i  3  Factor 

For  Radially  Cracked  Sole 

#  3  Factor 

For  Diametrically  Cracked  Hole 

Uniaxial 

Loading 

Case  1.7. 3.1 

Equal  Biaxial 
Loading 

Uniaxial 

Loading 

Case  1.7. 3. 2 

Equal  Biaxial 
Loading 

0.0 

3.39 

2.26 

3.39 

2.26 

0.1 

2.73 

1.98 

2.73 

1.93 

0.2 

2.30 

1.32 

2.41 

1.33 

0.3 

2.04 

1.67 

2.15 

1.70 

0.4 

1.36 

1.53 

1.96 

1.61 

0.5 

1.73 

1.49 

1.33 

1.57 

0.6 

1.64 

1.42 

1.71 

1.52 

0.3 

1.47 

1.32 

1.53 

1.43 

1.0 

1.37 

1.22 

1.45 

1.33 

1.5 

1.13 

1.06 

1.29 

1.26 

2.0 

1.06 

1.01 

1.21 

1.20 

3.0 

0.94 

0.93 

1.14 

1.13 

5.0 

0.31 

0.31 

1.07 

1.06 

10.0 

0.75 

0.75 

1.03 

1.03 

3D 

0.707 

0.707 

1.00 

1.00 

Figure  1.7.3.  Bowie  3  Factors  for  Through-Thickness  Cracks  at  Remotely 
Loaded  Circular  Holes. 
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1 .  SCOPE 

1.1  Purpose.  The  purpose  of  this  standard  is  to  describe  the  Air  Force  Aircraft 
Structural  Integrity  Program,  define  the  overall  requirements  necessary  to 
achieve  structural  integrity  of  USAF  airplanes,  and  specify  acceptance  methods 

of  contractor  compliance.  This  standard  shall  be  used  by: 

a.  Contractors  in  conducting  the  development  of  an  airframe  for  a  particular 
weapon  or  support  system 

b.  Government  personnel  in  managing  the  development,  production,  and  opera¬ 
tional  support  of  a  particular  airplane  system  throughout  its  life  cycle. 

1.2  Applicability.  The  degree  of  applicability  of  the  various  portions  of 
this  standard  may  vary  between  airplane  systems  as  specified  in  1.3. 

1.2.1  Type  of  aircraft.  This  standard  is  directly  applicable  to  manned  power 
driven  aircraft  having  fixed  or  adjustable  fixed  wings  and  to  those  portions 
of  manned  helicopter  and  V/STOL  aircraft  which  have  similar  structural  charac¬ 
teristics.  Helicopter-type  power  transmission  systems,  including  lifting  and 
control  rotors,  and  other  dynamic  machinery,  and  power  generators,  engines, 

and  propulsion  systems  are  not  covered  by  this  standard.  For  unmanned  vehicles, 
certain  requirements  of  this  standard  may  be  waived  or  factors  of  safety  reduced 
commensurate  with  sufficient  structural  safety  and  durability  to  meet  the  intend¬ 
ed  use  of  the  airframe.  Waivers  and  deviations  shall  be  specified  in  the  con¬ 
tract  specifications  and  shall  have  specific  Air  Force  approval  prior  to  commit¬ 
ment  in  the  design. 

1.2.2  Type  of  program.  This  standard  applies  to: 

a.  Future  airplane  systems 

b.  Airplane  systems  procured  by  the  Air  Force  but  developed  under  the  auspices 
of  another  regulatory  activity  (such  as  the  FAA  or  USN) 

c.  Airplanes  modified  or  directed  to  new  missions. 

1.2.3  Type  of  structure.  This  standard  applies  to  metallic  and  nonmetallic 
structures  unless  stated  otherwise  in  the  specifications  referenced  herein. 

1.3  Modifications.  The  Air  Force  will  make  the  decision  regarding  applica¬ 
tion  of  this  standard  and  may  modify  requirements  of  this  standard  to  suit 
system  needs.  The  description  of  the  modifications  shall  be  documented  in 
accordance  with  5.1.1. 
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2.  REFERENCED  DOCUMENTS 


2.1  Issues  of  documents.  The  following  documents,  of  the  issue  in  effect  on 
date  of  invitation  for  bids  or  request  for  proposal,  form  a  part  of  this  stan¬ 
dard  to  the  extent  specified  herein: 

SPECIFICATIONS 


Military 

MI L- 1-6870 

MIL-A-8860 

MIL-A-8861 

MIL-A-8862 

MIL-A-8865 
MI L-A-8866 

MI L-A-8867 
MIL-A-8869 
MIL-A-8870 

MI L-A-8871 

MIL-A-8892 
MIL-A-8893 
MI L-R-83165 
MI L-C-83166 
MI L-A- 83444 

STANDARDS 


Inspection  Program  Requirements,  Nondestructive,  for  Aircraft 
and  Missile  Materials  and  Parts 
Airplane  Strength  and  Rigidity, 

Rigidity, 

Rigidity, 


Airplane  Strength  and 
Airplane  Strength  and 
Handling  Loads 

Airplane  Strength  and  Rigidity, 
Airplane  Strength  and  Rigidity, 
Repeated  Loads,  and  Fatigue 
Airplane  Strength  and  Rigidity, 
Airplane  Strength  and 
Airplane  Strength 
Divergence 
Airplane  Strength 
Tests 

Airplane  Strength 
Airplane  Strength 


General  Specification  for 
Flight  Loads 

Landplane,  Landing  and  Ground 


and 


Rigidity, 

Rigidity, 


Miscellaneous  Loads 
Reliability  Requirements, 

Ground  Tests 

Nuclear  Weapons  Effects 

Vibration  Flutter  and 


and  Rigidity,  Flight  and  Ground  Operations 


and 

and 


Vibration 
Sonic  Fatigue 


Rigidity, 

Rigidity, 

Recorder,  Signal  Data,  MXU-553/A 

Converter-multiplexer,  Signal  Data,  General  Specification  for 
Airplane  Damage  Tolerance  Requirements 


Military 

MI L-STD-499 
MI L-STD- 882 

MI L-STD- 1515 

MI L-STD- 1 568 


Engineering  Management 

System  Safety  Program  for  Systems  and  Associated  Subsystems 
and  Equipment,  Requirements  for 

Fasteners  to  be  Used  in  the  Design  and  Construction  of 
Aerospace  Mechanical  Systems 

Materials  and  Processes  for  Corrosion  and  Prevention  and 
Control  in  Aerospace  Weapons  Systems 


2 

A-7 


MIL- STD-153 OA (11) 


HANDBOOKS 


Military 


MIL-HDBK- 17 
MIL-HDBK-23 


MIL-HDBK-5 


Metallic  Materials  and  Elements  for  Aerospace  Vehicle 
Structures 

Plastics  for  Flight  Vehicles 
Structural  Sandwich  Composites 


Air  Force  Systems  Command  Design  Handbooks 


DH  1-0 
DH  1-2 
DH  2-0 
DH  2-7 


General 

General  Design  Factors 
Aeronautical  Systems 
System  Survivability 


(Copies  of  specifications,  standards,  drawings  and  publications  required  by  con¬ 
tractors  in  connection  with  specific  procurement  functions  should  be  obtained 
from  the  procuring  activity  or  as  directed  by  the  contracting  officer.) 

2.2  Other  publications.  The  following  document  forms  a  part  of  this  standard 
to  the  extent  specified  herein.  Unless  otherwise  indicated,  the  issue  in  effect 
on  date  of  invitation  for  bids  or  request  for  proposal  shall  apply. 

Other  Publications 

MCIC-HB-01  Damage  Tolerance  Design  Handbook 

(Application  for  copies  should  be  addressed  to  the  Metals  and  Ceramics  Infor¬ 
mation  Center,  Battelle  Memorial  Institute,  Columbus,  Ohio  43201.) 

3.  DEFINITIONS.  Definitions  will  be  in  accordance  with  the  documents  listed 
in  Section  2  and  as  specified  herein. 

3.1  Durability.  The  ability  of  the  airframe  to  resist  cracking  (including 
stress  corrosion  and  hydrogen  induced  cracking),  corrosion,  thermal  degrada¬ 
tion,  delamination,  wear,  and  the  effects  of  foreign  object  damage  for  a 
specified  period  of  time. 

3.2  Economic  life.  That  operational  life  indicated  by  the  results  of  the 
durability  test  program,  i.e.,  test  performance  interpretation  and  evaluation 
in  accordance  with  MIL-A-8867  to  be  available  with  the  incorporation  of  Air 
Force  approved  and  committed  production  or  retrofit  changes  and  supporting 
application  of  the  force  structural  maintenance  plan  in  accordance  with  this 
standard.  In  general,  production  or  retrofit  changes  will  be  incorporated  to. 
correct  local  design  and  manufacturing  deficiencies  disclosed  by  test.  It 
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will  be  assumed  that  the  economic  life  of  the  test  article  has  been  attained 
with  the  occurrence  of  widespread  damage  which  is  uneconomical  to  repair  and, 
if  not  repaired,  could  cause  functional  problems  affecting  operational  readi¬ 
ness.  This  can  generally  be  characterized  by  a  rapid  increase  in  the  number 
of  damage  locations  or  repair  costs  as  a  function  of  cyclic  test  time. 

3.3  Initial  quality.  A  measure  of  the  condition  of  the  airframe  relative  to 
flaws,  defects,  or  other  discrepancies  in  the  basic  materials  or  introduced 
during  manufacture  of  the  airframe. 

3.4  Structural  operating  mechanisms.  Those  operating,  articulating,  and 
control  mechanisms  which  transmit  structural  forces  during  actuation  and 
movement  of  structural  surfaces  and  elements. 

3.5  Damage  tolerance.  The  ability  of  the  airframe  to  resist  failure  due  to 
the  presence  of  flaws,  cracks,  or  other  damage  for  a  specified  period  of 
unrepaired  usage. 

4.  GENERAL  REQUIREMENTS 

4.1  Discussion .  The  effectiveness  of  any  military  force  depends  in  part  on 
the  operational  readiness  of  weapon  systems.  One  major  item  of  an  airplane 
system  affecting  its  operational  readiness  is  the  condition  of  the  structure. 

The  complete  structure,  herein  referred  to  as  the  airframe,  includes  the  fuse¬ 
lage,  wing,  empennage,  landing  gear,  control  systems  and  surfaces,  engine 
mounts,  structural  operating  mechanisms,  and  other  components  as  specified  in 
the  contract  specification.  To  maintain  operational  readiness,  the  capabili¬ 
ties,  condition,  and  operational  limitations  of  the  airframe  of  each  airplane 
weapon  and  support  system  must  be  established.  Potential  structural  or  material 
problems  must  be  identified  early  in  the  life  cycle  to  minimize  their  impact  on 
the  operational  force,  and  a  preventive  maintenance  program  must  be  determined 
to  provide  for  the  orderly  scheduling  of  inspections  and  replacement  or  repair 
of  life-limited  elements  of  the  airframe. 

4.1.1  The  overall  program  to  provide  USAF  airplanes  with  the  required  struc¬ 
tural  characteristics  is  referred  to  as  the  Aircraft  Structural  Integrity 
Program  (ASIP).  General  requirements  of  the  AS1P  are  to: 

a.  Establish,  evaluate,  and  substantiate  the  structural  integrity  (airframe 
strength,  rigidity,  damage  tolerance,  and  durability)  of  the  airplane. 

b.  Acquire,  evaluate,  and  utilize  operational  usage  data  to  provide  a  continual 
assessment  of  the  in-service  integrity  of  individual  airplanes. 

c.  Provide  a  basis  for  determining  logistics  and  force  planning  requirements 
(maintenance,  inspections,  supplies,  rotation  of  airp  anes,  system  phaseout, 
and  future  force  structure) . 
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d.  Provide  a  basis  to  improve  structural  criteria  and  methods  of  design, 
evaluation,  and  substantiation  for  future  airplanes. 

4.1.2  The  majority  of  detail  requirements  are  published  in  the  referenced 
military  specifications.  This  standard  repeats  some  of  these  requirements 
for  emphasis  and  contains  additional  requirements  which  are  not  currently 
included  in  the  military  specifications.  Any  differences  in  detail  require¬ 
ments  that  may  exist  between  this  standard  and  the  referenced  documents 
listed  in  Section  2  shall  be  brought  to  the  immediate  attention  of  the  Air 
Force  for  resolution.  The  applicable  specifications,  including  the  latest 
revisions  thereto,  for  a  particular  airplane  shall  be  as  stated  in  the  con¬ 
tract  specifications. 

4.2  Requirements .  ASIP  consists  of  the  following  five  interrelated  functional 
tasks  as  specified  in  table  1  and  figures  1,  2,  and  3: 

a.  Task  I  (design  information):  Development  of  those  criteria  which  must 
be  applied  during  design  so  that  the  specific  requirements  will  be  met. 

b.  Task  II  (design  analysis  and  development  tests):  Development  of  the 
design  environment  in  which  the  airframe  must  operate  and  the  response  of 
the  airframe  to  the  design  environment. 

c.  Task  III  (full  scale  testing):  Flight  and  laboratory  tests  of  the  air¬ 
frame  to  assist  in  determination  of  the  structural  adequacy  of  the  design. 

d.  Task  IV  (force  management  data  package*):  Generation  of  data  required 
to  manage  force  operations  in  terms  of  inspections,  modifications,  and 
damage  assessments. 

e.  Task  V  (force  management):  Those  operations  that  must  be  conducted  by 
the  Air  Force  during  force  operations  to  ensure  damage  tolerance  and  dur¬ 
ability  throughout  the  useful  life  of  individual  airplanes. 

5.  DETAIL  REQUIREMENTS 

5.1  Design  information  (Task  I).  The  design  information  task  encompasses 
those  efforts  required  to  apply  the  existing  theoretical,  experimental, 
applied  research,  and  operational  experience  to  specific  criteria  for  materials 
selection  and  structural  design  for  the  airplane.  The  objective  is  to  ensure 
that  the  appropriate  criteria  and  planned  usage  are  applied  to  an  airplane 
design  so  that  the  specific  operational  requirements  will  be  met.  This  task 
begins  as  early  as  possible  in  the  conceptual  phase  and  is  finalized  in  sub¬ 
sequent  phases  of  the  airplane  life  cycle. 
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5.1.1  ASIP  master  plan.  The  contractor  shall  prepare  an  ASIP  Master  Plan  in 
accordance  with  the  detail  requirements  specified  in  the  contract  specifica¬ 
tions.  The  purpose  of  the  ASIP  Master  Plan  is  to  define  and  document  the 
specific  approach  for  accomplishment  of  the  various  ASIP  tasks  throughout 
the  life  cycle  of  the  airplane.  The  plan  shall  depict  the  time  phased 
scheduling  and  integration  of  all  required  ASIP  tasks  for  design,  develop¬ 
ment,  qualification,  and  tracking  of  the  airframe.  The  plan  shall  include 
discussion  of  unique  features,  exceptions  to  the  requirements  of  this  standard 
and  the  associated  rationale,  and  any  problems  anticipated  in  the  execution 

of  the  plan.  The  development  of  the  schedule  shall  consider  all  interfaces, 
impact  of  schedule  delays  (e.g.,  delays  due  to  test  failure),  mechanisms  for 
recovery  programming,  and  other  problem  areas.  The  plan  and  schedules  shall 
be  updated  annually  and  when  significant  changes  occur.  The  ASIP  Master  Plan 
shall  be  subject  to  approval  by  the  Air  Force. 

5.1.2  Structural  design  criteria.  Detail  structural  design  criteria  for  the 
specific  airplane  shall  be  established  by  the  contractor  in  accordance  with 
the  requirements  of  the  specifications  as  specified  in  5. 1.2.2.  These  speci¬ 
fications  contain  design  criteria  for  strength,  damage  tolerance,  durability, 
flutter,  vibration,  sonic  fatigue,  and  weapons  effects.  The  structural  design 
criteria  for  damage  tolerance  and  durability  are  further  specified  in  5. 1.2.1 
for  special  emphasis. 

5.1.2. 1  Damage  tolerance  and  durability  design  criteria.  The  airframe  shall 
incorporate  materials,  stress  levels,  and  structural  configurations  which: 

a.  Allow  routine  in-service  inspection 

b.  Minimize  the  probability  of  loss  of  the  airplane  due  to  propagation  of 
undetected  cracks,  flaws,  or  other  damage 

c.  Minimize  cracking  (including  stress  corrosion  and  hydrogen  induced  crack¬ 
ing),  corrosion,  delamination,  wear,  and  the  effects  of  foreign  object  damage. 

Damage  tolerance  design  approaches  shall  be  used  to  insure  structural  safety 
since  undetected  flaws  or  damage  can  exist  in  critical  structural  components 
despite  the  design,  fabrication,  and  inspection  efforts  expended  to  eliminate 
their  occurrence.  Durability  structural  design  approaches  shall  be  used  to 
achieve  Air  Force  weapon  and  support  systems  with  low  in-service  maintenance 
costs  and  improved  operational  readiness  throughout  the  design  service  life 
of  the  airplane. 

5. 1.2. 1.1  Damage  tolerance.  The  damage  tolerance  design  requirements  are 
specified  in  MIL-A-83444,  and  shall  apply  to  safety-of- f 1 ight  structure. 

Damage  tolerance  designs  are  categorized  into  two  general  concepts: 

a.  Fail-safe  concepts  where  unstable  crack  propagation  is  locally  contained 
through  the  use  of  multiple  load  paths  or  tear  stoppers 
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b.  Slow  crack  growth  concepts  where  flaws  or  defects  are  not  allowed  to 
attain  the  size  required  for  unstable  rapid  propagation. 

Either  design  concept  shall  assump  the  presence  of  undetected  flaws  or  damage, 
and  shall  have  a  specified  residual  strength  level  both  during  and  at  the  end 
of  a  specified  period  of  unrepaired  service  usage.  The  initial  damage  size 
assumptions,  damage  growth  limits,  residual  strength  requirements  and  the 
minimum  periods  of  unrepaired  service  usage  depend  on  the  type  of  structure 
and  the  appropriate  inspectabi 1 ity  level. 

5. 1.2. 1.2  Durabi 1 ity.  The  durability  design  requirements  are  specified  in 
M1L-A-8866.  The  airframe  shall  be  designed  such  that  the  economic  life  is 
greater  than  the  design  service  life  when  subjected  to  the  design  service  loads/ 
environment  spectrum.  The  design  service  life  and  typical  design  usage  require¬ 
ments  will  be  specified  by  the  Air  Force  in  the  contract  specifications  for 
each  new  airplane.  The  design  objective  is  to  minimize  cracking  or  other 
structural  or  materi  degradation  which  could  result  in  excessive  maintenance 
problems  or  functional  problems  such  as  fuel  leakage,  loss  of  control  effective¬ 
ness,  or  loss  of  cabin  pressure. 

5. 1.2.2  Structural  design  criteria  requirements.  Using  the  requirements  in 
the  System  specification  and  the  referenced  military  specifications  the  con¬ 
tractor  shall  prepare  the  detailed  structural  design  criteria  for  the  particular 
airplane.  These  criteria  and  all  elements  thereof  shall  require  approval  by 
the  Air  Force.  Detail  structural  design  criteria  are  specified  in  AFSC  DH  1-0 
and  DH  2-0  and  in  MIL-A-8860,  MIL-A-8861,  MIL-A-8862,  MIL-A-8865,  M1L-A-8866, 
M1L-A-8869 ,  M1L-A-8870,  M1L-A-8892,  M1L-A-8893,  and  MIL-A-83444.  Where  appli¬ 
cable,  specific  battle  damage  criteria  will  be  provided  by  the  Air  Force. 

These  criteria  will  include  the  threat,  flight  conditions,  and  load  carrying 
capability  and  duration  after  damage  is  imposed,  etc.  The  structure  shall 
be  designed  to  these  criteria  and  to  other  criteria  as  specified  in  AFSC  DH  2-7. 

5.1.3  Damage  tolerance  and  durability  control  plans.  The  contractor  shall 
prepare  damage  tolerance  and  durability  control  plans  and  conduct  the  result¬ 
ing  programs  in  accordance  with  this  standard,  MIL-A-8866,  and  MIL-A-83444. 

The  plans  shall  identify  and  define  all  of  the  tasks  necessary  to  ensure 
compliance  with  the  damage  tolerance  requirements  as  specified  in  5. 1.2. 1.1 
and  MIL-A-83444,  and  the  durability  requirements  as  specified  in  5. 1.2. 1.2 
and  MIL-A-8866.  The  plans  and  their  individual  elements  shall  require  appro¬ 
val  by  the  Air  Force.  The  disciplines  of  fracture  mechanics,  fatigue,  materials 
selection  and  processes,  environmental  protection,  corrosion  prevention  and 
control,  design,  manufacturing,  quality  control,  and  nondestructive  inspection 
are  involved  in  damage  tolerance  and  durability  control.  The  corrosion  pre¬ 
vention  and  control  plan  shall  be  in  accordance  with  MIL- STD- 1568 .  The  plans 
shall  include  the  requirement  to  perform  damage  tolerance  and  durability 
design  concepts/material/weight/performance/cost  trade  studies  during  the 
early  design  phases  to  obtain  low  weight,  cost  effective  designs  which  comply 
with  the  requirements  of  MIL-A-8866  and  MIL-A-83444. 
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5. 1.5.1  Damage  tolerance  control  plan.  The  damage  tolerance  control  plan 
shall  include  as  a  minimum  the  following  tasks: 

a.  Basic  fracture  data  (i.e.,  Kjq,  K^,  KisCC*  da/dn,  etc.)  utilized  in  the 
initial  trade  studies  and  the  final  design  and  analyses  shall  be  obtained 
from  existing  sources  or  developed  as  part  of  the  contract  in  accordance 
with  5.2.1. 

b.  A  fracture  critical  parts  list  shall  be  established  by  the  contractor 
in  accordance  with  MIL-A-83444.  The  fracture  critical  parts  list  shall 
require  approval  by  the  Air  Force  and  the  list  shall  be  kept  current  as  the 
design  of  the  airframe  progresses. 

c.  Design  drawings  for  the  fracture  critical  parts  shall  identify  critical 
locations  and  special  processing  (e.g.,  shot  peening)  and  inspection 

requirements . 

d.  Complete  nondestructive  inspection  requirements,  process  control  require¬ 
ments,  and  quality  control  requirements  for  fracture  critical  parts  shall  be 
established  by  the  contractor  and  shall  require  approval  by  the  Air  Force. 
Nondestructive  inspections  shall  comply  with  MIL-I-6870.  This  task  shall 
include  the  proposed  plan  for  certifying  and  monitoring  subcontractor,  vendor, 
and  supplier  controls. 

e.  The  damage  tolerance  control  plan  shall  include  any  special  nondestructive 
inspection  demonstration  programs  conducted  in  accordance  with  the  requirements 
of  MIL-A-83444. 

f.  Material  procurement  and  manufacturing  process  specifications  shall  be 
developed  and  updated  as  necessary  to  minimize  the  possibility  that  basic 
materials  and  the  resulting  fracture  critical  parts  have  fracture  toughness 
properties  in  the  important  loading  directions  which  are  less  than  those 
used  in  design. 

g.  Traceability  requirements  shall  be  defined  and  imposed  by  the  contractor 

on  those  fracture  critical  parts  that  receive  prime  contractor  or  subcontractor 
in-house  processing  and  fabrication  operations  which  could  degrade  the  design 
material  properties. 

h.  Damage  tolerance  analyses,  development  testing,  and  full  scale  testing  shall 
be  performed  in  accordance  with  this  standard,  MIL-A-8867  and  MIL-A-83444. 

i.  For  all  fracture  critical  parts  that  are  designed  for  a  degree  of  inspect  - 
ability  other  than  in-service  noninspectable,  the  contractor  shall  define  the 
necessary  inspection  procedures  for  field  use  for  each  appropriate  degree  of 
inspectabi lity  as  specified  in  MIL-A-83444. 
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5. 1.3.2  Durability  control  plan.  The  durability  control  plan  shall  include 
as  a  minimum  the  following  tasks: 

a.  A  disciplined  procedure  for  durability  design  shall  be  implemented  to 
minimize  the  possibility  of  incorporating  adverse  residual  stresses,  local 
design  details,  materials,  processing,  and  fabrication  practices  into  the 
airplane  design  and  manufacture  which  could  lead  to  cracking  or  failure 
problems  (i.e.,  those  problems  which  have  historically  been  found  early  during 
durability  testing  or  early  in  service  usage).  The  durability  control  plan 
shall  encompass  the  requirements  specified  in  the  durability  detail  design 
procedures  of  MIL-A-8866. 

b.  Basic  data  (i.e.,  initial  quality  distribution,  fatigue  allowables,  etc.) 
utilized  in  the  initial  trade  studies  and  the  final  design  and  analyses  shall 
be  obtained  from  existing  sources  or  developed  as  part. of  the  contract  in 
accordance  with  5.2.1. 

c.  A  criteria  for  identifying  durability  critical  parts  shall  be  established 

by  the  contractor  and  shall  require  approval  by  the  Air  Force.  It  is  envisioned 
that  durability  critical  parts  will  be  expensive,  noneconomical-to-replace  parts 
that  are  either  designed  and  sized  by  the  durability  requirements  of  MIL-A-8866 
or  could  be  designed  and  sized  by  the  requirements  of  MIL-A-8866  if  special 
control  procedures  are  not  employed.  A  durability  critical  parts  list  shall 
be  established  by  the  contractor  and  shall  be  kept  current  as  the  design  of 
the  airframe  progresses. 

d.  Design  drawings  for  the  durability  critical  parts  shall  identify  critical 
locations  and  special  processing  and  inspection  requirements. 

e.  Material  procurement  and  manufacturing  process  specifications  shall  be 
developed  and  updated  as  necessary  to  minimize  the  possibility  that  initial 
quality  is  degraded  below  that  assumed  in  the  design. 

f.  Experimental  determination  sufficient  to  estimate  initial  quality  by 
microscopic  or  fractographic  examination  shall  be  required  for  those  struc¬ 
tural  areas  where  cracks  occur  during  full  scale  durability  testing.  The 
findings  shall  be  used  in  the  full  scale  test  data  interpretation  and  evalu¬ 
ation  task  as  specified  in  5.3.8  and,  as  appropriate,  in  the  development  of 
the  force  structural  maintenance  plan  as  specified  in  5.4.3. 

g.  Durability  analyses,  development  testing,  and  full  scale  testing  shall 
be  performed  in  accordance  with  this  standard,  MIL-A-8866,  and  MIL-A-8867. 
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5.1.4  Selection  of  materials,  processes,  and  joining  methods.  Materials, 
processes,  and  joining  methods  shall  be  selected  to  result  in  a  light-weight, 
cost-effective  airframe  that  meets  the  strength,  damage  tolerance,  and  dur¬ 
ability  requirements  of  this  standard  and  supporting  specifications.  A 
primary  factor  in  the  final  selection  shall  be  the  results  of  the  design 
concept/material/weight/cost  trade  studies  performed  as  a  part  of  the  damage 
tolerance  and  durability  control  programs. 

5. 1.4.1  Structural  materials,  processes,  and  joining  methods  selection  require¬ 
ments.  In  response  to  the  request  for  proposal,  prospective  contractors  shall 
identify  the  proposed  materials,  processes,  and  joining  methods  to  be  used  in 
each  of  the  structural  components  and  the  rationale  for  the  individual  selec¬ 
tions.  After  contract  award  and  during  the  design  activity,  the  contractor 
shall  document  the  complete  rationale  used  in  the  final  selection  for  each 
structural  component.  This  rationale  shall  include  all  pertinent  data  upon 
which  the  selections  were  based  including  the  data  base,  previous  experience, 
and  trade  study  results.  The  requirements  of  AFSC  DH  1-2,  Sections  7A,  para¬ 
graph  entitled,  Materials,  and  7B,  paragraph  entitled,  Processes,  shall  be  met 

as  applicable.  The  selection  of  fasteners  shall  be  in  accordance  with  MIL-STD- 151 5. 
The  materials,  processes,  and  joining  method  selections  for  fracture  and  durability 
critical  parts  shall  require  approval  by  the  Air  Force. 

5.1.5  Design  service  life  and  design  usage.  The  Air  Force  will  provide  the 
required  design  service  life  and  typical  design  usage  as  part  of  the  contract 
specifications.  These  data  shall  be  used  in  the  initial  design  and  analysis 
of  the  airframe.  The  design  service  life  and  design  usage  will  be  established 
through  close  coordination  between  the  procuring  activity  and  the  advanced 
planning  activities  (i.e.,  Hq  (JSAF,  Hq  AFiSC,  Hq  AFLC,  and  using  commands). 

Design  mission  profiles  and  mission  mixes  which  are  realistic  estimates  of 
expected  service  usage  will  be  established.  It  is  recognized  that  special 
force  management  actions  will  probably  be  required  (i.e.,  early  retirement, 
early  modification,  or  rotation  of  selected  airplanes)  if  the  actual  usage 

is  more  severe  than  the  design  usage.  All  revisions  in  these  data  subsequent 
to  contract  negotiations  shall  be  at  the  discretion  of  the  Air  Force  but  will 
require  separate  negotiations  between  the  Air  Force  and  contractor. 

5.2  Design  analyses  and  development  tests  (Task  II).  The  objectives  of  the 
design  analyses  and  development  tests  task  are  to  determine  the  environments 
in  which  the  airframe  must  operate  (load,  temperature,  chemical,  abrasive, 
vibratory  and  acoustic  environment)  and  to  perform  preliminary  analyses  and 
tests  based  on  these  environments  to  design  and  size  the  airframe  to  meet 
the  required  strength,  damage  tolerance,  and  durability  requirements. 

5.2.1  Material  and  joint  allowables.  The  contractor  shall  utilize  as  appro¬ 
priate  the  materials  and  joint  allowables  data  in  MIL-HDBK-5,  MIL-HDBK-17, 
4IL-HDBK-23,  and  MCIC-HDBK-01  to  support  the  various  design  analyses.  Other 
data  sources  may  also  be  used  but  will  require  approval  by  the  Air^Force. 
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For  those  cases  where  there  are  insufficient  data  available,  the  contractor 
shall  formulate  and  perform  experimental  programs  to  obtain  the  data.  Genera¬ 
tion  and  analysis  of  test  data  shall  meet  the  requirements  of  MIL-HDBK-5.  The 
scope  of  these  programs  sha’l  be  defined  by  the  prospective  contractors  in 
their  responses  to  the  request  for  proposal  and  shall  require  approval  by  the 
Air  Force. 

5.2.2  Loads  analysis.  The  contractor  shall  comply  with  the  detail  require¬ 
ments  for  loads  analysis  as  specified  in  the  contract  specifications.  The 
loads  analysis  shall  consist  of  determining  the  magnitude  and  distribution 
of  significant  static  and  dynamic  loads  which  the  airframe  may  encounter  when 
operating  within  the  envelope  established  by  the  structural  design  criteria. 
This  analysis  consists  of  determining  the  flight  loads,  ground  loads,  power- 
plant  loads,  control  system  loads,  and  weapon  effects.  When  applicable,  this 
analysis  shall  include  the  effects  of  temperature,  aeroelasticity ,  and  dynamic 
response  of  the  airframe. 

5.2.5  Design  service  loads  spectra.  The  contractor  shall  comply  with  the 
detail  requirements  for  design  service  loads  spectra  in  MIL-A-8866  as  speci¬ 
fied  in  the  contract  specifications.  These  spectra  shall  require  approval 
by  the  Air  Force.  The  purpose  of  the  design  service  loads  spectra  is  to 
develop  the  distribution  and  frequency  of  loading  that  the  airframe  will 
experience  based  on  the  design  service  life  and  typical  design  usage.  The 
design  service  loads  spectra  and  the  design  chemical/thermal  environment 
spectra  as  specified  in  5.2.4  will  be  used  to  develop  design  flight-by-f light 
stress/environment  spectra  as  appropriate  to  support  the  various  analyses  and 
test  tasks  specified  herein. 

5.2.4  Design  chemical/thermal  environment  spectra.  The  contractor  shall 
comply  with  the  detail  requirements  for  design  chemical/thermal  environment 
spectra  in  MIL-A-8866  as  specified  in  the  contract  specifications.  These 
spectra  shall  require  approval  by  the  Air  Force.  These  spectra  shall  charac¬ 
terize  each  environment  (i.e.,  intensity,  duration,  frequency  of  occurrence, 
etc. ) . 

5.2.5  Stress  analysis.  The  contractor  shall  comply  with  the  detail  require¬ 
ments  for  stress  analysis  as  specified  in  the  contract  specifications.  This 
analysis  shall  require  approval  by  the  Air  Force.  The  stress  analysis  shall 
consist  of  the  analytical  determination  of  the  stresses,  deformation,  and 
margins  of  safety  resulting  from  the  external  loads  and  temperatures  imposed 
on  the  airframe.  The  ability  of  the  airframe  to  support  the  critical  loads 
and  to  meet  the  specified  strength  requirements  shall  be  established.  In 
addition  to  verification  of  strength  the  stress  analysis  shall  be  used  as  a 
basis  for  durability  and  damage  tolerance  analyses,  selection  of  critical 
structural  components  for  design  development  tests,  material  review  actions, 
and  selection  of  loading  conditions  to  be  used  in  the  structural  testing. 
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The  stress  analysis  shall  also  be  used  as  a  basis  to  determine  the  adequacy 
of  structural  changes  throughout  the  life  of  the  airplane  and  to  determine 
the  adequacy  of  the  structure  for  new  loading  conditions  that  result  from 
increased  performance  or  new  mission  requirements.  The  stress  analysis  shall 
be  revised  to  reflect  any  major  changes  to  the  airframe  or  to  the  loading 
conditions  applied  to  the  airframe. 

5.2.6  Damage  tolerance  analysis.  The  contractor  shall  comply  with  the  detail 
requirements  for  damage  tolerance  analysis  in  MIL-A-83444  as  specified  in  the 
contract  specifications.  This  analysis  shall  require  approval  by  the  Air  Force. 
The  purpose  of  this  analysis  is  to  substantiate  the  ability  of  the  structural 
components  to  meet  the  requirements  of  MIL-A-83444. 

5. 2. 6.1  Analysis  procedures.  The  design  f 1 ight-by- f 1 ight  stress/environment 
spectra  based  on  the  requirements  of  5.2.3  and  5.2.4  shall  be  used  in  the 
damage  growth  analysis  and  verification  tests.  The  calculations  of  critical 
flaw  sizes,  residual  strengths,  safe  crack  growth  periods,  and  inspection 
intervals  shall  be  based  on  existing  fracture  test  data  and  basic  fracture 
allowables  data  generated  as  a  part  of  the  design  development  test  program. 

The  effect  of  variability  in  fracture  properties  on  the  analytical  results 
shall  be  accounted  for  in  the  damage  tolerance  design. 

5.2.7  Durability  analysis.  The  contractor  shall  comply  with  the  detail  require¬ 
ments  for  durability  analysis  in  MIL-A-8866  as  specified  in  the  contract  speci¬ 
fications.  This  analysis  shall  require  approval  by  the  Air  Force.  The  purpose 
of  this  analysis  is  to  substantiate  the  ability  of  the  structure  to  meet  the 
requirements  of  MIL-A-8866. 

5. 2. 7.1  Analysis  procedures.  The  design  flight-by-flight  stress/environment 
spectra  based  on  the  requirements  of  5.2.3  and  5.2.4  shall  be  used  in  the 
durability  analysis  and  verification  tests.  The  analysis  approach  shall 
account  for  those  factors  affecting  the  time  for  cracks  or  equivalent  damage 
to  reach  sizes  large  enough  to  cause  uneconomical  functional  problems,  repair, 
modification,  or  replacement.  These  factors  shall  include  initial  quality 
and  initial  quality  variations,  chemical/thermal  environment,  load  sequence 
and  environment  interaction  effects,  material  property  variations,  and  analy¬ 
tical  uncertainties.  In  addition  to  providing  analytical  assurance  of  a 
durable  design,  the  durability  analysis  will  provide  a  basis  for  development 
of  test  load  spectra  to  be  used  in  the  design  development  and  full  scale 
durability  tests. 

5.2.8  Sonic  durability  analysis.  The  contractor  shall  comply  with  the  detail 
requirements  for  sonic  durability  analysis  in  M1L-A-8893  as  specified  in  the 
contract  specifications.  This  analysis  shall  require  approval  by  the  Air  Force. 
The  objective  of  the  sonic  durability  analysis  is  to  ensure  that  the  airframe 

is  resistant  to  sonic  durability  cracking  throughout  the  design  service  life. 
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The  analysis  shall  define  the  intensity  of  the  acoustic  environment  from 
potentially  critical  sources  and  shall  determine  the  dynamic  response,  includ¬ 
ing  significant  thermal  effects.  Potentially  critical  sources  include  but  are 
not  limited  to  powerplant  noise,  aerodynamic  noise  in  regions  of  turbulent  and 
separated  flow,  exposed  cavity  resonance,  and  localized  vibratory  forces. 

5.2.9  Vibration  analysis.  The  contractor  shall  comply  with  the  detail  require¬ 
ments  for  vibration  analysis  in  MIL-A-8892  as  specified  in  the  contract  speci¬ 
fications.  This  analysis  shall  require  approval  by  the  Air  Force.  The  design 
shall  control  the  structural  vibration  environment  and  the  analysis  shall  pre¬ 
dict  the  resultant  environment  in  terms  of  vibration  levels  in  various  areas 

of  the  airplane  such  as  the  crew  compartment,  cargo  areas,  equipment  bays,  etc. 
The  structure  in  each  of  these  areas  shall  be  resistant  to  unacceptable  crack¬ 
ing  as  specified  in  5.2.7. 1  due  to  vibratory  loads  throughout  the  design  service 
life.  In  addition,  the  design  shall  control  the  vibration  levels  to  that  neces¬ 
sary  for  the  reliable  performance  of  personnel  and  equipment  throughout  the 
design  life  of  the  airplane. 

5.2.10  Flutter  and  divergence  analysis.  The  contractor  shall  comply  with  the 
detail  requirements  for  flutter  and  divergence  analysis  in  MIL-A-8870  as  speci¬ 
fied  in  the  contract  specifications.  This  analysis  shall  require  approval  by 
the  Air  Force.  The  analysis  shall  consist  of  determination  of  the  airplane 
flutter  and  divergence  characteristics  resulting  from  the  interaction  of  the 
aerodynamic,  inertia,  and  elastic  characteristics  of  the  components  involved. 

The  objective  of  the  analysis  is  to  substantiate  the  ability  of  the  airplane 
structure  to  meet  the  specified  flutter  and  divergence  margins.  Flutter 
analysis  for  failure  modes  as  agreed  to  by  the  Air  Force  and  the  contractor 
shall  also  be  conducted. 

5.2.11  Nuclear  weapons  effects  analyses.  The  contractor  shall  comply  with 
the  detail  requirements  for  nuclear  weapons  effects  analyses  in  MIL-A-8869 
as  specified  in  the  contract  specifications.  These  analyses  shall  require 
approval  by  the  Air  Force.  The  objectives  of  the  nuclear  weapons  effects 
analyses  are  to: 

a.  Verify  that  the  design  of  the  airframe  will  successfully  resist  the  speci¬ 
fied  environmental  conditions  with  no  more  than  the  specified  residual  damage 

b.  Determine  the  structural  capability  envelope  and  crew  radiation  protection 
envelope  for  other  degrees  of  survivability  (damage)  as  may  be  required. 

The  contractor  shall  prepare  detail  design  criteria  and  shall  conduct  the 
nuclear  weapons  effects  analyses  for  transient  thermal,  overpressure,  and 
gust  loads  and  provide  the  substantiation  of  allowable  structural  limits  on 
the  structures  critical  for  these  conditions.  The  contractor  shall  also 
prepare  and  report  the  nuclear  weapons  effects  capability  envelope,  including 
crew  radiation  protection,  for  a  specified  range  of  variations  of  weapon 
delivery  trajectories,  weapon  size,  aircraft  escape  maneuvers,  and  the  result¬ 
ing  damage  limits. 
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5.2.12  Non-nuclear  weapons  effects  analysis.  The  contractor  shall  comply  with 
the  detail  requirements  for  non-nuclear  weapons  effects  analysis  in  AFSC  DH  2-7 
as  specified  in  the  contract  specifications.  This  analysis  shall  require  appro¬ 
val  by  the  Air  Force. 

5.2.13  Design  development  tests.  The  contractor  shall  comply  with  the  detail 
requirements  for  design  development  tests  in  MIL-A-8867,  MIL-A-8870,  MIL-A-8892, 
and  MIL-A-8893  as  specified  in  the  contract  specifications.  The  design  develop¬ 
ment  test  program  shall  require  approval  by  the  Air  Force.  The  objectives  of 
the  design  development  tests  are  to  establish  material  and  joint  allowables; 

to  verify  analysis  procedures;  to  obtain  early  evaluation  of  allowable  stress 
levels,  material  selections,  fastener  systems,  and  the  effect  of  the  design 
chemical/thermal  environment  spectra;  to  establish  flutter  characteristics 
through  wind  tunnel  tests;  and  to  obtain  early  evaluation  of  the  strength, 
durability  (including  sonic  durability),  and  damage  tolerance  of  critical 
structural  components  and  assemblies.  Examples  of  design  development  tests 
are  tests  of  coupons;  small  elements;  splices  and  joints;  panels;  fittings; 
control  system  components  and  structural  operating  mechanisms;  and  major  com¬ 
ponents  such  as  wing  carry  through,  horizontal  tail  spindles,  wing  pivots, 
and  assemblies  thereof.  Prospective  contractors  shall  establish  the  scope 
of  their  proposed  test  program  in  their  response  to  the  request  for  proposal. 
After  contract  award  and  during  the  design  analysis  task,  the  contractor (s) 
shall  finalize  the  plans  and  submit  them  to  the  Air  Force  for  approval.  The 
contractor  shall  revise  and  maintain  approved  updated  versions  of  the  test 
plans  as  the  design  develops.  The  plans  shall  consist  of  information  such 
as  rationale  for  selection  of  scope  of  tests;  description  of  test  articles, 
procedures,  test  loads  and  test  duration;  and  analysis  directed  at  establish¬ 
ing  cost  and  schedule  trade-offs  used  to  develop  the  program. 

5.3  Full  scale  testing  (Task  III).  The  objective  of  this  task  is  to  assist 
in  determining  the  structural  adequacy  of  the  basic  design  through  a  series 
of  ground  and  flight  tests. 

5.3.1  Static  tests.  The  contractor  shall  comply  with  the  detail  requirements 
for  static  tests  in  MIL-A-8867  as  specified  in  the  contract  specifications. 

Prior  to  initiation  of  testing,  the  test  plans,  procedures,  and  schedules  shall 
be  subject  to  approval  by  the  Air  Force.  The  static  test  program  shall  consist 
of  a  series  of  laboratory  tests  conducted  on  an  instrumented  airframe  that 
simulates  the  loads  resulting  from  critical  flight  and  ground  handling  condi¬ 
tions.  Thermal  environment  effects  shall  be  simulated  along  with  the  load 
application  on  airframes  where  operational  environments  impose  significant 
thermal  effects.  The  primary  purpose  of  the  static  test  program  is  to  verify 
the  design  ultimate  strength  capabilities  of  the  airframe.  Full  scale  static 
tests  to  design  ultimate  loads  shall  be  required  except: 

a.  Where  it  is  shown  that  the  airframe  and  its  loading  are  substantially  the 
same  as  that  used  on  previous  aircraft  where  the  airframe  has  been  verified 
by  full  scale  tests 
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b.  Where  the  strength  margins  (particularly  for  stability  critical  structure) 
have  been  demonstrated  by  major  assembly  tests. 

When  full  scale  ultimate  load  static  tests  are  not  performed,  it  shall  be  a 
program  requirement  to  conduct  a  strength  demonstration  proof  test.  Deletion 
of  the  full  scale  ultimate  load  static  tests  shall  require  approval  by  the 
Air  Force.  Functional  and  inspection  type  proof  test  requirements  shall  be 
in  accordance  with  MIL-A-8867. 

5.3.1. 1  Schedule  requirement.  The  full  scale  static  tests  shall  be  scheduled 
such  that  the  tests  are  completed  in  sufficient  time  to  allow  removal  of  the 
80  percent  limit  restrictions  on  the  flight  test  airplanes  in  accordance  with 
MIL-A-8871  and  allow  unrestricted  flight  within  the  design  envelope  on  schedule. 

5.3.2  Durability  tests.  The  contractor  shall  comply  with  the  detail  require¬ 
ments  for  durability  tests  in  MIL-A-8867  as  specified  by  the  contract  specifi¬ 
cations.  Prior  to  initiation  of  testing,  the  test  plans,  procedures,  and 
schedules  shall  require  approval  by  the  Air  Force.  Durability  tests  of  the 
airframe  shall  consist  of  repeated  application  of  the  flight-by-flight  design 
service  loads/environment  spectra.  The  objectives  of  the  full  scale  durability 
tests  are  to: 

a.  Demonstrate  that  the  economic  life  of  the  test  article  is  equal  to  or 
greater  than  the  design  service  life  when  subjected  to  the  design  service 
loads/environment  spectra 

b.  Identify  critical  areas  of  the  airframe  not  previously  identified  by 
analysis  or  component  testing 

c.  To  provide  a  basis  for  establishing  special  inspection  and  modification 
requirements  for  force  airplanes. 

5. 3. 2.1  Selection  of  test  articles.  The  test  article  shall  be  an  early  Full 
Scale  Development  (FSD)  or  Research  Development  Test  5  Evaluation  (RDTSE) 
airframe  and  shall  be  as  representative  of  the  operational  configuration  as 
practical.  If  there  are  significant  design,  material,  or  manufacturing  changes 
between  the  test  article  and  production  airplanes,  durability  tests  of  an 
additional  article  or  selected  components  and  assemblies  thereof  shall  be 
required. 

5. 3.2. 2  Schedule  requirements.  The  full  scale  airframe  durability  test  shall 
be  scheduled  such  that  one  lifetime  of  durability  testing  plus  an  inspection 
of  critical  structural  areas  in  accordance  with  5. 3. 2. 2. a  and  b  shall  be  com¬ 
pleted  prior  to  full  production  go  ahead  decision.  Two  lifetimes  of  durability 
testing  plus  an  inspection  of  critical  structural  areas  in  accordance  with 
5.3.2. 3. a  and  b  shall  be  scheduled  to  be  completed  prior  to  delivery  of  the 
first  production  airplane.  If  the  economic  life  of  the  test  article  is  reached 
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prior  to  two  lifetimes  of  durability  testing,  sufficient  inspection  in  accord¬ 
ance  with  5. 3. 2. 3. a  and  b  and  data  evaluation  shall  be  completed  prior  to 
delivery  of  the  first  production  airplane  to  estimate  the  extent  of  required 
production  changes  and  retrofit.  In  the  event  the  original  schedule  for  the 
production  decision  and  production  delivery  milestones  become  incompatible 
with  the  above  schedule  requirements,  a  study  shall  be  conducted  to  assess 
the  technical  risk  and  cost  impacts  of  changing  these  milestones.  An  important 
consideration  in  the  durability  test  program  is  that  it  be  completed  at  the 
earliest  practical  time.  This  is  needed  to  minimize  force  modifications  due 
to  deficiencies  found  during  testing.  To  this  end  the  following  needs  to  be 
accomplished : 

a.  Timely  formulation  of  the  test  load  spectra 

b.  Early  delivery  of  the  test  article 

c.  Early  establishment  of  managerial  and  contractual  procedures  for  minimizing 
downtime  in  the  event  of  a  test  failure. 

Truncation,  elimination,  or  substitution  of  load  cycles  in  the  test  spectra 
to  reduce  test  time  and  cost  will  be  allowed.  The  contractor  shall  define 
by  analysis  and  laboratory  experiment  the  effect  of  any  proposed  truncation 
on  the  time  to  reach  detrimental  crack  sizes  to  comply  with  the  durability 
and  damage  tolerance  requirements  of  MIL-A-8866  and  MIL-A-83444  respectively. 
The  results  of  these  analyses  and  experiments  shall  be  used  to  establish  the 
final  test  spectra  and,  as  necessary,  to  interpret  the  test  results.  The 
final  test  spectra  shall  require  approval  by  the  Air  Force. 

5. 3. 2. 3  Inspections .  Major  inspection  programs  shall  be  conducted  as  an 
integral  part  of  the  full  scale  airframe  durability  test.  The  inspection 
programs  shall  require  approval  by  the  Air  Force.  These  inspection  programs 
shall  include: 

a.  In-service  design  inspections  developed  in  accordance  with  the  damage 
tolerance  requirements  of  MIL-A-83444  and  the  durability  requirements  of 
MIL-A-8866 

b.  Special  inspections  to  monitor  the  status  of  critical  areas  and  support 
the  milestone  schedule  requirements  of  5. 3. 2.2 

c.  Teardown  inspection  at  the  completion  of  the  full  scale  durability  test 
including  any  scheduled  damage  tolerance  tests  to  support  the  interpretation 
and  evaluation  task  of  5.3.8. 
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5. 3. 2. 4  Test  duration.  The  minimum  durability  test  duration  shall  be  as 
specified  in  MIL-A-8867.  It  may  be  advantageous  to  the  Air  Force  to  continue 
testing  beyond  the  minimum  requirement  to  determine  life  extension  capabili¬ 
ties  and  validate  design  life  capability  for  usage  that  is  more  severe  than 
design  usage.  The  decision  to  continue  testing  beyond  the  minimum  duration 
shall  be  made  based  upon  a  joint  reView  by  the  contractor  and  appropriate 
Air  Force  activities.  The  prospective  contractors  shall  provide,  in  their 
responses  to  the  request  for  proposal,  the  estimated  cost  and  schedule  for 
two  additional  lifetimes  of  durability  testing  beyond  the  minimum  requirement. 

5.3.3  Damage  tolerance  tests.  The  contractor  shall  comply  with  the  require¬ 
ments  for  damage  tolerance  tests  in  MIL-A-8867  as  specified  in  the  contract 
specifications.  Prior  to  initiation  of  testing,  the  test  plans,  procedures, 
and  schedules  shall  require  approval  by  the  Air  Force.  The  damage  tolerance 
test  program  shall  be  of  sufficient  scope  to  verify  Category  I  fracture  criti¬ 
cal  parts  in  accordance  with  MIL-A-83444.  The  intent  shall  be  to  conduct 
damage  tolerance  tests  on  existing  test  hardware.  This  may  include  use  of 
components  and  assemblies  of  the  design  development  tests  as  well  as  the  full 
scale  static  and  durability  test  articles.  When  necessary,  additional  struc¬ 
tural  components  and  assemblies  shall  be  fabricated  and  tested  to  verify 
compliance  with  the  requirements  of  MIL-A-83444. 

5.3.4  Flight  and  ground  operations  tests.  The  contractor  shall  comply  with 
the  detail  requirements  for  flight  and  ground  operations  tests  in  MIL-A-8871 
as  specified  in  the  contract  specifications.  Prior  to  initiation  of  testing, 
the  test  plans,  procedures,  and  schedules  shall  require  approval  by  the  Air 
Force.  An  early  Full  Scale  Development  (FSD)  or  Research  Development  Test 
and  Evaluation  (RDT5E)  airplane  shall  be  used  to  perform  the  flight  and  ground 
operations  tests.  Load  measurements  shall  be  made  by  the  strain  gage  or  pres¬ 
sure  survey  methods  agreed  to  between  the  contractor  and  the  Air  Force.  An 
additional  airplane,  sufficiently  late  in  the  production  program  to  ensure 
obtaining  the  final  configuration,  shall  be  the  backup  airplane  for  these 
flight  tests  and  shall  be  instrumented  similar  to  the  primary  test  aircraft. 
Special  types  of  instrumentation  (e.g. ,  recording  equipment,  mechanical  strain 
recorders,  strain  gages,  etc.)  to  be  used  during  the  loads/environment  spectra 
survey  and  the  individual  airplane  tracking  programs  shall  be  placed  on  the 
structural  flight  test  airplane  as  appropriate  for  evaluation  and  correlation. 
The  flight  and  ground  operations  tests  shall  include  a  flight  and  ground  loads 
survey  and  dynamic  response  tests. 

5.3.4. 1  Flight  and  ground  loads  survey.  The  flight  and  ground  loads  survey 
program  shall  consist  of  operating  an  instrumented  and  calibrated  airplane 
within  and  to  the  extremes  of  its  limit  structural  design  envelope  to  measure 
the  resulting  loads  and,  if  appropriate,  to  also  measure  pertinent  temperature 
profiles  on  the  airplane  structure.  The  objectives  of  the  loads  survey  shall 
be  as  follows: 

a.  Verification  of  the  structural  loads  and  temperature  analysis  used  in  the 
design  of  the  airframe 
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b.  Evaluation  of  loading  conditions  which  produce  the  critical  structural 
load  and  temperature  distribution 

c.  Determination  and  definition  of  suspected  new  critical  loading  conditions 
which  may  be  indicated  by  the  investigations  of  structural  flight  ronrM*  i  nns 
within  the  uesign  limit  envelope. 

5. 3.4. 2  Dynamic  response  tests.  The  dynamic  response  tests  shall  consist  of 
operating  an  instrumented  and  calibrated  airplane  to  measure  the  structural 
loads  and  inputs  while  flying  through  atmospheric  turbulence  and  during  taxi, 
takeoff,  towing,  landing,  refueling,  store  ejection,  etc.  The  objectives 
shall  be  to  obtain  flight  verification  and  evaluation  of  the  elastic  response 
characteristics  of  the  structure  to  these  dynamic  load  inputs  for  use  in  sub¬ 
stantiating  or  correcting  the  loads  analysis,  fatigue  analysis,  and  for 
interpreting  the  operational  loads  data. 

5.3.5  Sonic  durability  tests.  The  contractor  shall  comply  with  the  detail 
requirements  for  sonic  durability  tests  in  MIL-A-8893  as  specified  in  the 
contract  specifications.  Prior  to  initiation  of  testing,  the  test  plans, 
procedures,  and  schedules  shall  require  approval  by  the  Air  Force.  Measure¬ 
ments  shall  be  made  of  the  acoustic  environments  on  a  full  scale  airplane  to 
verify  or  modify  the  initial  design  acoustic  loads/environment.  The  sonic 
durability  test  shall  be  conducted  on  a  representative  airplane  (or  its  major 
components)  to  demonstrate  structural  adequacy  for  the  design  service  life. 
Sonic  durability  tests  normally  are  accomplished  by  ground  testing  of  the 
complete  airplane  with  the  power  plants  operating  at  full  power  for  a  time 
sufficient  to  assure  design  service  life.  However,  testing  of  major  portions 
of  the  airplane  in  special  nonreverberant  ground  test  stands  using  the  air¬ 
plane  propulsion  system  is  the  noise  source,  or  in  high  intensity  noise 
facilities,  may  be  acceptable. 

5.3.6  Flight  vibration  tests.  The  contractor  shall  comply  with  the  detail 
requirements  for  flight  vibration  tests  in  MIL-A-8892  as  specified  in  the 
contract  specifications.  Prior  to  initiation  of  testing,  the  test  plans, 
procedures,  and  schedules  shall  require  approval  by  the  Air  Force.  These 
tests  shall  be  conducted  to  verify  the  accuracy  of  the  vibration  analysis. 

In  addition,  the  test  results  shall  be  used  to  demonstrate  that  vibration 
control  measures  are  adequate  to  prevent  cracking  and  to  provide  reliable 
performance  of  personnel  and  equipment  throughout  the  design  service'  life. 

5.3.7  Flutter  tests.  The  contractor  shall  comply  with  the  detail  require¬ 
ments  for  flutter  related  tests  in  MIL-A-8870  as  specified  in  the  contract 
specifications.  Prior  to  initiation  of  testing,  the  test  plans,  procedures, 
and  schedules  shall  require  approval  by  the  Air  Force.  Flutter  related  tests 
shall  consist  of  ground  vibration  tests,  thermoelastic  tests,  limit  load 
rigidity  tests,  control  surface  free  play  and  rigidity  tests,  and  flight 
flutter  tests. 
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5.3.7. 1  Ground  vibration  tests.  The  ground  vibration  tests  shall  consist  of 
the  experimental  determination  of  the  natural  frequencies,  mode  shapes,  and 
structural  damping  of  the  airframe  or  its  components.  The  objective  is  to 
verify  mass,  stiffness,  and  damping  characteristics  which  are  used  in  the 
aeroelastic  analyses  (flutter  analysis,  dynamic  analysis,  math  models,  etc.). 

5. 3. 7. 2  Structural  rigidity  tests.  The  thermoelastic  tests,  limit  load 
rigidity  test,  and  control  surface  free  play  and  rigidity  tests  shall  consist 
of  the  experimental  determination  of  the  structural  elastic  and  free  play 
properties  of  the  airframe  and  its  components.  The  objective  of  these  tests 
is  to  verify  supporting  data  used  in  aeroelastic  analyses  and  dynamic  model 
design. 

5.3.7. 3  Flight  flutter  tests.  Flight  flutter  tests  shall  be  conducted  to 
verify  that  the  airframe  is  free  from  aeroelastic  instabilities  and  has 
satisfactory  damping  throughout  the  operational  flight  envelope. 

5.3.8  Interpretation  and  evaluation  of  test  results.  Each  structural  problem 
(failure,  cracking,  yielding,  etc.)  that  occurs  during  the  tests  required  by 
this  standard  shall  be  analyzed  by  the  contractor  to  determine  the  cause,  cor¬ 
rective  actions,  force  implications,  and  estimated  costs.  The  scope  and  inter¬ 
relations  of  the  various  tasks  within  the  interpretation  and  evaluation  effort 
are  illustrated  in  figure  4.  The  results  of  this  evaluation  shall  define  cor¬ 
rective  actions  required  to  demonstrate  that  the  strength,  rigidity,  damage 
tolerance  and  durability  design  requirements  are  met.  The  cost,  schedule, 
operational,  and  other  impacts  resulting  from  correction  of  deficiencies  will 
be  used  to  make  major  program  decisions  such  as  major  redesign,  program  cancel¬ 
lation,  awards  or  penalties,  and  production  airplane  buys.  Structural  modifi¬ 
cations  or  changes  derived  from  the  results  of  the  full  scale  test  to  meet  the 
specified  strength,  rigidity,  damage  tolerance,  and  durability  design  require¬ 
ments  shall  be  substantiated  by  subsequent  tests  of  components,  assemblies,  or 
full  scale  article  as  appropriate.  (See  figure  3.)  The  test  duration  for 
durability  modifications  shall  be  as  specified  in  MIL-A-8867  and  the  contract 
specifications.  The  contractor  shall  propose  these  additional  test  require¬ 
ments  together  with  the  associated  rationale  to  the  Air  Force  for  approval. 

5.4  Force  management  data  package  (Task  IV).  Maintaining  the  strength, 
rigidity,  damage  tolerance,  and  durability  is  dependent  on  the  capability  of 
the  appropriate  Air  Force  commands  to  perform  specific  inspection,  maintenance, 
and  possibly  modification  or  replacement  tasks  at  specific  intervals  throughout 
the  service  life  (i.e.,  at  specified  depot  or  base  level  maintenance  times  and 
special  inspection  periods).  To  properly  perform  these  tasks,  the  Air  Force 
must  have  detailed  knowledge  of  the  required  actions.  Additionally,  experience 
has  shown  that  the  actual  usage  of  military  airplanes  may  differ  significantly 
from  the  assumed  design  usage.  It  is  necessary  that  the  Air  Force  have  the 
technical  methods  and  actual  usage  data  to  assess  the  effect  of  these  changes 
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in  usage  on  airplane  damage  tolerance  and  durability.  Task  IV  describes  the 
minimum  required  elements  of  a  data  package  which  the  contractor  shall  provide 
so  that  the  Air  Force  can  accomplish  the  force  management  tasks  as  specified 
in  5.5.  It  should  be  noted  that  Task  IV  contains  basic  ASIP  requirements  to 
be  performed  by  the  contractor  but,  unlike  Tasks  I  through  III,  is  not  for 
the  purpose  of  providing  compliance  to  the  basic  structural  design  requirements. 

5.4.1  Final  analyses.  The  contractor  shall  revise  the  design  analyses  as 
appropriate  to  account  for  significant  differences  between  analysis  and  test 
that  are  revealed  during  the  full  scale  tests  and  later  during  the  loads/ 
snvironment  spectra  survey.  These  analyses  updates  shall  be  prepared  as 
discussed  below  and  shall  require  approval  by  the  Air  Force. 

5.4.1. 1  Initial  update  of  analyses.  The  design  analyses  as  specified  in  5.2 
shall  be  revised  when  the  results  of  the  design  development  and  full  scale  tests 
as  specified  in  5.2.13  through  5.3.7  are  available.  These  initial  updates  will 
ae  used  to  identify  the  causes  of  problems,  corrective  actions,  and  production 
and  force  modifications  required  by  the  interpretation  and  evaluation  of  test 
results  task  as  specified  in  5.3.8. 

5. 4. 1.2  Final  update  of  analyses.  The  initial  update  of  the  damage  tolerance 
and  durability  analyses  shall  be  revised  to  reflect  the  baseline  operational 
spectra  as  specified  in  5.4.3.  These  analysis  updates  shall  form  the  basis 
for  preparation  of  the  updated  force  structural  maintenance  plan  as  specified 
In  5.4. 3.2.  The  analyses  shall  identify  the  critical  areas,  damage  growth 
rates,  and  damage  limits  required  to  establish  the  damage  tolerance  and  dur¬ 
ability  inspection  and  modification  requirements  and  economic  life  estimates 
required  as  part  of  the  force  structural  maintenance  plan. 

5.4. 1.3  Development  of  inspection  and  repair  criteria.  The  appropriate  analyses 
(stress,  damage  tolerance,  durability,  etc.)  shall  be  used  to  develop  a  quanti¬ 
tative  approach  to  inspection  and  repair  criteria.  Allowable  damage  limits  and 
damage  growth  rates  established  by  the  analyses  shall  be  used  to  develop  inspec¬ 
tion  and  repair  times  for  structural  components  and  assemblies.  These  analyses 
shall  also  be  used  to  develop  detail  repair  procedures  for  use  at  field  or  depot 
level.  Special  attention  shall  be  placed  on  defining  damage  acceptance  limits 
and  damage  growth  rates  for  components  utilizing  bonded,  honeycomb,  or  advanced 
:omposite  types  of  construction.  These  inspection  and  repair  criteria  shall  be 
Incorporated  into  the  force  structural  maintenance  plan  as  specified  in  5.4.3. 

5.4.2  Strength  summary.  The  contractor  shall  summarize  the  final  analyses 
and  other  pertinent  structures  data  into  a  format  which  will  provide  rapid 
/isibility  of  the  important  structures  characteristics,  limitations  and  cap¬ 
abilities  in  terms  of  operational  parameters.  It  is  desirable  that  the  summary 
ae  primarily  in  diagrammatic  form  showing  the  airplane  structural  limitations 
and  capabilities  as  a  function  of  the  important  operational  parameters  such  as 
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speed,  acceleration,  center  of  gravity  location,  and  gross  weight.  The  summary 
shall  include  brief  descriptions  of  each  major  structural  assembly,  also  pre¬ 
ferably  in  diagrammatic  form,  indicating  structural  arrangements,  materials, 
critical  design  conditions,  damage  tolerance  and  durability  critical  areas, 
and  minimum  margins  of  safety.  Appropriate  references  to  design  drawings, 
detail  analyses,  test  reports,  and  other  back-up  documentation  shall  be  indi¬ 
cated.  The  strength  summary  shall  require  approval  by  the  Air  Force. 

5.4.3  Force  structural  maintenance  plan.  The  contractor  shall  prepare  a 
force  structural  maintenance  plan  to  identify  the  inspection  and  modification 
requirements  and  the  estimated  3conomic  life  of  the  airframe.  Complete  detailed 
information  (when,  where,  how,  and  cost  data  as  appropriate)  shall  be  included. 
It  is  intended  that  the  Air  Force  will  use  this  plan  to  establish  budgetary 
planning,  force  structure  planning,  and  maintenance  planning.  This  plan  shall 
require  approval  by  the  Air  Force. 

5.4.3. 1  Initial  force  structural  maintenance  plan.  The  initial  plan  shall 
be  based  on  the  design  service  life,  design  usage  spectra,  the  results  of 
the  full  scale  test  interpretation  and  evaluation  task  as  specified  in  5.3.7 
and  the  upgraded  critical  parts  list  required  as  specified  in  5.1.3. 

5. 4. 3. 2  Updated  force  structural  maintenance  plan.  The  force  structural 
maintenance  plan  shall  be  updated  to  include  the  baseline  operational  spectra 
through  use  of  the  final  analyses  update  as  specified  in  5.4. 1.2.  The  first 
update  of  the  plan  shall  be  based  on  the  analyses  that  utilized  data  obtained 
from  the  initial  phase  of  the  loads/environment  spectra  survey.  Additional 
updates  tha+  may  be  required  to  reflect  significant  changes  determined  during 
continuation  of  the  loads/environment  spectra  survey  will  be  provided  through 
separate  negotiation  between  the  Air  Force  and  contractor. 

5.4.4  Loads/environment  spectra  survey.  The  objective  of  the  loads/environ¬ 
ment  spectra  survey  shall  be  to  obtain  time  history  records  of  those  parameters 
necessary  to  define  the  actual  stress  spectra  for  the  critical  areas  of  the 
airframe.  It  is  envisioned  that  10-20  percent  of  the  operational  airplanes 
will  be  instrumented  to  measure  such  parameters  as  velocity,  accelerations, 
altitude,  fuel  usage,  temperature,  strains,  etc.  The  data  will  be  obtained 

by  the  Air  Force  as  part  of  the  force  management  task  as  specified  in  5.5  and 
shall  be  used  by  the  contractor  to  construct  the  baseline  operational  spectrum 
as  specified  in  5.4.4. 3.  Data  acquisition  shall  start  with  delivery  of  the 
first  operational  airplane.  The  contractor  shall  propose,  in  response  to  the 
request  for  proposal,  the  number  of  airplanes  to  be  instrumented  and  the  para¬ 
meters  to  be  monitored.  For  the  purposes  of  the  program  definition,  cost 
estimating,  and  scheduling,  it  shall  be  assumed  that  the  duration  of  the  survey 
will  be  3  years  or  when  the  total  recorded  flight  hours  of  unrestricted  opera¬ 
tional  usage  equals  one  design  lifetime,  whichever  occurs  first.  The  contractor 
shall  also  propose  the  method  to  be  used  to  detect  when  a  significant  change  in 
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usage  occurs  to  require  an  update  in  the  baseline  operational  spectra.  If  the 
individual  airplane  tracking  program  as  specified  in  5.4.5  obtains  sufficient 
data  to  develop  the  baseline  operational  spectra  and  detect  significant  usage 
changes,  a  separate  survey  program  (or  continuation  thereof)  as  described 
herein  may  not  be  required.  The  scope  of  the  program  (e.g.,  the  number  of 
airplanes  to  be  instrumented,  and  the  number  and  type  of  parameters  to  be 
monitored)  will  be  defined  in  the  contract  specifications. 

5.4.4. 1  Data  acquisition  provisions.  The  contractor  shall  select  qualified 
functioning  instrumentation  and  data  recording  systems  in  accordance  with  the 
requirements  of  this  standard  as  specified  in  the  contract  specifications. 

The  contractor  shall  select  the  specific  instrumentation  and  data  recording 
equipment  to  accomplish  the  survey  task,  obtain  Air  Force  approval  of  the 
selections,  and  make  the  necessary  instrumentation  and  data  recording  instal¬ 
lations  in  the  specified  airplanes.  If  recording  equipment  and  converter 
multiplexer  equipment  are  selected,  they  shall  meet  the  requirements  of 
MIL-R-8316S  and  MIL-C-83166  respectively.  Every  effort  should  be  made  to 
use  existing  qualified  instrumentation  and  recording  equipment  to  reduce 
program  costs  and  utilize  proven  operational  capabilities.  The  contract 
shall  specify  whether  the  instrumentation  and  recording  equipment  (including 
spares)  shall  be  Government  Furnished  Equipment  (GFE)  or  Contractor  Furnished 
Equipment  (CFE). 

5.4.4. 2  Data  processing  provisions.  The  contractor  shall  coordinate  with 
the  Air  Force  the  data  processing  provisions  (including  reformatting)  to  be 
used  to  ensure  that  the  computer  analysis  methods  will  be  compatible  with 
the  Air  Force  data  analysis  system.  It  is  envisioned  that  contractor  facili¬ 
ties  and  personnel,  except  for  reformatting/transcribing  and  other  data  pro¬ 
cessing  and  analysis  functions  for  which  capabilities  exist  within  the  Air 
Force  and  are  approved  for  use,  will  be  used  to  process  data  collected  during 
the  3-year  period  beginning  with  delivery  of  the  first  production  airplane. 
Plans  for  transfer  of  data  processing  provisions  from  contractor  to  Air  Force 
facilities  including  training  of  Air  Force  personnel  shall  be  included. 

5.4.4. 3  Analysis  of  data  and  development  of  baseline  operational  spectra. 

The  contractor  shall  use  the  flight  data  to  assess  the  applicability  of  the 
design  and  durability  test  loads/environment  spectra  and  to  develop  baseline 
operational  spectra.  The  baseline  operational  spectra  shall  be  used  to  update 
the  durability  and  damage  tolerance  analyses  as  specified  in  5.4. 1.2  when  a 
statistically  adequate  amount  of  data  has  been  recorded.  Subsequent  revisions 
of  the  baseline  operational  spectra  may  be  required  but  will  require  separate 
negotiations  between  the  Air  Force  and  contractor. 
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5.4.5  Individual  airplane  tracking  program.  The  objective  of  the  individual 
airplane  tracking  program  shall  be  to  predict  the  potential  flaw  growth  in 
critical  areas  of  each  airframe  that  is  keyed  to  damage  growth  limits  of 
MIL-A-83444,  inspection  times,  and  economic  repair  times.  Data  acquisition 
shall  start  with  delivery  of  the  first  operational  airplane.  The  program 
shall  include  serialization  of  major  components  (e.g.,  wings,  horizontal  and 
vertical  stabilizers,  landing  gears,  etc.)  so  that  component  tracking  can  be 
implemented  by  the  Air  Force.  The  contractor  shall  propose  for  Air  Force 
review  and  approval,  an  individual  airplane  tracking  program  for  the  specific 
airplane. 

5.4.5. 1  Tracking  analysis  method.  The  contractor  shall  develop  an  individual 
airplane  tracking  analysis  method  to  establish  and  adjust  inspection  and  repair 
intervals  for  each  critical  area  of  the  airframe  based  on  the  individual  air¬ 
plane  usage  data.  The  damage  tolerance  and  durability  analyses  and  associated 
test  data  will  be  used  to  establish  the  analysis  method.  This  analysis  will 
provide  the  capability  to  predict  crack  growth  rates,  time  to  reach  the  crack 
size  limits,  and  the  crack  length  as  a  function  of  the  total  flight  time  and 
usage  data.  The  contractor  shall  coordinate  this  effort  with  the  Air  Force 

to  ensure  that  the  computer  analysis  method  will  be  compatible  with  the  Air 
Force  data  analysis  system.  The  individual  airplane  tracking  analysis  method 
shall  require  approval  by  the  Air  Force. 

5. 4. 5. 2  Data  acquisition  provisions.  The  contractor  shall  select  qualified 
functioning  instrumentation  and  data  recording  systems  in  accordance  with  the 
requirements  of  this  standard  as  specified  in  the  contract  specifications. 

The  recording  system  shall  be  as  simple  as  possible  and  shall  be  the  minimum 
required  to  monitor  those  parameters  necessary  to  support  the  analysis  methods 
as  specified  in  5.4.5. 1.  Counting  accelerometers,  electrical  or  mechanical 
strain  recorders,  electrical  resistance  gages,  simplified  manual  data  forms, 
etc.  shall  be  considered.  The  contractor  shall  select  the  specific  instru¬ 
mentation  and  data  recording  equipment  to  accomplish  the  individual  airplane 
usage  tracking,  obtain  Air  Force  approval  of  the  selections,  and  make  the 
necessary  instrumentation  and  data  recording  installations  in  the  specified 
airplanes.  The  contract  shall  specify  whether  the  instrumentation  and  record¬ 
ing  equipment  (including  spares)  shall  be  Government  Furnished  Equipment  (GFE) 
or  Contractor  Furnished  Equipment  (CFE) . 

5.5  Force  management  (Task  V) .  Task  V  describes  those  actions  that  must  be 
conducted  by  the  Air  Force  during  force  operations  to  ensure  the  damage  toler¬ 
ance  and  durability  of  each  airplane.  Task  V  will  be  primarily  the  responsi¬ 
bility  of  the  Air  Force  and  will  be  performed  by  the  appropriate  commands 
utilizing  the  data  package  supplied  by  the  contractor  in  Task  IV  with  the 
minimum  amount  of  contractor  assistance.  Contractor  responsibilities  in 

Task  V  will  be  specified  in  the  contract  specifications. 
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5.5.1  Loads/environment  spectra  survey.  The  Air  Force  will  be  responsible 
for  the  overall  planning  and  management  of  the  loads/environment  spectra 
survey  and  will: 

a.  Establish  data  collection  procedures  and  transmission  channels  within  the 
Air  Force 

b.  Train  squadron,  base,  and  depot  level  personnel  as  necessary  to  ensure 
the  acquisition  of  acceptable  quality  data 

c.  Maintain  and  repair  the  instrumentation  and  recording  equipment 

d.  Ensure  that  the  data  are  of  acceptable  quality  and  are  obtained  in  a 
timely  manner  so  that  the  contractor  can  analyze  the  results,  develop  the 
baseline  spectrum  (see  5. 4. 4. 3),  and  update  the  analyses  (see  5. 4. 1.2)  and 
force  structural  maintenance  plan  (see  5.4.3. 2). 

The  Air  Force  will  also  be  responsible  for  ensuring  that  survey  data  are 
obtained  for  each  type  of  usage  that  occurs  within  the  force  (training,  recon¬ 
naissance,  special  tactics,  etc.).  Subsequent  to  completion  of  the  initial 
data  gathering  effort,  the  Air  Force  will  elect  whether  or  ~ot  to  continue 
to  operate  either  all  or  a  portion  of  the  instrumentation  and  recording  equip¬ 
ment  aboard  the  survey  airplanes  to  support  additional  updates  of  the  baseline 
spectra  and  force  structural  maintenance  plan. 

5.5.2  Individual  airplane  tracking  data.  The  Air  Force  will  be  responsible 
for  the  overall  planning  and  management  of  the  individual  airplane  tracking 
data  gathering  effort  and  will: 

a.  Establish  data  collection  procedures  and  data  transmission  channels  within 
the  Air  Force 

b.  Train  squadron,  base,  and  depot  level  personnel  as  necessary  to  ensure  the 
acquisition  of  acceptable  quality  data 

c.  Maintain  and  repair  the  instrumentation  and  recording  equipment 

d.  Ensure  that  the  data  are  obtained  and  processed  in  a  timely  manner  to 
provide  adjusted  maintenance  times  for  each  critical  area  of  each  airplane. 

5.5.3  Individual  airplane  maintenance  times-  The  Air  Force  will  be  responsible 
for  deriving  individual  maintenance  (inspection  and  repair)  times  for  each 
critical  area  of  each  airplane  by  use  of  the  tracking  analysis  methods  as 
specified  in  5. 4. 5.1  and  the  individual  airplane  tracking  data  as  specified 

in  5.5.2.  The  objective  is  to  determine  adjusted  times  at  which  the  force 
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structural  maintenance  actions  as  specified  in  5.4.3  have  to  be  performed  on 
individual  airplanes  and  each  critical  area  thereof.  With  the  force  structural 
maintenance  plan  and  the  individual  aircraft  maintenance  time  requirements 
available,  the  Air  Force  can  schedule  force  structural  maintenance  actions 
on  a  selective  basis  that  accounts  for  the  effect  of  usage  variations  on 
structural  maintenance  intervals. 

5.5.4  Structural  maintenance  records.  AFLC  and  the  using  command  will  be 
responsible  for  maintaining  structural  maintenance  records  (inspection,  repair, 
modification,  and  replacement)  for  individual  airplanes.  These  records  shall 
contain  complete  listings  of  structural  maintenance  actions  that  are  performed 
with  all  pertinent  data  included  (Time  Compliance  Technical  Order  (TCTO)  action, 
component  flight  time,  component  and  airplane  serial  number,  etc.). 

6.  NOTES 

6.1  Data  requirements.  The  data  requirements  in  support  of  this  standard 
will  be  selected  from  the  DOD  Authorized  Data  List  (TD-3)  and  will  be  reflected 
in  a  contractor  data  requirements  list  (DD  Form  1423)  attached  to  the  request 
for  proposal,  invitation  for  bids,  or  the  contract  as  appropriate. 

6.2  Relationship  to  system  engineering  management.  When  appropriate,  the 
conduct  of  the  work  efforts  by  the  contractor  in  achieving  airplane  structural 
integrity  will  be  included  in  the  System  Engineering  Management  Plan  in  accord¬ 
ance  with  MIL-STD-499A(USAF)  for  the  airplane  and  will  be  compatible  with  the 
system  safety  plan  in  accordance  with  MIL-STD-882. 
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FIGURE  1.  Aircraft  structural  integrity  program. 


FULL  SCALE  TESTIHG 
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FIGURE  2.  Aircraft  structural  integrity  program. 
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INPUT  INTERPRETATION  EVALUATION 
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AIRPLANE  DAMAGE  TOLERANCE  REQUIREMENTS 

This  specification  is  approved  for  use  by  all  Departments 
and  Agencies  of  the  Department  of  Drf^  ~~ 


1 .  SCOPE 


1.1  This  specification  contains  the  damage  tolerance  design  requirements 
applicable  to  airplane  safety  of  flight  structure.  The  objective  is  to 
protect  the  safety  of  flight  structure  from  potentially  deleterious  effects 
of  material,  manufacturing  and  processing  defects  through  proper  material 
selection  and  control,  control  of  stress  levels,  use  of  fracture  resistant 
design  concepts,  manufacturing  and  process  controls  and  the  use  of  careful 
inspection  procedures. 

2.  APPLICABLE  DOCUMENTS 


2.1  The  following  documents,  of  the  issue  in  effect  on  date  of  invitation  for 
bids  or  request  for  proposal,  form  a  part  of  this  specification  to  the  extent 
specified  herein: 


SPECIFICATIONS 


Military 

MIL-A-8866  Airplane  Strength  and  Rigidity,  Ground  Tests 

MIL-A-8867  Airplane  Strength  and  Rigidity,  Reliability  Requirements, 

Repeated  Loads  and  Fatigue 

STANDARDS 


Military 

MI L-STD- 1530  Aircraft  Structural  Integrity  Program  Airplane  Requirements 


(Copies  of  documents  required  by  suppliers  in  connection  with  specific  procure¬ 
ment  functions  should  be  obtained  from  the  procuring  activity  or  as  directed 
by  the  contracting  officer.) 


FSC  IS  ID 
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5.  REQUIREMENTS 

3.1  General  requirements.  Detailed  damage  tolerance  requirements  are  specified 
in  5.2  in  various  categories  as  a  function  of  design  concept  arid  degree  of 
inspectahi lity .  The  design  concepts  and  various  degrees  of  inspectabi 1 ity  are 
defined  in  6.2.  The  contractor  shall  demonstrate  that  all  safety  of  flight 
structures  comply  with  the  detailed  requirements  in  a  minimum  of  one  of  these 
categories  (one  design  concept  and  one  inspectahi 1 ity  level).  Design  concepts 
utilizing  multiple  load  paths  and  crack  arrest  features  may  be  qualified  under 
the  appropriate  inspectabi 1 ity  level  (s)  as  either  slow  crack  growth  or  fail¬ 
safe  structure.  Single- load  path  structure  without  crack  arrest  features  must 
be  qualified  at  the  appropriate  inspectabi 1 ity  level (s)  as  slow  crack  growth 
structure.  The  contractor  shall  perform  all  of  the  analytical  and  experimental 
work  necessary  to  demonstrate  compliance  with  the  damage  tolerance  analyses 

and  tests  as  specified  herein,  MI L-STD- 1530,  MIL-A-8867  and  the  procurement 
contract.  This  effort  involves  residual  strength  and  crack  growth  analyses 
and  tests.  The  analyses  shall  assume  the  presence  of  flaws  placed  in  the 
most  unfavorable  location  and  orientation  with  respect  to  the  applied  stresses 
and  material  properties.  The  crack  grow*  analyses  shall  predict  the  growth 
behavior  of  these  flaws  in  the  chemical,  .nermal,  and  sustained  and  cyclic 
stress  environments  to  which  that  portion  of  the  component  shall  be  subjected 
in  service.  The  design  flight  by  flight  stress  spectra  and  chemical  and  thermal 
environment  spectra  shall  be  developed  by  the  contractor  and  approved  by  the 
procuring  activity.  Spectra  interaction  effects,  such  as  variable  loading  and 
environment,  shall  be  accounted  for. 

3.1.1  Initial  flaw  assumptions.  Initial  flaws  shall  be  assumed  to  exist  as 
a  result  of  material  and  structure  manufacturing  and  processing  operations. 

Small  imperfections  equivalent  to  an  .005  inch  radius  comer  flaw  resulting 
from  these  operations  shall  be  assumed  to  exist  in  each  hole  of  each  element 
in  the  structure,  and  provide  the  basis  for  the  requirements  in  3.1.1.1c, 

3. 1.1. 2,  3. 1.1. 3.1  and  3.1. 1.3.2.  If  the  contractor  has  developed  initial 
quality  data  on  fastener  holes,  (e.g.,  by  fractograph i c  studies,  which  provides 
a  sound  basis  for  determining  equivalent  initial  flaw  sizes'*,  these  data  may  be 
submitted  to  the  procuring  activity  for  review  and  serve  as  a  basis  for 
negotiating  a  size  different  than  the  specified  .005  inch  radius  corner  flaw. 

In  addition,  it  shall  be  assumed  that  initial  flaws  of  the  sized  specified 
in  3.1.1.1a,  and  b,  can  exist  in  any  separate  element  of  the  structure.  Each 
clement  of  the  structure  shall  be  surveyed  to  determine  the  mo<=t  critical 
location  for  the  assumed  initial  flaws  considering  such  features  as  edges, 
fillets,  holes  and  other  potentially  high  stressed  areas.  Only  one  initial 
flaw  in  the  most  critical  hole'  and  one  initial  flaw  at  a  location  other  than 
a  hole  need  be  assumed  to  exist  in  my  structural  element.  Interaction  between 
tr:ese  assumed  initial  flaws  need  not  lx*  considered.  for  multiple  and  adjacent 
<.  i »  iv-r.T  ,  the  initial  flaw*  need  not  be  situated  at  the  same  location,  (e.g., 
r.or  bvise  plant-  in  wing  stria  Mu*'*;,  exceot  for  structural  elements  where 
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fabrication  and  assembly  operations  are  conducted  such  that  flaws  in  two  or 
more  elements  can  exist  at  the  same  location.  The  most  common  example  of  such 
an  operation  is  the  assembly  drilling  of  attachment  holes.  Except  as  noted 
in  3.1. 1.2  and  3. 1.1.3  more  than  one  source  of  common  initial  cfacks  need  not 
be  assumed  along  the  crack  growth  path.  Initial  flaw  sizes  are  specified  in 
terms  of  specific  flaw  shapes,  such  as  through  the  thickness  or  comer  flaws 
at  holes  and  semi-elliptical  surface  flaws  or  through  the  thickness  flaws  at 
locations  other  than  holes. 

3. 1.1.1  Initial  flaw  size.  Specified  initial  flaw  sizes  presume  the  inspec¬ 
tion  of  IOC  percent  of  all  fracture  critical  regions  of  all  structural  compo¬ 
nents  as  required  by  the  fracture  control  provisions  of  MIL-STD-1530.  This 
inspection  shall  include  as  a  minimum  a  close  visual  inspection  of  all  holes 
and  cutouts  and  conventional  ultrasonic,  penetrant  or  magnetic  particle  inspec¬ 
tion  of  the  remainder  of  the  fracture  critical  region.  Where  the  use  of 
automatic  hole  preparation  and  fastener  installation  equipment  preclude  close 
visual  and  dimensional  inspection  of  100  percent  of  the  holes  in  the  fracture 
critical  regions  of  the  structure,  a  plan  to  qualify  and  monitor  hole  prepara¬ 
tion  and  fastener  installation  shall  be  prepared,  approved  by  the  procuring 
activity  and  implemented  by  the  contractor.  Where  special  nondestructive 
inspection  procedures  have  demonstrated  a  detection  capability  better  than 
indicated  by  the  flaw  sizes  specified  in  (a)  below,  and  the  resulting  smaller 
assumed  flaw  sizes  are  used  in  the  design  of  the  structure,  these  special 
inspection  procedures  shall  be  used  in  the  aircraft  manufacturing  quality 
control . 

a.  Slow  crack  growth  structure. 

At  holes  and  cutouts  the  assumed  initial  flaw  shall  be  a  .05  inch  through 
the  thickness  flaw  at  one  side  of  the  hole  when  the  material  thickness  is  equal 
to  or  less  than  .05  inch.  For  material  thicknesses  greater  than  .05  inch,  the 
assumed  initial  flaw  shall  be  a  .05  inch  radius  corner  flaw  at  one  side  of  the 
hole. 

At  locations  other  than  holes, the  assumed  initial  flaw  shall  be  a  through 
the  thickness  flaw  .25  inch  in  length  when  the  material  thickness  is  equal 
to  or  less  than  .125  inch.  For  material  thicknesses  greater  than  .125  inch, 
the  assumed  initial  flaw  shall  be  a  semicircular  surface  flaw  with  a  length 
(2c)  equal  to  .25  inch  and  a  depth  (a)  equal  to  .125  inch.  Other  possible 
surface  flaw  shapes  with  the  same  initial  stress  intensity  factor  (K)  shall 
be  considered  as  appropriate.  For  example,  corner  flaws  at  edges  of  struc¬ 
tural  elements  and  longer  and  shallower  surface  flaws  in  plates  which  are 
subjected  to  high  bending  stresses. 
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Smaller  initial  flaw  sizes  than  those  specified  above  may  be  assumed 
subsequent  to  a  demonstration,  described  in  4.2,  that  all  flaws  larger  than 
these  assumed  sizes  have  at  least  a  90  percent  probability  of  detection  with 
a  95  percent  confidence  level.  Smaller  initial  flaw  sizes  may  also  be  assumed 
if  proof  test  inspection  is  used.  In  this  case,  the  minimum  assumed  initial 
flaw  size  shall  be  the  calculated  critical  size  at  the  proof  test  stress  level 
and  temperature  using  procuring  activity  approved  upper  bound  of  the  material 
fracture  .oughness  data. 

b.  Fail  safe  structure. 

At  holes  and  cutouts  the  assumed  initial  flaw  shall  be  a  .02  inch  through 
the  thickness  flaw  at  one  side  of  the  hole  when  the  material  thickness  is  equal 
to  or  less  than  .02  inch.  For  material  thicknesses  greater  than  .02  inch  the 
assumed  initial  flaw  shall  be  a  .02  inch  radius  corner  flaw  at  one  side  of  the 
hole. 

At  locations  other  than  holes,  the  assumed  initial  flaw  shall  be  a  through 
the  thickness  flaw  .10  inch  in  length  when  the  material  thickness  is  equal 
to  or  less  than  .05  inch.  For  material  thicknesses  greater  than  .05  inch,  the 
assumed  initial  flaw  shall  be  a  semicircular  surface  flaw  with  a  length  (2c) 
equal  to  .10  inch  and  a  depth  (a)  equal  to  .05  inch.  Other  possible  surface 
flaw  shapes  with  the  same  initial  stress  intensity  factor  (K)  shall  be  consid¬ 
ered  as  appropriate. 

c.  The  fastener  policy. 

The  beneficial  effects  of  interference  fasteners,  cold  expanded  holes, 
joint  clamp-up  and  other  specific  joint  design  and  assembly  procedures  may 
be  used  in  achieving  compliance  to  the  flaw  growth  requirements  of  this 
specification.  These  beneficial  effects  shall  be  demonstrated  by  laboratory 
tests  of  joints  representative  of  the  joints  in  the  aircraft.  The  test 
specimens  shall  contain  pre-cracked  fastener  holes.  The  limits  of  the  bene¬ 
ficial  effects  to  be  used  in  design  shall  be  approved  by  the  procuring  activity, 
but  in  no  case  shall  the  assumed  initial  flaw  be  smaller  than  an  .005  inch 
radius  comer  flaw  at  one  side  of  an  as  manufactured,  non-expanded  hole 
containing  a  net  fit  fastener  in  a  non- clamped -up  joint. 

3. 1.1.2  Continuing  damage.  Cyclic  growth  behavior  of  assumed  initial  flaws 
may  be  influenced  by  the  particular  geometry  and  arrangement  of  elements  of 
the  structure  being  qualified.  The  following  assumptions  of  continuing  crack 
growth  shall  be  considered  for  those  cases  where  the  primary  crack  terminates 
due  to  structural  discontinuities  or  element  failure. 
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a.  When  the  primary  damage  and  growth  originates  in  a  fastener  hole  and 
terminates  prior  to  member  or  element  failure,  continuing  damage  shall  be 
an  ,005  inch  radius  corner  flaw  emanating  from  the  diiimetrical ly  opposite 
side  of  the  fastener  hole  at  which  the  initial  flaw  was  assumed  to  exist. 

b.  When  the  primary  damage  terminates  due  to  a  member  or  element  failure, 
the  continuing  damage  shall  be  an  .005  inch  radius  comer  flaw  in  the  most 
critical  location  of  the  remaining  element  or  remainirg  structure  or  a 
surface  flaw  having  2c  =  .02  inch  &nd  a  =  .01  inch,  where,  a,  is  measured  in 
the  direction  of  crack  growth,  plus  the  amount  of  grovth  (Aa)  which  occurs 
prior  to  element  failure. 

c.  When  the  crack  growth  from  the  assumed  initial  flaw  enters  into  and 
terminates  at  a  fastener  hole,  continuing  damage  shall  be  an  .005  inch  radius 
comer  flaw  +  Aa  emanating  from  the  diametrically  opposite  side  of  the  fastener 
hole  at  which  the  primary  damage  terminated. 

3. 1.1.3  Remaining  structure  damage 

3.1. 1.3.1  Fail  safe  multi-load  path.  The  damage  assumed  to  exist  in  the 
adjacent  load  path  at  the  location  of  primary  failure  in  fail  safe  multiple 
load  path  structure  at  the  time  of  and  subsequent  to  the  failure  of  a  primary 
load  path  shall  be  as  follows: 

a.  Multiple  load  path  dependent  structure.  The  same  as  specified  in  3.1.1.1b 
plus  the  amount  of  growth  (Aa)  which  occurs  prior  to  load  path  failure. 

b.  Multiple  load  path  independent  structure.  The  same  as  3.1.1.2b  plus  the 
amount  of  growth  (Aa)  which  occurs  prior  to  load  path  failure. 

3. 1.1.3. 2  Fail  safe  crack  arrest  structure.  For  structure  classified  as 
fail  safe- crack  arrest,  the  primary  damage  assumed  to  exist  in  the  structure 
following  arrest  of  a  rapidly  propagating  crack  shall  iepend  upon  the  parti¬ 
cular  geometry.  In  conventional  skin  stringer  (or  frane)  construction  this 
shall  be  assumed  as  two  panels  (bays)  of  cracked  skin  dIus  the  broken  central 
stringer  (or  frames).  Where  tear  straps  are  provided  Detween  stringers  (or 
frames)  this  damage  shall  be  assumed  as  cracked  skin  between  tear  straps 
plus  the  broken  central  stringer  (or  frame).  Other  configurations  shall 
assume  equivalent  damage  as  mutually  agreed  upon  by  th*  contractor  and  the 
procuring  activity.  The  damage  assumed  to  exist  in  th?  structure  adjacent 

to  the  primary  damage  shall  be  as  specified  in  3.1.1. 2d  or  c. 
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3.1.2  In-Service  inspection  flaw  assumptions.  The  smallest  damage  which  can 
be  presumed  to  exist  in  the  structuie  after  completion  of  a  depot  or  base  level 
inspection  shall  be  as  follows: 

a.  If  the  component  is  to  be  removed  from  the  aircraft  and  completely  inspec¬ 
ted  with  NDI  procedures  the  same  as  those  performed  during  fabrication,  the 
minimum  assumed  damage  size  shall  be  as  specified  in  3.1. 1.1. 

b.  Where  NDI  techniques  such  as  penetrant,  magnetic  particle  or  ultrasonics 
are  applied  without  component  or  fastener  removal,  the  minimum  assumed  flaw 
size  at  holes  and  cutouts  shall  be  a  through  the  thickness  crack  emanating 
from  one  side  of  the  hole  having  a  0.25  inch  uncovered  length  when  the  material 
thickness  is  equal  to  or  less  than  0.25  inch.  For  material  thicknesses  greater 
than  0.25  inch,  the  assumed  initial  flaw  shall  be  a  quarter-circular  comer 
crack  emanating  from  one  side  of  the  hole  having  a  0.25  inch  uncovered  length. 
The  minimum  assumed  flaw  size  at  locations  other  than  holes  shall  be  a  through 
the  thickness  crack  of  length  0.50  inch  when  the  material  thickness  is  equal 

to  or  less  than  0.25  inch.  For  material  thicknesses  greater  than  0.25  inch, 
the  assumed  initial  flaw  shall  be  a  semi-circular  surface  flaw  with  length  (2c) 
equal  to  0.50  inch  and  depth  (a)  equal  to  0.25  inch.  Other  possible  surface 
flaw  shapes  with  the  same  initial  stress  intensity  factor  (K)  shall  be  consid¬ 
ered  as  appropriate  such  as  corner  flaw  at  edges  of  structural  members  and 
longer  and  shallower  surface  flaws  in  )>  ates  which  are  subjected  to  high  bending 
stresses.  While  X-ray  inspection  may  be  used  to  supplement  one  or  more  of  the 
other  NDI  techniques,  it,  by  itself,  shall  not  be  considered  capable  of  reliably 
detecting  tight  subcritical  cracks. 

c.  Where  accessibility  allows  close  visual  inspection  (using  visual  aid  as 
necessary)  an  opening  through  the  thickness  crack  having  at  least  2  inches 
of  uncovered  length  shall  be  the  minimum  assumed  damage  size. 

d.  Where  accessibility,  paint,  sealant,  or  other  factors  preclude  close  visual 
inspection  or  the  use  of  NDI  techniques  such  as  described  in  b  above,  slow 
crack  growth  structure  shall  be  considered  to  be  non-inspectable,  and  fail-safe 
structure  shall  be  considered  to  be  inspectable  only  for  major  damage  such  as 

a  load  path  failure,  or  arrested  unstable  crack  growth. 

3.1.3  Residual  strength  requirements.  The  minimum  required  residual  strength 
is  specified  in  terms  of  the  minimum  internal  member  load,  PyX>  which  the 
aircraft  must  be  able  to  sustain  with  damage  present  and  without  endangering 
safety  of  flight  or  degrading  performance  of  the  aircraft  for  the  specified 
minimum  period  of  unrepaired  service  usage.  This  includes  loss  of  strength, 
loss  of  stiffness,  excessive  permanent  deformation,  loss  of  control,  and 
reduction  of  the  flutter  speed  below  Vl.  The  magnitude  of  Pxx  depends  on  the 
overall  degree  of  inspcctabi 1 ity  of  the  structure  and  is  intended  to  represent 
the  maximum  load  the  aircraft  might  encounter  during  a  specified  inspection 
interval  or  during  a  design  lifetime  for  non-inspectable  structure.  The  XX 
subscript  is  defined  as  a  function  of  tbe  specific  degree  of  i nspectabi 1 i ty 

i n  t able  1 . 
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The  aircraft  loading  spectrum  shall  be  derived  from  a  mission  analysis 
where  the  mission  mix  and  the  loads  in  each  mission  segment  represent  average 
aircraft  usage.  The  basic  load  factor  exceedance  data  is  specified  in  MIL-A- 
8866.  To  account  for  the  fact  that  any  individual  aircraft  may  encounter 
loads  considerably  in  excess  of  the  average  during  their  life,  the  required 
residual  strength  (i.c.  the  Pyx  load)  must  be  larger  than  the  average  load 
expected  during  a  given  interval  between  inspections.  This  is  accomplished 
by  magnifying  the  inspection  interval.  For  example,  the  Pyx  load  for  ground 
evident  damage  is  the  maximum  average  load  that  can  be  expected  once  in  100 
flights.  Table  1  defines  the  P\x  loads  for  the  various  degrees  of  inspectabi 1 ity . 

TABLE  1 


pxx* 

Degree  of 
Inspectability 

Typical 

Inspection 

Interval 

Magnificat  ion 
Factor,  M 

PFE 

In-Flight 

Evident 

One  Flight 

100 

PGE 

Ground  Evident 

One  Flight 

100 

PWV 

Walk- Around 
Visual 

Ten  Flights 

100 

pSV 

Special  Visual 

One  Year 

50 

PDM 

Depot  or  Base 
Level 

1/4  Lifetime 

20 

PLT 

Non- Inspectable 

One  Lifetime 

20 

*pXX 

=  Maximum  average 

internal  member  load  that  will 

occur  once  in  1 

inspection  interval.  Where  PpM  or  Ppy  is  determined  to  be  less  than 
the  design  limit  load,  the  design  limit  load  shall  be  the  required 
residual  strength  load  level.  Pxx  Need  not  be  greater  than  1.2  times 
the  maximum  load  in  one  lifetime,  if  greater  than  design  limit  load. 

For  fail  safe  structure  there  is  a  requirement  to  sustain  a  minimum  load. 
Py Y ,  at  the  instant  of  load  path  failure  (or  crack  arrest)  as  well  as  being  able 
to  sustain  the  load,  i\y,  subsequent  to  load  path  failure  (or  crack  arrest)  at 
any  time  during  the  specified  inspection  interval.  The  single  load  path  failure 
(or  crack  arrest)  load,  Pyy,  shall  include  a  dynamic  factor  (D.F.).  In  lieu  of 
test  or  analytical  data  to  the  contrary  a  dynamic  factor  of  1.15  shall  be  applied 
to  the  redistributed  incremental  load.  Pyy  should  be  equal  to  the  internal 
member  load  at  design  limit  load  or  P.F.  times  Pyx»  whichever  is  greater. 
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3.2  Specific  requirements.  Specific  damage  tolerance  requirements  for  Slow 
crack  growth  structure,  Fail-Safe  multiple  load  path  structure,  and  Fail-Safe 
crack  arrest  structure  as  specified  in  3.2.1,  3.2.2  and  3.2.3,  respectively. 

3.2.1  Slow  crack  growth  structure.  Of  the  degrees  of  inspectability  in 
accordance  with  6.2.1,  only  depot  or  base  level  inspectable  and  in-service 
non-inspectable  are  applicable  to  slow  crack  growth  structures.  The  frequency 
of  inspection  for  both  shall  be  as  stated  below  unless  otherwise  specified  in 
the  appropriate  contractual  documents. 

Depot  or  Base  Level  inspectable  -  Once  every  one  quarter  of  the 
design  lifetime. 

In-Service  non-inspectable  -  Once  at  the  end  of  one  design  lifetime. 

3.2. 1.1  Depot  or  base  level  inspectable.  The  damage  which  can  be  presumed 
to  exist  in  the  structure  after  completion  of  a  depot  or  base  level  inspec¬ 
tion  shall  be  that  specified  for  slow  crack  growth  structure  in  3.1.2.  These 
damage  sizes  shall  not  grow  to  critical  size  and  cause  failure  of  the  structure 
due  to  the  application  of  Pqm  in  two  (2)  times  the  inspection  interval  as 
specified  in  3.2.1. 

3.2. 1.2  In-Service  non-inspectable.  The  initial  damage  size  as  specified 

in  3. 1.1.1  shall  not  grow  to  critical  size  and  cause  failure  of  the  structure 
due  to  the  application  of  ?u  in  two  (2)  design  service  lifetimes. 

3.2.2  Fail-Safe  multiple  load  path  structure.  The  degrees  of  inspectability 
as  specified  in  6.2.1,  which  can  be  applicable  to  fail-safe  multiple  load  path 
structure,  are  In-Flight  evident  inspectable,  Ground  evident  inspectable, 
Walkaround  inspectable.  Special  visual  inspectable,  and  Depot  or  Base  level 
inspectable . 

3.2.2.  1  Inspection  intervals.  The  frequency  of  inspection  fc.r  each  of  the 
inspectability  levels  shall  be  as  stated  below  unless  otherwise  specified 
in  the  appropriate  contractual  documents. 

In-Flight  evident  inspectable  -  Once  per  flight. 

Ground  evident  inspectable  -  Once  per  flight. 

Walkaround  inspectable  -  Once  every  ten  (10)  flights. 

Special  visual  inspectable  -  As  proposed  by  the  contractor  and 
approved  by  the  procuring  activity,  but  not  more  frequently  than  once  per  year. 

Depot  or  Base  level  inspectable  -  Once  every  one  quarter  of  the 
design  lifetime. 
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3. 2. 2. 2  Residual  strength  requirements  and  damage  growth  limits.  There  are 
two  sets  of  residual  strength  requirements  and  damage  growth  limits  for  fail¬ 
safe  multiple  load  path  structure.  The  first  set  applies  to  the  required 
residual  strength  and  damage  growth  limits  for  intact  structure,  (i.e.,  the 
structure  prior  to  a  load  path  failure),  and  the  second  set  applies  to  the 
remaining  structure  subsequent  to  a  load  path  failure.  These  are  described 
in  3. 2. 2. 2.1  and  3.2.2. 2.2,  respectively,  and  are  summarized  in  table  II. 

3. 2. 2.2.1  Intact  structure.  The  requirements  for  the  intact  structure  are 
a  function  of  the  depot  or  base  level  inspectability  of  the  intact  structure 
for  damage  sizes  which  are  less  than  a  load  path  failure,  (i.e.,  subcritical 
cracks  and  small  element  failures).  If  the  structure  is  depot  or  base  level 
inspectable  the  smallest  damage  sizes  which  can  be  presumed  to  exist  in  the 
structure  after  completion  of  a  depot  or  base  level  inspection  shall  be  those 
as  specified  in  3.1.2.  These  damage  sizes  shall  not  grow  to  a  size  such  as 
to  cause  load  path  failure  due  to  the  application  of  P^  in  one  depot  or  base 
level  inspection  interval.  If  the  structure  is  not  depot  or  base  level  inspec¬ 
table  for  subcritical  flaws  or  small  element  failures  which  are  less  than  a 
load  path  failure  (either  by  virtue  of  small  critical  flaw  sizes  or  inspection 
problems)  the  initial  material  and  manufacturing  damage  as  specified  in  3.1. 1.1. b 
shall  be  assumed  and  it  shall  not  grow  to  the  size  required  to  cause  load  path 
failure  due  to  the  application  of  P^t  in  one  design  lifetime. 

3. 2. 2. 2. 2  Remaining  structure  subsequent  to  a  load  path  failure.  For  each  of 
the  five  levels  of  inspectability  specified  in  3.2.2  the  remaining  structure 
at  the  time  of  a  load  path  failure  shall  be  able  to  sustain  the  Pyy  load  as 
described  in  3.1.3  without  loss  of  the  aircraft.  In  addition,  subsequent  to 
load  path  failure,  the  failed  load  path  plus  the  minimum  assumed  damage  in 
the  remaining  adjacent  structure  as  specified  in  3.1. 1.3.1  shall  not  grow  to 

a  size  such  aS  to  cause  loss  of  the  aircraft  due  to  the  application  of  the 
PXX  load  in  the  specified  minimum  period  of  unrepaired  service  usage.  The 
PXX  loads  and  minimum  periods  of  unrepaired  service  usage  for  each  of  the 
five  inspectability  levels  shall  be  as  follows: 

Minimum 

PXX  per  Period  of  Unrepaired 


Inspectability 

3.1.3 

Service  Usage 

In-Flight  Evident 

PFE 

Return  to  base 

Ground  Evident 

PGF, 

One  Flight 

Walkaround 

pwv 

5  X  Inspection  Interval 

Special  Visual 

psv 

2  X  Inspection  Interval 

Depot  or  Base  Level 

PDM 

2  X  Inspection  Interval 

♦See  3.2.2. 1 
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3.2.3  Fail-Safe  crack  arrest  structure.  The  degrees  of  inspectability  as 
specified  in  6.2.1  which  can  be  applicable  to  fail-safe  crack  arrest  structure 
are  the  same  as  those  for  the  fail-safe  multiple  load  path  structure  specified 
in  3.2.2. 


3. 2. 3.1  Inspection  intervals.  The  frequency  of  inspection  for  each  of  the 
inspectability  levels  shall  be  the  same  as  those  specified  for  fail-safe 
multiple  load  path  structure  in  3.2.2. 1. 

3. 2. 3. 2  Residual  strength  requirements  and  damage  growth  limits.  There  are 
two  sets  of  residual  strength  requirements  and  damage  tolerance  limits  for 
fail-safe  crack  arrest  structure.  The  first  set  applies  to  the  intact  struc¬ 
ture  (the  structure  prior  to  unstable  crack  growth  and  arrest  equivalent  to 
that  as  specified  in  3.1. 1.3.2)  and  the  second  set  applies  to  the  remaining 
structure  subsequent  to  encountering  unstable  crack  growth  and  arrest.  These 
are  described  in  3. 2. 3. 2.1  and  3. 2. 3. 2. 2,  respectively  and  are  summarized  in 
table  III. 

3. 2. 3. 2.1  Intact  structure.  The  requirements  for  the  intact  structure  are 

a  function  of  the  depot  or  base  level  inspectability  of  the  intact  structure 
for  damage  sizes  which  are  less  than  the  damage  caused  by  unstable  crack  growth 
and  arrest  as  specified  in  3. 1.1. 3. 2.  If  the  structure  is  depot  or  base  level 
inspectable  the  smallest  damage  sizes  which  can  be  presumed  to  exist  in  the 
structure  after  completion  of  a  depot  or  base  level  inspection  shall  be  those 
as  specified  in  3.1.2.  These  sizes  shall  not  grow  to  a  size  such  as  to  cause 
unstable  crack  growth  due  to  the  application  of  in  one  depot  or  base  level 

inspection  interval.  If  the  structure  is  not  depot  or  base  level  inspectable 
for  subcritical  flaws,  the  initial  material  and  manufacturing  damage  as  speci¬ 
fied  in  3.1.1.1.b  shall  be  assumed  and  it  shall  not  grow  to  critical  size  at 
PLT  in  one  design  lifetime. 

3. 2. 3. 2. 2  Remaining  structure  subsequent  to  crack  arrest.  For  each  of  the 
five  levels  of  inspectability  applicable  to  this  type  of  structure  the  remaining 
structure  at  the  time  of  the  unstable  crack  growth  shall  be  able  to  sustain  the 
Pyy  load  as  specified  in  3.1.3  without  loss  of  the  aircraft.  In  addition, 
subsequent  to  the  unstable  growth  and  arrest,  damage  as  specified  in  3.1. 1.3.2 
shall  not  grow  to  a  size  such  as  to  cause  loss  of  the  aircraft  due  to  the  appli¬ 
cation  of  the  Pyy  load  in  the  specified  minimum  periods  of  unrepaired  usage. 

The  Pyx  loads  and  minimum  periods  of  unrepaired  service  usage  for  each  of  the 
five  inspectability  levels  shall  be  the  same  as  those  specified  for  fail-safe 
multiple  load  path  structure  in  3. 2. 2. 2. 2. 
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4.  QUALITY  ASSURANCE  PROVISIONS 

4.1  Design  data.  Design  data  shall  be  generated  as  required  to  support  the 
analysis  effort. 

4.2  NDT  demonstration  program.  Where  designs  are  based  on  initial  flaw  size 
assumptions  less  than  those  as  specified  in  3.1.1.1a,  a  non-destructive  testing 
demonstration  program  shall  be  performed  by  the  contractor  and  approved  by  the 
procuring  activity  to  verify  that  all  flaws  equal  to  or  greater  than  the  design 
flaw  size  will  be  detected  to  the  specified  reliability  and  confidence  levels. 
The  demonstration  shall  be  conducted  on  each  selected  inspection  procedure 
using  production  conditions,  equipment  and  personnel.  The  defective  hardware 
used  in  the  demonstration  shall  contain  cracks  which  simulate  the  case  of  tight 
fabrication  flaws.  Subsequent  to  successful  completion  of  the  demonstration 
program,  specifications  on  these  inspection  techniques  shall  become  the  manu¬ 
facturing  inspection  requirements  and  may  not  be  changed  without  a  requalifying 
program  subject  to  procuring  activity  approval. 

5.  PREPARATION  FOR  DELIVERY 
NOT  APPLICABLE 

6.  NOTES 

6.1  Intended  use.  This  specification  is  intended  for  use  in  the  design  of 
all  new  military  airplanes  for  the  procuring  activity.  It  is  not  intended 
to  be  directly  applicable  to  advanced  composite  structures  nor  landing  gear 
components.  It  is  also  not  intended  to  dictate  structural  design  concepts, 
however,  other  requirements  that  may  be  imposed  on  specific  aircraft  systems 
(battle  or  foreign  object  damage  requirements)  may  limit  the  choices. 

6.2  Definitions 


6.2.1  Degree  of  inspectability .  The  degree  of  inspectability  of  safety  of 
flight  structure  shall  be  established  in  accordance  with  the  following 
definitions. 

6.2. 1.1  In-Flight  evident  inspectable.  Structure  is  in-flight  evident  inspec- 
table  if  the  nature  and  extent  of  damage  occurring  in  flight  will  result  directly 
in  characteristics  which  make  the  flight  crew  immediately  and  unmistakably  aware 
that  significant  damage  has  occurred  and  that  the  mission  should  not  be  continued. 

6. 2. 1.2  Ground  evident  inspectable.  Structure  is  ground  evident  inspectable 
if  the  nature  and  extent  of  damage  will  be  readily  and  unmistakably  obvious  to 
ground  personnel  without  specifically  inspecting  the  structure  for  damage. 
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6.2. 1.5  Walkaround  inspectable.  Structure  is  walkaround  inspectable  if  the 
nature  and  extent  of  damage  is  unlikely  to  be  overlooked  by  peisonnel  conduc¬ 
ting  a  visual  inspection  of  the  structure.  This  inspection  normally  shall  be 
a  visual  look  at  the  exterior  of  tne  structure  from  ground  level  without 
removal  of  access  panels  or  doors  without  special  inspection  aids. 

6. 2. 1.4  Special  visual  inspectable.  Structure  is  special  visual  inspectable 
if  the  nature  and  extent  of  damage  is  unlikely  to  be  overlooked  by  personnel 
conducting  a  detailed  visual  inspection  of  the  aircraft  for  the  purpose  of 
finding  damaged  structure.  The  procedures  may  include  removal  of  access  panels 
and  doors,  and  may  permit  simple  visual  aids  such  as  mirrors  and  magnifying 
glasses.  Removal  of  paint,  sealant,  etc,  and  use  of  NDI  techniques  such  as 
penetrant.  X-ray,  etc.  are  not  part  of  a  special  visual  inspection. 

6.2. 1.5  Depot  or  base  level  inspectable.  Structure  is  depot  or  base  level 
inspectable  if  the  nature  and  extent  of  damage  will  be  detected  utilizing 
one  or  more  selected  nondestructive  inspection  procedures.  The  inspection 
procedures  may  include  NDI  techniques  such  as  penetrant,  X-ray,  ultrasonic, 
etc.  Accessibility  considerations  may  include  removal  of  those  components 
designed  for  removal. 

6.2. 1.6  In-Service  non- inspectable  structure.  Structure  is  in-service  non- 
inspectable  if  either  damage  size  or  accessibility  preclude  detection  during 
one  or  more  of  the  above  inspections. 

6.2.2  Frequency  of  inspection.  Frequency  of  inspection  is  the  number  of 
times  that  a  particular  type  of  inspection  is  to  be  conducted  during  the 
service  life  of  the  aircraft. 

6.2.3  Minimum  period  of  unrepaired  service  usage.  Minimum  period  of  unrepaired 
service  usage  is  that  period  of  time  during  which  the  appropriate  level  of 
damage  (assumed  initial  or  in-service)  is  presumed  to  remain  unrepaired  and 
allowed  to  grow  within  the  structure. 

6.2.4  Minimum  assumed  initial  damage  size.  The  minimum  assumed  initial  damage 
size  is  the  smallest  crack-like  defect  which  shall  be  used  as  a  starting  point 
for  analyzing  residual  strength  and  crack  growth  characteristics  of  the  structure. 

6.2.5  Safety  of  flight  structure.  That  structure  whose  failure  could  cause 
direct  loss  of  the  aircraft,  or  whose  failure  if  it  remained  undetected  could 
result  in  loss  of  the  aircraft. 

6.2.6  Fracture  critical  structure.  Safety  of  flight  structural  components  or 
regions  of  safety  of  flight  structural  components  which  are  either  sized  by  the 
requirements  of  this  specification  (Category  1  fracture  critical  parts),  or 
could  be  sized  by  the  requirements  of  this  specification  if  fracture  control 
procedures  are  not  employed  (Category  II  fracture  critical  parts). 
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6.2.7  Minimum  assumed  in-service  damage  size.  The  minimum  assumed  in-service 
damage  size  is  the  smallest  damage  which  shall  be  assumed  to  exist  in  the 
structure  after  completion  of  an  in-service  inspection. 

6.2.8  Slow  crack  growth  structure.  Slow  crack  growth  structure  consists  of 
those  design  concepts  where  flaws  or  defects  are  not  allowed  to  attain  the 
critical  size  required  for  unstable  rapid  propagation.  Safety  is  assured 
through  slow  crack  growth  for  specified  periods  of  usage  depending  upon  the 
degree  of  inspectabi lity .  The  strength  of  slow  crack  growth  structure  with 
subcritical  damage  present  shall  not  be  degraded  below  a  specified  limit  for 
the  period  of  unrepaired  service  usage. 

6.2.9  Crack  arrest  fail  safe  structure.  Crack  arrest  fail  safe  structure 
is  structure  designed  and  fabricated  such  that  unstable  rapid  propagation 
will  be  stopped  within  a  continuous  area  of  the  structure  prior  to  complete 
failure.  Safety  is  assured  through  slow  crack  growth  of  the  remaining 
structure  and  detection  of  the  damage  at  subsequent  inspections.  Strength 
of  the  remaining  undamaged  structure  will  not  be  degraded  below  a  specified 
level  for  the  specified  period  of  unrepaired  service  usage. 

6.2.10  Multiple  load  path-fail  safe  structure.  Multiple  load  path  fail 
safe  structure  is  designed  and  fabricated  in  segments  (with  each  segment 
consisting  of  one  or  more  individual  elements)  whose  function  it  is  to  contain 
localized  damage  and  thus  prevent  complete  loss  of  the  structure.  Safety 

is  assured  through  slow  crack  growth  in  the  remaining  structure  to  the  sub¬ 
sequent  inspection.  The  strength  and  safety  will  not  degrade  below  a  specified 
level  for  a  specified  period  of  unrepaired  service  usage. 

6.2.10.1  Multiple  load  path-dependent  structure.  Multiple  load  path  structure 
is  classified  as  dependent  if,  by  design,  a  common  source  of  cracking  exists 

in  adjacent  load  paths  at  one  location  due  to  the  nature  of  the  assembly  or 
manufacturing  procedures.  An  example  of  multiple  load  path-dependent  structure 
is  planked  tension  skin  where  individual  members  are  spliced  in  the  spanwise 
direction  by  common  fasteners  with  common  drilling  and  assembly  operations. 

6.2.10.2  Multiple  load  path- independent  structure.  Multiple  load  path  structure 
is  classified  as  independent  if  by  design,  it  is  unlikely  that  a  common  source 
of  cracking  exists  in  more  than  a  single  load  path  at  one  location  due  to  the 
nature  of  assembly  or  manufacturing  procedures. 
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6.3  Ordering  data.  MI L- A- 008866A(USAF)  dated  31  March  1971  and  MI L- A-008867A (USAF) 
dated  31  March  1971  or  later  issue  will  be  used  in  conjunction  with  this 
speci f icat ion . 


Custodian : 

Air  Force  -  11 


Preparing  activity: 
Air  Force  -  11 

Project  No.  1510-F022 
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MILITARY  SPECIFICATION 


AIRPLANE  STRENGTH  AND  RIGIDITY  RELIABILITY 
REQUIREMENTS,  REPEATED  LOADS  AND  FATIGUE 


This  limited  coordination  Military  Specification  has  been  prepared 
by  the  Air  Force  based  upon  currently  available  technical  informa¬ 
tion,  but  it  has  not  been  approved  for  promulgation  as  a  coordina¬ 
ted  revision  of  Military  Specification  MIL-A-8866(ASG) .  It  is 
subject  to  modification.  However,  pending  its  promulgation  as  a 
coordinated  Military  Specification,  it  may  be  used  in  procurement. 


1 .  SCOPE 


1.1  This  specification  identifies  the  durability  design  requirements  appli¬ 
cable  to  the  structure  of  airplanes.  The  complete  structure,  herein  refer¬ 
red  to  as  the  airframe,  includes  the  fuselage,  wing,  empennage,  landing 
gears,  control  systems  and  surfaces,  engine  mounts,  structural  operating 
mechanisms,  and  other  components  as  specified  in  the  contract.  This  speci¬ 
fication  applies  to  metallic  and  nonmetallic  structures.  The  objective 

is  to  minimize  the  in-service  maintenance  costs  and  to  obtain  operational 
readiness  through  proper  controls  on  materials  selection  and  processing, 
inspections,  design  details,  stress  levels,  and  protection  systems. 

2.  APPLICABLE  DOCUMENTS 

2.1  The  following  documents  of  the  issue  in  effect  on  the  date  of  invitation 
for  bids  or  request  for  proposal,  form  a  part  of  this  specification  to  the 
extent  specified  herein. 

SPECIFICATIONS 


Military 


MIL-A-8861 

MIL-A-8867 

MIL-A-8870 


MIL-A-887 1 


Airplane  Strength  and  Rigidity,  Flight  Loads 
Airplane  Strength  and  Rigidity  Ground  Tests 
Airplane  Strength  and  Rigidity,  Flutter,  Divergence,  and 
Other  Aeroelastic  Instabilities 

Airplane  Strength  and  Rigidity,  Flight  and  Ground 
Operations  Tests 


FSC  1510 
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MIL-A-8892  Airplane  Strength  and  Rigidity,  Vibration 

MIL-A-8893  Airplane  Strength  and  Rigidity,  Sonic  Fatigue 

(Copies  of  specifications,  standards,  drawings  and  publications  required  by 
suppliers  in  connection  with  specific  procurement  functions  should  be  obtained 
from  the  procuring  activity  or  as  directed  by  the  contracting  officer.) 

3.  REQUIREMENTS 

3.1  General  requirements.  The  airframe  shall  be  resigned  such  that  the 
economic  life  is  greater  than  the  design  service  life  when  subjected  to  the 
design  service  loads/environment  spectra.  The  design  objective  is  to  minimize 
cracking  or  other  structural  or  material  degradation  which  could  result  in 
excessive  maintenance  problems  or  in  functional  problems  such  as  fuel  leak¬ 
age,  loss  of  control  effectiveness  or  loss  of  cabin  pressure.  The  contractor 
shall  perform  the  analytical  and  experimental  work  necessary  to  demonstrate 
compliance  with  the  analysis  and  tests  as  required  herein,  MIL-A-8867,  and 
the  contract.  The  design  flight-by-flight  load,  stress,  and  environmental 
spectra  shall  be  developed  by  the  contractor.  Spectra  interaction  effects 
such  as  that  due  to  variable  loading  and  environment  shall  be  accounted  for 

in  the  design. 

3.2  Detail  requirements 

3.2.1  Design  service  life  and  design  usage.  The  design  service  life  and 
design  usage  will  be  specified  by  the  procuring  activity  in  the  contract. 

The  design  service  life  and  design  usage  will  be  based  on  the  mission 
requirements  and  will  be  stipulated  in  terms  of: 

a.  Total  flight  hours. 

b.  Total  number  of  flights. 

c.  Total  number  and  type  of  landings. 

d.  Total  service  years. 

e.  Mission  profiles  for  each  type  of  mission  to  be  flown.  (These  profiles 
will  be  divided  into  mission  segments  such  as  taxi,  takeoff  run,  ascent, 
cruise,  low  altitude  usage,  inflight  refueling,  air-to-air  combat,  air-to- 
ground  combat,  etc.  The  mission  profiles  will  also  stipulate  the  approxi¬ 
mate  duration,  altitude,  speed,  and  payload  configuration  requirements  for 
each  mission  segment.) 

Mission  mix  or  number  of  flights  of  each  mission. 
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g.  Any  other  special  requirements  such  as  functional  check  flights,  ground 
maintenance  operational  checks,  etc. 

3.2.2  Design  service  loads  spectra.  The  design  service  loads  spectra  for 
the  airframe  shall  be  developed  for  the  design  service  life  and  typical 
design  usage  of  3.2.1  and  shall  require  approval  by  the  procuring  activity. 
The  contractor  shall  include  all  significant  sources  of  repeated  loads. 

The  sources  of  repeated  loads  shall  include,  but  not  be  limited  to,  engine 
ground  run-up,  functional  check-outs,  jacking,  towing,  taxiing,  landing, 
flight  maneuvers,  atmospheric  turbulence,  inflight  refueling,  control  system 
operation,  cabin  pressurization,  buffeting,  and  terrain  following  maneuvers. 
The  individual  spectra  of  repeated  loads  for  a  particular  airplane  shall  be 
based  on  the  data  referenced  in  the  following  subparagraphs  as  modified  and 
amplified  due  to  the  existence  of  more  representative  data  or  unique  air¬ 
plane  requirements.  The  individual  spectra  of  repeated  loads  shall  be 
assembled  on  a  flight-by- flight  basis  to  form  the  design  service  loads 
sequence.  Load  occurrences  less  than  once  per  mission  segment  or  once  per 
flight  shall  be  rationally  distributed  (randomized  or  ordered,  as  appro¬ 
priate)  among  appropriate  segments  and  flights.  The  design  service  loads 
spectra  shall  not  be  arbitrarily  limited  to  design  static  limit  load  if 
higher  values  are  probable  (e.g.,  once  per  lifetime  airplane  load  level). 

An  appropriate  distribution  of  weight,  center  of  gravity,  configuration, 
speed,  altitude,  and  other  significant  operational  parameters  shall  be 
made  within  each  mission  segment. 

3.2.2. 1  Maneuver.  Tables  I  through  VI  contain  normal  maneuver  load  factor 
spectra  representative  of  USAF  operations  of  several  classes  of  airplanes 
prior  to  1970  and  are  contained  herein  for  reference.  The  contractor  shall 
derive  the  final  maneuver  spectra  by  mission  segment  and  account  for  vari¬ 
ables  such  as  maneuver  capability,  tactics,  etc.  These  final  spectra  shall 
require  approval  by  the  procuring  activity. 

3. 2. 2. 2  Gust.  The  gust  loads  spectra  shall  be  developed  in  accordance  with 
the  procedures  of  MIL-A-8861,  paragraph  entitled,  Continuous  turbulence 
analysis . 

3.2.2. 3  Landing .  The  landing  loads  spectra  shall  be  developed  for  the 
number  of  landings  indicated  in  3.2.1  including  such  variables  as  sinking 
speed,  forward  speed,  attitude,  wing  stores,  and  fuel  distribution.  The 
distribution  of  sinking  speeds  specified  in  table  VII  is  for  reference. 

3.2. 2.4  Taxi .  The  taxi  ground  loads  shall  be  based  on  vertical  gear  inputs 
resulting  from  taxi  on  prepared  runways.  Table  VIII  is  presented  for  refer¬ 
ence.  For  airplane  classes  Bjj,  CasSAULT*  and  CtransPORT*  the  number  of 
vertical  load  cycles  shall  be  twice  that  as  specified  in  table  VIII;  or  the 
taxi  ground  loads  spectra  shall  account  for  the  increased  frequency  of 
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vertical  gear  inputs  due  to  unprepared  field  operations.  In  lieu  of  a  verti¬ 
cal  load  cycle  spectra  such  as  table  VIII,  the  airplane  may  be  designed  for 
the  effect  of  takeoff,  taxixng,  and  rollout  on  deterministic  runway  profiles 
having  power  spectral  density  roughness  characteristics  as  shown  on  figures  1, 
2,  and  3  or  in  the  contract.  For  this  option,  the  analysis  shall  include  the 
significant  rigid  and  flexible  body  modes,  and  gear  dynamics.  Aerodynamic 
and  propulsion  forces  shall  be  included.  The  number  of  taxi  operations  for 
each  of  the  runway  roughness  and  airfield  types  shall  be  specified  by  the 
procuring  activity,  and  taxi  times  and  speeds  shall  require  approval  by  the 
procuring  activity. 

3.2.2. 5  Braking,  pivoting,  and  turning.  Taxi  ground  loads  spectra  shall 
include  lateral  and  longitudinal  loads  resulting  from  braking,  pivoting, 
and  turning.  Hard  braking  with  maximum  braking  effects  will  be  assumed  to 
occur  twice  per  full-stop  landing  and  medium  braking  with  half-maximum 
braking  effects  will  be  assumed  to  occur  an  additional  five  times  per 
full-stop  landing.  During  a  given  mission,  each  full-stop  landing  that 
occurs  will  be  included.  The  effects  of  antiskid  devices  will  also  be 
included.  Pivoting,  with  half-limit  torque  load,  will  be  assumed  to  occur 
every  10  landings.  Turning  with  a  side  load  factor  acting  at  the  airplane 
center  of  gravity,  reacted  by  the  landing  gears  alternately  inboard  and 
outboard,  will  be  assumed  to  occur.  The  magnitude  and  frequency  of  occur¬ 
rences  per  landing  of  side  load  factor  will  be  established  by  the  contractor 
and  will  require  approval  by  the  procuring  activity. 

3. 2.2.6  Pressurization.  The  number  of  pressurization  cycles  used  for  design 
shall  be  determined  by,  and  be  commensurate  with,  the  design  usage  and  design 
life  requirements.  Regulator  valve  nominal  setting  shall  define  the  maximum 
pressure  for  cabins  and  cockpits. 

3. 2.2.7  Repeated  operation  of  movable  structures.  Particular  attention 
shall  be  given  to  the  impact  loads  as  well  as  the  operational  and  residual 
loads  that  may  occur  when  doors,  cowling,  landing  gear,  controls,  and  other 
devices  are  operated  consistent  with  planned  usage  of  the  airplane. 

3. 2.2.8  Control  surface  balance  weight  attachments.  Repeated  load  require¬ 
ments  for  design  of  control  surface  balance  weight  attachments  shall  be  in 
accordance  with  MIL-A-8870,  paragraph  entitled  Mass-balance  control  surfaces 
and  tabs  [sub  para  (b) . ] 

3.2. 2.9  Control  system  inputs.  The  design  service  loads  spectra  shall 
include  loads  generated  in  performing  the  selected  manual  or  automatic 
control  functions.  Rigid  body  and  flexible  modes  of  the  airplane  as  well 
as  the  frequency  response  characteristics  of  the  control  system  (including 
any  filters  used  to  modify  response  to  structural  modes)  shall  be  considered 
in  the  derivation  of  the  load  spectra.  The  loads  spectra  due  to  pilot  induced 
maneuvers  shall  be  based  on  manual  command  inputs  that  are  rationally  derived. 
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3.2.2.10  Combined  loadings.  Loading  conditions  from  individual  sources  of 
repeated  loads  shall  be  combined  where  appropriate.  The  contractor  shall 
submit  the  rationale  for  combining  individual  sources  of  repeated  loads  to 
the  procuring  activity  for  approval. 

3.2.3  Design  chemical/thermal  environment  spectra.  The  contractor  shall 
develop  design  chemical/thermal  environment  spectra.  These  spectra  shall 
characterize  each  environment  (i.e.,  intensity,  duration,  frequency  of 
occurrence,  etc.).  The  chemical/thermal  environment  spectra  shall  require 
approval  by  the  procuring  activity. 

3.2.4  Analyses.  An  analysis  shall  be  conducted  to  demonstrate  that  the 
economic  life  of  the  airframe  is  in  excess  of  the  design  service  life  when 
subjected  to  the  design  service  loads  spectra  and  the  design  chemical/thermal 
environment  spectra.  The  approach  shall  account  for  those  factors  affecting 
the  time  for  cracks  or  other  damage  to  reach  sizes  large  enough  to  necessi¬ 
tate  the  repair,  modification,  or  replacement  of  components.  These  factors 
shall  include  initial  quality  and  initial  quality  variations,  environment, 
load  sequence  and  environment  interaction  effects,  material  property  varia¬ 
tions,  and  analytical  uncertainties.  The  analysis  shall  demonstrate  that 
cracks  in  the  structure  throughout  one  design*  lifetime  shall  not  result  in 
sustained  crack  growth  under  steady  state  flight  (1G)  and  ground  stress 
conditions.  The  design  and  analyses  procedures  shall  be  verified  by  test 

to  selected  design  flight-by-f light  stress  and  environment  spectra  and 
shall  require  approval  by  the  procuring  activity. 

3.2.5  Durability  detail  design  procedures.  The  contractor  shall  implement 
a  disciplined  procedure  for  durability  design  which  will  minimize  the  pro¬ 
bability  of  incorporating  adverse  residual  stresses,  local  design  details, 
materials,  processing  and  fabrication  practices  into  the  airplane  design 
and  manufacture  which  could  lead  to  unexpected  cracking  or  failure  problems 
(i.e.,  those  problems  which  have  historically  been  found  early  in  durability 
testing  or  early  in  service  usage).  The  procedure  shall  be  implemented  con¬ 
currently  with  strength  design.  The  procedure  shall  adequately  reflect 
previous  full  scale  test  and  fleet  experiences  as  well  as  other  laboratory 
and  development  test  results.  In  addition,  it  shall  encompass  those  mana¬ 
gerial  actions  necessary  to  monitor  and  control  the  durability  detail  design 
activities. 

3.2.6  Thermal  protection.  Where  structural  designs  and  thermal  analyses 
defining  temperature  distributions,  thermal  strain  histories,  and  material 
allowables  are  based  on  use  of  thermal  protection  systems  (e.g.,  surface 
finishes,  platings,  primers,  paints,  fire  retardant  and  insulating  barriers, 
etc.),  these  systems  shall  be  designed  and  demonstrated  to  endure  the  design 
environment  spectra  of  3.2.3  unless  it  can  be  shown  that  replacement,  repair, 
or  refurbishment  at  shorter  intervals  is  cost  effective.  Designing  to  usage 
intervals  less  than  the ’design  service  life  shall  require  approval  by  the 
procuring  activity,  and  the  intervals  shall  not  be  less  than  the  design 
inspection  intervals  specified  in  the  contract. 
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3.2.7  Corrosion  protection.  Where  structural  designs  and  strength  and 
durability  analyses  are  based  on  the  use  of  corrosion  protection  systems 
(e.g.,  corrosion  resistant  materials,  ventilation,  drainage,  and  chemically 
resistant  finishes,  coatings  or  barriers),  these  systems  shall  be  designed 
and  demonstrated  to  endure  the  design  environment  spectra  of  3.2.3  unless 

it  can  be  shown  that  replacement,  repair,  or  refurbishment  at  shorter  inter¬ 
vals  is  cost  effective.  Designing  to  usage  intervals  less  than  the  design 
service  life  shall  require  approval  by  the  procuring  activity,  and  the 
intervals  shall  not  be  less  than  the  design  inspection  intervals  specified 
in  the  contract.  The  corrosion  prevention  and  control  plan  shall  be  as 
specified  in  the  contract. 

3.2.8  Wear  endurance.  Excessive  wear  of  structural  components,  elements, 
and  major  bearing  surfaces  which  would  interfere  with  function  of  the  part 
shall  not  occur  within  the  design  service  life  and  design  usage  unless  it 
can  be  shown  that  replacement,  repair,  or  refurbishment  at  shorter  inter¬ 
vals  is  cost  effective.  Designing  to  usage  intervals  less  than  the  design 
service  life  shall  require  approval  by  the  procuring  activity,  and  the 
intervals  shall  not  be  less  than  the  design  inspection  intervals  specified 
in  the  contract.  Wear  endurance  during  movement  of  structural  surfaces 
and  elements  shall  be  considered  as  well  as  wear  endurance  of  maintenance 
access  panels,  doors,  and  other  removable  parts  during  repeated  removal, 
ground  handling,  and  reinstallation. 

3.2.9  Other  durability  considerations.  The  contractor  shall  develop  and 
apply  criteria  for  other  durability  considerations  such  as  foreign  object 
damage  and  special  environments  such  as  runway  debris,  sand,  gravel,  rain, 
hail,  and  lightning  strikes.  These  considerations  can  arise  due  to  air¬ 
plane  configurations,  operation  on  substandard  runways,  or  special  atmo¬ 
spheric  conditions.  The  criteria  for  these  other  durability  considerations 
shall  require  approval  by  the  procuring  activity. 

4.  QUALITY  ASSURANCE  PROVISIONS 

4.1  Design  data.  Structural  design  and  analysis  data  shall  be  prepared 
and  submitted  as  specified  in  the  contract. 

4.2  Laboratory  tests.  Laboratory  tests  shall  be  in  accordance  with 
MIL-A-8867 . 

4.3  Flight  tests.  Flight  tests  shall  be  in  accordance  with  MIL-A-8871. 


5.  PREPARATION  FOR  DELIVERY 

5.1  Section  5  is  not  applicable  to  this  specification. 
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6.  NOTES 

6.1  Intended  use.  This  specification  is  intended  for  use  in  the  design  of 
the  airframe  of  all  new  USAF  airplanes.  Selected  parts  of  this  specification 
may  also  be  used  in  the  design  of  major  modifications  of  existing  USAF  air¬ 
planes.  Vibration  and  sonic  durability  design  requirements  are  contained 

in  MIL-A-8892  and  MIL-A-8893,  respectively. 

6.2  Definitions.  Definitions  will  be  in  accordance  with  the  documents 
listed  in  Section  2  and  as  specified  herein. 

6.2.1  Durability.  The  ability  of  the  airframe  to  resist  cracking  (including 
stress  corrosion  and  hydrogen  induced  cracking),  corrosion,  thermal  degrada¬ 
tion,  delamination,  wear,  and  the  effects  of  foreign  object  damage  for  a 
specified  period  of  time. 

6.2.2  Economic  life.  That  operational  life  indicated  by  the  results  of 
the  durability  test  program  (i.e.,  test  performance  interpretation  and 
evaluation  in  accordance  with  MIL-A-8867)  to  be  available  with  the  incor¬ 
poration  of  USAF  approved  and  committed  production  or  retrofit  changes 
and  supporting  application  of  the  force  structural  maintenance  plan  in 
accordance  with  MIL-STD-1530.  (In  general,  production  or  retrofit  changes 
will  be  incorporated  to  correct  local  design  and  manufacturing  deficiencies 
disclosed  by  the  test.  It  will  be  assumed  that  the  economic  life  of  the 
test  article  has  been  attained  with  the  occurrence  of  widespread  damage 
which  is  uneconomical  to  repair  and,  if  not  repaired,  could  cause  functional 
problems  affecting  operational  readiness.  This  can  generally  be  character¬ 
ized  by  a  rapid  increase  in  the  number  of  damage  locations  or  repair  costs 
as  a  function  of  cyclic  test  time.) 

6.2.3  Initial  quality.  A  measure  of  the  condition  of  the  airframe  rela¬ 
tive  to  flaws,  defects,  or  other  discrepancies  in  the  basic  materials  or 
introduced  during  manufacture  of  the  airframe. 

6.2.4  Structural  operating  mechanisms.  Those  operating,  articulating, 
and  control  mechanisms  which  transmit  structural  forces  during  actuation 
and  movement  of  structural  surfaces  and  elements. 

6.3  Marginal  indicia.  Asterisks  are  not  used  in  this  revision  to  identify 
changes  with  respect  to  the  previous  issue  due  to  the  extensiveness  of  the 
changes. 
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TABLE  I.  Maneuver- Load- Factor  Spectra  for  A,  F,  TF  Classes,  Cumulative 
Occurrences  per  1000  Flight  Hours  by  Mission  Segment 


Nz 

Ascent 

Cruise 

Descent 

Loiter 

Air-Gmd 

Spec  Wpn 

Air-Air 

Positive 

2.0 

5000 

10,000 

20,000 

15,000 

175,000 

70,000 

300,000 

3.0 

90 

2,500 

5,500 

2,200 

100,000 

25,000 

150,000 

4.0 

1 

400 

500 

250 

40,000 

7,500 

50,000 

5.0 

1 

1 

25 

10,000 

2,000 

13,000 

6.0 

1 

1,500 

250 

3,300 

7.0 

200 

15 

900 

8.0 

15 

1 

220 

9.0 

1 

60 

10.0 

15 

Negative 

0.5 

10,000 

44,000 

0 

350 

4,000 

-0.5 

30 

1,200 

-1.0 

7 

350 

-1.5 

3 

60 

-2.0 

1 

8 

-2.5 

1 
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TABLE  II.  Maneuver- Load-Factor  Spectra  for  T,  Trainer  Class,  Cumulative 
Occurrences  per  1000  Flight  Hours  by  Mission  Type 


Nz 

Transition 

Formation 

Instruments 

Administrative 

Basic 

Advanced 

8  Navigation 

1 

8  Test 

Positive 

2.0 

20,000 

35,000 

30,000 

10,000 

25,000 

2.5 

4,000 

18,000 

10,000 

2,500 

8,000 

3.0 

1,500 

10,000 

4,000 

1,000 

3,500 

3.5 

500 

5,000 

2,200 

500 

1,700 

4.0 

150 

2,500 

1,200 

250 

900 

4.5 

55 

1,000 

600 

55 

450 

5.0 

20 

350 

250 

20 

170 

5.5 

7 

110 

90 

7 

50 

6.0 

3 

30 

25 

3 

15 

6.5 

9 

5 

1 

4 

7.0 

2.5 

1 

7.5 

1 

Negative 

0 

280 

3,700 

4,800 

1,200 

2,800 

-0.5 

38 

320 

160 

38 

330 

-1.0 

20 

100 

20 

3 

110 

-1.5 

4 

34 

6 

1 

47 

-2.0 

10 

1 

0.6 

18 

-2.5 

2 
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TABLE  III.  Maneuver- Load-Factor  Spectra  for  Bj,  Bomber  Class,  Cumulative 
Occurrences  per  1000  Flight  Hours  by  Mission  Type 


NZ 

Special  Weapons 

Transition 

Air-Ground 

Positive 

1.3 

29,000 

10,000 

31,000 

1.6 

22,500 

5,000 

29,000 

1.9 

17,500 

2,700 

20,000 

2.2 

12,500 

1,300 

15,000 

2.5 

8,000 

600 

10,000 

2.8 

5,000 

275 

6,500 

3.1 

2,800 

100 

4,000 

3.4 

1,600 

45 

2,400 

3.7 

800 

18 

1,250 

4.0 

400 

7 

650 

4.3 

200 

2 

300 

4.6 

70 

1 

130 

5.0 

15 

35 

Negative 

0.7 

525 

250 

1,300 

0.5 

450 

150 

1,000 

0.3 

350 

85 

700 

0.1 

235 

35 

450 

0 

170 

17 

350 

-0.1 

100 

7 

250 

-0.3 

1 

1 

90 

-0.5 

1 
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TABLE  IV.  Maneuver- Load-Factor  Spectra  for  Bjj,  Bomber  Class  Cumulative 
Occurrences  per  1000  Flight  Hours  by  Mission  Segment 


NZ 

Ascent 

- 1 

Cruise 

Descent 

Refueling 

Positive 

1.2 

54,000 

13,000 

50,000 

40,000 

1.4 

7,200 

1,300 

6,000 

1,300 

1.6 

900 

150 

600 

100 

1.8 

100 

25 

80 

10 

2.0 

10 

4 

15 

1 

2.2 

1 

1 

4 

2.4 

0. 15 

1 

2.6 

0.08 

0.3 

2.8 

0. 1 

3.0 

0.03 

Negative 

0.9 

80,000 

20,000 

85,000 

260,000 

0.8 

26,000 

4,200 

31,000 

30,000 

0.7 

7,700 

960 

11,000 

4,300 

0.6 

2,500 

240 

3,900 

830 

0.5 

780 

60 

1,050 

200 

0.3 

86 

4 

51 

20 

0.1 

16 

0.7 

4 

3.5 

0 

7 

0.7 

1 

-0.2 

1.5 

-0.4 

0.4 

-0.6 

0.1 

A-67 


MI L-A- 008866B (USAF) 


TABLE  V.  Maneuver-Load-Factor  Spectra  for  CtranspORT*  Cargo  Class, 

Cumulative  Occurrences  per  1000  Flight  Hours  by  Mission  Segment 


— 

N, 

Logistics 

Training 

Refuel 

L 

Ascent 

Cruise 

Descent 

Ascent 

Cruise 

Descent 

F 

’ositive 

1.2 

11,000 

825 

13,000 

60,000 

45,000 

35,000 

8,000 

1.4 

380 

30 

435 

5,600 

4,000 

3,500 

850 

1.6 

25 

3 

28 

500 

350 

800 

110 

1.8 

4.5 

0.7 

5 

70 

35 

250 

20 

2.0 

1.8 

15 

5 

90 

2.5 

2.2 

4 

1 

35 

2.4 

2 

11 

2.6 

1 

4.5 

2.8 

1.5 

Negative 

0.9 

6,800 

600 

7,000 

12,000 

7,200 

10,000 

3,000 

0.8 

2,500 

150 

3,000 

5,000 

1,500 

1,700 

800 

0.7 

600 

75 

680 

1,000 

200 

350 

200 

0.6 

100 

20 

120 

200 

30 

85 

70 

0.4 

1 

0.8 

1 

7 

1 

7 

8 

0.2 

0.6 

2 
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TABLE  VI.  Maneuver- Load-Factor  Spectra  for  C^gg^y-p,  Cargo  Class, 

Cumulative  Occunences  per  1000  Flight  Hours  by  Mission  Segment 


Nz 

Ascent 

Cruise 

Descent 

Positive 

1.2 

14,000 

3,500 

26,000 

1.4 

1,000 

300 

1,500 

1.6 

120 

35 

300 

1.8 

15 

6 

50 

2.0 

3 

2 

10 

2.2 

0.7 

0.7 

3 

2.4 

0.4 

1 

2.6 

0.25 

0.5 

2.8 

0.3 

3.0 

0.18 

3.2 

0.12 

Negative 

0.8 

4,700 

1,000 

5,000 

0.6 

105 

30 

100 

0.4 

8 

3 

3 

0.2 

2 

0.3 

0 

0.5 
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TABLE  VII.  Cumulative  Occurrences  of  Sinking  Speed/1000  Landings 


Sinking 

Speed 

FPS 

Trainer 

All 

Other 

Classes 

0.5 

1000 

1000 

1.5 

870 

820 

2.5 

680 

530 

3.5 

460 

270 

4.5 

270 

115 

5.5 

145 

37 

6.5 

68 

11 

7.5 

31 

3.0 

8.5 

14 

1.5 

9.5 

6.0 

0.5 

10.5 

3.0 

0 

11.5 

1.5 

12.5 

0.5 

13.5 

0 
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TABLE  VIII.  Cumulative  Occurrences  Per  Thousand  Runway  Landings 

That  Load  Factor  Nz  is  Experienced  at  the  Airplane  CG 


Nz 

Cumulative  Occurrences 

1  ±0 

494,000 

1  ±0.1 

194,000 

1  ±0.2 

29,000 

1  ±0.3 

2,100 

1  ±0.4 

94 

1  ±0.5 

4 

1  ±0.6 

0.155 

1  ±0.7 

0.005 

1  ±0.8 

0 
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FIGURE  1.  Roughness  Levels  For  Prepared  Airfields 
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POWER  SPECTRAL  DENSITY  <t  (SI)  -  IN  SQ/RAO/FT 
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FIGURE  2.  Roughness  Levels  For  Semiprepared  Airfields 
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FIGURE  3.  Roughness  Levels  For  Unprepared  Airfields 

NOTE  1:  This  figure  shall  not  be  used  for  design  unless 
specified  by  the  procuring  activity. 
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MILITARY  SPECIFICATION 

AIRPLANE  STRENGTH  AND  RIGIDITY  GROUND  TESTS 

This  limited  coordination  Military  Specification  has  been  prepared 
by  the  Air  Force  based  upon  currently  available  technical  informa¬ 
tion,  but  it  has  not  been  approved  for  promulgation  as  a  coordina¬ 
ted  revision  of  Military  Specification  MIL-A-8867 (ASG) .  It  is 
subject  to  modification.  However,  pending  its  promulgation  as  a 
coordinated  Military  Specification,  it  may  be  used  in  procurement. 

1 .  SCOPE 

1.1  Types  of  tests.  This  specification  identifies  the  ground  tests  re¬ 
quired  for  structural  evaluation  of  airplanes.  The  complete  structure, 
herein  referred  to  as  the  airframe,  includes  the  fuselage,  wing,  empennage, 
landing  gears,  control  system  and  surfaces,  engine  mounts,  structural 
operating  mechanisms,  and  other  components  as  specified  in  the  contract. 

This  specification  applies  to  metallic  and  nonmetallic  structures.  The 
types  of  testing  include,  but  are  not  limited  to: 

a.  Design  development  tests 

b.  Proof,  ultimate,  and  failing  load  static  tests  -  full  scale  airframe 

c.  Durability  tests  -  full  scale  airframe 

d.  Damage  tolerance  tests 

e.  Fuel  tank  tests. 

2.  APPLICABLE  DOCUMENTS 

2.1  The  following  documents,  of  the  issue  in  effect  on  the  date  of  invitation 
for  bids  or  request  for  proposal,  form  a  part  of  this  specification  to  the 
extent  specified  herein: 

SPECIFICATIONS 

Military 

MIL-G-6021  Castings,  Classification  and  Inspection  of 


FSC  1510 
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MIL-A-8860 

MIL-A-8866 

MIL-A-8871 

MIL-C-45662 

MIL-A-83444 


Airplane  Strength  and  Rigidity,  General  Specification  for 
Airplane  Strength  and  Rigidity  Reliability  Requirements, 
Repeated  Loads,  and  Fatigue 

Airplane  Strength  and  Rigidity,  Flight  and  Ground 
Operations  Tests 

Calibration  Systems  Requirements 

Airplane  Damage  Tolerance  Design  Requirements 


(Copies  of  specifications,  standards,  drawings  and  publications  required  by 
suppliers  in  connection  with  specific  procurement  functions  should  be  obtained 
from  the  procuring  activity  or  as  directed  by  the  contracting  officer.) 


3.  REQUIREMENTS 

3.1  General  requirements.  The  contractor  shall  furnish  component,  assembly, 
and  full  scale  airframe  test  specimens  and  shall  perform  tests  in  accordance 
with  the  test  requirements  specified  herein  and  as  modified  and  amplified  by 
the  contract. 


3.1.1  Location  of  tests.  The  contract  will  specify  whether  the  tests  are 
to  be  performed  by  the  Government  or  by  the  contractor.  In  the  event  that 
structural  tests  are  performed  by  the  Government,  the  contract  will  specify 
the  type  and  amount  of  support  to  be  provided  by  the  contractor. 

3.1.2  Schedule  of  tests.  The  test  scheduling  shall  be  as  specified  in  the 
detail  requirements  of  3.2.  In  all  cases,  the  test  sequencing  shall  require 
approval  by  the  procuring  activity  prior  to  starting  the  test  program. 

3.1.3  Test  articles.  Test  article  configuration  shall  require  approval  by 
the  procuring  activity.  Changes,  adjustments,  reinforcements  and  repairs 
made  to  the  test  article  to  meet  specified  strength,  rigidity,  damage  toler¬ 
ance  and  durability  requirements  shall  be  representative  of  those  that  will 
be  incorporated  into  operational  flight  articles.  In  addition,  the  test 
articles  shall  be  identical  with  the  structure  of  the  flight  articles  except 
that : 

a.  Items  such  as  fixed  equipment  and  useful  loads  and  their  support  struc¬ 
tures  may  be  omitted  from  the  test  structure  provided  the  omission  of  these 
parts  does  not  significantly  affect  the  load,  stress  or  thermal  distributions 
and  the  structural  characteristics  of  the  parts  of  the  structure  to  be  tested, 
and  provided  the  omitted  parts  are  qualified  by  separate  tests  as  agreed  to 
by  the  procuring  activity. 
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b.  Substitute  parts  may  be  used  when  specific  prior  approval  is  obtained 
from  the  procuring  activity,  provided  they  produce  the  effects  of  the  parts 
for  which  they  are  substituted,  and  provided  the  structural  integrity  of 
the  parts  for  which  substitutions  are  made  are  demonstrated  in  a  manner 
that  is  satisfactory  to  the  procuring  activity. 

c.  Power  plants  and  accessories  shall  be  replaced  by  contractor  designed- 
and- fabricated  test  fixtures  that  properly  transmit  the  power  plant  loads 
to  the  engine  mounts,  vibration  isolators,  or  both,  as  applicable.  The 
means  for  applying  the  loads  to  these  fixtures  (such  as  loading  rods  through 
the  fuselage  or  engine  nacelle  structure)  shall  be  determined  by  the  con¬ 
tractor.  All  structural  modifications  necessary  to  accommodate  the  loading 
devices  shall  be  designed  by  the  contractor  in  such  a  manner  as  to  assure 
that  the  structural  characteristics  of  the  modified  structure  will  be 
equivalent  to  those  of  the  actual  structure. 

d.  Paint  or  other  finishes  that  do  not  affect  the  structural  performance 
may  be  omitted  from  the  test  structures.  When  the  structural  test  includes 
simulation  of  chemical  or  thermal  environment  (3.1.9),  the  test  articles 
shall  include  the  associated  environmental  protection  systems  developed  in 
accordance  with  the  durability  design  requirements  of  MIL-A-8866  paragraphs 
entitled  Thermal  protection  and  Corrosion  protection. 

e.  Prior  to  shipping  the  test  structures  to  Government  facilities  for 
testing,  a  number  of  buttock  lines,  water  lines,  fuselage  stations,  and 
wing  stations  shall  be  marked  on  the  test  structure.  These  shall  be  clearly 
identified  and  shall  be  of  sufficient  number  to  facilitate  determining  all 
desired  reference  points  on  the  airframe. 

f.  To  the  extent  required  for  adequate  load  simulation  during  test,  mechan¬ 
ical  portions  of  the  flight  control  system  and  power  actuators  for  the  con¬ 
trol  systems  shall  be  operable.  When  tests  are  conducted  at  Government 
facilities,  special  provisions  shall  be  made  for  external  power  attachments 
to  the  actuating  mechanisms  to  permit  externally  controlled  operations.  It 
is  therefore  permissible  to  omit  any  unnecessary  portions  of  the  normal 
internal  power  systems.  Other  actuators  for  landing  gear  doors,  armament 
bay  doors,  etc.,  shall  be  externally  operable  as  required  for  tests  at 
Government  facilities.  Air  actuated  systems  may  be  replaced  by  hydraulic 
systems  to  simplify  testing  procedures.  The  external  actuation  capability 

is  also  recommended  for  tests  conducted  by  the  contractor,  if  test  operations 
can  be  simplified  or  costs  reduced. 

g.  Structural  parts  and  mechanisms  which  are  subject  to  special  qualifica¬ 
tion  requirements  outside  the  scope  of  this  specification  shall  be  qualified 
to  the  extent  possible  prior  to  incorporation  in  the  test  article  (Class  I 
castings  in  accordance  with  MIL-C-6021  paragraph  entitled.  Classes,  weldments, 
actuators,  etc.). 
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3.1.4  Instrumentation  and  test  measurements.  Structural  test  components, 
assemblies,  and  full  scale  airframe  test  articles  shall  be  instrumented  with 
strain  gages,  load  cells,  pressure  transducers,  deflection  potentiometers, 
thermocouples,  and  other  instrumentation  as  needed  to  (1)  verify  that  external 
loads,  pressure  loads,  environment  and  other  external  test  parameters  are 
correctly  simulated  and  (2)  monitor  test  article  parameters  such  as  strain, 
temperature  distributions,  and  structural  deflections  for  comparison  with 

the  appropriate  structural  analyses.  Additional  instrumentation  shall  be 
used  as  necessary  to  detect  incipient  structural  failure,  monitor  crack 
growth,  and  monitor  localized  test  areas.  The  instrumentation  system  sensor 
placement  on  the  structural  test  articles  shall  be  determined  by  the  con¬ 
tractor  and  shall  require  approval  by  the  procuring  activity.  Instrumenta¬ 
tion  used  for  obtaining  test  data  shall  be  calibrated  and  certified  in 
accordance  with  MIL-C-45662  as  appropriate.  Test  facility  measurement 
standards  shall  have  certificates  which  are  traceable  to  the  National 
Bureau  of  Standards.  The  instrumentation  shall  be  integrated  into  a  read¬ 
out  system  for  rapid  and  accurate  presentation  of  the  test  parameters. 

Data  measurements  shall  be  taken  at  sufficient  intervals  and  loadings  to 
monitor  and  verify  the  test  parameters  consistent  with  the  test  program 
objectives.  For  tests  conducted  at  discrete  load  increments,  measurements 
shall  be  made  at  each  load  increment.  The  test  article  instrumentation 
requirements  shall  be  coordinated  with  the  instrumentation  planned  for  the 
flight  loads  survey.  Special  types  of  instrumentation  (e.g.,  mechanical 
strain  recorders,  strain  gages,  etc.)  to  be  used  during  the  individual 
airplane  tracking  program  shall  be  placed  on  the  static  and  durability 
articles  as  appropriate  for  evaluation  and  correlation.  Analyses  pertinent 
to  the  areas  being  instrumented  shall  be  made  available  to  the  procuring 
activity  prior  to  instrumentation.  When  tests  are  performed  by  the  Govern¬ 
ment,  required  instrumentation  (strain  gages,  thermocouples,  pressure 
transducers,  crack  detection  wires,  etc.)  shall  be  installed  by  the  con¬ 
tractor  to  the  maximum  extent  practicable,  prior  to  delivery  of  the  test 
article (s)  to  the  testing  agency.  When  tests  are  performed  by  the  Govern¬ 
ment,  the  contractor  shall  consult  with  the  testing  agency  to  establish  the 
instrumentation  requirements  relative  to  compatibility  with  Government  data 
systems. 

3.1.5  Use  and  disposition  of  test  articles.  Except  for  the  case  of  proof 
testing  of  flight  vehicle  structures,  parts  of  the  test  structure  shall  not 
be  used  on  a  flight  article.  In  certain  cases  it  may  be  a  program  require¬ 
ment  to  store  test  articles  for  extended  periods  of  time  following  completion 
of  testing.  The  requirements  for  test  article  storage  shall  be  as  specified 
by  the  procuring  activity  in  the  contract. 
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3.1.6  Test  loading  system.  The  test  loads  shall  be  applied  using  a  system 
capable  of  providing  accurate  load  control  to  all  load  points  simultaneously 
and  shall  contain  emergency  modes  which  will  detect  load  errors  and  prevent 
excessive  loads.  When  loads  are  applied  in  such  a  manner  that  they  are  not 
relieved  when  the  rate  of  deformation  of  the  specimen  increases  rapidly,  as 
when  failure  occurs,  safety  devices  such  as  shear  links  or  pressure  blowout 
valves  shall  be  employed  to  minimize  excessive  deformation  or  overloading 

of  other  parts  of  the  structure.  Positive  methods  shall  be  employed  to 
safely  control  the  release  of  energy  in  the  event  of  abrupt  failure.  Load 
application  devices  shall  be  designed  to  minimize  local  non-representative 
loading  effects  and  to  afford  maximum  accessibility  for  inspection  of  criti¬ 
cal  joints,  cutouts,  and  areas  of  discontinuity.  The  test  rig  and  associa¬ 
ted  equipment  shall  be  capable  of  applying  the  maximum  loads  necessary  to 
meet  the  required  test  objectives. 

3.1.7  Test  loads  and  distribution.  In  each  test  condition,  parts  of  the 
structure  critical  for  the  pertinent  design  loading  shall  be  tested  and 
shall  be  loaded  simultaneously,  if  practicable.  Testing  may  be  initiated 
using  analytically  derived  loads  and  available  wind  tunnel  data.  Loads 
measured  in  the  flight  and  ground  loads  survey  program  shall  be  used  to 
correct  the  test  loads  and  distribution  at  the  earliest  suitable  time  if 
the  measured  loads  are  significantly  different  than  the  analytical  loads. 

The  distribution  of  loads  employed  in  the  tests  shall  represent  the  actual 
distribution  as  closely  as  possible. 

3.1.8  Deformations.  It  shall  be  demonstrated  during  structural  tests  that 
movable  and  removable  structural  components  remain  in  their  intended  posi¬ 
tions  and  do  not  deform  within  the  load/deformation  limits  specified  in 
MIL-A-8860  paragraph  entitled,  Deformations,  to  the  extent  that  (1)  delete¬ 
rious  aerodynamic  effects  are  produced  or  (2)  interference  is  such  that 
functional  impairment  occurs  when  operation  is  required  at  the  design  con¬ 
dition.  In  addition,  there  shall  be  no  permanent  deformation  as  a  result 
of  application  of  the  design  loads  specified  in  MIL-A-8860  paragraph  en¬ 
titled,  Deformations  which  would  impair  the  functioning  of  any  aircraft 
component  during  subsequent  flight  and  ground  operations. 

3.1.9  Environmental  effects.  The  effect  of  chemical  and  thermal  environ¬ 
ments  shall  be  evaluated  during  the  material  and  joint  allowables  tests 

to  the  extent  necessary.  When  deemed  necessary,  the  design  chemical  and 
thermal  environment  shall  be  simulated  during  the  full  scale  airframe  tests. 
The  method  of  simulating  the  environment  shall  require  approval  by  the  pro¬ 
curing  activity. 

3.1.10  Simplification  and  combination  of  loading.  Loading  conditions  may 
be  simplified  during  tests  by  modifying  the  distribution  of  loads  applied 
to  regions  of  a  structure  that  will  not  be  subjected  to  critical  loads 
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during  the  loading  condition  being  simulated  or  that  are  identical  in  con¬ 
struction  to  other  regions  of  the  structure  that  are  subjected  to  critical 
loads  during  the  same  or  another  test  condition.  However,  simplification 
of  the  method  of  loading  shall  not  result  in  unrepresentative  permanent 
deformations  or  failures.  Simultaneously  applying  more  than  one  loading 
condition  to  different  portions  of  the  structure  shall  be  considered  pro¬ 
vided  the  interaction  of  the  separate  loadings  does  not  affect  the  critical 
design  loading  on  any  portion  of  the  structure.  Loads  resulting  from  pres¬ 
surization  shall  be  considered  and,  if  critical,  shall  be  simulated  in 
combination  with  the  applicable  ground  and  flight  loads  during  the  appro¬ 
priate  component  or  full  scale  test. 

3.1.11  Complete  airframe  versus  separate  assemblies.  It  will  be  a  program 
option  requiring  approval  by  the  procuring  activity  whether  the  full  scale 
airframe  static  and  durability  tests  are  performed  on  a  complete  airframe 
or  on  separate  major  assemblies  thereof  (wing,  fuselage,  empennage,  landing 
gear,  etc.).  When  tests  of  components  or  separate  assemblies  are  conducted, 
the  test  article  shall  be  mounted  in  supporting  and  loading  fixtures  which 
accurately  simulate  the  load  and  deflection  interactions  with  the  adjacent 
structure  not  being  tested.  If  these  actual  interactions  cannot  be  obtained, 
then  the  contractor  shall  provide  sufficient  transition  test  structure  whose 
strength  and  stiffness  is  representative  of  the  full  scale  airframe. 

3.2  Detail  requirements 

3.2.1  Design  development  tests.  The  contractor  shall  conduct  design 
development  tests  to  establish  material  and  joint  allowables;  to  verify 
analysis  procedures;  to  obtain  early  evaluation  of  allowable  stress  levels, 
material  selections,  fastener  systems  and  the  effect  of  the  design  chemical/ 
thermal  environment  spectra;  and  to  obtain  early  evaluation  of  the  strength, 
durability,  and  damage  tolerance  of  critical  structural  components  and  as¬ 
semblies.  Example  of  design  development  tests  are  tests  of: 

a .  Coupons 

b.  Small  elements 

c.  Splices  and  joints 

d.  Panels  of  basic  lection  and  panels  with  joints,  cutouts,  eccentricities 
and  other  discontinuities. 

s.  Fittings 

f.  Control  system  components  and  structural  operating  mechanisms. 
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In  addition,  design  development  tests  shall  include  tests  of  critical  major 
components  and  assemblies  such  as  wing  carry  through,  horizontal  ta'l 
spindles,  wing  pivots,  and  assemblies  thereof  to  obtain  early  validation 
of  the  static  strength,  durability,  and  damage  tolerance.  A  design  develop¬ 
ment  test  plan  shall  be  developed  by  the  contractor  and  shall  require  ap¬ 
proval  by  the  procuring  activity. 

3.2.2  Static  tests  -  full  scale  airframe.  The  static  test  airframe  shall 
meet  the  applicable  general  requirements  of  3.1.  Full  scale  static  tests 
to  design  ultimate  loads  shall  be  required  except  (1)  where  it  is  shown 
that  the  airframe  and  its  loading  are  substantially  the  same  as  that  used 
on  previous  aircraft  where  the  airframe  has  been  verified  by  full  scale 
tests  or  (2)  where  the  strength  margins  (particularly  for  stability  critical 
structure)  have  been  demonstrated  by  major  assembly  tests.  When  full  scale 
ultimate  load  static  tests  are  not  performed,  it  shall  be  a  program  require¬ 
ment  to  conduct  a  strength  demonstration  proof  test  in  accordance  with 
3. 2. 2. 4.  Deletion  of  the  full  scale  ultimate  load  static  tests  shall  require 
approval  by  the  procuring  activity.  Prior  to  starting  the  static  tests, 
structural  modifications  required  as  a  result  of  failures  that  occur  during 
design  development  tests  shall  be  incorporated  into  the  test  article  or 
qualified  by  separate  tests  as  agreed  to  by  the  procuring  activity. 

3. 2. 2.1  Schedule.  The  full  scale  static  testsshall  be  scheduled  such  that 
the  tests  are  completed  in  sufficient  time  to  allow  removal  of  the  80  peroent 
limit  restrictions  on  the  flight  test  airplanes  in  accordance  with  MIL-A-8871 
paragraph  entitled.  Operating  limitations,  and  allow  unrestricted  flight  within 
the  design  envelope* on  schedule. 

3. 2. 2. 2  Functional  proof  tests  prior  to  first  flight.  Proof  testing  require¬ 
ments  prior  to  first  flight  for  major  flight  control  systems  and  surfaces,  and 
major  operating  mechanisms  (e.g.,  wing  sweep,  droopnose,  etc.)  shall  be  estab¬ 
lished  on  an  individual  basis  for  each  new  airplane.  The  purpose  of  these 
tests  is  to  demonstrate  that  systems  and  mechanisms  function  satisfactorily 
when  subjected  to  the  applicable  maximum  operating  loads.  Ihete  tests  may 

be  performed  with  the  associated  load  induced  deflection  in  the  movable 
surface  and  the  airframe  to  which  the  movable  surface  is  attached,  and  may 
be  performed  on  suitable  components  when  approved  ty  the  procuring  activity. 
Pressurized  compartments  shall  be  tested  to  1.33  times  maximum  operating 
pressure  (regulator  valve  nominal  setting  plus  tolerance)  on  a  flight  arti¬ 
cle  prior  to  pressurized  flight.  Each  subsequent  airplane  shall  be  tested 
to  at  least  1.0  times  the  maximum  operating  pressure. 

3. 2. 2. 3  Inspection  proof  tests.  Upon  approval  by  the  procuring  activity 
and  in  conformance  to  MIL-A-83444,  paragraph  entitled.  Initial  flaw  size; 
subparagraph  Slow  crack  growth  structure,  the  contractor  may  perform  com¬ 
ponent,  assembly,  or  complete  airframe  inspection  proof  tests  on  every 
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airplane  for  the  purpose  of  defining  maximum  possible  initial  flaw  sizes  or 
other  damage  when  design  constraints  make  the  use  of  conventional  Non-Destructive 
Inspection  impractical  or  not  cost  effective. 

3. 2. 2. 4  Strength  demonstration  proof  tests.  Strength  demonstration  proof 
tests  shall  be  conducted  when  design  ultimate  load  static  tests  are  not 
required.  The  proof  test  load  levels  shall  be  equal  to  or  greater  than  the 
maximum  loads  contained  in  the  design  service  loads  spectra  and  in  no  cases 
shall  the  load  levels  be  less  than  design  limit  load.  The  structure  shall 
be  loaded  during  the  strength  demonstration  proof  tests  in  accordance  with 
3.1.7.  Test  conditions  shall  be  selected  which  substantiate  the  design 
limit  envelope  for  each  component  of  the  airframe.  The  internal  loads  and 
stress  analysis  shall  be  used  as  a  guide  in  determining  the  most  critical 
load  conditions.  The  contractor  shall  submit  a  list  of  recommended  test 
conditions  including  the  basis  for  selection.  Re-proof  tests  shall  be 
required  when  flight  test  data  confirms  that  actual  load  distributions 
are  more  severe  than  those  used  in  design.  Strength  demonstration  proof 
tests  and  re-proof  test  requirements  shall  require  approval  of  the  procuring 
activity. 

3. 2. 2. 4.1  Post  proof  test  inspection  and  analysis  requirements.  A  post 
proof  test  inspection  program  shall  be  conducted.  Special  emphasis  shall 
be  placed  on  determining  if  detrimental  deformations  (3.1.8)  have  occurred 
in  the  airframe  that  would  prevent  the  use  of  any  structural  part  on  a 
flight  vehicle.  The  analysis  program  shall  include  extensive  examination 
of  instrumentation  data  to  determine  whether  extrapolated  ultimate  internal 
stresses  are  above  predicted  values  to  the  extent  that  flight  restrictions 
or  modifications  are  required.  The  specific  inspection  and  analysis  program 
shall  require  approval  by  the  procuring  activity. 

3.. 2.2.5  Ultimate  load  tests.  In  accordance  with  3.2.2,  the  static  test 
program  shall  include  tests  to  design  ultimate  load  on  the  full  scale 
static  test  airframe  to  verify  the  static  ultimate  strength  of  the  airframe. 
Design  ultimate  load  test  conditions  shall  be  selected  which  substantiate 
the  design  envelope  for  each  component  of  the  airframe.  The  internal  loads 
and  stress  analysis  shall  be  used  as  a  guide  in  determining  the  most  criti¬ 
cal  load  conditions.  The  contractor  shall  submit  a  list  of  recommended 
test  conditions  to  the  procuring  activity  for  approval. 

3. 2. 2. 6  Failing  load  tests.  When  ultimate  load  static  tests  are  conducted, 
consideration  shall  be  given  to  conducting  failing  load  tests  at  the  end  of 
the  static  test  program  to  substantiate  special  capabilities  such  as  growth 
potential  or  emergency  operations.  Failing  load  tests  shall  be  specified 
in  the  contract  unless  other  uses  of  the  article  are  specified  in  the 
contract . 
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3.2.3  Durability  tests  -  full  scale  airframe.  The  durability  test  article 
shall  meet  the  applicable  general  requirements  of  3.1.  Prior  to  starting 
the  durability  tests,  structural  modifications  required  as  a  result  of 
failures  that  occur  during  design  development  tests  shall  be  incorporated 
into  the  test  article  or  qualified  by  separate  tests  as  agreed  to  by  the 
procuring  activity. 

3. 2.3.1  Selection  of  test  articles.  The  test  article  shall  be  an  early 
Full  Scale  Development  (FSD)  or  Research  Development  Test  and  Evaluation 
(RDT5E)  airframe  to  meet  the  scheduling  requirements  of  3. 2. 3. 2.  This 
article  shall  be  as  representative  of  the  operational  configuration  as 
practical  within  the  schedule  constraints.  If  there  are  significant  design, 
material,  or  manufacturing  changes  between  the  test  article  and  production 
airplanes,  durability  test  of  an  additional  article  or  selected  components 
and  assemblies  thereof  shall  be  required.  The  contractor  in  conjunction 
with  the  procuring  activity  shall  identify  additional  test  requirements 

and  these  additional  tests  shall  require  separate  contract  negotiations. 

3. 2.3. 2  Schedule  requirements.  The  full  scale  airframe  durability  test 
shall  be  scheduled  such  that  one  lifetime  of  durability  testing  plus  an 
inspection  of  critical  structural  areas  in  accordance  with  3. 2. 3. 4.1  and 

3.2. 3.4. 2  shall  be  completed  prior  to  full  production  go  ahead  decision. 

Two  lifetimes  of  durability  testing  plus  an  inspection  of  critical  struc¬ 
tural  areas  in  accordance  with  3. 2. 3. 4.1  and  3. 2. 3. 4. 2  shall  be  scheduled 
to  be  completed  prior  to  delivery  of  the  first  production  airplane.  If 
the  economic  life  of  the  test  article  is  reached  prior  to  two  lifetimes 
of  durability  testing,  sufficient  inspection  in  accordance  with  3. 2. 3. 4.1 
and  3. 2.3. 4. 2  and  data  evaluation  shall  be  completed  prior  to  delivery  of 
the  first  production  airplane  to  estimate  the  extent  of  required  produc¬ 
tion  and  retrofit  changes.  In  the  event  the  original  schedule  for  the 
production  decision  and  production  delivery  milestones  becomes  incompatible 
with  the  above  schedule  requirements,  a  study  shall  be  conducted  to  access 
the  technical  risks  and  cost  impacts  of  changing  these  milestones. 

3. 2.3.3  Test  spectra.  The  test  spectra  shall  be  based  on  the  design 
service  loads  spectra  and  the  design  chemical/thermal  environment  spectra. 
The  test  spectra  shall  include  rationally  distributed  missions,  positive 
and  negative  loads  (ordered  or  randomized,  as  appropriate),  and  shall  be 
applied  to  the  test  article  on  a  flight-by-flight  basis.  Test  loads  shall 
include  significant  sources  of  repeated  loads  and  these  loads  shall  be 
combined  in  the  appropriate  sequence.  Chemical  and  thermal  environment 
shall  be  included  in  accordance  with  3.1.9.  The  test  load  and  environment 
spectra  shall  require  approval  by  the  procuring  activity. 
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3. 2. 3. 3.1  Test  spectra  truncation.  Truncation,  elimination  or  substitution 
of  load  cycles  in  the  test  spectra  to  reduce  test  time  and  cost  will  be 
allowed.  The  contractor  shall  define  by  analysis  and  laboratory  experiment 
the  effect  of  the  difference  between  the  design  spectra  and  the  proposed  test 
spectra  on  the  time  to  reach  detrimental  crack  sizes  per  the  durability  and 
damage  tolerance  requirements  of  MIL-A-8866  paragraph  entitled  General  require¬ 
ments  and  MIL-A-83444  paragraph  entitled  General  requirements,  respectively. 

The  results  of  these  analysis  and  experiments  shall  be  used  to  establish  the 
final  test  spectra  and,  as  necessary,  to  interpret  the  test  results.  The 
final  test  spectra  shall  require  approval  by  the  procuring  activity. 

3. 2. 3. 4  Inspections.  Major  inspection  programs  shall  be  conducted  as  an 
integral  part  of  the  full  scale  airframe  durability  test  program.  The 
inspection  programs  shall  require  approval  by  the  procuring  activity. 

3. 2. 3. 4.1  Design  inspections.  In-service  inspections  developed  in  accord¬ 
ance  with  the  requirements  of  MIL-A-83444  paragraph  entitled  General  require¬ 
ments  and  the  requirements  of  MIL-A-8866  paragraph  entitled  General  requirements 
shall  be  programmed  and  conducted  at  the  specified  intervals  and  at  the  end  of 
the  test  prior  to  the  teardown  inspection  of  3. 2. 3. 4. 3.  The  inspection  proce¬ 
dures  shall  be  consistent  with  those  proposed  for  use  on  force  airplanes  at 

the  design  inspection  interval  specified  in  the  contract  and  shall  account  for 
the  fact  that  accessibility  to  the  test  airframe  may  be  different  than  for  the 
flight  configuration. 

3. 2. 3. 4. 2  Special  inspections.  The  contractor  and  procuring  activity  shall 

define  special  inspections  (both  type  and  interval)  to  monitor  and  status  of 
critical  areas  identified  during  design,  detecting  additional  critical  areas 
not  previously  identified,  and  monitoring  crack  growth  rates.  These  inspec¬ 
tions  shall  be  conducted  at  intervals  as  agreed  to  by  the  procuring  activity 
and  shall  include  the  following  intervals  necessary  to  support  the  schedule 
requirements  of  3. 2. 3. 2:  (1)  at  the  end  of  one  lifetime  of  test  and  (2)  at 

the  end  of  two  lifetimes  of  test,  or  when  the  economic  life  of  the  test 
article  is  reached  but  prior  to  the  teardown  inspection  of  3. 2. 3. 4. 3. 

3. 2. 3.4. 3  Teardown  inspection.  At  the  end  of  the  full  scale  durability  test 
including  any  scheduled  damage  tolerance  tests,  a  destructive  teardown  inspec¬ 
tion  program  shall  be  conducted.  This  inspection  shall  include  disassembly 
and  laboratory- type  inspection  of  those  critical  structural  areas  identified 
in  design  as  well  as  additional  critical  structure  detected  during  the  design 
and  special  inspections  and  during  close  visual  examination  while  performing 
the  disassembly.  Fractographic  examinations  shall  be  conducted  to  obtain 
crack  growth  data  and  to  assist  in  the  assessment  of  the  initial  quality 

of  the  airframe  and  the  degree  of  compliance  with  the  durability  require¬ 
ments  of  MIL-A-8866  paragraph  entitled  General  requirements  and  the  damage 
tolerance  requirements  of  MIL-A-83444  paragraph  entitled  General  require¬ 
ments. 
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3. 2. 3. 5  Test  duration.  A  minimum  of  two  lifetimes  of  durability  testing 
shall  be  conducted  except  when  the  economic  life  is  reached  prior  to  two 
lifetimes.  If  the  economic  life  is  reached  prior  to  two  lifetimes,  the 
durability  test  shall  be  terminated  and  a  decision  made  to  perform  either 
the  teardown  inspection  or  perform  damage  tolerance  tests  as  required  by 
3.2.4  followed  by  the  teardown  inspection.  If,  at  the  end  of  two  life¬ 
times,  the  economic  life  is  not  reached,  a  decision  shall  be  made  to 

(1)  terminate  durability  testing  and  perform  the  teardown  inspection,  or 

(2)  terminate  the  durability  testing  and  perform  damage  tolerance 
followed  by  the  teardown  inspection,  or  (3)  continue  durability  testing 
for  an  approved  extended  duration  followed  by  either  (1)  or  (2).  At  each 
of  the  above  decision  points  the  contractor  shall  submit  his  recommended 
course  of  action  together  with  the  rationale  supporting  this  recommendation 
to  the  procuring  activity  for  approval.  As  a  minimum,  the  rationale  for 
continuing  durability  testing  beyond  two  lifetimes  shall  be  based  on  (1) 
effects  of  possible  usage  extremes  on  life,  (2)  possible  force  life  exten¬ 
sion  needs,  (3)  development  and  production  schedules,  aattf&l)  magnitude 

of  cracking  problems  encountered  in  two  lifetimes  of  testing. 

3.2.4  Damage  tolerance  tests.  Damage  tolerance  tests  Shell  be  conducted 
to  demonstrate  compliance  with  the  design  requirements  of  MIL-A-83444 
paragraph  entitled  General  requirements.  The  type  and  quantity  of  tests 
depend  on  the  design  concepts  and  the  number  of  fracture  critical  areas. 

The  types  of  tests  shall  include  crack  growth  evaluation  of  slow  crack 
growth  and  fail  safe  structure  as  well  as  residual  strength  and  life  tests 
of  fail  safe  structure  subsequent  to  load  path  failure  or  crack  arrest. 

The  amount  of  full  scale  damage  tolerance  testing  that  is  conducted  is 
also  dependent  upon  the  extent  that  damage  tolerance  is  deifeonstrated  during 
the  design  development  or  full  scale  durability  tests  (1,0..,  number  of 
cracking  incidents  and  subsequent  crack  growth) .  The  damage  tolerance 
test  program  shall  be  of  sufficient  scope  to  verify  Category  I  fracture 
critical  parts  in  accordance  with  MIL-A-83444  paragraph  entitled  Fracture 
critical  structure.  Deletion  of  verification  of  certain  fracture  crHlcal 
areas  can  be  proposed  based  on  similarity  of  materials  and  structural  con¬ 
figurations  and  demonstrated  knowledge  of  the  applied  stresses.  The  intent 
shall  be  to  conduct  damage  tolerance  tests  on  existing  test  hardware.  This 
may  include  use  of  components  and  assemblies  of  the  design  development  tests 
as  well  as  the  full  scale  static  and  durability  test  articles.  Fracture 
critical  areas  of  existing  test  hardware  shall  be  evaluated  to  determine 
the  nature  of  physical  changes  caused  by  previous  testing  to  insure  vali¬ 
dity  of  damage  tolerance  tests.  When  necessary,  additional  structural 
components  and  assemblies  shall  be  fabricated  and  tested  to  verify  com¬ 
pliance  with  the  damage  tolerance  requirements  of  MIL-A-83444  paragraph 
entitled  General  requirements.  Detail  test  requirements  (type  of  tests, 
proposed  deletions,  quantity,  choice  of  specimens,  pre-crack  locations, 
etc.)  shall  be  proposed  by  the  contractor  and  shall  require  approval  by 
the  procuring  activity. 
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3.2.5  Fuel  tank  tests.  The  internal  fuel  tanks  critical  for  repeated  loads 
due  to  pressure,  inertia,  fluid  acceleration  heads,  vibration,  or  other 
flight  and  ground  loads  shall  be  tested.  When  the  critical  stress  conditions 
cannot  be  reasonably  simulated  in  the  durability  test  or  other  required  test 
programs,  durability  tests  shall  be  conducted  on  full  scale  representative 
tank  sections  as  approved  by  the  procuring  activity.  The  contractor  shall 
propose,  for  approval  by  the  procuring  activity,  a  plan  to  detect  cracks, 

de laminations,  or  other  material  failures  that  would  cause  fuel  leaks  through¬ 
out  the  test  duration.  The  test  duration  for  fuel  tank  tests  shall  be  as 
specified  in  3. 2. 3. 5.  If  the  fuel  tank  is  a  Category  I  fracture  critical 
part,  it  shall  require  damage  tolerance  tests  as  specified  in  3.2.4.  These 
test  requirements  do  not  supersede  other  test  requirements  for  evaluation 
of  fuel  tanks  (slosh  and  vibration). 

3.2.6  Interpretation  and  evaluation  of  test  results.  Each  structural 
problem  (failure,  cracking,  yielding,  etc.)  that  occurs  during  the  tests 
required  by  this  specification  shall  be  analyzed  by  the  contractor  to 
determine  the  cause,  corrective  actions,  force  implications,  and  estimated 
costs.  The  scope  and  interrelations  of  the  various  tasks  within  the  inter¬ 
pretation  and  evaluation  effort  are  illustrated  in  figure  1.  The  results 
of  this  evaluation  shall  demonstrate  that  the  strength,  rigidity,  damage 
tolerance  and  durability  design  requirements  are  met.  Structural  modifi¬ 
cations  or  changes  derived  from  the  results  of  the  full  scale  tests  to 
meet  the  specified  strength,  rigidity,  damage  tolerance,  and  durability 
design  requirements  shall  be  substantiated  by  subsequent  tests  of  compo¬ 
nents,  assemblies,  or  full  scale  article  as  appropriate.  The  test  duration 
for  durability  modifications  shall  be  as  specified  in  3. 2. 3. 5.  The  con¬ 
tractor  shall  propose  these  additional  test  requirements  together  with 

the  associated  rationale  to  the  procuring  activity  for  approval. 

4.  QUALITY  ASSURANCE  PROVISIONS 

4.1  Additional  tests.  If  the  tests  specified  herein  and  performed  by  the 
contractor  are  inadequate  to  prove  that  the  test  structure  meets  the  speci¬ 
fied  requirements,  the  contractor  or  the  procuring  activity  will  propose 
amendments  to  the  contract  to  include  additional  tests. 

4.2  Test  witnesses.  Before  performing  a  required  test,  the  procuring 
activity  shall  be  notified  in  sufficient  time  so  that  a  representative 
may  witness  the  test  and  certify  results  and  observations.  The  procuring 
activity  shall  be  informed  if  the  test  is  such  that  interpretation  of  the 
behavior  of  the  structure  under  load  is  likely  to  require  engineering 
knowledge  and  experience  so  that  a  qualified  engineer  may  witness  the  test 
and  certify  the  observations  and  results  recorded  during  the  test. 

4.3  Test  data.  Structural  test  data  shall  be  prepared  and  submitted  as 
specified  in  the  contract. 
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5.  PREPARATION  FOR  DELIVERY 

5.1  Section  5  is  not  applicable. 

6.  NOTES 

6.1  Intended  use.  This  specification  is  intended  to  be  used  in  conjunction 
with  MIL-T-6053,  MIL-A-8870,  MIL-A-8871,  MIL-A-8892  and  MIL-A-8893  for  the 
structural  substantiation  of  airframe  structure  of  all  new  USAF  airplanes. 
Selected  portions  of  this  specification  may  also  be  used  in  the  substanti¬ 
ation  of  major  modifications  of  existing  USAF  airplanes. 

6.2  Definitions.  Definitions  will  be  in  accordance  with  the  documents 
listed  in  Section  2  and  as  specified  herein. 

3.2.1  Durability.  The  ability  of  the  airframe  to  resist  cracking  (includ¬ 
ing  stress  corrosion  and  hydrogen  induced  cracking),  corrosion,  thermal 
degradation,  delamination,  wear,  and  the  effects  of  foreign  object  damage 
for  a  specified  period  of  time. 

6.2.2  Economic  life.  That  operational  life  indicated  by  the  results  of 
the  durability  test  program  (i.e.,  test  performance  interpretation  and 
evaluation  in  accordance  with  MIL-A-8867)  to  be  available  with  the  incor¬ 
poration  of  USAF  approved  and  committed  production  or  retrofit  changes  and 
supporting  application  of  the  force  structural  maintenance  plan  in  accord¬ 
ance  with  MIL-STD-1530.  (In  general,  production  or  retrofit  changes  will 
be  incorporated  to  correct  local  design  and  manufacturing  deficiencies 
disclosed  by  the  test.  It  will  be  assumed  that  the  economic  life  of  the 
test  article  has  been  attained  with  the  occurrence  of  widespread  damage 
which  is  uneconomical  to  repair  and,  if  not  repaired,  could  cause  func¬ 
tional  problems  affecting  operational  readiness.  This  can  generally  be 
characterized  by  a  rapid  increase  in  the  number  of  damage  locations  or 
repair  costs  as  a  function  of  cyclic  test  time.) 

6.2.3  Initial  quality.  A  measure  of  the  condition  of  the  airframe  relative 
to  flaws,  defects  or  other  descrepancies  in  the  basic  materials  or  introduced 
during  manufacture  of  the  airframe. 

6.2.4  Structural  operating  mechanisms.  Those  operating,  articulating, 
and  control  mechanisms  which  transmit  structural  forces  during  actuation 
and  movement  of  structural  surfaces  and  elements. 
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6.2.5  Damage  tolerance.  The  ability  of  the  airframe  to  resist  failure  due 
to  the  presence  of  flaws,  cracks,  or  other  damage  for  a  specified  period  of 
unrepaired  service  usage. 

6.2.6  Marginal  indicia.  Asterisks  are  not  used  in  this  revision  to  identify 
changes  with  respect  to  the  previous  issue  due  to  the  extensiveness  of  the 
changes. 
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FIGURE  1.  Interpretation  and  Evaluation  of  Test  Results 
(Based  on  Design  Service  Life  and  Design  Usage) 
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Standard  Terminology  Relating  to 
FRACTURE  TESTING1 

This  standard  is  issued  under  the  fixed  designation  E6I6;  the  number  immediately  following  the  designation  indicates  the 
year  of  onginal  adoption  or,  in  the  case  of  revision,  the  year  of  last  revision.  A  number  in  parentheses  indicates  the  year  of  last 
reapprovai 


1.  Scope 

1.1  This  terminology  contains  definitions, 
symbols,  and  abbreviations  approved  for  use  in 
standards  on  fracture  testing  Terms  defined 
under  the  heading  General  Definitions  are  pre¬ 
sented  in  a  sequence  considered  to  be  the  most 
logical,  for  tutorial  purposes,  with  definitions 
presented  later  calling  upon  those  presented 
earlier.  Terms  under  the  heading  Other  Defi¬ 
nitions  are  presented  in  the  order  in  which  they 
appear  in  each  of  the  standards  from  which 
they  are  extracted  Preceding  the  definitions  is 
an  index  that  is  intended  to  facilitate  the  use  of 
this  terminology.  In  the  index  are  two  lists.  One 
is  an  alphabetical  list  of  the  terms,  in  which 
cross  references  are  included.  The  other  is  an 
alphabetical  list  of  the  symbols,  in  which  the 
Greek  symbols  are  ordered  according  to  their 
spelling  in  English 

2.  Applicable  Documents 

2. 1  Required  ASTM  Standards: 

E  338  Sharp-Notch  Tension  Testing  of  High- 
Strength  Sheet  Materials2 

E399  Test  for  Plane-Strain  Fracture  Tough¬ 
ness  of  Metallic  Materials2 

E561  Recommended  Practice  for  jR-Curve 
Determination2 

E  602  Sharp-Notch  Tension  Testing  with  Cy¬ 
lindrical  Specimens2 

E  604  Test  for  Dynamic  Tear  Energy  of  Me¬ 
tallic  Materials2 

E647  Test  for  Constant- Load- Amplitude 
Fatigue  Crack  Growth  Rates  Above  10'* 
m/Cycle2 

2.2  The  following  ASTM  standard  is  listed 
below  for  information  only: 

E436  Drop- Weight  Tear  Tesis  of  Ferritic 
Steels2 


3.  Index  of  Terms 

3. 1  Alphabetical  Listing  by  Term 


Term 

crack  (see  ideal  crack) 

Symbol 

Section 

crack  displacement  (see  alsa 
displacement) 

6 

crack  extension 

la 

18 

crack -extension  lorce 

0 

11 

crack-extension  resistance 
crack .  ideal  ( see  ideal  crack) 

Kn.  (Jh.  J r 

21 

crack  length  (see  alsa  crack 
size) 

a 

46 

crack  plane  onentation 

24 

crack  size 

a 

13 

crack  strength 

or 

28 

crack  (tip)  opening  displace¬ 
ment,  C(T)OD 

$ 

8 

crack-tip  plane  strain 
crack -tip  plane  stress  (see 
crack -tip  plane  strain) 

9 

crystallographic  cleavage 

29 

cycle 

47 

displacement  (see  also  crack 
displacement) 

drop-weight  tear  test,  DWTT 

V 

44 

dynamic  tear  (DT)  energy 

60 

effective  crack  size 

a * 

17 

effective  yield  strength 

Oy 

19 

fatigue  crack-growth  rate 

da/ diV 

52 

fixed-load  or  fixed-displace¬ 
ment  crack -extension  force 

curve 

59 

fracture  toughness 
fraciure  toughness.  plane - 
strain  (see  plane  strain  frac¬ 
ture  toughness) 

fracture  toughness,  plane  stress 
( see  plane -stress  fracture 
toughness) 

20 

ideal  crack 

4 

ideai-crack-tipstress  field 

5 

J-integral 

J 

12 

This  terminology  iS  under  the  jurisdiction  of  ASTM 
Committee  E-24  on  Fracture  Testing  and  is  the  direct  re¬ 
sponsibility  of  Subcommittee  E24  05  on  Terminology 

Current  edition  approved  April  24.  1QS1  Published  Au¬ 
gust  19*  I  Originalh  published  as  E616  77  Last  previous 

edition  E MS  -  SO. 

Annual  Book  of  AST \f  Standards.  Pan  I  ) 
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Term 

Symbol 

Section 

load  range 

SP 

50 

load  ratio 

R 

51 

maximum  toad 

P  m»« 

48 

maximum  stress- intensity  fac¬ 
tor 

Am*, 

55 

minimum  load 

Pmm 

49 

minimum  stress-intensity  fac¬ 
tor 

Am,„ 

56 

mode 

7 

nominal  (net-section )  stress 

Ok 

25 

notch  tensile  strength.  NTS 

26 

original  crack  size 

a0 

15 

physical  crack  size 
plane  strain  ( see  crack-tip 
plane  strain ) 

av 

!4 

plane-strain  fracture  tough¬ 
ness 

A„ 

23 

plane-stress  fracture  tough¬ 
ness  (see  alsa  plane-strain 
fracture  toughness ) 

A, 

58 

plasiic-zone  adjustment 

16 

-curve 

22 

sharp-notch  strength 
strength  (see  effective  yield 
strength .  natch  tensile 

strength,  ar  sharp  natch 
strength) 

stress  field  (see  ideal-crack-ttp 
stress  fteld) 

o. 

27 

stress -intensity  calibration 

A  calibration 

53 

stress- intensity  factor 

A,  Ai,  Aj,  Aj 

10 

stress-intensityfactor  range 
yield  strength,  effective  (see  ef¬ 
fective  yield  strength) 

AA 

57 

3.2  Alphabetical  Listing  by  Symbol: 


a 

crack  length 

a 

crack  size 

a* 

effective  crack  size 

a* 

original  crack  size 

physical  crack  size 

da/  djV 

fatigue  crack-growth  rate 

A a 

crack  extension 

AA 

stress-intensity  factor  range 

dP 

load  range 

6 

crack  (up)  opening  displacement 

G 

crack-extension  force 

On 

crack-extension  resistance 

J 

J -integral 

Jr 

crack-extension  resistance 

A 

stress-in  tenstty  factor 

K  calibration 

stress- intensity  calibration 

A,,  A,,  A3 

stress-intensity  factor 

Ku 

plane-strain  fracture  toughness 

Af 

plane  stress  fracture  toughness 

Am- 

maximum  stress-intensity  factor 

Kmm 

minimum  stress  intensity  factor 

Ar,  C?h>  Jr 

crack-exiension  resistance 

P 

maximum  load 

P  mtn 

minimum  load 

R 

load  ratio 

ry 

plastic-zone  adjustment 

of 

crack  strength 

Oy 

effective  yield  strength 

Os 

nominal  (net-section)  stress 

o , 

sharp-notch  strength 

V 

displacement 

3  3  Alphabetical  Listing  of  Abbreviations : 


C(T)OD  crack  (up)  opening  displacement 

DT  dynamic  tear 

DWTT  drop-weight  tear  test 

GENERAL  DEFINITIONS 

4.  ideal  crack — a  simplified  model  of  a  crack 
used  in  elastic  stress  analysis.  In  a  stress- free 
body,  the  crack  has  two  smooth  surfaces  that 
are  coincident  and  join  withm  the  body  along 
a  smooth  curve  called  the  crack  front;  in  two- 
dimensional  representations  the  crack  front  ts 
called  the  crack  tip. 

5.  ideal-crack- tip  stress  field — the  singular 
stress  field,  infinitesimally  close  to  the  crack 
front,  that  results  from  the  dominant  influence 
of  an  ideal  crack  m  an  elastic  body  that  is 
deformed.  In  a  linear-elastic  homogeneous 
body,  the  significant  stress  components  vary 
inversely  as  the  square  root  of  the  distance  from 
the  crack  tip. 

Note — In  a  linear-elastic  body,  the  crack-ttp  stress 
fteld  can  be  regarded  as  the  superpositton  of  three 
component  stress  fields  called  modes 

6.  crack  displacement  [L] — the  separation 
vector  between  two  pomts  (on  the  surfaces  of 
a  deformed  crack)  that  were  comcident  on  the 
surfaces  of  an  ideal  crack  in  the  undeformed 
condition. 

7.  mode — one  of  the  three  classes  of  crack 
(surface)  displacements  adjacent  to  the  crack 
tip.  These  displacement  modes  are  associated 
with  stress-strain  fields  around  the  crack  tip 
and  are  designated  one,  two,  and  three.  Arabic 
numerals  1,  2,  and  3  are  used  for  the  general 
case  and  roman  numerals  are  used  to  specialize 
the  mode  to  plane  strain  (I  and  II)  or  to  anti- 
plane-strain  (III). 

Note  1 — See  definition  of  crack-dp  plane  strain 
for  comments  on  plane  strain  and  plane  stress.  See 
also  crack  displacement 

Note  2— It  is  recommended  that  the  arabtc  sub¬ 
script  1  be  omitted  except  where  needed  for  clarity. 

Discussion — For  isotropic  materials,  these  three 
modes  can  be  represented  by  the  crack  (surface) 
displacements  presented  in  Table  1  and  Fig.  1.  For 
anisotropic  materials,  the  displacements  can  be  more 
complex. 

Using  the  coordinates  shown  in  Ftg.  2  and  assum¬ 
ing  a  homogeneous,  tsotropic  elastic  body,  the  sin¬ 
gular  stresses  on  an  infinitesimal  element  just  ahead 
of  the  crack  front  for  modes  I,  II,  and  III  are  zero  or 
non-zero  as  indicated  in  Table  1. 

For  linear-elastic  bodies,  the  three  stress-strain 
fields  can  be  added  to  describe  any  crack-tip  stress- 
strain  fteld. 
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8.  crack  (tip)  opening  displacement 
(C(T)OD),  <5  [L] — the  crack  displacement  due 
to  elastic  and  plastic  deformation  at  variously 
defined  locations  near  the  onginal  (prior  to  an 
application  load)  crack  tip. 

Note — In  common  practice.  8  is  estimated  for 
mode  1  by  inference  from  observations  of  crack 
displacement  nearby  or  away,  or  both,  from  ihe  crack 
up. 

9.  crack-tip  plane  strain — a  stress-stratn 
field,  near  a  crack  tip,  that  approaches  plane 
strain  to  the  degree  required  by  an  empincal 
criterion 

Note  1  — For  example  in  mode  1.  the  criterion  for 
crack-tip  plane  strain  given  in  Method  E399  requires 
that  plate  thickness,  B,  must  be  equal  to  or  greater 
than  2.5  (K/aW 

Note  2 — See  text  books  on  elasticity  or  solid  me¬ 
chanics  for  analytical  definitions  of  plane  strain 

Note  3 — Crack-tip  plane  stress  is  a  stress-strain 
field  which  is  commonly  used  for  a  crack  tip  that  is 
not  in  plane  strain  In  such  situations  the  influences 
of  the  remaining  degree  of  plane  strain  may  be 
significant 

Note  4 — For  analytical  discussionsof  plane  stress 
and  crack-up  plane  stress,  see  text  books  on  strength 
of  materials,  as  well  as  J  N.  Goodicr,  Fracture ,  Vol 
11,  H.  Licbowitz,  ed..  Academic  Press.  New  York 
(1968),  p  8  or  N.  E  Frost  et  al.  Metal  Fatigue, 
Clarendon  Press,  Oxford  (1974),  p  210. 

10.  stress-intensity  factor,  K ,  Ku  K.\ 
[FL_V2] — the  magnitude  of  the  tdeal-crack-tip 
stress  field  (a  stress-field  singularity)  for  a  par¬ 
ticular  mode  in  a  homogeneous,  linear-clastic 
body 

Note — Values  of  K  for  the  modes  l.  2,  and  3  are 
given  by: 

K\  *  limn  [oyihrr)1  *], 

K2  *  limit  [rI42rr/,)I/2],  and 
K.\  *  limit  [r„(2wr),/2], 

where  r  -  a  distance  directly  forward  from  the  crack 
tip  to  a  location  where  the  significant  stress  is  calcu¬ 
lated. 

11.  crack-extension  force,  G  [FL-1] — the 
elastic  energy  per  unit  of  new  separation  area 
that  is  made  available  at  the  front  of  an  ideal 
crack  in  an  elastic  solid  during  a  virtual  incre¬ 
ment  of  forward  crack  extension. 

Note — The  above  definition  of  G  is  useful  for 
either  static  cracks  or  for  running  cracks.  From  past 
usage,  G  is  commonly  associated  with  linear-elastic 
methods  of  analysis,  and  J  (see  J -integral )  may  also 
be  used  for  these  analyses. 


12,  J-integral,  J  [FL  ] — a  mathematical 
expression,  a  line  or  surface  integral  that  en¬ 
closes  the  crack  front  from  one  crack  surface  to 
the  other,  used  to  characterize  the  local  stress- 
strain  field  around  the  crack  front. 

Note  1— The  .(-integral  expression  for  a  two-di¬ 
mensional  crack.  in  the  x-:  plane  wnh  the  crack  front 
parallel  to  the  r  axis,  is  the  line  integral. 


I 


-  du 

(  Wdv  -  T — d s). 
dx 


where: 


W 

r 


ds 

7* 

u 


X,/, : 


dj  * 


loading  work  per  unit  volume  or.  for 
elastic  bodies,  strain  energy  densny. 
the  path  of  the  integral,  which  encloses 
(that  is,  contains)  the  crack  tip. 
increment  of  the  contour  path, 
outward  traction  vector  on  dj, 
displacement  vector  at  dr. 
rectangular  coordinates  (Fig.  2).  and 
the  rate  of  work  input  from  the  stress 
field  into  the  area  enclosed  by  T. 


The  value  of  J  obtained  from  this  equation  is  taken 
to  be  path  indepcndem  in  test  specimens  commonly 
used,  but  in  service  components  (and  perhaps  in  test 
specimens)  caution  is  needed  to  adequately  consider 
loading  interior  to  T  such  as  from  rapid  motion  of 
the  crack  or  the  service  component,  and  from  residual 
or  thermal  stress 

Note  2 — In  elastic  (linear  or  nonlinear) solids,  the 
J-intcgral  equals  the  crack-extension  force.  G  (Sec 
definition  of  G  ) 

Note  3 — For  those  clastic  (linear  and  nonlinear) 
solids  for  which  the  above  equaiion  is  path  inde¬ 
pendent.  the  J-integral  is  equal  io  the  value  obtained 
from  two  identical  bodies  with  infinitesimally  differ¬ 
ing  crack  areas,  each  subject  to  stress,  as  the  differ¬ 
ence  in  loading  work  per  unit  difference  in  crack  area 
at  a  fixed  value  of  displacement  or,  where  appropri¬ 
ate,  at  a  fixed  value  of  load  This  approach  is  often 
used  to  define  the  value  of  J  for  inelastic  solids 

Note  4 — For  further  discussion,  sec  J.  R.  Rice, 
Journal  of  Applied  Mechanics  Vol  35,  1968,  p  379 

13.  crack  size,  a  [L] — a  lineal  measure  of  a 
pnncipal  planar  dimension  of  a  crack.  This 
measure  is  commonly  used  m  the  calculation 
of  quantities  descriptive  of  the  stress  and  dis¬ 
placement  fields,  and  is  often  also  termed  crack 
length. 

Note — In  practice,  the  value  of  a  is  obtained  from 
procedures  for  measurement  of  physical  crack  size. 
ap,  onginal  crack  size,  a„.  and  effective  crack  size.  at, 
as  appropriate  to  the  situation  being  considered. 

14,  physical  crack  size,  ap  [L] — the  distance 
from  a  reference  plane  to  the  observed  crack 
front.  This  distance  may  represent  an  average 


B-3 


E  61 6 


of  several  measurements  along  the  crack  front. 
The  reference  plane  depends  on  the  specimen 
form,  and  it  is  normally  taken  to  be  either  the 
boundary,  or  a  plane  containmg  either  the  load 
line  or  the  centerline  of  a  specimen  or  plate. 

15.  original  crack  size  a0  [L] — the  physical 
crack  size  at  the  start  of  testing 

16.  plastic-zone  adjustment,  rY  [L] — an  ad¬ 
dition  to  the  physical  crack  size  to  account  for 
plastic,  crack-tip  deformation  enclosed  by  a 
linear-elastic  stress  field. 

Note — Commonlv  the  plastic-zone  adjustment  is 
given  by. 

1  K~ 

ry  =« - for  plane-stress  mode  l.  and 

2 7T  <7Y* 

a  Kl  ,  , 

ry  * - t,  for  plane-strain  mode  1, 

2 7r  ay' 

where  a  s  Vi  to  v*  and  ay  is  the  effective  yield 
strength. 

17.  effective  crack  size,  a*  [L] — the  physical 
crack  size  augmented  for  the  effects  of  crack- 
tip  plastic  deformation. 

Note — Sometimes  the  effective  crack  size,  a*.  is 
calculated  from  a  measured  value  of  a  physical  crack 
size,  ap ,  plus  a  calculated  value  of  a  plasnc-zone 
adjusiment,  ry.  A  preferred  method  for  calculation 
of  a*  compares  compliance  from  the  secant  of  a  load- 
deflecnon  trace  with  the  elastic  compliance  from  a 
calibration  for  the  type  of  specimen 

18.  crack  extension,  la  [L] — an  increase  in 
crack  size. 

Note — For  example,  Aap  or  A a*  is  the  difference 
between  the  crack  size,  either  a9  (physical  crack  size) 
or  a «  (effective  crack  size),  and  aa  (original  crack 
size) 

19.  effective  yield  strength,  ay  [FL-2] — an 
assumed  value  of  um-axial  yield  strength  that 
represents  the  influences  of  plastic  yielding 
upon  fracture  test  parameters.  It  is  variously 
defmed  for  use  in  calculations. 

Note  1 — For  example,  the  effective  yield  strength 
is  sometimes  the  0.2  4  offset  tensile-vield  strength 
(ay s);  other  times  it  is  the  average  of  this  value  and 
the  ulnmate-tensile  strength  (<jts).  that  is 
(avs  +  ots)/2. 

Note  2 — In  estimating  ay.  influences  of  testing 
conditions,  such  as  loading  rate  and  temperature, 
should  be  considered. 

20.  fracture  toughness — a  generic  term  for 
measures  of  resistance  to  extension  of  a  crack 

Note — The  term  is  sometimes  restricted  to  results 
of  fracture  mechanics  tests,  which  are  directly  appli¬ 
cable  in  fracture  control.  However,  the  term  com¬ 


monly  includes  results  from  simple  tests  of  notched 
or  precracked  specimens  not  based  upon  fracture 
mechanics  analysis.  Results  Irom  tests  ot  the  latter 
type  are  often  useful  for  fracture  control,  based  upon 
either  service  experience  or  empirical  correlations 
with  fracture  mechanics  tests 

21.  crack-extension  resistance,  ATr  [FL  ]  2], 
and  Gn  or  Jr  (FL_l) — a  measure  of  the  resist¬ 
ance  of  a  material  to  crack  extension  expressed 
in  terms  of  the  stress-intensity  factor,  K.  the 
crack-extension  force,  G.  or  values  of  J  derived 
using  the  J-integral  concept. 

Note — See  definition  of  R -curve. 

22.  R- curve — a  plot  of  crack-extension  re¬ 
sistance  as  a  function  of  stable  crack  extension, 
lap  or  la*. 

Note — Forspecimens  discussed  in  Recommended 
Pracnce  E561,  influence  of  in-plane  geometry  ap¬ 
pears  to  be  negligible,  but  R -curves  normally  depend 
upon  specimen  thickness  and.  for  some  materials, 
upon  temperature  and  strain  rate. 

23.  plane-strain  fracture  toughness — the 
crack-extension  resistance  under  conditions  of 
crack-tip  plane  strain. 

Note  1 — For  example,  in  mode  1  for  slow  rates 
of  loading  and  negligible  plastic-zone  adjustment, 
plane-strain  fracture  toughness  is  the  value  of  stress- 
intensity  factor  designated  Ku  (FL”1'2]  as  measured 
using  the  operational  procedure  (and  satisfying  all  of 
the  validity  requirements)  specified  in  Method  E399, 
which  provides  for  the  measurement  of  crack-exten¬ 
sion  resistance  at  the  start  of  crack  extension  and 
provides  operational  definitions  of  crack-tip  sharp¬ 
ness,  start  of  crack  extension,  and  crack-tip  plane 
strain. 

Note  2 — Sec  also  definitions  of  crack-extension 
resistance,  crack-tip  plane  strain,  and  mode. 

Discussion — Plane-stress  fracture  toughness  is  the 
crack-extension  resistance  under  conditions  that  do 
not  approach  crack-tip  plane  strain  to  a  degree  re¬ 
quired  by  an  empirical  criterion.  For  example,  by 
Recommended  Practice  E561,  plane-stress  fracture 
toughness  is  represented  by  an  A -curve 

When  plane-stress  fraciure  toughness  is  used  to 
define  condinons  for  crack  instability  it  is  designated 
Kc,  a  quantity  dependent  on  specimen  geometrv;  by 
Recommended  Practice  E561,  Kl  is  the  value  of  K  at 
the  point  of  tangenev  between  the  A-curve  and  the 
geometry-dependent  stress-intensity-factor  curve 

The  effective  crack  size  concept  may  be  used  to 
compute  plasticity  adjusted  values  of  stress-intensity 
factor.  K.  if  the  crack-tip  plastic  zone  is  surrounded 
by  an  elastic  stress  field. 

24.  crack  plane  orientation — an  identifica¬ 
tion  of  the  plane  and  direction  of  a  fracture  in 
relation  to  product  geometry.  This  identifica¬ 
tion  is  designated  bv  a  hyphenated  code  with 
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the  first  ietter(s)  representing  the  direction  nor¬ 
mal  to  the  crack  plane  and  the  second  ietter(s) 
designating  the  expected  direction  of  crack 
propagation. 

Discussion — 

24. 1  The  fracture  toughness  of  a  material  usually 
depends  on  the  orientation  and  direction  of  propa¬ 
gation  of  the  crack  in  relation  to  the  anisotropy  of 
the  material,  which  depends,  in  turn,  cn  the  principal 
directions  of  mechanical  working  or  grain  flow.  The 
orientation  of  the  crack  plane  should  be  identified 
wherever  possible  in  accordance  with  the  following 
systems.3  In  addition,  the  product  form  should  be 
identified  (for  example,  straight  rolled  plate,  cross 
rolled  plate,  pancake  forging,  etc.). 

24.1.1  For  rectangular  sections,  the  reference  di¬ 
rections  are  identified  as  in  Figs.  3  and  4.  which  give 
examples  for  a  rolled  plate.  The  same  system  would 
be  useful  for  sheet,  extrusions,  and  forgings  with 
nonsymmetneal  grain  flow 

L  -  direction  of  principal  deformation  (maximum 
grain  flow), 

T  *  direction  of  least  deformation,  and 
5  -  third  orthogonal  direction. 

24.1.1.1  Using  a  two  letter  code,  the  first  letter 
designates  the  direction  normal  to  the  crack  plane, 
and  the  second  letter  the  expected  direction  of  crack 
propagation  For  cxample.in  Fig.  3  the  T-L  specimen 
has  a  fracture  plane  whose  normal  is  in  the  width 
direction  of  a  plate  and  an  expected  direction  of 
crack  propagation  coincident  with  the  direction  of 
maximum  grain  flow  or  longitudinal  direction  of  the 
plate. 

24. 1. 1.2  For  specimens  that  are  tilted  in  respect  to 
two  of  the  reference  axes.  Fig.  4.  the  onentation  is 
identified  by  a  three-letter  code.  The  code  L-TS .  for 
example,  means  that  the  crack  plane  is  perpendicular 
to  the  direction  of  principal  deformation  ( L  direc¬ 
tion),  and  the  expected  fracture  direction  is  interme¬ 
diate  between  T  and  5  The  code  TS-L  means  the 
crack  plane  is  perpendicular  to  a  direction  interme¬ 
diate  between  T  and  5,  and  the  expected  fracture 
direction  is  in  the  L  direction. 

24  1.2  For  certain  cylindrical  sections  where  the 
direction  of  principal  deformation  is  parallel  to  the 
longitudinal  axis  of  the  cylinder,  the  reference  direc¬ 
tions  arc  identified  as  in  fig.  5.  which  gives  examples 
for  a  drawn  bar.  The  same  system  would  be  useful 
for  extrusions  or  forged  parts  having  circular  cross 
section. 

L  “  direction  of  maximum  grain  flow. 

R  -  radial  direction,  and  1 
C  -  circumferential  or  tangential  direction. 

24.1  3  The  C-shaped  specimen  is  intended  to  mea¬ 
sure  the  fracture  toughness  so  that  the  normal-to-the- 
crack  plane  is  in  the  circumferential  or  tangential 
direction  and  the  direction  of  crack  propagation  is  in 
the  radial  direction.  This  is  the  C-R  orientation  as 
defined  in  24  1.2.  For  other  orientations,  a  bend 
specimen  or  a  compact  specimen  should  be  used 

25.  nominal  (net-section)  stress,  0,v(FL  '] — 
in  fracture  testing ,  a  measure  of  the  stress  on  the 
net  cross  section  calculated  tn  a  simplified  man¬ 


ner  and  wtthout  taktng  into  account  stress  gra¬ 
dients  produced  by  geometric  discontinuities 
such  as  holes,  grooves,  fillets,  etc. 

Note  1 — In  tension  specimens  (tension  only),  the 
average  stress  is  used.  o\  =  P/A .  where  A  -  B  (  W 
-  a)  for  rectangulars,  and  A  -  (ird~)/ 4  for  circulars 

Note  2 — In  bend  specimens  (bending  only),  a 
fiber  stress  is  used: 

6M 

a? 

Note  3 — In  compact  specimens  (tension  and 
bending), 

2P  {2W  +  a) 

<7  V  “  -■>  . 

B{W-  ay 

Note  4 — In  C-shaped  specimens  (tension  and 
bending), 

2P  ( 3  A"  +  2  W  +  a) 

B  (W  -  ay 

Note  5 — In  Notes  1  to  4, 

d  -  diameter  of  notched  section  of  a  circumferen- 
tially-notched  specimen,  in.  (or  m). 

P  —  load,  Ibf  (or  N), 

B  —  specimen  thickness,  in.  (or  m). 

W  »  specimen  width,  in.  (or  m), 
a  -  crack  size  (length  of  notch  or  notch  plus  pre- 
crack),  in.  (or  m). 

X  -  loading  hole  offset,  in  (or  m),  and 
M  *  bending  moment,  in  dbf(N  *m),  and  the  result, 
o.v,  is  given  in  psi  (or  Pa).  See  Method  E  399 
for  further  explanations  of  symbols. 

26.  notch  tensile  strength  (NTS)[FL'->] — the 
maximum  nominal  (net-section)  stress  that  a 
notched  tensile  specimen  is  capable  of  sustain¬ 
ing. 

Note  1 — See  definitions  of  nominal  (net-section) 
stress  and  sharp-notch  strength 

Note  2 — Values  of  notch  tensile  strength  may  de¬ 
pend  upon  section  size,  notch  sharpness,  and  eccen¬ 
tricity  of  the  notch.  See  sharp-notch  strength 

27.  sharp-notch  strength,  a *  [FL“2] — the 
maximum  nominal  (net-seetton)  stress  that  a 
sharply  notched  specimen  is  capable  of  sustain¬ 
ing. 

Note  I — See  definition  of  nominal  (net-section) 
stress. 

Note  2 — Values  of  sharp-notch  strength  may  de¬ 
pend  on  notch  and  specimen  configuration  as  these 
affect  the  net  cross  section  and  the  clastic  stress 
concentration 

Note  3 — The  tension  specimens  used  in  Methods 
E  388  and  E  602  have  notch  root  radii  that  approach 
the  limit  of  machining  capability.  For  these  speci¬ 
mens,  the  radius  is  believed  to  be  small  enough  that 


'  Goode.  R.  J  ,  *’ldentificaiionof  Fraciure  Plane  Orienia- 
lion.“  Materials  Research  and  Standards,  M1RSA.  Am.  Soc. 
Testing  Mais..  Vol  12.  No.  9.  Sepicmber  1972. 
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any  smaller  radius  that  is  obtainable  by  standard 
machining  methods  would  not  produce  changes  in 
notch  strength  that  are  significant  from  an  engineer¬ 
ing  viewpoint. 

28.  crack  strength,  of[FL“2] — the  maximum 
value  of  the  nominal  (net-seetton)  stress  that  a 
cracked  specimen  ts  capable  of  sustaining. 

Note  1— See  definition  of  nominal  (net-section) 
stress. 

Note  2 — Crack  strength  is  calculated  on  the  basis 
of  the  maximum  load  and  the  original  minimum 
cross-sectional  area  (net  cross  section  or  ligament) 
Thus,  it  takes  into  account  the  original  size  of  the 
crack,  but  ignores  any  crack  extension  that  may  occur 
during  the  test. 

Note  3— Crack  strength  is  analogous  to  the  ulti¬ 
mate  tensile  strength,  as  it  is  based  on  the  ratio  of  the 
maximum  load  to  the  minimum  cross-sectional  area 
of  the  specimen  at  the  start  of  the  test. 

29.  crystallographic  cleavage — the  separa¬ 
tion  of  a  crystal  along  a  plane  of  fixed  onenta- 
tton  relative  to  the  three-dimensional  crystal 
structure  within  which  the  separation  process 
occurs,  with  the  separation  process  causing  the 
newly  formed  surfaces  to  move  away  from  one 
another  in  directions  containing  major  com¬ 
ponents  of  motion  perpendicular  to  the  Fixed 
plane. 

Note  1  —  Removed  from  the  definition  are  all 
concepts  of  how  the  cleavage  came  about,  including 
any  inference  of  velocity,  brittleness,  energy,  number 
of  load  applications,  temperature,  cohesive  strength, 
atomic  motions,  etc.  Only  the  crystallographic  ori¬ 
entation  relationship  is  used  as  the  strict  definition. 
However,  when  considering  a  specific  fraciure,  it  is 
helpful  to  know  the  conditions  under  which  the 
cleavage  was  obtained,  its  appearance,  velocity,  etc., 
and  the  method  by  which  the  author  concluded  that 
the  cracking  event  was  cleavage. 

Note  2 — Cleavage  usually  occurs  along  planes 
having  the  largest  interplanar  spacings,  or  in  other 
words,  along  planes  with  lowest  indexes. 

Note  3— Crystallographic  cleavage  has  been 
identified  in  increasing  numbers  of  materials  and  in 
increasing  numbers  of  environments  and  stress  con¬ 
ditions.  Stress  corrosion  cracking,  liquid  metal-in¬ 
duced  cracking,  low-amplitude  fatigue  cracking,  and 
hydrogen-assistedcracking,  as  well  as  the  long-estab¬ 
lished  low-temperature  brittle  fracture  from  a  single 
load  application,  are  known  to  frequently  cause  crys¬ 
tallographic  cleavage 

Note  4 —  Proof  that  a  fracture  surface  was  formed 
by  crystallographic  cleavage  is  accomplished  by  a 
knowledge  of  the  crystal  structure,  combined  with  a 
determination  of  the  crystal  orientation  by  techniques 
such  as  X-ray  diffraction,  electron  diffraction,  etch 
pit  shapes,  single-  or  multiple-surface  trace  analysis, 
etc.  This  form  of  cleavage  is  usually,  but  not  always, 
recognizable  by  a  number  of  fracture  surface  features, 
such  as  flat  facets,  steps  between  parallel  facets,  nver 
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patterns  formed  by  the  joining  of  steps,  and  tongues 
and  herringbone  patterns  caused  by  crystallographic 
twins  at  the  crack  up  High  magnifications  (up  to 
about  2000  X)  are  often  needed  to  see  those  charac¬ 
teristic  features  in  fine-grained  alloys. 

Note  5— Separation  along  a  matnx/twin  inter¬ 
face  is  classified  as  parting,  not  cleavage 

Note  6— Although  proof  of  cleavage  is  obtained 
from  individual  crystals,  these  crystals  may  be  single 
crystals  or  incorporated  into  large-grained  or  fine¬ 
grained  aggregates. 

Note  7 — A  specific  crystal  may  cleave  along  one 
family  of  planes  under  one  combination  of  variables 
and  along  another  family  under  another  combina¬ 
tion. 

OTHER  DEFINITIONS 

Other  definitions  are  extracted  from 
Method  E  338  -78: 

30.  sharp-notch  strength — (see  Sectton  26  of 
thts  termtnology). 

Method  E  399 -78a: 

31.  stress-intensity  factor—  (See  Sectton  10  of 
thts  terminology.  See  also  mode.) 

Discussion — In  Method  E  399,  mode  I  is  assumed. 

32.  plane-strain fracture  toughness — (see  Sec¬ 
tion  23  of  thts  termtnology). 

33.  crack  plane  orientation — (see  Sectton  24 
of  this  standard). 

Recommended  Practice  E  561  -  80: 

34.  crack  size — (see  Section  13  of  this  ter¬ 
minology) 

35.  physical  crack  size— (sec  Secuon  14  of 
this  terminology). 

36.  original  crack  size — (see  Section  15  of 
this  terminology). 

37.  effective  crack  size — (see  Section  17  of 
this  terminology). 

38.  plastic- zone  adjustment ,  ry  [L] — (see  Sec¬ 
tion  16  of  this  terminology). 

Discussion — In  this  method,  plane-stress  mode  1  is 
assumed. 

39.  crack  extension — (see  Section  18  of  this 
terminology). 

40.  stress-intensity  fact  or — (See  Section  10  of 
this  terminology.  See  also  mode.) 

Discussion — In  Recommended  Practice  E561, 
mode  1  is  assumed. 

41.  crack  extension  resistance — (see  Section 
21  of  this  terminology). 

42.  R-curve — (see  Section  22  of  this  termi¬ 
nology). 

43.  crack  displacement — (see  Section  6  of 
this  terminology). 
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Discussion — In  Recommended  Practice  E561.  dis¬ 
placement  ( V)  is  the  distance  that  a  chosen  measure¬ 
ment  point  on  the  specimen  displaces  normal  to  the 
crack  plane.  Total  displacement  as  measured  by  clip 
gages  or  other  devices  spanning  the  crack  is  defined 
as  2v.  Measurement  points  on  CLWL  and  CS  speci¬ 
mens  are  identified  as  locations  VI  and  V2. 

Method  E  602- 78  T: 

44.  sharp  notch  strength — (see  Section  27  of 
this  terminology). 

Method  E  647 -78  T: 

45.  crack  length,  a  [L] — in  fatigue ,  the  phys¬ 
ical  crack  size  used  to  determine  the  crack 
growth  rate  and  the  stress- intensity  factor.  For 
the  CT  specimen,  a  is  measured  from  the  line 
connecting  the  bearing  points  of  load  applica¬ 
tion,  for  the  CCT  specimen,  a  is  measured  from 
the  perpendicular  bisector  of  the  central  crack. 

46.  cycle — in  fatigue ,  one  complete  sequence 
of  values  of  applied  load  that  is  repeated  pe¬ 
riodically.  The  symbol  N  represents  the  number 
of  cycles. 

47.  maximum  load,  Z5™,  [F] — in  fatigue ,  the 
greatest  algebraic  value  of  applied  load  in  a 
cycle.  Tensile  loads  are  considered  positive  and 
compressive  loads  negative. 

48.  minimum  load,  P^  [F] — in  fatigue ,  the 
least  algebraic  value  of  applied  load  in  a  cycle. 

49.  load  range,  AP  (F) — in  fatigue ,  the  alge¬ 
braic  difference  between  the  maximum  and 
minimum  loads  in  a  cycle. 

50.  load  rado  (also  called  stress  ratio),  R — in 
fatigue ,  the  algebraic  ratio  of  the  minimum  to 
maximum  load  in  a  cycle,  that  is,  R  -  Pmm/ 
P^. 

51.  fatigue  crack  growth  rate,  da/dN,  [L] — 
the  rate  of  crack  extension  caused  by  constant- 
amplitude  fatigue  loading,  expressed  in  terms 
of  crack  extension  per  cycle  of  fatigue. 

52.  stress-intensity  calibration,  K  calibra¬ 
tion — a  mathematical  expression,  based  on  em¬ 
pirical  or  analytical  results,  that  relates  the 
stress  intensity  factor  to  load  and  crack  length 
for  a  specific  specimen  planar  geometry, 

53.  stress-intensity  factor — See  Section  10  of 
this  terminology.  Sec  also  mode.) 

Discussion —  In  Method  E  647,  mode  1  is  assumed. 

54.  maximum  stress-intensity  factor,  K m,* 
[FL’3'2] — in  fatigue ,  the  maximum  value  of  the 


stress-intensity  factor  in  a  cycle.  This  value 
corresponds  to  PmM. 

55.  minimum  stress-intensity  factor.  Kmm 
[FL“3  2] — in  fatigue,  the  minimum  value  of  the 
stress-intensity  factor  in  a  cycle  This  value 
corresponds  to  Pmin  when  R  >  0  and  is  taken  to 
be  zero  when  R  <  0. 

56.  stress-intensity  factor  range,  A K  [FL~3/2] 
— in  fatigue ,  the  variation  in  the  stress- in  tensity 
factor  in  a  cycle,  that  is,  KmmK  -  Kmin. 

Note  1— The  loading  variables  R ,  A K.  and 
are  related  such  that  specifying  any  two  uniquely 
defines  the  third  according  lo  the  following  relation¬ 
ship:  A K  -  (1  -  R)Kmtlx  for  R  >  0  and  A K  - 
for  R  <  0. 

Note  2 — These  operational  stress-intensity  factor 
definitions  do  not  include  local  crack-tip  effects,  for 
example,  crack  closure,  residual  stress,  and  blunting. 

DESCRIPTIONS  OF  TERMS  SPECIFIC 
TO  A  PARTICULAR  STANDARD 

Descriptions  of  terms  arc  extracted  from 
Recommended  Practice  E  561  -  80: 

57.  plane-stress  fracture  toughness,  Kc— in 
Recommended  Practice  E561.  the  value  of  Kr 
at  the  instability  condition  determined  from  the 
tangency  between  the  R-curve  and  the  cntical 
crack-extension  force  curve  of  the  specimen. 

Note — Sec  the  discussion  of  plane-strain  fracture 
toughness  in  Terminology  E  6 16. 

58.  fixed-load  or  fixed-displacement  crack- 
extension  force  curves — curves  obtained  from 
a  fracture  mechanics  analysis  for  the  test  con¬ 
figuration;  assuming  a  fixed  applied  load  or 
displacement  and  generating  a  curve  of  K  ver¬ 
sus  the  effective  crack  size  as  the  independent 
variable. 

Method  E  604  -  77: 

59.  dynamic  tear  (DT)  energy  is  the  total 
energy  required  to  fracture  standard  %-in.  (16- 
mm)  thick  DT  specimens  tested  in  accordance 
with  the  provisions  of  Method  E  604. 

Note  1— With  pendulum-type  machines,  the  DT 
energy  value  recorded  is  the  difference  between  the 
initial  and  the  final  potential  energies  of  the  pendu¬ 
lum  or  pendulums. 

Note  2 — With  drop-weight  machines,  the  DT  en¬ 
ergy  value  recorded  is  the  difference  between  the 
initial  potential  energy  of  the  hammer  and  the  final 
energy  of  the  hammer,  as  determined  by  a  calibrated 
energy  absorption  system. 
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TABLE  1  Stress  and  Displacement  Components4  for  Plane-Strain  and  Anti-Plane-Strain  Modes  (see  definition  of  mode) 


Mode  I 

Mode  II 

Mode  III 

Crack  (surface)  displacements®  just  behind  the  crack  front 
(see  Fig  1): 

u 

0 

• 

0 

V 

• 

0 

0 

w 

0 

0 

• 

Stresses  just  ahead  of  the  crack  front  (sec  Fig  2) 

Ot 

• 

0 

0 

Oy 

• 

0 

0 

a, 

• 

0 

0 

T*> 

0 

• 

0 

0 

0 

• 

Tj, 

0 

0 

0 

4  •  means  non-zero. 

0  means  zero. 

®  Not  applicable  generally  to  anisotropic  matenals 


mode  1  mode  2  mode  3 

Note — See  definition  of  mode 

FIG.  I  Basie  Modes  of  Craek  (Surface)  Displacements  for  Isotropie  Materials  J 


W 


Y  ffy 


Note  See  definition  of  mode 

FIG.  2  Customary  Coordinate  System  and  Stress  on  a  Smalt  Volume  FJement  Located  on  the  x  Axis  Just  Ahead  of  the 

Crack  Front 
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FIG.  3  Crack  Plane  Orientation  Code  for  Rectangular  Sections 


FIG.  4  Crack  Plane  Orientation  Code  for  Rectangular  Sections  Where  Specimens  Are  Tilted  with  Respect  to  the 

Reference  Directions 
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FIG.  5  Crack  Plane  Orientation  Code  for  Bar  and  Hollow  Cylinder 


ANNEX 


AI.  UNITS 

All  For  stress  intensity  factor,  A,  and  any  mea¬ 
sure  of  fracture  toughness  expressed  in  terms  of  K, 
the  recommended  unit  is  MPa  (m)*  The  correspond¬ 
ing  customary  unit  is  ksi  (in  )*. 

A  1.2  For  the  crack-extension  force,  G,  and  for  the 
elastic  energy  release  rate,  which  in  plane  measure¬ 


ment  problems  is  equal  to  J ,  and  any  measure  of 
fracture  toughness  expressed  in  terms  of  G  or  J,  the 
recommended  unit  is  kJ/m2  The  corresponding  cus¬ 
tomary  unit  is  tn-lbyin.2 

A  l  3  For  crack  (tip)  opening  displacement,  o,  and 
any  measure  of  fracture  toughness  expressed  in  terms 
of  <j,  the  recommended  unit  is  metre  The  correspond¬ 
ing  inch-pound  unit  is  mil 


This  standord  is  subject  to  revision  at  any  time  by  the  responsible  techmcol  committee  ond  must  be  reviewed  every  five  yeors 
ond  if  not  revised,  either  reopproved  or  withdrown.  Your  comments  ore  invited  either  for  revision  of  this  stondard  or  for  odditionol 
stondards  ond  should  be  oddressed  to  A  STM  Heodquorters  Your  comments  will  receive  coreful  consider  otionot  o  meeting  of  the 
responsible  techmcol  committee,  which  you  movottend.  If  you  feel  thot  your  comments  hove  not  received  o  foir  heonng  you  should 
make  your  views  known  to  the  A  STM  Committee  on  Stondords,  1916  Roce  St ,  Phtlodelphio,  Pa.  19 1  OS.  which  will  schedule  o 
further  hearing  regor ding  your  comments  Foiling  sotisfoction  there,  you  moy  oppeal  to  the  A  STM  Board  of  Directors. 
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Designation:  E  399  -  81 


AMERICAN  SOCIETY  FOR  TESTING  AND  MATERIALS 
1916  Rac«  St.,  Philadelphia.  Pa  19103 
Reprinted  from  the  Annual  Book  of  ASTM  Standards.  Copyright  ASTM 
If  not  listed  in  the  current  combined  index,  will  appear  in  the  next  edition. 


Standard  Test  Method  for 

PLANE-STRAIN  FRACTURE  TOUGHNESS  OF  METALLIC 
MATERIALS1 


This  standard  is  issued  under  the  fined  designation  E  399;  the  number  immediately  following  the  designation  indicates  the 
year  of  original  adoption  or.  in  the  case  of  revision,  the  year  of  last  revision.  A  number  in  parentheses  indicates  the  year  of  last 
reapproval 

This  method  has  been  approved  for  use  by  agencies  of  the  Department  of  Defense  and  for  listing  in  the  DoD  Index  of  Specifications 
and  Standards 


1.  Scope 

1  1  This  method  covers  the  determination  of 
the  plane-strain  fracture  toughness  of 

metallic  materials  by  tests  using  a  variety  of 
fatigue-cracked  specimens  having  a  thickness 
of  0.063  in.  ( 1 .6  mm)  or  greater.2 *  The  details  of 
the  various  specimen  configurations  are  shown 
in  Annexes  A1  through  A6. 

Note  1 — Plane-strain  facture  toughness  lests  of 
thinner  materials  lhai  are  sufficiently  brinlc  (see  7.1) 
can  be  made  with  other  types  of  specimens  (1). 
There  ts  no  standard  test  method  for  testing  such  thin 
materials. 

1.2  This  method  also  covers  the  determina¬ 
tion  of  the  specimen  strength  ratio  R „  where  x 
refers  to  the  specific  specimen  configuration 
being  tested.  This  strength  ratio  is  a  function  of 
the  maximum  load  the  specimen  can  sustain, 
its  initial  dimensions  and  the  yield  strength  of 
the  material. 

1.3  Measured  values  of  plane-strain  fracture 
toughness  stated  in  inch-pound  units  are  to  be 
regarded  as  standard. 

2.  Applicable  Documents 

2. 1  A  STM  Standards'. 

B  645  Practice  for  Plain  Strain  Fracture 
Toughness  Testing  of  Aluminium  Alloys4 

E  8  Tension  Testing  of  Metallic  Materials5 * 

E  2 1  Practice  for  Elevated  Temperature  Ten¬ 
sion  Tests  of  Metallic  Materials* 

E  337  Test  for  Relative  Humidity  by  Wet- 
and  Dry-Bulb  Psychrometer7 

E  338  Sharp-Notch-Tension  Testing  of 
High-Strength  Sheet  Materials8 

E616  Terminology  Relating  to  Fracture 
Testing8 


3.  Summary  of  Method 

3.1  This  method  involves  testing  of  notched 
specimens  that  have  been  precracked  in  fatigue 
by  loading  either  in  tension  or  three-point 
bending.  Load  versus  displacement  across  the 
notch  at  the  specimen  edge  is  recorded  auto- 
graphicaUy.  The  load  corresponding  to  a  2  % 
apparent  increment  of  crack  extension  is  estab¬ 
lished  by  a  specified  deviation  from  the  linear 
portion  of  the  record.  The  K\c  value  is  calcu¬ 
lated  from  this  load  by  equations  that  have 
been  established  on  the  basis  of  elastic  stress 
analysis  of  specimens  of  the  types  described  in 
this  method.  The  validity  of  the  determination 
of  the  K\c  value  by  this  method  depends  upon 
the  establishment  of  a  sharp-crack  condition  at 
the  tip  of  the  fatigue  crack,  in  a  specimen  of 
adequate  size.  To  establish  a  suitable  crack-tip 
condition,  the  stress  intensity  level  at  which  the 
fatigue  precracking  of  the  specimen  is  con¬ 
ducted  is  limited  to  a  relatively  low  value. 

3.2  The  specimen  size  required  for  testing 
purposes  increases  as  the  square  of  the  ratio  of 
toughness  to  yield  strength  of  the  material. 


1  This  method  is  under  the  jurisdiction  of  ASTM  Com 
mittec  E-24  on  Fracture  Testing  and  is  the  direct  responsi 
bility  of  Subcommittee  E24.0I  on  Fracture  Mechanics  Test 
Met  nods 

Current  edition  approved  April  24,  1981  Published  July 
1981  Onainally  published  as  E399-70T.  Last  previous 
edition  E  399  -  78a 

2  For  additional  information  relating  to  the  fracture  tough¬ 
ness  testing  of  aluminum  alloys,  see  Method  B  645 

1  The  boldface  numbers  in  parentheses  refer  to  the  list  of 
references  at  the  end  of  this  method. 

*  Annual  Book  of  ASTM  Standards.  Part  7 

1  Annual  Book  of  ASTM  Standards  Parts  6.  7,  10 

*  Annual  Book  of  ASTM  Standard %.  Part  10 

7  Annual  Book  of  ASTM  Standards.  Parts  20.  26.  32.  41. 
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therefore  a  range  of  proportional  specimens  is 
provided 

4.  Significance  and  Use 

4. 1  The  property  K\c  determined  by  this 
method  characterizes  the  resistance  of  a  mate¬ 
rial  to  fracture  in  a  neutral  environment  in  the 
presence  of  a  sharp  crack  under  severe  tensile 
constraint,  such  that  the  state  of  stress  near  the 
crack  front  approaches  tntensile  plane  strain, 
and  the  crack-tip  plastic  region  is  small  com¬ 
pared  with  the  crack  size  and  specimen  dimen¬ 
sions  in  the  constraint  direction.  A  K\c  value  is 
believed  to  represent  a  lower  limiting  value  of 
fracture  toughness.  This  value  may  be  used  to 
estimate  the  relation  between  failure  stress  and 
defeci  size  for  a  material  in  service  wherein  the 
conditions  of  high  constraint  described  above 
would  be  expected.  Background  information 
concerning  the  basis  for  development  of  this 
method  in  terms  of  linear  elastic  fracture  me¬ 
chanics  may  be  found  in  Refs  (1)  and  (2). 

4.1.1  The  K\c  value  of  a  given  material  is  a 
function  of  testing  speed  and  temperature.  Fur¬ 
thermore,  cyclic  loads  can  cause  crack  exten¬ 
sion  at  K\  values  less  than  the  K\c  value.  Crack 
extension  under  cyclic  or  sustained  load  will  be 
increased  by  the  presence  of  an  aggressive  en¬ 
vironment.  Therefore,  application  of  K\c  in  the 
design  of  service  components  should  be  made 
with  awareness  to  the  difference  that  may  exist 
between  the  laboratory  tests  and  field  condi¬ 
tions. 

4.1.2  Plane-strain  crack  toughness  testing  is 
unusual  in  that  there  can  be  no  advance  assur¬ 
ance  that  a  valid  K\c  will  be  determined  in  a 
particular  test.  Therefore  it  is  essential  that  all 
of  the  criteria  concerning  validity  of  results  be 
carefully  considered  as  described  herein. 

4. 1  3  Clearly  it  will  not  b;  possible  to  deter¬ 
mine  K\c  if  any  dimension  of  the  available  stock 
of  a  material  is  insufficient  to  provide  a  speci¬ 
men  of  the  required  size.  In  such  a  case  the 
specimen  strength  ratio  determined  by  this 
method  will  often  have  useful  significance. 
However,  this  ratio,  unlike  K\c ,  is  not  a  concept 
of  linear  elastic  fracture  mechanics,  but  can  be 
a  useful  comparative  measure  of  the  toughness 
of  materials  when  the  specimens  are  of  the 
same  form  and  size,  and  that  size  is  insufficient 
to  provide  a  valid  K\c  determination,  but  suffi¬ 
cient  that  the  maximum  load  results  from  pro¬ 


nounced  crack  propagation  rather  than  Hasnc 
instability. 

4. 1 .3. 1  The  strength  ratio  for  center-cracked 
plate  specimens  tested  in  uniaxial  tension  may 
be  determined  by  Method  E  338. 

4.2  This  method  can  serve  the  following  pur¬ 
poses. 

4.2.1  In  research  and  development  to  estab¬ 
lish,  m  quantitative  terms,  significant  to  service 
performance,  the  effects  of  metallurgical  vari¬ 
ables  such  as  composition  or  heat  treatment,  or 
of  fabricating  operations  such  as  welding  or 
forrnmg,  on  the  fracture  toughness  of  new  or 
existing  materials 

4.2.2  In  service  evaluation,  to  establish  the 
suitability  of  a  material  for  a  specific  applica¬ 
tion  for  which  the  stress  conditions  are  pre¬ 
scribed  and  for  which  maximum  flaw  sizes  can 
be  established  with  confidence. 

4.2.3  For  specifications  of  acceptance  and 
manufactunng  quality  control,  but  only  when 
there  is  a  sound  basis  for  specification  of  min¬ 
imum  K\c  values,  and  then  only  if  the  dimen¬ 
sions  of  the  product  are  sufficient  to  provide 
specimens  of  the  size  required  for  valid  K\c 
determination.  The  specification  of  K\c  values 
in  relation  to  a  particular  application  should 
signify  that  a  fracture  control  study  has  been 
conducted  on  the  component  in  relation  to  the 
expected  history  of  loading  and  environment, 
and  in  relation  to  the  sensitivity  and  reliability 
of  the  crack  detection  procedures  that  are  to  be 
applied  prior  to  service  and  subsequently  dur¬ 
ing  the  anticipated  life. 

5.  Definitions 

5  1  stress-intensity  factor,  K\  (FL~3/2)—  the 
magnitude  of  the  ideal-crack-tip  stress  field  for 
mode  1  in  a  linear-elastic  body. 

Note  2 — Values  of  K  for  mode  I  are  given  by: 

K\  *  limn  ay(2rrr),ui 

where  r  equals  a  distance  directly  forward  from  lhe 
crack  lip  lo  a  location  where  lhe  significant  stress  ay 
is  calculated.  ay  is  the  principal  stress  normal  10  lhe 
crack  plane.  For  modes  2  and  3,  see  General  Defi¬ 
nitions  of  Terminology  E  6 16. 

5.2  plane-strain  fracture  toughness ,  K\c 
(FL~3'2) — the  crack  extension  resistance  under 
conditions  of  crack-tip  plane-strain. 

Note  3 — In  mode  1  Noie  5  for  slow  raies  of 
loading  and  negligible  plastic  zone  adjustment,  plane- 
sirain  fracture  toughness  is  lhe  value  of  siress-mien- 
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suy  factor  as  measured  using  lhe  operational  proce¬ 
dure  (and  satisfying  all  of  the  validity  requirements) 
specified  in  this  method,  which  centers  attention  on 
the  stan  of  crack  extension  and  provides  operational 
definitions  of  crack  tip  sharpness,  start  of  crack  ex¬ 
tension,  and  crack-tip  plane  strain 

Note  4 — The  roman  numeral  1  signifies  speciali¬ 
zation  to  plane  strain  at  lhe  crack  tip  As  described 
in  this  method,  mode  1  refers  to  a  situation  in  which 
the  crack  faces  are  displaced  apart  in  the  direction 
normal  10  the  crack  plane. 

Note  5 — For  definitions  relating  to  measures  of 
fracture  toughness  oiher  than  A'ic,  refer  to  General 
Definitions  in  Terminology  E  616. 

6,  Apparatus 

6.1  Loading-  Specimens  should  be  loaded 
in  a  testing  machine  that  has  provision  for 
autographic  recording  of  the  load  applied  to 
the  specimen. 

6.2  Fixtures — Fixtures  suitable  tor  loading 
the  specimen  configurations  covered  by  this 
method  are  shown  in  the  appropriate  annex. 
These  fixtures  are  so  designed  as  to  minimize 
the  frictional  contributions  to  the  measured 
load. 

6.3  Displacement  Gage  - The  displacement 
gage  output  shall  indicate  the  relative  displace¬ 
ment  of  two  precisely  located  gage  postttons 
spanning  the  crack  starter  notch  mouth.  Exact 
and  positive  positioning  of  the  gage  on  the 
specimen  is  essential,  yet  the  gage  must  be 
released  without  damage  when  the  specimen 
breaks  A  recommended  design  for  a  self-sup- 
poning,  releasable  gage  ts  shown  in  Fig.  1  and 
described  in  Annex  A 1.  The  strain  gage  bridge 
arrangement  is  also  shown  in  Fig.  1. 

6  3.1  The  specimen  must  be  provided  with 
a  pair  of  accurately  machined  knife  edges  thai 
support  the  gage  arms  and  serve  as  the  displace¬ 
ment  reference  points  These  knife  edges  can 
be  machined  integral  with  the  specimen  as 
shown  in  Fig.  1  and  rig.  2  or  they  may  be 
separate  pieces  fixed  to  the  spectmen.  A  sug¬ 
gested  design  for  such  attachable  knife  edges  is 
shown  in  Fig.  3.  This  design  is  based  on  a  knife 
edge  spacing  of  0.2  in.  (5.1  mm).  The  effective 
gage  length  is  established  by  the  points  of 
contact  between  the  screw  and  the  hole  threads. 
For  the  design  shown  the  major  diameter  of 
the  screw  has  been  used  in  setting  this  gage 
length.  A  No.  2  screw  will  permit  the  use  of 
attachable  knife  edges  for  specimens  havtng  W 
>  1  in.  (25  mm). 
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6.3.2  Each  gage  shall  be  checked  for  linear¬ 
ity  using  an  extensometer  calibrator  or  other 
suttable  device,  the  resettability  of  the  calibra¬ 
tor  at  each  displacement  interval  should  be 
within  +0.000020  in.  (0.00050  mm).  Readings 
shall  be  taken  at  ten  equally  spaced  intervals 
over  the  working  range  of  the  gage  (see  Annex 
Al).  This  calibration  procedure  should  be  per¬ 
formed  three  times,  removing  and  reinstalling 
the  gage  in  the  calibration  fixture  between  each 
run  The  required  lineanty  shall  correspond  to 
a  maximum  deviation  of  +0.0001  in.  (0.0025 
mm)  of  lhe  individual  displacement  readings 
from  a  least-squares-best-fit  straight  line 
through  the  data  The  absolute  accuracy,  as 
such,  is  not  important  in  this  application,  since 
the  method  is  concerned  with  relative  changes 
m  displacement  rather  than  absolute  values 
(see  9.1). 

6.3.3  It  is  not  the  intent  of  thts  method  to 
exclude  the  use  of  other  types  of  gages  or  gage- 
fixing  devices  provided  the  gage  used  meets  the 
requirements  listed  below  and  provided  the 
gage  length  does  not  exceed  those  limits  given 
in  the  annex  appropriate  to  the  specimen  being 
tested 

7.  Specimen  Size,  Configurations,  and  Prepa¬ 
ration 

7  1  Specimen  Size: 

7  1.1  In  order  for  a  result  to  be  considered 
valid  according  to  thts  method  it  is  required 
that  both  the  specimen  thickness,  B ,  and  the 
crack  length,  a ,  exceed  2.5  (Ku/a ys)*',  where 
<Tys  is  the  0.2  offset  yield  strength  of  the 
material  for  ihe  temperature  and  loading  rate 
of  the  test  (1,  5,  6). 

7  1.2  The  initial  selection  of  a  size  of  speci¬ 
men  from  which  valid  values  ot  K\r  will  be 
obtained  mav  be  based  on  an  estimated  value 
ot  K\c  for  the  material  It  is  recommended  that 
the  value  of  K\c  be  overesomared.  so  that  a 
conservatively  large  specimen  will  be  employed 
for  the  initial  tests.  After  a  valid  K\e  result  is 
obtained  with  the  conscrvativc-sizetmtial  spec¬ 
imen  the  specimen  size  may  be  reduced  to  an 
appropriate  size  [u  and  B  £  2.5  { A't./ay^r]  for 
subsequent  testmg. 

7.1.3  Alternatively,  the  ratio  of  yield 
strength  to  Young's  modulus  can  be  used  for 
selecting  a  specimen  size  that  will  be  adequate 
for  all  but  the  toughest  materials. 
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Minimum  Recommended 
Thickness  and 
Crack  Length 


<jy.s/£  in  mm 

0.0050  to  0.0057  3  75 

0.0057  to  0.0062  24  63 

0.0062  to  0.0065  2  50 

0.0065  to  0.0068  14  44 

0.0068  to  0.007 1  l  *  38 

0.0071  to  0.0075  14  32 

0.0075  to  0.0080  1  25 

0.0080  to  0.0085  4  20 

0  0085  to  0.0100  4  124 

0  0100  or  greater  4  64 


When  it  has  been  established  that  2.5  (K\J 
ays)2  is  substantially  less  than  the  minimum 
recommended  thickness  given  in  the  preceding 
table,  then  a  correspondingly  smaller  specimen 
can  be  used.  On  the  other  hand,  if  the  form  of 
the  available  matenal  is  such  that  it  is  not 
possible  to  obtain  a  specimen  with  both  crack 
length  and  thickness  greater  than  2.5  {K\v/ 
<jys)2,  then  it  is  not  possible  to  make  a  valid  K\c 
measurement  according  to  this  method 

7.2  Specimen  Configurations — The  configu¬ 
rations  of  the  various  specimens  are  shown  in 
the  following  annexes:  Annex  A3,  Bend  Spec¬ 
imen  SE  (B)t  Annex  A4,  Compact  Specimen  C 
(T),  Annex  A5,  Arc-Shaped  Specimen  A  (T), 
and  Annex  A6,  Disk-Shaped  Compact  Speci¬ 
men  DC  (T). 

7.2. 1  Standard  Specimens — The  crack  length, 
a  (crack  starter  notch  plus  fatigue  crack)  is 
nominally  equal  to  the  thickness,  B ,  and  is 
between  0.45  and  0.55  times  the  width,  W.  The 
ratio  W/B  is  nominally  equal  to  two. 

7.2.2  Alternative  Specimens — In  certain  cases 
it  may  be  desirable  to  use  specimens  having 
W/B  ratios  other  than  two.  Alternative  propor¬ 
tions  for  bend  specimens  are  1  ^  W/B  S  4.  For 
the  other  specimen  configurations  alternative 
specimens  may  have  2  <  W/B  <  4.  These 
alternative  specimens  shall  uave  the  same  crack 
length- to- width  ratio  as  the  standard  speci¬ 
mens.  It  should  be  appreciated  that  K\c  values 
obtained  using  alternative  specimen  propor¬ 
tions  may  not  agree  with  those  obtained  using 
the  standard  specimens  (15). 

7.3  Specimen  Preparation — The  dimensional 
tolerances  and  surface  finishes  shown  on  the 
specimen  drawings  given  in  Annexes  A3  to  A6 
shall  be  followed  in  specimen  preparation. 

7.3.1  Fatigue  Crack  Starter  Notch — Three 
forms  of  fatigue  crack  starter  notches  are  shown 
in  Fig.  4.  To  facilitate  fatigue  cracking  at  low 


stress  intensity  levels,  the  root  radius  for  a 
straight-through  slot  terminating  in  a  V-notch 
should  be  0.003  in.  (0.08  mm)  or  less  If  a 
chevron  form  of  notch  is  used,  the  root  radius 
may  be  0.010  in.  (0.25  mm)  or  less.  In  the  case 
of  a  slot  tipped  with  a  hole  it  will  be  necessary 
to  provide  a  sharp  stress  raiser  at  the  end  of  the 
hole.  Care  should  be  taken  to  ensure  that  this 
stress  raiser  is  so  located  that  the  crack  plane 
orientation  requirements  (8.2.4)  can  be  met. 

7.3.2  Fatigue  Cracking — Fatigue  cracking 
shall  be  conducted  in  accordance  with  the  pro¬ 
cedures  outlined  in  Annex  A2.  Fatigue  cycling 
shall  be  continued  until  the  fatigue  crack  will 
satisfy  the  requirements  stated  in  the  following 
two  sections. 

7  3.2.1  The  crack  length  (total  length  of  the 
crack  starter  configuration  plus  the  fatigue 
crack)  shall  be  between  0.45  and  0.55  W. 

7  3.2.2  For  a  straight-through  crack  starter 
terminating  in  a  V-notch  (see  Fig.  4),  the  length 
of  the  fatigue  crack  on  each  surface  of  the 
specimen  shall  not  be  less  than  2.5  %  of  If"  or 
0.050  in.  (13  mm)  min,  and  for  a  crack  starter 
tipped  with  a  drilled  hole  (see  Fig.  4),  the 
fatigue  crack  extension  from  the  stress  raiser 
tipping  the  hole  shall  be  greater  than  0.5  D  on 
both  surfaces  of  the  specimen,  where  D  is  the 
diameter  of  the  hole.  For  a  chevron  notch  crack 
starter  (sec  Fig.  4),  the  fatigue  crack  shall 
emerge  from  the  chevron  on  both  surfaces  of 
the  specimen. 

8.  General  Procedure 

8.1  Number  of  Tests — It  is  recommended  that 
at  least  three  replicate  tests  be  made  for  each 
material  condition. 

8.2  Specimen  Measurement — Specimen  di¬ 
mensions  shall  conform  to  the  tolerances  shown 
in  the  appropriate  annex.  Three  fundamental 
measurementsare  necessary  for  the  calculation 
of  Kic%  namely,  the  thickness,  B ,  the  crack 
length,  a,  and  the  width,  W 

8.2. 1  Measure  the  thickness,  B ,  to  the  nearest 
0.001  in.  (0.025  mm)  or  to  0.1  %,  whichever  is 
larger,  at  not  less  than  three  equally  spaced 
positions  along  the  line  of  mtended  crack  ex¬ 
tension  from  the  fatigue  crack  tip  to  the  un¬ 
notched  side  of  the  specimen.  The  average  of 
these  three  measurements  should  be  recorded 
as  B. 

8.2.2  Measure  the  crack  length,  a,  after  frac¬ 
ture  to  the  nearest  0  5  %  at  the  following  three 
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positions:  at  the  center  of  the  crack  front,  and 
midway  between  the  center  of  the  crack  front, 
and  the  end  of  the  crack  front  on  each  surface 
of  the  specimen.  Use  the  average  of  these  three 
measurements  as  the  crack  length  to  calculate 
Kq*  The  following  requirements  shall  apply  to 
the  fatigue  crack  front;  (1)  The  difference  be¬ 
tween  any  two  of  the  three  crack  length  mea¬ 
surements  shall  not  exceed  10  %  of  the  average. 

(2)  For  a  chevron  notch  starter  (see  Fig  4),  the 
fatigue  crack  shall  emerge  from  the  chevron  on 
both  surfaces  ot  the  specimen,  neither  surface 
crack  length  shall  differ  from  the  average 
length  by  more  than  10  %,  and  the  difference 
between  these  two  surface  measurements  shall 
not  exceed  10  %  of  the  average  crack  length 

(3)  For  a  straight-through  starter  notch  (see 
Fig,  4)  no  part  of  the  crack  front  shall  be  closer 
to  the  machined  starter  notch  than  2.5%  W  or 
0.050  in.  (13  mm)  minimum,  nor  shall  the 
surface  crack  length  measurements  differ  from 
the  average  crack  length  by  more  than  15  %, 
and  the  differences  between  these  two  mea¬ 
surements  shall  not  exceed  10  %  of  the  average 
crack  length. 

8.2.3  Measure  the  width,  W \  as  described  in 
the  annex  appropriate  to  the  specimen  type 
being  tested. 

8.2.4  The  plane  of  the  crack  shall  be  parallel 
to  both  the  specimen  width  and  thickness  di¬ 
rection  within  ±10°  (7). 

8.3  Loading  Rate — Load  the  specimen  at  a 
rate  such  that  the  rate  of  increase  of  stress 
mtensity  is  within  the  range  from  30  000  to 
150  000  psi-in.1/2/min  (0.55  to  2.75  MPa- 
m1/2/s).  The  loading  rates  corresponding  to 
these  stress  intensity  rates  are  given  in  the 
appropriate  annex  for  the  specimen  being 
tested. 

8.4  Test  Record — Make  a  test  record  consist¬ 
ing  of  an  autographic  plot  of  the  output  of  the 
load-sensing  transducer  versus  the  output  of 
the  displacement  gage  The  initial  slope  of  the 
linear  portion  shall  be  between  0.7  and  1.5.  It 
is  conventional  to  plot  the  load  along  the  ver¬ 
tical  axis,  as  in  an  ordinary  tension  test  record. 
Select  a  combination  of  load-sensing  trans¬ 
ducer  and  autographic  recorder  so  that  the 
load,  Pq ,  (see  9.1)  can  be  determined  from  the 
test  record  with  an  accuracy  of  ±  1  %.  With  any 
given  equipment,  the  accuracy  of  readout  will 
be  greater  than  the  larger  the  scale  of  the  test 
record. 

8  4.1  Continue  the  test  until  the  specimen 
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can  sustain  no  further  increase  in  load.  In  some 
cases  the  range  of  the  chart  will  not  be  sufficient 
to  include  all  of  the  test  record  up  to  maximum 
load,  Pm„.  In  any  case,  read  the  maximum  load 
from  the  dial  of  the  testing  machine  (or  other 
accurate  indicator)  and  record  tt  on  the  chart 

9.  Calculation  and  Interpretation  of  Results 

9  l  Interpretation  of  Test  Record  and  Calcu¬ 
lation  of  Kic — In  order  to  establish  that  a  valid 
K\c  has  been  determined,  it  is  necessary  first  to 
calculate  a  conditional  result.  Kq%  which  in¬ 
volves  a  construction  on  the  test  record,  and 
then  to  determine  whether  this  result  is  consist¬ 
ent  with  the  size  and  yield  strength  of  the 
specimen  according  to  7.1.  The  procedure  is  as 
follows; 

9  1.1  Draw  the  secant  Ime  (9P5,  shown  in 
Fig.  5  through  the  origin  of  the  test  record  with 
slope  (/Vv)5  -  0.95  (P/v)0,  where  (P/v)0  is  the 
slope  of  the  tangent  OA  to  the  initial  linear  part 
of  the  record  (Note  6).  The  load  Pq  is  then 
defined  as  follows;  if  the  load  at  every  point  on 
the  record  which  precedes  P$  is  lower  than  Pq 
then  Pq  is  P<>  (Fig.  5  Type  I);  if,  however,  there 
is  a  maximum  load  preceding  which  exceeds 
it,  then  this  maximum  load  is  Pq  (Fig.  5  Types 
II  and  III). 

Note  6 — Slight  nonlinearity  often  occurs  at  the 
very  beginning  of  a  record  and  should  be  ignored 
However,  it  is  important  to  establish  the  initial  slope 
of  the  record  w  ith  high  precision  and  therefore  it  is 
advisable  to  minimize  this  nonlinearity  by  a  prelim¬ 
inary  loading  and  unloading  with  the  maximum  load 
not  producing  a  stress  intensity  level  exceeding  that 
used  in  the  final  stage  of  fatigue  cracking. 

9. 1.2  Calculate  the  ratio  Pmmt/PQs  where  P m., 
ts  the  maximum  load  the  specimen  was  able  to 
sustain  (see  8.4).  If  this  ratio  does  not  exceed 
1,10,  proceed  to  calculate  Kq  as  described  in 
the  annex  appropriate  to  the  specimen  being 
tested.  If  PmmJPQ  does  exceed  1.10,  then  the 
test  is  not  a  valid  K\c  test  because  it  is  then 
possible  that  Kq  bears  no  relation  to  K\c .  In  this 
case  proceed  to  calculate  the  specimen  strength 
ratio. 

9.1.3  Calculate  2.5  (  Kq/o\*)2  where  oys  is  the 
0.2  %  offset  yield  strength  in  tension  (see 
Method  E  8).  If  this  quantity  is  less  than  both 
the  specimen  thickness  and  the  crack  length, 
then  Kq  is  equal  to  K\c.  Otherwise,  the  test  is 
not  a  valid  K\c  test. 

9.1.4  If  the  test  result  fails  to  meet  the  re¬ 
quirements  in  9.1.2  or  in  9.1.3.  or  both,  it  will 
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be  necessary  to  use  a  larger  specimen  to  deter¬ 
mine  Kic •  The  dimensions  of  the  larger  speci¬ 
men  can  be  estimated  on  the  basis  of  Kq  but 
generally  will  be  at  least  1.5  times  those  of  the 
specimen  that  failed  to  yield  a  valid  K\c  value. 

9.1.5  Calculate  the  specimen-strength  ratio 
Rsx  according  to  the  annex  appropriate  to  the 
specimen  being  tested. 

9.2  Crack  Plane  Orientation — The  fracture 
toughness  of  a  material  usually  depends  on  the 
orientation  and  direction  of  propagation  of  the 
crack  in  relation  to  the  anisotropy  of  the  ma¬ 
terial.  which  depends,  in  turn,  on  the  principal 
directions  of  mechanical  working  or  grain  flow. 
The  orientation  of  the  crack  plane  should  be 
identified  wherever  possible  in  accordance  with 
the  following  systems  (11).  In  addition,  the 
product  form  should  be  identified  (for  example, 
straight  rolled  plate,  cross  rolled  plate,  pancake 
forging,  etc.). 

9.2.1  For  rectangular  sections  the  reference 
directions  are  identified  as  in  Figs.  6  and  7, 
which  give  examples  for  a  rolled  plate.  The 
same  system  would  be  useful  for  sheet,  extru¬ 
sions,  and  forgings  with  nonsymmetneal  grain 
flow. 

L  =  direction  of  principal  deformation  (maxi¬ 
mum  gram  flow), 

T *  direction  of  least  deformation,  and 
S’  —  third  orthogonal  direction. 

9.2. 1 . 1  Using  a  two  letter  code,  the  first  letter 
designates  the  direction  normal  to  the  crack 
plane,  and  the  second  letter  the  expected  direc¬ 
tion  of  crack  propagation.  For  example,  in  Fig 
6  the  T-L  specimen  has  a  fracture  plane  whose 
normal  is  m  the  width  direction  of  a  plate  and 
an  expected  direction  of  crack  propagation 
coincident  with  the  direction  of  maximum 
gram  flow  or  longitudinal  direction  of  the  plate. 

9.2. 1.2  For  specimens  tha*  are  tilted  in  re¬ 
spect  to  two  of  the  reference  axes.  Fig.  i7  the 
orientation  is  identified  by  a  three-letter  code 
The  code  L-TS.  for  example,  means  that  the 
crack  plane  is  perpendicular  to  the  direction  of 
principal  deformation  (L  direction),  and  the 
expected  fracture  direction  is  intermediate  be¬ 
tween  T  and  S  The  code  TS-L  means  the  crack 
plane  is  perpendicular  to  a  direction  interme¬ 
diate  between  T  and  5,  and  the  expected  frac¬ 
ture  direction  is  m  the  L  direction. 

9.2.2  For  certain  cylindrical  sections  where 
il  e  direction  of  principal  deformation  is  par¬ 
allel  .  5  the  longitudinal  axis  of  the  cylinder,  the 
reference  directions  are  identified  as  in  Fig.  8 


which  gives  examples  for  a  drawn  bar  The 
same  system  would  be  useful  for  extrusions  or 
forged  parts  having  circular  cross  section. 

L  «  direction  of  maximum  grain  flow, 

R  «  radial  direction,  and 
C  "  circumferential  or  tangential  direction 

9.3  Fracture  Appearance — The  appearance  of 
the  fracture  is  valuable  supplementary  infor¬ 
mation  and  shall  be  noted  for  each  specimen. 
Common  types  of  fracture  appearance  are 
shown  in  Fig.  9.  For  fractures  of  Types  (a)  or 
(b),  measure  the  average  width,/,  of  the  central 
flat  fracture  area,  and  note  and  record  the 
proportion  of  oblique  fracture  per  unit  thick¬ 
ness  (B-f)/B  Make  this  measurement  at  a  lo¬ 
cation  midway  between  the  crack  tip  and  the 
unnotched  edge  of  the  specimen.  Report  frac¬ 
tures  of  Type  (c)  as  full  oblique  fractures 

10,  Report 

10.1  The  specimen  configuration  code  as 
shown  with  the  specimen  drawing  in  the  appro¬ 
priate  annex  shall  be  reported.  In  addition,  this 
code  shall  be  followed  with  loadmg  code  (T  for 
tension  and  B  for  bending)  and  the  code  for 
crack  plane  orientation  (see  9.2).  These  latter 
two  codes  should  appear  in  separate  paren¬ 
theses.  For  example,  a  test  result  obtained  using 
the  compact  specimen  (see  Annex  A4)  might 
be  designated  as  follows:  C(T)(S-T).  The  first 
letter  indicates  compact  specimen.  The  second 
letter  indicates  the  loading  was  tension  and  the 
first  of  the  last  two  letters  mdicate  that  the 
normal  to  the  crack  plane  is  in  the  direction  of 
principal  deformation  and  the  second  of  these 
letters  indicates  the  intended  direction  of  crack 
propagation  is  in  the  direction  of  least  defor¬ 
mation. 

10.2  In  addition,  the  following  information 
should  be  reported  for  each  specimen  tested. 

10.2.1  The  form  of  the  product  tested,  that 
is,  forging,  plate,  casting  etc. 

10.2.2  Thickness.  B 

10.2.3  Width  (depth),  W. 

10.2.3.1  Offset  of  the  loading  holes,  X.  for 
the  arc-shaped  specimen. 

10.2.3.2  Outer  and  inner  radii.  r>  and  rx  for 
the  arc-shaped  specimen. 

10.2.4  Fatigue  precracking  conditions  m 
terms  of: 

10.2.4.1  Maximum  stress  intensity,  Kf{ max) 
and  number  of  cycles  for  terminal  fatigue  crack 
extension  over  a  length  at  least  2.5  %  of  the 
overall  length  of  notch  plus  crack,  and 
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10.2.4.2  The  stress  intensity  range  for  termi¬ 
nal  crack  extension. 

10.2.5  Crack  length  measurements 

10  2.5.1  At  center  of  crack  front 

10  2.5.2  Midway  between  the  center  and  the 
end  of  the  crack  front  on  each  side,  and 

10.2.5.3  At  each  surface, 

10.2.6  Test  temperature. 

10.2.7  Relative  humidity  as  determined  by 
Method  E  337. 

10.2.8  Loading  rate  ip  terms  of  Ki  (change  in 
stress  intensity  factor  per  unit  time)  (2). 

10.2.9  Load-displacement  record  and  asso¬ 
ciated  calculations 

10.2. 10  Fracture  appearance, 

10.2.11  Yield  strength  (offset  =  0.2  %)  as 
determined  by  Meihods  E  8, 

10.2. 12  XV,  or  Kq  followed  by  the  parenthet¬ 
ical  statement:  “invalid  according  to 
section(s).....of  ASTM  Method  E  399,”  and 

10.2.13  Rax  where  x  refers  to  the  specimen 
configuration  as  given  in  the  appropriate  an¬ 
nex. 

10.2.14  Pmmz/PQ- 

10.3  It  is  desirable  to  list  the  information 
required  in  10. 1  and  10.2  in  the  form  of  a  table. 
A  suggested  form  for  such  a  table  is  given  in 
Fig.  10 

11.  Precision  and  Accuracy 

11.1  Accuracy — There  is  no  accepted  “stand¬ 
ard”  value  for  the  plane  strain  fracture  tough¬ 
ness  of  any  material.  In  the  absence  of  such  a 
true  value,  any  statement  concerning  accuracy 
is  not  meaningful. 

1 1.2  Precision — The  preciston  of  a  Ku-  deter¬ 
mination  ls  a  function  of  the  precision  and 


accuracy  of  the  various  measurements  of  linear 
dimensions  of  the  specimen  and  testing  fixtures, 
the  precision  of  the  displacement  measurement, 
and  the  accuracy  of  the  load  measurement  as 
well  as  the  accuracy  of  the  recording  devices 
used  to  produce  the  load  displacement  record 
and  the  precision  of  the  constructions  made  on 
this  record.  It  is  not  possible  to  make  meaning¬ 
ful  statements  concerning  precision  and  accu¬ 
racy  for  all  these  measurements  However,  it  is 
possible  to  derive  useful  information  concern 
ing  the  precision  of  a  Kic  measurement  in  a 
global  sense  from  three  interlaboratory  test  pro¬ 
grams  (17)  (18)  The  results  of  these  programs 
are  summarized  in  Table  1  which  gives  the 
standard  deviation  of  Ku  for  the  bend  speci¬ 
men,  the  compact  specimen,  and  the  arc-shaped 
specimen  as  derived  from  tests  on  several  high- 
strength  alloys  which  were  all  very  uniform  in 
composition  and  structure.  It  should  be  appre¬ 
ciated  that  the  measures  of  precision  shown  in 
Table  1  apply  to  tests  on  high-strength  alloys 
that  do  not  exhibit  strong  transitional  behavior 
in  terms  of  temperature  or  strain  rate.  If  tem¬ 
perature  and  rate  effects  have  a  large  influence 
on  the  toughness,  increased  scatter  in  XV  mea¬ 
surements  may  be  noted.  For  example,  within 
or  below  the  transition  range  of  a  structural 
steel  the  initial  advance  of  'he  fatigue  crack 
will  be  controlled  by  abrupt  fracture  of  local 
elements  at  the  crack  tip  accompanied  by  rapid 
transfer  of  load  to  adjacent  regions  which  then 
exhibit  cleavage  fracture.  Under  these  circum¬ 
stances,  a  statistical  size  effect  may  be  noticed 
as  the  specimen  size  is  changed,  and  tests  on 
small  specimens  will  be  characterized  by  larger 
scatter  than  will  tests  on  larger  specimens. 


TABLE  1  Gnu>4  Means  and  Standard  Deviations  for  Ku  as  Obtained  from  Three  Intetiaboratorv  Test  Programs'4 


Bend  Specimens 

2219T85I  ov* 

-  51.0  4340  <r yh  -  23«  ksi  18  Ni  Maraae  <yVs  -  4340 

<tys  —  206  ksi 

ksi  (353  MPa)  (1640  MPa)  276  ksi  ( 1902  MPa)  (1419  MPa) 

Grand  mean  X,  ksi-in.1  ' 

32.7 

44.2 

51.8 

79  8 

Standard  deviation.  S 

1.87 

1  85 

204 

2.87 

Compact  Specimens 

Grand  mean  X.  ksi -in. 1/1 

32.4 

45.5 

53.9 

79.4 

Standard  deviation.  S 

1.15 

l  27 

l  64 

1.79 

Arc-Shaped  Specimens  (4335V.  <jy»  - 

192  ksi  (1320  MPa) 

X/Wt-0 

X/W-Q.5 

Grand  mean  XH  ksi-in.13 

102.3 

101.7 

Standard  deviation.  S 

3  50 

236 

A  The  standard  deviation  has  been  pooled  for  all  laboratories  testing  a  given  alloy.  Data  for  the  bend  and  compact 
specimen  can  be  found  in  Ref  (17)  and  for  the  arc-shaped  specimen  in  Ref  (18). 
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FOIL  RESISTANCE 


500  OHM  GAGES  WILL 
PROVIDE  GREATER 
SENSITIVITY  Than 
120  OHM  GAGES 


FIG.  1  Double-Cantilever  Clip- In  Displicemeot  Gage  Showing  Mounting  by  Means  of  Integral  Knife  Edges  (Gage 

Design  Details  are  Given  in  Annex  Al) 


Note  1  —  Dimensions  in  inches. 

Note  2— Gage  length  shown  corresponds  to  clip  gage 
spacer  block  dimensions  shown  in  Annex  Al,  but  other  gage 
lengths  may  be  used  provided  they  are  appropnate  to  the 
specimen  (see  6  3.3) 

Note  3— For  starter  notch  configurations  see  Fig.  4 
Metric  Equivalents 

in  0050  0.060  0  200  0  250 

mm  1.3  1.5  5.1  64 


Fig.  2  Example  of  Integral  Knife  Edge  Design 
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Note  I  — Dimensions  arc  in  inches 

Note  2— Effective  gage  length  -2 C  +  Screw  Thread  Diameter  •<  W/2.  (This  will  always  be  greater  than  the  gage  lengt 
specified  in  Al.  1.) 

Note  3 —  Dimension  shown  corresponds  to  clip  gage  spacer  block  dimension  in  A  nnex  A 1 

Metric  Equivalents 


in.  0.032  0  06  0.07  0.100  0  125 

mm  0  81  15  18  2  54  3  18 

Hf.  3  Example  of  Attachable  Knife  Edf e  Design 
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(a)  Starter  Notches  and  Fatigue  Cracks  (b)  Detail  of  Chevron  Notch 


Note  l  -  For  a  chevron  crack  starter  notch  the  fatigue  crack  shall  emerge  on  both  surfaces  of  the  specimen 
Note  2— Fatigue  crack  extension  on  each  surface  of  the  specimen  containing  a  straight  through  notch  shall  be  at  least 
0  025  W  or  0.050  in.  ( 1.3  mm)  *  hichever  is  larger 

Note  3 — Fatigue  crack  extension  on  each  surface  of  the  specimen  from  the  stress  raiser  tipping  the  hole  shall  be  at  least 
0.1)50  If’ or  0.050  in  (13  mm),  whichever  is  larger 

Note  4  Crack  starter  notch  shall  be  perpendicular  to  the  specimen  surfaces  and  to  the  intended  direction  of  crack 
propagation  within  ±  2° 

Note  5  Notch  width  N  need  not  be  less  than  Vm  in.  (1.6  mm). 

FIG.  4  Crack  Starter  Notch  and  Fatigue  Crack  Configurations 
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FIG.  7  Crack  Plane  Orientation  Code  for  Rectangular  Section*  Where  Specimens  Are  Tilted  with  Respect  to  the 

Reference  Directions 
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FIG.  8  Crack  Plane  Orientation  (  ode  for  Bar  and  Hollow  C  ylinder 


O* 


faction 

o*uouc 


prcoominant 

o*uouc 


c 

ruu. 


FIG.  9  Coaunofl  Types  of  Fracture  Appearance 
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4S*  cHAurcn 


Note  I— Win  diameter  holes  are  for  strain  gage  leads 
Note  2— Dimensions  are  in  inches. 


Metric  Equivalents 


in 

mm 

in 

mm 

0  80 

0  195 

4  95 

0.045 

1.14 

0  205 

5.21 

0.050 

1.27 

0.373 

947 

Vft4 

2.00 

0.375 

9  52 

0.087 

2.2 1 

0.376 

9  55 

0093 

2,36 

0.378 

960 

0.125 

3  18 

0.400 

10.16 

%t 

3.60 

0.402 

10.21 

0.186 

4  72 

0.490 

12.45 

0.188 

4.78 

Vi 

12.70 

0.190 

4.83 

0.500 

12.70 

FIG  AI.2  Aluminum- Alloy  Spacer  Block  for  Double- 
C  antilever  Displacement  Gage 


A 2.  FATIGUE  PRECRACKING  OF  Kle  FRACTURE  TOUGHNESS  SPECIMENS 


A2.1  Introduction 

A2. 1. 1  Experience  has  shown  that  it  is  impractical 
to  obtain  a  reproducibly  sharp,  narrow  machined 
notch  that  will  simulate  a  natural  crack  well  enough 
to  provide  a  satisfactory  K\e  test  result.  The  most 
effective  artifice  for  this  purpose  ts  a  narrow  notch 
from  which  extends  a  comparatively  short  fatigue 
crack,  called  the  precrack.  The  dimensions  of  the 
notch  and  the  precrack,  and  the  sharpness  of  the 
precTack,  must  meet  certain  conditions  which  can  be 


readily  met  with  most  engineering  materials  since  the 
fatigue  cracking  process  can  be  closely  controlled 
when  careful  attention  is  given  to  the  known  contri- 
butary  factors.  However,  there  are  some  materials 
that  are  too  brittle  to  be  fatigue  cracked  since  they 
fracture  as  soon  as  the  fatigue  crack  initiates,  these 
are  outside  the  scope  of  the  present  test  method.  The 
purpose  of  this  annex  is  to  provide  guidance  on  the 
production  of  satisfactory  fatigue  precracks,  and  to 
state  the  associated  requirements  for  a  valid  K\c  test. 

A2.1  2  A  fatigue  precrack  is  produced  by  cycli- 
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ANNEXES 

A!  DESIGN  FOR  DOUBLE-CANTILEVER  DISPLACEMENT  GAGE 


A  1.1  The  gage  consists  of  two  cantilever  beams 
and  a  spacer  block  which  are  clamped  together  with 
»  single  nut  and  bolt,  as  shown  in  Fig.  1  Electrical- 
esistance  strain  gages  are  cemented  to  the  tension 
md  compression  surfaces  of  each  beam,  and  are 
connected  as  a  Wheatstone  hridge  incorporating  a 
unable  balancing  resistor  The  material  for  the  gage 
'>eams  should  have  a  high  ratio  of  yield  strength  to 
lasuc  modulus,  and  titanium  alloy  13V- 1 1CT-3A1  in 
rhe  solution  treated  condition  has  been  found  very 
satisfactory  for  this  purpose.  If  a  material  of  different 
modulus  is  substituted,  the  spring  constant  of  the 
assembly  will  change  correspondingly,  but  the  other 
characteristics  will  not  be  affected.  Detailed  dimen¬ 


sions  for  the  beams  and  spacer  block  are  given  in 
Figs.  A1  1  and  A  1.2.  For  these  particular  dimensions 
the  linear  range  (working  range)  is  from  0.15  to  0.30 
in  (3.8  to  7.6  mm)  and  the  recommended  gage  length 
is  from  0  20  to  0  25  in,  (5  1  to  6  3  mm).  The  clip  gage 
can  be  altered  to  adapt  it  to  a  different  gage  length 
by  substituting  a  spacer  block  of  appropriate  height. 
As  discussed  in  6.3.2  the  required  precision  of  the 
gage  corresponds  to  a  maximum  deviation  of  ±0  000 1 
in  (0.0025  mm)  of  the  displacement  readings  from  a 
least-squares-best-fil  straight  line  through  the  data 
Further  details  concerning  design,  construction  and 
use  of  these  gages  are  given  in  Ref  ( 10) 


1.(20 


»/•(  omu.  ro« 

•  -  32  NC  SCftCW 


0.1  M 

O.K  ( 


0.3M 

O.STJ 


0.1(1 
0.1  (( 


0.041 

0.03f 


fW 


0.020 

0.010 


0.3  TO  . 

^-rJ— J 

_ i  I _ I _ r 


\ _ 


0  0(3 
00(6 


Note— Dimensions  are  in  inches. 
Metric  Equivalents 


in 

mm 

in 

mm 

0.004 

0.10 

0.060 

1  52 

0  006 

0.15 

0.065 

1.65 

0010 

0.25 

%4 

36 

0.019 

0.48 

0  186 

4.72 

0.020 

0.51 

0.188 

478 

0.021 

0.53 

0.370 

9  40 

0.025 

064 

0.373 

9  47 

0  030 

076 

0.375 

9.52 

0  039 

0  99 

1  620 

41  15 

0.041 

1.04 

1  625 

41  28 

FIG.  A  1.1  Beams  for  DoaMe-C an l He ver  Displacement  Gage 
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mcnt,  as  appropriate,  shall  be  reduced  so  that  the 
terminal  value  of  Am„  is  unlikely  to  exceed  60%  of 
the  estimated  minimum  value  of  K\c  of  the  material, 
and  also  the  terminal  value  of  Kmmt/ E  will  not  exceed 
0.002  in. 1/2  (0.0032  m,/2).  The  minimum  setting  is 
then  adjusted  so  that  the  stress  ratio  is  between  -1 
and  +0.1,  Fatigue  cycling  is  then  continued  until  the 
surface  traces  on  both  sides  of  the  specimen  indicate 


that  the  overall  length  of  notch  plus  crack  will  meei 
the  requirements  of  7.3  2.1,  7.3  2  2,  and  Fig  4  of  this 
test  method. 

A2.4.4  When  fatigue  cracking  is  conducted  at  a 
temperature  T\  and  testing  at  a  different  temperature 
T2,  Kmmi  must  not  exceed  0  6  (oys./oys^) Kq,  where 
oys,  and  oys,  are  the  yield  strengths  at  the  respective 
temperatures  Tt  and  7Y 


A3.  SPECIAL  REQUIREMENTS  FOR  THE  TESTING  OF  BEND  SPECIMENS 


A3. 1  Specimen 

A3. 1.1  The  standard  bend  specimen  is  a  single 
edge-notched  and  fatigue  cracked  beam  loaded  in 
three-point  bending  with  a  support  span,  S.  nomi¬ 
nally  equal  to  four  times  the  width,  W.  The  general 
proportions  of  this  specimen  configuration  are  shown 
in  Fig  A3  1 

A3  1.2  Alternative  specimens  may  have  1  <  Wj 
B  <  4  These  specimens  shall  also  have  a  nominal 
support  span  equal  to  4  W. 

A3.2  Specimen  Preparation 

A3  2.1  For  generally  applicable  specifications 
concerningspecimen  size  and  preparation  see  Section 

7. 

A3  2.2  It  is  desirable  to  fatigue  crack  the  bend 
specimen  in  the  same  fixtures  in  which  it  will  be 
tested  so  that  the  K  calibration  is  accurately  known. 
However,  bend  specimens  are  sometimes  cracked  in 
cantilever  bending  because  this  method  permits  ease 
of  reversed  loading  If  the  K  calibration  for  three- 
point  bending  is  used  in  cantilever  bending,  the  bend¬ 
ing  moments  for  a  given  K  value  will  be  underesti¬ 
mated  (7).  While  fatigue  cracking  in  cantilever  bend¬ 
ing  can  yield  satisfactory  results,  it  should  be  empha¬ 
sized  that  the  crack  tip  stress  field  can  be  distorted 
and  the  fatigue  crack  orientation  changed  by  exces¬ 
sive  clamping  forces. 

A3.3  Apparatus 

A3  3. 1  Bend  Test  Fixture — The  general  principles 
of  the  bend  test  fixture  are  illustrated  in  Fig,  A3. 2. 
This  fixture  is  designed  to  minimize  frictional  effects 
by  allowing  the  support  rollers  to  rotate  and  move 
apart  slightly  as  the  specimen  is  loaded,  thus  permit¬ 
ting  rolling  contact.  Thus,  the  support  rollers  are 
allowed  limited  motion  along  plane  surfaces  parallel 
to  the  notched  side  of  the  specimen,  but  are  initially 
positively  positioned  against  stops  that  set  the  span 
length  and  are  held  in  place  by  low-tension  springs 
(such  as  rubber  bands). 

A3. 3  2  Displacement  Gage — For  generally  appli¬ 
cable  details  concerning  the  displacement  gage  see 
6  3  For  the  bend  specimen  the  displacements  will  be 
essentially  independent  of  the  gage  length  up  to  a 
gage  length  of  W/2. 

A3.4  Procedure 

A 3.4. 1  Measurement — For  a  bend  specimen  mea¬ 
sure  the  width  (depth),  W,  and  the  crack  length,  a , 
from  the  notched  side  of  the  specimen  to  the  opposite 
side  and  to  the  crack  front,  respectively. 


A3.4. 1.1  For  general  requirements  concerning 
specimen  measurement  see  8.2. 

A3  4.2  Bend  Specimen  Testing — Set  up  the  test 
fixture  so  that  the  line  of  action  of  the  applied  load 
shall  pass  midway  between  the  support  roll  centers 
within  1  %  of  the  distance  between  these  centers  (for 
example,  within  0.04  in.  (1.0  mm)  for  a  4-in.  (100- 
mm)  span)  Measure  the  span  to  within  0.5%  of 
nominal  length  Locate  the  specimen  with  the  crack 
tip  midway  between  the  rolls  to  within  1  %  of  the 
span,  and  square  to  the  roll  axes  within  2°.  Seat  the 
displacement  gage  on  the  knife  edges  to  maintain 
registry  between  knife  edges  and  gage  grooves  In  the 
case  of  attachable  knife  edges,  seat  the  gage  before 
the  knife  edge  positioning  screws  are  tightened. 

A3. 4  2  1  Load  the  specimen  at  a  rate  such  that  the 
rate  of  increase  of  stress  intensity  is  within  the  range 
30  to  150  ksi -in.'^/min  (0.55  to  2.75  MPaml/2/s), 
corresponding  to  a  loading  rate  for  the  standard 
(B  -  0.5  W)  1-in  (25.4-mm)  thick  specimen  between 
4000  and  20  000  lbf/min  (0  30  to  1  5  kN/s). 

A3  4.3  For  details  concerning  recording  of  the  tesi 
record  sec  8  4 


A3.S  Calculations 

A3. 5  1  Interpretation  of  Test  Record — For  general 
requirements  and  procedures  in  interpretation  of  the 
test  record  see  9. 1. 

A3  5.2  Validity  Requirements —  For  a  description 
of  the  validity  requirements  in  terms  of  limitations 
on  PmJPq  and  the  specimen  size  requirements,  see 
9  1.2  through  9  1.3. 

A3  5.3  Calculation  of  Kq — For  the  bend  specimen 
calculate  Kq  in  units  of  ksi*in.,/2  (MParn1  )  as 
follows  (Note  A3.1): 

K<,-(P<£/BW3  2)-f(a/w ) 

where: 


f(“/W) 


3(a/>f'),/s[1.99  -  ( a/W)(\  -  a/W ) 
X  (2.15  -  3.93a/  W  +  2.7 a'/W1)] 
2(1  +  2a/ 1  -  a/W')1  5 


where: 

Pq  -  load  as  determined  in  9  11,  klbf  (kN), 

B  -  specimen  thickness  as  determined  in  8.2.1,  in 
(cm), 

S  —  span  as  determined  in  A3.4.2,  in.  (cm). 

W  -  specimen  depth  (width)  as  determined  in 
A3  4.1,  in.  (cm),  and 

a  ■■  creak  length  as  determined  in  8  2.2,  in  (cm). 

To  facilitate  calculation  of  Kq,  values  of  f{a/W) 
are  tabulated  in  the  following  table  for  specific  values 
of  a/W. 
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cally  loading  the  notched  specimen  with  a  ratio  of 
minimum  to  maximum  stress  between  -1  and  +0.1 
for  a  number  of  cycles  usually  between  about  104  and 
10’*  depending  on  specimen  size,  notch  preparation, 
and  stress  intensity  level  The  maximum  stress  inten¬ 
sity  in  the  terminal  (2  5  %)  stage  of  fatigue  crack 
growth  must  not  exceed  60%  of  the  K\c  value  of  the 
material  Some  fraction  of  the  total  number  of  cycles 
required  to  produce  the  fatigue  precrack  is  consumed 
in  initiation  of  the  crack  at  the  notch  root;  the  re¬ 
mainder  account  for  growth  of  the  crack  to  the 
required  length.  If  the  total  number  of  cycles  is 
excessive,  the  reason  is  usually  that  the  number  of 
c)des  required  for  initiation  is  excessive  rather  than 
that  the  subsequent  rate  of  crack  growth  is  low.  There 
are  several  ways  of  promoting  early  crack  initiation; 

( / )  by  providing  a  very  sharp  notch  tip;  (2)  by  using 
a  chevron  notch  (Fig.  4);  (2)  by  statically  preloading 
the  specimen  in  such  a  way  that  the  notch  tip  is 
compressed  in  a  direction  normal  to  the  intended 
crack  plane  but  without  allowing  the  specimen 
strength  ratio  (see  9  1.5)  to  be  less  than  —  1;  (4)  by 
using  a  negative  fatigue  load  ratio,  for  a  given  max¬ 
imum  fatigue  load,  the  more  negative  the  load  ratio, 
the  earlier  crack  initiation  is  likely  to  occur. 

A  2.2  Equipment 

A2.2. 1  The  equipment  for  fatigue  cracking  shall 
be  such  that  the  stress  distribution  is  uniform  through 
the  specimen  thickness,  otherwise  the  crack  will  not 
grow  uniformly  The  stress  distribution  shall  also  be 
symmetrical  about  the  plane  of  the  prospective  crack, 
otherwise  the  crack  will  deviate  unduly  from  that 
plane  and  the  lest  result  will  be  significantly  afTected 
(7). 

A2  2  2  The  K  calibration  for  the  specimen,  as 
loaded  by  the  equipment,  shall  be  known  with  an 
error  of  not  more  than  5  %.  The  A  calibration  is  the 
relation  of  the  stress  intensity  factor  K  to  either  the 
load  or  to  some  prescribed  displacement  and  the 
specimen  dimensions  (1).  The  fixtures  recommended 
in  the  test  method  (see  appropriate  annex)  are  also 
uitable  for  fatigue  cracking,  and  K  calibrations  for 
specimens  loaded  through  these  fixtures  are  given  in 
the  annexes  of  this  test  method  If  different  fixtures 
are  used,  the  appropriate  K  calibration  should  be 
determined  experimentally  with  these  fixtures  (7). 
The  advantage  of  experimental  K  calibration,  as 
compared  with  numerical  me  hods  of  analysis,  is  that 
accurate  modeling  of  the  boundary  conditions  with 
the  actual  fixtures  is  assured  It  is  important  to  bear 
in  mind  that  if  the  fatigue  cycle  involves  reversal  of 
load,  the  K  calibration  can  be  very  sensitive  to  the 
distribution  of  clamping  forces  necessary  to  grip  the 
specimen 

A2.3  Specimen  Requirements 

A2  3. 1  The  fatigue  precracking  shall  be  conducted 
wiih  the  specimen  fully  heat  treated  to  the  condition 
in  which  it  is  to  be  tested 

A2.3.2  The  combination  of  starter  notch  and  fa¬ 
tigue  precrack  must  conform  to  the  requirements 
shown  in  Fig  4  The  nominal  crack  length  is  equal 
to  0.50  W  and  is  the  total  length  of  the  starter  notch 
slot  plus  fatigue  crack.  To  facilitate  fatigue  precrack¬ 


ing  at  a  low  level  of  stress  intensity,  the  notch  root 
radius  of  a  straight-across  notch  should  be  no  more 
than  0  003  in  (0.08  mm).  If  a  chevron  notch  is  used 
(Fig  4).  the  notch  root  radius  can  be  as  much  as  0  01 
in.  (0  25  mm)  because  of  the  compound  stress  inten¬ 
sification  at  the  point  of  the  chevron  Early  crack 
initiation  can  also  be  promoted  by  precompressionof 
the  notch  tip  region,  as  stated  in  A2  1.2. 

A2.3.3  It  is  advisable  to  mark  two  pencil  lines  on 
each  side  of  the  specimen  normal  to  the  anticipated 
paths  of  the  surface  traces  of  the  fatigue  crack  The 
line  most  distant  from  the  notch  tip  should  indicate 
the  minimum  required  length  of  fatigue  crack,  and 
the  other  the  terminal  part  of  that  length  equal  to  not 
less  than  2  5  %  of  the  overall  length  of  notch  plus 
faiigue  crack,  that  is  0  0125  W  During  the  final  stage 
of  fatigue  crack  extension,  for  at  least  this  distance, 
the  ratio  of  maximum  stress  intensity  of  the  fatigue 
cycle  to  the  Young’s  modulus  of  the  material,  K^J 
E  shall  not  exceed  0  002  in. 1/2  (0.00032  m,/a).  Fur¬ 
thermore.  K miI  must  not  exceed  60  %  of  the  Kq  value 
determined  in  the  subsequent  test  if  Kq  is  to  qualify 
as  a  valid  K \e  result. 

A2.4  Precracking  Procedure 

A2.4  1  Fatigue  precracking  can  be  conducted  un¬ 
der  either  load  control  or  displacement  control  pro¬ 
vided  that  the  appropriate  K  calibration  is  known 
with  requisite  accuracy  for  the  specimen  and  fixture 
(A2.2.1).  If  the  load  cycle  is  maintained  constant,  the 
maximum  K  and  the  K  range  will  increase  with  crack 
length,  if  the  displacement  cycle  is  maintained  con¬ 
stant,  the  reverse  will  happen  The  initial  value  of  the 
maximum  fatigue  load  or  displacement  should  be 
calculated  from  the  K  calibration  and  the  specimen 
and  notch  dimensions.  It  is  suggested  that  this  load 
be  selected  so  that  the  maximum  stress  intensity 
factor  in  the  initial  portion  of  the  fatigue  cycle  does 
not  exceed  80%  of  the  estimated  K ic  value  of  the 
material.  Higher  K  values  may  result  in  undesirably 
high  crack  growth  rates.  The  minimum  is  then  se¬ 
lected  so  that  the  stress  ratio  is  between  - 1  and  +0. 1 
The  more  negative  the  stress  ratio,  the  faster  the 
fatigue  precrack  will  be  completed,  but  this  advan¬ 
tage  is  offset  by  the  need  for  more  elaborate  fixtures 
than  are  required  when  the  stress  ratio  is  positive. 

A2  4.2  The  specimen  shall  be  accurately  located 
in  the  loading  fixture  and  secured  as  required  so  that 
the  boundary  conditions  correspond  to  tne  applicable 
K  calibration.  Fatigue  cycling  is  then  begun,  usually 
with  a  sinusoidal  waveform  and  near  to  the  highest 
practical  frequency  There  is  no  known  marked  fre¬ 
quency  effect  on  fatigue  precrack  formation  up  to  at 
least  100  Hz  in  the  absence  of  adverse  environments. 
The  specimen  should  be  carefully  monitored  until 
crack  initiation  is  observed  on  one  side.  If  crack 
initiation  is  not  observed  on  the  other  side  before 
appreciable  growth  is  observed  on  the  first,  then 
fatigue  cycling  should  be  stopped  to  try  to  determine 
the  cause  and  remedy  for  the  unsymmetrical  behav¬ 
ior.  Sometimes,  simply  turning  the  specimen  around 
in  relation  to  the  fixture  will  solve  the  problem.  When 
the  most  advanced  crack  trace  has  almost  reached 
the  first  scribed  line  corresponding  to  97.5  %  of  the 
final  crack  length,  the  maximum  load  or  displace- 
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Note  I  —  Roller  pins  »nd  specimen  contact  surface  of  loading  ram  must  be  parallel  to  each  other  within  0  002  W 
Note  2—0. 10  in  -  2.54  mm.  0  15  in.  -  3.81  mm. 

FIG  A3. 2  Bend  Test  Fixture  Design 


A4.  SPECIAL  REQUIREMENTS  FOR  THE  TESTING  OF  COMPACT  SPECIMENS 


A4.1  Specimen 

A4. 1 . 1  The  standard  compact  specimen  is  a  single 
edge-notched  and  fatigue  cracked  plate  loaded  in 
tension.  The  general  proportions  of  this  specimen 
configuration  are  shown  in  Fig  A4  1. 

A4  1  2  Alternative  specimens  may  have  2  <  Wj 
B  <  4  but  with  no  change  in  other  proportions. 

A4.2  Specimen  Preparation 

A4.2.1  For  generally  applicable  specifications 
concerning  specimen  size  and  preparation  see  Section 
7 

A4J  Apparatus 

A4  3.1  Tension  Testing  Clevis — A  loading  clevis 
suitable  for  testing  compact  specimens  is  shown  in 
Fig.  A4.2.  Both  ends  of  the  specimen  are  held  in  such 
a  clevis  and  loaded  through  pins,  in  order  to  allow 
rotation  of  the  specimen  during  testing  In  order  to 
provide  rolling  contact  between  the  loading  pins  and 


the  clevis  holes,  these  holes  are  provided  with  small 
flats  on  the  loading  surfaces  (4).  Other  clevis  designs 
may  be  used  if  it  can  be  demonstrated  that  they  will 
accomplish  the  same  result  as  the  design  shown. 

A4  3. 1 . 1  The  critical  tolerances  and  suggested  pro¬ 
portions  of  the  clevis  and  pins  are  given  in  Fig.  A4.2 
These  proportions  are  based  on  specimens  having 
W /B  —  2  for  B  >  0.5  in  (12.7  mm)  and  W/B  -  4  for 
B  ;S  0.5  in.  (12.7  mm).  If  a  280  000-psi  (1930-MPa) 
yield  strength  maraging  steel  is  used  for  the  clevis 
and  pins,  adequate  strength  will  be  obtained  for 
testing  the  specimen  sizes  and  oys/E  ratios  given  in 
7  1.3.  If  lower-strength  grip  materia!  is  used,  or  if 
substantially  larger  specimens  are  required  at  a  given 
oys/E  ratio  than  those  shown  in  7.1.3,  then  heavier 
grips  will  be  required  As  indicated  in  Fig  A4  2  the 
clevis  corners  may  be  cut  off  sufficiently  to  accom¬ 
modate  seating  of  the  clip  gage  in  specimens  less  than 
0  375  in  (9.5  mm)  thick 

A4.3.1.2  Careful  attention  should  be  given  to 
achieving  as  good  alignment  as  possible  through 
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Bend  Specimens 

a/W 

fla/W) 

a/W 

f(a/W) 

0.450 

2  29 

0  500 

2.66 

0.455 

2  32 

0.505 

2.70 

0  460 

2.35 

0.510 

2.75 

0  465 

2.39 

0.515 

2  79 

0470 

2.43 

0.520 

2  84 

0475 

2.46 

0.525 

2  89 

0480 

2.50 

0.530 

2  94 

0.485 

2.54 

0.535 

2.99 

0490 

2.58 

0  540 

3.04 

0.495 

2.62 

0.545 

3.09 

0.550 

3.14 

Note  A3 

.  1— ' The  expression  in  A3  5  3 

is  consid- 

rred  to  be  i 

accurate  within  ±0  5%  over 

the  entire 

range  of  aj  W  from  0  to  l  for 

an  S/W=  A 

02). 

A3  5  4  Calculation  of  Rtft — For  the  bend  specimen 
calculate  the  specimen  strength  ratio  (which  is  di¬ 
mensionless  and  has  the  same  value  in  any  consistent 
system  of  units): 

(iPtnmM  W 

b  B(  W  —  a)  0ys 

where: 

Prnmt  “  maximum  load  that  the  specimen  was  able  to 
sustain, 

B  *  thickness  of  specimen  as  determined  in  8.2.1, 
W  »*  width  (depth)  of  specimen,  as  determined  in 
A3  4.1 

a  -  crack  length  as  determined  in  8  2  2,  and 
oys  *■  yield  strength  in  tension  (offset  =  0.2  %)  (see 
Methods  E  8). 


Note  l—  A  surfaces  shall  be  perpendicular  and  parallel  as  applicable  within  0.001  W  TIR 
Note  2— Crack  starter  noleh  shall  be  perpendicular  to  specimen  surfaces  to  within  ±2° 

Note  3 — Integral  or  attachable  knife  edges  for  clip  gage  attachment  may  be  used  (see  Figs  2  and  3). 
Note  4 — For  starter  notch  and  fatigue  crack  configurations  see  Fig  4 

FIG.  A3. 1  Bend  Specimen  SE  (B)— Standard  Proportions  and  Tolerances 
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Note  \—A  surfaces  shall  be  perpendicular  and  parallel  as  applicable  to  within  0  002  W  TIR. 

Note  2— The  intersection  of  the  crack  starter  notch  tips  with  the  two  specimen  surfaces  shall  be  equally  distant  from  the 
top  and  bottom  edges  of  the  specimen  within  0  005  W. 

Note  3 — Integral  or  attachable  kntfe  edges  for  clip  gage  attachment  to  the  crack  mouth  may  be  used  (see  Fig  2  and  3). 
Note  4 — For  starter  notch  and  fatigue  crack  configuration  see  Fig  4 

FIG.  A4.1  Compact  Specimen  C  (T)  Standard  Proportions  and  Tolerances 
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careful  machining  of  all  auxiliary  gripping  fixtures. 

A 4. 3. 2  Displacement  Gage — For  generally  appli¬ 
cable  details  concerning  the  displacement  gage  see 
6.3  Tor  the  compact  specimen  the  displacements  will 
be  essentially  independent  of  the  gage  length  up  to 
1  2  W 

\4  4  Procedure 

A4.4  1  Measurement — For  a  compact  specimen 
measure  the  width,  W ,  and  the  crack  length,  a,  from 
the  plane  of  the  centerline  of  the  loading  holes  (the 
notched  edge  is  a  convenient  reference  line  but  the 
distance  from  the  centerline  of  the  holes  to  the 
notched  edge  must  be  subtracted  to  determine  W  and 
</).  Measure  the  width,  W,  to  the  nearest  0.001  in 
(0  025  mm)  or  0. 1  %,  whichever  is  larger,  at  not  less 
than  three  positions  near  the  notch  location,  and 
record  the  average  value. 

A4  4.1  1  For  general  requirements  concerning 
specimen  measurement  see  8.2 

A4  4  2  Compact  Specimen  Testing — When  assem¬ 
bling  the  loading  train  (clevises  and  their  attachments 
to  the  tensile  machine)  care  should  be  taken  to  min¬ 
imize  eccentricity  of  loading  due  to  misalignments 
external  to  the  clevises.  To  obtain  satisfactory  align¬ 
ment  keep  the  centerline  of  the  upper  and  lower 
loading  rods  coincident  within  0  03  in.  (0.76  mm) 
during  the  test  and  center  the  specimen  with  respect 
to  the  clevis  opening  within  0  03  in  (0  76  mm). 

A4.4.2.1  Load  the  compact  specimen  at  such  a 
rate  that  the  rate  of  increase  of  stress  intensity  is 
within  the  range  30  to  150  ksi •  in.l/2/min  (0.55  to 
2.75  MPa  -  m,/2/s)  corresponding  to  a  loading  rate  for 
a  standard  ( W/B  —  2)  1  -in  thick  specimen  4500  and 
22  500  Ibf/min  (0  34  to  1  7  kN/s) 

A4  4.2  2  For  details  concerning  recording  of  the 
test  record  see  8  4 

A4.5  Calculations 

A4  5  1  For  general  requirements  and  procedures 
in  interpretation  of  the  test  record  see  9.1. 

A4  5.2  For  a  description  of  the  validity  require¬ 
ments  in  terms  of  limitations  on  P^/Pq  and  the 
specimen  size  requirements  see  9. 1  2  through  9. 1  3. 

A4.5.3  Calculation  of  Kq — For  the  compact  spec¬ 
imen  calculate  Kq  in  units  of  ksi-in.,/2  (MPa-m,/2) 
from  the  following  expression  (Note  A4. 1) 

K<,-(Pv/BW'/zy/(a/W) 

where: 
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(2  +  a/WH 0.886  +  4.64a/  W  -  13.32a2/  W 2 

+  14  72a3/  W3  -  5.6a*/  W') 
( 1  —  a/  W)31 

where; 

Pq  —  load  as  determined  in  9. 1  1 .  klbf  (kN), 

B  —  specimen  thickness  as  determined  in  8.2.1,  in. 
(cm), 

W  -  specimen  width,  as  determined  in  A4.4.1,  in 
(cm),  and 

a  -  crack  length  as  determined  in  8  2.2  and  A4.4  1, 
in.  (cm). 

To  facilitate  calculation  of  Kq ,  values  of  f(a/W) 
are  tabulated  below  for  specific  values  of  a/W 


Compact  Specimens 


a/W 

fiofW) 

a/W 

f(a/W) 

0.450 

8.34 

0.500 

9.66 

0.455 

8.46 

0  505 

9.81 

0460 

8.58 

0.510 

9.96 

0.465 

8.70 

0.515 

10.12 

0.470 

8.83 

0.520 

10.29 

0475 

8  96 

0  525 

1045 

0  480 

909 

0  530 

1063 

0.485 

9.23 

0.535 

10.80 

0  490 

9.37 

0.540 

1098 

0  495 

9  51 

0545 

11.17 

0.550 

11  36 

Note  A4. 1 — The  expression  in  A4  5.3  is  consid¬ 
ered  to  be  accurate  within  ±0.5  %  over  the  range  of 
a/W  from  0.2  to  1  (12)  (13). 

4.5  4  Calculation  of  R,c — For  the  compact  speci¬ 
men  calculate  the  specimen  strength  ratio  (which  is 
dimensionless  and  has  the  same  value  in  any  consist¬ 
ent  system  of  units) 

_  IP„„{IW  +  a) 

"  =  fl(lV-a)2OYs 

where: 

Pmmn  ■  maximum  load  that  the  specimen  was  able  to 
sustain, 

B  *  thickness  of  specimen  as  determined  in  8.2.1, 
W  -  width  of  the  specimen  as  determined  in 
A44.1, 

a  »  crack  length  as  determined  in  8.2.2  and 
A4.4. 1,  and 

oys  “  yield  strength  in  tension  (ofTset  -  0  2%)  (see 
Methods  E  8). 
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concerning  specimen  size  and  preparation  see  Section 

7. 

A5.3  Apparatus 

A5.3  1  Tension  Testing  Clevis — A  loading  clevis 
suitable  for  testing  arc-shaped  specimens  is  shown  in 
Fig.  A5.2.  Both  ends  of  the  specimen  are  held  in  such 
a  clevis  and  loaded  through  pins,  in  order  to  allow 
rotation  of  the  specimen  during  testing.  In  order  to 
provide  rolling  contact  between  the  loading  pins  and 
the  clevis  holes,  these  holes  are  provided  with  small 
flats  on  the  loading  surface  (4).  Other  clevis  designs 
may  be  used  if  it  can  be  demonstrated  that  they  will 
accomplish  the  same  result  as  the  design  shown. 

A5.3  1  I  The  critical  tolerances  and  suggested  pro¬ 
portions  of  the  clevis  and  pins  are  given  in  A5.2. 
These  proportions  are  based  on  specimens  having 
W/B-  2  for  5  >0.5  in  (12.7  mm)  and  W/B  -  4  for 
B  ^  0.5  in.  (12.7  mm).  If  a  280  000-psi  (1930-MPa) 
yield  strength  maraging  steel  is  used  for  the  clevis 
and  pins,  adequate  strength  will  be  obtained  for 
testing  the  specimen  sizes  and  ctys/ £  ratios  given  in 
7.1  3  If  lower-strength  grip  material  is  used,  or  if 
substantially  larger  specimens  are  required  at  a  given 
<W£  ratio  than  those  shown  in  7.1  3,  then  heavier 
grips  will  be  required  As  indicated  in  Fig.  A5.2,  the 
clevis  comers  may  be  cut  off  sufficiently  to  accom¬ 
modate  seating  of  the  clip  gage  in  specimens  less  than 
0.375  in.  (9  5  mm)  thick 

A5. 3. 1.2  Careful  attention  should  be  given  to 
achieving  as  good  alignment  as  possible  through 
careful  machining  of  all  auxiliary  gripping  fixtures 

A5  3.2  Displacement  Gage — For  generally  appli¬ 
cable  details  concerning  the  displacement  gage  see 
63. 

A5 .3.2.1  An  alternative  means  of  measuring  the 
displacement  is  allowed  for  the  arc-shaped  specimen 
with  X/W  ~  0.5.  Conical  center-punch-lype  inden¬ 
tations  are  provided  on  the  inner  surface  of  the  C- 
shaped  specimen  at  mid-thickness  and  in  the  plane 
of  the  center  line  of  the  loading  holes  as  shown  in 
Fig.  A5.  la  The  load-point  displacement  of  the  spec¬ 
imen  is  measured  at  these  points  using  a  displacement 
gage  fitted  with  points  and  meeting  the  requirements 
described  in  6  4.1. 

A5.3  2.2  The  displacements  will  be  essentially  in¬ 
dependent  of  the  gage  length  for  the  arc-shaped 
specimen  provided  the  gage  length  is  equal  to  or  less 
than  W/ 2. 

A5.4  Procedure 

A5.4  1  Measurement — Before  testing  an  arc¬ 
shaped  specimen  measure  (r i  —  r2)  to  the  nearest 
0.001  in  (0.025  mm)  or  to  0. 1  %,  whichever  is  greater 
at  mid-thickness  positions  on  both  sides  of  and  im¬ 
mediately  adjacent  to  the  crack  starter  notch  mouth 
Record  the  average  of  these  two  readings  as  W.  Also 
measure  (r j  —  r2)  at  four  positions,  two  as  close  as 
possible  to  the  loading  holes  and  two  at  approxi- 
>  1  one-half  the  circumferential  distance  between 

t  .  i  'ing  holes  and  the  crack  plane  If  any  of  these 
four  measurements  differ  from  W  by  more  than  10  % 
the  specimen  should  be  discarded  or  reworked.  Next, 
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measure  to  the  nearest  0  001  in  (0  025  mm)  or  to 
0.1  %,  whichever  is  greater,  the  distance  between  the 
loading  hole  centers  and  the  outside  surface  of  the 
specimen  at  the  notch  plane  This  measurement 
should  be  made  on  both  sides  of  the  specimen  by 
referencing  the  loading  holes.  Subtract  W  from  the 
average  of  these  two  measurements  and  record  the 
result  as  X.  Measure  within  5  %  the  outer  radius,  r2, 
if  this  is  not  possible,  determine  the  average  value  of 
r2  as  follows  (see  Note  A5  1 ):  Measure  within  5  %  the 
length,  L,  of  the  cord  of  the  outer  surface,  which  cord 
passes  through  the  loading  hole  centers  (see  Fig 
A5  3)  Using  this  measurement,  calculate 

L 2  (  +  A') 

' 2  “  8(tt'  +  T)  +  2 

Then  ri/r2  -  1  -  W/r2 

Note  A5.1 — A  10%  variation  of  the  ratio  ri/r2 
will  affect  the  value  of  the  stress  intensity  factor  by 
1  %  or  less,  providing  that  the  relative  crack  length 
a/W  is  not  less  than  0  3.  However,  the  stress  analysis 
is  based  on  the  assumption  that  the  specimens  are  to 
be  cut  from  stock  oi  uniform,  axisymmetnc  cross 
section.  If  inspection  shows  that  the  stock  deviates 
from  axfsymmetry  by  more  than  10%,  it  should  be 
reworked  to  within  this  tolerance. 

A5.4.1  1  After  fracture  measure  the  crack  length 
in  accordance  with  8.2  2  but  a  special  procedure  is 
necessary  for  the  arc-shaped  specimen  due  to  its 
curvature.  Thus,  a  length  measurement,  m,  made 
from  a  reference  point  adjacent  to  the  crack  mouth 
to  a  point  on  the  crack  front  will  be  greater  than  the 
corresponding  distance  from  the  virtual  point  of  in¬ 
tersection  between  the  crack  plane  and  the  inside 
circumference  of  the  specimen  (see  Fig  A5  3).  The 
error,  e,  may  be  computed  from  the  following  expres¬ 
sion: 


where  g  is  the  distance  across  the  crack  mouth  at  the 
reference  points  for  measurement  of  the  crack  length 
It  should  be  noted  that  g  may  be  equal  to  S  (Fig.  4) 
or  larger  than  N  if  machined  knife  edges  are  used  to 
hold  the  clip  gage  (for  example,  g  —  0.25  in.  (2.5  mm) 
as  in  Fig  2).  If  the  relative  error  e/m  <  0.01,  then 
record  m  as  the  crack  length;  otherwise  e  should  be 
subtracted  from  m  and  the  result  recorded  as  the 
crack  length 

A 5. 4.2  Arc- Shaped  Specimen  Testing — When  as¬ 
sembling  the  loading  train  (clevises  and  their  attach¬ 
ments  to  the  tension  machine)  care  should  be  taken 
to  minimize  eccentricity  of  loading  due  to  misalign¬ 
ments  external  to  the  clevises.  To  obtain  satisfactory 
alignment  keep  the  centerline  of  the  upper  and  lower 
loading  rods  coincident  within  0  03  in.  (0.76  mm) 
during  the  test  and  center  the  specimen  with  respect 
to  the  clevis  opening  within  0.03  in  (0.76  mm) 

A  5  4  2. 1  Load  the  arc-shaped  specimen  at  such  a 
rate  that  the  rate  of  increase  of  stress  intensity  is 
within  the  range  30  to  150  ksi-in.l/2/min(0.55  to  2  75 
MPa-m,/2/s)  The  corresponding  loading  rates  for  a 
standard  ( W/ —  2)  1-in  thick  specimen  are  (/)  for 
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Note  I  — Pin  dumclcr  -»  0.24  W  (+0  000  W/— 0.005  W)  For  specimens  with  oYs  >200  Ilsi  (1379  MPa)  ihe  holes  in  ihe 
specimen  and  in  ihe  clevis  may  be  0.3  W  (+0  005  W/- 0  000  W)  and  ihe  pm  diameter  0  288  W  (+0.000  tV/~0  005  IV). 
Note  2—0  002  in.  -  0  051  mm 

Note  3— Corners  of  the  clevis  may  be  removed  if  necessary  to  accommodate  the  clip  gage 

FIG.  A4.2  Tenskm  Testing  Clevis  Dfslpi 


A5.  SPECIAL  REQUIREMENTS  FOR  THE  TESTING  OF  THF  ARC-SHAPFD  SPECIMEN 


A5,l  Specimen 

A5.1  1  The  arc-shaped  specimen  is  a  single  edge- 
notched  and  fatigue  cracked  ring  segment  loaded  in 
tension  The  general  proportions  of  two  designs  of 
the  standard  arc-shaped  specimen  are  shown  in  Fig 
A5.1.  The  value  of  the  radius  ratio  rjr2  is  not  speci¬ 
fied.  so  that  specimens  can  be  taken  from  any  cylin¬ 
drical  geometery  However,  it  should  be  noted  that 
specimens  with  rjri  «  0  (that  is,  from  a  solid  cylin¬ 
der)  do  not  make  the  hest  possible  use  of  the  test 
material  because  the  definition  of  W  was  chosen  to 
accommodate  hollow  cylinders.  The  disk-shaped 
specimen  should  be  used  for  tests  on  solid  cylinders 
(see  Annex  A6) 

A5.1.2  The  arc-shaped  specimen  is  intended  to 
measure  the  fracture  toughness  so  that  the  normal  to 
the  crack  plane  is  in  the  circumferential  direction  and 
the  direction  of  crack  propagation  is  in  the  radial 


direction.  This  is  the  C-R  orientation  as  defined  in 
9.2.2.  For  other  orientations,  a  bend  (Annex  A3)  or 
a  compact  (Annex  A4)  specimen  should  be  used 

A5. 1  3  The  arc-shaped  specimen  with  X/  W  ~  0.5 
(Fig.  A5.1a)  represents  a  half  ring  segment  The 
specimen  with  X/W  ~  0  (Fig.  A5.1b)  represents  the 
smallest  specimen  of  this  configuration  that  can  be 
cut  from  a  ring. 

A5.1.4  Alternative  specimens  may  have  2  s  W/B 
S  4  but  with  no  change  in  other  proportions.  The  use 
of  alternative  specimen  proportions  for  the  arc- 
shaped  specimen  can  be  advantageous  because  in 
many  cases  it  is  possible  to  test  ring  segements  with 
no  machining  of  the  inner  and  outer  radii,  that  is. 
with  no  change  in  W. 

A5.2  Specimen  Preparation 

A5.2. 1  For  generally  applicable  specifications 
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Note  1  — For  starter  notch  and  fatigue  crack  con  Figurations  see  Fig  4. 

Note  2 — Alternative  displacement  gage  reference  points  (see  A5.4  1.1  for  calculation  of  (a)). 

Note  3 — Axis  of  holes  to  be  tangent  to  inner  radius  within  0  005  W 

Note  4 — A  surfaces  to  be  perpendicular  and  parallel  as  applicable  to  within  0  002  W  TIR  D  surfaces  to  be  perpendicular 
or  parallel  as  applicable  to  A  surfaces  to  within  0  02  If'  TIR  (see  A5  4. 1). 

FIG.  A5.1  Arc-Shaped  Specimen  Designs  A  (T)  Standard  Proportions  and  Tolerances 
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the  specimen  with  an  X/W  =  0.5  between  2800  and 
14  000  Ibf/min  (0.2  to  10  kN/s)  and  (2)  for  the 
specimen  with  an  X/  W  -  0  between  4500  and  22  500 
Ibf/min  (0.34  to  1.7  KN/s) 

A5  4  2.2  For  details  concerning  recording  of  the 
test  record  see  8  4 

A5.5  Calculations 

A5.5.I  For  general  requirements  and  procedures 
in  interpretation  of  the  test  record  see  9. 1 . 

A5  5  2  For  a  description  of  the  validity  require¬ 
ments  in  terms  of  limitations  on  P^+JPq  and  the 
specimen  size  requirements  see  9  1 .2  through  9  1 .3 
A5  5  3  Calculation  of  Kq—  For  the  arc-shaped 
specimen  calculate  Kq  in  units  of  ksi -  in 2  (MPa- 
m1  ‘)  from  the  following  expression  (Note  A5.2): 

Kq-  {Pq/BWu2)[2>X/W  +  19  +  l.l a/W] 

X  [I  +  0  25(1  -a/W)\  I  -rfr2)\f{a/W){\\) 
where 

7WW')-[(«/»'>,/7(l  -a/Wf2) 

x  [3.74  -  6.30a/ IF  +  6.32{a/  W)2  -  2  43(a/fC)J] 

where; 

Pq  -  load  as  determined  in  9.11,  klbf  (kN), 

B  —  specimen  thickness  as  determined  in  8  2  1,  in 
(cm), 

X  -  loading  hole  offset  as  determined  in  A5  4  1, 
in  (cm), 

W  —  specimen  width  as  determined  in  A5.4.1,  in. 
(cm), 

a  -  crack  length  as  determined  in  8.2.2  and 
A5.4. 1  1,  in.  (cm),  and 

r\/r2  -  ratio  of  inner  to  outer  radii  as  determined  in 
A5.4.I 

To  facilitate  calculation  of  Kq*  values  of  f(a/W) 
are  tabulated  in  the  following  table  for  specific  values 
oia/W 
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a/W 

f(ofW) 

a/W 

fo/W) 

0.450 

3.23 

0  500 

3  73 

0.455 

3.27 

0  505 

3.79 

0460 

3.32 

0510 

3.85 

0.465 

3.37 

0.515 

391 

0.470 

3  42 

0.520 

3.97 

0  475 

3.47 

0.525 

4  03 

0  480 

3  52 

0.530 

4  10 

0  485 

3.57 

0  535 

4.17 

0  490 

3.62 

0.540 

4  24 

0.495 

3.68 

0.545 

4  31 

0.550 

4.38 

Note  A5  2 — The  accuracy  of  the  expression  in 
A5.5.3  for  all  values  of  rjr2  is  considered  to  be  as 
follows:  (/)  ±1  %  for  045  <  a/W  <  0  55  and  X/W 
of  0  or  0  5.  (2)  ±1.5  %  for  0.2  <  a/W  <  1  and  X/W 
of  U  or  0  5,  and  (2)  ±3  %  for  0.2  <  a/  W  <  I  and 
0  <  X/W<  I  (14). 

A5  5.4  Calculation  of  For  the  arc-shaped 
specimen  calculate  the  specimen  strength  ratio  (which 
is  dimensionless  and  has  the  same  value  in  any 
consistent  system  of  units)  as  follows 

_  2/>m.„(3A'  +  2W  +  a) 

B{  W  —  0)2(7ys 

where 

Pm*,  "  maximum  load  that  the  specimen  was  able  to 
sustain, 

B  »  thickness  of  the  specimen  as  determined  in 
82  1, 

X  -  loading  hole  offset  as  determined  in  A5  4.1, 
W  —  width  of  the  specimen  as  determined  in 
A5.4  I, 

a  -  crack  length  as  determined  in  8.2.2  and 
A5.4  l.l,  and 

(tys  *  yield  strength  in  tension  (offset  -02%)  (see 
Methods  E  8). 
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FIG.  A5.3  Measurement  of  Outer  Radius  (rj)  and  Crack 
Length  for  the  Arc-Shaped  Specimen  (see  A5.4.I) 


A6.  SPECIAL  REQUIREMENTS  FOR  THE  TESTING  OF  THE  D!SK-SH\PFD  COMPACT 

SPECIMFN 


A6.1  Specimen 

A6  I  l  The  standard  disk-shaped  compact  speci¬ 
men  is  a  single  edge-notched  and  fatigue  cracked 
disk  segment  loaded  in  tension  (16)  The  general 
proportions  of  this  specimen  configuration  are  shown 
in  Fig  A6. 1 

A6.1.2  Alternative  specimens  may  have  2  <  W/ 
B  <  4  but  with  no  change  in  other  proportions 

A6.2  Specimen  Preparation 

A6.2  l  For  generally  applicable  specifications 
concerning  specimen  size  and  preparation  see  Section 

7 

A6.3  Apparatus 

A6  3.1  Tension  Testing  Clevis — A  loading  clevis 
suitable  for  testing  disk-shaped  compact  specimens  is 
shown  in  Fig.  A6.2.  Both  ends  of  the  specimen  are 
held  in  such  a  clevis  and  loaded  through  pins  in  order 
to  allow  rotation  of  the  specimen  during  testing.  In 
order  to  provide  rolling  contact  between  the  loading 
pins  and  clevis  holes,  these  holes  are  provided  with 
small  flats  on  the  loading  surfaces  (4).  Other  clevis 
designs  may  be  used  if  it  can  be  demonstrated  that 
they  will  accomplish  the  same  result  as  the  design 
shown 

A6  3.1  l  The  critical  tolerances  and  suggested  pro¬ 
portions  of  the  clevis  and  pins  are  given  in  Fig.  A6.2 
These  proportions  are  based  on  specimens  having 
W/ B  «  2  for  B  >  0  5  in.  ( 12.7  mm)  and  W/ B  *  4  for 
B  £  0.5  in.  ( 12.7  mm).  If  a  280  000-psi  (1930-MPa) 
yield  strength  maraging  steel  is  used  for  the  clevis 
and  pins,  adequate  strength  will  be  obtained  for 
testing  the  specimen  sizes  and  o\s/E  ratios  given  in 
7  1.3  If  lower-strength  gnp  material  is  used,  or  if 
substantially  larger  specimens  are  required  at  a  given 


<jys/E  ratio  than  those  shown  in  7.1.3,  then  heavier 
grips  will  be  required.  As  indicated  in  Fig.  A6.2  the 
clevis  corners  may  be  cut  off  sufficiently  to  accom¬ 
modate  seating  of  the  clip  gage  in  specimens  less  than 
0  375  in  (9  5  mm)  thick 

A6.3.1  2  Careful  attention  should  be  given  to 
achieving  as  good  alignment  as  possible  through 
careful  machining  of  all  auxiliarv  gripping  fixtures 

A6.3  2  Displacement  Gage — For  generally  appli¬ 
cable  details  concerning  the  displacement  gage  see 
6  3.  For  the  disk-shaped  compact  specimen  the  dis¬ 
placements  will  be  essentially  independent  of  the 
gage  length  up  lo  0.55  W. 

A6.4  Procedure 

A6.4.1  Measurement — The  analysis  assumes  the 
specimen  was  machined  fron.  a  circular  blank  and 
therefore  measurements  of  circularity  as  well  as 
width,  W%  and  crack  length,  a.  must  be  made  for  this 
specimen. 

A6  4.1  l  The  specimen  blank  should  be  checked 
for  circularity  before  specimen  machining  Measure 
the  radius  at  eight  equally  spaced  points  around  the 
circumference  of  the  specimen  blank  One  of  these 
points  should  lie  in  the  intended  notch  plane.  Average 
these  readings  to  obtain  the  radius,  r.  If  any  mea¬ 
surement  differs  from  r  by  more  than  5  machine 
the  blank  to  the  required  circularity.  Otherwise, 
D  -  2r  -  1  35 

A6  4  I  2  Measure  the  width,  Wy  and  the  crack 
length,  a ,  from  the  plane  of  the  centerline  of  the 
loading  holes  (the  notched  edge  is  a  convenient  ref¬ 
erence  line  but  the  distance  from  the  centerline  of  the 
holes  to  the  notched  edge  must  be  subtracted  to 
determine  W  and  a)  Measure  the  depth,  W,  to  the 
nearest  0  001  in  (0.025  mm)  or  0  1  %,  whichever  is 
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Noif  1  —  Pin  diameter  -  0  24  W  (+0  000  W/- 0.005  W)  For  specimens  with  oYs  >200  kst  ( 1379  MPa)  the  holes  in  the 
poumen  and  in  the  clevis  may  he  0.3  IF  (+0  005  1+7-0.000  WO  and  the  pm  diameter  0.288  W  (+0.000  Wf~ 0  005  Jf  ) 
Note  2  0  (X)2  in  «  0  051  mm. 

Note  3  Corners  of  the  clevis  may  he  removed  if  necessary  to  accommodate  the  clip  gage. 

FIG  A5.2  Tension  Testing  Clevis  Design 
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Note  1— A  surfaces  shall  be  perpendicular  and  parallel  as  applicable  to  within  0  002  W  T1R 

Note  2— The  intersection  of  the  crack  starter  notch  tips  on  each  surface  of  the  specimen  shall  be  equally  distant  within 
0  005  W  from  the  centerline  of  the  loading  holes 

Note  3—  Integral  or  attachable  knife  edges  for  clip  gage  attachment  to  the  crack  mouth  may  be  used  (see  Figs.  2  and  3) 
Note  4— For  starter  notch  and  fatigue  crack  configuration  sec  Fig  4 
Note  5—  For  circularity  requirements  see  A6.4. 1  I. 

FIG.  A6.1  Disk  Shaped  Compact  Specimen  DC(T)  Standard  Proportions  and  Tolerances 
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larger,  at  not  less  than  three  positions  near  the  notch 
'ocation,  and  record  the  average  value 

A6  4  I  3  For  general  requirements  concerning 
•specimen  measurement  see  8.2. 

A6.4  2  Disk-Shaped  Compact  Specimen  Testing — 
When  assembling  the  loading  train  (clevises  and  their 
.utachments  to  the  tension  machine)  care  should  be 
taken  to  minimize  eccentricity  of  loading  due  to 
misalignments  external  to  the  clevises  To  obtain 
satisfactory  alignment  keep  the  centerline  of  the  up- 
ner  and  lower  loading  rods  coincident  within  0.03  in. 
(0.76  inm)  during  the  test  and  center  the  specimen 
with  respect  to  the  clevis  opening  within  0.03  in  (0.76 
mm). 

A6.4  2.1  Load  the  disk-shaped  compact  specimen 
at  such  a  rate  that  the  rate  of  increase  of  stress 
intensity  is  within  the  range  30  to  150  ksi  •  m.'^/min 
<0.55  to  2.75  MPa  -  m,/2/s),correspondingto  a  loading 
rate  for  a  standard  (W/B  =  2)  1-in.  thick  specimen 
of  4  500  and  22  500  lbf  (0.34  to  1.7  kN/s),  respec¬ 
tively. 

A6  4  2.2  For  details  concerning  recording  of  the 
test  record  see  8.4. 

A6.5  Calculations 

A6.5  l  For  general  requirements  and  procedures 
in  interpretaiion  of  the  test  record  see  9. 1 

A6  5  2  For  a  description  of  validity  requirements 
in  terms  of  limitations  on  Pm*JPq  and  the  specimen 
size  requirements  see  9  1.2  and  9  1.3 

A6.5  3  Calculation  of  Kq — For  the  disk-shaped 
compact  specimen  calculate  Kq  in  units  of  ksi •  in. 1/2 
(MPa-m1  *)  from  the  following  expression  (Note 
A6.I) 

KQ-(PQ/BW'n)f(o/W) 

where’  • 
f(a!  W) 

(2  +  a/W )( 0. 7 6  +  4  8a/  W  —  1 1.58(a/  W)2 
_ _ +  I  \AMa/Wf-  4.08(a/  H-V 

“  (I  -  a/W )J  1 


where 

Pq  —  load  as  determined  in  9.1  I,  klbf  (kN), 

B  -  specimen  thickness  as  determined  in  8.2.1,  in. 
(cm), 

W  -  specimen  width  as  determined  in  A6.4.I.2,  in. 
(cm),  and 

a  -  crack  length  as  determined  in  8.2.2  and 
A6  4.1.2,  in  (cm). 

To  facilitate  calculation  of  Kq ,  values  of  f{a/W) 
are  tabulated  in  the  following  table  for  specific  values 


of  a/  W 
afW 

f{a/W) 

afW 

fiafW) 

0.450 

8.71 

0.500 

10  17 

0  455 

8  84 

0.505 

10  34 

0.460 

8  97 

0.510 

10.51 

0  465 

9.11 

0515 

10.68 

0  470 

9.25 

0  520 

10  86 

0  475 

9.40 

0.525 

11.05 

0.480 

955 

0  530 

11.24 

0.485 

9.70 

0.535 

1 1  43 

0.490 

985 

0  540 

11.63 

0.495 

1001 

0.545 

11  83 

0  550 

12.04 

Note  A6.1 — The  expression  in  A6  5.3  is  consid¬ 
ered  accurate  to  within  ±0.3  %  over  the  range  of  a / 
If' from  0.2  to  10  (19) 

A6  5  4  Calculation  of  7?*^ — For  the  disk-shaped 
compact  specimen  calculate  the  specimen  strength 
ratio  (which  is  dimensionless  and  has  the  same  value 
in  any  consistent  set  of  units)  as  follows: 

n  _  2/>m.,(2)f'  +  a) 

B(  W  —  a)5OYs 

where 

Pm»u  “  maximum  load  that  the  specimen  was  able  to 
sustain, 

B  -  thickness  of  the  specimen  as  determined  in 

8.2.1, 

W  —  specimen  width  as  determined  in  A6  4  1 .2, 
a  -  crack  length  as  determined  in  8.2.2  and 
A6.4  1  2,  and 

<tys  -  yield  strength  in  tension  (offset  -  0.2  %)  (see 
Methods  E  8) 
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Notf.  l  Pin  diameter  *  0.24  W  (+0.000  Wf— 0.005  W).  For  specimens  with  oVs  >  200  ksi  ( (379  MPa)  the  holes  in  the 
pccimen  and  in  the  clevis  may  He  0  3  IV  ( +0.005  WV— 0.000  IT)  and  the  pin  diameter  0.288  IT  (+0.000  W/—  0.005  W) 
Note  2  0.002  in  -0051mm. 

Not  t  3  Corners  of  the  clevis  may  He  removed  if  necessary  to  accommodate  the  clip  gage. 

FIG.  A6  2  Tension  Testing  Clevis  Design 
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Standard  Practice  for 
R-CURVE  DETERMINATION1 

This  standard  is  issued  under  the  fixed  designation  E  561;  the  number  immediately  following  the  designation  indicates  the 
year  of  onginal  adoption  or.  in  the  case  of  revision,  the  year  of  last  revision.  A  number  in  parentheses  indicates  the  year  of  last 
reapproval 


1.  Scope 

1 . 1  This  practice  covers  the  determination  of 
resistance  to  fracturing  of  metallic  materials  by 
R-curves  using  either  the  center-cracked  ten¬ 
sion  panel  (CCT),  the  compact  specimen  (CS), 
or  the  crack-line-wedge-loaded  specimen 
(CLWL),  to  deliver  crack-extension  force  to  the 
material.  An  /?- curve  is  a  continuous  record  of 
toughness  development  in  terms  of  Kn  plotted 
against  crack  extension  in  the  material  as  a 
crack  is  driven  under  a  continuously  increased 
stress  intensity  factor,  K. 

1.2  Materials  that  can  be  tested  for  R-curve 
development  are  not  limited  by  strength,  thick¬ 
ness,  or  toughness,  so  long  as  specimens  are  of 
sufficient  size  to  remain  predominantly  elastic 
throughout  the  duration  of  the  test. 

1.3  Specimens  of  standard  proportions  are 
required,  but  size  is  variable,  to  be  adjusted  for 
yield  strength  and  toughness  of  the  materials. 

1.4  Only  three  of  the  many  possible  speci¬ 
men  types  that  could  be  used  to  develop  R- 
curves  are  covered  in  this  recommended  prac¬ 
tice. 

2.  Applicable  Documents 

2.1  ASTM  Standards: 

E  338  Sharp-Notch  Tension  Testing  of  High- 
Strength  Sheet  Materials2 

E  399  Test  for  Plane-Strain  Fracture  Tough¬ 
ness  of  Metallic  Materials2 

E  616  Terminology  Relating  to  Fracture 
Testing2 * * 

3.  Summary  of  Practice 

3.1  During  slow-stable  fracturing,  the  devel¬ 
oping  crack  growth  resistance,  Xr,  is  equal  to 
the  crack-extension  force,  K  (Note  1),  applied 
to  the  specimen.  The  crack  is  driven  forward 


by  increments  of  increased  load  or  displace¬ 
ment.  Measurements  are  made  at  each  incre¬ 
ment  for  calculation  of  K  values  which  are 
mdividual  data  points  lying  on  the  X-curve  for 
the  material. 

Note  I — Extension  force  may  be  expressed  in 
lerms  of  G  if  destred  through  the  following  conver¬ 
sion  G  -  K7/E.  The  use  of  K  is  presently  preferred 

3.2  The  crack  starter  is  a  low-stress-level 
fatigue  crack. 

3.3  Methods  of  measuring  crack  growth  and 
of  making  plastic-zone  corrections  to  the  phys¬ 
ical  crack  length  are  prescribed.  Expressions 
for  the  calculation  of  crack-extension  force  are 
shown. 

4.  Significance 

4.1  X -curves  characterize  the  resistance  to 
fracture  of  materials  during  incremental  slow- 
stable  crack  extension  and  result  from  growth 
of  the  plastic  zone  as  the  crack  extends  from  a 
sharp  notch  They  provide  a  record  of  the 
toughness  development  as  a  crack  is  driven 
stably  under  increasing  crack-extension  forces. 
They  are  dependent  upon  specimen  thickness, 
temperature,  and  strain  rate. 

4.2  For  an  untested  geometry,  the  X-curve 
can  be  matched  with  the  crack-extension  force 
curves  to  estimate  the  load  necessary  to  cause 
unstable  crack  propagation.  (See  Fig.  1  (l)3.)  In 


1  This  practice  is  under  the  jurisdiction  of  ASTM  Com¬ 

mittee  E-24  on  Fracture  Testing,  and  is  the  direct  responsi¬ 

bility  of  Subcommittee  E24  01  on  Fracture  Mechanics  Test 

Methods. 

Current  edition  approved  Apnl  24,  1981.  Published  Au¬ 
gust  1981.  Originally  published  as  a  proposed  recommended 

practice  in  1 974  List  previous  edition  E  561  -  80 

7  Annual  Book  of  ASTM  Standards .  Part  10 
9  The  boldface  numbers  in  parentheses  refer  to  the  list  of 
references  appended  to  this  practice. 
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making  this  estimate,  /^-curves  are  regarded  as 
though  they  are  independent  of  starting  crack 
length,  ao.  and  the  specimen  configuration  m 
which  they  are  developed.  They  appear  to  be 
a  function  of  crack  extension,  \a,  only  (2).  To 
predict  crack  instability  in  a  component,  the  R- 
curve  may  be  positioned  as  in  Fig.  1  so  that  the 
origin  coincides  with  the  assumed  initial  crack 
length,  do.  Crack-extension  force  curves  for  a 
given  configuration  can  be  generated  by  assum¬ 
ing  applied  loads  or  stresses  and  calculating 
crack-extension  force,  X,  as  a  function  of  crack 
length  using  the  appropriate  expression  for  K 
of  the  configuration.  The  unique  curve  that 
develops  tangency  with  the  -curve  defines  the 
critical  load  or  stress  that  will  cause  onset  of 
unstable  fracturing. 

4.3  If  the  X-gradient  (slope  of  the  crack- 
extension  force  curve)  of  the  specimen  chosen 
to  develop  an  -curve  has  negative  character¬ 
istics  (Note  2),  as  in  the  crack-line-wedge- 
loaded  specimen  of  this  method,  it  may  be 
possible  to  dnve  the  crack  until  a  maximum  or 
plateau  toughness  level  is  reached  (3,  4).  When 
a  specimen  with  positive  X-gradient  character¬ 
istics  (Note  3)  is  used,  the  extent  of  the  R -curve 
which  can  be  developed  ls  terminated  when  the 
crack  becomes  unstable. 

Note  2— Fixed  displacement  in  crack-line-loaded 
specimens  results  in  a  decrease  of  K  wiih  crack 
extension. 

Note  3— With  load  control,  K  usually  increases 
wiih  crack  extension. 

5,  Terminology 

5.1  Definitions: 

5.1.1  erdek  size ,  d  (L) — a  lineal  measure  of 
a  principal  planar  dimension  of  a  crack.  This 
measure  is  commonly  used  in  the  calculation 
of  quantities  descriptive  of  the  stress  and  dis¬ 
placement  fields,  and  is  often  also  termed  crack 
length. 

Note  4 — in  practice  the  value  of  a  is  obtained 
from  procedures  for  measurement  of  physical  crack 
size,  Up,  original  crack  size,  a*.  and  effective  crack 
size,  a*,  as  appropriate  10  lhe  situation  being  consid¬ 
ered. 

5. 1.1.1  phvsicdl  erdek  size ,  dp  (L) —  the  dis¬ 
tance  from  a  reference  position  to  the  observed 
crack  front.  This  distance  may  represent  an 
average  of  several  measurements  along  the 
crack  front.  The  reference  position  depends  on 
the  specimen  form,  and  it  is  normally  taken  to 
be  either  the  boundary,  the  load  line,  or  the 


centerline  of  a  specimen  or  plate. 

5.1. 1.2  origindl  crack  size,  dQ  ( L) —  the  phys¬ 
ical  crack  size  at  the  start  of  testing. 

5. 1.1.3  effective  erdek  size,  d*  (L) —  the  phys¬ 
ical  crack  size  augmented  for  the  effects  of 
crack-tip  plastic  deformation. 

Note  5— Sometimes  the  effective  crack  size.  ar,  is 
calculated  from  a  measured  value  of  a  physical  crack 
size,  au,  plus  a  calculated  value  of  a  plastic-zone 
adjustment,  ry.  A  preferred  method  for  calculation  of 
a,  compares  compliance  from  the  secant  of  a  load- 
defiecnon  trace  wiih  the  elastic  compliance  from  a 
calibration  for  the  type  of  specimen. 

5  1.2  pldsnc-zone  ddjustment,  r y  (L) — an  ad¬ 
dition  to  the  physical  crack  size  to  account  for 
plastic,  crack-tip  deformation  enclosed  by  a 
linear-elastic  stress  field. 


Note  6 — Commonly  the  plastic-zone  adjustment 
is  given  by* 

1  Kl 

ry  -  - - ;,  for  plane-stress  mode  l.  and 

2tt  Oy~ 


ry 


lit  ay1 


for  plane-strain  mode  I. 


where  a  =  l/3  to  and  oy  is  the  effective  yield 
strength 

In  this  method,  plane-stress  mode  1  is  assumed. 

5.1.3  erdek  extension,  la  (L)  — an  increase 
in  crack  size. 


Note  7— For  example,  Anp  or  An,  is  lhe  difference 
between  the  crack  size,  cither  ap  (physical  crack  size) 
or  a.  (effective  crack  size),  and  a0  (original  crack 
size). 

5.1.4  stress-intensity  fdetor .  K ,  K\,  K2,  K 3 
(FL'3/2) — the  magnitude  of  the  ideal-crack-tip 
stress  field  (a  stress-field  singularity)  for  a  par¬ 
ticular  mode  in  a  homogeneous,  linear-elastic 
body. 

Note  8 — Values  of  K  for  modes  1,  2,  and  3  are 
given  by: 

Xj  »  limit  [oy  (2  it  r)l/2], 

X2  »  limil  [t^  (2  n  r)u2],  and 
X3  -  limn  [rya  (2  it  r),/2. 

/^— o 

where  r  »  a  distance  directly  forward  from  lhe  crack 
tip  10  a  location  where  lhe  significant  stress  is  calcu¬ 
lated. 


Discussion — In  this  practice  mode  1  is  assumed. 

5.1.5  erdek-extension  resistdnee ,  Kr  (FL'V2), 
and  Gr  or  Jr  (FL~1)— a  measure  of  the  resist¬ 
ance  to  crack  extension  expressed  m  terms  of 
the  stress-intensity  factor,  K ,  the  crack-exten- 
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sion  force.  G,  or  values  of  J  derived  using  the 
J-integral  concept. 

Note  9 — See  definition  of  R-curve. 

5.1.6  R-curve — a  plot  of  crack-extension  re¬ 
sistance  as  a  function  of  crack  extension. 

Note  10 — For  specimens  discussed  in  Pracnce 
E  561,  influence  in  in-plane  geometry  appears  to  be 
negligible,  bui  /^-curves  normally  depend  upon  spec¬ 
imen  thickness  and,  for  some  materials,  upon  tem¬ 
perature  and  strain  rate. 

5.1.7  crack  displacement  (L) — the  separation 
vector  between  two  points  (on  the  surfaces  of 
a  deformed  crack)  that  were  comcident  on  the 
surfaces  of  an  ideal  crack  in  the  undeformed 
condition. 

Discussion — In  this  practice,  displacement ,  v,  is 
the  distance  that  a  chosen  measurement  point  on  the 
specimen  displaces  normal  to  the  crack  plane  Total 
displacement  as  measured  by  clip  gages  or  other 
devices  spanning  the  crack  is  defined  as  2v.  Measure¬ 
ment  pomts  on  CLWL  and  CS  specimens  are  iden¬ 
tified  as  locations  V\  and  VI. 

5.2  Description  of  Terms  Specific  to  this 
Method: 

5.2. 1  plane- stress  fracture  toughness,  Ke — in 
Practice  E  561,  the  value  of  Kr  at  the  instability 
condition  determined  from  the  tangency  be¬ 
tween  the  R -curve  and  the  critical  crack-exten¬ 
sion  force  curve  of  the  specimen. 

Note  1 1  —  See  the  discussion  of  plane-strain  frac¬ 
ture  toughness  in  Terminology  E  616. 

5.2.2  fixed  load  or  fixed  displacement  crack- 
extension  force  curves — curves  obtained  from  a 
fracture  mechanics  analysis  for  the  test  config¬ 
uration;  assuming  a  fixed  applied  load  or  dis¬ 
placement  and  generating  a  curve  of  K  versus 
the  effective  crack  size  as  the  independent  var¬ 
iable. 


6.  Apparatus 

6  1  Grips  and  Fixtures  for  CCT  Specimens — 
In  the  center-cracked  tension  tests,  the  grip 
fixtures  are  designed  to  develop  uniform  load 
distribution  on  the  specimen.  To  ensure  uni¬ 
form  stress  entering  the  crack  plane,  the  length 
of  the  specimen  between  the  innermost  loading 
pins  shall  be  at  least  two  specimen  widths,  2  W. 
For  panels  wider  than  12  in.  (305  mm),  multi- 
ple-pin  grips  are  mandatory  and  the  require¬ 
ment  is  relaxed  to  1.5  W.  A  typical  grip  arrange¬ 
ment  shown  in  Fig.  2  has  proven  useful.  Pm  or 
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gimbal  connections  are  located  between  the 
grips  and  loading  machine  to  aid  the  symmetry 
of  loading.  If  extra-heavy-gage  ultra-high- 
strength  materials  are  to  be  tested,  the  suitabil¬ 
ity  of  the  gnp  arrangement  may  be  checked 
using  the  A  ISC  Steel  Construction  Manual. 

6  2  Grips  and  Fixtures  for  Compact  Speci¬ 
mens — The  gnps  and  fixtures  described  in 
Method  E  399  are  recommended  for  R- curve 
testing  where  CS-type  specimens  are  loaded  in 
tension 

6.3  Fixtures  for  Crack- Line- Wedge- Loading 
(CL  WL): 

6.3.1  Where  wedge  loading  is  used  a  low- 
taper-angle  wedge  with  a  polished  finish  and 
split-pin  arrangement  shown  in  Fig.  3  is  used. 
Sketches  of  a  segmented  split-pin  system  which 
has  proved  effective  for  maintaining  the  load 
lme  mdependent  of  rotation  of  the  specimen 
arms  are  provided  in  Fig.  4.  It  has  been  found 
convenient  to  use  a  wedge  whose  included  an¬ 
gle  is  3  deg.  With  proper  lubrication  and  system 
alignment  a  mechanical  advantage  of  five  can 
be  expected.  Thus,  a  loading  machine  produc¬ 
ing  ^5  the  maximum  expected  test  load  will  be 
adequate.  The  wedge  must  be  long  enough  to 
develop  the  maximum  expected  crack-opening 
displacement.  The  maximum  required  stroke 
can  be  calculated  from  the  maximum  expected 
displacement  2v,  using  the  EB2v/P  values 
found  in  Table  2,  the  maximum  expected  K 
level  in  the  test,  and  the  wedge  angle 

6.3.2  The  wedge-load  blocks  which  drive  the 
load  sectors  are  constrained  on  top  (not  shown) 
and  bottom  to  restrict  motion  to  a  plane  parallel 
to  the  plane  of  the  specimen  This  allows  the 
load  to  be  applied  or  released  conveniently 
without  driving  the  load  blocks  and  sectors  out 
of  the  hole  in  the  specimen  The  wedge-load 
blocks  are  designed  so  that  line  contact  exists 
between  the  wedge-load  block  and  the  load 
sector  at  a  point  that  falls  on  the  load  lme  of 
the  specimen.  This  enables  the  load  sectors  to 
rotate  as  the  wedge  is  driven  and  the  original 
load  line  is  maintained.  Any  air-  or  oil-harden- 
ing  tool  steel  will  be  suitable  for  making  the 
wedge  and  wedge-load  blocks.  A  maraging  300- 
grade  steel  should  be  used  for  the  load  sectors 
The  diameter  of  the  sectors  shall  be  slightly 
smaller  (nominally  ^2  in  (0.79  mm))  than  the 
diameter  of  the  drilled  hole  in  the  specimen. 

6.4  Face  Plates  to  Prevent  Sheet  Buckling — 
Buckling  may  develop  m  unsupported  speci- 
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mens  depending  upon  the  sheet  thickness,  ma¬ 
terial  toughness,  crack  length,  and  specimen 
size.  Buckling  seriously  afTects  the  validity  of  a 
K  analysis  and  is  particularly  troublesome 
when  using  compliance  techniques  to  deter¬ 
mine  effective  crack  length.  It  is  therefore  re¬ 
quired  that  rigid  face  plates  be  affixed  to  the 
CCT,  CS,  and  CLWL  specimens  in  critical 
regions.  A  procedure  for  the  detection  of  buck¬ 
ling  using  autographic  records  is  described  in 
8  6. 

6,4.1  For  the  CCT  specimen,  the  buckling 
restraints  shall  be  attached  to  the  central  por¬ 
tion  of  the  specimen.  The  plates  shall  be  so 
designed  to  prevent  sheet  kinking  about  the 
crack  plane  and  sheet  wrinkling  along  the  spec¬ 
imen  width. 

6.4  2  For  CS  and  CLWL  specimens,  the  por¬ 
tion  of  the  specimen  arms  and  back  edge  which 
are  in  compression  should  be  restrained  from 
buckling.  For  sheet  specimens  it  is  convenient 
to  use  a  base  plate  and  cover  plate  with  ports 
cut  in  the  cover  plate  at  appropriate  locations 
for  attaching  clip  gages  and  for  crack  length 
observations. 

6,4.3  Lubrication  shall  be  provided  between 
the  face  plates  and  specimen.  Care  shall  be 
taken  to  keep  lubricants  out  of  the  crack  to 
avoid  possible  crack  acceleration  due  to  ag¬ 
gressive  attack.  Sheet  TFE-fluorocarbon  or 
heavy  oils  or  both  can  be  used.  The  initial 
clamping  forces  between  opposing  plates  need 
not  be  excessive,  but  of  the  order  of  a  few 
pounds. 

6.5  Displacement  Gages — Displacement 

gages  are  used  to  accurately  measure  the  crack- 
opening  displacement  across  the  crack  at  a 
preselected  location  and  span.  In  testing  small 
CLWL  and  CS  specimens,  the  gage  recom¬ 
mended  in  Method  E  399  may  have  a  sufficient 
linear  working  range  to  be  used.  However,  in 
testmg  larger  specimens  where  W  is  larger  than 
5  in.  (127  mm),  displacements  may  be  of  such 
a  magnitude  that  gages  with  greater  working 
ranges  of  the  type  shown  in  Fig.  5  are  needed. 
The  use  of  point  contacts  eliminates  error  in 
the  readings  from  the  hinge- type  rotation  of  CS 
and  CLWL  specimens.  The  precision  of  all 
types  of  gages  shall  be  checked  m  accordance 
with  the  calibration  procedure  outlined  in  6.4. 1 
of  Method  E  399  In  addition,  absolute  accu¬ 
racy  within  2  %  over  the  working  range  of  the 
gage  is  required  for  use  with  compliance  mea¬ 


surements  The  gages  shall  be  recalibrated  pe¬ 
riodically 

6.5  1  A  recommended  gage  for  use  with 
CCT  panels  with  a  No.  13  drilled  hole  at  the 
midpoint  of  the  crack  is  shown  m  Fig.  6  (6), 
and  a  detail  of  components  is  shown  m  Fig.  6a. 
Proper  construction  techniques  and  required 
electronic  procedures  are  specified  m  Method 
E  399 

6  5  2  Other  types  of  gages  used  over  differ¬ 
ent  gage  spans  are  equally  acceptable  provided 
the  precision  and  accuracy  requirements  are 
retained.  The  conventional  clip  gage  of  Method 
E  399  may  be  used  with  screw  attachments 
spanning  the  crack  at  a  chosen  interval,  2  Y.  In 
CCT  tests,  it  is  necessary  to  be  cautious  in 
choosmg  the  proper  compliance  calibration 
curve  to  go  with  such  arrangements  because 
displacement  is  a  function  of  Y/W 

6.6  Optical  Equipment — If  the  material  being 
tested  is  sufficiently  thin  so  that  the  crack- tip 
contour  does  not  vary  significantly  from  surface 
to  midthickness,  crack  growth  can  be  followed 
by  surface  observations  using  optical  equip¬ 
ment.  If  load  is  sustained  at  given  increments 
so  that  the  crack  stabilizes,  crack  length  can  be 
determined  within  0.01  in  (0.2  mm)  using  a  30 
to  50-powcr  traveling-stage  microscope.  A 
movie  camera  recording  system  may  be  useful. 
A  common  technique  is  to  record  simultane¬ 
ously  load  and  crack  growth  using  two  syn¬ 
chronized  cameras. 

6.7  Other  Equipment — Other  methods  of 
measuring  crack  length  are  available,  such  as 
eddy-current  probes,  which  are  most  useful 
with  nonferrous  material,  or  electrical -resist¬ 
ance  measurements,  where  the  extension  of  the 
crack  is  determined  from  electrical  potential 
differences. 

7.  Specimen  Configuration,  Dimensions,  and 

Preparation 

7. 1  Specimen  Size — In  order  for  the  K  anal¬ 
ysis  to  be  valid,  the  specimen  ligaments  in  the 
plane  of  the  crack  must  be  predominantly  elas¬ 
tic  at  all  values  of  applied  load. 

7.2  For  the  CCT  panel,  the  net  section  stress 
based  on  the  physical  crack  size  must  be  less 
than  the  yield  strength  of  the  material.  The 
CCT  panel  width,  Wy  is  optional  provided  the 
requirement  of  7.1  is  observed.  The  needed 
width  to  be  below  material  yield  may  be  esti¬ 
mated  from  the  maximum  expected  plastic- 
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zone  size,  ry  (see  9,1.4),  which  is  directly  pro¬ 
portional  to  the  square  of  the  material  tough- 
ness-to-yield  strength  ratio.  As  a  guide,  a  spec¬ 
imen  27r>*  wide  and  notched  is  expected  to 
fail  at  a  net  section  stress  equal  to  the  yield 
strength  (7).  It  therefore  is  desirable  to  have  an 
estimate  of  the  maximum  K  expected  in  the  test 
before  designing  the  specimen.  As  an  aid,  the 
following  table  lists  minimum  recommended 
CCT  sizes  for  assumed  to- yield  strength 
ratios. 


KnxmJ  ®Y. 

in.1  ' 

Width,  in. 

2do,  in 

Length  in 

(mm1  *) 

(mm) 

(mm) 

( mm )' 

0.5(0  80) 

30(76) 

l  0(25) 

9(229)* 

1. 0(1.6) 

6  0(152) 

2.0(51) 

12(305) 

1.5(24) 

12.0(305) 

4  0(102) 

24(610) 

2.0(3. 2) 

20  0(508) 

6.7(170) 

30(762) 

30(4  8) 

48.0(1219) 

16.0(406) 

72(i829) 

Specimen  length  between  grips  of  CCT  specimens  is 
nominally  ZW  with  W  less  than  or  equal  io  12  in  (305  mm), 
and  1.5  W  for  all  W  greater  than  12  in. 

*  Pin-loaded  specimen  of  Method  E  338. 

7.3  The  recommended  CS  specimen  is 
shown  in  Fig.  la.  Crack-opening  displacement 
is  measured  at  a  point  0.1576^  ±  0.0006  If' in 
advance  of  the  center  line  of  the  loading  pins. 
Alternative  location  of  the  gage  is  permitted 
but  displacement  values  must  be  linearly  ex¬ 
trapolated  to  0. 1576  W  in  order  to  use  the  values 
given  in  Table  2  for  compliance  measurement. 
Span  of  the  gage  is  not  critical  so  long  as  it  is 
less  than  WJA. 

7.4  The  recommended  CLWL  specimen  is 
shown  in  Fig.  lb.  Hole  size  is  proportioned 
according  to  specimen  size.  Some  small  amount 
of  specimen  brinelling  at  the  hole  can  be  tol¬ 
erated.  Clip  gage  placement  is  restricted  to 
0. 1576  W  ±  0.0006  W  in  front  and  0.303^  ± 
0.0006  W  behind  the  load  line.  Recommended 
gage  span  vanes  with  specimen  size  as  shown 
in  the  figure, 

7.5  In  order  for  a  result  to  be  considered 
valid  for  CS  and  CLWL  specimens  in  accord¬ 
ance  with  this  recommended  practice,  it  is  re¬ 
quired  that  the  remaining  uncracked  ligament 
at  the  end  of  the  test  be  at  least  equal  to  4/t 
( ^m*i/ dy)  where  is  the  maximum  K  level 
in  a  test  and  ay  is  the  0.2  %  offset  yield  strength 
of  the  material.  The  initial  crack  length  in  CS 
and  CLWL  specimens  shall  be  between  0.35  to 
0.45  times  specimen  width. 

7.6  Starting  Notch — The  machined  starter 
slot  for  any  of  the  recommended  specimens 
may  be  made  by  electncal-discharge  machin¬ 


ing,  end  milling,  or  saw  cutting. 

7  6  1  For  the  CCT  specimen,  the  machined 
notch  shall  be  30  to  35  %  of  W  and  shall  be 
centered  with  respect  to  specimen  width  within 
0,002  IF'.  It  is  advisable  to  have  root  radii  at  the 
ends  of  the  slots  of  0  003  in  (0.08  mm  )  or  less 
to  facilitate  fatigue  cracking  The  starter  slot 
must  be  extended  by  fatigue  cracks  not  less 
than  0.05  in.  (1.3  mm)  in  length  (see  Note  12). 
The  slot  must  lie  within  an  envelope  described 
by  Fig.  8. 

7  6.2  For  the  CS  specimen.  Fig.  9  shows  the 
allowable  notch  types  and  envelope  sizes  The 
machined  slots  must  be  extended  by  fatigue 
cracks  not  less  than  0.05  in  (1,3  mm)  in  length 

Note  12— Faiigue  cracks  may  be  ommed  only  if 
ii  can  be  shown  lhai  lhe  machined  noich  root  radius 
effectively  simulates  lhe  sharpness  of  a  fangue  sianer 
crack. 

7.7  In  fatigue  cracking,  the  mimmum-to- 
maximum  load  ratio  can  be  chosen  through 
experience.  In  CCT  specimens,  the  maximum 
stress  m  the  net  section  shall  not  be  greater 
than  50  %  of  the  yield  stress.  In  CS  and  CLWL 
specimens,  the  maximum  load  in  fatigue  shall 
not  develop  strength  ratios  greater  than  0.5  as 
calculated  in  accordance  with  9.1,7  of  Method 
E  399  Typically,  maximum  nominal  stresses  m 
fatigue  cracking  should  be  between  10  to  40% 
of  material  yield  strength. 

8.  Procedure 

8  1  Measurements — Measure  material 
thickness,  2?,  to  ±  1  %  of  B  at  four  locations 
near  the  crack  plane.  Measure  specimen  width, 
W \  accurate  to  ±  0.5  %  of  W 

8.2  Number  of  Tests — Replicate  R-curves 
can  be  expected  to  vary  as  do  other  properties 
in  mechanical  tests  such  as  Charpy-V  energies 
or  tensile  properties.  A  curve  plotted  from  a 
single  determination  may  be  a  smoothly  in¬ 
creasing  function  of  crack  extension,  giving  the 
impression  that  the  single  determination  is  an 
accurate  representation.  This  is  not  necessarily 
so;  make  at  least  one  additional  confirming  test 

8.3  Loading  Procedure — Load  the  CCT,  CS. 
and  CLWL  specimens  incrementally,  allowing 
time  between  steps  for  the  crack  to  stabilize 
before  measuring  load  and  crack  length  (see 
Note  13).  Cracks  stabilize  in  most  materials 
within  seconds  of  stopping  the  loading.  How¬ 
ever,  when  stopping  near  an  instability  condi¬ 
tion,  the  crack  may  take  several  minutes  to 
stabilize,  depending  upon  the  .stiffness  of  the 
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loading  frame  and  other  factors 

Note  13 — If  autographic  instrumentation  is  used, 
it  is  permitted  to  monitor  load  versus  crack  extension 
continuously  under  monotonic  loading  Load  rate 
must  be  slow  enough  so  as  not  to  introduce  strain 
rate  effects  into  the  R- curve.  Static  KH  cannot  be 
determined  when  the  crack  is  steadily  creeping  or 
accelerating  at  or  near  instability. 

8  3.1  Number  of  Data  Points — While  R- 
curves  can  be  developed  with  as  few  as  four  or 
five  data  points,  ten  to  fifteen  give  tmproved 
confidence,  and  tougher  materials  usually  re¬ 
quire  more  data  points. 

8.4  Physical  Crack- Length  Measurement — 
Measure  the  physical  crack  length  accurately 
to  0.01  in.  (0.2  mm)  at  each  step  using  suitable 
measuring  devices  described  in  6  6  and  6.7. 
Physical  crack  length  can  also  be  measured 
with  compliance  techniques  by  partial  unload¬ 
ing  of  the  specimen  after  each  increment,  a 
technique  described  in  10.4  Adjust  the  physical 
crack  length  for  plastic-zone,  ry,  to  obtain  ef¬ 
fective  crack  length  for  calculating  K. 

8.4.1  In  CLWrL  tests  where  the  physical 
crack  length  is  measured,  determine  the  applied 
load  or  K  from  the  relationship  of  Table  2 
using  an  ry  adjustment  to  crack  length  to  enter 
the  table.  Since  ry  is  a  function  of  K ,  an  itera¬ 
tion  procedure  may  be  necessary. 

8.5  Effective  Crack- Length  Measurement — 
Compliance  measurements,  2v/P,  made  during 
the  loading  of  specimens,  can  be  used  to  deter¬ 
mine  effective  crack  length,  a„  directly.  The 
crack  is  automatically  plastic-zone  corrected 
and  these  values  can  be  used  directly  in  the 
expressions  for  K . 

8.5.1  Effective  crack  length  can  be  deter¬ 
mined  directly  in  CLWrL  specimens  using  a 
double  compliance  technique  (Note  14).  By 
determining  the  displacements  at  two  different 
locations,  V\  and  K2,  along  the  crack  line,  as 
shown  in  Fig.  lb ,  an  effective  crack  length-to- 
width  ratio,  a,/  W \  can  be  found  from  the  dis¬ 
placement  ratio  2vl/2v2  using  Table  I.  It  is 
convenient  to  plot  autographically  2vl  versus 
2v2  on  an  X-Y  recorder  at  lOOx  and  200x, 
respectively.  The  load,  P,  can  be  calculated 
using  a*  and  displacement  at  V\  in  conven¬ 
tional  compliance  relationships  appealing  in 
Table  2.  In  continuous  X-Y  plots,  the  wedge 
direction  or  load  can  be  reversed  at  appropriate 
intervals  to  determine  return  slope  2Avl/2Av2, 
which  corresponds  to  physical  crack  length, 
usmg  Table  I.  In  wedge  systems,  use  a  restrain¬ 


ing  jig  to  prevent  withdrawal  of  the  ^pltt  pms 
along  with  the  wedge 

Note  14 — It  is  optional  to  use  double  compliance 
on  CS  specimens  The  procedure  is  identical  to  that 
prescribed  for  CLWL  testing,  and  effective  crack 
lengths  predicted  should  be  identical  to  those  ore- 
dicfed  bv  single  compliance  However,  use  the  com¬ 
pliance  relationships  for  CS  loading  as  is  noted  in 
Tables  1  and  2. 

8  6  Detection  of  Buckling — If  compliance  in¬ 
strumentation  is  used,  it  is  possible  to  determine 
when  the  specimen  has  developed  undesirable 
buckling.  The  detection  technique  involves  pe- 
nodtc  partial  unloadmg  of  the  specimen  as  is 
shown  schematically  in  Figs.  10  and  II.  The 
initial  pan  of  the  test  record  should  have  a 
linear  ponion  which  can  be  substantially  re¬ 
traced  upon  partial  unloading.  Likewise, 
should  bucklmg  or  friction  problems  develop 
at  some  later  stage  m  the  test,  the  unloadmg 
and  reloading  slopes  will  tend  to  diverge.  If  the 
slopes  differ  by  more  than  2  %  or  if  one  or  both 
have  no  linear  range,  then  buckling  or  fnction 
is  present  which  is  sufficient  to  cause  significant 
error  in  compliance  indicated  crack  lengths. 
Added  confidence  can  be  obtained  by  compar¬ 
ing  the  crack  lengths  predicted  from  return 
slopes,  to  physical  crack  length  indicated  with 
other  more  direct  measurement  methods. 

8.7  Difficulties  in  the  interpretation  of  test 
records  will  be  encountered  if  the  specimens 
are  not  flat  prior  to  testing  and  if  the  plates 
contain  regions  of  residual  stress  that  are  not 
negligible  on  a  thickness  average  basis. 

8.8  CCT  Specimen  Testing — Carefully  align 
the  specimens  in  the  testing  machine  to  elimi¬ 
nate  eccentricity  of  loading.  Misalignment  can 
result  in  uncontrolled  or  spunous  stress  distri¬ 
bution  in  the  specimen,  which  could  be  trou¬ 
blesome,  particularly  if  compliance  measure¬ 
ments  are  used  to  determine  effective  crack 
length.  Fixtures  for  measuring  crack  growth 
may  be  affixed  to  the  specimen  after  applying 
a  light  preload.  Starting  crack  length  in  a  CCT 
specimen  is  nominally  30  to  35  %  of  W,  as 
established  in  7.6.1.  Measure  this  to  the  nearest 
0.01  in.  (0.2  mm). 

8.9  CS  and  CLWL  Testing— Starting  crack 
length  in  a  CS  and  CLWL  specimen  is  nomi¬ 
nally  35  to  45  %  of  Wt  as  set  forth  in  7.5.  The 
stress  distribution  in  these  crack- line -loaded 
types  of  specimens  is  such  that  the  crack  could 
deviate  away  from  the  original  notch  direction 
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as  the  crack  is  driven  (8).  This  is  usually  ob¬ 
served  in  materials  that  have  appreciable  ani¬ 
sotropy  of  toughness  and  where  the  crack  is 
driven  in  the  tougher  direction  Accuracy  of  the 
elastic  displacement  relationships  decreases 
with  deviation  from  the  crack  line;  discard  the 
data  at  deviation  angles  greater  than  10° 

9.  Calculation  and  Interpretation 
9  1  To  develop  an  ^-curve,  generate  and  use 
crack  length  and  load  data  to  calculate  Kr. 

9.1.1  For  the  center-cracked  tension  speci¬ 
men  use  either  of  the  two  following  and  equally 
appropriate  expressions; 

Kh  -  (P/WB)  sa¬ 
il: 77  -  0.177  (2a/  W)  +  1.77  (2a/ Wf] 

or 

Kh  -  (P/WB)  (va  sec  (ira/W))'/2 

where: 

P  =  applied  load, 

B  —  matenal  thickness, 

W  **  width  of  specimen,  and 
a  —  plastic-zone  corrected  half-crack  length. 

9.1.2  For  the  CS  and  CLWL  specimens,  de¬ 
termine  Kr  as  follows: 

Kh  -  (P/BJW)  xf(a/W) 

where: 

f(a/  W)  -  [(2  +  a/  W)/(  1  -  a/  W)3/2]  [0.886  + 
4.64  (a/W)  -  13  32  (a/W)2  +  14.72 
(a/W 03-  5.6  (a/W)4] 

Valid  for  any  a/  W  >  0.35 
a  —  plastic-zone  corrected  crack  length  mea¬ 
sured  from  load  line,  and 
W  —  specimen  width  measured  from  the  load 
lme. 

9.1.3  Alternatively,  values  appearing  in  Ta¬ 
ble  2  may  be  used  to  calculate  Kr. 

9.1.4  The  crack  length  used  in  the  expres¬ 
sions  of  9.1.1  and  9.1.2  is  the  effective  crack 
length,  which  is  the  total  physical  crack  length 
plus  a  correction  for  plastic  zone,  ry.  Correct 
physically  measured  crack  lengths  as  follows: 

a*  *  (a.  +  Aa  +  ry) 

where: 

a.  -  starting  half-crack  length  in  a  CCT  test 
or  crack  length  in  CS  and  CLWL  tests, 
A  a  -  physical  crack  growth  at  one  crack  tip, 
and 

ry  —  plastic-zone  adjustment 

ry  -  (l/2rrX  KY/oy2) 

9  1.5  The  expression  of  9. 14  for  ry  is  most 


accurate  for  high-strength  materials  of  yield 
strength-to-density  ratios  above  700  000  psi/lb- 
m  (174  kPa/kgm-1).  Lower-strength,  high- 
toughness  materials  require  increasing  reliance 
on  compliance  methods  to  correct  for  plastic- 
zone  effects 


10.  Compliance  Methods  % 


10.1  Determination  of  Effective  Crack 
Length — The  compliance  technique  uses  elas¬ 
tic-spring  characteristics  of  the  specimen  cali¬ 
brated  over  varied  crack  lengths  (9).  A  calibra¬ 
tion  curve  may  be  developed  experimentally  by 
elastically  loading  specimens  of  varied  crack 
sizes  and  determining  the  elastic  reciprocal 
spring  constant  or  reciprocal  slope  of  load  ver¬ 
sus  displacement  record.  Normalize  these  recip¬ 
rocal  slopes  for  matenal  thickness  and  elastic 
modulus  and  plot  against  crack  length-to-spec- 
imen  width  ratio.  An  analytically  developed 
expression  for  the  compliance  of  the  CCT  spec¬ 
imen,  which  can  be  used  instead  of  an  experi¬ 
mentally  developed  curve  (10)  is  as  follows. 

2«™»/H0/*in  (to/ HO}1 2 
oW 


{^Tcosh  '  (' 


cosh  nY/W 
cos  ira/W 


1+M 


Y/W 


+  /  sin  na/W  V 
\sinh  it  Y/W j 

(  2a  Y  \ 

valid  for  0.2  <  —  <  0.8;  —  <  0.5  J 


where. 

E  -  Young’s  modulus, 

2v  —  center-opening  displacement  at  center 
hole, 

o  —  gross  stress,  P/ BW, 

P  -  load, 

B  -  sheet  thickness, 

W  -  sheet  width’ 

Y  -  half  span  of  gage, 
a  —  effective  half-crack  length,  and 
/i  -  Poisson’s  ratio 

10.2  The  compliance  calibration  curve  for  a 
16-in.  (40 5 -mm)  wide  CCT  panel  us  mg  near- 
zero  gage  span  is  presented  m  Fig.  12.  Note 
that  the  accompanying  analytical  curve  for 
compliance  was  developed  for  a  specific  gage 
half-span-to-specimen  width  ratio,  Y/  W 

10  3  In  testing  to  develop  an  R- curve,  the 
test  record  of  load  versus  clip-gage  displace- 
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ment  for  the  CCT  and  CS  test,  or  the  2v  1  versus 
2v2  record  for  the  CLWL  test,  will  have  an 
initial  linear  portion,  the  slope  of  which  should 
correspond  to  the  starting  crack  length  in  the 
specimen 

10.3  1  In  CCT  and  CS  tests,  compare  the 
crack  length  predicted  from  the  initial  slope  of 
the  test  record  to  the  initial  crack  length.  If  they 
differ  by  more  than  0  003  J-f'.  treat  the  initial 
slope  and  actual  crack  length  as  a  single  com¬ 
pliance  calibration  point  and  vertically  adjust 
the  position  of  the  compliance  calibration  curve 
to  pass  through  this  point  using  an  overlay 
having  the  calibration  curve  shape.  Alterna¬ 
tively,  this  operation  may  be  done 
arithmetically.  Determine  all  subsequent  crack 
lengths  from  this  transposed  curve. 

10.3.2  To  develop  an  R-curve  for  either  a 
CCT  or  a  CS  test,  draw  secants  to  the  test  curve 
from  the  origin  to  arbitrarily  selected  points  on 
the  test  record  (load  versus  displacement)  as 
shown  in  Fig.  13.  The  reciprocal  slopes  of  these 
secants  correspond  to  effective  crack  lengths  at 
their  points  of  intersection  with  the  test  record. 
Normalize  the  reciprocal  slopes  for  elastic  mod¬ 
ulus  and  material  thickness  and  enter  the  cali¬ 
bration  record  to  determine  a*/W, 

10  4  In  CCT  and  CS  tests,  partial  unloading 
at  any  given  point  in  the  test  will  result  in  a 
return  slope  different  from  the  secant  discussed 
in  10.3.2.  The  unloading  slopes  correspond  to 
the  physical  crack  length.  This  load  reversal 
shall  be  only  enough  to  establish  the  return 
slope  accurately  from  which  the  physical  crack 
length  can  be  determined.  Should  the  test  re¬ 
cord  not  return  linearly  immediately  upon  un¬ 
loading,  factors  other  than  material  behavior 
are  influencing  the  test  record  and  return  slope 
measurements  should  be  suspect. 

10.5  In  a  CLWL  test  record  (11),  the  initial 


linear  relationship  between  displacements  at 
locations  VI  and  V2  corresponds  to  the  starting 
physical  crack  length  in  the  specimen,  and 
should  be  accurate  within  0.005  W.  The  V\/  V2 
double  compliance  calibration  curve  cannot  be 
shifted  as  with  the  CCT  and  CS  specimen 
single  compliance  relationships.  Despite  possi¬ 
ble  error  in  prediction  of  initial  crack  length, 
do,  the  ability  to  determine  increments  of  crack 
growth  should  remain  unimpaired  However,  if 
the  starting  crack  length  is  in  error  by  more 
than  3  %  of  ao,  the  data  shall  be  discarded  and 
the  test  equipment  checked  for  conformance  to 
the  requirements  of  this  recommended  practice. 
Increments  of  crack  growth  are  indicated  by 
subtracting  the  compliance-indicated  inittal 
crack  length  from  the  crack  lengths  determined 
in  succeeding  increments. 

10  6  Calculate  KR  in  accordance  with 
expressions  m  9  1  1  or  9  1.2  using  compliance- 
determined  effective  crack  lengths 

11,  Report 

11  1  The  report  shall  include  the  following. 

11.1.1  Type  and  size  of  specimen  used, 

11.1.2  Crack  propagation  direction  (see 
Method  E  399  for  coding  system), 

1 1.1.3  Matenal  thickness, 

11.1.4  Yield  strength, 

1 1.15  Fatigue  precracking  data,  and 

11.1.6  Percent  oblique  fracture  (of  value  as 
supplementary  information  only). 

1 1.2  The  R -curve  may  be  plotted  in  terms  of 
either  physical  or  effective  crack  extension.  The 
legend  shall  contain  the  following  information: 
(a)  the  method  of  plastic-zone  adjustment  to 
the  physical  crack  length,  and  (6)  whether  the 
abscissa  is  given  m  terms  of  physical  or  effective 
crack  extension.  Instability  predictions  can  be 
made  only  from  effective  crack-extension  plots. 
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TABLE  1  Double  Compliance  Elastic  Calibration  Curve — CS  and  CL WL  Specimens  (12) 


Note — Applicable  only  to  lhe  V\  and  F2  locanons  shown  in  Fig  7(a)  and  7 (b). 


a/w 

2t\/2v2A 

a/w 

2v\/2v2A 

a/w 

2vl/2*2^ 

a/w 

2v\/2v2A 

CLWL 

CS 

CLWL 

CS 

CLWL 

CS 

CLWL 

CS 

0.350 

4  74 

556 

0415 

3.27 

3.67 

0.480 

2.72 

2  96 

0  545 

2.42 

2.56 

0355 

4  54 

5.25 

0420 

3.22 

359 

0.485 

2.70 

2  92 

0.550 

2.40 

2.53 

0  360 

4.36 

5.00 

0.425 

3  16 

3.53 

0.490 

2  67 

2.88 

0.555 

2.38 

2.50 

0365 

4  24 

4.78 

0  430 

3.11 

346 

0495 

2.64 

2.85 

0560 

2.36 

2.48 

0.370 

4.09 

462 

0  435 

3.06 

3.39 

0.500 

2  62 

2  81 

0.565 

2.34 

2  46 

0.375 

3.97 

4.47 

0  440 

302 

3  33 

0  505 

2.59 

2.78 

0  570 

2.32 

2.44 

0.380 

3.85 

4.33 

0.445 

2.97 

3.27 

0  510 

2,57 

2.74 

0.575 

2.31 

2  42 

0.385 

3.74 

4.22 

0  450 

2.93 

3.22 

0.515 

2.54 

2.-1 

0.580 

2  29 

2.40 

0.390 

3.64 

4.11 

0  455 

2.89 

3.17 

0.520 

252 

:.68 

0.585 

2.27 

2.38 

0.395 

3.55 

4.01 

0460 

2.85 

3  13 

0.525 

250 

2.66 

0.590 

2.25 

2  36 

0.400 

3.47 

391 

0.465 

2.82 

3  08 

0530 

2.48 

2.63 

0595 

2.24 

2.35 

0.405 

3.39 

3.82 

0.470 

2.79 

3.04 

0.535 

2.46 

2.60 

0.600 

2.23 

2.33 

0.410 

3.33 

3.75 

0  475 

2.76 

3.00 

0.540 

2.44 

2.58 

A  2*1/2 v2  is  moderately  a/fecied  by  clip  gage  span  wuh  less  than  *6%  error  imroduced  by  using  0  8-in  (20  3-mm)  span 
instead  of  measurements  on  the  crack  line. 
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FIG.  I  Schematic  Representation  of  R- Curve  and  Crack-Extension  Force  Curves  Superposed  on  One  Plot 
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TABI  h  2  Dimensionless  Stress  Intensity  Factors  and  Compliance  in  Plane  Stress  for  the  Recommended  CS  and  CLW't 

Specimens 


Non  H/w  =  0.6. 
H  at  0.1 576  W 


a/* 

KBW'  !/P 

EB2v\/P 

af  w 

KBW{  7 P 

£52 

y\ fP 

CLWL 

CS 

CLWL 

CS 

0  350 

6.392 

22.83 

25.82 

0  480 

9.093 

41.52 

44  31 

0.355 

6.475 

23  35 

26.33 

0.485 

9.230 

42.52 

45  30 

0  360 

6  558 

23  88 

26  85 

0490 

9.369 

43  55 

46  33 

0  365 

6  644 

24  43 

27.38 

0.495 

9512 

44.61 

47.38 

0  370 

6.730 

24.99 

27  94 

0.500 

9659 

45.70 

48  48 

0.375 

6.818 

25.57 

28.50 

0.505 

9810 

46.83 

49.60 

0.380 

6.906 

26.16 

29.08 

0510 

9  964 

47.99 

50.76 

0.385 

6998 

26  76 

29  68 

0.515 

10.123 

49  18 

51  95 

0  390 

7  090 

27.38 

30  29 

0  520 

10.286 

50.42 

53  19 

0  395 

7.183 

28  02 

30.91 

0.525 

10  453 

51  70 

54  47 

0.4(H) 

7  279 

28.67 

31  55 

0530 

10.625 

53.02 

55.78 

0  405 

7.376 

29  33 

32.21 

0535 

10.802 

54  38 

57.15 

0410 

7  475 

30.01 

32.88 

0.540 

10  984 

55.79 

58.56 

0  415 

7.576 

30  71 

33.57 

0  545 

11.172 

57.24 

60  01 

0.420 

7.678 

31  42 

34.27 

0.550 

1 1  364 

58  75 

61.52 

0425 

7  783 

32  15 

34  99 

0.555 

1 1  583 

60  31 

63.08 

0  430 

7.890 

32  90 

35.73 

0.560 

11.767 

61  92 

64  70 

0435 

7.999 

33b7 

36.49 

0565 

II  978 

63  60 

66  37 

0.440 

8.1 10 

34.45 

37  27 

0.570 

12.1955 

65  32 

68  10 

044S 

8.223 

35.25 

38.07 

0  575 

12  420 

67  12 

69  89 

0450 

8.340 

36.08 

38  89 

0  580 

12.651 

68  97 

71  74 

0455 

8.458 

36.93 

39  73 

0585 

12  890 

70.89 

73. $6 

0  460 

8  580 

37  80 

40  60 

0.590 

13.136 

72  88 

75.65 

0465 

8.704 

38  69 

41  49 

0.595 

13  391 

74.94 

77.72 

0470 

8.830 

39  61 

42  40 

0.600 

13.654 

77.07 

79.85 

0475 

8.960 

40  55 

43  34 

Polynomial  expressions  fit  to  the  above  compliance  values  are 

Compact  Specimen  EB2v\/P  -  1 03  8  -  930.4(0/*')  +  3610  ( a/w )J  -  5930.5(o/*’)1  +  3979(o/*')4. 
CLWL  EB2v\/P  -  101.9  -  948  9( a/w)  +  3691  5  < a/w )*  -  6064  0 {a/w)1  +  4054  {a/w)4 
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FIG.  2  Center-Cracked  Tension  Panel  Test  Setup 
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FIG.  3  Crack-Line-Loaded  Specimen  with  Displacement-Controlled  Wedge  Loadinf 
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FIG.  4  Detail  of  Special  Wedge  and  Split-Pin  Setup  Designed  to  Prevent  Load-Line  Shift 
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BEAM  DISPLACEMENT  GAGE 
INSTRUMENTED  WITH  A 
4 -STRAIN 'GAGE  CIRCUIT 
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SCALE  2.1 


DISPLACEMENT  GAGE  LEG 

MAT  L.- BERYLLIUM  COPPER  ALLOY  25 
REQ  D.  -  2  1/4  HARD 


ASSEMBLY 

A.-  USE  1/32"  THICK  BERY 
COPPER  FOR  LEGS 


(2)  PROBE  INSERTS 

MAT'L. -BERYLLIUM  COPPER 


©SPACER  BLOCK 

MAT'L -PHENOLIC  BAKE  LITE 
OR  HARD  PLASTIC 


8  -  SILVER  BRAZE 
PROBES  IN  LEGS. 

C  -  HEAT  TREAT 

625*F  -  4  HOURS 
FURNACE  COOL 

D.  -  ALL  MACHINING 
AND  SILVER 
BRAZING 
BEFORE 

HEAT  TREATMENT 


FIG.  6A  Detail  Drawings  of  CCTType  Clip  Gage 
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FIG.  8  Enlarged  View  of  (be  Right  Half  of  the  Permitted 
Notch  Envelope  in  CCT  Panels 
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Non  l  —  V  need  nol  he  less  than  in  (I  6  mm)  bui 
must  not  exceed  Wf 10 

Non  2 — The  intersection  ol  the  crack  Planer  tips  with 
the  two  specimen  faces  shjll  he  equidistant  Irom  the  lop  and 
bottom  edges  of  the  specimen  within  0.005 IP 


FIG.  9  Envelope  for  Crack-Starter  Notches  and  Examples  of  Notches  Extended  with  Fatigue  Cracks 


FIG.  10  Detection  of  Buckling  from  Compliance  Test  Records  of  CCT  and  CS  Specimens 
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VI  DISPLACEMENT 

FIG.  1 1  Detection  of  Buckling  from  Double  Compliance  Test  Records  of  CLWL  Specimens 
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O  Boundary  Value  Collocation. 

□  Finite  Element 

FIG.  12  Compliance  Calibration  Curre  for  a  16-in.  (405-nm)  Wide  Caster  Notched  Panel  with  Near  Zero  Gage  Spaa 
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FIG.  13  Schematic  Test  Record  for  CCT  or  CS 
Specimens 
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Standard  Test  Method  for 

CONSTANT-LOAD-AMPLITUDE  FATIGUE  CRACK 
GROWTH  RATES  ABOVE  10"8  m/CYCLE* 1 * 3 4 


This  standard  is  issued  under  lhe  fixed  designation  E647,  the  number  immediately  following  the  designation  indicates  the 
year  of  onginal  adoption  or.  in  the  case  of  revision,  the  year  of  Iasi  revision  A  number  in  parenlheses  indicates  the  year  of  Iasi 
reapproval. 


1.  Scope 

1  1  This  method-  covers  the  determination 
of  cnnstant-load-amplitude  fatigue  crack 
growth  rate  above  10  8  m/cycle,  using  either 
compact  type  (CT)  or  center-cracked-tension 
(CCT)  specimens.1  Results  are  expressed  in 
terms  of  the  crack-tip  stress  intensity  range, 
defined  by  the  theory  of  linear  elasticity. 

1 .2  Materials  that  can  be  tested  by  this 
method  are  not  limited  by  thicknesses  or  by 
strength  so  long  as  specimens  are  of  sufficient 
thickness  to  preclude  buckling  and  of  suffi¬ 
cient  planar  size  to  remain  predominantly 
elastic  during  testing. 

1 .3  A  range  of  specimen  sizes  with  propor¬ 
tional  planar  dimensions  is  provided,  but  size 
is  variable  to  be  adjusted  for  yield  strength 
and  applied  load,  Specimen  thickness  may  be 
varied  independent  of  planar  size. 

1  4  Specimen  configurations  other  than 
those  contained  in  this  method  may  be  used 
provided  that  well-established  stress  intensity 
calibrations  are  available  and  that  specimens 
are  of  sufficient  size  to  remain  predominantly 
elastic  during  testing 

2.  Applicable  Documents 

2  1  ASTM  Standards: 

E  4  Load  Verification  of  Testing  Ma- 
chines* 

E  8  Tension  Testing  of  Metallic  Materi¬ 
als5 * 

E  337  Test  for  Relative  Humidity  by  Wet- 
and  Dry-Bulb  Psychrometer* 

E  338  Sharp-Notch  Tension  Testing  of 
High-Strength  Sheet  Materials7 

E  399  Test  for  Plane-Strain  Fracture 
Toughness  of  Metallic  Materials7 


E  467  Recommended  Practice  for  Verifi¬ 
cation  of  Constant  Amplitude  Dynamic 
Loads  in  an  Axial  Load  Fatigue  Testing 
Machine7 

E  561  Recommended  Practice  for  R- 
Curve  Determination7 

3.  Summary  of  Method 

3  1  The  method  involves  constant-load- 
amplitude  cyclic  loading  of  notched  specimens 
that  have  been  acceptably  precracked  in  fa¬ 
tigue.  Crack  length  is  measured,  either  vis¬ 
ually  or  by  an  equivalent  method,  as  a  func¬ 
tion  of  elapsed  cycles  and  these  data  are 
subjected  to  numerical  analysis  to  establish 
the  rate  of  crack  growth.  Crack  growth  rates 
are  expressed  as  a  function  of  the  stress 
intensity  factor  range,  SK,  which  is  calculated 
from  expressions  based  on  linear  elastic  stress 
analysis. 

4.  Significance 

4.1  Fatigue  crack  growth  rate  expressed  as 
a  function  of  crack-tip  stress  intensity  range, 


*  This  method  is  under  lhe  jurisdiclion  of  ASTM  Com- 
miltee  E-24  on  Fracture  Testing,  ind  is  the  direct  respon¬ 
sibility  of  Subcommiltee  E24.04  on  Subcrilical  Crack 
Growth. 

Currenl  edilion  approved  Apnl  24.  1981.  Published  July 
1981.  Onginally  published  as  E647  -  78T.  Lasl  previous 
edition  E  647  -  78T. 

1  For  additional  information  on  this  method,  see  RR 
E  24  -  1001  Available  from  ASTM  Headquarlers,  1 9 1 6 

Race  St.,  Philadelphia,  Pa.  1 9 1 03 . 

3  Delermination  of  fatigue  crack  growth  rales  below 
tO  •  m/cycle  requires  specialized  lesting  consideralions 
Test  procedures  for  this  growth  rale  regime  are  being 
formulated  within  by  ASTM  Subcommittee  E24.04  on 
Subcrilical  Crack  Growih 

4  Annual  Book  of  ASTM  Standards,  Parts  tO,  t4,  32, 
35, and  4t . 

1  Annual  Book  of  ASTM  Standards ,  Parts  6,  7,  and  tO 

•  Annual  Book  of  ASTM  Standards,  Paris  20.  26,  32, 
and  4 1 

7  Annual  Book  of  ASTM  Standards,  Pari  tO. 
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d fl/d'V  versus  AK,  characterizes  a  material's 
resistance  to  stable  crack  extension  under 
cyclic  loading.  Background  information  on 
the  rationale  for  employ  ing  linear  elastic  frac¬ 
ture  mechanics  to  analyze  fatigue  crack 
growth  rate  data  is  given  in  Refs  (1)  and  (2).8 

4.1.1  In  innocuous  (inert)  environments, 
constant-amplitude  fatigue  crack  growth  rates 
above  10“8  m/cycle  are  primarily  a  function 
of  A  A'  and  the  load  ratio,  R,  or  Amax  and  R 
(Note  1).  Temperature  and  aggressive  envi¬ 
ronments  can  significantly  affect  d aldN  versus 
AA.  and  in  many  cases  accentuate  R -effects 
and  also  introduce  effects  of  other  loading 
variables,  such  as  cyclic  frequency  and  wave¬ 
form  Attention  needs  to  be  given  to  the 
proper  selection  and  control  of  these  variables 
in  research  studies  and  in  the  generation  of 
design  data. 

Note  1  —  AK,  Amax,  and  R  are  not  independent 
of  each  other.  Specification  of  any  two  of  these 
variables  is  sufficient  to  define  the  loading  condi¬ 
tion.  It  is  customary  to  specify  one  of  the  stress 
intensity  parameters  (A/C  or  Am„)  along  with  the 
load  ratio ,  R . 

4.1.2  Expressing  cLa/d/V  as  a  function  of 
A/C  provides  results  that  are  independent  of 
planar  geometry,  thus  enabling  the  exchange 
and  comparison  of  data  obtained  from  a  vari¬ 
ety  of  specimen  configurations  and  loading 
conditions.  Moreover,  this  feature  enables  dal 
dN  versus  A/C  data  to  be  utilized  in  the  design 
and  evaluation  of  engineering  structures. 

4.1.3  Fatigue  crack  growth  rate  data  are 
not  always  geometry- independent  in  the  strict 
sense  since  thickness  effects  sometimes  occur. 
However,  data  on  the  influence  of  thickness 
on  fatigue  crack  growth  rate  is  mixed.  Fatigue 
crack  growth  rates  over  a  wide  range  of  A/C 
have  been  reported  to  either  increase,  de¬ 
crease,  or  remain  unaffected  as  specimen 
thickness  is  increased.  Thickness  effects  can 
also  interact  with  other  variables  such  as 
environment  and  heat  treatment.  In  addition, 
materials  may  exhibit  thickness  effects  only 
over  the  terminal  range  of  da/dN  versus  A/C, 
which  is  associated  with  either  nominal  yield¬ 
ing  (Note  2)  or  a  /Cmax -controlled  instability. 
The  potential  influence  of  specimen  thickness 
should  be  considered  when  generating  data 
for  research  or  design 

Note  2 -This  condition  will  be  avoided  in  tests 
that  confrom  to  the  specimen  size  requirements  of 
7  2. 


4.2  This  method  can  sene  the  following 
purposes* 

4.2.1  To  establish  the  influence  of  fatigue 
crack  growth  on  the  life  of  components  sub¬ 
jected  to  cyclic  loading,  provided  data  are 
generated  under  representative  conditions 
and  combined  with  appropriate  fracture 
toughness  data  (for  example,  see  Method 
E  399).  defect  characterization  data,  and 
stress  analysis  information  (for  example,  see 
Refs  (3)  and  (4)). 

Note  3  — Fatigue  crack  growth  can  be  signifi¬ 
cantly  influenced  bv  load  history.  During  variable 
amplitude  loading,  crack  growth  rates  can  be  either 
enhanced  or  retarded  (relative  to  steadv-statc,  con¬ 
stant-amplitude  growth  rates  at  a  given  A K)  de¬ 
pending  on  the  specific  loading  sequence  This 
complicating  factor  needs  to  be  considered  in  using 
constant-amplitude  growth  rate  data  to  analvze 
variable  amplitude  fatigue  problems  (for  example, 
see  Ref  (5)) 

4  2.2  To  establish  material  selection  crite¬ 
ria  and  nondestructive  inspection  require¬ 
ments  for  quality  assurance. 

4.2.3  To  establish,  in  quantitative  terms, 
the  individual  and  combined  effects  of  metal¬ 
lurgical,  fabrication,  environmental,  and 
loading  variables  on  fatigue  crack  growth. 

5.  Definitions 

5.1  crack  length,  a  [L] — in  fatigue,  the  phys¬ 
ical  crack  size  used  to  determine  the  crack 
growth  rate  and  the  stress-intensity  factor.  For 
the  CT  specimen,  a  is  measured  from  the  line 
connecting  the  bearing  points  of  load  applica¬ 
tion,  for  the  CCT  specimen,  a  is  measured  from 
the  perpendicular  bisector  of  the  central  crack. 

5.2  cycle — in  fatigue ,  one  complete  sequence 
of  values  of  applied  load  that  is  repeated  pe- 
rtodically  in  fatigue.  The  symbol  N  represents 
the  number  of  cycles. 

5.2.1  maximum  load ,  P ^  [F] — in  fatigue , 
the  greatest  algebraic  value  of  applied  load  in 
a  fatigue  cycle.  Tensile  loads  are  considered 
positive  and  compressive  loads  negative. 

5.2.2  minimum  load ,  Pmui  [F] — in  fatigue .  the 
least  algebraic  value  of  applied  load  in  a  fatigue 
cycle. 

5.2.3  load  range ,  A P  (F) — in  fatigue ,  the  al¬ 
gebraic  difference  between  the  maximum  and 
minimum  loads  in  a  fatigue  cycle. 

5.2.4  load  ratio  (also  called  stress  ratio).  R — 


1  The  boldface  numbers  in  parentheses  refer  to  the  list 
of  references  appended  to  this  method 
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in  fatigue,  the  algebraic  ratio  of  the  mmimum 
to  maximum  load  m  a  fatigue  cycle,  lhat  is,  R 
=  P  mm/  P  m*x 

5  3  fatigue  crack  growth  rate.  da/d.V.  [L] — 
the  rate  of  crack  extension  caused  by  constant- 
amplitude  fatigue  loading,  expressed  m  terms 
of  crack  extension  per  cycle  of  fatigue. 

5.4  stress-intensity  calibration ,  K  calibra¬ 
tion — a  mathematical  expression,  based  on 
pineal  or  analytical  results,  that  relates  the 
stress  intensity  factor  to  load  and  crack  length 
for  a  specific  specimen  planar  geometry. 

5.5  stress-intensity  factor ,  K ,  Ku  K2 ,  K 3 
(FL~V2) — the  magnitude  of  the  ideal-crack- tip 
stress  field,  a  stress-field  singularity,  for  a  par¬ 
ticular  mode  in  a  homogeneous,  linear-elastic 
body 

Note  4— Values  of  K  for  the  modes  1,  2,  and  3 
are  given  by. 

Kx  -  Limit  [oy(27TT)'  7] 

Ki  —  Limit  [rly(2wT)'/?],  and 

K ,  -  Limit  [Ty,(277T)'/2]. 

>*— *0 

where  r  —  a  distance  directly  forward  from  the  crack 
tip<o  a  location  where  the  significant  stress  is  calcu¬ 
lated. 

Discussion — In  this  method.  Mode  1  is  as¬ 
sumed. 

5.5.1  maximun  stress- intensity  factor ,  Kttimx 
[FL"V2] — the  maximum  value  of  the  stress-in¬ 
tensity  factor  in  a  fatigue  cycle.  This  value 
corresponds  to  PniM%. 

5.5.2  minimum  stress-intensity  factor.  Kmux 
[FL-3/2] — in  fatigue ,  the  minimum  value  of  the 
stress- intensity  factor  in  a  cycle.  This  value 
corresponds  to  Pmux  when  R  >  0  and  is  taken  to 
be  zero  when  R  <  0. 

5.6  stress-intensity  factor  range.  IK  [FL“  Vi] 
— in  fatigue ,  the  variation  in  the  stress-intensity 
factor  in  a  cycle,  that  ts,  -  Kmtn. 

Note  5 — The  loading  variables  R,  A K.  and 
are  related  such  that  specifying  any  two  uniquely 
defines  the  third  according  to  ihe  following  relation¬ 
ship:  A K  -  ( 1  —  R)Km  for  R  >  0  and  A K  «  for 
/*<  0. 

Note  6 — These  operational  stress- intensity  factor 
definitions  do  not  include  local  crack-lip  effects,  for 
example,  crack  closure,  residual  stress,  and  blunting. 

6.  Apparatus 

6.1  Grips  and  Fixtures  for  CT  Specimen  — 
A  clevis  and  pin  assembly  (Fig  3)  is  used  at 
both  the  top  and  bottom  of  the  specimen  to 
allow  in-plane  rotation  as  the  specimen  is 
loaded  This  specimen  and  loading  arrange¬ 


ment  is  to  be  used  for  tension-tension  loading 
onl\ 

6  1.1  Suggested  proportions  and  critical 
tolerances  of  the  clevis  and  pin  are  given  (Fig. 
3)  in  terms  of  either  the  specimen  width.  W. 
or  the  specimen  thickness,  B.  since  these 
dimensions  may  be  varied  independently 
within  certain  limits. 

6.1.2  The  pin-to-hole  clearances  are  de¬ 
signed  to  minimize  friction,  thereby  eliminat¬ 
ing  unacceptable  end-movements  that  would 
invalidate  the  specimen  /C-calibration  pro¬ 
vided  herein.  The  use  of  a  lubricant  (for 
example.  MoS2)  on  the  loading  pins  is  also 
recommended  to  minimize  friction. 

6.1 .3  Using  a  1000-MPa  (—  150  ksi)  yield- 
strength  alloy  (for  example,  A1SI  4340  steel) 
for  the  clevis  and  pins  provides  adequate 
strength  and  resistance  to  galling  and  fatigue. 

6.2  Grips  and  Fixtures  for  CCT  Speci¬ 
mens  —  The  type  of  grips  and  fixtures  to  be 
used  with  the  CCT  specimens  will  depend  on 
the  specimen  width,  W  (defined  in  Fig.  2), 
and  the  loading  conditions  (that  is,  either 
tension-tension  or  tension-compression  load¬ 
ing)  The  minimum  required  specimen  gage 
length  varies  with  the  type  of  gripping  and  is 
specified  so  that  a  uniform  stress  distribution 
is  developed  in  the  specimen  gage  length 
during  testing.  For  testing  of  thin  sheets, 
constraining  plates  may  be  necessary  to  mini¬ 
mize  specimen  buckling  (see  Recommended 
Practice  E  561  for  recommendations  on  buck¬ 
ling  constraints). 

6.2.1  For  tension-tension  loading  of  speci¬ 
mens  with  W  <  75  mm  (3  in.),  a  clevis  and 
single  pin  arrangement  is  suitable  for  gripping 
provided  that  the  specimen  gage  length  (that 
is,  the  distance  between  loading  pins)  is  at 
least  2 W  (Fig  2).  For  this  arrangement  it  is 
also  helpful  to  either  use  brass  shuns  between 
the  pin  and  specimen  or  to  lubricate  the  pin 
to  prevent  frettmg-fatigue  cracks  from  initiat¬ 
ing  at  the  specimen  loading  hole.  Additional 
measures  that  may  be  taken  to  prevent  crack¬ 
ing  at  the  pinhole  include  attaching  reinforce¬ 
ment  plates  to  the  specimen  (for  example,  see 
Method  E  338)  or  employing  a  “dog-bone 
type  specimen  design  In  either  case,  the  gage 
length  shall  be  defined  as  the  uniform  section 
and  shall  be  at  least  1 .7W 

6.2.2  For  tension-tension  loading  of  speci¬ 
mens  with  W  >  75  mm  (3  in  ),  a  clevis  with 
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multiple  bolls  is  recommended  (for  example, 
see  Recommended  Practice  E561).  In  this 
arrangement,  the  loads  are  applied  more  uni¬ 
formly  thus,  the  minimum  specimen  gage 
length  (that  is,  the  distance  between  the  in¬ 
nermost  rows  of  bolt  holes)  is  relaxed  to 
1 .5  W. 

6.2.3  The  CCT  specimen  may  also  be 
gripped  using  a  clamping  device  instead  of  the 
above  arrangements.  This  type  of  gripping  is 
necessary  for  tension-compression  loading. 
An  example  of  a  specific  bolt  and  keyway 
design  for  clamping  CCT  specimens  is  given 
in  Fig.  4.  In  addition,  various  hvdrauhc  and 
mechanical-wedge  systems  that  supply  ade¬ 
quate  clamping  forces  are  commercially  avail¬ 
able  and  may  be  used.  The  minimum  gage 
length  requirement  for  clamped  specimens  is 
relaxed  to  1  2 W 

6.3  Alignment  of  Grips  —  It  is  important 
that  attention  be  given  to  achieving  good 
alignment  in  the  load  train  through  careful 
machining  of  all  gripping  fixtures.  For  ten¬ 
sion-tension  loading,  pin  or  gimbal  connec¬ 
tions  between  the  grips  and  the  load  frame 
are  recommended  to  achieve  loading  symme¬ 
try.  For  tension-compression  loading,  the 
length  of  the  load  train  (including  the  hy¬ 
draulic  actuator)  should  be  minimized  and 
rigid,  non-rotating  joints  should  be  employed 
to  reduce  lateral  motion  in  the  load  train. 

7.  Specimen  Configuration,  Size,  and  Prepa¬ 
ration 

7.1  Standard  Specimens  —  The  geometry  of 
standard  CT  and  CCT  specimens  is  given  in 
Figs.  1  and  2,  respectively.  The  specific  ge¬ 
ometry  of  CCT  specimens  depends  on  the 
method  of  gripping  as  specified  in  6.2.  Notch 
and  precracking  details  for  both  specimens 
are  given  in  Fig.  5.  The  CT  specimen  is  not 
recommended  for  tension-compression  testing 
because  of  uncertainties  introduced  into  the 
/(-calibration. 

7.1  1  It  is  required  that  the  machined 
notch,  aH ,  in  the  CT  specimen  be  at  least 
0.2W  in  length  so  that  the  /(-calibration  is  not 
influenced  by  small  variations  in  the  location 
and  dimensions  of  the  loading-pin  holes. 

7.1.2  The  machined  notch,  2 a„t  in  the 
CCT  specimen  shall  be  centered  with  respect 
to  the  specimen  centerline  to  within  ± 
0.001  W.  The  length  of  the  machine  notch  in 


the  CCT  specimen  will  be  determined  bv 
practical  machining  considerations  and  is  not 
restricted  bv  limitations  in  the  /(-calibration 

Note  7—  It  is  recommended  that  2 an  be  at  least 
0.2  W  when  using  the  compliance  method  to  monitor 
crack  extension  in  the  CCT  specimen  so  that  accurate 
crack  length  determinations  can  be  obtained. 

7.1.3  For  both  specimens,  the  thickness, 
B.  and  width,  W.  may  be  varied  independ¬ 
ently  within  the  following  limits,  which  are 
based  on  specimen  buckling  and  through- 
thickness-crack-curvature  considerations: 

7. 1.3.1  For  CT  specimens  it  is  recom¬ 
mended  that  thickness  be  within  the  range  W/ 
20  ^  B  ^  W/4.  Specimens  having  thicknesses 
up  to  and  including  W/2  may  also  be  em¬ 
ployed;  however,  data  from  these  specimens 
will  often  require  through-thickness  crack- 
curvature  corrections  (9.1 ).  In  addition,  diffi¬ 
culties  may  be  encountered  in  meeting  the 
through-thickness  crack  straightness  require¬ 
ments  of  8.3.2  and  8.6.4. 

7.1 .3.2  Using  the  above  rationale,  the  rec¬ 
ommended  upper  limit  on  thickness  in  CCT 
specimens  is  W/8,  although  W/ 4  may  also  be 
employed  The  minimum  thickness  necessary 
to  avoid  excessive  lateral  deflections  or  buck¬ 
ling  tn  CCT  specimens  is  sensitive  to  specimen 
gage  length,  grip  alignment,  and  load  ratio, 
R.  It  is  recommended  that  strain  gage  infor¬ 
mation  be  obtained  for  the  particular  speci¬ 
men  geometry  and  loading  condition  of  inter¬ 
est  and  that  bending  strains  not  exceed  5  % 
of  the  nominal  strain. 

7.2  Specimen  Size  —  In  order  for  results  to 
be  valid  according  to  this  method,  it  is  re¬ 
quired  that  the  specimen  be  predominantly 
elastic  at  all  values  of  applied  load.  The 
minimum  in-plane  specimen  sizes  to  meet  this 
requirement  are  based  primarily  on  empirical 
results  and  are  specific  to  specimen  configu¬ 
ration  (6). 

7.2.1  For  the  CT  specimen  it  is  required 
that  the  uncracked  ligament,  W  -  a,  be  equal 
to  or  greater  than  (4/ir)(/(max/(rvs)2,  where 
(Tys  is  the  0.2  %  offset  yield  strength  of  the 
test  material  (measured  by  Methods  E  8)  at 
the  temperature  for  which  fatigue  crack 
growth  rate  data  are  to  be  obtained. 

7.2.2  For  the  CCT  specimen  it  is  required 
that  the  nominal  stress  in  the  uncracked  liga¬ 
ment,  given  by  the  following: 
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be  less  than  crYs- 

Note  8 — The  above  criteria  are  likely  to  be  re¬ 
strictive,  that  is,  they  may  require  overly  large  speci¬ 
men  sizes  for  materials  that  exhibit  a  high  degree  of 
strain  hardening  (for  example,  annealed  low-alloy 
ferritic  steels,  annealed  austenitic  stainless  steels, 
etc.).  Currently,  there  are  insufficient  data  on  these 
materials  to  formulate  easily  calculable  size  require¬ 
ments  that  are  analogous  to  those  given  above.  How¬ 
ever,  data  from  specimens  smaller  than  those  allowed 
by  7.2  may  be  validated  by  demonstrating  that  d a/ 
dN  versus  AX  results  are  equivalent  to  results  from 
larger  specimens  that  meet  the  requirements  of  7.2. 
Supplementary  information  on  the  extent  of  plastic 
deformation  encountered  in  any  given  test  specimen 
can  be  obtained  by  measuring  specimen  deflections 
as  described  in  Appendix  X2. 

7.2.3  Figure  6  gives  the  limiting  Xmax  val¬ 
ues,  designated  KmmxL,  which  are  defined  by 
the  above  specimen  size  criteria.  This  infor¬ 
mation  is  expressed  in  dimensionless  form  so 
that  the  curves  can  be  used  to  calculate  either: 
(1 )  the  value  of  Xmaxt  for  a  given  combination 
of  specimen  size,  W,  and  material  yield 
strength,  crY $,  or  (2)  the  minimum  specimen 
size  required  to  obtain  valid  data  up  to  a 
desired  Xmax  value  for  a  given  material 
strength  level.  (However,  it  should  be  noted 
that  the  desired  KmajL  value  cannot  be 
achieved  if  it  is  greater  than  the  K  value  for 
unstable  fracture.)  All  values  of  Kmmx/ 
(avsv'W)  that  fall  below  the  respective  curves 
for  the  two  specimens  satisfy  the  specimen 
size  requirements  of  this  method. 

7.3  Notch  Preparaton  —  The  machined 
notch  for  either  of  the  standard  specimens 
may  be  made  by  electrical-discharge  machin¬ 
ing  (EDM),  milling,  broaching,  or  sawcutting. 
The  following  notch  preparation  procedures 
are  suggested  to  facilitate  fatigue  precracking 
in  various  materials: 

7.3.1  EDM-p  <  0.010  in.  (p  =  notch 
root  radius),  high-strength  steels  (crys  ^  170 
ksi),  titanium  and  aluminum  alloys. 

7.3.2  Mill  or  Broach  -p  s  0.003  in.,  low 
or  medium-strength  steels  (cr>s  :s  170  ksi), 
aluminum  alloys. 

7.3.3  Grind— p  :S  0.010  in.,  low  or  me¬ 
dium-strength  steels. 

7.3.4  Mill  or  Broach— p  <  0.010  in.,  alu¬ 
minum  alloys. 

7.3.5  Sawcut  —  Aluminum  alloys. 


7  3.6  Examples  of  various  machined- notch 
geometries  and  associated  precracking  re¬ 
quirements  are  given  in  Fig.  5  (see  8.3). 

8.  Procedure 

8.1  Number  of  Tests  —  Variability  in  dtf/dN 
data  at  a  given  AA.  ma\  vary  by  a  factor  of  2 
(7).  It  is  a  good  practice  to  conduct  replicate 
tests;  when  this  is  impractical,  tests  should  be 
planned  such  that  regions  of  overlapping  d a! 
d N  versus  A K  data  are  obtained.  Since  confi¬ 
dence  in  inferences  drawn  from  the  data  in¬ 
creases  with  the  number  of  tests,  the  desired 
number  of  tests  will  depend  on  the  end  use  of 
the  data. 

8.2  Specimen  Measurements  —  The  speci¬ 
men  dimensions  shall  be  within  the  tolerances 
given  in  Figs  1  and  2. 

8.3  Fatigue  Precracking  —  Conduct  fatigue 
precracking  with  the  specimen  fully  heat 
treated  to  the  condition  in  which  it  is  to  be 
tested.  The  precracking  equipment  shall  be 
such  that  the  load  distribution  is  symmetrical 
with  respect  to  the  machine  notch  and  Kmax 
during  precracking  is  controlled  to  within  ± 
5  %.  Any  convenient  loading  frequency  that 
enables  the  required  load  accuracy  to  be 
achieved  can  be  used  for  precracking.  The 
machined  notch  plus  the  precrack  must  lie 
within  the  envelope,  shown  in  Fig  5,  that  has 
as  its  apex  the  end  of  the  fatigue  precrack.  In 
addition,  the  fatigue  precrack  shall  be  not  less 
than  0.15  or  h ,  whichever  is  greater  (Fig.  5). 

8.3.1  The  final  Xmax  during  precracking 
shall  not  exceed  the  initial  Xmax  for  which  test 
data  are  to  be  obtained.  If  necessary,  loads 
corresponding  to  higher  Xmax  values  may  be 
used  to  initiate  cracking  at  the  machined 
notch.  In  this  event,  the  load  range  shall  be 
stepped-down  to  meet  the  above  requirement. 
Furthermore,  it  is  suggested  that  the  reduc¬ 
tion  in  Pmax  for  any  of  these  steps  be  no 
greater  than  20  %  and  that  measurable  crack 
extension  occur  before  proceeding  to  the  next 
step.  To  avert  transient  effects  in  the  test 
data,  apply  the  load  range  in  each  step  over  a 
crack  length  increment  of  at  least  (3/7T )(/^m«x/ 
crvs)2,  where  K'max  is  the  terminal  value  of 
Xmax  from  the  previous  load-step.  If  5mm/Pmax 
during  precracking  differs  from  that  used  dur¬ 
ing  testing,  see  the  precautions  described  in 

8.5  1. 

8.3.2  Measure  the  fatigue  precrack  length 
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from  the  tip  of  the  machined  notch  to  the 
crack  tip  on  the  front  and  hack  surfaces  of  the 
specimen  to  within  0.10  mm  (0.004  in.)  or 
0.002W.  whichever  is  greater  Measure  both 
cracks,  front  and  back,  in  the  CCT  specimens. 
If  any  two  crack  length  measurements  vary  by 
more  than  0.025W  or  by  more  than  0.255, 
whichever  is  less,  the  precracking  operation  is 
not  suitable  and  subsequent  testing  would  be 
invalid  under  this  method.  If  a  fatigue  crack 
departs  more  than  ±  5  deg  from  the  plane  of 
symmetry  the  specimen  is  not  suitable  for 
subsequent  testing  In  either  case,  check  for 
potential  problems  in  alignment  of  the  loading 
system  or  details  of  the  machined  notch,  or 
both,  before  continuing  to  precrack  to  satisfy 
the  above  requirements 

8.4  Test  Equipment  —  The  equipment  for 
fatigue  testing  shall  be  such  that  the  load 
distribution  is  symmetrical  to  the  specimen 
notch. 

8.4.1  Verify  the  load  cell  in  the  test  ma¬ 
chine  in  accordance  with  Method  E  4  and 
Recommended  Practice  E  467.  Conduct  test¬ 
ing  such  that  SP  and  Pmax  are  controlled  to 
within  ±  2  %  throughout  the  test. 

8.4.2  An  accurate  digital  device  is  required 
for  counting  elapsed  cycles.  A  timer  is  a 
desirable  supplement  to  the  counter  and  pro¬ 
vides  a  check  on  the  counter.  Multiplication 
factors  (for  example,  xlO  or  xl00)  should 
not  be  used  on  counting  devices  when  obtain¬ 
ing  data  at  growth  rates  above  10-5  m/cycle 
since  they  can  introduce  significant  errors  in 
the  growth  rate  determination. 

8.5  General  Test  Procedure  —  It  is  pre¬ 
ferred  that  each  specimen  be  tested  at  a 
constant  AP  and  a  fixed  set  of  loadtng  varia¬ 
bles.  However,  this  may  not  be  feasible  when 
it  is  necessary  to  generate  a  wide  range  of 
information  with  a  limited  number  of  speci¬ 
mens.  When  loading  variables  are  changed 
during  a  test,  potenttal  problems  arise  from 
several  types  of  transient  phenomenon.  The 
following  test  procedures  should  be  followed 
to  minimize  or  eliminate  transient  effects. 

8.5.1  If  load  range  is  to  be  incrementally 
varied  it  should  be  done  such  that  Pmax  is 
increased  rather  than  decreased  to  preclude 
retardation  of  growth  rates  caused  by  over¬ 
load  effects;  retardation  being  a  more  pro¬ 
nounced  effect  than  accelerated  crack  growth 
associated  with  incremental  increase  in  Pmax. 


Transient  growth  rates  are  also  known  to 
result  from  changes  in  Pmlr  or  R.  Sufficient 
crack  extension  should  be  allowed  following 
changes  in  load  to  enable  the  growth  rate  to 
establish  a  steady-state  value.  The  amount  of 
crack  growth  that  is  required  depends  on  the 
magnitude  of  load  change  and  on  the  mate¬ 
rial. 

8.5.2  W’hen  environmental  effects  are 
present,  changes  in  load  level,  test  frequency, 
or  waveform  can  result  in  transient  growth 
rates.  Sufficient  crack  extension  should  be 
allowed  between  changes  in  these  loading 
variables  to  enable  the  growth  rate  to  achieve 
a  steady-state  value. 

8_5.3  Transient  growth  rates  can  also  oc¬ 
cur,  in  the  absence  of  loading  variable 
changes,  due  to  long-duration  test  interrup¬ 
tions,  for  example,  during  work  stoppages.  In 
this  case,  data  should  be  discarded  if  the 
growth  rates  following  an  interruption  are  less 
than  those  before  the  interruption. 

8.6  Measurement  of  Crack  Length  —  Make 
fatigue  crack  length  measurements  as  a  func¬ 
tion  of  elapsed  cycles  by  means  of  a  visual,  or 
equivalent,  technique  capable  of  resolving 
crack  extensions  of  0.10  mm  (0  004  in.),  or 
0  002W,  whichever  is  greater  For  visual 
measurements,  polishing  the  test  area  of  the 
specimen  and  using  indirect  lighting  aid  in  the 
resolution  of  the  crack  tip.  It  is  recommended 
that,  prior  to  testing,  reference  marks  be 
applied  to  the  test  specimen  at  predetermined 
locations  along  the  direction  of  cracking. 
Crack  length  can  then  be  measured  using  a 
low  power  (20  to  50 x)  traveling  microscope. 
Using  the  reference  marks  eliminates  poten¬ 
tial  errors  due  to  accidental  movement  of  the 
traveling  microscope.  If  precision  photo¬ 
graphic  grids  or  polyester  scales  are  attached 
to  the  specimen,  crack  length  can  be  deter¬ 
mined  directly  with  any  magnifying  device 
that  gives  the  required  resolution.  It  is  pre¬ 
ferred  that  measurements  be  made  without 
interrupting  the  test. 

8.6.1  When  tests  are  interrupted  to  make 
crack  length  measurements,  the  interruption 
time  should  be  minimized  (for  example,  less 
than  10  min)  since  transient. growth  rates  can 
result  from  interruptions  of  long  duration.  A 
static  load  not  exceeding  the  maximum  load 
applied  during  the  fatigue  test,  may  be  applied 
during  measurement  interruptions  in  order  to 
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enhance  the  resolution  of  the  crack-tip  pro¬ 
vided  that  it  does  not  cause  static-load  crack 
extension  or  creep  deformation. 

8.6  2  Make  crack  length  measurements  at 
intervals  such  that  da/cLV  data  are  nearly 
evenly  distributed  with  respect  to  IK  The 
following  measurement  intervals  are  recom¬ 
mended  according  to  specimen  type: 

8.6.2  1  CT  Specimen: 

la  s  0.02W  for  0.25  a/W  <  0.60 
la  <;  0.01W  fora/W  2=  0  60 

8  6.2.2  CCT  Specimen: 

la  s,  0  03W  for  2a/ W  <  0  60 
la  <:  0.02W  for2a/W>  0.60 

8. 6. 2. 3  In  any  case,  the  minimum  la  shall 
be  0.25  mm  (0.01  in.)  or  ten  times  the  crack 
length  measurement  precision,  whichever  is 
greater. 

Note  9 — The  crack  length  measurement  preci¬ 
sion  is  herein  defined  as  the  standard  deviation  on 
the  mean  value  of  crack  length  determined  for  a  set 
of  replicate  measurements 

8.6.3  If  crack  length  is  monitored  visually 
the  following  procedure  applies.  For  speci¬ 
mens  with  B/W  ^  0.15,  the  crack  length 
measurements  need  only  be  made  on  one  side 
of  the  specimen.  For  specimens  with  B/W  > 
0.15,  make  measurements  on  both  the  front 
and  back  sides  of  the  specimen  and  use  the 
average  value  of  these  measurements  (two 
values  for  the  CT  specimen;  four  values  for 
the  CCT  specimen)  in  subsequent  calcula¬ 
tions. 

8.6.4  If  at  any  point  in  the  test  the  average 
through-thickness  fatigue  crack  departs  more 
than  ±  5  deg  from  the  plane  of  symmetry  of 
the  specimen,  the  data  are  invalid  according 
to  the  method.  In  addition,  data  are  invalid 
where  any  two  crack  lengths  at  a  given  num¬ 
ber  of  cycles  differ  by  more  than  0.025W*  or 
0.255,  whichever  is  less. 

9.  Calculations  and  Interpretation  of  Results 

9.1  Crack  Curvature  Correction  —  After 
completion  of  testing,  examine  the  fracture 
surfaces,  preferably  at  two  locations  (for  ex¬ 
ample,  at  the  precrack  and  terminal  fatigue 
crack  lengths),  to  determine  the  extent  of 
through-thickness  crack  curvature  (commonlv 
termed  “crack  tunneling'*).  If  a  crack  contour 
is  visible,  calculate  a  five  point,  through-thick¬ 
ness  average  crack  length  in  accordance  with 


paragraph  8.2.3  of  Method  E  399.  The  differ¬ 
ence  between  .he  average  through-thickness 
crack  length  and  the  corresponding  crack 
length  recorded  during  the  test  (for  example, 
if  visual  measurements  were  obtained  this 
might  be  the  average  of  the  surface  crack 
length  measurements)  is  the  crack  curvature 
correction. 

9.1.1  If  the  crack  curvature  correction  re¬ 
sults  in  a  greater  than  5  cc  difference  in 
calculated  stress  intensity  factor  at  any  crack 
length,  then  employ  this  correction  when  an¬ 
alyzing  the  recorded  test  data. 

9  1.2  If  the  magnitude  of  the  crack  curva¬ 
ture  correction  either  increases  or  decreases 
with  crack  length,  use  a  linear  interpolation 
to  correct  intermediate  data  points  Deter¬ 
mine  this  linear  correction  from  two  distinct 
crack  contours  separated  by  a  minimum  spac¬ 
ing  -of  0.25W  or  5,  whichever  is  greater 
When  there  is  no  systematic  variation  of  crack 
curvature  with  crack  length,  employ  a  uniform 
correction  determined  from  an  average  of  the 
crack  contour  measurements. 

9  I  3  When  emplovmg  a  crack  length 
monitoring  technique  other  than  visual,  a 
crack  curvature  correction  is  generally  incor¬ 
porated  in  the  calibration  of  the  technique. 
However,  since  the  magnitude  of  the  correc¬ 
tion  will  probably  depend  on  specimen  thick¬ 
ness,  the  above  correction  procedures  may 
also  be  necessary 

9.2  Determination  of  Crack  Growth  Rate  — 
Determine  the  rate  of  fatigue  crack  growth 
from  the  crack  length  versus  elapsed  cycles 
data  (a  versus  V).  Recommended  methods 
are  provided  in  Appendix  XI. 

Note  10 — Both  recommended  methods  for  proc¬ 
essing  a  versus  K  data  are  known  to  give  ihc  same 
average  dj/dN  response  However,  the  secant 
method  often  results  in  increased  scalier  in  da/d,V 
relative  to  the  incremental  polynomial  method,  since 
the  latter  numerically  “smooths'1  ihe  data  (7,  8k  This 
apparent  difference  in  variability  introduced  by  ihe 
two  methods  needs  to  be  considered,  especially  in 
utilizing  da/diV  versus  IK  data  in  design. 

9.3  Determination  of  Sires*  Intensity  Range, 
SK-lj se  the  crack  length  values  of  9.1  and 
Appendix  XI  to  calculate  the  stress  intensity 
range  corresponding  to  a  given  crack  growth 
rate  from  the  following  expressions: 

9.3.1  For  the  CT  specimen  calculate  AA  as 
follows: 
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SK=  -  a,'  <0  886  -  4.b4a 

B\  W  (1  -  a)3‘ 


13.32ar  *•  14.720T1  -  5.6a*) 


where  a  =  a/W ;  expression  valid  for  a/W  > 
0.2  (9,  10) 

9.3.2  For  the  CCT  specimen  calculate  A A 
consistent  with  the  definitions  of  5.5,  that  is: 


A/>  =  />m 
AP  =  Pm 


for  R  >  0 
for  /?s  0 


in  the  following  expression  (11): 


A  K 


IP  7 ra 

B  V  2  W 


sec 


where  a  =  2a(W\  expression  valid  for  2a/W 

<  0.95. 

Note  1 1 — Implicit  in  the  above  expressions  are 
the  assumptions  that  the  test  matenal  is  linear-elastic, 
isotropic,  and  homogeneous. 

9.3.3  Check  for  violation  of  the  specimen 
size  requirement  by  calculating  KmBxL  (see  7.2 
and  Fig.  6).  Data  are  considered  invalid  ac¬ 
cording  to  this  method  when  Amax  >  KmAxL. 

10.  Report 

10.1  The  report  shall  include  the  following 
information: 

10.1.1  Specimen  type,  including  thickness, 
fl,  and  width,  W.  Figures  of  the  specific  CCT 
specimen  design  and  grips  used,  and  a  figure 
if  a  specimen  type  not  described  in  this 
method  is  used  shall  be  provided. 

10.1 .2  Description  of  the  test  machine  and 
equipment  used  to  measure  crack  length  and 
the  precision  with  which  crack  length  meas¬ 
urements  were  made. 

10.1  3  Test  material  characterization  in 
terms  of  heat  treatment,  chemical  composi¬ 
tion,  and  mechanical  properties  (include  at 
least  the  0.2  %  offset  yield  strength  and  either 
elongation  or  reduction  in  area  measured  in 
accordance  with  Methods  E8).  Product  size 
and  form  (for  example,  sheet,  plate,  forging, 
etc.)  shall  also  be  identified 

10.1.4  The  crack  plane  orientation  accord¬ 
ing  to  the  code  given  in  Method  E399.  In 
addition,  if  the  specimen  is  removed  from  a 
large  product  form,  its  location  with  respect 
to  the  parent  product  shall  be  given. 

10.1.5  The  terminal  values  of  AA,  /?,  and 
crack  length  from  fatigue  precracking.  If  pre- 
crack  loads  were  stepped-down,  the  proce¬ 
dure  employed  shall  be  stated  and  the  amount 
of  crack  extension  at  the  final  load  level  shall 


be  given 

10. 1.6  Test  loading  variables,  including 
A/\  R ,  cyclic  frequency  ,  and  cyclic  waveform. 

10.1.7  Environmental  variables,  including 
temperature,  chemical  composition,  pH  (for 
liquids),  and  pressure  (for  gases  and  vacuum). 
For  tests  in  air,  the  relative  humidity  as  deter¬ 
mined  by  Method  E  337  shall  be  reported. 
For  tests  in  “inert  '  reference  environments, 
such  as  dry  argon,  estimates  of  residual  levels 
of  water  and  oxygen  in  the  test  environment 
(generally  this  differs  from  the  analysis  of 
residual  impurities  in  the  gas  supplv  cylinder) 
shall  be  given.  Nominal  values  for  all  of  the 
above  environmental  variables,  as  well  as 
maximum  deviations  throughout  the  duration 
of  testing,  shall  be  reported  Also,  the  mate¬ 
rial  employed  in  the  chamber  used  to  contain 
the  environment  and  steps  taken  to  eliminate 
chemical/electrochemical  reactions  between 
the  specimen-environment  system  and  the 
chamber  shall  be  described. 

10. 1.8  Analysis  methods  applied  to  the 
data,  including  the  technique  used  to  convert 
a  versus  A  to  da/diV,  specific  procedure  used 
to  correct  for  crack  curvature,  and  magnitude 
of  crack  curvature  correction 

10.1.9  The  specimen  /(-calibration  and 
size  criterion  to  ensure  predominantly  elastic 
behavior  (for  specimens  not  described  in  this 
method). 

10.1 .10  da/d/V  as  a  function  of  A  A'  shall  be 
plotted.  (It  is  recommended  that  the  inde¬ 
pendent  variable,  AA,  be  plotted  on  the  ab¬ 
scissa  and  the  dependent  variable,  da/d/V,  on 
the  ordinate.  Log-log  coordinates  are  com¬ 
monly  used.  For  optimum  data  comparisons, 
the  size  of  the  AA-log  cycles  should  be  two  to 
three  times  larger  than  da/dAMog  cycles.)  All 
data  that  violate  the  size  requirements  of  7.2 
and  Appendix  X2  shall  be  identified. 

10.1.11  Description  of  any  occurrences 
that  appear  to  be  related  to  anomalous  data 
(for  example,  transients  following  test  inter¬ 
ruptions  or  changes  in  loading  variables). 

10  1 .12  It  is  desirable,  but  not  required,  to 
tabulate  test  results.  When  using  this  method 
of  presentation,  the  following  information 
shall  be  tabulated  for  each  test:  a ,  N,  AA,  dal 
dA/,  and,  where  applicable,  the  test  variables 
of  10.1.3,  10.1.6,  and  10.1.7.  Also,  all  data 
determined  from  tests  on  specimens  that  vio¬ 
late  the  size  requirements  of  7.2  and  Appen¬ 
dix  X2  shall  be  identified. 
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2  Holes 


Non  1  -  Dimensions  are  in  millimetres  (inches) 

Non  2  -A -surfaces  shall  be  perpendicular  and  parallel  as  applicable  to  within  0.002  W,  TIR 

Non  3  -  The  intersection  of  the  tips  of  the  machined  notch  (a,)  with  the  specimen  faces  shall  be  equally  distant  from 
the  top  and  bottom  edges  of  the  specimen  to  within  0  0005  W 

FIG.  1  Standard  Compact-Type  (CT)  Specimen  for  Fatigue  Crack  Growth  Rate  Testing 


Non  1  -  Dimensions  are  in  millimetres  (inches) 

Non  2  -The  machined  notch  (2 an)  shall  be  centered  to  within  ±0.001  W 
FIG.  2  Standard  Ceoter-Cracked-Tensioo(CCT)  Specimen  for  Fatigue  Crack  Growth  Rate  Testing  when  W  5  75  mm 

(3  in.) 
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Non  1  —  Dimensions  are  in  millimetres  (inches) 

Non  2-/4 -surfaces  shall  be  perpendicular  and  parallel  as  applicable  to  within  0.05  mm  (0.002  in  ),  TIR 

FIG.  3  Clerk  and  Pin  As  sera  My  for  Gripping  CT  Specimens 
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CO 


Backlash  -Free 
Connection' 


fib 


D.Dia 


0. 08  mm  (0.003  in) 


Table  of  Dimensions 


mm 

in 

A 

326 

12  27/32 

B 

104 

4  3/32 

C 

19 

3/4 

D 

76 

3 

E 

38 

1  1/2  • 

F 

12 

15/32 

G 

19 

3/4 

H 

38 

1  1/2 

J 

76 

3 

L 

120 

4  3/4 

W 

100 

4 

12  NF,  Class  2 


FIG.  4 


!  of  Boil  and  Keyway  Assembly  for  Gripping  100-ram  (4-in.)  wide  CCT  Specimen 


B-71 


J 


E  647 


APPENDIXES 

XI.  RECOMMENDED  DATA  REDUCTION  TECHNIQUES 


XI.  1  Secant  Method 

XI. I  1  The  secant  or  point-to-point  technique 
for  computing  the  crack  growth  rate  simply  involves 
calculating  the  slope  of  the  straight  line  connecting 
two  adjacent  data  points  on  the  a  versus N  curve.  It 
is  more  formally  expressed  as  follows: 

«Wc W)4  =  ^  ~  (XI) 

Nl+1  -  N, 

Since  the  computed  cto/d/V  is  an  average  rate  over 
the  (a,*,  -  a,)  increment,  the  average  crack  length, 
a  =  !/2(a,M  +  a,),  is  normally  used  to  calculate  A K. 


XI. 2  Incremental  Polynomial  Method 

XI. 2.1  This  method  for  computing  cto/dV  in¬ 
volves  fitting  a  second-order  polynomial  (parabola) 
to  sets  of  (2n  +  1 )  successive  data  points,  where  n 
is  usually  1 . 2.  3,  or  4.  The  form  of  the  equation  for 
the  local  fit  is  as  follows 


where 


(X2) 


and  b0 ,  blf  and  br  arc  the  regression  parameters 
that  are  determined  by  the  least  squares  method 
(that  is,  minimization  of  the  square  of  the  deviations 
between  observed  and  fitted  values  of  crack  length) 
over  the  range  at.m  s  a  s  a,+w.  The  value  a(  is  the 
fitted  value  of  crack  length  at  Nt.  The  parameters 
Ci  =  lh(Nt  n  +  N(+h)  and  C,  =  x/i(N(+h  -  N(  H)  are 
used  to  scale  the  input  data,  thus  avoiding  numeri¬ 
cal  difficulties  in  determining  the  regression  param¬ 
eters.  The  rate  of  crack  growth  at  /V,  is  obtained 
from  the  derivative  of  the  above  parabola,  which  is 


given  by  the  following  expression 

(dfl/cWU,  =  pr  +  2 bt(N,  -  C,)/C,‘  (X3) 

The  value  of  A K  associated  with  this  da/dV  value  is 
computed  using  the  fitted  crack  length,  aM  corre¬ 
sponding  to  N{. 

XI. 2. 2  A  Fortran  computer  program  that  uti¬ 
lizes  the  above  scheme  tor  n  =  3,  that  is,  7 
successive  data  points,  is  given  in  Table  XI  1  (see 
Note  Xl.l).  This  program  uses  the  specimen  K- 
calibrations  given  in  9.3  and  also  checks  the  data 
against  the  size  requirements  given  in  7.2. 

Note  Xl.l  It  should  be  noted  that  the  basic 
regression  equations  that  are  used  to  calculate  d a! 
d V  can  also  be  solved  on  a  programmable  calcula¬ 
tor;  thus  large  electronic  computer  facilities  are  not 
required  to  use  this  technique. 

XI  2.3  An  example  of  the  output  from  the 
program  is  given  in  Table  XI  2.  Information  on  the 
specimen,  loading  variables,  and  environment  are 
listed  in  the  output  along  with  tabulated  values  of 
the  raw  data  and  processed  data,  A(MEAS.)  and 
A(REG.)  are  values  of  total  crack  length  obtained 
from  measurement  and  from  the  regression  equa¬ 
tion  (Eq  X2),  respectively  The  goodness  of  fit  of 
this  equation  is  given  by  the  multiple  correlation 
coefficient,  MCC  (noic  that  MCC  =  1  represents  a 
perfect  fit).  Values  of  DELK  (A/0  and  DA/DN 
(Cb/dV)  arc  given  in  the  same  units  as  the  input 
variables  (for  the  example  problem  these  are 
ksivTn.  ana  in. /cycle,  respectively)  Values  of  (to/ 
d/V  that  violate  the  specimen  size  requirement  ap¬ 
pear  with  an  asterisk  and  note  as  shown  in  Table 
X 1 .2  for  the  final  nine  data  points. 

XI  2  4  The  definition  of  input  variables  for  the 
program  and  formats  for  these  inputs  are  given  in 
Table  XI. 3. 


B-72 


L 


OSA)  E  647 


_ _  Loading  Hole  Centerline.  CT  Specimen 

Specimen  Centerline,  CCT  Specimen 
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FIG.  5  Notch  Details  and  Minimum  Fatigue  Precrack' 
tng  Requirements 
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FIG.  6  Normalized  Size  Requirements  for  Standard  Fatigue  Crack  Growth  Specimens 
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TABLE  XI -2  Example  Output  from  Incremental  Polynomial  Computer  Program 
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TABLE  XI. 3  Definil ion  of  Input  Variables  for  Fnrtran  Program 


Inpul  Card 

Program 

Line 

Forlran 

Code 

Variable  Definihon 

Card  Columns 

1 

28 

10(1) 

Specimen  identification  for  example  spec- 

1-40* 

imen  number,  heal  number,  material 

28 

NPTS 

Number  of  paired  (a,  N)  data  points 

40-46* 

26 

TYPE 

TYPE  =  1  for  CT  specimen 

TYPE  =  2  for  CCT  specimen 

47-52* 

2 

29 

PMIN 

Minimum  load,  Fmin,  in  kips 

1-6° 

29 

PM  AX 

Maximum  load.  Pm,% ,  in  kips 

7-12° 

29 

F 

Tesi  frequency 

13-18* 

29 

B 

Specimen  thickness,  B 

19-24* 

29 

W 

Specimen  widlh,  W 

25-30* 

29 

AM 

Machine  notch  length, a. 

31-36“ 

3 

31 

ENV 

Test  environmenl 

1-6* 

31 

TEM 

Test  temperature,  *F 

7-11* 

31 

YS 

0.2  %  yield  stress  of  specimen 

12-19* 

31 

KIND 

Specimen  type,  lhal  is,  CT  or  CCT 

20-25* 

4,  5.  6.  etc. 

32 

A(I) 

Crack  length,  a,  measured  from  machine 

A( 1 )  1-6* 

noich,aB 

N  ( 1 )  7-15* 

32 

N  (I) 

Elapsed  cycles,  N 

A(2) 16-21*\ 

N(2)  22-30*/  4  paired 

(a. 

A(3)  31-36*  V  -V) 

data 

N(3)  37-45*/  points 

A(4)  46-51*1  card 

per 

N(4)  52-60* / 

A(5)  1-6*  | 

N(5)  7-15*  >  nexl  card 

etc.  f 

Key 


alphanumeric 

•  inieger,  eniered  lo  far  right  of  available  columns 

*  use  decimal  point 


X2.  RECOMMENDED  PROCEDURE  FOR  SPECIMENS  VIOLATING  SECTION  7.2 


X2.1  This  appendix  presents  a  recommended 
empirical  procedure  for  use  when  test  specimens  do 
not  meet  the  size  requirements  of  7  2  (Note  X2  1 ) 
This  procedure  is  of  the  greatest  utility  for  low- 
strength  materials,  especially  those  exhibiting  much 
monotonic  strain-hardening  Currently,  there  arc 
insufficient  data  on  these  materials  to  formulate  an 
easily  calculable  size  requirement  that  would  be 
analogous  to  those  specified  in  7.2.  For  this  reason, 
it  is  recommended  that  spectmen  deflections  be 
measured  during  testing  in  order  to  provide  quanti¬ 
tative  information  on  the  extent  of  plastic  deforma¬ 
tion  in  the  specimen 

Note  X2  1  -*The  purpose  of  the  size  require¬ 
ments  of  7  2  is  to  limit  the  extent  of  plastic  defor¬ 
mation  during  testing  so  that  results  can  be  analvzed 
using  linear-clastic  theory 

X2  2  During  a  constant-load-amplitude  fatigue 
crack  growth  test  with  commonly  used  specimen 
geometries,  the  specimen  load-deflection  behavior 
is  influenced  by  plastic  deformation  as  illustrated  in 
Fig.  X2.1  As  the  fatigue  crack  grows  from  length 
a,  to  a3,  the  mean  specimen  deflection,  as  well  as 
the  compliance  (that  is,  the  inverse  slope  of  the 
curves  in  Fig.  X2.I),  increase  in  a  manner  predict¬ 
able  from  linear-elastic  theory.  However,  as  the 
fatigue  crack  continues  to  grow,  the  mean  specimen 
deflection  can  eventually  become  larger  than  the 
elastically  calculated  mean  deflection.  This  differ¬ 
ence  is  due  to  a  plastic  deflection,  ,  which  is 


depicted  for  crack  length a4  tn  Fig.  X2.1 

X2.3  The  plasticity  phenomenon  described 
above  develops  and  increases  continuously  as  the 
fatigue  crack  grows  This  development  is  illustrated 
in  Fig.  X2  2  where  both  the  measured  and  elasti¬ 
cally  calculated  deflections,  corresponding  to  mini¬ 
mum  and  maximum  load  arc  given  The  increas¬ 
ingly  larger  plastic  deflection  causes  the  measured 
deflections,  Vmln  and  Vm„,  to  become  increasingly 
larger  than  the  elastically  calculated  deflections. 
Vmynr  and  V'mair  However,  for  any  given  crack 
length  the  measured  and  elastically  calculated  de¬ 
flection  ranges  remain  approximately  equal  (Fig 
X2  2)  since  the  cyclic  plasticity  remains  small  (Fig. 

X2.4  Although  the  cyclic  plasticity  remains 
small,  it  would  appear  necessary  to  limit  Vp,.,,*. 
Limited  data  on  A533-B  steel  (12)  indicate  that 
crack  growth  rates  can  be  properly  analyzed  using 
linear  elastic  theory  provided 

V#**  *  (X4) 

This  condition  can  be  more  conveniently  expressed 

in  terms  of  directly  measurable  quantities  by  using 
the  following  relationships,  which  are  consistent 
with  Fig.  X2.2.  Equation  X4  is  equivalent  to 

*  2V*„  (X5) 

and 

AV  =  Vm„  -  Vml„  -V*.,  -  vs,,,  (X6) 
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thus 

V"*»  =  r--K  <X7> 

combining  Foi  X5  and  X7  yields: 

2  AV' 

vm.x  *  jV*  (X8> 


FIG.  XZ1  Effect  of  Plastic  Deformatioo  oo  Specimen 
Lo»4- Deflection  Behavior  During  Fatigue  Crack  Growth 
Rate  Testing  at  Constant- Load- Amplitude 


X2 .5  When  it  is  necessary  to  generate  data  using 
specimens  that  do  not  meet  the  size  criteria  of 
Section  7  2.  it  is  suggested  that  specimen  deflections 
be  measured  and  that  data  that  violate  Eq  X8  be  so 
labeled  Information  of  this  tvpe  will  provide  data 
to  .her  \c  t  1  q  X8  a*  '  will  hopeful!;  !c%.  ;  to  th“ 
formulation  of  an  easily  calculable  size  requirement 
that  would  be  appropriate  for  all  materials. 


FIG.  X2.2  Suggested  Specimen  Measurement  Capacity 
Based  on  Comparison  of  Measured  (Elastic  Plus  Plastic)  and 
Elastic  Deflections  During  a  Constant-Load- Amplitude  Fa¬ 
tigue  Crack  Growth  Rate  Test 
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